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LETTER OF SUBMITTAL 

To the Congress oj the United, States: 

In compliance with the act of March 3, 1915, which established the National Advisory Committee for 
Aeronautics, I submit herewith the eighteenth annual report of the committee for the fiscal year ended June 

30, 1932. 
It is noted that the committee reports material and gratifying improvements in aircraft performance and 

reliability, and that the steady advances in technical development have increased the relative importance of 
aviation as an arm of national defense and as an agency of transportation. 

In the new phase of the industrial age upon which the country is entering, substantial achievements will 
rest largely on the stimulation given to scientific research. The remarkable progress of aeronautics since the 
war is a demonstration of the value and necessity of research. 

The National Advisory Committee for Aeronautics is the governmental agency for coordinating and con¬ 
ducting fundamental research in aeronautics. I concur in the committee’s opinion that America should keep 
at least abreast of other nations in the development of aviation and believe that the best way to assure this 
is to provide for the continuous prosecution of organized scientific research. 

Herbert Hoover. 

The White House, 

December S, 1932. 
hi 





LETTER OF TRANSMITTAL 

National Advisory Committee for Aeronautics, 

Washington, D. C., November 25, 1982. 

Mr. President: 

In compliance with the provisions of the act of Congress approved March 3, 1915 (U. S. C., title 50, sec. 
153), I have the honor to transmit herewith the Eighteenth Annual Report of the National Advisory Com¬ 
mittee for Aeronautics for the fiscal year ended June 30, 1932. 

Technical progress as a result of scientific research in the field of aeronautical development during the 

past year has been most gratifying. Scientific data resulting from well-planned and coordinated research have 

found application in the improvement of both military and commercial types of aircraft. 

The committee, in coordinating its research programs, has covered the problems in the whole field of air¬ 

craft research, both military and commercial, and has placed special emphasis on the major problems of in¬ 

creased safety, reliability, and efficiency of aircraft. The placing in operation of the new full-scale wind tunnel 

and the new N. A. C. A. tank has made it possible to undertake problems which will have a very important 

bearing on future aeronautical development. The use of these new pieces of equipment in conjunction with 

the other excellent facilities of the committee’s laboratories makes it possible for the committee to carry out 

research programs which cover the needs of both military and commercial aviation and assure continued progress. 

Attention is invited to Part IV of the report, presenting a summary of technical developments in aero¬ 

nautics accomplished under the committee’s direction during the past year. 

Respectfully submitted. 
Joseph S. Ames, Chairman. 

The President, 

The White House, Washington, D. C. 
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EIGHTEENTH ANNUAL REPORT 
OF THE 

NATIONAL ADVISORY COMMITTEE FOR 
AERONAUTICS 

Washington, D. C., November 10, 1932. 

To the Congress of the United States: 

In accordance with the act of Congress approved 
March 3, 1915, which established the National Ad¬ 
visory Committee for Aeronautics, the committee 
submits herewith its eighteenth annual report for the 
fiscal year 1932. 

Gratifying progress.—The committee is pleased to 
report that gratifying improvement has been con¬ 
tinued during the past year in the performance and 
reliability of airplanes. This is equally true for 
military and commercial types. This has been due to 
organized scientific research conducted by the com¬ 
mittee and to the practical application of the results 
by the Army, the Navy, and the aircraft industry. 

Importance of speed.—Speed is the most important 
single factor in increasing the relative value of aircraft 
for national defense and in extending their use for 
commercial purposes. During the past year the speed 
of military bombers was increased to a rate greater 
than that of pursuit-type airplanes of two years ago, 
and the normal cruising speed of large commercial 
air transports was increased 20-40 per cent. This 
notable advance was made possible primarily by 
improvements in aerodynamic efficiency resulting in 
large measure from researches conducted by the com¬ 
mittee, including especially investigations of the 
cowling of engines and the determination of the best 
positions of engines with reference to the wings of 
multi-engine airplanes. An important factor in this 
advance was the development of more efficient and 
reliable engines sponsored by the Army and Navy. 
This advance in speed, coupled with the development 
of reliable schedules of passenger and express service 
at reasonable rates, is making air transportation more 
attractive to the public and enabling it to make prog¬ 
ress toward a self-sustaining status. Notwithstanding 
the difficulties of the period, air passenger and express 
transportation have materially increased during the 
past year. 

Facilities for fundamental research.—With the far¬ 
sighted support of the Congress the committee’s 
laboratory, known as the Langley Memorial Aero¬ 

nautical Laboratory and located at Langley Field, Va., 
has become unsurpassed in the development of original 
and ingenious equipment and methods for fundamental 
research. The development of this laboratory repre¬ 
sents an accomplishment in which the Congress and 
the country can take pride, for the excellence of its 
product has gained for the United States an advanta¬ 
geous position among nations in the development of 
aeronautics. 

Comprehensive researches serve all needs.—The 
facilities of the committee’s laboratory are used 
largely for the conduct of researches requested by the 
Army and Navy air organizations, which depend upon 
the committee for the investigation and study of 
fundamental problems to enable them to improve the 
design of military and naval aircraft to meet their 
particular needs. The aircraft manufacturers and 
operators also rely upon the committee for fundamental 
data, and the committee frequently broadens its re¬ 
searches to obtain as much fundamental information 
as possible in order to meet the needs of commercial 
aviation. To determine these needs the committee 
holds at its laboratory an annual conference with 
representatives of the aircraft industry. As a result 
the research programs of the committee, formulated 
largely by the various technical subcommittees, are 
comprehensive in scope and embrace the problems 
deemed necessary for the further improvement of 
military, naval, commercial, and civil airplanes and 

also airships. 
Coordination increases value of research.—The 

research needs of aviation are thus effectively de¬ 
termined in cooperation with the Army, the Navy, and 
the aircraft industry. This policy and practice of 
coordinated planning of fundamental research and its 
continuous arid orderly prosecution under the single 
and direct control of the committee assure results of 
the greatest value to aeronautics, and at the same 
time prevent duplication and waste. 

Special attention to safety.—The committee is 
devoting special attention to investigations of various 
possible means of obtaining greater control of an air¬ 
plane at low speeds incident to taking off and landing, 

1 



2 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

with a view to increasing safety and reliability, and in 

this connection is also investigating the possibilities 

of several autorotative-wing types of aircraft. 

The committee’s new full-scale wind tunnel and 

towing tank for seaplane models have been developed 

into indispensable items of research equipment, per¬ 

mitting full-scale research hitherto not possible. 

Transoceanic air transport.—The development of 

air transport service to South America is considered 

a helpful factor in promoting foreign trade. Such 

service, involving long over-water flights, will require 

the development of more efficient large seaplanes. 

The new N. A. C. A. tank for the testing of models of 

seaplane floats and flying-boat hulls will provide 

much-needed information. For trans-Atlantic air 

transport service to Europe, greater cruising range and 

carrying capacity are required than can be efficiently 

provided in heavier-than-air craft at the present stage 

of aeronautical development. Rigid airships at this 

time offer a prospect for air passenger service to 

Europe. They are already being used by a European 

nation in providing regular air passenger service 

across the South Atlantic. The Congress has done 

much to establish a rigid-airship industry in this 

country by appropriations for the construction of the 

naval airships Akron and Macon. The Navy’s ex¬ 

perience with lighter-than-air craft has provided 

valuable information and data for commercial airship 

development and operation. The committee believes 

that the United States should continue to encourage 

the development and use of rigid airships as a means of 

ocean transportation. 

Continue research to keep abreast.—Because of its 

increasing importance for both military and com¬ 

mercial purposes it is essential that America strive 

constantly to keep at least abreast of other nations 

in the rapidly developing science of aeronautics. 

With the present disturbed conditions in the world 

it is vitally necessary to continue aeronautical re¬ 

search, experimentation, and development for the 

national defense. To fall behind would not only 

endanger our security but would retard definitely the 

progress of civilization. 

Factors in increased importance of aircraft.—Since 

the Great Wrar gave to the world indications of the 

possibilities of aircraft, the material improvement 

from year to year in their performance and reliability 

has greatly increased their relative importance for 

national defense and also as an agency of transporta¬ 

tion. The scientific researches conducted by the 

committee have been the chief factor contributing to 

the technical development of aircraft. Other im¬ 

portant factors in the general development of aviation 

have been: (a) The engineering and experimentation 

activities of the Army and Navy in the development 

of efficient military aircraft and aircraft materiel; 

(6) the regulation and encouragement of civil and 

commercial aviation by the Aeronautics Branch of 

the Department of Commerce, including especially 

the establishment and maintenance of airways and 

aids to air navigation unsurpassed in any country; 

(c) the effective assistance of the Weather Bureau in 

the field of meteorology and special weather report 

service in aid of air navigation; and (d) the policy of 

the Congress in enabling the Post Office Department 

to supply air mail service to all parts of the country, 

and, through contracts for the carriage of air mail, to 

give that indispensable support that has made pos¬ 

sible the development of air passenger transportation 

in the United States. 

Effect of sound governmental policy.—The present 

advanced state of aeronautical development in America 

is largely the result of long-continued sound govern¬ 

mental policy that began with the act of Congress in 

1915 when in establishing the National Advisory Com¬ 

mittee for Aeronautics “to supervise and direct the 

scientific study of the problems of flight,” the Congress 

laid the foundation for rapid and continuous progress 

in this new science. A part of recent governmental 

policy has been the maintenance of a nucleus of an 

aircraft industry capable of satisfactory expansion ot 

meet needs in an emergency. The volume of com¬ 

mercial sales of aircraft has been severely checked 

during the past three years, with the result that the 

Government is still the chief customer of the aircraft 

industry. With the completion of the 5-year aircraft 

procurement programs of the Army and Navy, a 

further legislative declaration of policy is necessary 

under present conditions to afford sufficient stability 

to maintain a satisfactory nucleus of an aircraft 

industry. 
Research pays.—Although technical progress in the 

development of aircraft has been gratifying for a num¬ 

ber of years, there is yet an urgent need for greater 

safety and greater economy. The major problems 

are to increase the aerodynamic efficiency of aircraft, 

the horsepower and operating efficiency of engines, 

and the control of airplanes at low speeds. The com¬ 

mittee, in the exercise of its prescribed function under 

the law is investigating these and many other impor¬ 

tant problems which underlie progress in aeronautics. 

The committee’s work not only leads directly to 

greater safety, efficiency, and reliability of aircraft, but 

its researches yield results annually of economic value 

alone in excess of the cost thereof. 

In submitting this, its eighteenth annual report, the 

committee invites attention to Part II presenting re¬ 

ports of activities of the various technical subcom¬ 

mittees, and also to Part IV presenting a summary 

of technical development in aeronautics accom¬ 

plished under the committee’s direction during the 

past year. 



PART I 

ORGANIZATION AND GENERAL ACTIVITIES 

FUNCTIONS OF THE COMMITTEE 

The National Advisory Committee for Aeronautics 

was established by act of Congress approved March 3, 

1915 (U. S. C., title 50, sec. 151). The organic act 

charged the committee with the supervision and direc¬ 

tion of the scientific study of the problems of flight 

with a view to their practical solution, the determi¬ 

nation of problems which should be experimentally 

attacked, and their investigation and application to 

practical questions of aeronautics. The act also author¬ 

ized the committee to direct and conduct research and 

experimentation in aeronautics in such laboratory or 

laboratories, in whole or in part, as might be placed 

under its direction. 

Supplementing the prescribed duties of the commit¬ 

tee under its organic act, its broad general functions 

may be stated as follows: 

First. Under the law the committee holds itself 

at the service of any department or agency of the 

Government interested in aeronautics for the furnish¬ 

ing of information or assistance in regard to scientific 

or technical matters relating to aeronautics, and in 

particular for the investigation and study of funda¬ 

mental problems submitted by the War, Navy, and 

Commerce Departments with a view to their practical 

solution. 

Second. The committee may also exercise its func¬ 

tions for any individual, firm, association, or corpora¬ 

tion within the United States, provided that such 

individual, firm, association, or corporation defray the 

actual cost involved. 

Third. The committee institutes research, investi¬ 

gation, and study of problems which, in the judgment 

of its members or of the members of its various sub¬ 

committees, are needful and timely for the advance 

of the science and art of aeronautics in its various 

branches. 

Fourth. The committee keeps itself advised of the 

progress made in research and experimental work in 

aeronautics in all parts of the world. 

Fifth. The information thus gathered is brought to 

the attention of the various subcommittees for con¬ 

sideration in connection with the preparation of pro¬ 

grams for research and experimental work in this 

country. This information is also made available 

promptly to the military and naval air organizations 

and other branches of the Government and such as is 

not confidential is immediately released to university 

laboratories and aircraft manufacturers interested in 

the study of specific problems, and also to the public. 

Sixth. The committee holds itself at the service of 

the President, the Congress, and the executive depart¬ 

ments of the Government for the consideration of 

special problems which may be referred to it. 

The act of Congress approved July 2, 1926, and 

amended March 3, 1927 (U. S. C., Supp. V, title 10, 

sec. 31 Or), which created and specified the functions 

of an aeronautical patents and design board, consist¬ 

ing of an Assistant Secretary of War, an Assistant 

Secretary of the Navy, and an Assistant Secretary of 

Commerce, provided that upon favorable recommen¬ 

dation of the National Advisory Committee for Aero¬ 

nautics the patents and design board should deter¬ 

mine questions as to the use and value to the Govern¬ 

ment of aeronautical inventions submitted to any 

branch of the Government. The legislation provided 

that designs submitted to the board should be referred 

to the National Advisory Committee for Aeronautics 

for its recommendation, and this has served to impose 

upon the committee the additional duty of consider¬ 

ing on behalf of the Government all aeronautical in¬ 

ventions and designs submitted. 

ORGANIZATION 

The act of Congress establishing the committee, as 

amended by act approved March 2, 1929 (U. S. C., 

Supp. V, title 50, sec. 151a), provides that the Na¬ 

tional Advisory Committee for Aeronautics shall con¬ 

sist of 15 members appointed by the President, as 

follows: Two members from the War Department, 

from the office in charge of military aeronautics; two 

members from the Navy Department, from the office 

in charge of naval aeronautics; a representative each 

of the Smithsonian Institution, the United States 

Weather Bureau, and the United States Bureau of 

Standards; and not more than eight additional persons 

acquainted with the needs of aeronautical science, 

either civil or military, or skilled in aeronautical 

engineering or its allied sciences. The law further 

provides that all members as such shall serve without 

compensation. 

On December 19, 1931, Maj. Gen. James E. Fechet, 

United States Army, was relieved from membership on 

the committee because of his retirement from active 

duty in the Army and as Chief of the Air Corps. Under 

date of January 5, 1932, Maj. Gen. Benjamin D. 

3 
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Foulois, United States Army, General Fechet’s suc¬ 

cessor as Chief of the Air Corps, was appointed by the 

President to succeed him on the committee. 

On July 2, 1932, the committee lost one of its most 

valuable and devoted members in the death of Dr. 

George K. Burgess, Director of the Bureau of Standards. 

Doctor Burgess was appointed to membership by the 

President on May 26, 1923, and was for nine years 

chairman of the important subcommittee on materials 

for aircraft and for five years chairman of the sub¬ 

committee on metals. He also served as chairman of the 

committee on aircraft accidents from its organization 

in 1928 until his resignation from the chairmanship in 

1931. Doctor Burgess’ successor on the committee 

has not yet been appointed. 

The entire committee meets twice a year, the annual 

meeting being held in October and the semiannual 

meeting in April. The present report includes the 

activities of the committee between the annual meeting 

held on October 22, 1931, and that held on October 

20, 1932. 

The present organization of the committee is as 

follows: 

Joseph S. Ames, Pli. D., chairman, president of 

Johns Hopkins University, Baltimore, Md. 

David W. Taylor, D. Eng., vice chairman, Wash¬ 

ington, D. C. 

Charles G. Abbot, Sc. D., secretary of the Smith¬ 

sonian Institution. 

Capt. Arthur B. Cook, United States Navy, As¬ 

sistant Chief of the Bureau of Aeronautics, 

Navy Department. 

William F. Durand, Ph. D., professor emeritus of 

mechanical engineering, Stanford University, 

California. 

Maj. Gen. Benjamin D. Foulois, United States 

Army, Chief of the Air Corps. 

Harry F. Guggenheim, M. A., American Ambas¬ 

sador to Cuba. 

Col. Charles A. Lindbergh, LL. D. New York City. 

William P. MacCracken, jr., Ph. B., Washington, 

D. C. 

Charles F. Marvin, Sc. D., Chief of the Weather 

Bureau. 

Rear Admiral William A. Moffett, United States 

Navy, Chief of the Bureau of Aeronautics, 

Navy Department. 

Brig. Gen. Henry C. Pratt, United States Army, 

Chief of the materiel division, Air Corps. 

Edward P. Warner, M. S., editor of Aviation. 

Orville Wright, Sc. D., Dayton, Ohio. 

THE EXECUTIVE COMMITTEE 

For the purpose of carrying out the work of the 

advisory committee the regulations provide for the 

election annually of an executive committee. The 

present membership of the executive committee in¬ 

cludes all the members of the advisory committee 

with the exception of its two far-distant members, 

Doctor Durand and Mr. Guggenheim. 

The executive committee has organized the necessary 

clerical and technical staffs for handling the work o{ 

the committee proper. The total paid personnel of the 

committee numbered 317 employees on June 30, 1931, 

comprising 44 in Washington, 270 at the Langley 

Memorial Aeronautical Laboratory, Langley Field, 

Va., and three at the office of the technical assistant 

in Europe, Paris, France. General responsibility for 

the execution of the policies and the direction of the 

activities approved by the executive committee is 

vested in the director of aeronautical research, Mr, 

George W. Lewis. He has immediate charge of the 

scientific and technical work of the committee, being 

directly responsible to the chairman of the executive 

committee, Dr. Joseph S. Ames. The secretary, Mr. 

John F. Victory, is ex officio secretary of the executive 

committee, directs the administrative work of the 

organization, and exercises general supervision over 

the expenditures of funds and the employment of 

personnel. 
SUBCOMMITTEES 

In order to facilitate the conduct of its work, the 

executive committee has organized a number of stand¬ 

ing committees, with subcommittees in some instances 

to cover the general field more effectively. 

The committees of the executive committee, with 

their subcommittees, are as follows: 

Aerodynamics— 

Subcommittee on airships. 

Power plants for aircraft. 

Materials for aircraft— 

Subcommittee on metals. 

Subcommitte on aircraft structures— 

Temporary subcommittee on research 

programs on monocoque design. 

Subcommittee on miscellaneous materials. 

Subcommittee on methods and devices for 

testing aircraft materials and structures. 

Problems of air navigation— 

Subcommittee on instruments. 

Subcommittee on meteorological problems. 

Aircraft accidents. 

Aeronautical inventions and designs. 

Publications and intelligence. 

Personnel, buildings, and equipment. 

The organization and work of the technical commit¬ 

tees on aerodynamics, power plants for aircraft, mate¬ 

rials for aircraft, and problems of air navigation are 

covered in the reports of those committees in Part II 

of this report, while the activities of the committee 

on aircraft accidents and the committee on aeronautical 

inventions and designs are included under the subjects 

of the study of aircraft accidents and the consideration 

of aeronautical inventions, respectively. 



REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 0 

The organization of the administrative committees 

on publications and intelligence, and personnel, build¬ 

ings, and equipment is as follows: 

Committee on Publications and Intelligence 

Dr. Joseph S. Ames, chairman. 

Dr. Charles F. Marvin, vice chairman. 

Miss M. M. Muller, secretary. 

Committee on Personnel, Buildings, and 

Equipment 

Dr. Joseph S. Ames, chairman. 

Dr. David W. Taylor, vice chairman. 
•j * 

John F. Victory, secretary. 

In addition to its standing committees, the executive 

committee has established from time to time special 

work. On such conference, the special conference on 

aeronautical nomenclature, is at present engaged in the 

revision of the standard nomenclature for aeronautics, 

which was published by the committee in 1926 as 

Technical Report No. 240. On completion of this 

work the revised nomenclature will be issued by the 

committee to supersede the previous report. 

THE LANGLEY MEMORIAL AERONAUTICAL 
LABORATORY 

The Langley Memorial Aeronautical Laboratory is 

operated under the direct control of the committee. 

It is located at Langley Field, Va., on a plot of ground 

set aside by the War Department for the committee’s 

use. The laboratory was started in 1916 coincident 

with the establishment of Langley Field. 

The laboratory is organized with six divisions, as 

follows: Aerodynamics division, power plants division, 

hydrodynamics division, physical research division, 

technical service division, and property and clerical 

division. The laboratory is under the immediate 

direction of an engineer-in-cliarge, Mr. Henry J. E. 

Reid, subject to the general supervision of the officers 

of the committee. 

There are at present 11 structures comprising the 

Langley Memorial Aeronautical Laboratory, as follows: 

1. A research laboratory building containing ad¬ 

ministrative offices, technical library, physics labora¬ 

tory, photographic laboratory, and headquarters of the 

various divisions. 

2. An atmospheric wind-tunnel building, in which 

are housed a modern closed-return tunnel with an open 

rectangular throat 7 by 10 feet and a vertical tunnel 

with closed return and an open throat 5 feet in diam¬ 

eter. These two pieces of equipment are used in a 

comprehensive study of the problems of control and 

spinning characteristics of an airplane. In addition 

to the above equipment the building houses a 6-inch 

open-throat wind tunnel for instrument and wind- 

tunnel studies and a 6-inch refrigerated tunnel for the 

study of ice formation on aircraft. 

3. A variable-density wind-tunnel building, housing 

the variable-density wind tunnel and a jet-type high¬ 

speed wind tunnel which utilizes the waste air from the 

variable-density wind tunnel. 

4 and 5. Two engine dynamometer laboratories of a 

semipermanent type equipped to carry on investiga¬ 

tions in connection with power plants for aircraft. 

In addition to the usual dynamometer equipment and 

single-cylinder test engines for studying both carbu¬ 

reted and Diesel-oil engines, there is equipment suited 

to the study of superchargers and the cooling of engine 

cylinders, and special high-speed photographic equip¬ 

ment for the study of fuel sprays. 

6. A service building containing an instrument 

laboratory, drafting room, machine shop, woodworking 

shop, and storeroom. 

7. A propeller-research tunnel, in which tests may 

be made in a 20-foot air stream at 100 miles per hour. 

This equipment permits the full-scale testing of pro¬ 

pellers, fuselages, and landing gears. 

8. An airplane hangar, 240 feet long by 110 feet 

wide, including office space for the staff of the com¬ 

mittee’s flight research laboratory, and a repair shop 

and facilities for taking care of the airplanes used in 

flight research. 

9. A combination heating plant, storehouse, and 

garage. 

10. A full-scale wind tunnel, having an oval-shape 

throat 60 by 30 feet, large enough for the testing of 

full-size airplanes, and particularly suitable for the 

stud}7 of the problems of airplane resistance or drag, 

stability, and control at low speeds, and spinning 

characteristics. The tunnel is operated by two 4,000- 

horsepower electric motors, generating an air stream 

of 115 miles per hour. 

11. The N. A. C. A. tank, 1,980 feet long, 24 feet 

wide, and 12 feet deep, for the testing of large models 

of seaplane floats and flying-boat hulls. The carriage 

for towing the models through the water may be 

operated at speeds up to about 60 miles per hour. 

Items 1, 2, 3, 4, 5, 6, and 9 are located on plot 16. 

Items 7, 10, and 11 are located within two blocks of 

the laboratory headquarters, and item 8 is located on 

the flying field. 

The committee’s laboratory is well equipped and 

has the great advantage of being located on a flying 

field. The work of the laboratory is conducted with¬ 

out interference with military operations at the field. 

In fact, there is a splendid spirit of cooperation on the 

part of the military authorities, who by their helpful¬ 

ness in man}7 ways have aided the committee materially 

in its work. 

THE OFFICE OF AERONAUTICAL INTELLIGENCE 

The Office of Aeronautical Intelligence was estab- 

| fished in the early part of 1918 as an integral branch of 

the committee’s activities. Its functions are the col- 
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lection, classification, and diffusion of technical knowl¬ 

edge on the subject of aeronautics, including the 

results of research and experimental work conducted 

in all parts of the world, to the military and naval air 

organizations, aircraft manufacturers, educational 

institutions, and others interested. It is the officially 

designated Government depository for scientific and 

technical reports and data on aeronautics. 

Promptly upon receipt, all reports are analyzed, 

classified, and brought to the special attention of the 

subcommittees having cognizance and to the attention 

of other interested parties through the medium of 

public and confidential bulletins. Reports are dupli¬ 

cated where practicable and distributed upon request. 

Confidential bulletins and reports are not circulated 

outside of Government channels. 

To handle efficiently the work of securing and 

exchanging reports in foreign countries, the committee 

maintains a technical assistant in Europe, with head¬ 

quarters at the American Embassy in Paris. It is his 

duty to visit the governmental and private laboratories, 

centers of aeronautical information, and private indi¬ 

viduals in European countries and endeavor to secure 

for America not only printed matter which would in 

the ordinary course of events become available in this 

country but more especially advance information as 

to work in progress and technical data not prepared in 

printed form, which would otherwise not reach this 

country. John Jay Ide, of New York, has served as 

the committee’s technical assistant in Europe since 

April, 1921. 

STUDY OF AIRCRAFT ACCIDENTS 

A standard procedure for the analysis of aircraft 

accidents as recommended by the committee in Tech¬ 

nical Report No. 357 is followed in the War, Navy, 

and Commerce Departments. Uniformity in inter¬ 

pretations of definitions and explanations has been 

secured through meetings of the committee on air¬ 

craft accidents, which includes representatives of the 

War, Navy, and Commerce air organizations. 

The work of the committee was materially furthered 

by the cooperation of medical officers of the War, 

Navy, and Commerce Departments who met, not only 

with the committee, but with each other, with a view 

to evolving a plan for determining the effect of the 

physical, mental, and temperamental characteristics 

of pilots on the number and nature of accidents. 

Statistical information is needed on the underlying 

physiological and psychological causes of aircraft 

accidents. During the past year that committee 

cooperated with representatives of the Actuarial 

Society of America, the United States Aviation Under¬ 

writers (Inc.), and other insurance interests in con¬ 

nection with problems relating to the determination of 

a basis for rating pilots’ risks. 

The present membership of the committee on air¬ 

craft accidents is as follows: 

Hon. Edward P. Warner, editor of Aviation, 

chairman. 

Maj. J. W. Jones, United States Army, Air Corps, 

George W. Lewis, National Advisory Committee 

for Aeronautics. 

W. Fiske Marshall, Aeronautics Branch, Depart¬ 

ment of Commerce. 

Lieut. Commander A. C. McFall, United States 

Navy, Bureau of Aeronautics. 

Lieut. H. B. Temple, United States Navy, Bureau 

of Aeronautics. 

Lieut. Lyman P. Whitten, United States Army, 

Air Corps. 

The following are the medical officers of the Gov¬ 

ernment who cooperated with the committee on air¬ 

craft accidents during the past year: 

Col. Glen I. Jones (M. C.), United States Army. 

Dr. R. F. Longacre, Aeronautics Branch, Depart¬ 

ment of Commerce. 

Lieut. Commander John R. Poppen (M. C.), 

United States Navy. 

Lieut. Commander Joel J. White (M. C.), United 

States Navy. 

CONSIDERATION OF AERONAUTICAL INVENTIONS 

In accordance with act of Congress approved July 

2, 1926, as amended by act approved March 3, 1927, 

the National Advisory Committee for Aeronautics 

passes upon the merits of aeronautical inventions and 

designs submitted to any branch of the Government 

for an award. Under the law an aeronautical patents 

and design board, consisting of the Assistant Secretaries 

for Aeronautics in the Departments of War, Navy, and 

Commerce, is authorized, upon the favorable recom¬ 

mendation of the committee, to “determine whether 

the use of the design by the Government is desirable or 

necessary and evaluate the design and fix its worth to 

the United States in an amount not to exceed $75,000.” 

During the past year the committee received approx¬ 

imately 800 new submissions, most of which, being 

addressed direct to the committee and not meriting 

favorable recommendation, were settled by direct cor¬ 

respondence, without reference to the aeronautical 

patents and design board. The committee, through 

its committee on aeronautical inventions and designs, 

submitted reports to the board on 91 cases during the 

past year. 

COOPERATION WITH THE ARMY AND THE NAVY 

Through the personal contact of the heads of the 

Army Air Corps and of the Bureau of Aeronautics of 

the Navy serving as members of the National Advis¬ 

ory Committee for Aeronautics and of their chief sub¬ 

ordinates acting as members of the subcommittees, 
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there is first-hand discussion of the technical problems 

of these organizations, and this has served as a most 

effective means of coordination of aeronautical research. 

Many of the committee’s fundamental researches 

have resulted from requests received from the Army 

and Navy for the study of particular problems. 

The Army and Navy have placed at the committee’s 

disposal airplanes and engines required for research 

purposes. The committee desires to give special recog¬ 

nition to the splendid spirit of cooperation shown by the 

Army and Navy, and to acknowledge in particular the 

many courtesies extended by the Army authorities at 

Langley Field, where the committee’s laboratories are 

located, and by the naval authorities at the Hampton 

Roads Naval Air Station. 

The investigations conducted by the committee dur¬ 

ing the past year for the Army and the Navy are as 

follows: 

Study of loads on wings of military type airplanes. 

Investigation of pressure distribution on bomber 

airplane in dives. 

Calculation of pressure distribution for various air¬ 

foils. 

Study of water-pressure distribution on seaplane 

floats and hulls. 

Effect of variations in dimensions and form of hull 

on performance of flying boats during take-off. 

Investigation of design of floats for racing seaplanes. 

Determination of maximum negative thrust coeffi¬ 

cients of propellers. 

Effect of propeller pitch settings on dive speed and 

engine revolutions. 

Study of design factors for metal propellers. 

Investigation of unsatisfactory spinning character¬ 

istics of F4B-2 airplane. 

Investigation of autorotation. 

Investigation of flight path characteristics. 

Investigation of methods of improving wing charac¬ 

teristics by control of the boundary layer. 

Investigation of effect of sags in wing surface. 

Investigation of aerodynamic loads on U. S. airship 

Akron. 
Study of the forces on an airship at large angles of 

yaw. 

Investigation of windshields and fairings for protec¬ 

tion from air currents. 

Development of cowling combining cooling, accessi¬ 

bility, and low drag, for radial air-cooled engine in¬ 

stalled in nacelle. 

Investigation of cowling and cooling of 2-row 

radial air-cooled engine. 

Study of wing-fuselage interference in airplane of 

gull-wing type. 

Investigation of pressure distribution on observation- 

type airplane. 

Investigation of tail surface loads in maneuvers. 

Investigation of means of silencing airplane pro¬ 

pellers. 

Investigation of effect of slipstream on airplane tail 

surfaces. 

Determination of standard design characteristics for 

certain airfoils. 

Pressure distribution on ring cowling. 

Investigation of wing flutter. 

Development of solid-injection type of aeronautical 

engine. 

Investigation of application of compression ignition 

to air-cooled engine cylinders. 

Performance of airship engine using hydrogenated 

safety fuels. 

Effect of supercharging highly heated inlet air on 

performance of carburetor-type engine. 

Study of effect of different degrees of supercharging 

with several compression ratios. 

RELATIONS WITH THE AIRCRAFT INDUSTRY 

The committee cooperates closely with representa¬ 

tives of the aircraft industry in planning research 

programs which are of particular interest and impor¬ 

tance to commercial aeronautics. The general pro¬ 

gram of research as formulated by the committee for 

the cowling and cooling of radial air-cooled engines was 

circulated to engineers of the industry and their com¬ 

ments obtained, and the result of this investigation was 

the development of the N,. A. C. A. cowling. During 

the past, year the results obtained by the committee in 

the study of propeller efficiency and the interference 

drag of combinations of engine nacelle and wing, and 

made available to the airplane manufacturers, have 

been reflected in the improved performance of recent 

designs of airplanes, particularly the large transport 

types. The committee takes advantage of every 

opportunity to obtain the comments and suggestions 

of the industry in formulating its research program on 

problems of general interest, such as the cowling and 

cooling of air-cooled engines and the best location of 

engine nacelles for any wing arrangement. 

One problem in connection with which there has 

been active cooperation with the industry is the study 

of load factors in flight due to atmospheric disturbances. 

A number of air transport companies have cooperated 

with the committee in this investigation. The 

N. A. C. A. accelerometer, which was developed by 

the committee for this study, is now being superseded 

by a new and improved instrument known as the 

N. A. C. A. V-G recorder. This instrument registers 

both applied load factors and corresponding air speeds, 

thus greatly facilitating the task of obtaining the 

information needed in the study of this problem. 

Records from these instruments have been or are 

being obtained for the committee’s investigation by 

the Boeing Air Transport, American Airways, Ford 

149900—33-2 
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Motor Co., Pan American Airways, United Air Lines, 

and Varney Speed Lines, on airplanes in regular 

operation. 

Annual research conference.—In 1926 the National 

Advisory Committee for Aeronautics established the 

policy of holding at its laboratory at Langley Field, 

the Langley Memorial Aeronautical Laboratory, 

annual conferences with representatives of the manu¬ 

facturers and operators of aircraft. The purposes of 

these conferences are to give to the representatives of 

the industry an opportunity to become acquainted 

with the facilities for aeronautical research at the com¬ 

mittee’s laboratory and to afford them an opportunity 

to make suggestions to the committee as to aeronautical 

research problems of interest to the industry which in 

their opinion the committee is especially equipped to 

solve. 

In accordance with this policy, the Seventh Annual 

Aircraft Engineering Research Conference was held at 

the committee’s laboratory on May 25, 1932. The 

committee was represented by its officers, members of 

the main committee, and the members of its committees 

on aerodynamics and power plants for aircraft. The 

conference was presided over by Dr. Joseph S. Ames, 

chairman of the National Advisory Committee for ; 

Aeronautics. 

At the morning session the principal investigations 

under way at the laboratory, both in aerodynamics 

and power plants, were explained by the engineers in 

charge of the work and charts were exhibited showing 

some of the results obtained. 

At the close of the session the representatives of the 

industry were conducted on a tour of inspection of the 

committee’s laboratories and the research equipment 

was shown in operation. On this occasion the com¬ 

mittee exhibited for the first time a specially con¬ 

structed smoke-flow wind tunnel which shows visually 

by means of smoke streamers the character of the air 

flow over wmg models, streamhne forms, and other 

shapes. 

The afternoon session was detoted to the discussion 

of the problems of commercial aeronautics. Prior to 

the conference, the committee had requested the rep¬ 

resentatives of the industry to submit suggestions in 

writing, and a large number were received. In addi¬ 

tion, several such suggestions were presented and dis¬ 

cussed at the conference. Among these were the in¬ 

vestigation of the interference effects of engine nacelles 

in various positions in relation to biplane wings; in¬ 

vestigation of flying boat hulls at various displace¬ 

ments and with various assumed wing loadings; 

further study of interference effects, with particular 

reference to the effect of obstructions on airplane wings 

study of the interference and of the cowling and cooling 

of in-line type air-cooled engines; further study of 

cooling fins on air-cooled engine cylinders; and fur¬ 

ther investigation of the two-stroke-cycle engine for 

aircraft use. 

All the suggestions for investigation presented in 

connection with the conference, totaling 37, including 

both those presented in the discussion in the afternoon 

session and those submitted in correspondence, have 

been carefully studied and classified, and each has 

been considered by the committee on aerodynamics, 

the committee on power plants for aircraft, or the 

subcommittee on aircraft structures. Many of these 

problems were already a part of the committee’s re¬ 

search program, and in a number of other cases the 

program has been modified to include the problems 

suggested. 
FINANCIAL REPORT 

The general appropriation for the National Advisory 

Committee for Aeronautics for the fiscal year 1932, as 

carried in the independent offices appropriation act 

approved February 23, 1931, was $1,028,070. In re¬ 

sponse to the President’s plea for economy, the com¬ 

mittee early in the fiscal year pledged a definite saving 

of $53,500 and by sustained pressure managed to 

effect a saving of $68,552 leaving the amount expended 

and obligated $959,518, itemized as follows: 

Personal services_ $670, 858. SO 
Supplies and materials_ 40, 433.5S 
Communication service- 1, 829.05 
Travel expenses_ 13, 972.1C 
Transportation of things_ 1, 843.20 
Furnishing of electricity_ 23, 103.0’ 
Rent of office (Paris)- 960. OC 
Repairs and alterations- 28, 210.41 
Special investigations and reports- 49, 500. OC 
Equipment_ 128,808.31 

Expenditures_ 959, 518.22 
Unobligated balance_ 68, 551.7! 

Total, general appropriation_ 1, 028, 070. OC 

The appropriation for printing and binding for 1932 

was $23,000, of which $22,963.59 was expended. 

The appropriations for the current fiscal year 1933 

total $920,000, of which approximately $51,500 will be 

impounded in the Treasury pursuant to the Economy 

Act approved June 30, 1932. 



PART II 

REPORTS OF TECHNICAL COMMITTEES 

FUNCTIONS OF THE TECHNICAL COMMITTEES 

To facilitate the conduct and coordination of the 

scientific study of the problems of aeronautics in its 

various phases the National Advisory Committee for 

Aeronautics has established under the executive com¬ 

mittee four main technical committees, with subcom¬ 

mittees for certain specific subdivisions of the work. 

The main technical committees are the committee on 

aerodynamics, the committee on power plants for air¬ 

craft, the committee on materials for aircraft, and the 

committee on problems of air navigation. 

The functions of the technical committees are as 

follows: 

1. To determine what problems in their respective ; 

fields are the most important for investigation by gov- , 

ernmental and private agencies. 

2. To coordinate by counsel and suggestion the re- i 

search work involved in the investigation of such 

problems. 

3. To act as a medium for the interchange of infor¬ 

mation regarding investigations in their respective i 

fields and developments in progress or proposed. 

4. To direct and conduct research in their respective 

fields in such laboratory or laboratories as may be 

placed either in whole or in part under their direction. 

5. To meet from time to time on call of their chair¬ 

men and report their actions and recommendations to 

the executive committee. 

The technical committees, by reason of the repre¬ 

sentation of the various organizations interested in 

aeronautics, are in close contact with all research work 

in their respective fields being carried out in the United 

States. The current work of each organization is 

therefore made known to all, duplication of effort 

being thus prevented. Also all research work is stimu- j 

lated by the prompt distribution of new ideas and new 

results, which add greatlv to the efficient conduct of 

aeronautical research. The committees keep the re¬ 

search workers in this country supplied with informa¬ 

tion of European progress in aeronautics through the 

work of the foreign representative of the National 

Advisory Committee, who is in close touch with aero¬ 

nautical activities in Europe. This direct information 

is supplemented by the translation and circulation of 

copies of the more important foreign reports and 

articles. 

The committees on aerodynamics and power plants 

for aircraft have direct control of the aerodynamical 

and power plant research, respectively, conducted at 

Langley Field, and of a number of special investiga¬ 

tions conducted at the Bureau of Standards. The 

major part of the research under the supervision of the 

committee on materials for aircraft is conducted by 

the Bureau of Standards. The experimental investi¬ 

gations in aerodynamics, aircraft power plants, air¬ 

craft materials, and air-navigation problems under¬ 

taken by the Bureau of Aeronautics of the Navy, the 

Army Air Corps, the Bureau of Standards, and other 

Government agencies are reported to the committees 

on aerodynamics, power plants for aircraft, materials 

for aircraft, and problems of air navigation, respec¬ 

tively. 

REPORT OF COMMITTEE ON AERODYNAMICS 

ORGANIZATION 

The committee on aerodynamics is at present com¬ 

posed of the following members: 

Dr. David W. Taylor, chairman. 

Dr. L. J. Briggs, Bureau of Standards. 

Lieut. Commander W. S. Diehl (C. C.), United 

States Navy. 

Dr. H. L. Dryden, Bureau of Standards. 

Capt. Albert C. Foulk, United States Army, mate¬ 

riel division, Air Corps, Wright Field. 

Richard C. Gazley, Aeronautics Branch, Depart¬ 

ment of Commerce. 

Maj. C. W. Howard, United States Army, mate¬ 

riel division, Air Corps, Wright Field. 

George W. Lewis, National Advisory Committee 

for Aeronautics (ex officio member). 

Dr. Charles F. Marvin, Weather Bureau. 

Hon. Edward P. Warner, editor of Aviation. 

Commander W. W. Webster (C. C.), United States 

Navy. 

Dr. A. F. Zahm, division of aeronautics, Library 

of Congress. 

Under the committee on aerodynamics there has 

been organized one subcommittee, the subcommittee 

on airships, for the supervision and coordination of 

investigations in connection with lighter-than-air craft. 

SUBCOMMITTEE ON AIRSHIPS 

The present organization of the subcommittee on 

airships is as follows: 

Hon. Edward P. Warner, editor of Aviation, 

chairman. 

Starr Truscott, National Advisory Committee for 

Aeronautics, vice chairman. 
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Dr. Karl Arnstein, Goodyear-Zeppelin Corpora¬ 
tion. 

Commander Garland Fulton (C. C.) United 
States Navy. 

Maj. William E. Kepner, United States Army, 
materiel division, Air Corps, Wright Field. 

George W. Lewis, National Advisory Committee 
for Aeronautics (ex officio member). 

Ralph H. Upson, Ann Arbor, Mich. 

The subcommittee on airships has kept in close 
touch with the airship investigations under way during 
the past year at the Langley Memorial Aeronautical 
Laboratory. At a meeting of the subcommittee held 
on February 5, 1932, the results obtained in tests of a 
1/40-scale model of the airship Akron in the propeller- 
research tunnel and in tests of the full-size airship in 
flight, conducted at the request of the Bureau of 
Aeronautics of the Navy Department, were discussed. 
At this meeting the subcommittee approved an investi¬ 
gation of airship forms to be conducted in the variable- 
density wind tunnel to determine the effect on the 
drag of variations in the nose fullness, tail fullness, 
and tail angle. 

At a meeting held on October 10, 1932, a program 
of investigation of airship problems to be conducted 
by the Langley Memorial Aeronautical Laboratory was 
approved. This included model representation in the 
full-scale wind tunnel of ground handling of the Akron, 
as requested by the Bureau of Aeronautics of the Navy; 
an investigation in the N. A. C. A. tank of the drag of 
a model of the Akron, for comparison with the results 
obtained in wind-tunnel tests; further study in the j 
20-foot propeller-research tunnel of the boundary layer 
and of the pressure distribution on an airship model; 
and an investigation in the propeller-research tunnel 
of the effect of surface roughness on the drag of the 
airship model. At both these meetings there was 
general discussion of problems of airship development 
and operation. 

LANGLEY MEMORIAL AERONAUTICAL LABORATORY 

Equipment.—Improvements recently completed in 
the variable-density wind tunnel have been described 
in a report which incorporates also for ready reference 
the standard methods of reducing the airfoil data 
obtained in this tunnel. (Technical Report No. 416.) 
A report has also been prepared during the year de¬ 
scribing the 7 by 10 foot tunnel, with its balance. 
(Technical Report No. 412.) The high-speed tunnel 
has been in operation for several months, and a report 
is in preparation describing the tunnel and presenting 
the results of tests of a number of airfoils at air speeds 
approaching the velocity of sound. The special 
spinning balance for the 5-foot vertical tunnel has 
been placed in operation, and a report is in prepara¬ 
tion describing this balance and presenting the results 

of an investigation of the forces and moments on a 
model of an NY-1 airplane in spinning attitude. 

The full-scale tunnel has been calibrated during 
the year, and after adjustment of the angular setting 
of some of the guide vanes a velocity distribution was 
obtained in which the variation over that portion ol 
the jet occupied by an airplane under test is within 
plus or minus one-half per cent. A report describing 
the tunnel and the methods of operation is in prepara¬ 
tion. The N. A. C. A. tank, for the study of hydro- 
dynamic problems connected with aeronautics, is also 
in regular operation on a carefully considered program 
of research. Several new instruments have been 
developed during the year for use in flight investiga¬ 
tions, and methods have been developed for the use 
of smoke to indicate the flow about the parts of an 
airplane in flight (Technical Note No. 425) and to 
show the flow about bodies in a small tunnel. 

Controllability and Stability.—The past yeai 
has seen a substantial improvement in safety on com¬ 
mercial airlines and in military flying. This improve¬ 
ment is largely the result of careful training of pilots 
and well-regulated flying. Satisfactory stability and 
controllability have not yet been attained throughout 
the entire range of speed or of angle of attack of con¬ 
ventional airplanes, and as indicated by the accident 
records for unorganized flying, there is great need foi 
further research on control and stability. 

During the past year considerable progress has been 
made in an extensive investigation on lateral con¬ 
trollability. In this investigation the relative merits 
of various forms of ailerons and other lateral control 
devices are tested and compared in regard to their 
effect on lateral controllability and lateral stability at 
high angles of attack, and also their effect on airplane 
performance. The comparisons are based on wind- 
tunnel test data, all the control devices being fitted to 
model wings having the same span, area, and airfoil 
section, and being subjected to the same series of force 
and rotation tests. The investigation is being carried 
out mainly in the 7 by 10 foot tunnel, but certain of 
the more interesting devices are also being tested nr 
flight. 

The wind-tunnel tests have been completed for the 
following arrangements: (1) Ordinary ailerons of three 
different proportions, all mounted in the usual position 
at the trailing edge of the wing, the ailerons being 
tested both locked to the wing and arranged to float 
with respect to the wing (Technical Report No. 419); 
(2) slotted ailerons and Frise ailerons (Technical 
Report No. 422); (3) ordinary ailerons rigged up 10c 
when neutral, to eliminate the adverse yawing-moment 
characteristics of the ailerons with the usual rigging 
in line with the wing (Technical Report No. 423); 
(4) full-chord floating tip ailerons on rectangular wings 
(Technical Report No. 424); (5) spoilers and coinbi- 
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nations of spoilers and ailerons on rectangular wings 

(Technical Report No. 439); (6) skewed ailerons on 

rectangular wings (Technical Report No. 444); (7) 

Handley Page tip slots and full-span slots with ailerons 

and spoilers (Technical Report No. 448); (8) ordinary 

ailerons on wings with rounded tips; (9) ordinary 

ailerons on tapered wings. Technical reports are in 

preparation covering items (8) and (9). 

Square tips.—On rectangular wings with ordinary or 

skewed ailerons the direct rolling control at high angles 

of attack was best with short, wide ailerons rigged up 

10° when neutral and having an extreme differential 

movement from the rigged-up position, but the control 

forces required were exceptionally high. With the 

ailerons neutral, the autorotational tendency was 

found to be less with the ailerons rigged up 10° than 

when they were rigged even with the wing. 

Rounded tips.-—On wings with rounded tips reason¬ 

ably satisfactory rolling moments at all angles of 

attack that can be maintained by average airplanes 

were obtained by short, wide ailerons, and particularly 

by short wide skewed ailerons on a wing with a long 

and slender tip. In general, the yawing moments were 

somewhat smaller for the ailerons on the wings with 

rounded tips than for the rorresponding ailerons on 

rectangular wings. 

Tapered wings.—Two wings tapered in plan, one 

tapered 5:3 and the other 5:1, were tested with ordi¬ 

nary ailerons. The ailerons on tapered wings gave 

better lateral control below the stall in regard to all 

three of the important factors, rolling, yawing, and 

hinge moments, than corresponding ailerons on rec¬ 

tangular wings, but with the 5:1 taper the rolling 

moments fell off almost completely just above the 

stall and adverse yawing moments of great magnitude 

occurred. 
Floating tip ailerons.—Full-chord floating tip ailerons 

on rectangular wings gave definitely poorer general 

performance, particularly in regard to speed range and 

climb, than that for a wing with the same over-all 

dimensions and ordinary ailerons. At the higher 

angles of attack well above the stall, the control with 

the wing-tip ailerons was found to be greater than the 

assumed satisfactory value, whereas the ordinary 

ailerons failed almost completely. The floating tip 

ailerons gave no appreciable adverse yawing moments 

(body axes), but gave large favorable ones at high 

angles of attack. The autorotative tendency was not 

as bad as for the wings with ordinary ailerons. 

Spoilers.—'The investigation of spoilers showed that 

when spoilers and ailerons are used together, the full 

effect of both is not obtained if the spoilers are located 

directly in front of the ailerons. With the proper 

combination of spoiler and aileron, however, it is 

possible to obtain satisfactory rolling control up to 

high angles of attack (several degrees above the stall), 

together with favorable yawing moments and small 

control forces. A moderate amount of rolling control 

with favorable yawing moments and small control 

forces was obtained with a large spoiler alone. The 

results of these tests indicated that the spoilers might 

give improved lateral control over that obtained by 

means of ordinary ailerons, and they are therefore 

being tested also in flight, both as the sole means of 

lateral control, and coupled with short, wide ailerons. 

The flight tests are being carried out on a small parasol 

monoplane. 

Wing slots.—Wind-tunnel experiments were made on 

a wing with various lengths of Handley Page tip slot 

to find the best length of slot for the prevention of 

autorotation. (Technical Note No. 423.) The best 

length was found to be 50 per cent of the semispan, 

or slightly greater, for the particular arrangement 

tested. Control tests were then made on a wing model 

with tip slots of this length, and also on a model with 

full-span slots. The model with the tip slots and 

certain combinations of ailerons and properly located 

spoilers was found to have satisfactory damping in roll 

and satisfactory rolling control with no adverse yawing 

moments at all angles of attack up to 30°. With the 

full-span slot, the conventional ailerons alone did 

not give rolling control of the assumed satisfactory 

amount at angles of attack above 10° (maximum lift 

occurred at 26°), but when combined with spoilers 

satisfactory rolling moments were obtained with no 

adverse yawing moments. Large spoilers tested as the 

sole means of lateral control on both the wing with 

tip slots and that with the full-span slot gave a moder¬ 

ate amount of rolling control at all angles of attack, 

together with favorable yawing moments which were 

extremely large, possibly too large. 

Flight tests have also been made on an airplane 

equipped with Handley Page slots and flaps, to deter¬ 

mine the effect of those devices on the lateral control, 

on the lilt and drag, and on take-off time and distance. 

(Technical Note No. 398.) The airplane used was a 

low-wing monoplane having full-span automatic slots 

divided in such a manner that they could be used as 

tip slots only, if desired, and trailing-edge flaps which 

were confined to the portion of the span inboard of the 

ailerons. A tentative analysis of the results of the 

tests indicates that there is an approximately lineal 

variation of rolling moment with lift coefficient for the 

unstalled portion of the range of angle of attack, the 

moments decreasing with increased lift coefficient. 

The full-span slots merely extend the unstalled range 

without altering the rolling moments in the range 

covered by the normal wing. This condition is in 

accordance with what would be expected from the 

wind-tunnel tests with Handley Page slots. With oniy 

the tip portions slotted, however, the rolling control is 

definitely decreased, indicating an increased damping 

in roll. A report covering this work is in preparation. 
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Separate airfoils as ailerons.—Wind-tunnel tests are 
now under way on ailerons consisting of small sym¬ 
metrical airfoils separated from the main wing. They 
are being tried in a large number of positions with 
respect to the main wing. In each location the aileron 
airfoils are deflected for control in the usual manner, 
and also when allowed to float. 

Full-scale stability tests.—Flight tests on longitudinal 

stability have been carried out with a small parasol 

monoplane. The results of these tests showed that 

the dynamic stability theory, based on small deviations 

from the steady state, is satisfactory for the conditions 

encountered in flight. (Technical Report No. 442.) j 

In an attempt to calculate the stability of the airplane 

from the type of basic data that are available at the 

outset of a new design, it was found that very satis¬ 

factory results could be obtained for the power-off 

condition but that more data are required concerning 

slipstream effects for the power-on condition. 

Landing.—One obvious means of increasing the 
safety of aircraft is to reduce the minimum flying 
speed and increase the angle of glide, making possible 
landing and taking off in smaller areas. A report has 
been published covering the investigation on modifica¬ 
tions to conventional airplanes giving nonstalling and 
short-landing characteristics. (Technical Report No. 
4IS.) Such landings require that the landing gear be 

able to absorb a greater shock than the conventional 

gear would withstand. Some measurements have been 

made of glide landings with an airplane equipped with 

long-stroke shock-absorber struts. Further tests will 

include a study of the behavior of the airplane during 

glide landings in gusty air. A method has been per¬ 

fected for an accurate detailed study of the motion of 

an airplane for an approach in landing. A motion- 

picture camera on the ground is employed to record 

the various items of interest in connection with the 

study of landings and flight close to the ground. The 

results of an investigation made at the request of the 

Bureau of Aeronautics on the relative shock-absorbing 

properties of rubber-cord and oleo landing gears have 

been published. (Technical Report No. 406.) 

There have also been conducted investigations of the 

air conditions that an airplane must encounter in land¬ 

ing. For this purpose measurements have been ob¬ 

tained with a device that indicates the approximate 

magnitude and direction of the wind simultaneously 

at velocities from the ground up to 50 feet. These 

measurements have extended over a period of about 

six months so as to include various representative air 

conditions. 

In connection with the general study of landings, an 

analysis of the directional stability while taxying (with 

particular reference to ground looping) has been made 

and a report is in preparation. 

Landing Speed and Speed Range.—In an effort to 
provide means for obtaining lower landing speeds and 

greater speed ranges, many devices have been de¬ 

veloped for increasing the maximum lift without exces¬ 

sive increase of the minimum drag. These devices 

include pilot planes, slots, flaps, etc., most of which 

have movable parts entailing a certain amount of 

complication. In this field, wind-tunnel investigations 

have been made recently on Clark Y basic airfoils with 

various of these devices. In addition, to avoid the 

obvious objection to movable parts, tests were made 

on fixed slots and fixed auxiliary airfoils. 

Fixed slots.—Aerodyamic force tests were made in 

the 5-foot vertical tunnel on a Clark Y wing equipped 

with several forms of fixed slot (Technical Report No. 

407), and with four fixed slots and a trailing-edge flap. 

The slots were arranged to act singly and in combina¬ 

tion to determine the optimum combination with the 

flap neutral and also with it deflected. (Technical 

Report No. 427.) On the basis of the maximum 

lift coefficient and the speed-range ratio CLmax/CDmin 
with the flap neutral no appreciable improvement was 

found with the use of more than a single slot at the 

leading edge. On the same basis but with the flap 

down 45° the optimum combination was obtained with 

only the two rearmost slots, the maximum lift coeffi¬ 

cient in that case being 2.44 as compared with 1.29 for 

the plain Clark Y. 

Flap modifications.—An investigation was made in 

the 7 by 10 foot wind tunnel on a model wing with split 

trailing-edge flaps of three different sizes. (Technical 

Note No. 422.) The flaps were formed of the lower 

rear portion of the wing, and were rotated downward 

about the axes at their front edges. The axes could 

be moved back in even steps to the trailing edge of the 

main wung, giving in effect an increase in area. The 

split flaps when deflected about their original axis lo¬ 

cations gave slightly higher maximum lift coefficients 

than conventional trailing-edge flaps, and the lift 

coefficients were increased still further by moving the 

axes toward the rear. The highest value of CLrnax, 
which was obtained with the largest flap hinged at 90 

per cent of the main wing chord from the leading 

edge, was 2.52 as compared with 1.27 for the basic 

wing. 

Another high-lift device tested in the 7 by 10 foot 

tunnel was the Hall high-lift wing, which is essentially 

an airfoil having a split flap and also an internal air 

passage. (Technical Note No. 417.) The air enters 

the passage through an opening in the lower surface 

somewhat back of and parallel to the leading edge, and 

flows out through an opening made by deflecting the 

rear portions of the under surface downward as a flap. 

For ordinary flight conditions, the front opening and 

the rear flap can be closed, providing in effect a con¬ 

ventional airfoil. The tests were made with various 

flap settings and with the entrance to the passage both 

open and closed. The highest lift coefficient found, 

CL = 2.08, was obtained with the passage closed. 
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Wind-tunnel tests were also made on a model of the 

Fowler variable-area wing (Technical Note No. 419), 

which consists of a combination of a main wing and an 

extension surface, also of airfoil section. The extension 

surface can be entirely retracted within the lower rear 

portion of the main wing, or it can be moved to the 

rear and downward. The tests were made with the 

nose of the extension airfoil in various positions near 

the trailing edge of the main wing, and with the surface 

at various angular deflections. The highest lift co¬ 

efficient obtained was 3.17, as compared with 1.27 for 

the main wing alone. 

Airfoils of low aspect ratio.—Because of the inter¬ 

esting high-lift characteristics of flat plates of very low 

aspect ratio, tests were made in the 7 by 10 foot wind 

tunnel on Clark Y airfoils having aspect ratios varying 

from 0.5 to 3, the force, moment, and autorotational 

characteristics being determined. The tests revealed 

a marked delay of the stall and a decided increase in the 

values of maximum lift coefficient and maximum re¬ 

sultant force coefficient for aspect ratios of the order 

of 1, as compared with the values for aspect ratios of 

2 and 3, and higher. The results, when reduced to 

infinite aspect ratio by conventional formulas, indicate 

that such formulas are not applicable for aspect ratios 

of less than 1.5. The plan form and tip shape were 

found to be of major importance among the factors 

affecting airfoil characteristics at aspect ratios of 1.5 

and smaller. (Technical Report No. 431.) 

Fixed auxiliary airfoil.-—-Another investigation made 

in the vertical wind tunnel consisted of a series of tests 

on a Clark Y wing fitted with a narrow fixed auxiliary 

airfoil. (Technical Report No. 428.) The results of 

the wind-tunnel tests were so favorable that flight tests 

were also made with a similar auxiliary airfoil mounted 

on a small parasol monoplane. The addition of the 

auxiliary airfoil increased the lift capacity of the air¬ 

plane 45 per cent, and the drag for the high-speed 

condition only 4 per cent. The minimum gliding 

speed was decreased 19 per cent, and the minimum 

gliding angle was unaffected. The maximum gliding 

angle at low speed, however, was increased from 8.6° 

to 16.8°, a change that tends to facilitate landing in 

restricted areas. The flight tests are in good agree¬ 

ment with the results predicted from the wind-tunnel 

tests. A report of this work is in preparation. 

This investigation of fixed auxiliary airfoils is now 

being continued in the vertical tunnel to determine 

the best size and section of the auxiliary airfoil when 

combined with a main wing of Clark Y section. The 

original auxiliary airfoil used in both the wind-tunnel 

and flight tests was a highly cambered section (N. A. 

C. A. 22) and had a chord about 15 per cent that of the 

main wing. At present, auxiliary airfoils with this 

section and also with a symmetrical section (N. A. 

C. A. 0012), and with the Clark Y section, are being 

tested in several different sizes each. The results 

obtained so far (N. A. C. A. 22 section only) indicate 

that the chord of the auxiliary airfoil has little effect 

on the characteristics of the combination except that 

when the chord of the auxiliary is increased to 25 per 

cent of the wing chord the characteristics are slightly 

inferior. The optimum locations of the auxiliary air¬ 

foils, however, are considerably different for the differ¬ 

ent sizes. The effect of the auxiliary airfoil on the 

main wing appears to be due to the “scrubbing” 

action of the air over the upper surface of the main 

wing and the resultant suppression of the boundary 

layer, and not to the downwash from the auxiliary 

wing. 

Rotating-Wing Aircraft.—One obvious disadvan¬ 

tage of the conventional airplane with respect to safety 

is the comparatively high minimum flying speed, 

making necessary large smooth areas for landing and 

taking off. The rotating-wing type of aircraft is 

attractive in this respect, as it makes possible the 

maintenance of lift with little, if any, motion of the 

body supported by the wings. With a view to study¬ 

ing the real advantages offered by the autogiro and 

accumulating knowledge regarding similar types, the 

committee has in progress investigations on three types 

of rotating-wing aircraft. 

Glide tests have been completed and lift and drag 

characteristics determined on an autogiro. (Technical 

Report No. 434.) Preparations have been made to 

determine the distribution of load between the fixed 

and moving wings of the autogiro by means of pressure- 

distribution measurements in flight. The results will 

be of importance in providing quantitative confirmation 

of the present theory of the autogiro. The theory of 

each of the other types of rotating-wing systems men¬ 

tioned above has also been studied. 

Spinning.—Investigations are being continued in 

flight and in the wind tunnel to add to the present 

knowledge of spinning and to make it possible to design 

airplanes that will spin satisfactorily and recover 

quickly and surely. The results of full-scale spin tests 

with an airplane in which the mass distribution and 

several items pertaining to the geometric arrangement 

of the airplane were varied have been published. 

(Technical Report No. 441.) In conjunction with the 

flight results, there is also given a strip-method analy¬ 

sis of data obtained with a wind-tunnel model of the 

airplane. The comparison between the predicted and 

actual conditions of spinning equilibrium for that air¬ 

plane has indicated that the method of analysis gives 

fairly satisfactory qualitative results. The method 

has consequently been applied to a study of the effect 

of various factors that enter into the equilibrium con¬ 

ditions, and a paper on the results of this study is now 

being prepared. 

With another airplane the effects of control position 

and the effects of mass distribution have been investi¬ 

gated. Also, owing to the reports of success with 
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sharp leading edges in the prevention of bad spins, 

tests were made with the wings of the airplane modi¬ 

fied to form sharp leading edges. This modification 

resulted in a marked and probably favorable effect on 

the spin, but caused objectionable decreases in the 

maximum speed and the maximum lift coefficient. A 

paper on the results of the tests with the sharp leading 

edges is being prepared. 

Several factors have recently tended to focus atten¬ 

tion on the yawing moments developed in spins as 

exerting a very important influence on the character 

of the spins. Analysis has indicated that the resultant 

yawing moment in spins is relatively small, and smoke- 

flow pictures obtained during the last year in steady 

spins demonstrate that the vertical tail surfaces are 

blanketed to a large extent. (Technical Note No. 421.) 

The tests have shown, however, that recovery is 

effected largely through the use of the rudder. It 

seems evident, therefore, that the conditions for equi¬ 

librium are upset by a small variation in the resultant 

yawing moment. Some recent tests have shown that 

a small change in the alignment of the very small verti¬ 

cal fin on the airplane used in the previous investiga¬ 

tion changes the character of the spin to a marked 

extent. 

At the present time, flight tests are being made 

with an airplane possessing reputedly vicious spinning 

characteristics, the primary purpose of which is to 

find if possible a simple means of improving the char¬ 

acter of the spin of this particular airplane. The 

method developed for measuring in flight the motion of, 

and forces acting on, an airplane during a steady spin 

is now used regularly in all flight tests. A study is 

now in progress with a view to extending this method to 

include the measurement of the same elements during 

the accelerated portion of the spin, the entry, and the 

recovery. 

The construction of a spinning balance for the 

5-foot vertical tunnel has been completed. Pre¬ 

liminary calibration tests indicated that considerable 

damping was required on the balance arms, and after 

this was applied satisfactory operation was obtained. 

This balance measures all six components of the air 

forces and moments about the center of gravity of a 

model airplane when it is being turned at the partic¬ 

ular rate, radius, and attitude corresponding to an 

actual steady spin as measured in flight. Variations 

from the actual spin can aiso be made as desired. 

The first series of tests has been completed on a 

model of the NY-1 airplane mounted on the spinning 

balance. The results agree with flight tests in show¬ 

ing that the rudder is much more effective in giving a 

moment opposing the spin when the elevator is up than 

when it is down. In addition, the results indicate 

that nothing would be gained with the particular air¬ 

plane tested by putting the elevator below neutral in 

coming out of a spin, and that the elevator is most 

effective in producing a diving moment when the rud¬ 

der is neutral. A report describing these tests is in 

preparation. 

Structural Loading.—The rapid strides made in 

airplane performance in the past year and the broad¬ 

ened scope and increased severity of the tactical ma¬ 

neuvers of military and naval airplanes have pointed to 

the necessity of placing the structural design of air¬ 

planes on a sound and rational basis. Studies by the 

flight research section of the basic problem of the 

structural loads occurring on the various types of air¬ 

planes have been extended along several lines. 

Load, factors.—Special investigations of the ap¬ 

plied load factors, or total loads, on military and 

naval airplanes during tactical maneuvers have been 

made and the information obtained has furnished, in 

large part, the basis of extensive revisions to struc¬ 

tural design procedure for the types of airplanes in¬ 

volved. Further investigations of this type are in 

progress, including a study of the relation between 

the control force and the applied load factor in pull¬ 

ing out of a fast dive. Statistical data have been 

accumulated on the applied load factors experienced 

by transport airplanes on several routes during all 

seasons of the year. Although these data are not yet 

considered complete, enough information has been 

obtained to establish fairly reliable indications of the 

load factors to be expected daring transport operations. 

Inasmuch as these data have been obtained on sev¬ 

eral types of airplanes under a variety of conditions 

of speed and loading, the results have been reduced to 

corresponding “effective” gust velocities on the basis 

of the assumptions of sharp-edge gusts and no pitching 

displacement. This procedure makes possible the 

plotting of curves of gust probability which show the 

expectancy of encountering “effective” gusts of given 

intensity during unit flying time. It has been found 

from data obtained in several thousand hours of flying 

that effective gusts of the order of 25 to 30 feet per 

second occur about three times per 100 hours of 

flying, and that they may act either upward or down¬ 

ward with equal expectancy. Effective gusts of 

greater intensity than 30 feet per second have not 

yet been encountered. 

A special type of instrument which records the 

acceleration and air speed has been devised to aid in 

the accumulation of statistical data on load factors 

for airplanes. An advantage of this instrument is 

that it can be left unattended in an airplane for any 

desired period of time, and for this period it yields, 

in directly usable form, the desired data. Several 

such instruments are nowT in service. 

The use of the vertical dive as a bombing maneuver 

has required that special consideration be given 

to the applied load factors involved in pulling out of 

dives at terminal velocity and to means for reducing 

the terminal velocities. An investigation of the in- 
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fluence of the propeller on the diving speed has been 

completed, the results indicating that an adjustable- 

pitch propeller can be used to great advantage in 

controlling diving speeds for special purposes. 

Load distribution.—In addition to investigations of 

the applied load factor or total load, studies have been 

continued on problems of load distribution. A report 

presenting a method of calculating the design load for 

the leading-edge portion of the wing has been pub¬ 

lished (Technical Report No. 413) and the method has 

been incorporated in Navy design speciAcations. The 

theoretical basis of this method has been extended and 

practical methods have been devised therefrom for con¬ 

venient application of accurately simulated aerody¬ 

namic loads to wing-rib tests for any desired condition 

of load. These methods are shortly to be incorporated 

in design speciAcations. 

A study of the lift distribution between biplane 

wings has been made and a report is in process of pub¬ 

lication. (Technical Report No. 445.) The working 

charts presented in this report are based partly on 

theoretical considerations but largely on empirical 

data, and make possible the rapid determination of 

the lift distribution for the principal combinations of 

the important biplane variables. 

An investigation of the load distribution on wing 

tips has been completed, and results have been pub¬ 

lished from time to time during the progress of the 

tests. (Technical Notes Nos. 347, 360, 379, 387, and 

433.) A comparison of the results on all tips tested, 

which range from slender elliptical to square in plan 

form, indicates that the distribution of lift coefficient 

and moment coefficient along the span is independent 

of the plan form. It is believed that these results 

will enable a simple and exact method to be devised 

for applying wing-tip loads to any particular design. 

Further work on structural loading is in progress, the 

most important of which is a complete series of meas¬ 

urements of the total load, load distribution, structural 

deformations, and stresses on a Navy diving bomber. 

This work is of a highly specialized character, but 

should provide some information of general interest 

regarding the true interrelations of structural loads, 

stresses, and deformations as compared with calculated 

relations from present design methods. 

Tail loads.—Studies of tail loads have been con¬ 

tinued on an Army observation-type airplane and 

several new aspects of the problem have come to light. 

In conjunction with the study of tail loads, some tests 

have been made in the variable-density wind tunnel to 

determine the infiuence of airfoil thickness and camber 

and slight amounts of decalage such as might inadvert¬ 

ently be present on the moment coefficient of biplane 

cellules of varying stagger. The results indicate a 

negligible infiuence of the airfoil thickness and camber, 

but show that a slight amount of accidental decalage, 

particularly at the large staggers, infiuences the pitch¬ 

ing moment of the cellule, and hence the tail load, so 

greatly that a precise predetermination of the tail load 

for such cases is probably not possible. 

Prevention of Ice Formation.—The study of a 

method of prevention of ice formation on aircraft was 

completed and reported. (Technical Report No. 403.) 

This report shows that there is ample heat in the 

exhaust of an airplane engine to prevent ice from form¬ 

ing on the wings of the airplane. The report presents 

information for the design of such equipment and 

outlines the results obtained with one device for utiliz¬ 

ing heat from the engine exhaust in heating the leading 

edge of an airplane wing. The study of the formation 

of ice on gasoline-tank vents has been reported (Tech¬ 

nical Note No. 394), and shows that with a vent tube 

of suitable size pointing downstream the danger of 

stoppage by ice formation is eliminated. 

Aerodynamic Interference and Drag.—The 

mutual aerodynamic effects of the component parts of 

aircraft have become increasingly important as the 

parts have been refined and as flying speeds have been 

increased. For example, the arrangement of a pro¬ 

jecting gasoline filler cap was of relatively little impor¬ 

tance when it projected from a fuselage of crude form 

over which the flow of air had been thoroughly dis¬ 

turbed by an uncowled air-cooled engine. The tur¬ 

bulence set up by the same object and the drag 

associated with it demand consideration, however, 

when it projects from a modern fuselage of fine aero¬ 

dynamic form, particularly if the engine in front is 

fitted with a cowling. To insure continued increases 

in the speed and efficiency of aircraft, it becomes 

necessary to give more consideration to the subject of 

aerodynamic interference. 

The committee has in progress in the variable- 

density wind tunnel a series of investigations dealing 

with the aerod37namic interference between simple 

bodies including fuselage-wing combinations. A new 

piece of equipment, known as a smoke tunnel, has been 

added during the past year to assist in the interference 

investigations. It permits the flow of air about inter¬ 

fering bodies to be observed directly and photographed. 

Investigation of the interference effects between engine 

nacelles and wings arranged in different ways, including 

the effects of the propeller slipstream, has been con¬ 

tinued throughout the year in the propeller-research 

tunnel. The arrangements investigated include vari¬ 

ously cowled nacelles with tractor propellers in com¬ 

bination with monoplane wings and biplanes; tandem 

propellers with monoplane wings; and pusher propeller 

nacelles with monoplane wings. 

Interference of small protuberances.—The interfer¬ 

ence investigations that have been carried out in the 

variable-density tunnel during the past year have 

dealt largely with the interference and drag of small 

objects protruding from the surfaces of bodies. An 

examination of present-day airplanes, both military 
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and commercial, indicates that a considerable part of 

their drag arises from small projecting objects such 

as fittings, tubes, wires, rivet heads, lap joints, butt 

straps, filler caps, and many other objects projecting 

from the main surfaces that may be classed together 

as protuberances. A systematic investigation of 

protuberances differently formed and variously lo¬ 

cated on both streamline bodies of revolution and on 

airfoils was therefore undertaken. 

The additional drag resulting from a small flat plate 

protruding at various positions on the surface of a 

streamline body of revolution was measured over a 

wide range of values of Reynolds Number. The re¬ 

sults showed that the variation of the drag with the po¬ 

sition of the protuberance could be entirely accounted 

for by considering the velocity variations near the 

bare hull at the protuberance positions as determined 

from boundary-layer surveys made in the propeller- 

research tunnel on a 1/40-scale model of the U. S. 

airship Akron. Protuberances of streamline form 

faired into the body surface were shown to cause only 

slight increases in drag at large values of Reynolds 

Number. A report is in preparation giving the re¬ 

sults of this investigation. 

The effects on the aerodynamic characteristics of 

an airfoil of variations of the position of a protuber¬ 

ance, and in the height and shape of the protuberance 

extending along the entire span of the airfoil, were 

measured. The results indicate that the forward por¬ 

tion of the upper surface of the airfoil is most sensi¬ 

tive to the addition of protuberances. (Technical 

Report No. 446.) The drag of any bluff object pro¬ 

truding from the airfoil surface should, however, in 

no case be considered negligible, inasmuch as rec¬ 

tangular protuberances from any part of the airfoil 

surface caused drag increases of the order of the prod¬ 

uct of the protuberance frontal area and the dynamic 

pressure. Rectangular protuberances having a height 

exceeding one-half of 1 per cent of the airfoil chord 

produced marked interference effects when located on 

the forward portion of the upper surface. Such pro¬ 

tuberances should, of course, be particularly avoided 

unless an increased drag is sought. 

The characteristics of wings as affected by pro¬ 

tuberances of short span were also investigated. 

These protuberances were of one height and located at 

one position on the airfoil profile but of various lengths 

and variously distributed along the span. 

The results indicate that the central sections of 

a rectangular wing are more sensitive to the addition 

of protuberances than the outer sections and that a 

very short protuberance in the midspan position may 

cause a disproportionately large reduction in maximum 

lift. Consideration is given in the analysis of the 

results to induced interference effects that may cause 

disproportionately large drag increases at the higher 

lift coefficients. At lift coefficients corresponding to 

high-speed flight the drag due to the protuberances is 

shown to increase approximately as the total length of 

the protuberances. The adverse effects are shown to 

be greatly reduced by the application of simple fairings 

ovrr the protuberances. A technical report on this 

work is in process of publication. The investigation 

of interference is being continued in the variable- 

density tunnel to include the effects of a wing in vari¬ 

ous positions with reference to the fuselage. 

Wing-nacelle-propeller effects.—The results from the 

investigation of the relative merits of various arrange¬ 

ments of nacelles with tractor propellers in the pro¬ 

peller-research tunnel have been published during 

the year. (Technical Reports Nos. 415 and 436.) 

The effects of idling and locked propellers and of 

nacelle cowlings on the landing speed of tractor mono¬ 

planes have also been studied in connection with this 

investigation, and the results published. (Technical 

Note No. 420.) 

An investigation of the net efficiency of a nacelle 

with tractor propeller located in various positions with 

reference to the wings of a biplane indicated that if 

the nacelle were placed in the leading edge of the upper 

wing the net efficiency was practically the same as in 

the case of the monoplane wing, and when located in 

the leading edge of the lower wing the results were 

only slightly inferior. Positions other than in the 

leading edge of one of the wings proved to be decidedly 

inferior and a position between the wings, commonly 

used in practice, gave a net efficiency of 66 per cent, 

as compared with 75 per cent for the optimum position. 

An investigation of tandem arrangements of en¬ 

gines in connection with a monoplane wing revealed 

that the tandem type in all cases gave lower net 

efficiencies than the tractor type, and that the high¬ 

est efficiency was obtained when the nacelles were 

located below the wing with the forward propeller 

some distance back of the leading edge. The tan¬ 

dem arrangement in its best position gave a net effi¬ 

ciency of 68 per cent as compared with 75 per cent 

for the tractor. Increasing the distance between the 

tandem propellers had a negligible effect on the net 

efficiency. A report covering the results of this 

investigation is now in preparation. 

A third series of tests on a nacelle with pusher 

propeller on a monoplane wing is now in progress. 

With the completion of the present investigation it is 

thought that the question of wing-nacelle-propeller 

interference will have been answered in a very com¬ 

prehensive manner. The large scale ol the models 

(4-foot propellers) and the careful reproduction of the 

actual airplane parts are particularly noteworthy. 

The suggestions of manufacturers have been of great 

help in the preparation of the research programs with 

a view to practical application of the results. 

Airships.—At the request of the Bureau of Aero¬ 

nautics, Navy Department, tests were made in the 
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propeller-research tunnel on a 1/40-scale model of the 

U. S. airship Akron, and various measurements were 

taken on the airship itself during the performance 

trials. The wind-tunnel tests included not only the 

lift, drag, and moment measurements, but also the 

elevator hinge moments (Technical Report No. 432) 

and pressure-distribution measurements over the en¬ 

tire hull and control surfaces (Technical Report No. 

443). A survey of the boundary layer over the hull 

was also made, and theoretical computations based 

on the data thus obtained show very good agreement 

with force measurements of the drag. (Technical 

Report No. 430.) Predictions from the results of 

the wind-tunnel measurements of the hinge moments 

of the tail surfaces were borne out in the flight tests 

of the full-scale airship. 

The flight tests included pressure-distribution meas¬ 

urements, deceleration tests, turning trials, and the 

rates of ascent and descent, and were made at the 

request of the Navy Department and in cooperation 

with the Goodyear-Zeppelin Corporation. The results 

of the pressure-distribution measurements and other 

data have been evaluated and forwarded to the Bureau 

of Aeronautics. The drag coefficient for the airship 

deduced from deceleration tests was found to be 

slightly less than any previously obtained. The lon¬ 

gitudinal distribution of pressure along the hull at 

zero pitch in steady flight was found to be in fair 

agreement with the measurements made on the model 

in the propeller-research tunnel. The results also 

agree fairly well with the theoretical distribution for 

the hull without the fins. 

Maneuverability.—An investigation of maneu¬ 

verability of airplanes, requested by the Bureau of 

Aeronautics, Navy Department, has been continued. 

The purpose of this investigation is to study the fac¬ 

tors that influence maneuverability and to develon a 

satisfactory criterion of maneuverability. The quan¬ 

titative data previously obtained have been aug¬ 

mented by the completion of tests with a Navy 

observation-type airplane. During these tests the 

pilot performed various selected maneuvers designed 

to show the separate and combined effects of the 

factors that contribute to maneuverability. A report 

on these tests is now being prepared. 

Propellers.—A large number of model tests of 

propellers have been made in connection with the 

wing-nacelle-propeller investigation, a 4-foot propeller 

being used. The results of these tests are included in 

the various reports on the efficiency of the various 

wing-nacelle-propeller combinations. In some cases 

the measurements have been extended to low pitch 

settings and to values of 
n D 

bevond zero thrust and 

power to obtain data on negative thrust character¬ 

istics, which are of some importance in estimating 

the landing speeds of airplanes and the speeds of 

airplanes in dives. As mentioned in the discussion 

of structural loading, it has been found possible to 

reduce the speeds of airplanes in vertical dives by 

adjusting the propeller pitch. The results of a num¬ 

ber of tests have been assembled in a report now in 

preparation, which will provide data on metal pro¬ 

pellers at negative thrust analagous to those of 

Durand and Lesley on wooden propellers published 

some years ago. 

During an investigation of propeller efficiencies at 

various tip speeds, data were obtained on the direc¬ 

tion and velocity of the air leaving the propeller. 

From these data the distribution of thrust and torque 

along the blade was computed, and a report giving 

the results has been published. (Technical Report 

No. 421.) 

Airfoils—Tests in the variable-density tunnel.—The 

investigation of a wide variety of related airfoils in the 

variable-density wind tunnel has been completed, and 

the results published in preliminary form as Technical 

Notes Nos. 385, 391, 392, 401, and 404. Meanwhile, 

all the data have been assembled and the results corre¬ 

lated to show the trend of aerodynamic characteristics 

with changes of airfoil shape. This information will 

be made available in a technical report now in prepara¬ 

tion. 

The main investigation has been extended to include 

studies of the effects of certain additional changes in 

the airfoil shape. One series of tests was made to de¬ 

termine the relation between nose shape and the shape 

of the lift curve at maximum lift. For this purpose, 

five airfoils were developed from the N. A. C. A. 2412 

section by reducing the thickness of the airfoil forward 

of the maximum-thickness station. A technical note 

is in preparation giving these results. Another series 

of tests dealt with the effect of major changes of shape 

aft of the maximum ordinate. The N. A. C. A. 2412 

section was again used as the basic airfoil and the trail¬ 

ing edge was upturned various amounts to produce a 

stable center of pressure. The results will be incor¬ 

porated in the report on the main investigation men¬ 

tioned above. 

Several other airfoil studies have been conducted in 

the variable-density tunnel. Two airfoils of Gottingen 

398 section modified by the addition of sharp leading 

edges were tested in connection with a study of the 

spinning characteristics of the wings, as described more 

in detail in the discussion of spinning. The results 

were published as Technical Note No. 416. Another 

investigation was made to determine the effects of fabric 

sag on the aerodynamic characteristics of airplane 

wings. Two airfoils simulating wings with sagged 

fabric between the ribs were tested and the character¬ 

istics compared with those of the wing without sag. 

It was concluded that the usual sagging of the wing 

covering has for practical purposes a negligible effect 

on the aerodynamic characteristics of the wing. (Tech- 
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nical Note No. 428.) The effect of surface texture on 

airfoil characteristics has also been further investigated 

during the year. These data are now being analyzed 

for publication. They indicate that varying surface 

conditions have marked effects, and that certain of 

these effects are not likely to be predicted from low- 

scale tests. 

Several routine tests of nonrelated airfoils have been 

made at the request of the Army and Navy to provide 

data for immediate application to practical problems. 

Tests of a series of well-known airfoils have been car¬ 

ried out through the range of angles of attack from 

negative maximum lift to positive maximum lift, to 

provide data needed in the structural design of certain 

types of airplanes. The results have been published. 

(Technical Notes Nos. 397 and 412.) 

Tests in high-speed wind tunnel.—The results of pre¬ 

liminary investigations in the high-speed wind tunnel 

have indicated that airfoils of 2-inch chord may be 

satisfactorily tested and may be considered as of infi¬ 

nite aspect ratio. The airfoils are built of steel for 

adequate stiffness and the tests are carried through air 

velocities up to 96 per cent of the velocity of sound. 

Tests of a series of six commonly used propeller sec¬ 

tions are now in progress, and the results thus far have 

indicated large detrimental effects at speeds well below 

the velocity of sound. A technical report giving the 

description of the tunnel and an account of this work 

is in preparation. One result of this investigation that 

may find immediate application outside the field of 

propeller design is the indication of an important com¬ 

pressibility effect on the airfoil pitching moment. 

Pitching moments considerably greater than those for 

which an airplane is designed may act on the wings in 

a dive of high velocity. A related series of symmetri¬ 

cal airfoils having systematic changes in their geo¬ 

metrical characteristics is now under construction as 

part of a more comprehensive study of the compressi¬ 

bility phenomena, to make possible the correlation of 

aerodynamic characteristics with changes of airfoil 

shape. 

Theory oj wing sections.—A report has been prepared 

(Technical Report No. 411) on the theory of wing 

sections of arbitrary shape. This work is being con¬ 

tinued and a report is now being prepared which pre¬ 

sents an exact treatment of the problem of determining 

the 2-dimensional potential flow around the wing sec¬ 

tions of any shape. The problem is condensed into 

the compact form of an integral equation capable of 

yielding numerical solutions by a direct process. An 

attempt has also been made in this paper to analyze 

and coordinate the results of earlier studies relating to 

properties of wing sections. The existing approximate 

theory of thin wing sections and the Joukowsky theory 

with its numerous generalizations are reduced to special 

cases of the general theory of arbitrary sections, per¬ 

mitting a clearer perspective of the entire field. The 
method not only permits the determination of the ve¬ 
locity at any point of an arbitrary section and the asso¬ 
ciated lift and moments, but furnishes also a scheme 
for developing new shapes of predetermined aerody¬ 
namical properties. The theory applies also to bodies 
that are not airfoils, and is of importance in other 
branches of physics involving potential theory. 

Wind-Tunnel Wall Interference.—A theoreti¬ 

cal study of the wind-tunnel wall interference has been 

reported in Technical Report No. 410. This work has 

been carried on further to check experimentally this 

theoretical study by tests in the model of the full-scale 

tunnel, and the results of this work are found to be of 

considerable interest to wind-tunnel investigators. 

Not only was the maximum lift found to depend on 

j the nearness to the adjacent wall, but it was also dis¬ 

covered that in some cases the true tunnel axis did not 

remain entirely fixed. A report on this work is in 

progress. 

Sources of Noise in Aircraft.—During the past 
year the laboratory has continued its investigation of 
the sources of noise in aircraft. One phase of the work 
has been the study of the propeller noise, the research 
being almost exclusively concentrated on problems of a 
fundamental nature. Efforts are being made to create 
a satisfactory and consistent theory of propeller sound 

f capable of explaining the real origin and nature of the 
very complex disturbances produced by a revolving 
propeller. In this study the new type of sound ana¬ 
lyzer developed last year is being used. 

Another phase of the research on sources of noise 
has been the study of the vibration of aircraft struc¬ 
tures. In this work an airplane was suspended in a 
floating position and excited by a sinusoidal force ap¬ 
plied in the plane of the cylinder bank. Test results 
indicated that the airplane wing system possessed three 
critical frequencies in which the response became ex¬ 
cessively large. Two of these frequencies were within 

i the operating range of the engine speed. Flight tests 
confirmed the fact that an unusually large vibration 
amplitude existed. The objects of this research are to 
accumulate knowledge regarding the essential causes 
of vibration and noise, to devise efficient methods by 
which the manufacturer may detect the nature of the 
difficulty, and to determine means of prevention and 
elimination. 

Work in the Full-Scale Wind Tunnel.—A num¬ 
ber of investigations have been made in the full-scale 
wind tunnel during the year. The aerodynamic char¬ 
acteristics of four different types of airplanes were in¬ 
vestigated and compared with the results obtained in 
flight tests. Satisfactory agreement was obtained, a 
correction factor for the jet boundary previously de¬ 
termined from tests of a series of airfoils in a model of 
the full-scale tunnel being used. Several other air- 



REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 19 

planes were tested at the request of the Army or Navy 

to answer specific questions of design. Tests of a 

series of airfoils are in progress at the present time. 

Several projects may be mentioned as showing the 

usefulness of the full-scale wind tunnel in answering 

questions of practical design that have arisen in con¬ 

nection with the work of the military and naval serv¬ 

ices. At the request of the Army Air Corps the com¬ 

mittee investigated the effect on the take-off charac¬ 

teristics of wheel wells in the wing of a Lockheed 

Altair airplane. The airplane was installed in the 

full-scale tunnel and the lift and drag measured with 

the landing gear retracted and extended and with the 

wheel wells both open and closed when the wheels were 

extended. The cockpit was covered on one of the tests 

to ascertain whether the open cockpit affected the drag 

appreciably. It was found that neither the open wheel 

wells nor the open cockpit had an appreciable influence 

on the drag or take-off characteristics. 

In connection with the design of a large flying boat 

(the P3M-1), the committee was requested by the 

Bureau of Aeronautics, Navy Department, to investi¬ 

gate the cooling characteristics of the engines located 

in nacelles between the biplane wings and to recom¬ 

mend, if possible, means for reducing the drag of the 

nacelle. For these tests a complete engine assembly 

with a stub wing of 14-foot span was furnished. By 

an alteration of the tail of the nacelle and the choice of 

a suitable engine cowling, the drag of the nacelle was 

appreciably reduced and at the same time satisfactory 

cooling was obtained. 

The Bureau of Aeronautics, Navy Department, also 

requested an investigation on a Fairchild F-22 air¬ 

plane to determine the comparative advantages of two 

wing sections, the N-22 and the N. A. C. A. 2412. It 

was found that there was practically no difference be¬ 

tween the two sections, the principal difference being 

that the N. A. C. A. 2412 section showed a sharper break 

in the lift curve at the stall than the N-22. 

At the request of the Department of Justice, an in¬ 

vestigation was made to test the validity of the claims 

of Mr. Esnault Pelterie in connection with his suit for 

infringement of patents on the stick control for air¬ 

planes. A Vought Corsair airplane was fitted with 

the ring and bird type tail surfaces and measurements 

made to determine the resulting pitching and yawing 

moments for each. 

As a final determination of the jet-boundary correc¬ 

tions for this tunnel, a series of airfoils of the same 

profile and aspect ratio but of different spans is being 

tested at air speeds chosen to give the same Reynolds 

Number for all. The airfoils are of Clark Y section 

and have spans of 12, 24, 36, and 48 feet. To obtain 

data on scale effect the tests are being extended to 

cover a range of Reynolds Numbers from 350,000 to 

5,600,000. A marked scale effect on maximum lift is 

indicated thus far by the tests. 

The optimum position of a wing with reference to 

a fuselage has never been determined for high Reynolds 

Numbers. At the request of the Army Air Corps, an 

investigation of this question has been started. A 

YO-31A airplane with gull wing has been chosen for 

the investigation. The airplane has been tested, and 

a mock-up fuselage of the same airplane is under con¬ 

struction to permit testing with the wings in different 

positions. For some of the tests the gull-wing roots 

are replaced by a straight center section, permitting 

the position of the wing to be changed. The program 

includes also a thick cantilever wing at the bottom of 

the fuselage. In addition to the force measurements, 

pressure-distribution measurements will be made on 

the wings for each of the various wing positions and 

also a survey will be made to determine the direction 

and velocity of the air at all points about the tail 

surfaces. 

Seaplanes.—The N. A. C. A. tank, or seaplane 

channel, for the study of hydrodynamic problems con¬ 

nected with aeronautics is now in regular operation. 

The program for the tank includes several items of 

direct interest to the aircraft industry, a number of 

investigations specifically requested by the Bureau of 

Aeronautics, Navy Department, and also certain items 

which may be classed as fundamental information. 

Effects oj variations in dimensions avid jorm of hull 
on the take-off of flying boats.—The forms given to the 

hulls of flying boats differ radically according to the 

designer and the country. It seems hardly possible 

that all of the five distinct types, which can be easily 

recognized, can be of equal merit. The determination 

of the effect of the form and the dimensions of the 

hull on the take-off of a flying boat is therefore of 

immediate interest. In this problem are included 

not only the resistance to propulsion along the water, 

but also the attitude assumed and the spray thrown. 

The effects of variations in dimensions are being 

studied by tests of a series of models derived from a 

common form by systematic variations in dimensions. 

The effects of variations in fundamental form are being 

studied by tests of models representing several of the 

distinct types. 

The nature and amount of spray thrown out during 

the take-off is of special interest. If it is heavj^ and 

is thrown into the propellers these may be damaged. 

If it strikes the wings or other surfaces damage may 

be done or resistance increased. One of the simpler 

methods of reducing the spray and changing its direc¬ 

tion is to fit narrow strips along the side of the hull, 

usually projecting from the chine at an angle, which 

will deflect the rising sheets of water. 

A model of a hull which was known to have good 

performance was selected, and to it were applied suc¬ 

cessively spray strips having various angles and various 

widths. Tests of these showed that the wider strips 

at sharper downward angles gave the better suppression 
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of the spray and that the resistance was affected but 

little. A technical note describing these tests is 

being prepared. 

Floats for seaplanes.—At the request of the Bureau 

of Aeronautics, the committee is investigating the 

manner in which variations in the form and dimensions 

of the twin floats used in high-speed seaplanes affect 

the performance during take-off. This investigation 

is conducted with model floats which are varied in 

dimensions and form much as in the case of the flying- 

boat hulls. 

Fundamental information regarding planing sur¬ 
faces.—For a large part of the take-off run of a seaplane 

that part of the weight of the craft not supported by 

the wings is supported by the hydrodynamic reaction 

of the water on the bottom of the float or boat. In 

the actual craft, or complete model, the various phe¬ 

nomena connected with this stage are so entangled 

that the effects from the bottom alone can not be 

studied separately. However, by testing surfaces 

that skim along the top of the water simulating only 

the bottom of a float, much valuable fundamental 

information can be obtained, and by its use it will be 

possible to understand more perfectly what happens 

under the bottoms of actual floats. 

Surfaces for such tests have been procured and tests 

are planned to begin shortly. 

Frictional resistance of boat surfaces.—The frictional 

resistance of those surfaces of a boat hull which are 

exposed to the passing water has been determined 

quite accurately for speeds up to about 15 miles per 

hour. For speeds of from 30 to 60 miles per hour, or 

higher, the frictional resistance can only be estimated. 

Furthermore, the effect on this resistance of slight 

structural roughnesses produced by rivet heads, plate 

butts, etc., is practically unknown. 

Friction plates which are to be towed at relatively 

high speeds to determine the frictional resistance and 

the effect of roughnesses have been procured and are 

being prepared for testing. The information obtained 

from these tests should make possible a decision as to 

how smooth a boat bottom need be or how large an 

increase in resistance must be accepted if rivet heads 

project. It should also help in the more accurate 

estimation of the resistance of model and full-size 

hulls. 
BUREAU OF STANDARDS 

Wind-Tunnel Investigations—The aerodynamic 

activities of the Bureau of Standards have been con¬ 

ducted as heretofore in cooperation with the Aero¬ 

nautics Branch of the Department of Commerce and 

the National Advisory Committee for Aeronautics. 

The work completed and in progress may be summar¬ 

ized under the following heads: 

Improved apparatus for measuring turbulence.—A 
report has been submitted for publication describing 

recent improvements in the design of the equipment 

associated with the hot-wire anemometer for the 

measurement of fluctuating air speeds in turbulent air 

flow. The design of amplifiers and compensating 

circuits is discussed in some detail and a description is 

given of attempts to measure the distribution of the 

energy of the fluctuations with respect to frequency. 

With the improved equipment, fluctuations of air 

speed with frequencies up to 5,000 cycles per second 

may be studied. 

Increasing the aerodynamic efficiency of jets.—A 

report has been completed on the studies of the effects 

of deflectors, guide vanes, ring-shape airfoils, and 

Venturi tubes on the thrust reaction of free jets. The 

augmentation of the thrust obtained was not sufficient 

to make jet-propulsion practical at ordinary airplane 

speeds. 

Computation of boundary-layer flow.—The air flow in 

the boundary layer of a plate subjected to sinusoidal 

variations of pressure along the length of the plate has 

been computed by an approximate method for the case 

of laminar flow. If one imagines the sinusoidal pres¬ 

sure variation to move slowly along the plate, the 

computed fluctuation of the air speed at a fixed point 

varies with the distance of the point from the plate in 

a manner similar to that measured experimentally by 

the hot-wire anemometer. The mean velocity is 

nearly the same as it would be if there were no pressure 

fluctuations present. It has thus been concluded that 

the large speed fluctuations in that part of the boundary 

layer which is inferred to be laminar from the character 

of the distribution of mean speed are forced by the 

turbulence of the external stream. The amplitude of 

the fluctuations within the layer is much greater than 

the amplitude in the external stream. 

Aerodynamic characteristics of conventional control 
surfaces.—Measurements of the yawing moments due 

to rudders of several spans and chords have been 

described in Technical Report No. 437, “The Effect of 

Area and Aspect Ratio on the Yawing Moments of 

Rudders at Large Angles of Pitch on Three Fuselages." 

Two short papers have been prepared dealing with 

ailerons, in which questions raised in the discussion of 

Technical Reports Nos. 298, 343, and 370 have been 

answered. These papers deal with the mutual inter¬ 

ference between ailerons on opposite wings and the 

effect of aileron displacement on wing characteristics. 

Reduction of Airplane Noise.—Measurements 

have been completed on the reduction of noise and of 

engine horsepower due to several mufflers intended for 

use on airplane engines. It was concluded that it is 

not profitable to use mufflers unless the propeller noise 

is less than the noise of the unmuffled engine, which 

means in general that the propeller tip speed must be 

as low as 650 to 700 feet per second; that the use of 

a manifold system in itself gives a considerable muffling 

effect; that it is possible to reduce the noise of the 

unsilenced engine (open-port condition) in the absence 
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of the propeller by 15 to 20 decibels by means of a 

muffler with an added weight of 30 or 40 pounds and a 

reduction in engine horsepower of less than 3 per cent. 

The detailed results will be published in an aeronautics 

bulletin of the Aeronautics Branch of the Department 

of Commerce. 

Aeronautic-Instrument Investigations.—The 

work on aeronautic instruments was conducted in 

cooperation with the National Advisory Committee for 

Aeronautics and the Bureau of Aeronautics of the Navy 

Department and included the investigations and the 

development of particular instruments outlined below: 

Temperature coefficient of elastic moduli.—The experi¬ 

mental work has been completed on the determination 

of the temperature coefficient of the elastic moduli of 

elastic materials for aircraft instruments. The tem¬ 

perature coefficient was measured in the temperature 

range —50° to +50° C. and data were obtained on the 

effect of heat treatment, strain hardening, and external 

stress. It was found that, except for tungsten, the 

temperature coefficients of two elastic moduli are 

practically the same, and are independent of external 

stress within the range applied. The coefficients 

generally increase with increase in temperature and 

vary considerably with the heat treatment or cold 

work of a given material. A report has been prepared 

on the investigation, and is now being edited. 

Reports on aircraft instruments.—-A report on current 

methods of measuring air speed and ground speed, 

emphasizing descriptions of, and performance data on, 

the instruments, was completed and has been pub¬ 

lished as Technical Report No. 420. A second draft 

of a report on power plant instruments was practically 

completed. Considerable progress was made on re¬ 

ports similar in scope on altitude instruments and on 

compasses. 

Friction of pivots.—Attention was given to improving 

the apparatus for making the measurements, modifi¬ 

cation of which has been completed. 

Airship thermometers.—Four electrical resistance 

thermometers of the type previously developed for use 

in the flight testing of airplanes were constructed for 

use on airships in measuring the free-air temperature. 

The instruments are of the unbalanced Wheatstone- 

bridge tj^pe. The temperature-sensitive resistance 

element is mounted on the airship so as to be in the 

free air, and the indicator and other parts are installed 

in the control car. This type of instrument has the 

advantage that it can be built to have a much smaller 

time lag in indication than liquid-in-glass thermome¬ 

ters. 

Strut thermometer.—Distant-indicating thermome¬ 

ters now available are far from satisfactory for service 

use in airplanes to measure free-air temperature. An 

experimental thermometer of the bimetal type, which 

was designed to be mounted as a unit on a strut of the 

airplane, was constructed. The thermometer indicates 

on a dial sufficiently large so as to be easily read from 
the cockpit. 

WASHINGTON NAVY YARD 

The wind-tunnel equipment at the Washington Navy 

lard consists of an 8 by 8 foot closed-circuit type, 

built in 1913, and a new 6-foot closed-circuit type, 

recently completed. The 6-foot tunnel has been con¬ 

tinuously employed on current design and related 

problems during the past year. The early completion 

of the balance for the 6-foot tunnel will enable such 

testing to be made under more favorable conditions. 

Testing to date in the 6-foot tunnel has been confined 

to air-flow and simple drag measurements. Some 

vibration difficulties due to the type of construction 

were found and eliminated in the preliminary tests. 

The Washington Navy Yard tests are concerned 

largely with complete model airplanes, the routine 

tests covering the measurement of lift, drag, pitching 

moments, and yawing moments, and the moments 

being obtained for a series of control positions. Rolling 

moments are not considered a part of routine tests, 

although measured on unconventional designs. The 

nonroutine tests for the greater part consist in studies 

of fairing and slight changes for drag reduction and in 

tests for improvement of control and stability. 

In accordance with established policy the wind- 

tunnel work of the Washington Navy Yard is confined 

to problems relating directly to the design of naval 

aircraft. All research investigations of a fundamental 

aerodynamic nature are requested from the National 

Advisory Committee for Aeronautics. 

MATERIEL DIVISION, ARMY AIR CORPS 

The present wind-tunnel equipment at Wright Field 

consists of two wind tunnels, a 5-foot tunnel, and a 

high-speed tunnel 14 inches in diameter, both of the 

N. P. L. type. 

The wrork in the 5-foot wind tunnel is concerned 

largely with design problems and routine tests on air¬ 

plane models of designs submitted to the Air Corps. 

Models of the XP-936, XP-900 XP-25, and YO-31 

airplanes were tested for lift, drag, and stability. 

Special vnnd-tunnel, tests.—Tests were made to de¬ 

termine the aerodynamic effects of various changes in 

fairings, cowlings, wing shapes, tail shapes, cockpit 

enclosures, and landing-gear designs. Airplane acces¬ 

sories such as Venturis, impellers, radiators, and tail 

wheels were tested also. 

Wing location and root shape.—A study based on 

wind-tunnel tests was made of the effects of the vertical 

location of a monoplane wing. Several methods of 

attaching and fairing the wung into the fuselage were 

employed. 

Tail design.—It has been necessary to make a large 

number of wTind-tunnel tests of models wfith modified 

tail assemblies. The necessity for changes in tail de¬ 

sign has usually arisen from changes wfflich have been 
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made in the cockpit enclosures, engine nacelles, or wing 

center sections. 

Performance estimates.—Estimates of the perform¬ 

ance of many of the existing and proposed airplanes 

with alternative power-plant installations were made. 

Consideration was given to engines under development 

as well as to standard types. 

Autogiro.—An autogiro wTas tested in flight and the 

data thus obtained formed the basis for a study wffiich 

was made to determine the practicability of adapting 

such a machine to the military service. 

Controllable propellers.—Considerable progress has 

been made in the development of mechanisms for con¬ 

trolling the pitch setting of propellers while in flight. 

REPORT OF COMMITTEE ON POWER PLANTS FOR 
AIRCRAFT 

ORGANIZATION 

The present organization of the committee on power 

plants for aircraft is as follows: N 

Hon. William P. MacCracken, jr., chairman. 

George W. Lewis, National Advisory Committee 

for Aeronautics, vice chairman. 

Henry M, Crane, Society of Automotive 

Engineers. 

Prof. Harvey N. Davis, Stevens Institute of 

Technology. 

Dr. H. C. Dickinson, Bureau of Standards. 

Carlton Kemper, National Advisory Committee 

for Aeronautics. 

Capt. Clements McMullen, United States Army, 

materiel division, Air Corps, Wright Field. 

Commander C. A. Pownall, United States Navy. 

Prof. C. Fayette Taylor, Massachusetts Institute 

of Technology. 

LANGLEY MEMORIAL AERONAUTICAL LABORATORY 

Compression-Ignition Engines.—The continued 

improvement in the safety and performance of air¬ 

craft is dependent upon a continued increase in the 

reliability, power output, efficiency, and safety of 

aircraft power plants. The low specific fuel consump¬ 

tion obtained with the compression-ignition engine for 

a wide range of propeller loads and the reduced fire 

hazard when Diesel fuel oil is used are the two out¬ 

standing advantages of this type of engine which 

warrant its continued development as a power plant 

for aircraft. These advantages are of such, importance 

for commercial rigid airships that compression- 

ignition engines are already being used as power plants 

for airships in spite of their decreased power output 

per cubic inch of displacement, which makes them 

unsuitable at present as power plants for airplanes. 

The researches of the committee on the compression- 

ignition engine have been directed toward increasing 

the specific power output of this type of engine by the 

use of improved fuels and by the accumulation of new 

knowledge concerning the injection and combustion 

characteristics of fuel sprays. 

Fuel spray characteristics.—The design of suitable 

combustion chambers for compression-ignition engines 

is influenced by the distribution of fuel sprays. Re¬ 

search has been conducted to determine the relative 

distribution of the fuel throughout the spray during 

injection. The methods employed at the start of this 

investigation consisted of injecting the fuel against 

targets of Plasticine and of directing normal to the 

fuel spray a jet of air of small diameter having an 

extremely high velocity. The targets showed that 

the greater part of the fuel in the spray was concen¬ 

trated in the spray core. The spray core could not be 

disrupted by the air flow unless the velocity of the fuel 

jet was considerably less than that usually employed 

in compression-ignition engines. Further tests in 

which fuel sprays were directed counter to each other 

showed that the core was discontinuous, since the two 

sprays would apparently penetrate through each other 

with little interference if the point of impingement 

was at least 1 inch from the nozzle. 

The process by which a solid jet of fuel issuing from 

an orifice is disintegrated to form a fuel spray has been 

determined from photomicrographs, made at a magni¬ 

fication of 10 diameters, of various sections of fuel 

sprays during injection. The photomicrographs 

showed clearly the progress of the jet disintegration 

under varying conditions of jet velocity, air density, 

fuel viscosity, and discharge-orifice diameter. A 

comparison of the results obtained with fuel sprays 

injected into a vacuum with those of sprays injected 

into dense air showed that, although the turbulence 

of the fuel flow assisted the disintegration of the fuel 

jet, the greater effect was obtained from the interaction 

of the liquid fuel with the air into which the fuel was 

sprayed. The results showed that the rate of jet 

disintegration could be increased by increasing the 

relative velocity between the fuel and the air, by 

increasing the air density, or by decreasing the fuel 

viscosity and the orifice diameter. The results of 

the research on spray distribution have been published 

as Technical Report No. 438. 

The research on the hydraulics of fuel-pump in¬ 

jection systems has been extended to include the 

determination of the rates of fuel injection when a 

cam-operated fuel-injection pump and an automatic. 

injection valve are used. The data showed that the 

rate of fuel discharge from a given pump injection 

system could be varied considerably by variations in 

the length and diameter of the injection tube, the in¬ 

jection valve-opening pressure, and the discharge- 

! orifice diameter. The data also showed that in the 

design of a fuel-injection system, the system from the 

pump to the discharge orifice should be considered a 

unit. The results of this investigation are described 

in Technical Report No. 433. 
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Combustion in compression-ignition engines.—The 

necessary improvement in the performance of com¬ 

pression-ignition engines that will warrant their use 

in airplanes is dependent upon increased knowledge 

concerning the various stages in the combustion proc¬ 

ess. Outstanding progress has been made with the 

N. A. C. A. fuel-spray combustion apparatus in deter¬ 

mining the rates at which present fuels vaporize under 

conditions of air density, temperature, and air flow 

comparable to those occurring in the engines during 

the injection period. A description of the apparatus 

and the results of preliminary tests have been published 

in Technical Report No. 429. 

An investigation to determine the effect of air 

flow velocities from 0 to 800 feet per second when di¬ 

rected counter to and normal to fuel sprays has been 

made with the combustion apparatus. The tests 

showed that although the air flow has considerable 

effect on the spray envelope and on the whole spray 

after injection is completed, the main core of the spray 

is only slightly deflected during injection. 

A series of five fuels covering a range of boiling 

points as measured under atmospheric conditions from 

150° to 375° F. has been used in investigating the effect 

of engine speed, temperature of the combustion- 

chamber walls, injection advance angle, and fuel 

quantity on the vaporization of fuel sprays. During 

injection the fuel vaporized at a rate that far exceeded 

the rates at which the fuel had previously been thought 

to vaporize. The results showed that the vaporiza¬ 

tion was materially affected b}7 the boiling tempera¬ 

ture of the fuel and by the temperature of the combus¬ 

tion-chamber and cylinder walls. The flame records 

showed that unless combustion by auto-ignition was 

forced to take place before all of the fuel was injected, 

the burning started almost simultaneously throughout 

the combustion chamber and was accompanied by 

violent combustion shock. The diffusion of the fuel 

vapors was found to be more rapid and uniform than 

the diffusion of the atomized fuel spray. Technical 

Report No. 435 has been published giving the results 

of this investigation. 

The increasing interest in the development of fuels 

for high-speed compression-ignition engines and the 

differences in the combustion characteristics of several 

fuels indicated that it would be desirable to have a 

method of determining by simple engine tests the suita¬ 

bility of a fuel for the operating conditions of an indi¬ 

vidual engine, and which one of several fuels is most 

suitable. Tests made with an engine having no effec¬ 

tive air flow in the combustion chamber were found to 

be of more value in rating fuels than those made with 

combustion chambers having effective air flow. 

The engine tests led to the conclusion that a fuel 

that will allow injection to be advanced beyond the op¬ 

timum injection advance angle without encountering 

excessive knock or excessive cylinder pressures is a 

149900—33-3 

satisfactory fuel for that particular engine and its 

operating conditions. A comparative rating of several 

fuels may be obtained by determining the consistent 

operating range of the injection advance angle. This 

range is directly dependent upon the ignitibility of 

the fuel, but involves no question of the method of 

measuring ignition lag. Fuels with longer consistent 

operating ranges are more satisfactory for engine oper¬ 

ation. The results of these tests have been published 

in Technical Note No. 418. 

The reduction of combustion shock in compression- 

ignition engines depends to a great extent on the reduc¬ 

tion of the time interval between the injection of fuel 

into the engine cylinder and the start of combustion. 

During this time interval the fuel absorbs sufficient 

heat from the high-temperature air to raise it to its 

auto-ignition temperature. The addition of heat to 

the fuel before its injection into the combustion cham¬ 

ber should reduce this time interval. Tests have been 

made to determine the effect on ignition lag and com¬ 

bustion of preheating Diesel fuel oil before injecting it 

into the combustion chamber. As the addition of heat 

to the fuel results in decreased spray penetration, the 

tests were conducted with engines having precombus¬ 

tion and quiescent-combustion chamber shapes. The 

results showed that preheating the fuel to 330° F. 

reduced the ignition lag and combustion shock. The 

greater reduction in ignition lag was obtained with the 

combustion-chamber shape having high-velocitj7 air 

flow. 

The process of combustion in the engine cylinder 

can be followed by a chemical analysis of the gases 

taken from the engine cylinder. A stroboscopic valve 

has been designed and constructed so that samples of 

the charge in the combustion chamber may be removed 

for chemical analysis at any point in the cycle. This 

gas-sampling valve is inertia-operated and the mecha¬ 

nism is driven through a flexible shaft. The effective 

opening period is less than 0.0003 second, although the 

valve stem leaves the seat for slightly more than 0.0004 

second. These values are independent of operating 

speed. 

The valve has been used in the integral combustion 

chamber to determine whether its contents remain in a 

quiescent state during combustion. Gas samples taken 

during the combustion period with the fuel injected 

through a standard 6-orifice nozzle showed the in¬ 

crease in carbon dioxide content of the gases almost co¬ 

incident with the rise of pressure in the cylinder. 

When a 2-orifice nozzle was used with the gas¬ 

sampling valve located in a part of the combustion 

chamber not served with fuel, no carbon dioxide could 

be detected in the samples obtained, indicating that 

combustion does not materially affect the quiescent 

condition of the combustion chamber. 

The accumulation of engine exhaust gases in the 

unventilated cockpits of airplanes powered with car- 
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buretor engines is dangerous, because of the percentage 

of carbon monoxide contained in the exhaust. An 

investigation was made to determine the quantity of 

carbon monoxide in the exhaust gases from spark- 

ignition and compression-ignition engines for a range of 

operating conditions. An analysis of the samples of 

exhaust gas taken at the exhaust valves of a single¬ 

cylinder universal test engine operating with aviation 

gasoline at two-thirds and full load and with both a 

carburetor and a fuel-injection system showed 5 

per cent by volume of carbon monoxide in the exhaust. 

A 500-horsepower multicylinder radial engine operating 

under service conditions showed an average of 7 per 

cent carbon monoxide in the exhaust. When the com¬ 

pression-ignition engine was operated with a clear 

exhaust, the carbon-monoxide content of the exhaust 

gases varied from 0.03 to 0.50 per cent. With exces¬ 

sive smoke and flame in the exhaust the percentage of 

carbon monoxide increased to 0.75 per cent. The 

results indicate that the use of compression-ignition 

engines will considerably reduce the danger of carbon- 

monoxide poisoning. 

Combustion-chamber investigation—Integral type.— 
The basic requirements for injection-valve nozzles for 

quiescent combustion chambers as formulated last 

year assumed that the effective pressure on each 

individual orifice was the same. As the total discharge 

area was increased to take care of the increased fuel 

required for supercharged operation, it became appar¬ 

ent that the required equal pressures were not being 

maintained. A method was devised for catching and 

weighing the discharges of the individual orifices and 

increasing the size of orifices where necessary to main¬ 

tain the proper proportional distribution throughout 

the combustion chamber. 

The engine performance tests of a quiescent com¬ 

bustion chamber with supercharging have been 

continued and have included an investigation of the 

effect of scavenging the combustion space by using 

valve overlap. The results of this investigation have 

shown that an increase in power from the additional 

air available for combustion is obtained and that the 

removal of the residual products of combustion has a 

beneficial effect on the combustion of the fuel and 

allows greater quantities of fuel to be burned without 

smoke or flame appearing in the exhaust. The brake 

mean effective pressure obtainable with clear exhaust 

increases repidly with increase of inlet pressure up to 3 

inches of mercury above atmospheric pressure, indi¬ 

cating that this pressure will effect the complete 

scavenging of the combustion space. The increase in 

performance with clear exhaust under these conditions 

is 33 per cent greater power and 16 per cent less specific 

fuel consumption. The results of these tests have 

been prepared for publication. 

Combustion chamber investigation—Auxiliary-cham¬ 
ber type.—The engine performance tests of the auxiliary 

chambers containing 20, 35, 50, and 70 per cent of the 

total clearance volume have been completed and an 

analysis of the results showed that variation of clear¬ 

ance distribution had little effect on control of com¬ 

bustion, although maximum pressures and rates of 

pressure rise were least with the 35 per cent chamber. 

A slight gain in performance was obtainable with the 

larger chambers, but it was not commensurate with the 

increase in maximum pressures and rates of pressure 

rise. The results of these tests have been published in 

Technical Note No. 435. 

The work on this type of combustion chamber has 

included an investigation of the effect of variation of 

the diameter of the connecting passage between the 

cylinder and the auxiliary chamber. This change was 

in effect a variation in the velocity of the air entering 

the auxiliary chamber. The results of this investiga¬ 

tion showed that a passage size determined for maximum 

engine speed would permit satisfactory performance at 

lower speeds. Passage sizes so small as to cause large 

pressure differences between cylinder and chamber 

were too small to allow good performance and were 

responsible for large throttling losses as evidenced by 

high friction mean effective pressure. With the larger 

sizes the air velocity was so reduced that the mixing of 

the fuel and air was not effective, and the engine 

performance suffered from incomplete and delayed 

combustion. Between these two extremes there was a 

satisfactory operating range in which the passage size 

was not very critical. Technical Note No. 436 pre¬ 

sents the results of this investigation. 

Fire Hazard in Aircraft—Carburetor intake- 
system backfires.—The investigation on confining 

carburetor intake-system backfires has been com¬ 

pleted. The results are reported in Technical Report 

No. 409. 

Hydrogenated safety fuels.—The use of fuels of low 

volatility having flash points at atmospheric condi¬ 

tions of 105° F. in conventional spark-ignition engines 

continues to be an attractive method for reducing the 

fire hazard in aircraft. The antiknock characteristics 

of these fuels have been improved by the manufac¬ 

turer, so that they can now be used at a maximum 

compression ratio of 8.5 without the addition of 

tetraethyl lead or other fuel dope. The investigation 

of the engine performance obtained with these safety 

fuels injected into the engine cylinder has been con¬ 

tinued Progress has been made in reducing the 

specific fuel consumption with safety fuels by improv¬ 

ing the distribution of the fuel spray and by increas¬ 

ing the temperature of the engine coolant from 150° 

to 250° F. With direct fuel injection a brake mean 

effective pressure of 144 pounds per square inch and a 

specific fuel consumption of 0.49 pound per brake 

horsepower per hour have been obtained at a com¬ 

pression ratio of 7.5 and an engine speed of 1,500 

revolutions per minute. 
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The performance characteristics of these safety 

fuels at higher speeds and compression ratios are being 

determined for the Bureau of Aeronautics of the Navy 

Department. Alterations have been made to an 

N. A. C. A. universal test engine to permit the maxi¬ 

mum rotative speed of the engine to be increased from 

1,800 to 2,400 revolutions per minute. 

The increase in the buo3Tancy of rigid airships as 

the fuel supply is consumed is counteracted by the 

condensation of water vapor from the engine exhaust. 

Because of the lower hydrogen content of the safety 

fuel as compared with gasoline, the airship industry 

is interested in knowing the quantity of water recover¬ 

able from the exhaust of an engine using safety fuels. 

The results obtained from a single-cylinder test engine 

operated with a carburetor and gasoline and with a 

fuel-injection system and safety fuel indicated that the 

water recovered from the exhaust when the safety 

fuel was used was 80 per cent of that obtained when 

gasoline was used. 

Increase in Engine Power—Two-stroke-cyde inves¬ 
tigation.—The use of the 2-stroke cycle instead of the 

4-stroke cycle with internal-combustion engines is a 

method of obtaining increased power output per unit 

of weight and displacement. The committee is 

conducting investigations to determine the effect of 

the various factors influencing the performance of an 

engine of this type having gasoline injection and elec¬ 

tric ignition. A new water-cooled cjdinder and cjdin- 

der head have been constructed to continue this inves¬ 

tigation at higher speeds and power outputs than were 

possible with the air-cooled 2-stroke-cycle engine. 

The new engine can be operated at a maximum speed 

of 2,000 revolutions per minute. Preliminary tests 

have been conducted at a compression ratio of 5.0, 

which indicate exceptional promise for this type of 

engine on the basis of increased horsepower per cubic 

inch of displacement. 

Large valve overlay.—An appreciable gain in engine 

performance can be obtained by completely scavenging 

the clearance volume of a 4-stroke-cycle engine. This 

improved scavenging can be obtained efficiently by 

using a large valve overlap and a low boost pressure 

in the inlet manifold. With a fuel-injection system 

the time of fuel injection can be controlled to prevent 

the loss of fuel with the scavenging air. The results 

of tests made with a single-cylinder engine for a range 

of compression ratios from 5.5 to 8.5, a valve overlap 

of 112°, and an engine speed of 1,500 revolutions per 

minute, showed that complete scavenging of the clear¬ 

ance volume could be obtained with a pressure differ¬ 

ence of 2 to 5 inches of mercury across the intake and 

exhaust valves. The results showed that with a com¬ 

pression ratio of 6.5, a boost pressure of 2 inches of 

mercury, and a fuel quantity giving 98 per cent of 

maximum power, the brake mean effective pressure 

developed was 182 pounds per square inch and the 

corresponding fuel consumption 0.44 pound per brake 

horsepower per hour. A comparison of the brake 

mean effective pressure obtained in operation with 

valve overlap and fuel injection as compared with 

that obtained in operation with normal valve timing 

showed a gain of 18 per cent in brake mean effective 

pressure obtained by improved scavenging. 

Hub dynamometer.—The flight testing of airplanes 

is handicapped because there are no means available 

for measuring the power delivered by an engine in 

flight. The committee has developed a hydraulic 

dynamometer that may be attached to the hub of 

a propeller and that records photographically the 

torque developed by an engine. The power developed 

may be calculated from the known torque and engine 

speed. During the year the dynamometer has been 

adapted to permit measuring the torque developed 

by engines equipped with steel propellers. The 

necessary temperature corrections for the variation 

in volume of the liquid in the dynamometer with 

change in air temperature have been determined. 

The dynamometer has been flight-tested in a Vought 

03U-1 airplane for 20 hours and found to operate 

satisfactorily. The precision of the propeller-hub 

djmamometer will be determined by tests to be 

made in the full-scale wind tunnel with a liquid-cooled 

engine mounted in a special test fuselage fitted with a 

torque dynamometer. 

Cowling and Cooling of Aircraft Engines— 

Cooling properties of finned surfaces.—The develop¬ 

ment of air-cooled engines having increased power 

output is dependent upon an improvement in the 

efficiency with which the waste heat from the engine 

cylinder can be dissipated to the cooling air. The 

effect of fin pitch, width, thickness, and shape on 

the quantity of heat dissipated by finned cylinders 

has been determined from tests made with a con¬ 

stant heat input and a range of air speeds from 30 

to 150 miles per hour. The results of these tests in¬ 

dicate that for tapered fins having widths of 1 inch 

or less there is no interference with the air flow be¬ 

tween the fins providing the fin pitch is greater than 

0.15 inch. 

Patterns of the air flow around a cylinder mounted 

in the wind tunnel showed that approximately one- 

half the cooling area of the cylinder does not come in 

contact with the cooling air stream, because of the 

breakaway of the air stream from the cylinder. To 

determine the temperature distribution when the 

entire cooling area was used, a finned cylinder was 

enclosed with a cowling and the cooling air forced past 

the cylinder by a Roots blower. This method of 

cooling resulted in a greater quantity of heat being 

dissipated and more uniform temperature distribu¬ 

tion around the cylinder being obtained for the same 
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tunnel air speed. An investigation to determine the 

minimum quantity of air required to cool present 

air-cooled engines under operating conditions is being 

conducted with a single-cylinder air-cooled test 

engine. 

Cowling oj engine nacelles.—Comparative drag and 

cooling tests were made for the Bureau of Aeronau¬ 

tics, Navy Department, with a P3M-1 engine nacelle. 

Three antidrag rings of various shapes were tested in 

combination with modifications made to the nose 

and tail of the nacelle to improve the cooling at air 

speeds of 60, 80, and 100 miles per hour. A sub¬ 

stantial reduction in cylinder and oil temperatures 

was obtained by the use of deflectors between the 

cylinders and an oil cooler placed in the inlet mani¬ 

fold between the carburetor and the engine. 

BUREAU OF STANDARDS 

Altitude tests of aircraft engines.—A report is in 

preparation on the distribution of fuel heat in the 

Curtiss D-12 engine, supercharged and unsuper¬ 

charged, under a variety of controlled operating con¬ 

ditions and at various altitudes. Study of formulas 

proposed for estimating the altitude performance of 

aircraft engines from sea-level tests indicates the 

need of additional experimental data (1) on the 

variation of horsepower with carburetor air tempera¬ 

ture when there is a supercharger between the car¬ 

buretor and the engine, (2) on the influence of initial 

temperature and pressure conditions upon the com¬ 

pression ratio of a supercharger aud upon the power 

required to drive it, and (3) on the effect of engine 

compression ratio upon the variation of horsepower 

with exhaust pressure. 

Phenomena o/ combustion. —A comprehensive in¬ 

vestigation of the effect of inert diluents (argon, 

helium, and nitrogen) on the gaseous explosive re¬ 

action between equivalent amounts of carbon mon¬ 

oxide and oxygen has been completed. The gases in 

each case were saturated with water vapor. The 

preparation of a report on this work for publication 

by the National Advisory Committee for Aeronau¬ 

tics was interrupted by the sudden death of Doctor 

Stevens on May 17. It is now almost ready for re¬ 

lease, after revision by his successor in accordance 

with the suggestions of Doctors Kassel, Lewis, Von 

Elbe, and Tolman. The immediate program con¬ 

templates a similar study in the presence of smaller 

quantities of water vapor. 

Combustion in an engine cylinder. —The effect of 

combustion-chamber shape and number and location 

of ignition points on flame movement and pressure 

development in an engine cylinder are being studied 

with 4 different combustion chambers, 7 different 

locations of a single ignition spark, and 2 different 

arrangements of twin ignition. A small camera is 

used in photographing, through the stroboscope, the 

many small windows symmetrically distributed over 

the engine head. The protographs check satisfac¬ 

torily with visual observations and provide a perma¬ 

nent record of the progress of the flame. 

Improved equipment has been developed for meas¬ 

uring infra-red radiation from the explosion in the 

engine cylinder. The apparatus is sufficiently sensi¬ 

tive to permit observations with a stroboscope open¬ 

ing of only 1° or 2° of engine crank-angle while using 

a selected series of filters to indicate roughly the 

spectral distribution of the radiant energy over the 

region from the visible to about ll/i. Studies are 

being made to determine to what extent such data 

can be interpreted in terms of charge temperature 

and chemical composition. 

Pressures and temperatures in aircraft engines.—A 

special engine head was prepared and used for direct 

comparisons of diaphragm-type indicators, and for 

studying the effect of indicator location and of adapters 

which interpose a passage between the engine and the 

pressure element. Experiments indicated that, in the 

absence of detonation, pressure readings were inde¬ 

pendent of the location of the indicator in the cylinder 

head, but that long, narrow connecting passages caused 

a marked increase in the measured pressures during 

explosion, and magnified greatly the variations from 

cycle to cycle. These errors introduced by the con¬ 

necting passage become more prominent as maximum 

explosion pressures increase. 

Mechanism of atomization.—A review of available 

data, both theoretical and experimental, on the atomi¬ 

zation accompanying solid injection indicates quite 

definitely that such atomization, like air-stream atomi¬ 

zation, is a surface phenomenon. Both can be ex¬ 

plained by the formation of ligaments at the liquid-gas 

interface, under the influence of the relative motion 

of gas and liquid, followed by the collapse of these 

ligaments under the influence of surface tension. The 

results of this study are being published as Technical 

Report No. 440. 

Effect of spark character on ignition ability.—The use 

of the cathode-ray oscillograph to measure the voltage 

and current in the spark discharge without appreciably 

altering the character of the spark presented unex¬ 

pected difficulty, owing to the low inductance and 

capacitance of the ignition circuit. A report on the 

Theory of Voltage Dividers and Their Use With 

Cathode-Ray Oscillographs will be found in the Bureau 

of Standards Journal of Research for July, 1932 (RP 

460). A report on the measurement of current in the 

spark discharge is in preparation. Further study of 

the effectiveness of ignition sparks, as measured by 

the amount of chemical reaction occurring when 

different sparks are passed through lean mixtures of 

oxygen and hydrogen at atmospheric pressure, was 
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made necessary by the discovery that changes in the 

length and location of the high-tension leads may 

alter the character of the spark. 

The ignition laboratory is studying also the reli¬ 

ability of spark ignition and the phenomena of auto¬ 

ignition at the request of the Bureau of Aeronautics. 

In connection with the latter problem, the effects of 

pressure and temperature on the ultra-violet absorp¬ 

tion spectra of various hydrocarbon vapors with and 

without air have been determined with a quartz 

spectrograph. Preliminary attempts to detect pre¬ 

flame oxidation of fuel-air mixtures in the engine 

have been made by passing light from an iron arc 

through a pair of quartz windows in the combustion 

chamber and through a stroboscope to the spectro¬ 

graph. In order to isolate the effect of temperature, 

fuels which show no change in absorption with pres¬ 

sure have been employed in the engine tests. 

Radio-shielded ignition equipment.—As a basis for 

preparing Army-Navy specifications on shielded igni¬ 

tion harnesses, tests were conducted jointly at the 

Naval Aircraft Factory in Philadelphia and at the 

Bureau of Standards on available commercial types 

of shielded harnesses applicable to radial aircraft en¬ 

gines. The five types tested were found equally 

satisfactory from the standpoint of radio-interference 

shielding blit they differed with respect to accessi¬ 

bility, strength, shielding efficiency, and waterproof¬ 

ing. Tests of the Curtiss D-12 engine with and with¬ 

out a radio-shielded ignition system were made in the 

altitude laboratory at pressures corresponding to alti¬ 

tudes from sea level to 20,000 feet. No significant 

effect of the shielding on the altitude performance of 

the engine was found. 

Effect of air humidity on engine performance.—As a 

result of the tests reported in Technical Note No. 309 

and Technical Report No. 426 of the National Advi¬ 

sory Committee for Aeronautics, the National Advi¬ 

sory Committee has adopted standard dry-air pres¬ 

sures as a basis for correcting sea-level and altitude 

tests of aircraft engines. A corresponding revision of 

the power-correction formula in the S. A. E. Handbook 

has been proposed. Preliminary work on the injection 

of water spray into the combustion chamber of a vari¬ 

able-compression engine at compression ratios from 

4:1 to 10:1 verified earlier results, but funds were not 

available for completing the test program. 

Tests at subfreezing temperatures on the modified 

psychrometer developed during this research showed 

that it functioned satisfactorily when supercooled 

water was used. It was also found that, for low air 

temperatures, humidity determinations with a psy¬ 

chrometer in which a thermometer covered with a 

thin film of ice replaced the wet bulb were more 

reliable than those obtained with the customary 

frozen-wick wet bulb. 

Gumming characteristics of gasolines:—The investi¬ 

gation of the gumming characteristics of gasolines, 

undertaken at the request of the Air Corps, deals 

with the determination of the gum contents of gaso¬ 

lines and the evaluation of their tendency to form 

gum during storage. It is obviously necessar}^ to 

have a significant method for the determination of 

gum content before any limit can be set on the per¬ 

missible gum content for satisfactory engine operation 

and before the increase in gum content in storage 

can be followed. Since evaporation in the engine 

manifold takes place in a current of air, work in 

the laboratory was concentrated on an evaporation 

method using an air jet. Each of the variables affect¬ 

ing evaporation in the manifold was investigated 

over a wide range in connection with the laboratory 

evaporation method. It was found that changes in 

the conditions during evaporation affected the abso¬ 

lute values for gum content, but that the relative 

gum contents of a series of gasolines were independent 

of the particular conditions used in the evaporation, 

so long as these conditions were held constant during 

the series. Accordingly, any convenient and repro¬ 

ducible air-jet method is equally significant for the 

determination of gum content, and evaporation from 

a bath maintained at 200° C. was found to be the 

most convenient. 

The investigation of gum stability presents con¬ 

siderable difficulty, for it is desirable to develop a 

method which will tell in advance how much gum a 

gasoline 11411 contain when stored for periods of six 

months to two years. Preliminary work has shown 

that the gum stability of gasolines decreases very 

rapidly as the temperature is increased. Accordingly, 

storage experiments are being made with several 

gasolines over a wide range of elevated temperatures 

with the idea of extrapolating to the stability at 

ordinary storage temperatures. It is hoped that 

this work will lead to a test method in which the 

measurement of stability at about 100° C. will per¬ 

mit an accurate prediction of stability at ordinary 

temperatures. 

Type testing of commercial aircraft engines.—During 

the year, 27 type tests and 4 calibration tests were 

undertaken at the Arlington laboratory, involving 18 

engine types submitted by 11 manufacturers. As a 

result, 14 engines passed, 14 failed, and 3 were with¬ 

drawn. Only 3 of the 14 engines which failed ran 

more than halfway through the 50-hour endurance 

test and 6 failed to complete the first 5-hour period. 

Four engine types failed two or three times each 

during the year, whereas five improved types passed 

on retest. Valves were the most common source of 

major failure, four cases being noted. Piston seizure, 

crankshaft breakage, and cylinder-head cracks were 

responsible for two failures each. The following 
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parts each caused one major failure: Cylinder-head j 
studs, thrust-bearing-plate studs, connecting-rod lock 
rings, and knuckle pin. At the end of June, 84 engines 
had received approved-type certificates from the 

Department of Commerce. 
The department’s revised aircraft-engine require¬ 

ments (to be effective January 1, 1933) call for a 
50-hour preliminary test by the manufacturer at the 
proposed rated speed and increase the severity but 
not the duration of the present type test. The 
revised regulations include special requirements for 
altitude engines, i. e., engines which are not designed 
for operation at full throttle below a specified alti¬ 
tude. In the case of such engines, the rated altitude 
and the maximum altitude power to be assigned to 
the engine will be based on an approximate altitude 
test. Equipment for making dynamometer calibra¬ 
tions and approximate altitude tests of air-cooled 
aircraft engines is being installed at the bureau. 

REPORT OF COMMITTEE ON MATERIALS FOR 
AIRCRAFT 

ORGANIZATION 

During the past year the committee on materials 
for aircraft has suffered the loss of its chairman, 
Dr. George K. Burgess, by his death in Washington 
on July 2, 1932. Doctor Burgess had served as 
chairman of the committee on materials for aircraft 
since 1923 and had been a member of that committee 
since 1917. He rendered invaluable assistance in 
the coordination of the activities of the Army Air 
Corps, the Bureau of Aeronautics of the Navy, the 
National Advisory Committee for Aeronautics, and 
other agencies, especially in connection with the 
investigation of problems relating to aircraft materials. 
Both the committee on materials for aircraft and the 
executive committee at their meetings following the 
death of Doctor Burgess recorded their sorrow at 
his death and their sincere appreciation of his long and 

faithful service. 
The vacancy in the chairmanship of the committee 

on materials for aircraft has not yet been filled, and 
in the meantime the activities of the committee are 
being conducted under the leadership of the vice 

chairman, Prof. H. L. Whittemore. 
The committee on materials for aircraft is at present 

composed of the following members: 
Prof. H. L. Whittemore, Bureau of Standards, 

vice chairman and acting secretary. 
Lieut. Commander R. S. Barnaby (C. C.), United 

States Navy. 
S. K. Colby, American Magnesium Corporation. 

Warren E. Emley, Bureau of Standards. 
Commander Garland Fulton (C. C.), United 

States Navy. 
Dr. II. W. Gillett, Battelle Memorial Institute. 

C. H. Helms, National Advisory Committee for 

Aeronautics. 
Dr. Zay Jeffries, Aluminum Company of America. 
J. B. Johnson, materiel division, Army Air Corps, 

Wright Field. 
George W. Lewis, National Advisory Committee 

for Aeronautics (ex officio member). 
Capt. Alfred J. Lyon, United States Army, 

materiel division, Air Corps, Wright Field. 
H. S. Rawdon, Bureau of Standards. 
E. C. Smith, Republic Steel Corporation. 
G. W. Trayer, Forest Products Laboratory, Forest 

Service. 
Starr Truscott, National Advisory Committee for 

Aeronautics. 
Hon. Edward P. Warner, editor of Aviation. 

In order to cover effectively the large and varied 
field of research on aircraft materials the following 
subcommittees have been established under the com¬ 

mittee on materials for aircraft: 
Subcommittee on metals. 
Subcommittee on aircraft structures—temporary 

subcommittee on research program on Mono- 

coque design. 
Subcommittee on miscellaneous materials. 
Subcommittee on methods and devices for testing 

aircraft materials and structures. 

SUBCOMMITTEE ON METALS 

The present organization of the subcommittee on 

metals is as follows: 
H. S. Rawdon, Bureau of Standards, chairman. 
Dr. II. W. Gillette, Battelle Memorial Institute. 
Dr. Zay Jeffries, Aluminum Company of America. 
J. B. Johnson, materiel division, Army Air 

Corps, Wright Field. 
George W. Lewis, National Advisory Committee 

for Aeronautics (ex officio member). 
E. C. Smith, Republic Steel Corporation. 
Starr Truscott, National Advisory Committee 

for Aeronautics. 
Prof. H. L. Whittemore, Bureau of Standards. 

A number of investigations on metals and the factors 
which may limit their usefulness in aircraft have been 
conducted at the Bureau of Standards with the 
cooperation of the Bureau of Aeronautics of the Navy 
Department, the materiel division of the Army Air 
Corps, and the National Advisory Committee for 

Aeronautics. 
Inter crystalline embrittlement of sheet duralumin.— 

This investigation has been of several years’ duration. 
In 1927 an extensive series of light alloys available 
in sheet form were exposed to the weather. Triplicate 
exposure test panels were set up at the naval air sta¬ 
tions at Coco Solo, Canal Zone; Hampton Roads, Ya.; 
and at the Bureau of Standards. At stated intervals, 
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twice a year, specimens have been brought into the 
laboratory to determine the change in properties 
resulting from the corrosive influences to which the 
metal had been subjected. The experimental part of 
this program has been completed. As mentioned in 
previous reports, a number of important facts have 
been established concerning the intercrystalline type 
of corrosion of duralumin and related aluminum alloys; 
its inherent nature, the rate at which the deterioration 
may occur, methods for overcoming the attack by 
proper treatment of the alloy and by surface protective 
coatings. A full report of the investigation is in 
preparation. The salient features as set forth in last 
year’s report have not been changed in any important 
respect by the results of the past year. 

Because of the marked advances and changes in the 
light-alloy industry during the past few years, a con¬ 
tinuation of the program appeared extremely desirable 
and a series of tests of recently developed materials 
will be undertaken. Manufacturers have cooperated 
in furnishing typical new commercial materials, both 
aluminum-base and magnesium-base alloys, and the 
assembled exposure panels are being exposed to the 
weather at the same three locations as in the first tests. 
The exposed specimens are in two forms, bars machined 
to size and strips from which test specimens can be 
machined after corrosion. New and promising coat¬ 
ing methods are also represented in the test program. 
The list of materials includes 19 aluminum-base alloys 
and 9 magnesium-base alloys. Over 7,000 individual 
test specimens are included in the program. 

Protection of duralumin, anodic oxidation.—A tech¬ 
nical note was issued during the year summarizing the 
results of the study made of the anodic oxidation 
process as a preliminary basic treatment of aluminum 
alloys before coating them in any other way. It is 
entitled “Advantages of Oxide Films as Bases for 
Aluminum-Pigmented Coatings for Aluminum Alloys.” 

Further work has been carried out on the various 
methods used for anodic treatment. One of the meth¬ 
ods studied appears very promising and a patent to 
protect the Government’s interest is being considered. 
A study is being made of the various factors which may 
contribute to the limited life of the electrolytic baths 
used in the commercial process of anodic treatment. 
The progressively increasing inferior character of the 
treated surfaces resulting from changes in composition 
which tend to “build up” in the solution used in the 
process constitute a serious drawback to the use of 
this very important method for the protection of 
aluminum alloys. 

Exposure tests of magnesium and magnesium alloys.— 
Thirty-six months’ continuous exposure to the weather 
at the Bureau of Standards has resulted in no marked 
decrease in tensile properties of a series of magnesium 
alloys, although none of the coatings remained intact 
on the specimens for as long as 24 months. These re¬ 

sults for these materials in this location are in striking 
contrast to those obtained in the tropical location and 
it was considered especially desirable to include mag¬ 
nesium alloys in the new series of exposure tests for 
aluminum alloys. 

High-frequency endurance tests of light alloy sheet 
materials.—Experimental work on this subject was 
completed during the year. The results given in the 
last annual report for the materials in this investiga¬ 
tion may be accepted with confidence as the endurance 
limit of the various aluminum and magnesium alloys 
reported for the test conditions employed, that is, the 
high-frequency vibration of a strip maintained free 
from any constraint due to mechanical supports. No 
difference was found in the endurance limit of heat- 
treated duralumin sheet tested in the plain condition 
and after being given the anodic oxidation treatment. 
The value of 15,000 pounds per square inch was found 
in each case. 

There is some indication that slight atmospheric 
corrosive attack in this method of testing occurs simul¬ 
taneously with the stressing. This factor, however, 
influences all service results in like manner. This 
should be borne in mind in the interpretation and use 
of the values determined. A full report of the investi¬ 
gation is nearly ready. 

Identification of chromium-molybdenum steel.—A 
technical note entitled “Rapid Chemical Test for the 
Identification of Chromium-Molybdenum Aircraft 
Tubing” was issued during the year. The chemical 
test for molybdenum described is relatively simple and 
rapid and though not so simple as a “spot test” is the 
closest approach to this that has yet been developed. 

SUBCOMMITTEE ON AIRCRAFT STRUCTURES 

The subcommittee on aircraft structures is at present 
organized as follows: 

Starr Truscott, National Advisory Committee for 
Aeronautics, chairman. 

Lieut. C. E. Archer, United States Army. 
Capt. Howard Z. Bogert, United States Army, 

materiel division, Air Corps, Wright Field. 
C. P. Burgess, Bureau of Aeronautics, Navy 

Department. 
Richard C. Gazley, Aeronautics Branch, Depart¬ 

ment of Commerce. 
Charles Ward Hall, Hall-Aluminum Aircraft 

Corporation. 
Lieut. Lloyd Harrison (C. C.), United States 

Navy. 
George W. Lewis (ex officio member). 
Lieut. Commander R. D. MacCart (C. C.), 

United States Navy. 
Charles J. McCarthy, Chance Vought Corporation. 
Prof. J. S. Newell, Massachusetts Institute of 

Technology. 
Dr. L. B. Tuckerman, Bureau of Standards. 
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Airship girders and airship structural members.— 
The tests on small preformed wire terminal loops, made 
by the Goodyear-Zeppelin Corporation by the same 
method as was employed in making the loops for the 
ZRS-4 and ZRS-5, have been continued. The 
bending stresses have been measured on loops formed 
from wire of 0.092-inch diameter. Over 3,000 
measurements of curvature were made on specimens 
up to loads of 800 pounds, in which they were bent 
around pins equal in diameter to the forming pin to a 
grommet of the largest diameter which could be in¬ 
serted in the loop. When the loops were much larger 
than the largest grommet or were unsvmmetrical, 
tests were also made about a pin of as large size as 
could be inserted in the loop without deforming it. 
For these loops maximum-stress differences, calculated 
according to the Winkler curved-beam theory, of over 
900,000 and 1,500,000 pounds per square inch corre¬ 
sponding to 450 and 800 pounds load or 28 and 50 per 
cent of the specified breaking load of the wire, respec¬ 
tively, have been found in bending a loop nominally 
0.4-inch diameter about a pin 0.312-inch diameter. 

The investigation is proceeding in an attempt to 
confirm the existence of these high-computed stresses 
by independent methods. X-ray studies have been 
made of the wire by the Naval Research Laboratory. 
Stress-strain curves of the wire have been made by 
means of the Tuckerman optical strain gage. The 
residual stresses in the wire are being studied by suc¬ 
cessively removing segments of the wire and computing 
the residual stress from measurements of change in 
curvature. As these high-computed bending stresses 
suggest the possibility of failure in fatigue at relatively 
low loads, flexural fatigue tests are being made to 
determine a Goodman diagram which may furnish 
some criterion as to the extent of the extreme fiber 
stress which can be safely used. 

Specimens of the original German duralumin lattices 
and channels from the U. S. airship Los Angeles have 
been submitted at intervals throughout the year. 

The results of the tensile tests on the channel mate¬ 
rial do not suggest that there has been any appreciable 
progress in corrosion in the chord members of the 
airship during the year. No specimen was found 
which bad a tensile strength below design values. 

The samplings from the thin lattice material seem 
to indicate a definite but slow progress of the corrosive 
attack since the last sampling. However, no specimen 
was found in which the strength had diminished 
sufficiently to lessen the strength of the girders. 

A number of specimens of thin sheet Alclad, cut 
from the hull plating of the metal-clad airship MC-2, 
have been tested in tension. The specimens from the 
hull plating do not show a measurable deterioration as 
a result of corrosion. No hull specimens showed 
ultimate strengths of less than 54,800 pounds per 
square inch or elongations less than 15.5 per cent. 

Flat plates under normal pressure.—Forty-one rec¬ 
tangular plates of 17 ST aluminum alloy have been 
tested under normal pressure, ranging in size from 2.5 
by 2.5 to 7.5 by 7.5 inches and in thickness from 0.01 
to 0.10 inch. Only six of the plates were tested with 
supported edges while the rest had fixed edges, the 
second condition of edge restraint being preferred 
because it is more clearly defined and is also closer to 
that actually prevailing in the bottom sheeting of 
seaplane floats. 

Both the total deflection of the plates at the center 
and the permanent set at the center were plotted 
against the pressure for each plate, and it was observed 
that both curves approached straight lines for high 
pressure in all cases except those in which it was not 
possible to avoid slipping at the edges in spite of the 
use of knurled bars to hold down the plate. The inter¬ 
section of the straight-line asymptote of the permanent- 
set curve with the pressure axis was taken as a measure 
of the beginning of plastic yielding in the plate. 

A plot of this yielding pressure versus the ratio of 

h 
thickness to width, —, for square plates results in a 

£th 

single curve for the 2.5 by 2.5 and 5 by 5 inch plates; 
the points for the 7.5 by 7.5 inch plates fall on this 
curve except for the very thin plates, which show lower 
yielding pressures, possibly because of slipping at the 
edges. The yielding pressure reaches a minimum 
value of about 20 pounds per square inch for a ratio 

— = 0.000; yielding begins at a higher pressure for 

both thicker and thinner plates of the same size. It 
seems possible, therefore, to increase the strength of 
such a plate and at the same time save weight by 

decreasing its — ratio from 0.006 to, say, 0.003. This 
ZiQ/ 

peculiar property of the square plate with fixed edges 
was found in qualitative agreement with calculations 
based on FoeppPs theory of the plate of medium thick¬ 
ness. The quantitative agreement was poor, however. 

A detailed survey of the state of deformation in a 
5 by 5 by 0.02 inch duralumin plate with fixed edges has 
been made, a special device being used to measure 
deflections at points 0.05 inch apart and a 1-inch 
Tuckerman optical strain gage to measure the surface 
strains at various points on the plate as the pressure 
was increased from 0 to 60 pounds per square inch. 
The empirical data thus obtained will enable us to 
compute both the bending stresses and the median- 
plane tensile stresses developed in the plate, and 
may provide an empirical basis for testing the as¬ 
sumptions made in FoeppPs theory and for interpret¬ 
ing the curves of permanent set versus pressure so 

far obtained. 

Similar tests on rectangular plates of 18-8 stainless 
steel are being prepared. The tensile properties of 
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14 specimens, ranging in thickness from 0.011 to 
0.039 inch have already been obtained with a 2-inch 
Tuckerman optical strain gage. 

Strength of welded joints in tubular members for 
aircraft.—The welded joints of the second series of 
tests in this investigation have been completed and 
are now being tested. 

All the tubes and joints were inspected by passing 
a magnetic flux through the specimens and dusting 
them with a specially prepared iron powder, the 
technique developed by A. V. DeForest being used. 
The accumulation of the powder which clung to the 
edges of flaws and cracks showed defects which were 
not otherwise visible under careful visual inspection 
even with a hand lens. 

No difficulty was encountered in welding the joints 
made in chromium-molybdenum tubing of 1.5-inch 
outside diameter by. 0.058-inch wall. It was not 
found possible to avoid heat cracks in the thin-wall 
chromium-molybdenum tubing of 1.5-inch outside 
diameter by 0.020-inch wall in welding this tubing 
by the ordinary method using low-carbon welding rod. 
Numerous expedients were tried but without success. 
Finally a special technique which has recently been 
developed was used. This involves the use of a re¬ 
ducing flame and a special welding rod melting at a 
lower temperature than the base metal. No cracks 
could be found in any of the thin-wall tubes welded 

by this method. 
Inelastic behavior of duralumin and alloy steels in 

tension and compression.—The compression tests on 
short lengths of thin-wall channel and tubing have 
been continued. Even when buckling has been re¬ 
strained in the free length of the material, difficulty 
is still found in restraining the secondary buckling 
of the ends of the specimen adjacent to the heads 
of the testing machine. A large number of experiments 
have been carried out in an endeavor to prevent this, 
so far with only partial success. The compressive 
stress-strain curves so far obtained on these thin-wall 
shapes are therefore definitely affected by secondary 
stresses. Additional refinement in the technique of 
testing is expected to reduce these further. 

End fixation of struts.—The investigation has been 
continued with the testing of duralumin, of stainless 
steel, and of two more sizes of chromium-molybdenum 
tubes. A series of duralumin tubes 1.5 inches in 
diameter by 0.058 inch thick, covering the range 
from “short” columns to “long” columns, was tested, 
and check tests were made with tubes 2 inches in 
diameter by 0.058 inch thick and tubes 1 inch in 
diameter by 0.035 inch thick. Stainless-steel tubes 
having five different sizes of cross section and cover¬ 
ing the range from “short” to “long” columns were 
tested. Check tests were made of chromium-molyb¬ 
denum tubes 1.125 inches in diameter by 0.049 inch 
thick and 1 inch in diameter by 0.035 inch thick. 

In view of the applicability of the Consid^re- 
FJngesser theory to struts with elastically restrained 
ends, as found experimentally last year, the main 
body of the tests this year has been carried on with 
freely supported ends. In all cases, however, check 
tests have been made with restrained ends. It appears 
now that for practical purposes the strength of chro¬ 
mium-molybdenum steel and duralumin columns can 
be predicted by means of the Johnson parabola and 
the Euler hyperbola when the yield points, the moduli 
of elasticity, and the conditions at the ends are known. 
For some specimens of chromium-molybdenum tubing 
somewhat higher values have been previously found 
for columns in the transition region but the type of 
stress-strain curve which gives these higher values is 
not found in all the chromium-molybdenum tubing 
meeting present specifications. The work has not 
proceeded far enough to draw definite conclusions 
with respect to stainless-steel columns. 

Torsional strength of tubing.—Torsion tests have 
been completed on 60 chromium-molybdenum steel 
tubes, ranging in length from 19 to 60 inches, in out¬ 
side diameter from 0.75 to 2.5 inches, in thickness 
from 0.03 to 0.125 inch, and in diameter-thickness 
ratio from 12 to 74. 

There was a large scatter of values for the critical 
shearing stress, i. e., the shearing stress at which the 
tube failed by buckling. This scatter seemed to be 
related to the equally large scatter in the yield-point 
stress and ultimate strength in tension, as determined 
from tests on tensile specimens cut from the tubes. The 
results were therefore replotted in terms of the three 
dimensionless variables a, ju, A involving these proper¬ 

ties. a, n, A are defined as 

a = -\/dcy/(TY.p.) U^Dft5 A = cruitl<rY.p. 

where ay = critical shearing stress; 
aY.p.= yield-point stress in tension; 

Cm» = ultimate strength in tension; 
Z? = outside diameter of tube; 

tf = wall thickness of tube. 
The method of least squares was then used to fit an 
empirical relation as closely as possible to the observed 
points. The empirical formula 

a = 15.27 —1 + 0.981 

obtained in this way reduced the scatter from about 
30 per cent to around 10 per cent. From it a set of 
curves of critical torque T divided by aY. p. TT‘ versus 
D/t was computed for different values of A. From 
these curves it is easy to calculate the size of chromi¬ 
um-molybdenum steel required to transmit a given 
torque provided the yield point of the material and 
the ratio A of its ultimate strength to its yield point 
are known and provided the tube falls within the 
range of dimensions and of properties of those tested. 
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A report of this work has been written and will soon 
be ready for publication. 

Strength of riveted joints in aluminum, alloy.—This 
investigation was undertaken in cooperation with the 
National Advisory Committee for Aeronautics for the 
purpose of providing more fundamental and detailed 
data on the strength of riveted joints in thin alumi¬ 
num-alloy sheet than are now available. 

A program has been worked out for this investiga¬ 
tion, sheet and rivets have been purchased for making 
test specimens, and a number of testing fixtures are 
under construction in the shop. It. is expected that 
tests will be started in a short time. 

The first part of the investigation will be confined 
to static tests on single rivets. Later on it is hoped to 
extend the investigation to multiriveted joints and to 
joints under alternating stress. Plate thickness rang¬ 
ing from 0.010 inch to 0.125 inch and rivets from 0.0625 
inch to % inch in diameter in six head types will be 
used. 

The present program includes tests to determine 
the proper driving pressures, amount of upsetting pro¬ 
duced by driving, effect of amount of upsetting on the 
strength, allowable bearing and shearing stress in 
single shear and in double shear for a complete range of 
plate thickness and rivet diameters, effect of marginal 
distances on the strength of riveted and pinned joints, 
and tensile strength and frictional resistance of various 
head types. 

TEMPORARY SUBCOMMITTEE ON RESEARCH PROGRAM ON 
MONOCOQUE DESIGN 

The temporary subcommittee on research program 
on monocoque design is at present composed of the 
following members: 

George W. Lewis, National Advisory Committee 
for Aeronautics, chairman. 

Capt. Howard Z. Bogert, United States Army, 
materiel division, Air Corps, Wright Field. 

Richard C. Gazley, Aeronautics Branch, Depart¬ 
ment of Commerce. 

Eugene E. Lundquist, National Advisory Commit¬ 
tee for Aeronautics. 

Lieut. Commander R. D. MacCart (C. C.), 
United States Navy. 

Dr. L. B. Tuckerman, Bureau of Standards. 

Stressed-Skin Structures.—As a result of the 
present trend toward all-metal airplane construction 
the strength of stressed-skin, or monocoque, structures 
is being given, perhaps, more consideration and study 
by aeronautical engineers than any other single air¬ 
craft structural problem. Early studies made of the 
strength of stressed skins indicated that the highest 
strength-weight ratios would probably be obtained 
with corrugated material. Accordingly, a relatively 
large amount of test data were obtained on the 
strength of corrugated sheet by the Army Air Corps 
and others. However, the difficulties encountered in 

the fabrication of complete structures of corrugated 
material, the fact that corrugations stiffen the skit 
in one direction only, and the possibility of adversf 
aerodynamic effects from the use of corrugated skin; 
have caused designers who wish to employ the stressed, 
skin, or monocoque, type of construction to use, it 

many cases, smooth skin reinforced by longitudinal 
and transverse stiffeners. The efforts of the tempo- 
rary subcommittee on research program on monocoqu; 
design have therefore been directed toward studk 
which, it is hoped, will lead to rational methods o 
strength calculation for this type of structure. 

Research on thin-wall duralumin cylinders.—An in 
vestigation at the Langley Memorial Aeronautics 
Laboratory on thin-wall cylinders of duralumin k 
been completed, including tests on cylinders of differen 
radii and tests on elliptic cylinders in practically al \ 
of the conditions of loading, compression, torsioi < 
bending, and combined loading. Approximately 40 f 
specimens have been tested during the past year an- * 
the data are now being summarized in both curve am j 
equation form by nondimensional coefficients whici c 
should apply to all materials in the range of elasti r 
failure. A preliminary report on the strength of thii t 
wall cylinders in torsion (pure shear) has been put }] 
lished (Technical Note No. 427) and other reports at 0 
in preparation. p 

Besides providing data on the strength of tri 
monocoque fuselage specimens, perhaps the mo: 0 
valuable results of the investigation on thin-\n n 
cylinders are the data being obtained on the type( t] 
failure which occurs in unreinforced skin. Tl ci 
wrinkles form in regular patterns, diagonal folds ft n< 
shear and “diamonds" spaced in longitudinal an st 
circumferential rows for compression and bendift us 
As one of the objects of reinforcement is to pre?« st 
failure in the skin, the data obtained on the wrinklt re 
should be of great value in connection with the spacii d€ 
of longitudinal and transverse reinforcement to profit re 
maximum stiffening of the skin. re* 

Some of the general conclusions which have be* 
drawn from the results of this investigation are tin 
the length-radius ratio, in addition to the radii 
thickness ratio, is a very important factor in the deft 
mination of the shear strength of true monocot] 
fuselage specimens, but that it is not an imports! orf 
factor in the determination of the compressive 
bending strength; that workmanship in fabricate 
concentrations of stress, and eccentricity in the elf 
ments of the skin are all factors which affect the coi 
pressive and bending strength very appreciably; tl 
the stress developed on the extreme fiber in bendir 

as calculated by the ordinary theory of bending 
definitely greater than the stress developed in dir? 
compression; and that the bending strength of an 
liptic cylinder is very nearly equal to the bendi 

strength of the circumscribed cylinder of circulars 
tion with the same skin thickness. 
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Research on reinforced skin.—As a first study of the 
strength of skin in combination with stiffeners, a 
report is being prepared in which three methods of 
calculating the compressive strength of fiat sheet and 
stiffeners are compared. In this report it is concluded 
that a method based upon a mutual action of skin and 
stiffener gives the best general agreement between 
observed and predicted loads. Methods based on the 
assumption of only partial action of sheet and stiffener 
as a unit do not always give predicted loads that agree 
with loads observed in tests. Accordingly, restric¬ 
tions are given in the report which define the range of 
conditions over which these methods may be applied. 

Coordination oj research on stressed-skin structures. — 
One of the duties of the subcommittee on research 
program on monocoque design is to suggest problems 
and keep informed regarding research on stressed-skin 
structures in other than Government laboratories so 
that no unnecessary duplication of effort will result 
and to insure that all organizations will be working 
progressively toward the development of methods for 
designing, rationally if possible, stressed-skin, or 
monocoque, structures for aircraft. In this connec¬ 
tion several problems were recommended by the com¬ 
mittee during the past year for study in other lab¬ 
oratories and close contact has been maintained with 
these organizations. 

However, in an effort to insure that the data being 
obtained will be of fundamental and lasting value a 
memorandum is being prepared for circulation to 
these organizations in which special attention is 
called to the presentation of structural test data in 
nondimensional form correlated with the shape of the 
stress-strain curve for the material as well as with the 
usual material properties. Unless the shape of the 
stress-strain curve is taken into account and the 
results of tests reduced to nondimensional form, in¬ 
dependent of the materials used, there is little hope of 
reducing the large number of structural tests now 
required when a new material is adopted. 

SUBCOMMITTEE ON METHODS AND DEVICES FOK TESTING 
AIRCRAFT MATERIALS AND STRUCTURES 

The subcommittee on methods and devices for test¬ 
ing aircraft materials and structures is at present 
organized as follows: 

Henry J. E. Reid, Langley Memorial Aeronautical 
Laboratory, chairman. 

Capt. Howard Z. Bogert, United States Army, 
materiel division, Air Corps, Wright Field. 

Lieut. Lloyd Harrison (C. C.), United States 
i: Navy. 

George W. Lewis (ex officio member). 
f Eugene E. Lundquist, Langley Memorial Aero- 
i nautical Laboratory. 

R. L. Templin, Aluminum Company o^America. 
Dr. L. B. Tuckerman, Bureau of Standards. 

In the construction of aircraft of proved types and 
in the development of new types of construction, a 
large amount of testing is required to obtain quantita¬ 
tive data on the properties of materials and struc¬ 
tures, both for inspection and research purposes. The 
testing of aircraft materials and structures is therefore 
a subject of great importance. The accurate testing 
of materials and the study of the strength properties 
of structures require great care and an accurate knowl¬ 
edge of testing machines, devices, and methods. 
Many tests are worthless because the operator has 
used methods and equipment incapable of measuring 
the stress or strain accurately and oftentimes other 
factors unknown to the operator have existed and 
very seriously affected the results. While there are a 
great number of devices for use in testing materials 
and structures, many must be used with special pre¬ 
cautions and others are actually unsuited to the study 
of aircraft materials and structures. 

Because of this difficulty the subcommittee on 
methods and devices for testing aircraft materials and 
structures was established. Under the auspices of this 
new subcommittee, a survey has been made of the 
methods and devices now in use, including those used 
by the Army, Navy, Bureau of Standards, and a num¬ 
ber of aircraft manufacturers. It also includes infor¬ 
mation obtained from various European sources 
through the Paris office of the committee. A number 
of manufacturers of testing machines have been 
visited and the devices available studied and corre¬ 
lated with respect to their use in testing aircraft 
materials. The subcommittee has had one meeting to 
study this survey and especially to discuss the causes 
of errors in testing. The survey is now being organ¬ 
ized with a view to the publication of the information 
by the committee as a report or a series of reports 
dealing with certain phases of the testing of aircraft 
materials and structures. 

SUBCOMMITTEE ON MISCELLANEOUS MATERIALS 

The present organization of the subcommittee on 
miscellaneous materials is as follows: 

Charles II. Helms, National Advisory Committee 
for Aeronautics, chairman. 

Dr. W. Blum, Bureau of Standards. 
C. J. Cleary, materiel division, Army Air Corps, 

Wright Field. 
Warren E. Einley, Bureau of Standards. 
George W. Lewis (ex officio member). 
J. E. Sullivan, Bureau of Aeronautics, Navy 

Department. 
G. W. Trayer, Forest Products Laboratory. 
P. II. Walker, Bureau of Standards. 
G. P. Young, materiel division, Army Air Corps, 

Wright Field. 

Mercerization oj cotton for aeronautical uses.—A sys¬ 
tematic study of the mercerization of cotton yarn for 
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aeronautical uses, where maximum strength for a 

given weight is important, has been completed. This 

study demonstrated that the optimum conditions of 

mercerization for increasing the strength of yarns are 

different from those of ordinary commercial merceriza¬ 

tion, where improvement in luster is the primary 

object. The elongation of yarn mercerized for maxi¬ 

mum strength is usually low. It was found that the 

elongation can be increased by a second mercerization 

without tension. An increase of 50 per cent in 

strength with an elongation of 10 per cent at break 

was found to be possible. A detailed report has been 

prepared for publication. 

Substitute for silk cloth for parachutes.—The two 

cotton cloths of different construction which were 

finished commercially were not made into parachutes 

because the properties of the laboratory-finished 

cloths could not be duplicated satisfactorily on the 

commercial scale. 

In view of the promising performance of the para¬ 

chute made from K K cloth and in view of the objec¬ 

tion to the bulkiness of a parachute made from a 

2-ounce cotton cloth, experiments were undertaken to 

develop a cotton cloth for parachutes which would 

weigh 1.5 ounces per square yard and meet the air- 

permeability requirement, the strength and tear resist¬ 

ance to be as great as possible. Considerable progress 

has already been made. Sufficient cloth will be woven 

for a parachute which will be given performance tests 

in comparison with the standard parachute made from 

silk. 

Gas-cell fabric of high tear resistance and outer-cover 
cloth for airships.—The experimental weaving of fab¬ 

rics of high tear resistance has been completed. A 

2-ounce cloth was developed with a tear resistance 

twenty times that of the 2-ounce H H balloon cloth. 

Sufficient material of this and of three other cloths 

was woven for large-scale tests. It was submitted to 

the Bureau of Aeronautics, Navy Department, which 

is having it tested by the Goodyear-Zeppelin Corpora¬ 

tion. 

REPORT OF COMMITTEE ON PROBLEMS OF AIR 
NAVIGATION 

ORGANIZATION 

The committee on problems of air navigation is at 

present organized as follows: 

Hon. William P. MacCracken, jr., chairman. 

Dr. L. J. Briggs, Bureau of Standards. 

Lloyd Espenschied, American Telephone & Tele¬ 

graph Co. 

Maj. Gen. B. D. Foulois, United States Army, Air 

Corps, War Department. 

Paul Henderson, National Air Transport (Inc.). 

Capt. S. C. Hooper, United States Navy, director 

of naval communications, Navy Department. 

Dr. J. C. Hunsaker, Goodyear-Zeppelin Corpora¬ 

tion. 

George W. Lewis, National Advisory Committee 

for Aeronautics (ex officio member). 

Col. Charles A. Lindbergh. 

Dr. Charles F. Marvin, Weather Bureau. 

Lieut. J. P. W. Vest, United States Navy, Hydro, 

graphic Office, Navy Department. 

Hon. C. M. Young, Assistant Secretary of Com 

merce for Aeronautics. 

Under the committee on problems of air navigation 

there are organized two subcommittees, as follows: 

Subcommittee on instruments. 

Subcommittee on meteorological problems. 

SUBCOMMITTEE ON INSTRUMENTS 

The membership of the subcommittee on instn; 

ments is as follows: 

Dr. L. J. Briggs, Bureau of Standards, chairmai 

Marshall S. Boggs, Aeronautics Branch, Depan 

ment of Commerce. 

Dr. W. G. Brombacher, Bureau of Standards. 

C. H. Colvin, Society of Automotive Engineers, 

Capt. A. F. Hegenberger, United States Arid 

materiel division, Air Corps, Wright Field. 

Dr. A. W. Hull, General Electric Co. 

Carl W. Keuffel, Keuffel & Esser. 

George W. Lewis, National Advisory Commits 

for Aeronautics (ex officio member). 

Lieut. C. D. McAllister, United States Arm 

materiel division, Air Corps, Wright Field. 

H. J. E. Reid, National Advisory Committee ft 

Aeronautics. 

Lieut. L. D. Webb, United States Navy, Bures 

of Aeronautics, Navy Department. 

Investigations relating to the development of iiistr' 

ments for air navigation conducted under the cogi 

zance of the committee on aerodynamics are outlined 

the report of that committee. The work of other orga: 

izations, which are in the main represented on the sir 

committee on instruments, covers a wide field, to 

emphasis appears to have been upon the following: 

“Blind” flying instruments.—Blind or instrume 

flying appears to have definitely passed from the exps 

imental to the routine stage, marked by the adopti 

of regulations by the Aeronautics Branch of the I 

partment of Commerce requiring pilots flying airplaa 

engaged in scheduled operation of interstate transpt 

service to be proficient in blind flying and furtt 

requiring airplanes in that service to be equipped w' , 

suitable instruments for such flying. The airplai j 

must as a consequence be now equipped with » j 

following navigation instruments in addition to t ] 

magnetic compass: Gyroscopic artificial horizon, dir ( 

tional gyro, sensitive altimeter, turn and bank indi j 

tor, air-speed meter, and rate-of-climb indicator. j 

Of these instruments the artificial horizon, the dir< t 

tional gyro, and the sensitive altimeter have b \ 
improved during the past year in details rather ti v 

in fundamental design. Outstanding problems ' 
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yet entirely solved in connection with the operation of 
the artificial horizon and the directional gyro are those 
of a more suitable source of operating suction than the 
Venturi tube and an indicator of the proper speed of the 
gyroscope rotor. A number of organizations have 
developed vacuum pumps specifically for aircraft use, 
but the flow of air required for satisfactory operation 
under all conditions of use is not known. A number 
of tests have been made at the Bureau of Standards on 
the directional gyro with the main object of determin¬ 
ing the air flow required at various altitudes and 
temperatures. At a constant speed of the gyroscope 
rotor it was found that both the suction required and 
the mass flow of air increased linearly with the air 
pressure (decreased with altitude). The rates of 
change with air pressure are of large magnitude. 
Fortunately, however, constant speed is obtained with 
a constant-volume flow of air through the instrument, 
which flow is given by vane-type vacuum pumps driven 
at constant speed. As might readily be predicted, 
tests in the range from +30° to —5° C. show that the 
mass flow and the suction increase as the temperature 
decreases. Similar tests appear to be required on the 
artificial horizon before the capacity of the vacuum 
pumps can be properly specified. 

An ideal indicator which shows whether or not the 
gyroscopic instrument is functioning properly has not 
as yet been devised. Knowledge of the suction appears 
to be of doubtful value since it appears that in general 
the speed of the gyroscope rotor can not be maintained 
even approximately constant by maintaining a con¬ 
stant suction. 

“Blind'’ landing instrwnents.—The blind landing 
of aircraft is still in the experimental stage. The mate¬ 
riel division of the Army and the Aeronautics Branch 
of the Department of Commerce have further devel¬ 
oped their respective methods. Each involves the use 
of certain instruments essential in blind flying together 
with special radio equipment. 

Determination of 'position.—Progress continues to be 
made on the instruments and methods for determining 
the position of aircraft by dead reckoning and astro¬ 
nomical observations. The Hydrographic Office of the 
Navy has issued a volume entitled, “Dead Reckoning, 
Altitude, and Azimuth Table” (H. O. No. 211), in a 
further effort to simplify the method of position finding. 

The drift and ground-speed meter developed by 
Gatty has aroused interest in the development of such 
instruments. The following features have been stressed 
in most of the proposed instruments: (a) The ground 
must be viewed from the inside of the airplane; (6) the 
design must be simple. In each case the ground-speed 
indicators have been of the type in which a surface 
moving or rotating at constant or variable speed is 
used to neutralize the apparent motion of the ground 
below the aircraft. Devices with a constant speed, of 
which Gatty's instrument is an example, appear to be 

favored. It is, however, still debatable whether this 
type of instrument is superior to the wind-star method 
of determining ground sneed. 

Publications.—Three reports on instruments are 
being prepared at the Bureau of Standards for the 
National Advisory Committee for Aeronautics. These 
include (1) the present status of development of blind 
flying instruments, (2) altitude instruments, and (3) 
power-plant instruments. 

SUBCOMMITTEE ON METEOROLOGICAL PROBLEMS 

The subcommittee on meteorological problems is at 
present organized as follows: 

Dr. Charles F. Marvin, Weather Bureau, chair¬ 
man. 

W. R. Gregg, Weather Bureau. 
Dr. W. J. Humphreys, Weather Bureau. 
Dr. J. C. Hunsaker, Goodyear-Zeppelin Corpo¬ 

ration. 
George W. Lewis, National Advisory Committee 

for Aeronautics (ex officio member). 
Lieut. F. W. Reichelderfer, United States Navy, 

naval air station, Lakehurst. 
Dr. C. G. Rossby, Massachusetts Institute of 

Technology. 
Eugene Sibley, Aeronautics Branch, Department 

of Commerce. 
Capt. Alfred H. Thiessen, United States Army, 

Signal Corps, War Department. 
The subcommittee on meteorological problems has, 

during the past year, continued its investigations of 
wdnd gustiness and ice formation on aircraft. 

Wind gustiness.—Continuous records are being ob¬ 
tained with a magneto anemograph at the Weather 
Bureau's station at Akron, Ohio. During periods of 
unusual activity or special interest an open time scale 
is employed, in order that the structure of the wind 
may be studied in more detail than is possible with the 
standard slow time scale. It is planned, as opportunity 
offers and after a sufficient amount of data is available, 
to analyze the records and issue a report thereon. 

Important work on this subject is also being carried 
out by the department of engineering research of the 
University of Michigan, under the direction of Prof. 
R. H. Sherlock. The purpose of this investigation is to 
determine the wind forces acting against the poles and 
conductors of an electric line under storm conditions. 
Preliminary reports embodying some of the results 
have already appeared. The work is being continued, 
and more complete reports will be published later. 

At the Langley Memorial Aeronautical Laboratory 
two researches having a bearing on the study of the 
structure of the atmosphere have been in progress 
during the past year. One of these investigations 
concerns the effect of gusts on an airplane while landing. 
As a preliminary step, measurements of the wind 
have been made to determine the magnitude and 
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direction of the velocity at several altitudes up to 50 
feet. These variables have been recorded simultane¬ 
ously and continuously over periods of time represent¬ 
ing the time required for an airplane to pass through 
the last 50 feet of altitude before the landing. The 
measurements have now been carried out over a period 
of six months and include various representative 
wind conditions. 

The second investigation relates to the effect of 
gusts on the structural loads imposed on airplanes in 
flight. Accelerometers have been installed in a num¬ 
ber of transport airplanes operated on various airlines 
throughout the country. Records obtained from these 
instruments, which have been in use through all seasons 
of the year, have provided a considerable fund of 
statistical data on the magnitude of the loads imposed 
by gusts and the prevalence of gusty conditions in 
various localities. On the assumption that the accel¬ 
eration recorded is that resulting from a vertical current 
and that there is no velocity gradient between the air 
moving vertically and the still air, the information 
collected makes it possible to compute an “effective” 

velocity of the vertical current that is responsible for 
the acceleration recorded. Although the data thus 
far obtained are not considered complete, a probability 
curve of the “effective” velocity of vertical currents 
likely to be encountered in gusty air has been derived. 
This curve shows that vertical currents of a velocity 
of the order of 10 feet per second are likely to be 
encountered three hundred times in 100 hours of 
flying, and those of the order of 30 feet per second, 
which are the highest obtained, three times per 
hundred hours. It shows, also, that the vertical 
current is likely to have a downward direction as 
often as an upward direction. 

Ice formation on aircraft.—A considerable amount 
of information on this subject has been secured in 
connection with the Weather Bureau’s program of 
meteorological observations during airplane flights. 
The data have been summarized and useful conclusions 
have been drawn regarding the different types of 
deposit and the conditions most favorable for their 
formation. It is expected that this summary will be 
published by the committee in the near future. 



PART III 

TECHNICAL PUBLICATIONS OF THE COMMITTEE 

The National Advisory Committee for Aeronautics 

has issued technical publications during the past year 

covering a wide range of subjects. There are four 

series of publications, namely, technical reports, tech¬ 

nical notes, technical memorandums, and aircraft 

circulars. 

The technical reports present the residts of fun¬ 

damental research in aeronautics carried on in various 

laboratories in this country, public and private. In 

all cases the reports were recommended for publication 

by the technical subcommittees having cognizance of 

the investigations. During the past year 40 technical 

reports were submitted for publication. 

Technical notes present the results of short research 

investigations and the results of studies of specific 

detail problems which form parts of long investigations. 

The committee has issued during the past year, in 

mimeographed, form, 38 technical notes. 

Technical memorandums contain translations and 

reproductions of important foreign aeronautical arti¬ 

cles of a miscellaneous character. A total of 47 

technical memorandums was issued during the past 

year. 

Aircraft circulars contain translations of reproduc¬ 

tions of articles descriptive of new types of foreign 

aircraft. During the past year 20 aircraft circulars 

were issued. 

The committee recently issued a bibliography of 

aeronautics for the year 1930. It had previously issued 

bibliographies for the years since 1909. The bibliog¬ 

raphy for 1931 has been prepared but its printing has 

been postponed in the interest of economy. All issues 

of the Bibliography of Aeronautics to date were pre¬ 

pared by Paul Brockett. 

Summaries of the 40 technical reports and lists of the 

technical notes, technical memorandums, and aircraft 

circulars follow: 

SUMMARIES OF TECHNICAL REPORTS 

The first annual report of the National Advisory 

Committee for Aeronautics for the fiscal year 1915 

contained Technical Reports Nos. 1 to 7; the second 

annual report, Nos. 8 to 12; the third annual report, 

Nos. 13 to 23; the fourth annual report, Nos. 24 to 50; 

the fifth annual report, Nos. 51 to 82; the sixth annual 

report, Nos. 83 to 110; the seventh annual report, 

Nos. Ill to 132; the eighth annual report, Nos. 133 

to 158; the ninth annual report, Nos. 159 to 185; the 

tenth annual report, Nos. 186 to 209; the eleventh 

annual report, Nos. 210 to 232; the twelfth annual 

report, Nos. 233 to 256; the thirteenth annual report, 

Nos. 257 to 282; the fourteenth annual report, Nos. 

283 to 308; the fifteenth annual report, Nos. 309 to 

336; the sixteenth annual report, Nos. 337 to 364; the 

seventeenth annual report, Nos. 365 to 400; and since 

the preparation of the seventeenth annual report for 

the year 1931 the committee has authorized the pub¬ 

lication of the following technical reports, Nos. 401 to 

440: 

Report No. 401, entitled “Combustion in a High-Speed 

Compression-Ignition Engine,” by A. M. Rothrock, 

National Advisory Committee for Aeronautics. 

This investigation was undertaken to determine 

the factors which control the combustion in a high¬ 

speed compression-ignition engine. Indicator cards 

were taken with the Farnboro indicator and analyzed 

according to the tangent method devised by Schweit¬ 

zer. The analysis shows that in a quiescent combus¬ 

tion chamber increasing the time lag of auto-ignition 

increases the combustion efficiency of the engine and 

also increases the maximum rate of combustion. 

Increasing the maximum rate of combustion increases 

the tendency for detonation to occur. The results 

show that by increasing the air temperature during 

injection the start of combustion can be forced to take 

place during injection and so prevent detonation from 

occurring. It is shown that the rate of fuel injection 

does not in itself control the rate of combustion. 

Report No. 402, entitled “Effect of Orifice Length- 

Diameter Ratio on Fuel Sprays for Compression- 

Ignition Engines,” by A. G. Gelalles, National 

Advisory Committee for Aeronautics. 

Experimental results on the effect of the length- 

diameter ratio of the orifice on the spray character¬ 

istics, together with a brief analysis of the factors 

affecting these characteristics, are presented in this 

report. The length-diameter ratios tested ranged from 

0.5 to 10; the orifice diameters from 0.008 to 0.040 

inch; and the injection pressures from 2,000 to 8,000 

pounds per square inch. The density of the air into 

which the fuel was discharged was varied from 0.38 to 

1.35 pounds per cubic foot. 

When a plain stem was used in the injection valve 

and the length-diameter ratio of the orifice was in¬ 

creased from 0.5 to 10, the rate of spray-tip penetra¬ 

tion at first decreased and reached a minimum be¬ 

tween the ratios of 1.5 and 2.5; then reached amaximuin 
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between the ratios of 4 and 6; and decreased again as 
the ratio was increased to 10. The exact position of 
the maximum and minimum points depended upon the 
orifice diameter. The spray cone angle was affected 
very little by the variation of either the diameter of 
the orifice or the length-diameter ratio tested at ratios 

greater than 4. 
With a helically grooved stem in the injection valve 

the ratios at which the highest penetration occurred 
varied between 5 and 7. The spray cone angle in¬ 
creased with the ratio of the orifice area to groove area. 

Report No. 408, entitled “Ice Prevention on Aircraft 
by Means of Engine Exhaust Heat and a Technical 
Study of Heat Transmission from a Clark Y Airfoil,” 
by Theodore Theodorsen and William C. Clay, 
National Advisory Committee for Aeronautics. 

This investigation was conducted to study the prac¬ 
ticability of employing heat as a means of preventing 
the formation of ice on airplane wings. The report 
relates essentially to technical problems regarding the 
extraction of heat from the exhaust gases and its proper 
distribution over the exposed surfaces. In this con¬ 
nection a separate study has been made to determine 
the variation of the coefficient of heat transmission 
along the chord of a Clark Y airfoil. 

A study of the heat transmission from the airfoil 
reveals that the local transmission is very high at the 
leading edge and that it decreases rapidly to a minimum 
value at a point located about 30 per cent back along 

the chord. 
Experiments on ice prevention both in the labora¬ 

tory and in flight show conclusively that it is necessary 
to heat only the front portion of the wing surface to 

effect complete prevention. 
The marked variation in the heat transmission over 

the front portion of the wing makes the problem of an 
efficient heat-distributing system a matter of some 
technical difficulty. The actual quantity of heat 
needed for ice prevention is, however, sarprisingly 
small, being in the order of one-tenth of that available 

in the engine exhaust gases. 
The relative merits of various methods of ice pre¬ 

vention by means of heat are analyzed with the result 
that a vapor system is found to offer the most satis¬ 
factory solution, especially for airplanes which are not 
constructed entirely of metal. In “all metal” designs 
it may be entirely practicable to employ a direct 
exhaust-heating system. 

Experiments in flight show that a vapor-heating 
system which extracts heat from the exhaust and dis¬ 
tributes it to the wings is an entirely practical and 
efficient method for preventing ice formation. 

A narrow slot on the upper surface located about 
one-tenth of the chord length from the leading edge is 
employed in these tests for the purpose of collecting 
the water which would otherwise blow back and freeze 

aft of the heated leading edge. The tests seem to 
indicate, however, that this slot may not be essential. 

Report No. 404> entitled “The Effect of Increased Car¬ 
buretor Pressure on Engine Performance at Several 
Compression Ratios,” by Oscar W. Schey and Vern 
G. Rollin, National Advisory Committee for Aero¬ 
nautics. 

The object of this investigation was to determine the 
effect of increasing the carburetor pressures from 30 to 
40 inches of mercuryq at compression ratios from 3.5 
to 7.5, on the power, on the maximum cylinder pres¬ 
sures, on the fuel consumption, and on the other per¬ 
formance characteristics of an engine. The tests were 
conducted on the N. A. C. A. single-cylinder universal 
test engine. A Roots-type aircraft-engine super¬ 
charger was used to maintain the desired carburetor 

pressure. 
The results of these tests show: That the decrease in 

brake thermal efficiency with boosting is negligible; 
that the power increases with boosting much more 
than the losses to the cooling water increase; that a 
large increase in power can be obtained with com¬ 
paratively small increase in maximum cylinder pres¬ 
sures; and that it is advisable to supercharge an engine 
of highest practicable compression ratio consistent 
with the degree of supercharging desired and the non¬ 
detonating quality of the fuel used because the power 
increase will be greater, the exhaust gas temperatures 
will be lower, and the power required by the super¬ 
charger to maintain the same pressure at the carburetor 

will be less. 

Report No. 405, entitled “Application of Practical 
Hydrodynamics to Airship Design,” by Ralph II. 
Upson, University of Michigan, and W. A. Klikoff, 
Aircraft Development Corporation. 

The design of a large high-speed airship is primarily , 
a structural problem, in which the most important 
stresses are those due, directly or indirectly, to aero¬ 
dynamic forces on the surface of the hull. The force 
on any small element of the surface is most conven¬ 
iently divided into two components, respectively tan¬ 
gent and normal to the surface. The tangent or skin- 
friction forces are so small per unit area that they are 
structurally almost negligible compared with the nor¬ 
mal forces; yet their total integrated resultant is re¬ 
sponsible for almost the entire drag of the hull, whereas: 
the normal components of pressure are so nearly bal¬ 
anced over a good hull that their net resultant is prac¬ 
tically zero. The interreaction of these very substan¬ 
tial forces is, of course, through the medium of stresses 
in the hull, and in combination with fin and inertia 
forces they are essential not only from a structural 
standpoint but also in the consideration of stability 
and control. The distribution of velocity and skin 
friction can also be indirectly determined from the 

’ 
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normal force distribution. An accurate determination 
of the latter and its effects is therefore of the very first 

importance. 
The pressure on ellipsoidal shapes is presented first 

in Part I as a foundation for more generalized formu¬ 
las. Although any ellipsoid is susceptible of accurate 
mathematical treatment, only the case of a prolate 
spheroid with circular cross section is investigated 
here because of its approximation to airship hulls. 

Part II deals with important adaptations of the 
ellipsoidal formulas, and other hydrodynamic relations 
to any airship hull, with particular reference to struc¬ 

tural requirements. 
In Part III the theoretical results are applied to the 

practical computation of airship stability, and rela¬ 
tions established which can be evaluated from simple 

wind-tunnel tests. 
In Part IV the same fundamentals are used in the 

determination of viscous forces, leading to an improved 
classification of airship drag, and a new outlook on 

drag generally. 
Examples of practical airship characteristics are em¬ 

ployed throughout. 

Report ATo. 406, entitled “Drop and Flight Tests on 
NY-2 Landing Gears Including Measurements of 
Vertical Velocities at Landing,” by W. C. Peck and 
A. P. Beard, National Advisory Committee for Aero¬ 

nautics. 

This investigation was conducted to obtain quanti¬ 
tative information on the effectiveness of three land¬ 
ing gears for the NY-2 (Consolidated training) air¬ 
plane. The investigation consisted of static, drop, and 
flight tests on landing gears of the oleo-rubber-disk 
and the mercury rubber-cord types, and flight tests 
only on a landing gear of the conventional split-axle 

rubber-cord type. 
The results show that the oleo gear is the most 

effective of the three landing gears in minimizing im¬ 
pact forces and in dissipating the energy taken. The 
flight results indicate that in pancake landings with a 
vertical velocity at contact of 8 feet per second the 
maximum accelerations experienced are approximately 
3.2g, 4.9g, and 4.4g with the oleo, the mercury, and 
the split-axle rubber-cord gears, respectively. 

The results show also that, in the good landings, 
larger impact forces were experienced subsequent to 
contact (generally less than 2.8g) than experienced at 

contact (generally less than 2.0g). 
The oleo landing gear permitted severe landings to 

be made without violent rebound, but the mercury 
and the split-axle rubber-cord gears caused very vio¬ 

lent and dangerous rebounds. 
A comparison of the results of the drop tests, based 

upon equal heights of free drops, does not show the 
relative merits of the landing gears as realized in 
flight tests. However, a comparison made upon a 
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basis of equal heights of total drop (free drop plus ver¬ 
tical movement of the load during the initial stroke of 
the landing gear) is indicative of them. 

Report No. 407, entitled “The Characteristics of a 
Clark Y Wing Model Equipped with Several Forms 
of Low-Drag Fixed Slots,” by Fred E. Weick and 
Carl J. Wenzinger, National Advisory Committee 

for Aeronautics. 

This investigation was undertaken to develop a low- 
drag fixed slot for an airplane wing which would avoid 
the complications and maintenance difficulties ol the 
present movable-type Handley Page slot. Tests were 
conducted on a series of fixed slots in an attempt to 
reduce the minimum drag coefficient without decreas¬ 
ing the maximum lift coefficient or the stalling angle 

of the slotted wing. The tests were made in the 
N. A. C. A. 5-foot vertical wind tunnel on a Clark Y 
basic section having a 10-incli chord. 

The best combination of wing and fixed slot that 
was developed had a maximum lift coefficient of 1.751, 
which was 34.6 per cent higher than that of the plain 
wing. The angle of attack for maximum lift was 
raised 9°, from 15° for the plain wing to 24° for the 
slotted wing. The minimum drag of the wing with 
fixed slot was increased 52.6 per cent above that of the 
plain wing, or a value about 38.8 per cent above that 
for a slotted wing with the movable slot closed. Fixed 
slots might also be used at the tips of the wings only, 
in which case the total drag of an average airplane 
would be increased very slightly, causing a loss in 
high speed of only 1 or 2 miles per hour. 

Report No. 408, entitled “General Formulas and Charts 
for the Calculation of Airplane Performance,” by 
W. Bailey Oswald, California Institute of Tech¬ 

nology. 

In this report the general formulas for the deter¬ 
mination of all major airplane performance character¬ 
istics are developed. A rigorous analysis is used, 
making no assumption regarding the attitude of the 
airplane at which maximum rate of climb occurs, but 
finding the attitude at which the excess thrust horse¬ 

power is maximum. 
The characteristics of performance are given in 

terms of the three fundamental parameters \p, Xs, aqd 
\t, or their engineering alternatives lp, ls, and lt, where 

Xpoc/p = parasite loading. 
\sccls = effective span loading. 
\lodt = thrust horsepower loading. 

These combine into a new parameter of fundamental 

importance which has the alternative forms: 

A correction is made for the variation of parasite 
resistance with angle of attack and for the nonellip- 
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tical wing loading by including in the induced drag 
term a factor e, called the “airplane efficiency factor.” 
The correction is thus assumed proportional to CL2. 

A comprehensive study of full-scale data for use 
in the formulas is made. Using the results of this 
investigation, a series of performance charts is drawn 
for airplanes equipped with modern unsupercharged 
engines and fixed-pitch metal propellers. 

Equations and charts are developed which show the 
variation of performance due to a change in any of the 

customary design parameters. 
Performance determination by use of the formulas 

and charts is rapid and explicit. The results obtained 
by this performance method have been found to give 
agreement with flight test that is, in general, equal or 
superior to results obtained b}7 present commonly 

used methods. 

Report No. 409, entitled “The Elimination of Fire Haz¬ 
ard Due to Back Fires,” by Theodore Theodorsen 
and Ira M. Freeman, National Advisory Committee 
for Aeronautics. 

A critical study was made of the operation of a 
type of back-fire arrestor used to reduce the fire haz¬ 

ard in aircraft engines. 
A flame arrestor consisting of a pack or plug of 

alternate flat and corrugated plates of thin metal was 
installed in the intake pipe of a gasoline engine; an 
auxiliary spark plug inserted in the intake manifold 
permitted the production of artificial back fires at 

will. 
It was found possible to design a plug which pre¬ 

vented all back fires from reaching the carburetor. 
Analysis of the heat-transfer phenomena in the ar¬ 

restor shows (a) that the length-diameter ratio of the 
individual passages is of first importance in determin¬ 
ing the effectiveness of the device, (6) that the plug 
need not be heavy, and (c) that the thermal conduc¬ 
tivity of the material of which it is made is only of 

secondary influence. 
Measurements of the pressure drop across the 

adopted model show that the increase of engine¬ 
pumping loss caused by the presence of the arrestor is 
quite negligible; the reduction in volumetric efficiency 

amounts to a few per cent. 

Report No. 410, entitled “The Theory of Wind- 
Tunnel Wall Interference,” by Theodore Theo¬ 
dorsen, National Advisory Committee for Aero¬ 

nautics. 

This report outlines the development of a general 
theory for the calculation of the effect of the boundaries 
of the air stream on the flow past an airfoil. An 
analytical treatment of the conventional closed and 
open jet types of rectangular wind tunnels disclosed 
the possibility of devising three distinctly new types: 
Tunnels with horizontal boundaries only, with vertical 

boundaries only, and with a bottom boundary only. 
Formulas are developed for the tunnel-wall inter¬ 
ference in each case for an airfoil located at the center 
of the tunnel. The correction is given as a function 
of the width to height ratio of the tunnel. The 
formulas are exact for infinitely small airfoils only, 
but give good approximations for spans up to about 
three-quarters of the tunnel width. 

The surprising result is obtained that the three last- 
mentioned nonconventional types of wind tunnels all 
are superior to the conventional open or closed tunnels 
as regards wall interference. It is possible to design 
two distinct types of semiclosed wind tunnels having 
no wall interference; namely, a square tunnel with 
horizontal boundaries and no side walls, and a rec¬ 
tangular type of a width to height ratio of slightly less 
than 2 :1 equipped with vertical boundaries only. 

The author goes on to show that instabilities in the 
flow may occur for the free-jet and the open-bottom 
type tunnels, impairing the predictability of the tunnel- 
wall corrections. A tunnel with a jet free on three 
sides and restricted only by a lower horizontal bound¬ 
ary extending along the test section from the entrance 
to the exit cone, is finally recommended as the most 
promising choice. The correction for this type is from 
five to eight times smaller than that of the correspond¬ 

ing free-jet type. 

Report No. 411, entitled “Theory of Wing Sections of 
Arbitrary Shape,” by Theodore Theodorsen, Na¬ 
tional Advisory Committee for Aeronautics. 

This report presents a solution of the problem of the 
theoretical flow of a frictionless incompressible fluid 
past airfoils of arbitrary forms. The velocity of the 
2-dimensional flow is explicitly expressed for any point 
at the surface, and for any orientation, by an exact 
expression containing a number of parameters which 
are functions of the form only and which may be 
evaluated by convenient graphical methods. The 
method is particularly simple and convenient for 
bodies of stream-line form. The results have been 
applied to typical airfoils and compared with experi¬ 

mental data. 

Report No. 412, entitled “The 7 by 10 Foot Wind 
Tunnel of the National Advisory Committee for 
Aeronautics,” by Thomas A. Harris, National 
Advisory Committee for Aeronautics. 

This report described the committee’s 7 by 10 foot 
wind tunnel and associated apparatus. Included also 
are calibration-test results and characteristic test data 
of both static force tests and autorotation tests made 

in the tunnel. 
The tunnel air flow is satisfactory. The velocity, 

at the model location, is uniform within ± 0.2 per cent 
and the air flow direction is parallel to the axis of the 

jet within ±0.3°. 
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The tunnel is equipped with a 6-component indicat¬ 
ing balance, on which the three forces and three 
moments may be measured directly and independently. 
All tests are made at the same dynamic pressure on 
models having the same area and aspect ratio. By 
this arrangement, the results are obtained in coeffi¬ 
cient form and very little time is required to reduce 
the test data. 

The balance may also be used for making stable 
autorotation tests or for measuring the rolling moment 
due to roll. In such cases the force-test model sup¬ 
port is replaced by one designed for rotation tests. 

Report AJo. J+13, entitled “A Method for Computing 
Leading-Edge Loads,” by Richard V. Rhode and 
Henry A. Pearson, National Advisory Committee 
for Aeronautics. 

In this report a formula is developed that enables 
the determination of the proper design load for the 
portion of the wing forward of the front spar. The 
formula is inherently rational in concept, as it takes 
into account the most important variables that affect 
the leading-edge load, although theoretical rigor has 
been sacrificed for simplicity and ease of application. 
Some empirical corrections, based on pressure distribu¬ 
tion measurements on the PW-9 and M-3 airplanes, 
have been introduced to provide properly for biplanes. 

Results from the formula check experimental values 
in a variety of cases with good accuracy in the critical 
loading conditions. The use of the method for design 
purposes is therefore felt to be justified and is recom¬ 
mended. 

Report No. 414, entitled “The Effect on Airplane 
Performance of the Factors That Must Be Con¬ 
sidered in Applying Low-Drag Cowling to Radial 
Engines,” by William H. McAvoy, Oscar W. Schey, 
and Alfred W. Young, National Advisory Committee 
for Aeronautics. 

This report presents the results of flight tests with 
three different airplanes using several types of low- 
drag cowling for radial air-cooled engines. The greater 
part of the tests were made with a Curtiss XF7C-1 
(Sea Hawk) with a 410-liorsepower Wasp engine, using 
three fuselage nose shapes and six types of outer 
cowling. The six cowlings were: A narrow ring, a 
wide ring, a wide cowling similar to the original 
N. A. C. A. cowling, a thick ring incorporating an 
exhaust collector, a single-surface cowling shaped like 
the outer surface of the exhaust-collector cowling, and a 
polygon-ring cowling, of which the angle of the straight 
sections with the thrust line could be varied over a 
wide range. 

The high speed in level flight was determined by 
means of timed runs over a measured course. Ten- 
minute full-throttle climbs were made for several of the 

cowling conditions. Temperatures at 18 points on the 
engine cylinders were measured for a large number of 
climbs and level flights. Photographs showing the 
pilot’s field of vision were taken for several cowling 
conditions. 

The addition of outer cowlings to the XF7C-1 
resulted in speed increases of from 6 to 20 miles per 
hour, depending upon the type of cowling and the fuse¬ 
lage shape. The narrow-ring cowling gave the least 
increase in speed and the single-surface cowling the 
greatest. A reasonably wide cowling with its leading 
edge behind the front plane of the engine cylinders 
gave the best performance of the plain-ring types of 
cowling. The optimum range for the angle of the 
cowling section with the thrust line was only 3° or 4°; 
the position of the range was dependent upon the shape 
of the fuselage and the shape and location of the cowl¬ 
ing section. In general the engine temperatures 
increased as the high speed was increased, both of 
these effects being directly contributed to by reductions 
in the amount of air flowing past the cylinders. The 
use of cowlings had very little effect upon the perform¬ 
ance in climb. 

Less extensive tests were made on a Nought 02U-1 
(Corsair) and a Fairchild FC2W-2 with some of the 
same cowlings used on the XF7C-1. Only the high 
speed of these airplanes was determined, to furnish a 
check on the effect of cowlings with different types of 
airplanes. 

Report No. J+15, entitled “Tests of Nacelle-Propeller 
Combinations in Various Positions with Reference 
to Wings. Part I. Thick Wing—N. A. C. A. 
Cowled Nacelle—Tractor Propeller,” b}7 Donald H. 
Wood, National Advisory Committee for Aero¬ 
nautics. 

This report gives the results obtained in the com¬ 
mittee’s 20-foot propeller-research tunnel on the inter¬ 
ference drag and propulsive efficiency of a nacelle- 
propeller combination located in 21 positions with 
reference to a thick wing. 

The wing had a 5-foot chord, a 15-foot span, and 
a maximum thickness of 20 per cent of the chord. 
The engine was a 4/9-scale model of a Wright J-5 
radial air-cooled engine and was installed in a nacelle 
with a cowling of the N. A. C. A. type. The propeller 
was a 4-foot-diameter model of the standard Navy 
adjustable-pitch metal propeller No. 4412. 

The lift, drag, and propulsive efficiency were 
obtained at several angles of attack for each of the 21 
locations. A net efficiency was derived for determin¬ 
ing the over-all effectiveness of each nacelle location. 

Best results were obtained with the propeller about 
25 per cent of the chord directly ahead of the leading 
edge. A location immediately above or below the 
wing near the leading edge was very poor. 
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Report No. J/6>, entitled “The N. A. C. A. Variable- 
Density Wind Tunnel/’ by Eastman N. Jacobs and 
Ira H. Abbott, National Advisory Committee for 
Aeronautics. 

This report describes the committee’s redesigned 
variable-density wind tunnel; it supersedes a previous 
report that described the original tunnel. The opera¬ 
tion of the balance and the method of testing are 
explained and the method of correcting and presenting 
airfoil data is described. A summary of the formulas 
for predicting the characteristics of finite wings from 
the airfoil section data as they are usually presented 
is also given. 

Report No. 417, entitled “Pressure Distribution Tests 
on a Series of Clark Y Biplane Cellules with Special 
Reference to Stability,” by Richard W. Noyes, 
National Advisory Committee for Aeronautics. 

The pressure-distribution data discussed in this 
report represent the results of part of an investigation 
on the factors affecting the aerodynamic safety of air¬ 
planes. These tests were made on semispan, circular- 
tip Clark Y airfoil models mounted in the conven¬ 
tional manner on a separation plane. Pressure read¬ 
ings were made simultaneously at all test orifices at 
each of 20 angles of attack between —8° and +90°. 

The results of the tests on each wing arrangement 
are compared on the bases of maximum normal force 
coefficient, lateral stability at a low rate of roll, 
and relative longitudinal stability. Tabular data are 
also presented giving the center-of-pressure location of 

each wing. 
The principal conclusions drawn from the results of 

these tests may be summarized as follows: 
1. No biplane arrangement investigated has as 

high a value of maximum normal force coefficient as the 
monoplane, although the value for the cellule having 
50 per cent positive stagger and 3° positive decalage 
(the lower wing at a higher angle of attack than the 

upper) is only 3 per cent less. 
2. Unstable rolling moments due to a low rate of 

roll are generally decreased by the use of a gap-chord 
ratio of less than 1.0 positive stagger alone, or positive 
stagger and negative decalage. 

3. Combined positive stagger and negative decalage 
show the greatest relative longitudinal stability below 

the stall. 

Report No. entitled “Preliminary Investigation of 
Modifications to Conventional Airplanes to Give 
Nonstalling and Short-Landing Characteristics,” 
by Fred E. Weick, National Advisory Committee 

for Aeronautics. 

This report describes flight and landing tests made 
on a group of conventional airplanes at the committee’s 
laboratory. The upward deflection of the elevators 
was limited to the point where the airplanes could not 

be made to spin without the aid of power. With the 
elevator travel thus limited, the airplane in every case 
had good lateral stability and good aileron effectiveness 
up to the highest angles of attack which could be ob¬ 
tained in a glide, although this was not true in any case 
without the limited control. All ordinary flight 
maneuvers could be performed with the elevator dis¬ 
placement limited, but usually there was not sufficient 
control to get the tail down for a normal 3-point 
landing. 

In order to investigate the feasibility of making 
landings by gliding straight to the ground with the 
full but limited amount of tail-depressing longitudinal 
control in use, glides were made and the vertical veloci¬ 
ties measured. These were found to range from 12 
to 24 feet per second for the various airplanes tested; 
and since the lateral stability and control in the glides 
with the control sticks full back to the limited positions 
were satisfactory, it seemed that landings could be 
satisfactorily made in this manner if reasonably long- 
stroke shock-absorbing landing gears were provided. 
In addition, a comparison was made between the 
computed distance required to glide in this manner 
over an average obstruction and alight upon the ground 
and the distance required for the shortest conventional 
type landing. For this purpose both medium and 
short conventional landings wnre measured with all 
the airplanes tested, and the comparisons indicated 
that much shorter landings could be made by gliding 
straight in with the stick full back to the limited 
position. 

As this type of landing seemed to have several ad¬ 
vantages, one of the airplanes (the Verville AT) was 
fitted with long-travel shock-absorber struts and actual 
landing tests were made in which the distances, as 
well as the accelerations upon contact with the ground, 
were measured. The glide landings with the control 
stick full back to the limited position were satisfactory, 
the landing runs as well as the air distances being 
substantially shorter than the shortest present-day 
conventional landings. Other landings made by 
gliding straight in at higher air speeds, and landings 
in which the flight paths were somewhat leveled 
off just before contact were also satisfactorily per¬ 
formed. The various landing tests showed that with 
the airplane as modified a safe landing is made in 
smooth air almost regardless of the manner in which the 
airplane is brought to the ground, as long as the air 
speed is held to within about 15 miles per hour of the 
minimum, the wings are held level laterally, and the 
controls are not used violently. In gusty air other 
factors are encountered which complicate the problem, 
and this condition is being studied further. 

After it had been determined that satisfactory 
landings could be made, more detailed flight tests were 
made on this airplane with the elevator deflection 
limited. These showed that the control limitation did 
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not appreciably affect the ability to perform acrobatic 
or ordinary maneuvers in flight, and that the airplane 
could be satisfactorily maneuvered in turns during 
glides with the stick full back to the limited position. 

Report No. 419, entitled “Wind-Tunnel Research 
Comparing Lateral Control Devices, Particularly 
at High Angles of Attack. I—Ordinary Ailerons 
on Rectangular Wings, ” by Fred E. Weick and Carl 
J. Wenzinger, National Advisory Committee for 

Aeronautics. 

This report is the first of a series in which it is in¬ 
tended to compare the relative merits of all ordinary 
and some special forms of ailerons and other lateral 
control devices in regard to their effect on lateral con¬ 
trollability, lateral stability, and airplane performance. 
The comparisons are based on wind-tunnel test data, 
all the control devices being fitted to model wings 
having the same span, area, and airfoil section, and 
being subjected to the same series of force and rotation 

tests. 
In this particular report the results are given for 

ordinary ailerons of three different sizes. The medium- 
size ailerons, which with equal upward and downward 
deflection are used as a standard for comparison, had a 
chord 25 per cent of the wing chord and a span 40 per 
cent of the semispan of the wing. Of the other two 
sizes, one was long and narrow and the other short and 
wide. The results are given for 5 different aileron 
movements: 1 with equal up-and-down deflection, 1 
with average and 1 with extreme differential motion, 1 
with upward deflection only, and 1 with the ailerons 

arranged to float with respect to the wing. 
The results showed that although the ailerons of 

medium size with either the equal up-and-down or the 
commonly used differential motions gave very unsatis¬ 
factory control above the stall, satisfactory control was 
obtained with the short, wide ailerons with upward de¬ 
flection only, and was closely approached by the same 
ailerons with extreme differential motion. The short, 
wide and the medium ailerons with upward deflection 
only also gave powerful yawing moments which at all 
angles of attack would aid the rolling, although with 
small deflections above the stall slight adverse yawing 
moments occurred. The only ailerons which gave no 
adverse yawing moments at any deflection or angle of 
attack were the short, wide ones arranged to float. 

Report No. 420, entitled “Aircraft Speed Instruments,” 
by K. Hilding Beij, Bureau of Standards. 

This report presents a concise survey of the measure¬ 
ment of air speed and ground speed on board aircraft. 
Special attention is paid to the Pitot-static air-speed 
meter which is the standard in the United States for 
airplanes. Air-speed meters of the rotating-vane tjTpe 
are also discussed in considerable detail on account of 
their value as flight-test instruments and as service 

instruments for airships. Methods of ground-speed 
measurement are treated briefly, with references to thd 
more important instruments. A bibliography on air¬ 

speed measurement concludes the report. 

Report No. 421, entitled “Measurement of the Differ¬ 
ential and Total Thrust and Torque of SLx Full- 
Scale Adjustable-Pitch Propellers,” by George W. 
Stickle, National Advisory Committee for Aero¬ 

nautics. 

Force measurements giving total thrust and torque, 
and propeller slipstream surveys giving differential 
thrust and torque were simultaneously made on each 
of six full-scale propellers in the committee’s 20-foot 
propeller-research tunnel. They were adjustable- 
pitch metal propellers 9.5 feet in diameter; three had 
modified Clark Y blade sections and three had modi¬ 
fied R. A. F. 6 blade sections. This report gives the 
differential thrust and torque and the variation caused 
by changing the propeller tip speed V/nD, and the 
pitch setting. The total thrust and torque obtained 
from integration of the thrust and torque distribution 
curves are compared with those obtained by direct 

force measurements. 
In the above comparison the torques measured by the 

two methods were directly comparable but the thrusts 
derived from the slipstream survey differed from those 
obtained from the force measurements by two factors, 
the drag of the hub and the increase of body drag due 
to the slipstream. Since single values of two coeffi¬ 
cients used to obtain the factors brought all the thrust 
curves measured by the two methods into very good 
agreement, it is believed that the factors represent 
accurately the drag of the hub and the increase of body 

drag due to the slipstream. 

Report No. 422, entitled “Wind-Tunnel Research Com¬ 
paring Lateral Control Devices, Particularly at High 
Angles of Attack. II—Slotted Ailerons and Frise 
Ailerons,” by Fred E. Weick and Richard W. Noyes, 
National Advisory Committee for Aeronautics. 

Three model wings, two with typical slotted ailerons 
and one with typical Frise ailerons, have been tested as 
part of a general investigation on lateral control de¬ 
vices, with particular reference to their effectiveness 
at high angles of attack, in the committee’s 7 by 10 foot 
wind tunnel. Force tests, free-autorotation tests, and 
forced-rotation tests were made which show the effect 
of the various ailerons on the general performance of 
the wing, on the lateral controllability, and on the 
lateral stability. In general, the slotted and Frise 
ailerons tested were inferior in rolling control at 20° 
angle of attack to plain ailerons of the same size. The 
adverse yawing moments obtained with the slotted and 
Frise ailerons were, in most cases, slightly smaller than 
those obtained with plain ailerons of the same size and 
deflection. However, this improvement was small as 
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compared to the improvement obtainable by the use of 
suitable differential movements with any of the aile¬ 
rons, including the plain. 

Report No. 423, entitled “Wind-Tunnel Research Com¬ 
paring Lateral Control Devices, Particularly at 
High Angles of Attack. Ill—Ordinary Ailerons 
Rigged up 10° When Neutral,” by Fred E. Weick 
and Carl J. Wenzinger, National Advisory Commit¬ 
tee for Aeronautics. 

Wind-tunnel tests have been made on three model 
wings having different sizes of ordinary ailerons rigged 
up 10° when neutral, the same models having pre¬ 
viously been tested with the ailerons rigged even with 
the wings in the usual manner. One of the wings had 
ailerons of medium size, 25 per cent of the wing chord 
by 40 per cent of the semispan, one had long, narrow 
ailerons, and one had short, wide ones. These tests 
are part of a general investigation on lateral control 
devices, with particular reference to the control at 
high angles of attack, in which all the devices are being 
subjected to the same series of tests in the commit¬ 
tee’s 7 by 10 foot wind tunnel. Force tests of the 
usual type, free-autorotation tests, and forced-rota¬ 
tion tests were made showing the effect of the ailerons 
on the general performance of the wing, on the lateral 
controllability, and on the lateral stability. 

With the ailerons rigged up 10° when neutral, 
negligibly small yawing moments (body axis), at all 
angles of attack which can be maintained by conven¬ 
tional airplanes, were given by the medium-size aile¬ 
rons with equal up-and-down deflection. Large favor¬ 
able yawing moments, and no adverse ones with any 
portion of the total deflection, were given at all angles 
of attack by each of the three sizes of ailerons with up- 
only movement, by the short, wide ailerons with a 
medium differential movement, and by the medium- 
size ailerons with an extreme differential movement. 
The direct rolling control was best at high angles of 
attack with the short, wide ailerons with en extreme 
differential movement, but this combination required 
exceptionally high control forces. For neutral setting 
the lateral instability was found to be less with the 
ailerons rigged up 10° than with them rigged even 
with the wing. 

Report No. 424, entitled “Wind-Tunnel Research Com¬ 
paring Lateral ontrol Devices, Particularly at 
High Angles of Attack. IV—Floating Tip Ailerons 
on Rectangular Wings,” by Fred E. Weick and 
Thomas A. Harris, National Advisory Committee 
for Aeronautics. 

This report is the fourth of a series on systematic 
tests conducted by the committee, which compare 
lateral control devices with particular reference to 
their effectiveness at high angles of attack. This report 
covers tests with floating tip ailerons on rectangular 

Clark Y wings. Ailerons of two profiles were tested, 
symmetrical and Clark Y, both with adjustable trad¬ 
ing-edge flaps. Each form was tested at three hinge- 
axis locations, both with and without vertical end 
plates between the ailerons and the wing proper. The 
results from these tests are compared with the results 
from tests on a wing of the same over-all size equipped 
with average-size ordinary ailerons. 

All the wing-tip floating ailerons tested had about 
the same characteristics throughout except for their 
effect on the general performance of the wing. The 
general performance was found to be definitely poorer 
for all of the rectangular wings with floating-tip ail¬ 
erons than with a wing having the same over-all di¬ 
mensions and ordinary ailerons. At the stall and just 
above, the rolling control was less than an assumed 
satisfactory value, but was appreciably better than 
with the standard wing with ordinary ailerons. At 
angles of attack above 22° the control with the wing- 
tip ailerons was found to be greater than the assumed 
satisfactory value, whereas the ordinary ailerons on 
the standard wing failed almost completely. The wings 
with floating tip ailerons gave no appreciable adverse 
yawing moments (body axis), but gave large favorable 
ones at high angles of attack. The instability in rolling 
was not as bad as for the wing with ordinary ailerons. 

Report No. 425, entitled “The Effect of Nozzle Design 
and Operating Conditions on the Atomization and 
Distribution of Fuel Sprays,” by Dana W. Lee, 
National Advisory Committee for Aeronautics. 

The atomization and distribution characteristics of 
fuel sprays from automatic injection valves for com¬ 
pression-ignition engines were determined by catching 
the fuel drops on smoked-glass plates, and then meas¬ 
uring and counting the impressions made in the lamp¬ 
black. The experiments were made in an air-tight 
chamber in which the air density was raised to values 
corresponding to engine conditions. 

The effects of the jet velocity, chamber-air density, 
orifice diameter, and the orifice length-diameter ratio 
on the fineness and uniformity of the atomization and 
on the distribution of the fuel in sprays from plain 
cylindrical nozzles were determined. The atomization 
and distribution characteristics of sprays from valves 
having spirally grooved stems, of sprays produced by 
the impinging of two fuel jets, and of sprays produced 
by a fuel jet striking a metal lip were also measured 
and compared with those of sprays from the plain 
nozzles. 

It was found that each spray is composed of several 
million drops whose diameters range from less than 
0.00025 inch to 0.005 inch, and sometimes to 0.010 inch. 
The experiments indicated that with a given fuel the 
fineness and uniformity of the atomization increase 
with an increase in the jet velocity, and with a decrease 
in the orifice diameter. Orifice length-diameter ratio 
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and chamber-air density had no decided effect on the 
spray atomization. Centrifugal-type sprays, imping¬ 
ing-] et sprays, and sprays formed by a jet striking a 
metal lip were found to have no better atomization 
than sprays from plain nozzles, provided that the jet 
velocity was the same, but the distribution of the fuel 
within these sprays was found to be much better than 
for plain sprays. 

Report No. 1+26, entitled “The Effect of Humidity on 
Engine Power at Altitude,” by D. B. Brooks and 
E. A. Garlock, Bureau of Standards. 

From tests made in the bureau’s altitude chamber, 
it was found that the effect of humidity on engine 
power is the same at altitudes up to 25,000 feet as at 
sea level. Earlier tests on automotive engines, made 
under sea-level conditions, showed that water vapor 
acts as an inert diluent, reducing engine power in pro¬ 
portion to the amount of vapor present. 

By combining the effects of atmospheric pressure, 
temperature, and humidity, it is shown that the indi¬ 
cated power obtainable from an engine is proportional 
to its mass rate of consumption of oxygen. This has 
led the National Advisory Committee for Aeronautics 
to adopt a standard basis for the correction of engine 
performance, in which the effect of humidity is included. 

Report No. 1+27, entitled “The Effect of Multiple 
Fixed Slots and a Trailing-Edge Flap on the Lift 
and Drag of a Clark Y Airfoil,” by Fred E. Weick 
and Joseph A. Shortal, National Advisory Committee 
for Aeronautics. 

Lift and drag tests were made on a Clark Y wing 
equipped with four fixed slots and a trailing-edge flap 
in the committee’s 5-foot vertical wind tunnel. All 
possible combinations of the four slots were tested 
with the flap neutral and the most promising combina¬ 
tions were tested with the flap down 45°. Considering 
both the maximum lift coefficient and the speed-range 
ratio CLmaxlCDmin, with the flap neutral no appre¬ 
ciable improvement was found with the use of more 
than the single leading-edge slot. With the flap down 
45° a maximum lift coefficient of 2.60 was obtained but 
the particular slot combination used had a rather 
large minimum drag coefficient with the flap neutral. 
With the flap down 45° the optimum combination, 
considering both the maximum lift coefficient and the 
speed-range ratio, was obtained with only the two 
rearmost slots in use. For this arrangement the 

maximum lift coefficient was 2.44. 

Report No. 1+28, entitled “Wind-Tunnel Tests of a 
Clark Y Wing with a Narrow Auxiliary Airfoil in 
Different Positions,” by Fred E. Weick and 
Millard J. Bamber, National Advisory Committee 
for Aeronautics. 

Aerodynamic force tests were made on a combination 
of a Clark Y wing and a narrow auxiliary airfoil to find 

the best location of the auxiliary airfoil with respect 
to the main wing. The auxiliary was a highly cam¬ 
bered airfoil of medium thickness having a chord 
14.5 per cent that of the main wing. It was tested in 
141 different positions ahead of, above, and behind 
the nose portion of the main wing, the range of the 
test points being extended until the best aerodynamic 
conditions were covered. 

A range of positions was found in which the combina¬ 
tion of main wing and auxiliary gave substantially 
greater aerod3rnamic efficiency and higher maximum 
lift coefficients (based on total area) than the main 
Clark Y wing alone. In the optimum position tested, 
considering both the maximum lift and the speed- 
range ratio, the combination of main wing and auxil¬ 
iary gave an increase in the maximum lift coefficient 
of 32 per cent together with an increase in the ratio 
CLmaxlCDmin of 21 per cent of the respective values for 
the main Clark Y wing alone. 

Report No. 1+29, entitled “The N. A. C. A. Apparatus 
for Studying the Formation and Combustion of Fuel 
Sprays and the Results from Preliminary Tests,” 
by A. M. Rothrock, National Advisory Committee 
for Aeronautics. 

This report describes the apparatus, as designed 
and constructed at the committee’s laboratory, for 
studying the formation and combustion of fuel sprays 
under conditions closely simulating those occurring in 
a high-speed compression-ignition engine. The appa¬ 
ratus consists of a single-cylinder modified test engine, 
a fuel-injection system so designed that a single charge 
of fuel can be injected into the combustion chamber of 
the engine, an electric driving motor, and a high-speed 
photographic apparatus. The cylinder head of the 
engine has a vertical-disk form of combustion chamber 
whose sides are glass windows. When the fuel is 
injected into the combustion chamber, motion pictures 
at the rate of 2,000 per second are taken of the spray 
formation by means of spark discharges. When 
combustion takes place the light of the combustion is 
recorded on the same photographic film as the spray 
photographs. 

The report includes the results of some tests to 
determine the effect of air temperature, air flow, and 
nozzle design on the spray formation. The results 
show that the compression temperature has little effect 
on the penetration of the fuel spray but does affect the 
dispersion, that air velocities of about 300 feet per 
second are necessary to destroy the core of the spray, 
and that the effect of air flow on the spray is controlled 
to a certain extent by the design of the injection nozzle. 
The results on the combustion of the spray show that 
when ignition does not take place until after spray 
cut-off the ignition may start almost simultaneously 
throughout the combustion chamber or at different 
points throughout the chamber. When ignition takes 
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place before spray cut-off the combustion starts around 
the edge of the spray and then spreads throughout 
the chamber. 

Report No. 430, entitled “Measurements of Flow in the 
Boundary Layer of a 1/40-Scale Model of the U. S. 
Airship Akron ,” by Hugh B. Freeman, National 
Advisory Committee for Aeronautics. 

This report presents the results of measurements of 
flow in the boundary layer of a 1/40-Scale model of the 

U. S. airship Akron (ZRS-4) made with the object 
of determining the boundary-layer thickness, the point 
of transition from laminar to turbulent flow, and the 
velocity distribution in the boundary layer. 

The boundary-layer thickness was found to vary 
along the 19.62-foot hull from 0.08 inch at the most 
forward station, about 15 inches from the nose, to 
approximately 10 inches at the tail. A marked increase 
in the rate of thickening of the boundary layer was 
found at the transition from laminar to turbulent flow 

which occurred at a Reynolds Number of about 

814,000, where (a) is the axial distance from the nose. 
The velocity distribution over the greater part of the 
turbulent portion of the boundary layer was found to 
be fairly well approximated by the seventh-power law. 
The frictional drag, computed from the loss of momen¬ 
tum in the boundary layer and also from Clark Milli¬ 
kan’s equations, was in good agreement with the 
measured drag. 

Report No. 431, entitled “Characteristics of Clark Y 
Airfoils of Small Aspect Ratios,” by C. II. Zimmer¬ 
man, National Advisory Committee for Aeronautics. 

This report presents the results of a series of wind- 
tunnel tests showing the force, moment, and autorota- 
tional characteristics of Clark Y airfoils having aspect 
ratios varying from 0.5 to 3. 

An airfoil of rectangular plan form was tested with 
rectangular tips, faired tips, and semicircular tips. 
Tests were also made on one airfoil of circular plan 
form and two airfoils of elliptical plan form. 

The tests revealed a marked delay of the stall and 
a decided increase in values of maximum lift coefficient 
and maximum resultant force coefficient for aspect 
ratios of the order of 1 as compared with the values 
for aspect ratios of 2 and 3. The largest value of CRmax 

was 2.17 with a wing of circular plan form and an 

aspect ratio of 1.27. The same wing gave a CLmax of 
1.85 and an L/D ratio of 1.63 at 45° angle of attack. 

Wings having aspect ratios of about 1 were found to 
have moment characteristics more favorable to sta¬ 
bility than those having larger aspect ratios. De¬ 
creasing the aspect ratio greatly reduced ranges and 
rates of autorotation based on a given span and air 
speed. Results, when reduced to infinite aspect ratio 
by conventional formulas, indicate that such formulas 
are not applicable for aspect ratios less than 1.5. It is 

apparent that the plan form and tip shape of the wing 
are of major importance among the factors affecting 
airfoil characteristics at aspect ratios of 1.5 and 
smaller. 

Report No. 432, entitled “Force Measurements on a 
1/40-Scale Model of the U. S. Airship Akron,” by 
Hugh B. Freeman, National Advisory Committee 
for Aeronautics. 

This report describes a series of tests made on a 

1/40-Scale model of the U. S. airship Akron {ZRS-4) for 
the purpose of determining the drag, lift, and pitching 
moments of the bare hull and of the hull equipped 
with two different sets of fins. Measurements were 
also made of the elevator forces and hinge moments. 

The results of the drag measurements are in fair 
agreement with those of previous tests on smaller 
models of the Akron conducted in the committee’s 
variable-density tunnel. The type of tail surface 
designated Mark II, a short, wide surface, was found 
to have more favorable control characteristics than 
the long, narrow type, Mark I. The results of the 
measurements of the elevator hinge moments showed 
that the elevators for both types of fins were over¬ 
balanced for a large range of elevator angles, indicat¬ 
ing that the area of the balancing vanes, for the 
Mark II elevators at least, was excessive. 

Report No. 433, entitled “Rates of Fuel Discharge as 
Affected by the Design of Fuel-Injection Systems 
for Internal-Combustion Engines,” by A. G. Gel- 
alles and E. T. Marsh, National Advisory Com¬ 
mittee for Aeronautics. 

Using the method of weighing fuel collected in a 
receiver during a definite interval of the injection 
period, rates of discharge were determined, and the 
effects noted, when various changes were made in a 
fuel-injection system. The injection system con¬ 
sisted primarily of a by-pass controlled fuel pump and 
an automatic injection valve. The variables of the 
system studied were the pump speed, pump-throttle 
setting, discharge-orifice diameter, injection-valve open¬ 
ing and closing pressures, and injection-tube length 
and diameter. 

The results show that, for the same orifice diameter, 
the rate of discharge increased with the pump speed 
and injection-valve opening and closing pressures. 
For the same pump speed, the throttle setting had 
little effect upon the rate of discharge up to the point 
of cut-off. The rates of discharge conformed approxi¬ 
mately to the contour of the cam only with the larger- 
size orifices; with the smaller orifices, because of the 
excess energy supplied by the pump over that utilized 
for discharge, the higher intensity reflections and 
reenforcements altered the discharge to a different 
conformation. The tube length was found to have 
little effect on either the rate of discharge, injection 
period, or injection lag. The data show that the 
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pressure before the injection valve is affected sub¬ 

stantially if injection-tube diameters are used that are 

below the critical diameter. 

Report No. 484, entitled “Lift and Drag Character¬ 

istics and Gliding Performance of an Autogiro as 

Determined in Flight,” by John B. Wheatley, 

National Advisory Committee for Aeronautics. 

The results of flight tests on a Pitcairn PCA-2 

autogiro are presented in this report. Lift and drag 

coefficients with the propeller stopped have been de¬ 

termined over approximately a 90° range of angles of 

attack. Based on the sum of fixed-wing and swept- 

disk areas, the maximum lift coefficient is 0.895, the 

minimum drag coefficient with propeller stopped is 

0.015, and the maximum A/D with propeller stopped 

is 4.8. Lift coefficients were found also with the 

propeller delivering positive thrust and did not differ 

consistently from those found with propeller stopped. 

Curves of gliding performance included in this report 

show a minimum vertical velocity of 15 feet per 

second at an air speed of 36 miles per hour and a 

flight-path angle of —17°. In vertical descent the 

vertical velocity is 35 feet per second. 

Report ATo. 435, entitled “Fuel Vaporization and Its 

Effect on Combustion in a High-Speed Compres¬ 

sion-Ignition Engine,” by A. M. Rothrock and 

C. D. Waldron, National Advisory Committee for 

Aeronautics. 

The tests discussed in this report were conducted 

to determine whether or not there is appreciable 

vaporization of the fuel injected into a high-speed 

compression-ignition engine during the time available 

for injection and combustion. The effects of injection 

advance angle, fuel boiling temperatures, fuel quan¬ 

tity, engine speed, and engine temperature were in¬ 

vestigated. The results show that an appreciable 

amount of the fuel is vaporized during injection even 

though the temperature and pressure conditions in 

the engine are not sufficient to cause ignition either 

during or after injection, and that when the conditions 

are such as to cause ignition the vaporization process 

affects the combustion. The results are compared 

with those of several other investigators in the same 

field. The tests were conducted with the committee’s 

combustion apparatus. 

Report ATo. 486, entitled “Tests of Nacelle-Propeller 

Combinations in Various Positions with Reference 

to Wings. II.—Thick Wing—\arious Radial-En¬ 

gine Cowlings—Tractor Propeller,” by Donald H. 

Wood, National Advisory Committee for Aero¬ 

nautics. 

This report is the second of a series giving the 

results obtained in the committee’s 20-foot wind tun¬ 

nel on the interference drag and propulsive efficiency 

of nacelle-propeller-wing combinations. The first re¬ 

port gave the results of the tests of an N. A. C. A. 

cowled air-cooled engine nacelle located in 21 posi¬ 

tions with reference to a thick wing. This report 

gives results of tests of a normal engine nacelle with 

several types of cowling and fairings in four of the 

positions with reference to the same wing. 

The wing had a 5-foot chord, a 15-foot, span, and a 

maximum thickness of 20 per cent of the chord. The 

engine was a 4/9-scale model of a Wright J-5 radial 

air-cooled engine, and was installed in a small nacelle 

of the same scale. Tests were made with no engine 

cowling, with a narrow variable-angle ring, two wide 

thin rings with different chord angles, and the hood 

previously used on the N. A. C. A. cowled nacelle. 

The propeller was a 4-foot diameter model of the 

standard Navy adjustable-pitch metal propeller 

No. 4412. 

In two of the nacelle positions tests were made in 

two conditions—with the nacelle supported on struts 

and with the space between the nacelle and wing filled 

by fairing. The effects of fairing the N. A. C. A. 

hood into the wing and of side brackets on the nacelle 

when located ahead of the wing were also investigated. 

The lift, drag, and propulsive efficiency were deter¬ 

mined at several angles of attack for each cowling and 

fairing condition in each of the four nacelle locations. 

The net efficiency was computed by the method of 

Report No. 415 and compared with the results therein 

reported. 
Although the propulsive efficiency of the small 

uncowled nacelle is higher than that of the nacelle 

with any of the cowlings, the drag and interference are 

also higher, and the highest net efficiency is obtained 

with the N. A. C. A. cowled nacelle. Fairing the 

nacelle into the wing is an advantage when the cowled 

nacelles are located near the wing but is of little value 

when the nacelles are not cowled. Fairing the N. A. 

C. A. hood into the wing is detrimental. Side brackets 

on the nacelle when it is located ahead of the wing are 

to be avoided. The N. A. C. A. cowled nacelle 

located about 25 per cent of the chord ahead of the 

wing is the best tractor-nacelle arrangement. If the 

cowling is omitted with nacelle in this position, a loss 

of lift results, especially at high angles of attack. 

The proper location of nacelles and careful cowding 

are important in the high-speed range of flight, but in 

the low^er speed ranges there is little advantage of one 

nacelle position or cowling over another. 

Report Ao. 437, entitled “The Effect of Area and 

Aspect Ratio on the Yawing Moments of Rudders 

at Large Angles of Pitch on Three Fuselages,” by 

Hugh L. Dryden and B. H. Monish, Bureau of 

Standards. 

In view of the paucity of data on the effect of sys¬ 

tematic changes in the vertical tail surfaces, measure¬ 

ments have been made of the yawung moments pro- 
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cluced by rudder displacement for seven rudders 

mounted on each of three fuselages at angles of pitch 

of 0°, 8°, 12°, 20°, 30°, and 40°. The dimensions of the 

rudders were selected to cover the range of areas and 

aspect ratios commonly used, while the ratios of rudder 

area to fin area and of rudder chord to fin chord were 1 

kept approximately constant. 

An important result of the measurements is to 

show that increased aspect ratio gives increased yaw¬ 

ing moments for a given area, provided the maximum 

rudder displacement does not exceed, say, 25°. If 

large rudder displacements are used, the effect of 

aspect ratio is not so great. 

Report No. 488, entitled “Experiments on the Dis¬ 

tribution of Fuel in Fuel Sprays,” by Dana W. Lee, 

National Advisory Committee for Aeronautics. 

The distribution of the fuel in sprays for compres¬ 

sion-ignition engines was investigated by taking high¬ 

speed spark photographs of fuel sprays produced under 

a wide variety of conditions and also by injecting 

them against pieces of Plasticine. A photographic 

study was made of sprays injected into evacuated 

chambers, into the atmosphere, into compressed air, 

and into transparent liquids. Pairs of identical 

sprays were injected counter to each other and their 

behavior analyzed. Small high-velocity air jets were 

directed normally to the axes of fuel sprays, with the 

result that the envelope of spray which usually 

obscures the core was blown aside, leaving the core 

exposed on one side. 

The results showed that the distribution of the fuel 

within the sprays was very uneven. Under engine- 

operating conditions the fuel was subdivided into 

many small particles by the time it had penetrated 

0.75 inch. In the cores of the sprays, these particles 

had a high velocity relative to the air in their immedi¬ 

ate vicinity, but as their velocity was reduced, they 

were forced out of the core and formed the spray 

envelope. The shape of the central core varied with 

the density of the chamber air, becoming shorter and 

thicker with increasing air density. 

Report No. 489, entitled “Wind-Tunnel Research Com¬ 

paring Lateral Control Devices, Particularly at 

High Angles of Attack. V—Spoilers and Ailerons 

on Rectangular Wings,” by Fred E. Weick and 

Joseph A. Shortal, National Advisory Committee 

for Aeronautics. 

This report covers the fifth of a series of systematic 

investigations in which lateral control devices are 

compared with particular reference to their effective¬ 

ness at high angles of attack. This report deals with 

tests of spoilers and ordinary ailerons on rectangular 

Clark Y wing models. In an effort to obtain satis¬ 

factory control throughout the entire angle-of-attack 

range that can be maintained in flight, various spoilers 

were tested in combination with two sizes of previously 

tested ordinary ailerons—one of average proportions 

and the other short and wide. In addition, one large 

spoiler was tested alone. 

It was found that when ailerons and spoilers are 

used together the full effect of both is not obtained if 

the spoilers are located directly in front of the ailerons. 

With the proper combination of spoiler and aileron, 

however, it is possible to obtain satisfactory rolling 

control up to high angles of attack (15° to 20°), 

together with favorable yawing moments and small 

control forces. A moderate amount of rolling control 

with favorable yawing moments and small control 

forces was obtained with the large spoiler alone. 

Report Aro. 440, entitled “The Mechanism of Atomiza¬ 

tion Accompanying Solid Injection,” by R. A. 

Castleman, jr., Bureau of Standards. 

A brief historical and descriptive account of solid 

injection is followed by a detailed review of the 

available theoretical and experimental data that seem 

to throw light on the mechanism of this form of 

atomization. It is concluded that this evidence indi¬ 

cates (1) that the atomization accompanying solid 

injection occurs at the surface of the liquid after it 

issues as a solid stream from the orifice; and (2) that 

such atomization has a mechanism physically identical 

with the atomization which takes place in an air 

stream, both being due merely to the formation at 

the gas-liquid interface of fine ligaments under the 

influence of the relative motion of gas and liquid, 

and to their collapse, under the influence of surface 

tension, to form the drops in the spray. This simple 

theory, previously proposed by the author, is the most 

satisfactory and fits the observations the best of any 

yet advanced. It is recommended that use of the 

term “atomization” be restricted to a certain definite 

range, in which its use is sound, etymologically and 

physically. 
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Raymond F. Anderson. 
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398. The Effect of Slots and Flaps on the Lift and 

Drag of the McDonnell Airplane as Determined ' 

in Flight. By Hartley A. Soule. 

399. Some Characteristics of Fuel Sprays at Low- 

Injection Pressures. By A. M. Rothrock and 

C. D. Waldron. 

400. Advantages of Oxide Films as Bases for Alumi¬ 

num Pigmented Surface Coatings for Alu¬ 

minum Allovs. By R. W. Buzzard and W. H. 

Mutchler. 

401. Tests of N. A. C. A. Airfoils in the Variable 

Density Wind Tunnel. Series 44 and 64. 

By Eastman N. Jacobs and Robert M. Pink¬ 

erton. 

402. The Effectiveness of a Double-Stem Injection 

Valve in Controlling Combustion in a Com¬ 

pression-Ignition Engine. By J. A. Spanogle 

and E. G. Whitney. 

403. The Interference Effects on an Airfoil of a Flat 

Plate at Mid-Span Position. By Kenneth E. 

Ward. 

404. Tests of N. A. C. A. Airfoils in the Variable- 

Density Wind Tunnel. Series 24. By East¬ 

man N. Jacobs and Kenneth E. Ward. 

405. Valve Timing of Engines Having Intake Pres¬ 

sures Higher Than ’Exhaust. By Edward S. 

Taylor. 

406. The Use of Large Valve Overlap in Scavenging 

a Supercharged Spark-Ignition Engine Using 

Fuel Injection. By Oscar W. Schey and 

Alfred W. Young. 

407. Effect of the Reservoir Volume on the Discharge 

Pressures in the Injection System of the 

N. A. C. A. Spray Photography Equipment. 

By A. M. Rothrock and D. W. Lee. 

408. Preliminary Tests on the Vaporization of Fuel 

Sprays. By A. M. Rothrock. 

409. Effect of Aging on Taut Rubber Diaphragms. 

By D. H. Strother and H. B. Henrickson. 

410. Experiments on the Distribution of Fuel in Fuel 

Sprays. By Dana W. Lee. 

411. Rapid Chemical Test for the Identification of 

Chromium-Molybdenum Steel Aircraft Tub¬ 

ing. By John C. Redmond. 

412. The Aerodynamic Characteristics of Airfoils at 

Negative Angles of Attack. By Raymond F. 

Anderson. 

413. The Compressive Strength of Duralumin Col¬ 

umns of Equal Angle Section. By Eugene E. 

Lundquist. 
414. Considerations of Air Flow in Combustion Cham¬ 

bers of High-Speed Compression-Ignition En¬ 

gines. By J. A. Spanogle and C. S. Moore. 

415. Preliminary Investigation of Rolling Moments 

Obtained with Spoilers on Both Slotted and 

Plain Wings. By Fred E. Weick and Carl J- 

Wenzinger. 

No. 

416. Characteristics of Two Sharp-Nosed Airfoils 

Having Reduced Spinning Tendencies. By 

Eastman N. Jacobs. 

417. Wind-Tunnel Tests of a Hall High-Lift Wing. 

By Fred E. Weick and Robert Sanders. 

418. Compression-Ignition Engine Tests of Several 

Fuels. By J. A. Spanogle. 

419. Wind-Tunnel Tests of the Fowler Variable-Area 

Wing. By Fred E. Weick and Robert C. 

Platt. 

420. The Effect of Propellers and Nacelles on the 

Landing Speeds of Tractor Monoplanes. B37 

Ray Windier. 

421. The Nature of Air Flow About the Tail of an Air¬ 

plane in a Spin. By N. F. Scudder and M. P. 

Miller. 

422. The Aerodynamic Characteristics of a Model 

Wing Having a Split Flap Deflected Downward 

and Moved to the Rear. By Fred E. Weick 

and Thomas A. Harris. 

423. Effect of Length of Handley Page Tip Slots on 

the Lateral-Stability Factor, Damping in Roll. 

By Fred E. Weick and Carl J. Wenzinger. 

424. Preliminary Photomicrographic Studies of Fuel 

Sprays. By Dana W. Lee and Robert C. 

Spencer. 

425. Methods of Visually Determining the Air Flow 

Around Airplanes. By Melvin N. Gough and 

Ernest Johnson. 

426. Comparative Performance of a Powerplus \ ane- 

Type Supercharger and an N. A. C. A. Roots- 

Type Supercharger. By Oscar W. Schey and 

Herman H. Ellerbrock, jr. 

427. Strength Tests on Thin-Walled Duralumin Cylin¬ 

ders in Torsion. By Eugene E. Lundquist. 

428. Characteristics of an Airfoil as Affected by Fabric 

Sag. By Kenneth E. Ward. 

429. Heat Dissipation from a Finned Cylinder at 

Different Fin-Plane/Air-Stream Angles. By 

Oscar W. Schey and Arnold E. Biermann. 

430. Effect of Engine Operating Conditions on the 

Vaporization of Safety Fuels. By A. M. Roth¬ 

rock and C. D. Waldron. 

431. Tests on Thrust Augmentors for Jet Propulsion. 

By Eastman N. Jacobs and James M. Shoe¬ 

maker. 

LIST OF TECHNICAL MEMORANDUMS ISSUED DUR¬ 
ING THE PAST YEAR 

N°. 
640. The New “Charlestop” Remote Brake Trans¬ 

mission and Control. By Pierre Leglise. 

From L’Aeronautique, July, 1931. 

641. Lift Distribution and Longitudinal Stability of 

an Airplane. By Carl Topfer. From Zeit- 

schrift fur Flugtechnik und Motorluftschif- 

fahrt, June 29, 1931. 
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642. Flutter in Propeller Blades. By Friedrich See- 

wald. From Zeitschrift fiir Flugtechnik und 

Motorluftschiffahrt, June 29, 1931. 

643. Load Assumptions for the Landing Impact of 

Seaplanes. By Josef Taub. From Zeit¬ 

schrift fiir Flugtechnik und Motorluftschiffahrt, 

July 28, 1931. 

644. On Atomization in Carburetors. By F. N. 

Scheubel. From Jahrbuch der Wissenschaft- 

lichen Gesellschaft fiir Luftfahrt, 1927. 

645. Relations between Ship Design and Seaplane 

Design. By Georg Schnadel. From Zeit¬ 

schrift fiir Flugtechnik und Motorluftschif- 

fahit, Aug. 14, 1931. 

646. Measurement of Visibility from the Pilot’s Cock¬ 

pit on Different Airplane Types. By Gerhard 

Kurz. From Zeitschrift fiir Flugtechnik und 

Motorluftschiffahrt, March 28, 1931. 

647. Spatial Buckling of Various Types of Airplane 

Strut Systems. By Alfred Teichmann. From 

Zeitschrift fiir Flugtechnik und Motorluftschif¬ 

fahrt, Sept. 14, 1931. 

648. Measurements of Vertical Air Currents in the 

Atmosphere. By K. O. Lange. From Zeit¬ 

schrift fiir Flugtechnik und Motorluftschif¬ 

fahrt, Sept. 14, 1931. 

649. Licpiid Cooling of Aircraft Engines. By Hanns 

Weidinger. From Zeitschrift fiir Flugtechnik 

und Motorluftschiffahrt, Sept. 28, 1931. 

650. Development of a Non-Autorotative Airplane 

Capable of Steep Landing. By Wilhelm 

Schmidt. From Zeitschrift fiir Flugtechnik 

und Motorluftschiffahrt, Sept. 28 and Oct. 14, 

1931. 

651. Wind Tunnel of the Bucharest Polytechnic Insti¬ 

tute. Data received from Paris Office. 

652. Goldstein’s Solution of the Problem of the Air¬ 

craft Propeller with a Finite Number of Blades. 

By H. B. Helmbold. From Zeitschrift fur 

Flugtechnik und Motorluftschiffahrt, July 28, 

1931. 

653. Turbulence and Mechanism of Resistance on 

Spheres and Cylinders. By Fr. Ahlborn. From 

Zeitschrift fiir Technische Physik, Vol. XII, 

No. 10, 1931. 

654. Stresses Produced in Airplane Wings by Gusts. 

By Hans Georg Kiissner. From Zeitschrift 

fiir Flugtechnik und Motorluftschiffahrt, Oct. 

14 and Oct. 28, 1931. 

655. Experiments with Intubed Propellers. By L. 

Stipa. From L’Aerotecnica, Aug., 1931. 

656. Dynamic Testing of Airplane Shock-Absorbing 

Struts. By P. Langer and W. Thome. From 

Zeitschrift des Vereines Deutscher Ingenieure, 

Nov. 7, 1931. 

No. 

657. Resonance Vibrations of Aircraft Propellers. By 

Fritz Liebers. From Luftfahrtforschung, May 

16, 1930. 

658. Problems Involved in the Choice and Use of 

Materials in Airplane Construction. By Paul 

Brenner. From Zeitschrift fiir Flugtechnik 

und Motorluftschiffahrt, Nov. 14, 1931. 

659. Disintegration of a Liquid Jet. By A. Haenlein. 

From Forschung auf dem Gebiete des Ingen- 

ieurwesens, April, 1931. 

660. Airplane Flight in the Stratosphere. By Ugo de 

Caria. From Aeronautica, Dec., 1931. 

661. Experiments with Planing Surfaces. By W. 

Sottorf. From Werft-Reederei-Hafen, Nov. 7, 

1929. 

662. Accurate Calculation of Multispar Cantilever and 

Semicantilever Wings with Parallel Webs 

Under Direct and Indirect Loading. By 

Eugen Sanger. From Zeitschrift fiir Flugtech¬ 

nik und Motorluftschiffahrt, Oct. 28, 1931. 

663. Problems Concerning the Stability and Maneu¬ 

verability of Airplanes. By Jean Biche. From 

Revue de la Societe Generale Aeionautique, 

Jan., 1932. 

664. German Aircraft Accident Statistics, 1930. By 

Ludwig Weitzmann. From Zeitschrift fiir 

Flugtechnik und Motorluftschiffahrt, Jan. 15, 

1932. 

665. The Mutual Action of Airplane Body and Power 

Plant. By Martin Schrenk. From Zeit¬ 

schrift fiir Flugtechnik und Motorluftschiffahrt, 

Dec. 14, and Dec. 28, 1931. 

666. Development of Tailless and All-Wing Gliders 

and Airplanes. By Robert W. E. Lademann. 

From Die Luftwacht, Feb., 1932. 

667. Application of the Theory of Free Jets. By A. 

Betz and E. Petersohn. From Ingenieur- 

Archiv, May, 1931. 

668. Combustion Velocity of Benzine-Benzol-Air Mix¬ 

tures in High-Speed Internal-Combustion En¬ 

gines. By Kurt Schnauffer. From Zeitschrift 

des Vereines Deutscher Ingenieure, 1931. 

669. The German Investigation of the Accident at 

Meopham (England). By Hermann Blenk, 

Heinrich Hertel, and Karl Thalau. From 

Zeitschrift fiir Flugtechnik und Motorluft¬ 

schiffahrt, Feb. 15, 1932. 

670. Determination of Stresses and Deformation of 

Aircraft Propellers. By Friedrich Seewald. 

From Berichte und Abhandlungen der Wissen- 

schaftlichen Gesellschaft fiir Luftfahrt, Dec., 

1926 (supplement to Z. F. M.). 

671. Twelfth Rhon Soaring Contest, 1931. By Walter 

Georgii. From Zeitschrift fiir Flugtechnik 

und Motorluftschiffahrt, Feb. 29, and March 

14, 1932. 
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672. Torsional Vibration of Aircraft Engines. By 

Ivarl Lurenbaum. From Zeitschrift fur Flug- 

teclmik und Motorluftschiffahrt, Feb. 29, 1932. 

673. Vertical Descent of the Autogiro. By J. A. J. 

Bennett. From Zeitschrift fur Flugtechnik 

und Motorluftschiffahrt, April 28, 1932. 

674. Effect of the Ground on an Airplane Flying Close 

to It. By E. Tonnies. From Zeitschrift fur 

Flugtechnik und Motorluftschiffahrt, March 

29, 1932. 

675. Calculation of Potential Flow Past Airship Bodies 

in Yaw. By I. Lotz. From Ingenieur-Archiv, 

Vol. II, 1931. 

676. Towing Tests of Models as an Aid in the Design 

of Seaplanes. By P. Schroder. From Werft- 

Reederei-Hafen, Aug. 22, 1930. 

677. Stresses Developed in Seaplanes While Taking off 

and Landing. By Rudolfo Verduzio. From 

L’Aerotecnica, Nov., 1931. 

67S. Increase in the Maximum Lift of an Airplane 

Wing Due to a Sudden Increase in Its Effective 

Angle of Attack Resulting from a Gust. By 

Max Kramer. From Zeitschrift fur Flugtech¬ 

nik und Motorluftschiffahrt, April 14, 1932. 

679. Experimental Determination of the Thickness of 

the Boundary Layer Along a Wing Section. 

By Otto Cuno. From Zeitschrift fur Flugtech¬ 

nik und Motorluftschiffahrt, April 14, 1932. 

680. Approximate Calculation of Multispar Cantilever 

and Semicantilever Wings with Parallel Ribs 

Under Direct and Indirect Loading. By 

Eugen Sanger. From Zeitschrift fur Flug¬ 

technik und Motorluftschiffahrt, May 14, 

1932. 

681. Reduction of Wing Lift by the Drag. By A. 

Betz and J. Lotz. From Zeitschrift fur Flug¬ 

technik und Motorluftschiffahrt, May 28, 1932. 

682. Airplane Stability in Taxying. By E. Anderlik. 

From Zeitschrift fiir Flugtechnik und Motor¬ 

luftschiffahrt, May 28, 1932. 

683. Propeller Tip Flutter. By Fritz Liebers. From 

Zeitschrift fiir Flugtechnik und Motorluft¬ 

schiffahrt, May 14, 1932. 
684. The Aerodynamic Safety of Airplanes. By Louis 

Kahn. From Bulletin Technique du Bureau 

Veritas, Feb., 1932. 

685. The Controls at Low Hinge Moments. By M. 

Pris. From Bulletin de la Chambre Syndicate 

des Industries Aeronautiques, Nov.-Dec., 1931. 

686. Further Flight Tests on the Effectiveness of 

Handley Page Automatic Control Slots. By 

Wilhelm Pleines. From Zeitschrift fiir Flug¬ 

technik und Motorluftschiffahrt, May 28, 

1932. 

LIST OF AIRCRAFT CIRCULARS ISSUED DURING 
THE PAST YEAR 

No. 

153. The Guillemin J. G. 10 (French). A Two-Place 

Touring Low-Wing Monoplane. From L’Aero- 

nautique, Sept., 1931. 

154. The Supermarine S. 6 B. Racing Seaplane 

(British). A Low-Wing Twin-Float Mono¬ 

plane. From Aircraft Engineering, Oct., 1931, 

a pamphlet issued by Supermarine Aviation 

Works (Ltd.), and The Aeroplane, Sept. 30, 

1931. 

154. Supplement to the Supermarine S. 6 B. Racing 

(Sup-) Seaplane (British). A Low-Wing Twin-Float 

Monoplane. How the Supermarine S. 6 B. 

Was Built. From The Aeroplane, Dec. 16, 

1931. 

155. The Dornier Do K Commercial Airplane (Ger¬ 

man). A High-Wing Cantilever Monoplane. 

By Edwin P. A. Heinze. From Flight, Oct. 9 

and Oct. 30, 1931. 

156. The Armstrong-Whitworth A. W. XVI Military 

Airplane (British). A Single-Seat Biplane. 

From The Aeroplane, Oct. 14, 1931; from 

Flight, Oct. 16 and Oct. 23, 1931. 

157. The Loire 11 Colonial Military Airplane (French). 

A High-Wing Semicantilever All-Metal Mono¬ 

plane. By P. Loyer. From L’Aeronautique, 

Jan., 1932. 

158. The C. A. M. S. 80 Amphibian (French). An 

Observation Monoplane. From data fur¬ 

nished by the manufacturers and L’Aeronau¬ 

tique, Dec., 1931. 

159. The Dreieck I Tailless Airplane (German). A 

Low-Wing Cantilever Monoplane. By Edwin 

P. A. Heinze. From Flight, Oct. 9, 1931; 

Aircraft Engineering, Nov., 1931; and Rivista 

Aeronautica, Jan., 1932. 

160. TheS. A. B. C. A. S. XI Commercial Airplane 

(Belgian). A High-Wing Semicantilever Mon¬ 

oplane. By Andre Frachet. From Les Ailes, 

Sept. 17, 1931. 

161. The Avro 631 Training Airplane (British). A 

Two-Seat Light Biplane. From The Aero¬ 

plane, March 23, 1932. 

162. The D. H. 83 Fox Moth Commercial Airplane 

(British). A Three-Passenger Light Cabin 

Biplane. From The Aeroplane, March 16, 

1932. 

163. The Breguet 410 and 411 Military Airplanes 

(French). Multiplace Sesquiplane Fighters. 

By Pierre Leglise. From L’Aeronautique, 

March, 1932, and Aircraft Engineering, May, 

1932. 
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164. The Stieger ST. 4 Light Airplane (British). A 168. 

Twin-Engine Four-Seat Low-Wing Cabin Mon¬ 

oplane. From Flight, April 22, 1932, and 

Aircraft Engineering, May, 1932. 169. 

165. The Farman Night Bombers 211 and 212 

(French). Four-Engine High-Wing Mono- ; 

planes. From L’Air, May 1, 1932. 170. 

166. The Breda 32 Commercial Airplane (Italian). A 

Three-Engine All-Metal Low-Wing Monoplane. 

From information furnished by the manufac¬ 

turers, the Societa Italiana Ernesto Breda, 171. 

Milan, Italy. 

167. Armstrong-Whitworth A. W. XV Atalanta Air¬ 

plane (British). A Commercial Multiplace j 

Cantilever Monoplane. From Flight, July 8 

and July 15, 1932. 

Spartan Cruiser Commercial Airplane (British). 
A Six-Seat Low-Wing Cantilever Monoplane, 
From Flight, July 22, 1932. 

The Bleriot 137 Military Airplane (French). A 

Twin-Engine Multiplace Monoplane. From 

L’Aeronautique, July, 1932. 

The Latecoere 501 Commercial Seaplane (French), 

A Three-Engine Metal Sesquiplane. From 

data furnished by the manufacturers and 

L’Aeronautique, August, 1932. 

The S. P. C. A. M. 4 Military Airplane (French). 

A Multiplace Low-Wing Monoplane. From 

data furnished by the manufacturers and 

L’Aeronautique, August, 1932. 



PART IV 

SUMMARY OF PROGRESS IN AERONAUTICAL RESEARCH 

AERODYNAMICS 

There has been continued progress in aerodynamic 

development. Many major problems have been 

studied and valuable results have been obtained from 

investigations made with the new equipment especially 

designed for the study of full-scale problems. In gen¬ 

eral, the major problems investigated have related to 

improvement in aerodynamic efficiency, safety in 

flight, and improvements in design and operation. 

Considerable work has been accomplished during the 

year in connection with safety in flight, especially with 

reference to the improvement of lateral control at or 

near stalling speed. This investigation was conducted 

both in the wind tunnel and in free flight. The free- 

flight investigations also included an accurate study of 

the landing characteristics of airplanes. 

Coupled with the investigation of lateral control, a 

thorough investigation has been made of high-lift wing 

devices, both fixed and movable, their effect on lift 

and drag characteristics, and also their effect on con¬ 

trol characteristics. As a result of the investigation, 

the committee feels that the solution of the problem of 

improving the airplane safety factor, especially in the 

design of small airplanes for the private owner, is now 

much nearer. 

Valuable information has been obtained by the com¬ 

mittee as a result of investigations conducted in the 

variable-density wind tunnel and in the propeller-re¬ 

search tunnel on the aerodynamic efficiency of the air¬ 

plane wing and the propulsive efficiency and drag com¬ 

ponents of the engine-nacelle unit. 

The results of the study of the effect of protuber¬ 

ances on airplane wings conducted in the variable- 

density wind tunnel have aroused a keener appreciation 

of the value of cleanness in aircraft design. 

In the field of design and operation the committee’s 

new V-G recorder described elsewhere enables the de¬ 

signer for the first time to calculate accurately the 

maximum loads on the structural members of any 

particular type of airplane and thus to break away 

from arbitrary design rules. Additional information 

has been obtained on loads in flight and the effect of 

slight structural modifications on such loads. 

The results obtained in the propeller-research tunnel 

in the investigation of the propulsive efficiency and 

drag components of engine nacelles have been far- 

reaching. For the first time the optimum location 

of an engine nacelle of a multiengine airplane, either 

for a monoplane or biplane arrangement, with single 

engines or tandem engines, has been definitely deter¬ 

mined. The results further indicate that the positions 

recommended by the committee are not the positions 

that have long been used. 

At the request of the War, Navy, and Commerce 

Departments, the committee devotes the facilities of 

its research laboratory largely to the study of prob¬ 

lems in which they are particularly interested. These 

specific problems are usually of an urgent nature, and 

it is the committee’s policy to include these studies as 

part of a general investigation whenever possible, and 

to extend the work in all cases to obtain as much funda¬ 

mental information as practical. 

The general research program of the committee is 

formulated under the direct supervision of the com¬ 

mittee on aerodynamics, with a view to answering the 

needs of the governmental agencies and the aircraft 

industry. 

With the placing in operation of the newer items of 

equipment at the Langley Memorial Aeronautical Lab¬ 

oratory it has been possible to carry out more fully 

than has heretofore been possible those methods of 

procedure most desirable in a research laboratory: (1) 

Cooperative work between different sections in order 

to attack a given problem from somewhat different 

points of view and by the use of different equipment 

and personnel, and (2) more systematic investigation 

of each particular problem. As examples of the first 

method may be mentioned the study of scale effect 

through tests of airfoils in the variable-density tunnel, 

the 7 by 10 foot tunnel, and the full-scale tunnel, and 

measurements of the lift and drag of airplanes by glide 

tests in flight and force tests in the full-scale tunnel. 

As examples of the more systematic investigation of 

certain problems, it may be mentioned that in studying 

control and stability no less than 526 control devices 

and modifications of them have been investigated in 

the 7 by 10 foot tunnel, and in the investigation of 

high-lift devices in the same tunnel 688 different de¬ 

vices and modifications have been tested. In the in¬ 

vestigation of wing-nacelle-propeller interference in 

the propeller-research tunnel, between 70 and 80 dif¬ 

ferent wing-nacelle arrangements have been covered, 

and if the different cowlings were included the number 

would be further increased. 

The volume of research work conducted by the 

laboratory has been greatly increased during the year. 

53 
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Thevalueof the full-scale wind tunnel in solving quickly 

and accurately specific problems of design for the 

Army and Navy has been demonstrated. 

Structural loading.—In accordance with the well- 

established premise that structural safety and efficiency 

require exact and comprehensive information on the 

nature of the external loads, the committee has contin¬ 

ued its investigations of the aerodynamic loads and 

load distribution on airplanes. Definite progress has 

been made in several phases of the problem. 

Investigations of the total load, or load factor, 

on several types of airplanes have led to more complete 

understanding of this most important basis of struc¬ 

tural design. Statistical data on load factors in gusts 

have been accumulated and are now sufficiently com¬ 

plete to justify the assertion that gust intensities up to 

30 feet per second are quite commonly experienced 

although gust intensities above 30 feet per second are 

rarely encountered. 

A study of the distribution of load between biplane 

wings has led to the development of a set of working 

charts for the determination of the load distribution. 

These charts are an improvement over methods hereto¬ 

fore used. Advances in theoretical aerodynamics 

combined with experimental data have been utilized in 

the formulation of simple and precise methods for the 

determination of the load distribution at any lift 

coefficient over the ribs of airfoils having any profile. 

An investigation of the load distribution over wing tips 

of various forms has been completed and has led to the 

important conclusion that the distribution of lift coef¬ 

ficient and moment coefficient along the span is inde¬ 

pendent of the tip plan form. Further results of this 

investigation indicate that the influence of changes in 

airfoil sections and incidence near the tip can be sat¬ 

isfactorily estimated. Investigations of tail loads 

have been continued and have furnished important new 

information concerning this problem. 

In addition to advances made in the more general 

problems of total load and load distribution, investiga¬ 

tions have been made that contribute information of 

value toward highly specialized problems of a military 

nature. 

Control.—The present conventional control surfaces 

for airplanes are reasonably satisfactory except for the 

rolling control given by ailerons at high angles of 

attack and low speeds. The ailerons have been 

developed to a point where they are reasonably satis¬ 

factory for high-speed and cruising-speed flight through 

the use of differential motions and balances of the Frise 

type. At low speeds and high angles of attack, how¬ 

ever, a condition of particular importance in forced 

landings, the conventional ailerons do not give suffi¬ 

cient rolling moment. With the low rolling moment 

they produce an adverse yawing moment which is 

often greater than can be overcome with an average 

rudder, and which has a secondary effect tending to 

make the airplane roll against the ailerons. 

An investigation in the 7 by 10 foot wind tunnel on 

various lateral control devices with particular reference 

to the high angles of attack, where the present ailerons 

are ineffective, has been continued during the past year 

with interesting results. Tests on wings with various 

tip forms have shown that although ailerons of normal 

proportions give poor control at the high angles of 

attack, wide-chord ailerons (40 per cent of wing chord) 

will give reasonably satisfactory rolling moments at 

angles of attack definitely above the stall. Although 

the wide-chord ailerons could be given a smaller span, 

the hinge moments and therefore the control force 

required to operate the ailerons are rather high, and it is 

likely that with most airplanes an effective balancing 

device such as a Flettner type flap would have to be 

used. Ailerons of the short, wide form are now being 

fitted to the wing of a small parasol monoplane for 

flight tests. 

Another interesting development of the control tests 

in the 7 by 10 foot tunnel has been on simple flat-type 

spoilers hinged to the upper surface of the wing some¬ 

what back of the wing nose. With the proper combina¬ 

tions of spoilers and ailerons, satisfactory control, 

including rolling, yawing, and hinge moments, can, 

according to the wind-tunnel tests, be obtained up to 

angles of attack well above the stall. With larger 

spoilers as the sole means of lateral control, moderate- 

size rolling moments can be obtained up to angles of 

attack above the stall, together with very low control 

forces and very high yawing moments in a favorable 

direction, l. e., in a direction tending to retard the low 

wing in a turn. Spoilers are also being fitted to the 

above-mentioned parasol monoplane for flight tests to 

show their practicability. 

Stability.—The mechanics of airplane stability was 

worked out many years ago, but because of its com¬ 

plexity it has been applied to airplane design in a very 

limited manner. This condition is reflected in the 

unsatisfactory flying characteristics of many airplanes 

as first designed and built, due to the difficulty of 

knowing in advance the flying and handling charac¬ 

teristics to be expected of a new design. A study of 

the entire stability problem is now being made at the 

committee’s laboratory for the purpose of preparing 

the data in easily usable form so that a designer may 

readily compute in advance both the longitudinal and 

lateral stability characteristics to be expected in his 

airplane. 

Flight tests on a commercial parasol monoplane 

have been completed and reported in which measure¬ 

ments were made of the oscillations in pitch in order to 

give data on the dynamic longitudinal stability. The 

results satisfactorily^ checked the dynamic-stability 

theory, based on small deviations, for the condition 
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of gliding flight, but more data are required for 

satisfactory computations of dynamic stability with 

power on. 

Wind-tunnel experiments have been continued on 

wing-tip slots to improve the lateral stability factor, 

damping in roll, at high angles of attack. Rotation 

tests on wings fitted with Handley Page tip slots of 

various lengths showed that for the design tested the 

optimum slot was slightly greater than 50 per cent of 

the semispan. With this length no autorotation 

occurred at angles of attack below 32°, which is well 

above the angle that can be maintained with con¬ 

ventional airplanes. 

Spinning.—The spinning balance for the 5-foot 

vertical wind tunnel has been completed and testing 

has started. This balance measures all six components 

of air forces and moments acting on the model airplane 

while it is being rotated with an attitude and radius 

corresponding to an actual spin as measured in flight. 

The first series of tests corroborated the results of 

flight tests in showing that the rudder is much more 

effective in giving a moment opposing the spin if the 

elevator is up than if it is down. With this equipment 

in operation to measure the forces and moments on 

spinning models, it is expected that wind-tunnel 

investigations on spinning phenomena will progress 

more rapidly and productively than heretofore. 

Flight tests in which spins have been measured by 

means of recording instruments have been continued 

and have indicated that modifying a conventional 

wing to have a sharp leading edge has a marked effect 

on the spin. 

Speed range.—One of the interesting wind-tunnel 

investigations of the past year has resulted in a com¬ 

bination of wing and fixed auxiliary airfoil which gives 

a greater speed range than the main wing alone and 

also gives a higher maximum lift coefficient, improved 

pitching moments, and a much larger range of gliding 

angles. The auxiliary airfoil has a chord about one- 

seventh that of the main wing and is located ahead of 

and approximately parallel to the main wing. As 

the angle of attack of the combination is raised, the 

auxiliary airfoil stalls well before the main wing and 

the turbulent wake from the auxiliary has a scouring 

action on the air passing over the upper surface of the 

main wing, which retards the formation of the bound¬ 

ary layer with the result that a higher angle of attack 

and therefore a higher lift coefficient is reached before 

the main wing stalls. 

Flights tests on a parasol monoplane equipped with 

a fixed auxiliary airfoil in the optimum position as 

found from the wind-tunnel investigation, showed that 

the addition of the auxiliary airfoil decreased the maxi¬ 

mum speed 2 per cent and the minimum gliding speed 

19 per cent. The flattest gliding angle was 6.5° both 

with and without the auxiliary airfoil, but the steepest 
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unstalled gliding angle was increased from 8.6° to 

16.8° by the auxiliary airfoil, a change that greatly 

improves the ability to land in restricted areas. 

The wind-tunnel investigation of fixed auxiliary 

airfoils is now being continued to include auxiliaries 

having various sizes and various airfoil sections, the 

optimum position being found for each. 

Several high-lift devices with movable parts have 

also been investigated during the past year. The one 

which gave the highest lift was the Fowler variable- 

area and variable-camber wing, for which the maxi¬ 

mum lift coefficient was 3.17 as compared with 1.27 

for the plain basic wing. 

Landing.—A motion-picture method has been per¬ 

fected for making an accurate detailed study of the 

motion of an airplane while landing. With this 

equipment the effect of gusty air conditions on landings, 

particularly on glide landings, will be studied. 

Rotating-wing systems.—The problem of safety in 

flight has been largely resolved into the problem of 

flying at low speeds with adequate control. One of 

the most promising methods of realizing such perform¬ 

ance is the application of rotating wings to aircraft so 

that the relative speed of wing and air is independent 

of the speed of the aircraft. The most highly developed 

and widely publicized example of this type of machine 

is the autogiro, which employs a rotor rotating freely 

in the air stream and maintaining practically a constant 

angular velocity regardless of the air speed. 

A series of flight tests to determine the aerodynamic 

characteristics and the gliding performance of an auto- 

giro has been completed by the committee, and the 

results have been published. Flight tests are now 

being made to study the rotor in accelerated flight, 

with the object of improving such characteristics of the 

aircraft as prove undesirable. 

Although the major portion of the research on 

rotating-wing systems has so far been confined to the 

autogiro, other types have been investigated. A 

rotorplane, called the gyroplane, in which opposite 

blades are rigidly interconnected and are free to rotate 

about the span axis, has been the subject of a thorough 

analysis. This rotor manifests interesting possibilities 

and its study will be continued. 

Boundary-layer investigation.—The possibility of re¬ 

ducing the various drag components of an aircraft to 

their minimum values offers the greatest opportunity 

of improvement in efficiency. With the continued 

improvement in engine cowlings and with the elimina¬ 

tion of destructive interference the component of the 

drag that is contributed by the surface friction becomes 

of ever-increasing importance. Since the surface fric¬ 

tion is directly related to the typo of flow that prevails 

in the boundary layer a knowledge of this condition 

is vital for continued improvement in the performance 

of aircraft. 



56 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

The frictional drag is also known to be directly re¬ 

sponsible for the separation of flow from the upper 

surface of airfoils at the high angles of attack which 

results in a loss of lift and the consequent stalling of 

the airplane. Hence, boundary-layer investigations 

are of importance in this field in order to show how the 

flow over the wing may best be controlled in order to 

delay the stall and increase the lift of airfoils. 

An investigation of the boundary layer of a 1/40-scale 

model of the U. S. airship Akron was carried out in the 

propeller-research tunnel and very interesting results 

obtained. These results indicated that the boundary- 

layer thickness and the frictional drag of a streamline 

body may be predicted with a surprising degree of 

accuracy by means of the boundary-layer theory, pro¬ 

vided the pressure distribution about the body and the 

location of the transition region are known. The con¬ 

sistency of these test results was very convincing and 

demonstrated the advantage of conducting tests on 

large-scale models. Further tests are contemplated on 

this model to study the effect of surface roughness on 

the various boundary-layer characteristics. 

Reduction of drag.—Large drag reductions even for 

the most efficient existing airplanes still appear to be 

possible. Engineers of the industry, by their eagerness 

to receive and use new information, have shown that 

they appreciate the value of this phase of the com¬ 

mittee’s research. Drag reductions may be accom¬ 

plished by reducing the drag of all the component parts 

of an airplane to a minimum. The most important of 

these component parts, the wing, has been investigated 

in the greatest detail. Further investigation is needed, 

however, on the relation between the shape and drag 

of other component parts such as the fuselage, tail 

surfaces, landing gear, and miscellaneous small parts. 

Ideal forms for these parts are known approximately 

but in most instances, because of practical considera¬ 

tions, the ideal form can not be employed. Further 

research directed toward the reduction of the drag of 

these component parts is therefore recpiired. An 

investigation of the drag of landing gears is now in 

progress, and in connection with a general interference 

investigation in the variable-density wind tunnel im¬ 

portant information in regard to the drag of fuselages 

will be made available. 

The problem of reducing the drag of a complete 

airplane is not solved by merely reducing the drag of 

each of its component parts to a minimum. In fact, it 

has been shown in some instances that reducing the 

drag of a component part may increase the drag com¬ 

ponent of the whole because of aerodynamic inter¬ 

ference. The possibilities of obtaining favorable 

interference should also be considered. For example, in 

connection with an investigation now under way in 

the variable-density tunnel dealing with interference 

between the wing and fuselage, the possibility of secur¬ 

ing favorable interference has been demonstrated. In 

other words, the drag of a wing-fuselage combination 

in some cases may be less than the sum of the wing 

drag and the fuselage drag. 

Aerodynamic interference has been the subject of 

a number of investigations, in addition to a general 

investigation of interference that has been in progress 

during the past year in the variable-density wind 

tunnel. In the propeller-research tunnel further work 

has been carried out on the problem of determining 

the best location of an engine nacelle in relation to the 

wing. The investigation has been extended to include 

pusher and tandem nacelles and biplane wings. Later 

the study of landing-gear drag will be carried out in 

the propeller-research tunnel, but in the meantime, 

in connection with this problem, the interference and 

drag of a number of component parts of landing gears 

are being investigated in the 7 by 10 foot tunnel. To 

assist in the interference investigations another piece 

of equipment, known as the smoke tunnel, has been 

added during the past year. In it the flow of air past 

interfering bodies may be observed directly and 

photographed. 

The parts of the general interference investigations j 
that have been carried out in the variable-density 

wind tunnel during the past year dealt largely with the 

interference and drag of small objects protruding from 

the surfaces of bodies. An examination of existing 

airplanes, both military and commercial, leads to the ' 

belief that a considerable part of their drag arises 

from small projecting objects, such as fittings, tubes, 

wires, rivet heads, lap joints, filler caps, and many other 

objects protruding from the main surfaces that may be 

classed together as protuberances. A systematic in¬ 

vestigation of protuberances, differently formed and 

variously located, on both streamline bodies of revolu¬ 

tion and on airfoils, was therefore undertaken. Re¬ 

ports presenting the results of this investigation have 

been prepared, and the next phase of the general in¬ 

vestigation, dealing with interference between the 

wing and fuselage, has been started 

AIRCRAFT ENGINES 

Research—Increase in engine power.—Research 

conducted with the object of increasing the power 

output of aircraft engines by increasing the weight of 

charge taken into the engine cylinder has shown that 

the removal of the exhaust gases from the clearance 

volume of a 4-stroke-cycle engine results in a gain in 

power output proportional to the weight of exhaust 

gases removed. The clearance volume can be effi¬ 

ciently scavenged by overlapping the timing of the 

inlet and exhaust valves and maintaining a slight 

boost pressure in the inlet manifold. The loss of fuel 

with the scavenging air can be avoided by replacing 

the carburetor with a fuel-injection system and timing 

the injection of fuel into the engine cylinder. The 

results of tests conducted with a single-cylinder test 
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engine showed that the power obtained when operating 

with valve overlap and a fuel-injection system was 18 

per cent greater than that obtained with normal valve 

timing and a carburetor. The specific fuel consump¬ 

tion for the two conditions was approximately the 

same. 
The investigation of the factors influencing the per¬ 

formance of high-speed engines operating on the 

2-stroke cycle instead of the 4-stroke cycle has been 

continued. The single-cylinder air-cooled engine has 

been replaced with a water-cooled engine, which will 

permit the extension of the investigation to include 

higher power outputs and a maximum engine speed of 

2,000 revolutions per minute. Preliminary tests have 

indicated exceptional promise for this type of engine 

on the basis of increased horsepower per cubic inch 

of displacement. 
The phenomenon of detonation in aircraft engines 

has continued to receive intensive study. Informa¬ 

tion regarding the effect of combustion-chamber shape 

and location and number of ignition points on the rate 

of propagation of the combustion zone in gaseous mix¬ 

tures has been obtained. The rate of flame propaga¬ 

tion has been determined from photographic records 

taken at 2° intervals of a large number of quartz 

windows of small diameter distributed over the com¬ 

bustion chamber. Equipment has also been assembled 

for measuring the infra-red radiation from the explo¬ 

sion in the engine cylinder. 

Fire hazard in aircraft.—The use of a fuel having a 

flash point of 105° F. under atmospheric conditions 

is an effective means of reducing the fire hazard in 

aircraft. The investigation of the engine performance 

obtained when hydrogenated “safety fuels” are in¬ 

jected into the cylinder of a conventional spark- 

ignition engine has been continued. A reduction in 

fuel consumption has been obtained by improving the 

distribution of the fuel spray and by increasing the 

temperature of the engine coolant. Since the manu¬ 

facturers have improved the antidetonating qualities 

of these fuels the investigation has been extended to 

include the determination of the engine performance at 

a maximum compression ratio of 8.5 and a speed of 

2,400 revolutions per minute. 

Cowling and cooling of aircraft engines.—The phe¬ 

nomenal increase in the power output per cubic inch 

of displacement of boosted radial air-cooled engines has 

intensified the problem of efficiently dissipating the 

waste heat from the engine to the cooling air stream. 

The data obtained regarding the effect of fin pitch, 

fin width, fin shape, and fin thickness on the quantity 

of heat dissipated by finned cylinders mounted in a 

wind tunnel have been augmented by tests in which 

the finned specimens are completely cowled and a 

blower used to force the air past the cooling fins. Pat¬ 

terns of the air flow around the cylinder mounted in a 

wind tunnel indicate that about one-half the cooling 

area of the cylinder does not come in contact with the 

cooling air because of the breakaway of the air stream 

from the cylinder. For the same air speed a more 

uniform temperature distribution can be obtained and 

a greater quantity of heat can be dissipated by the use 

of forced air cooling. The determination of the mini¬ 

mum quantity of air required to cool aircraft engines 

satisfactorily is being investigated with a single-cylin¬ 

der air-cooled test engine and a calibrated Roots 

blower. 

Compression-ignition engines.—Research has been 

concentrated on the investigation of problems influ¬ 

encing the performance of high-speed compression- 

ignition engines. The reduced fire hazard and low 

specific fuel consumption obtained for a wide range of 

throttle settings make this type of engine attractive as 

a power plant for aircraft. Investigations conducted 

to determine the process by which a solid jet of fuel 

issuing from an orifice is disrupted to form a fuel spray 

have resulted in the development of a technique for 

taking photomicrographs 10 diameters of the fuel 

spray. A large number of photomicrographs taken of 

sections of fuel sprays under varying conditions of jet 

velocity, air density, fuel viscosity, and discharge- 

orifice diameter indicates that the process of atomiza¬ 

tion in fuel sprays is quite similar to that occurring in 

carburetors. 

The combustion of fuel sprays under conditions 

closely approximating those occurring in a high-speed 

compression-ignition engine has been studied with the 

N. A. C. A. fuel-spray combustion apparatus. The 

influence on fuel sprays of the boiling point of the fuel, 

engine speed, temperature of the combustion-chamber 

walls, injection-advance angle, and fuel quantity has 

been investigated. The results showed that during 

injection the fuel vaporized at a rate which far exceeded 

the rates at which the fuel had been previously thought 

to vaporize. The diffusion of the fuel vapors was 

found to be more rapid and uniform than the diffusion 

of the atomized fuel spray. 

The progress of combustion in an engine cylinder 

has been studied by analyzing samples of the cylinder 

gases withdrawn at definite points in the engine cycle. 

A stroboscopic valve having an effective opening period 

of 0.0003 second irrespective of engine speed has been 

designed for withdrawing the gas samples. Samples of 

the exhaust gases from carburetor and compression- 

ignition engines for comparable operating conditions 

indicate that the percentage of carbon monoxide in the 

exhaust gases of a compression-ignition engine is so 

small that the use of this type of engine will consider¬ 

ably reduce the danger of carbon-monoxide poisoning. 

The removal of all exhaust gases from the cylinder of 

a 4-stroke-cycle compression-ignition engine by the 

use of a large valve overlap and a slight boost pressure 

in the inlet manifold has been found to give a decided 

improvement in the combustion of the injected fuel. 



58 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

The maximum power output of a single-cylinder test 

engine with a clear exhaust was increased 33 per cent, 

and the specific fuel consumption reduced 18 per cent 

by the complete removal of the exhaust gases from the 

cylinder. A specific fuel consumption of 0.44 pound 

per brake horsepower per hour has been obtained for a 

range of engine speeds from 800 to 1,700 revolutions 

per minute with a valve overlap of 146 crank degrees. 

Development—Improvement in aircraft perform¬ 

ance.—The cruising speeds of both military and civil 

aircraft have been greatly increased. A percentage 

of this increase in speed can be attributed to increase in 

engine power, but a greater percentage is due to more 

efficient location of the power plants in relation to the 

airplane wings and to improved engine cowling. 

The progressive increase in the antiknock value of 

fuels manufactured for aircraft engines permits opera¬ 

tion at higher compression ratios with an attendant 

gain in power and fuel economy. An appreciable 

reduction in the fuel consumption of aircraft engines 

operating at altitudes has been obtained by fitting the 

carburetor with an automatic control which insures 

that the engines operate with the most efficient fuel-air 

ratio at all altitudes. 

The use of a fuel-injection system for gasoline 

instead of the conventional carburetor results in better 

fuel distribution, more rapid acceleration, and 

decreased fuel consumption. Engines equipped with 

fuel-injection systems are in use on the airways and 

have given satisfactory performance. The use of fuel- 

injection systems on aircraft engines is believed to be 

one of the most promising methods of obtaining 

decreased fuel consumption. 

The problem of decreased fuel consumption is of 

such vital importance in the operation of commercial 

airships that four different types of high-speed com¬ 

pression-ignition engines are now being developed for 

airship use in this country and in Europe. 

Increase in engine power.—An important engine 

development is that of the two-row radial air-cooled 

engine. The advantages of this type of power plant 

are small over-all diameter, greater freedom from 

vibration, and increased power output obtained with 

cylinders of relatively small diameter. The decreased 

over-all diameter of the engine has necessitated a 

new design of the auxiliaries mounted at the rear 

of the engine in order to obtain improved cooling. 

The use of geared centrifugal blowers driven from 

an extension of the engine crankshaft still continues 

to be the most satisfactory method for increasing the 

power output of radial air-cooled engines. The gear 

ratio of these blowers has been limited to 14:1 because 

of the increase in fuel consumption obtained with 

higher gear ratios. 

Engine reliability.—The radial air-cooled engines 

developed in this country are believed to be the most 

reliable engines in the world. The greatest single 

factor tending to increase the reliability of these 

engines is the progressive increase in the period of 

full-throttle operation required for acceptance by the 

military services. Beginning with a 50-hour test in 

1917 the requirements have been gradually increased 

until at present new engine types are submitted to 

100 hours of running before acceptance. The fact 

that improvements in specific, weight and power output 

have been obtained at the same time the reliability 

has been increased is a tribute to the engine designers. 

This increase in engine reliability is reflected in 

the revised aircraft-engine requirements of the De¬ 

partment of Commerce effective January 1, 1933. 

The department requires a 50-hour preliminary test by 

the engine manufacturer at the proposed rated speed 

and increases the severity but not the duration of 

the type test. 

Engine design details.—The use of aircraft engines 

operating with a high-temperature coolant such as 

ethylene glycol in multiengine airplanes has required 

further research in order to determine the most effi¬ 

cient location of the engine and radiators in relation 

to the airplane wing. Investigations are being made 

to develop a low-drag cowling for this type of engine 

when mounted in the wing. Methods for reducing 

the drag of the engine radiator and the oil and gasoline 

radiators are also being investigated. 

MATERIALS AND STRUCTURES 

Materials.—During the past several years a great 

amount of work has been done on light-weight alloys 

for aircraft use. Many of these researches, although 

showing considerable promise, must await further 

experience and application before their true worth 

can be appraised. Some of the work, however, has 

resulted in new and improved metals which have 

already been adopted in aircraft and aircraft-engine 

construction. Two types of aluminum alloys have 

been especially investigated. These are the aluminum- 

silicon alloys and the aluminum-magnesium alloys. 

The aluminum-silicon alloys have been utilized to a 

considerable extent in the past in the casting field, 

principally because of their excellent casting charac¬ 

teristics. These alloys possessed, however, some dis¬ 

advantages, such as relatively low strength and elastic 

properties and relatively poor machinability. The 

silicon alloys have been developed to a degree that 

these characteristics have improved materially. The 

corrosion resistance of this type of alloy, which has 

always been considered one of its advantages, has 

been augmented by the careful control of impurities 

and by heat treatment. 

Of particular interest is the development of a silicon 

alloy for the production of forged engine pistons. This 

alloy has a tensile strength of 52,000 pounds per 

square inch, 5 per cent elongation, and 115 Brinneli 

hardness. The use of the forging process in the fabri- 
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cation of pistons enables the attainment of an integrity 

of metal and a freedom from porosity which can not 

be obtained by a casting process. This type of 

piston has been so successful that it is being adopted 

as standard by several aircraft-engine manufacturers. 

The aluminum-magnesium alloys have long been 

recognized as possessing potentially valuable character¬ 

istics. Difficulties, however, incident to their fabri¬ 

cation have greatly retarded their application. 

Methods have been developed whereby sound castings 

may be obtained with practically any concentration 

of magnesium and these alloys possess many charac¬ 

teristics of interest for aircraft purposes. 

In the field of magnesium alloys the greatest develop¬ 

ments have been in the consolidation of information and 

the gradually increasing use of this material in aircraft. 

The adoption of the acid dip, both for cleaning the 

surface of the castings and to make them more resist¬ 

ant to corrosion, has met with such success that these 

alloys are finding considerable favor with aircraft- 

engine manufacturers. Unlike aluminum alloys, these 

alloys do not appear to be susceptible to the inter¬ 

granular type of corrosion and when they do corrode 

it is immediately evident on the surface in an appar¬ 

ently magnified form. This feature facilitates their 

inspection and maintenance. 

The use of stainless steel in aircraft construction 

continues to show progress. Its service tests in 

exhaust manifolds, wing ribs, seaplane floats, control 

and anchor cables, struts, and streamline wire have 

demonstrated its practicability in general and in par¬ 

ticular its ability to resist corrosion under the extreme 

conditions of weather exposure. The difficulties early 

experienced with machining and welding of this steel 

have been largely overcome by improved chemical 

composition and by limiting the carbon constituent to 

a maximum of 0.07. 

Although metals hold the greatest attention along 

the lines of research and refinement, other materials, 

such as plywood, glues, textiles, and protective coat¬ 

ings have not been overlooked, and gradual improve¬ 

ment in their physical properties has been made, 

especially in connection with those properties which 

are directly useful in their aircraft application. A 

development in protective coatings which appears from 

exposure and experimental service tests to be of out¬ 

standing merit is the bakelite varnish pigmented with 

300-mesh aluminum powder. The results so far 

obtained indicate that it will supersede other types of 

coatings. It is especially applicable to aircraft parts 

which are subject to corrosion and which will expe¬ 

rience severe exposure conditions, as, for example, the 

interior and exterior surfaces of aluminum-alloy sea¬ 

plane floats. 

Monocoque structures.—Progress in research on the 

strength of stressed-skin, or monocoque, structures 

for aircraft has been marked largely by fundamental 
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studies of the strength and behavior of skin, reinforce¬ 

ment, and connections when tested separate^7. 

An experimental report on the compressive strength 

of flat sheet has been published and an extensive 

series of tests on thin-wall cylinders and truncated 

cones of circular and elliptic section has been made to 

obtain basic information with regard to the strength 

and behavior of curved skins subjected to shear and 

compression. The first of a series of reports present¬ 

ing the results of these latter tests has been published 

and the others are in preparation. 

A study has been made of the available information 

on the compressive strength of corrugated sheet with 

both straight and curved pitch lines and a report 

presenting the results of this study is in progress. 

A study of the available data on the compressive 

strength of stiffeners of various forms used as reinforce¬ 

ment in stressed-skin structures resulted in a column 

chart for duralumin angles. This chart lias been 

published and the study is being continued for the 

purpose of deriving additional charts for other com- 

monl}r used sections. 

An investigation of the strength of riveted joints 

is in progress. The strength corresponding to each 

type of failure is being determined experimentally and 

is being correlated with the properties of the material 

so that the results will be applicable to any material. 

The strength of riveted joints with various types of 

rivet heads is being investigated and the strength 

which results from enlargement of the rivet and pres¬ 

sure between the heads is being studied. 

A study of the available data on the compressive 

strength of flat sheet and stiffeners has been made and 

a report is in progress which presents a comparison of 

three methods for calculating the compressive strength 

of flat sheet and stiffeners in combination. 

As the monocoque fuselage is perhaps more often 

elliptical than circular in section, a study has been 

made of the stresses in elliptic rings of uniform cross 

section and a series of working charts for the stress 

analysis of elliptic rings lias been developed. A report 

presenting these charts as applied to the design of the 

main frames is now in progress. 

AIRSHIPS 

Research with full-size airships has been confined 

largely to the evaluation and study of data obtained in 

the trial flights with the U. S. airship Akron. These 

data have furnished much valuable and interesting 

information concerning the behavior of and forces on 

large airships under varied flight conditions. The 

measurements of over-all drag and local pressures on 

the hull and tail surfaces not only provide data of 

direct importance in connection with this particular 

airship but they also serve the general purpose of 

providing a basis for determining the applicability of 

data obtained with models. 
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Through research with models, considerable progress 
has been made in studies concerning two major aspects 
of the pioblem of airship drag. Theories regarding 
the laws of frictional resistance on streamline shapes 
have been correlated with the results of an investi¬ 
gation of the boundary layer on a 1/40-scale model of 
the U. S. airship Akron and have been found to be in 
good agreement with fact for the range of scales attain¬ 
able in the wind tunnel used in the investigation. 
Interference drag caused by protuberances in contact 
with airship shapes has been studied in the variable- 
density wind tunnel. In this wind tunnel the large 
scales attainable give fair assurance that the compara¬ 
tive results are free from the effect of critical changes 
in the nature of the boundary layer on the model and, 
consequently, are believed to be applicable to full-size 
airships. This wind tunnel is now engaged in a re¬ 
search concerning the effect of shape on airship drag. 

The four-in-line tandem arrangement of propellers 
in the Akron has brought to light a number of problems 
connected with this propulsive system. Owing to wan¬ 
dering of the propeller slipstreams as they flow aft 
because of gusts and undulations of the airship, widely 
differing over-all propulsive efficiencies are obtained 
when different combinations of propellers are operating. 
This makes it difficult to provide a type of propeller 
that will be efficient over the wide range of airship 
speeds. The present wooden projiellers on the Akron 
are to be replaced by metal propellers of changeable 
pitch, and the expectation is that with these propellers 
more efficient propulsion at normal cruising speeds will 
be obtained. 

A satisfactory apparatus for recovering water ballast 
from the engine exhaust, thus permitting helium-filled 
airships to maintain equilibrium in flight without 
valving gas, continues to prove a baffling problem. 
The problem is one peculiar to helium-filled airships. 
In the Akron the difficulties of the problem have been 
accentuated by the necessity for using tetraethyl lead 
in the fuel which engenders corrosion hi parts of the 
recovery apparatus. A new type of light and com¬ 
pact water-ballast-recovery apparatus has been de¬ 
veloped at Lakehurst and applied experimentally to 
the Akron. Fundamentally, it is similar to a large 
honeycomb radiator. The cooling air passes through 
the tubes, and the exhaust gases flow around them 
within a streamline casing. The drag of this type will 
be somewhat higher than previous types, but its weight 
will be materially less and its maintenance simpler. 

The power plant of an airship and its installation 
present a number of problems for which various solu¬ 
tions can be obtained, and upon the solution adopted 
will depend the efficiency, economy, safety, and re¬ 
liability of the airship operation. It is desirable, 
therefore, that research along various lines connected 
with improvements in airship power plants be prose¬ 
cuted vigorously, both in laboratories and under flight 

conditions. Various improvements in airship power 
plants are under development in the United States and 
elsewhere. 

The Akron is the first airship in the world to be 
equipped with a hangar lor carrying airplanes. Hith¬ 
erto airplanes have been attached to or dropped from 
an external trapeze on an airship, but the operation of 
airplanes to and from the Akron has become routine. 
Four airplanes may be stowed in the hangar and a fifth 
one, carried on the trapeze, may also be lifted into the 
hangar. New developments are under way to decrease 
the time interval between launching or picking up 
successive airplanes. 

The U. S. airship Los Angeles has been laid up as a 
matter of economy, but her material condition is still 
good, after nearly eight years’ service, and she could 
be recommissioned on short notice. 

The experimental metal-clad airship ZAIC-2 con¬ 
tinues in successful operation. She has been deflated 
and reinflated only once during three years of service. 

In the field of mechanical handling of airships, the 
Navy Department has continued to make good prog¬ 
ress. The stern handling beam described in last 
year’s report has been found invaluable in taking the 
U. S. airship Akron in and out of the hangar at Lake¬ 
hurst. A special wind-tunnel investigation into the 
forces acting on an airship when being handled near 
the ground has been planned for early conduct by the 
committee at Langley Field. 

SUMMARY 

Material and gratifying improvements in aircraft 
operation, performance, and reliability were made 
during the past year. In this progress scientific re¬ 
search was the most fundamental factor. The great 
development of aviation since the war has demon¬ 
strated the value and vital necessity of research. 

Lffider the law the National Advisory Committee 
for Aeronautics is the governmental agency to plan 
and coordinate research programs for the development 
of aircraft. This is done in cooperation with the War 
Navy, and Commerce Departments, and the sugges¬ 
tions of the aircraft industry are obtained. 

The Army, the Navy, and the industry necessarily 
conduct engineering experimentation and apply the 
results of research to aircraft, but this should not be 
confused with scientific investigation of fundamental 
problems which, for all branches of aviation, is con¬ 
ducted in one well-equipped laboratory. This labora¬ 
tory, known as the Langley Memorial Aeronautical 
Laboratory, is located at Langley Field, Va., and is 
operated under the single and direct control of the 
committee. Its facilities are available to all govern¬ 
mental agencies, and upon payment of cost may also be 
used for special investigations desired by the industry. 

This policy not only assures results of the greatest 
scientific and practical value to aeronautics, but at the 
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same time prevents duplication and waste in the field 
of research. Were it not for the efficient and effective 
work of the committee, aeronautical research could 
not be as well planned to serve broadly the best 
interests of aviation, but each governmental agency 
concerned, in order to answer its own problems, would 
independently conduct the necessary research, with 
inevitable duplication, loss of efficiency, and increased 
cost to the Government. 

The continuous prosecution of organized scientific 
research on fundamental problems is the most essential 
activity of the Government in the continued develop¬ 
ment of aeronautics, underlying as it does to a sub¬ 
stantial degree technical progress in improving the 
performance, reliability, safety, and efficiency of air¬ 
craft for all purposes. 

Under the present organization aeronautical research 
receives a high caliber of scientific direction that is 
necessary for the best results, and receives it at the 
least possible expense to the Government because the 
members of the committee and of the various tech¬ 
nical subcommittees serve as such without com¬ 

pensation. 
The continued development of aviation is vital to 

our national security and defense. Aviation is becom- i 

ing an increasingly important factor as an agency of 
transportation. Its continued development holds 
possibilities for the growth of a large industry, creating 
new sources of wealth, new fields of employment, and 
new outlets for the energies of the American people. 

Aviation is bringing the people of the United States 
closer together and is bringing this country closer to 
the other nations in the Western Hemisphere. Even¬ 
tually there will be regular air-transportation service 
across the seas, first by rigid airships and later supple¬ 
mented by large seaplanes. The history of the human 
race shows that man’s progress has kept pace with 
improvements in transportation. In the judgment of 
the committee, aeronautics is destined to play an 
increasingly important role in the further progress of 
civilization. 

As affording the best assurance of continued progress 
in developing the possibilities of aviation, the com¬ 
mittee recommends continued support of its programs 
of organized scientific research on the fundamental 
problems of flight. 

Respectfully submitted. 
National Advisory Committee 

for Aeronautics. 

Joseph S. Ames, Chairman. 
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COMBUSTION IN A HIGH-SPEED COMPRESSION-IGNITION ENGINE 

By A. M. Rothrock 

SUMMARY 

An investigation, conducted by the National Advisory 
Committee for Aeronautics, to determine the factors which 
control the combustion in a high-speed compression-igni¬ 
tion engine is presented. Indicator cards were taken with 
the Farnboro indicator and analyzed according to the tan¬ 
gent method devised by Schweitzer. The analysis shows 
that in a guiescent combustion chamber increasing the time 
lag of auto-ignition increases the combustion efficiency 
of the engine and also increases the maximum rate of 
combustion. Increasing the maximum rate of com¬ 
bustion increases the tendency for detonation to occur. 
The results show that by increasing the air temperature 
during injection the start of combustion can be forced 
to take place during injection and so prevent detonation 
from occurring. It is shown that the rate of fuel injection 
does not in itself control the rate of combustion. 

INTRODUCTION 

During the last few years the development of the 
high-speed compression-ignition engine has resulted 
in the production of several commercial types. There 
are at present two compression-ignition engines for 
aircraft use, the Packard and the Junkers, which 
have passed 50-hour Government tests. There are, 
in addition, several engines in the experimental stage. 
The development of the engines has been fraught with 
many difficulties. It is encouraging to realize that 
these difficulties are being overcome. The successful 
metering and injecting of extremely small quantities 
of fuel was realized with the introduction of the direct 
injection fuel pump. In fact, the development of the 
pump has reached such a stage that there is consider¬ 
able interest being shown in the practicability of 
substituting the pump for the carburetor on spark- 

ignition aircraft engines. 
The hardest problem to solve in the development of 

the high-speed compression-ignition engine for air¬ 
craft has been that of mixing and burning the fuel and 
air. Recent results in this country, in Germany, and 
in England have shown that methods for forming a 
good combustible mixture are being worked out. 
The results have been shown in the low fuel consump¬ 
tions that have been obtained with aircraft com¬ 
pression-ignition engines. However, all the air in the 
combustion chamber has not been utilized. The 
present high-speed compression-ignition engine burns 

only 70 to 80 per cent of the available air in the com¬ 
bustion space. 

Summarizing the present-day results for aircraft 
engines: The fuel consumption of the compression- 
ignition engine is approximately 0.40 pounds per 
horsepower-hour compared with 0.55 pound per horse- 
power-hour for the spark-ignition engine; the brake 
mean effective pressure of the compression-ignition 
engine is approximately 95 pounds per square inch 
compared with 130 pounds per square inch for the 
spark-ignition engine. We can conclude, therefore, 
that the compression-ignition engine, because of its 
high cycle efficiency, gives fuel consumptions superior 
to the spark-ignition engine; but that, because all the 
air in the combustion chamber of the compression- 
ignition engine is not utilized, the power delivered by 
a compression-ignition engine is less than the power 
delivered by the spark-ignition engine of the same 
displacement. The problem resolves itself, therefore, 
into one of obtaining better mixing and burning of 
the fuel and air in the combustion chamber of the 
compression-ignition engine. 

During an investigation conducted at the Langley 
Memorial Aeronautical Laboratory at Langley Field, 
Va., on the effect of injection valve and injection 
nozzle design on engine performance, indicator cards 
were obtained for various engine-operating conditions. 
From the interpretation of these cards, much can be 
learned of the combustion process and of the factors 
which control the combustion process in the high¬ 
speed compression-ignition engine suitable for aircraft 
service. It is the purpose of this report to present 
such an analysis and, in addition, the conclusions that 
can be drawn from the analysis relative to the process 
of combustion. 

APPARATUS 

The indicator cards were obtained from an N. A. 
C. A. universal test engine (reference 1) operated 
as a compression-ignition engine. The engine had a 
bore of 5 inches, a stroke of 7 inches, and a compression 
ratio of 12.6: 1. All tests were made at an engine 
speed of 1,500 r. p. m. The combustion chamber of 
the engine (fig. 1) was of the vertical-disk form. It 
was so designed that the air flow in it produced by the 
motion of the piston was negligible. The mixing of the 
fuel and the air was obtained by proportioning the 
orifices in the discharge nozzle so that all the air in the 
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chamber was served by the fuel jets issuing from the 
multiorifice discharge nozzle. The tests conducted to 
obtain the performance of the engine with different 
nozzle designs have been described by Spanogle and 
Foster. (References 2 and 3.) An N. A. C. A. 
Roots blower (reference 4) was used to supply air at 
pressures greater than atmospheric pressures. These 
tests have been described by Spanogle and Foster in 
reference 5. For one series of tests an injection valve 
containing two stems was employed. The purpose of 
this valve was to give an initial injection of fuel to cer¬ 
tain parts of the combustion chamber before the main 
injection to the remaining parts of the chamber. The 
tests with this injection valve have been described by 
Spanogle and Whitney in reference 6. 

The indicator cards were obtained with the Farn- 
boro indicator as altered by the staff of the Langley 
Memorial Aeronautical Laboratory. (Reference 7.) 

in which 

d Q 
^ = the rate of heat change with respect to volume. 

2? = the instantaneous pressure at the instantaneous 
volume v under consideration. 

cp = the specific heat at constant pressure. 
c„ = the specific heat at constant volume. 
R = the universal gas constant. 

Schweitzer has also shown that this equation can be 
simplified into— 

dQ 
dz; 

Cp+v dp 
cv p dv 

'_v _ -j 
V (2) 

■ Fuel valve location 
/ 

, .-Pressure-mdi cat or 
valve location 

in which the dimensions of dQ are LM; that is, if v is 
in units of cubic inches and p in units of pounds per 
square inch, dQ is in units of pound inches. Equation 
(2) eliminates the necessity of computing R. 

Equation (2) can be changed into 

cP , v dp dd 
dQ_cv p d0 dz> dz; 
d0 cp ^ dd 

cv 

(3) 

in which 6 is in crankshaft degrees. Using 

Schweitzer’s method --Wean be determined 
p dv 

Figure 1.—N. A. C. A. vertical disk combustion chamber 

The method by which the rate of fuel discharge from 
the injection valve into the atmosphere was deter¬ 
mined has been described in reference 8. The total 
fuel quantity determined by this method was in every 
case greater than the amount injected into the com¬ 
bustion chamber of the engine for the same injection 
pump and injection valve setting. This decrepancy 
can be partly accounted for by the higher pressures into 
which the fuel was discharged when the injection valve 
was mounted in the engine. The rates of fuel dis¬ 
charged shown on the figures are in every case the rates 
obtained with the injection valve discharging into the 
atmosphere. For computing the various efficiencies of 
the engine the total fuel quantity actually discharged 

into the engine was used. 

dp dp 

METHOD OF ANALYZING THE INDICATOR CARDS 

The indicator cards were analyzed according to the 
method devised by Schweitzer. (Reference 9.) As 
Schweitzer has showm, the rate of heat input to or out¬ 
put from the gases in the engine can be expressed by 

the relationship 

4Q c_v(cp v dp\ 
dz> * R\cv p dv) (1) 

directly from the p-v diagram. As the piston 
approaches top center the tangents drawn to 
the p-v curve have such a slope that the ac¬ 
curacy with which they can be drawn is not 

sufficient for the analysis of the curve. In this range. 

therefore, equation (3) is used, as ^ is less than 

For the use of equation (3) the p-v diagram is trans¬ 
ferred to a p-t diagram in which the time is expressed 
as crank degrees. 

In the use of either equation all the quantities are 
obtained directly from the indicator card and the di¬ 
mensions of the engine with the exception of cP and cv. 
The values of the specific heats change according to 
both the constituents in the combustion chamber and 
the temperature in the chamber. The temperature 
range met with in the tests, the results of which are 
presented in this report, wTas from approximately 
1,300° F. absolute to 3,000° F. absolute. The equa¬ 
tions for the effect of temperature on the specific heats 
of the various gases have been given by Goodenough 
and Felbeck. (Reference 10.) 

In the analysis approximations were used from time 
to time. These approximations considerably shortened 
the analysis and were in all cases within the experi¬ 
mental error. It is wrell to emphasize at this time that 
the purpose of this analysis is not to find absolute 
values but to learn the main factors which effect the 
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combustion process in the combustion chamber of the 
high-speed compression-ignition engine. In deter- 

c 
mining the values of the actual temperatures were 

& c v 

not determined, since the rate of variation of —’in the 
c v 

range included in the investigation was too slight to 

warrant computations of v at each point in the cycle. 
c v 

Instead, the values were determined for the maximum 
temperature and for the temperatures at the end of 
compression and the end of expansion points. On the 
p-v diagram a straight-line relationship was assumed 

between the value of p at the maximum temperature j 
£ V 

C 
and the values of " at the end of compression and the 

c v 
end of expansion. It was assumed that in all cases 
there was 100 per cent excess air in the cylinder at all 
times and the specific heats computed for this condi¬ 

tion. For a more complete discussion of the possible 
errors arising in the analysis the reader is referred to 
Schweitzer’s original paper. (Reference 9.) 

After the rate of heat input was determined from 
equations (2) or (3) the rate of fuel burned was 
determined by computing the amount of fuel neces¬ 
sary to liberate the energy at the rate of heat input. 
The lower heating value of 18,300 B. t. u. per pound of 
fuel was used for this purpose. From the rate-of-fuel- 
burned curve the total amount of fuel burned, dis¬ 
regarding heat losses, was obtained. The ratio of the 
total amount of fuel burned to the total amount of 
fuel injected is the combustion efficiency of the engine. 
The ratio of the total amount of energy expended on 
the piston to the total amount of energy liberated 
from the fuel burned is the cycle efficiency of the 
engine. The product of the cycle efficiency and the 
combustion efficiency is the thermal efficiency of the 
engine. The total amount of energy expended on the 
piston and the indicated mean effective pressure were 
obtained from the p-v diagram. The variation of the 
indicated mean effective pressure obtained from the 
diagrams from the indicated mean effective pressure 
obtained by adding the brake mean effective pressure j 
to the friction mean effective pressure was, in general, 

not more than 5 per cent. 

PRECISION OF RESULTS 

The precision of the results depends upon the accu¬ 
racy with which the pressure-time curve can be drawn 
from the points on the indicator card taken with the 
Farnboro indicator and the accuracy with which the 
tangents to the curves can be drawn. Figure 2 shows 
a contact print of the original card from which the 
data shown in Figure 17 were obtained. The points 
show the deviation of the pressures in the engine from 
cycle to cycle. The compression line shows little 
variation. The points recorded during the combus¬ 

tion process show an appreciable deviation from the 
mean values. For this section of the card the curve 
was drawn to obtain average values. With this 
particular record two contact prints were made and 
the curves were drawn on them. To prevent the 
possibility of the second card being drawn in part from 
memory the curve on the second card was drawn 
several days after that on the first. The data from 
the curves were tabulated and drawn on a p-v diagram. 
(Fig. 3.) The deviation becomes noticeable on the 
explosion curve and on the latter part of the expansion 
curve. The two p-v diagrams were then analyzed 
with the results shown on the figure. 

Figure 4 shows the rates of combustion for the two 
p-v diagrams shown in Figure 3. The variation be¬ 
comes noticeable at the maximum rates of burning and 
again during the period of after burning. The final 
results from the two diagrams are as follows: 

Indicated 
mean 

effective 
pressure 
from card 
(pounds 

per square 
inch) 

Fuel 
burned 
(pound) 

Combus¬ 
tion effi¬ 
ciency 

(per cent) 

Cycle ef¬ 
ficiency 

(per cent) 

Thermal 
efficiency 
(per cent) 

c . 152 0. 000302 70.3 40.5 28.4 
C'___ 152 .000288 67.0 42.5 28.4 
Mean...... 
Maximum deviation, per 

152 . 000295 68. 7 41.5 28.4 

; cent...__ 0 5 5 5 

from which it can be concluded that the precision is 

sufficient for the present analysis. 
Figure 5 shows the comparison of rates of combus¬ 

tion determined from equations (2) and (3). The 
figure shows that the use of either equation gives pre¬ 

cise results when the quantities ^ or ^ are not 

excessive. 

ACCURACY OF EXPERIMENTAL RESULTS 

The accuracy of the experimental results can be esti¬ 
mated from a comparison with the results of theoreti¬ 
cal researches on the cycle of the internal-combustion 
engine. Consider the results presented in Figure 14. 
The air charge taken into the cylinder was 0.00618 
pound. (Reference 5.) Assume that the fuel burned 
from 10° before top center to 10° after top center 
burned at constant volume, and that the remainder of 
the fuel burned at constant pressure. The fuel burned 
at constant volume was 0.000105 pound and the fuel 
burned at constant pressure was 0.000137 pound. 
Following the general method given by Ellenwood, 
Evans, and Chwang (reference 11), the cycle effi¬ 
ciency, indicated mean effective pressure, and the 
indicator card were computed. The computed values 
are compared with the experimental values in Figure 
6. The compression curves show little variation. 
The maximum cylinder pressures show an appreciable 
deviation. During the 10° revolution of the crank 



Figure 2.-—Indicator card taken with Farnboro indicator 
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after top center the volume in the cylinder increased 
10 per cent. If the maximum computed cylinder 
pressure is corrected for this increase in volume, the 
value becomes 950 pounds per square inch, which com¬ 

pares favorably with the experimentally determined 
value of 930 pounds per square inch. The analysis 
shows that the fuel in the cylinder continued to burn 
until 60° after top center, corresponding to a stroke of 
2 inches. The end of combustion on the theoretical 
card occurs at a stroke of 0.25 inch. Consequently, 
the experimentally determined indicator card shows a 
less rapid rate of pressure drop between top center 
and the stroke of 2 inches. After this point the slope 

to the constant-volume cycle and then according to a 
cycle employing neither constant volume nor constant 
pressure. The cycle efficiency of the engine increases 
as the amount of fuel burned at constant volume is 
increased. However, increasing the amount of fuel 
burned at constant volume increases the tendency for 
detonation. In addition, the high maximum cylinder 
pressures encountered in the constant-volume cycle 
increase the stresses on the engine. Just how much 
the weight of the engine must be increased because of 
these high cylinder pressures is not known. The late 
Capt. L. M. Woolson has shown how, by ingenious 
design, these increased stresses may be withstood 

of the curves becomes quite similar. The higher pres¬ 
sure on the experimental card at the end of the stroke 
indicates that there was more energy lost to the ex¬ 
haust gases than the cycle efficiency indicates. The 
higher indicated mean effective pressure on the actual 
card also indicates that the total fuel quantity burned 
was greater than the computations show. However, 
the difference in the indicated mean effective pres¬ 
sures (6 per cent) is not sufficient to affect the present 
analysis. The errors in the computations are partly 
caused by the values chosen for the specific heats and 
by the fact that the analysis does not consider the 
change in constituents of the ga es during combustion. 

Figure 6 shows that the combustion process in mod¬ 
ern high-speed compression-ignition engines does not 
follow the constant-pressure cycle upon which Diesel 
based the design of his original engine. In general, 
the combustion first proceeds approximately according 

without increasing the weight of the engine to any 

great extent. 

ANALYSIS 

The ignition of the fuel drops in air has been in¬ 
vestigated in this country, in England, and in Ger¬ 
many. Tests with constant-pressure bombs have 
been conducted to measure both the ignition tempera¬ 
ture and the ignition lag. The early results gave 
ignition lags in excess of those obtained in the engine. 
The most recent results of Bird (reference 12) have^ 
however, given lags as low as 0.004 second. The ex¬ 
perimentally determined ignition temperatures have 
shown considerable variation, depending on the ap¬ 
paratus used. Bridgeman and Marvin (reference 13) 
have given a comparison of the results obtained by 
several investigators. Bridgeman and Marvin con¬ 
cluded that “There is a different self-ignition tempera- 
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ture for every experimental apparatus and procedure.” 
They also state that the true self-ignition tempera¬ 
ture of the fuel is a fundamental property of the fuel 
and dependent only upon the total pressure and con¬ 
centration. They define this true ignition tempera¬ 
ture as “the minimum temperature which must be 
reached by instantaneous heating of an element of 
volume within a homogeneous combustible mixture 
to initiate inflammation or explosion instantaneously.” j 

This true self-ignition temperature can not be de¬ 
termined directly by experiment, and it is doubtful 
whether for compression-ignition engine research it is 
necessary to determine it. 

In addition to the ignition temperature as defined 
by Bridgeman and Marvin, there is the minimum 
temperature at which auto ignition of the fuel will 
take place. This temperature has been investigated 
by Tausz and Schulte (reference 14) and by Neu¬ 
mann. (Reference 15.) In discussing this tempera¬ 
ture Tausz and Schulte state that “The temperature 

Figure 5.—Comparison of results obtained by using 
equations (2) and (3) 

of ignition is independent of whether the fuel is present 
in the form of a vapor or of a fog and whether in this 
latter case the drops are large or small. On the other 
hand, * * * the fineness of subdivision does 
influence the course and particularly the velocity of 
combustion and the velocity of propagation of the 
explosion flame.” Tausz and Schulte concluded from I 
their experimental results that increasing the pressure 
of the air decreased the minimum autoignition tempera- ■ 

ture. Neumann extended the auto ignition investiga¬ 
tions and found that it was not the pressure but the 
density of the air that affected the minimum auto- 
ignition temperature. Quoting from Neumann, “The 
higher, therefore, the initial temperature of the com¬ 
pressed air lies above the ignition temperature of the 
fuel, the shorter the ignition delay. This depends, 
as can be demonstrated, on the rapid increase in the 

reaction speed with rise in temperature. Without 
this influence, the rapid decrease in the ignition de¬ 
lay can not be explained alone by the physical ef¬ 
fect of the heat transmission resulting from the dif¬ 
ference in temperature between the air and the fuel. 
In a Diesel engine, therefore, the ignition delay is 
inversely proportional to the temperature variable 

[difference between air temperature and minimum 
autoignition temperature] of the fuel, the temperature 
of the air and the turbulence of the flow in the com¬ 
bustion chamber at the beginning of the ignition.” 
The results of these investigators have also shown 

Figure G.—Comparison of actual and theoretical indicator cards. Fuel-air 
ratio=0.0392 lb. fuel per lb. air. Supercharging pressure=8.75 in. llg. Cycle 

efficiency: Theoretical =53.6 per cent, actual =56.0 per cent 

that the fuels used in compression-ignition engines 
ignite at a lowrer temperature than the fuels used in 
a spark-ignition engine. These conclusions are ex¬ 
tremely important in analyzing results obtained with 
compression-ignition engines. 

Once the fuel-air mixture is ignited, the next prob¬ 
lem becomes one of propagating the burning to all 
parts of the mixture. The speed of propagation will 
depend, among other things, upon the mixture ratio 
at the various points in the combustion chamber. 
The only data which have been published on the dis¬ 
tribution of the fuel within the spray cone have been 
those obtained by Schweitzer and DeJuhasz. (Ref¬ 
erence 16.) These results showed that under the 
densities encountered in the engine cylinder the 
distribution at 4 inches from the discharge nozzle 
with a plain round discharge orifice is not uniform. 
Their data also indicate that the uniformity of the 
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distribution decreases as the nozzle is approached. 
The researches of the National Advisory Committee 
for Aeronautics have shown that to obtain penetra¬ 
tions as high as 4 inches during the time available 
for injection in high-speed compression-ignition en¬ 
gines it is necessary to use plain round-hole orifices. 
Although there are no direct data available, it can 
probably be concluded from spray photographs that 
the distribution is improved by employing helically 
grooved stems in the injection valve, by causing two 
or more fuel jets to impinge on each other close to the 
discharge nozzle, by employing rectangular orifices, 
or by causing the spray to strike a metal surface soon 
after it issues from the discharge orifice. All the 
above methods are, however, accompanied by a de¬ 
crease in the spray penetration so that unless the com¬ 
bustion chamber is small the fuel will not reach all the 

air. 
In the present investigation the nozzle contained 

several round-hole orifices so distributed as to serve 
all the air in the combustion chamber. However, 
although fuel did reach most of the air in the chamber 

distributed to permit good mixing of the fuel with the 
air until some time after the end of injection. 

Distribution can be materially affected by air flow 
in the combustion chamber, although test results have 
indicated that the air velocities must be high to have 
much effect on the fuel spray in the combustion 
chamber. (Reference 21.) In this case, instead of 
the fuel penetrating to all the air, the air is brought to 
the fuel. There is one outstanding case of the success¬ 
ful use of air flow with a fuel spray from a single 
round-hole orifice. Ricardo, using such a combina¬ 
tion, has obtained a brake mean effective pressure of 
112 pounds per square inch. The Junkers and the 
Packard aircraft compression-ignition engines both 
obtain good results by the use of air flow in conjunction 
with special discharge nozzles. Ricardo (reference 22) 
has published indicator cards obtained on his engines. 
These cards show that ignition can be initiated soon 
after the start of injection by employing air flow in the 
combustion chamber, but that combustion will proceed 
for a certain time independent of the rate of fuel 
injection. At the end of this interval the combustion 

Figure 7—Dispersion after end of injection of sprays from multiorifice nozzle. Injection pressure 6,000 pounds per square inch. Chamber pressure 200 pounds per 

square inch. Still air 

the fuel-air ratio was not uniform throughout the 
chamber. Instead there were areas varying from 
lean mixtures to rich mixtures. The results of Kuehn 
(reference 17), Woltjen (reference 18), Sass (reference 
19), and Lee (reference 20) have shown that the spray 
was probably sufficiently well atomized so that com¬ 
bustion could proceed rapidly once the air-fuel mixture 

was correct. 
The spray photographs obtained with the N. A. C. A. 

fuel spray photography equipment have shown that 
during injection the fuel spray shows little tendency to 
mix with the air surrounding it, but that after the end 
of injection the fuel tends to diffuse throughout the 
chamber. (Fig. 7.) It is possible that once com¬ 
bustion has started the burning will aid in mixing the 
remainder of the fuel with the air. It is doubtful, 
however, that such mixing will materially aid in the 
combustion of the fuel. We find, therefore, that in 
combustion chambers employing no air flow, sprays 
from plain round orifices must be employed to obtain 
the necessary penetration; but that, although these 
sprays are sufficiently well atomized to promote 
efficient combustion, they are not sufficiently well 

is affected by the rate at which the remainder of the 
fuel is injected. It can not be expected, however, that 
combustion will necessarily proceed according to this 
process under operating conditions different from 

those employed by Ricardo. 
Although air flow will aid in the combustion of the 

fuel, care must be exercised in employing it. Neumann 
(reference 15) has shown that when the excess of the 
air temperature over the minimum autoignition 
temperature of the air was low', air flow increased the 
ignition lag. (Fig. 8.) As the excess temperature 
was increased the ignition lag was decreased to a value 
less than that with still air. Bird (reference 12) was 
able, by using sufficiently high air flow, to suppress 
ignition. Hesselman (reference 23) found that too 
o . . 

great an air flow increased the fuel consumption of his 
engine. There was, however, a definite value of flow' 

which gave him his lowmst fuel consumption. 
Bird (reference 12) also found that the ignition lag 

and rate of burning were proportional to the excess air 
coefficient. The ignition lag decreased as the excess 
air coefficient was decreased, but the time of burning 

1 increased as the excess air coefficient decreased. 
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Whether or not combustion will start during the 
injection depends upon the temperature and pressure 
conditions in the combustion chamber. The time lag 
between the beginning of injection and the start of 
combustion decreases as the temperature of the air 
becomes greater than the ignition temperature of the 

fuel, because of the higher rate of heat input into the 
fuel drops. (Reference 15.) If the time lag of 
ignition for the conditions in the combustion chamber 
is greater than the period of injection, combustion will 

Figure 8.—Effect of turbulence on the time lag of auto-ignition 

occur after all the fuel is in the chamber, and most of 
the burning will approach the constant-volume cycle. 
If, however, the time lag is less than the injection j 
period, the fuel in the combustion chamber at the start 
of combustion will burn at very nearly constant 
volume, whereas the remainder of the fuel will burn 
at a rate depending upon how it is injected and the 
time required for it to become mixed with the remain¬ 
ing air and be brought to the autoignition temperature. 
If the combustion starts before injection is completed, 
the time lag of ignition of the fuel which is injected 

Figure 9.—Effect of air density at top center and compression ratio on minimum 
auto-ignition temperature 

after combustion starts will be less than that injected 
before combustion starts, because the excess of the 
temperature in the combustion chamber over the 
minimum auto ignition temperature will increase. 

The question arises whether or not it is advisable to 
have ignition start before all the fuel is in the combus¬ 
tion chamber. If ignition does not start until all the 
fuel is in the combustion chamber, the maximum rate 
of combustion and consequently the maximum rate of 

pressure rise are only dependent on the speed of the 
chemical reaction throughout the chamber. If this 

speed is too great, the pressure rise may be of sufficient 
rapidity to cause detonation which may reach destruc¬ 
tive magnitudes such as was experienced in some of the 
early work at the Langley Memorial Aeronautical 
Laboratory. (Reference 24.) Also, if all the com¬ 
bustion takes place close to top center, most of the fuel 
will burn at constant volume, resulting in extremely 
high maximum pressures and necessitating a rugged 
engine to withstand them. Combustion taking place 
between 10° before and 10° after top center closely 
approximates constant-volume combustion, since the 
total change in volume for a compression-ignition 

engine varies about 10 per cent over this range. If, 
however, the combustion can be decelerated so as not 

to be completed until, say, 20° after top center, the 
volume will have increased approximately 40 per cent. 
This increase in volume will cause a decrease in the 
maximum pressures and, because of the slower rate of 

Figure 10.—Effect of compression ratio on air temperature at top cen¬ 
ter and on minimum auto-ignition temperature 

combustion, cause a decrease in the tendency for 

detonation to occur. 
We may therefore conclude that in a compression- 

ignition engine unless the rate of combustion can be 
controlled by the variation of the drop sizes and mixture 
ratio of the atomized fuel, or by its chemical properties, 
the combustion should be forced to start before the end 
of injection. The autoignition lag can be decreased by 
starting the injection close to top center or by increasing 
the temperature or density of the air. 

An idea of the effect on combustion of varying the 
compression ratio, the inlet-air density, and the inlet- 
air temperature can be obtained from a brief analysis 
of the effects of the different variables on the difference 
between the compression temperature of the air and 
the minimum autoignition temperature. 

Figure 9 shows Neuman’s results for the effect of 
an* density on the minimum autoignition temperature. 

The curve shows that for the range of densities for 
compression-ignition engine operation there is little 
change in the minimum autoignition temperature. 
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Figure 10 shows the effect of compression ratio on 
the minimum autoignition temperature and on the air 
temperature at top center. The values for the air 
temperature were obtained from reference 11. The 
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-Effect of supercharging on difference between air temperature at top center 
and minimum autoignition temperature 

curves show that increasing the compression ratio from 
10:1 to 17:1 (approximately the present limits in com¬ 
pression-ignition engines) increases the 

temperature difference from 700° F. to 
1,150° F. The curve explains why high 
compression ratios have been resorted 
to in the development of the high-speed 
compression-ignition engine for aircraft 

service. The curve also shows that in¬ 
creasing the compression ratio decreases 
the tendency for detonation to occur in 
the engine, because the fuel is forced to 
ignite earlier, and consequently the 
initial combustion takes place before 
all the fuel is in the combustion 

chamber. 

Figure 11 shows the effect of super¬ 
charging on the diff erence between the 
compression temperature and the mini¬ 
mum autoignition temperature caused by the increase 

quently it can not be expected that increasing the 
density of the incoming air in an engine will in itself 
have much effect on decreasing the ignition lag and the 

tendency for detonation. 
Figure 12 shows the effect of increasing the tem¬ 

perature of the air at the start of compression on 
the difference between the compression temperature 
and the minimum autoignition temperature. The 
minimum value of 660° F. absolute is chosen from 
the temperature assumed by Ellenwood, Evans, and 
Chwang. (Reference 11.) The curves show that 
an increase in the intake-air temperature of 100° 
F. increases the temperature difference from 830° 
F. to 1,050° F. The decrease by weight of the air 
charge for this temperature difference is ap¬ 
proximate^ 15 per cent, which will reduce 
the power output of the engine. Whether or not 
this decrease in air consumption is justified 
depends on the improvement in the cycle and 

combustion efficiencies obtained by the earlier start 

of ignition. 
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in air density. There is little variation over the range 
of 0 to 14 inches of mercury supercharging. Conse- 

149900—33-6 

TEST RESULTS AND DISCUSSION 

Effect of injection time on combustion.—Figure 13 
shows the effect of the timing of the injection on the 
combustion characteristics of the engine. The fuel- 
pump setting remained the same for each test. Con¬ 
sequently, the rate-of-injection curve is not repro¬ 
duced for each test. The start and stop of injection 
are dependent to some extent on the conditions in the 
engine because the pressure of the air in the combustion 
chamber acting on the end of the injection-valve stem 
tends to lower the injection-valve opening pressure, so 
the start and stop of injection indicated on the rate-of- 
discharge curve by X were not necessarily the start and 
stop of injection with the valve mounted in the engine. 
There is, however, one point on the rate-of-injection 
curve that can be used as a reference point. The effect 
of opening the by-pass valve in the fuel pump on the 
rate of injection occurred 6nL/s degrees after the open¬ 
ing of the by-pass valve in the injection pump, in which 
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n is the engine r. p. m., L is the length of the fuel 
passage between the pump and the injection valve, 
and 5 is the velocity with which the pressure waves in 
the injection system are transmitted through the in¬ 
jection tube. (Reference 25.) For the conditions 
under consideration this value was 6°. In all cases 
the small circles on the pressure-time curves represent 

Figure 14.—Injection cut-off 2° A. T. C. Fuel-air ratio 0.0392 lb. fuel 
per lb. air. Supercharging pressure=8.75 in. Hg. i. m. e. p. = 170 
lb./sq.in. Cycle efficiency=56.6 per cent. Combustion efficiency = 

58.8 per cent. Thermal effieiency=33.3 per cent 

a time of 6° after the cut-off at the pump. The re¬ 
maining discharge after this point was caused by the 
residual pressure in the injection line and by the time 
required for the by-pass valve to open fully and for 
the injection-valve stem to reach its seat. A more 
complete discussion of this phenomenon will be found 

j bustion was accelerated until a maximum rate of 
burning was reached slightly before the maximum pres¬ 
sure; the rate of combustion then dropped, first rapidly, 
and then, because of afterburning, more slowly. The 
curves show that as the cut-off of injection was ad¬ 
vanced toward top center the time lag between the 
point of cut-off and the start of combustion decreased 
considerably. In no case were the conditions in the 
engine such as to force rapid combustion and so cause 
the consequent pressure rise to start before all the 
fuel was injected into the engine. Consequently the 
rate of combustion was independent of the rate of in¬ 
jection, but dependent only on the conditions of tem¬ 
perature, density, and mixture within the combustion 
chamber. In this series of tests, as the start of ignition 
was advanced, the detonation of the engine became 
more intense until it reached a magnitude that was 

objectionable. 
Figures 14 to 18 show the effect of the time of in¬ 

jection on the combustion characteristics and rates of 
combustion when a supercharging pressure of 8.75 

Cronh angle, degrees 

Figure 15.—Injection cut-off 6° A. T. C. Fuel-air ratio=0.0427 lb. fuel 
per lb. air. Supercharging pressure=8.75 in. Hg. i. m. e. p. = 166 lb./sq. 
in. Cycle efficiency=50.5 per cent. Combustion efficiency=63 percent. 

Thermal efficiency=31.8 per cent 

in reference 25. In the figure the compression line is 
reproduced as a dashed line on the expansion stroke. 
The point at which the expansion curve leaves this 
line is the point at which the energy supplied by the 
combustion of the fuel became sufficiently great to 
cause a change in the pressure in the combustion cham¬ 
ber. From this point the curves indicate that the com- 

Figure 16.—Injection cut-off 12° A. T. C. Fuel-air ratio=0.0445 lb. fuel 
per lb. air. Supercharging pressure=8.75 in. Hg. i. m. e. p. = 152 lb./sq. 

in. Cycle efficiency=46 per cent. Combustion efficiency=64 per cent. 

Thermal efficiency=29.5 per cent 

inches of mercury was used. The fuel-air ratios refer 
to the fuel quantity completely burned as obtained 
from the analysis. For this degree of supercharging 

the intake temperature was raised from 95° to 125° F. 
so that there was an additional effect of increased 
temperature. The curves show, in general, the same 
effects that are shown in Figure 8. However, with the 
supercharging and the increased temperature the igni¬ 
tion was forced to occur before all the fuel was injected 
when the injection cut-off occurred close to top center. 
(Fig. 14.) The curves show that as the combustion 
took place nearer top center the cycle efficiency of the 
engine was increased because of the greater effective 
expansion ratio. As the cut-off of injection was 
advanced toward top center the maximum rate of 
combustion decreased. The conditions shown in 
Figure 14 approach the desired conditions for high 
performance. The combustion efficiency was, how¬ 
ever, too low to obtain the desired fuel consumption. 

The combustion efficiency excludes the amount of 
heat lost to the cooling water, which was not deter- 
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mined. In the tests conducted by Schey and Rollin 
(reference 26) on a similar spark-ignition engine it was 
found that the losses to the cooling water decreased as 
the compression ratio of the engine was increased- 
For a compression ratio of 7: 1 the loss to the cooling 
water was 15 per cent of the total energy input to 
the engine. This value does not, of course, include 
the additional losses to the surrounding air from the 
cylinder head. It does include a certain amount of 
heat absorbed from the exhaust gases as they passed 
through the exhaust valve. If we consider a figure of 
15 per cent as reasonable for the radiation losses we 
see that the combustion efficiencies are raised from 
approximately 58 to 73 per cent and from 67 to 82 
per cent. The loss caused by incomplete combustion is 
still excessive. As has been mentioned before, the spray | 
must be compact to penetrate through the air in the 
combustion chamber, but this compactness prevents 
the correct mixture of air and fuel from being obtained. 
Ellenwood, Evans, and Chwang have shown (reference 
11) that decreasing the fuel-air ratio increases the 
cycle efficiency. It must be remembered, however, 
that the mechanical efficiency of the engine decreases 
as the fuel-air ratio is decreased. Therefore, the over¬ 
all efficiency of the engine should reach a maximum 
value for one particular excess air coefficient. 

The curves in Figures 14 to 18 are reproduced in j 

Figure 19, together with other test data obtained in 
the same series. The fuel-injection pump setting was 
the same for all the runs. As the time of injection was 
advanced the time lag of ignition decreased until j 
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finally a large portion of the fuel was burned while 
injection was taking place. This early burning 
resulted in a decrease in the rate of pressure rise. When 
all the fuel was injected before top center the time lag 
again increased and combustion was not started until 
all the fuel was in the combustion chamber. The 
rate of pressure rise again became excessive, with a 
resulting heavy knock. With combustion starting 

close to or just after top center the engine showed 
little tendency to detonate. (Fig. 14.) However, 
with retarded injection, detonation (Fig. 16) was 
noticed. It can be concluded, therefore, from the 
test data and analysis that in a compression-ignition 
engine detonation can be eliminated by forcing com- 
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Figure 18.—Injection cut-off 19° A. T. C. Fuel-air rafcio=0.0310 lb. fuel per 
lb. air. Supercharging pressure=8.75 in. Hg. i. m. e. p. = 141 lb./sq. in. 
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bustion to start sufficiently early during the injection 
of the fuel to control the maximum rate of combustion. 

Figure 20 shows a series of cards obtained at a 
supercharging pressure of 5 inches of mercury. The 
same tendency is noticed that was observed in Figures 
13 and 19. Although the time lag was less than that 
obtained with no supercharging, it was greater than 
that obtained with 8.75 inches of mercury super¬ 
charging. In no case with the 5 inches of supercharging 
did combustion start early enough to be affected by 
the rate of injection. 

Figure 21 shows the effect of the difference between 
the air temperature at A cut-off of injection and B 
start of combustion and the minimum autoignition 
temperature at the start of pressure rise on the time 
lag between cut-off and the start of pressure rise. 
A slight change in the temperature difference caused 
considerable change in the time lag. Of course, the 
true time lag is measured from the start of injection 
and not the end of injection as shown in the curve. 
The approximate time interval between the start of 
injection and the point of cut-off can be obtained 
from the rates-of-fuel-injection curves. 

The effect of time lag between cut-off and the start 
of pressure rise on the combustion efficiency of the 
engine is shown in Figure 22. The results are in ac¬ 
cordance with the dispersion of the sprays as indicated 
in Figure 7. It can be concluded that for a quiescent 
combustion chamber, as the time lag of ignition after 
the cut-off of the fuel spray is increased, the combus¬ 
tion efficiency and the tendency to detonate are in¬ 
creased. It must be remembered that the increase 
in combustion efficiency for these tests was more than 
balanced by the decrease in cycle efficiency, so that 
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80 GO 40 20 O 20 40 GO 80 
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Cranh degrees 

Figure 10.—Effect of injection advance angle on combustion. Supercharging 
pressure=8.75 in. Hg. 

B.TC. T.C. A.T.C. 
Cranh. degrees 

Figure 20.—Effect of injection advance angle on combustion. Supercharging 
pressure=5 in. Kg. 
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as the injection was retarded the thermal efficiency 
of the engine decreased. 

Figure 23 shows the effect of the time lag between 

cut-off of the fuel spray and the start of pressure rise 
on the maximum rate of combustion. The curve 
shows the importance of forcing ignition to start 
during injection as a means of eliminating detonation. 
The high rates of combustion accompanied by high 
combustion efficiency for a large time lag are caused 
by the improved mixing of the fuel and air after in¬ 

jection has stopped. (Fig. 7.) 
Effect of injection from double-stem injection 

double-stem injection valve (reference 

cards obtained from the engine when this injection 
valve was used do, however, present interesting in- 
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Figure 22 — Effect of time lag between cut-off of injection and 
start of pressure rise on combustion efficiency 
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combustion chamber. Consequently when this spray 
burned there was an area of hot gases through which 
the succeeding spray had to pass. Gelalles (reference 
27) has shown that increasing the temperature of the 
air decreases the penetration of the fuel spray. In 
this case the succeeding fuel was unable to penetrate 

CONCLUSIONS 

The analysis of these indicator cards shows that the 

problem of obtaining efficient combustion without 
detonation in a high-speed compression-ignition engine 

suitable for aircraft service is one of controlling the 
mixture of the fuel and air and of controlling the start 

Crank degrees 

Figure 24.—Effect of double-stem injection valve on rate of fuel injection and on combustion, i. in. e. p. = 118 Ib./sq. in. 
Fuel injected =0-000480 lb. Fuel burned=0.000187 lb. Combustion efficiency=43.5 per cent. Cycle efficiency=50.5 

per cent. Thermal efficiency = 22 per cent 

throughout the whole of the combustion chamber. of combustion. The results have shown that the rate 
The result was an overrich mixture close to the injec- of fuel injection does not in itself control the rate at 
tion valve which retarded combustion until this which the fuel burns. The combustion can be caused 
mixture could diffuse with the remainder of the air. to start sufficiently early in the cycle to obtain high 
Therefore, there was a long period of after burning cycle efficiencies without detonation by employing 

Figure 25.—Effect of double-stem injection valve on rate of fuel injection and combustion, i. m. e. p.=99 
lb./sq. in. Fuel injected =0.000286 lb. Fuel burned=0.000143 lb. per cycle. Combustion efficiency = 
50 per cent. Cycle efficiency=55.5 per cent. Thermal efficiency=27.7 per cent 

accompanied by a low cycle and combustion efficiency. temperatures sufficiently higher than the minimum 
The low cycle efficiency here refers to the cycle effi- autoignition temperature of the fuel. By so doing 
ciency which would have been obtained (see fig. 14) the cycle efficiency of the engine can be raised to a 
had more of the fuel been burned at constant volume, value for which the power output of the engine will 
The long period of after burning was further indicated compare more favorably with the power output of 
by a smoky exhaust. (Reference 6.) present-day spark-ignition engines. 
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The problem of detonation in the compression-igni¬ 
tion engine is different from that in the spark-ignition 
engine in which all the fuel is injected before the spark 
takes place. In the conventional spark-ignition engine 
any change that increases the density and temperature 
in the combustion chamber increases the tendency for 
detonation to occur. Consequently, the compression 
ratio of the engine is limited by the properties of the 
fuel employed. On the other hand with the com¬ 
pression-ignition engine in which the fuel is injected 
during the end of the compression stroke and start of 
the expansion stroke, the tendency for the engine to 
knock is decreased with an increase in the inlet-air 
density (supercharging), with an increase in the com¬ 
pression ratio, or with an increase in the air temper¬ 

ature. It may be concluded that the development 
of the compression-ignition engine will be benefited 
by further investigations in the use of higher compres¬ 
sion ratios, by supercharging, and by the use of heated 

air. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 21, 1931. 
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REPORT No. 402 

EFFECT OF ORIFICE LENGTH-DIAMETER RATIO ON FUEL SPRAYS FOR 
COMPRESSION-IGNITION ENGINES 

By A. G. Gelali.es 

SUMMARY 

Experimental results on the effect oj the length-diam¬ 
eter ratio of the orifice on the spray characteristics, 
together with a brief analysis of the factors affecting these 
characteristics, are presented in this report. The length- 
diameter ratios tested ranged from 0.5 to 10; the orifice 
diameters from 0.008 to 0.0If) inch; and the injection 
pressures from 2,000 to 8,000 pounds per square inch. 
The density of the air into which the fuel was discharged 
was varied from 0.88 to 1.35 pounds per cubic foot. 

When a plain stem was used in the injection valve and 
the length-diameter ratio of the orifice was increased 
from 0.5 to 10, the rate of spray-tip penetration at first 
decreased and reached a minimum between the ratios of 
1.5 and 2.5; then reached a maximum between the ratios 
of 4 and 6; and decreased again as the ratio was increased 
to 10. The exact position of the maximum and minimum 
points depended upon the orifice diameter. The spray 
cone angle was affected very little by the variation of either 
the diameter of the orifce or the length-diameter ratio 

tested at ratios greater than 4- 
With a helically grooved stem in the injection valve 

the ratios at which the highest penetration occurred varied 
between 5 and 7. The spray cone angle increased with 

the ratio of the orifice area to groove area. 

INTRODUCTION 

One of the methods by which a designer of high¬ 
speed compression-ignition engines can control the 
penetration and cone angle of the fuel spray in the 
combustion chamber is to vary the geometrical shape 
of the discharge nozzle. A considerable amount of 
work has been done to determine the difference in the 
kind of sprays from differently designed discharge 
nozzles. Little consideration has been given, how¬ 
ever, to the effect on spray characteristics of the varia¬ 
tion of the orifice length in relation to its diameter. 
The usual practice is to use a length of orifice two or 

three times the diameter. 
The results of a preliminary investigation at this 

laboratory on the effect of orifice length-diameter ratio 
on penetration, spray cone angle, and coefficient of 
discharge with a 0.014 and a 0.040 inch diameter orifice 
with ratios from 0.5 to 4 have already been published. 

(References 1 and 2.) This work demonstrated that 
when a plain stem was used in the injection valve an 
increase in the ratio caused the spray-tip penetration 
first to decrease, reaching a minimum between the 
ratios 1.5 and 2.5, and then to increase with the trend 
of the curves, indicating a maximum at a ratio greater 
than 3.5. The exact ratio at which a maximum was 
reached could not be definitely determined because the 
range of ratios tested was too small. The results of 
these tests pointed to the need for extending the inves¬ 
tigation to include a greater range of orifice length- 
diameter ratios. The work was therefore continued 
with two other nozzles having single orifices of 0.008 
and 0.020 inch diameter and ratios from 0.5 to 10. 
Tests were also made with a 0.030-inch orifice having 
ratios from 0.5 to 4. The tests were conducted at the 
Langley Memorial Aeronautical Laboratory at Lang¬ 

ley Field, Va. 

METHODS AND APPARATUS 

The general method employed in this investigation 
was to take high-speed motion pictures of individual 
fuel sprays discharged from the nozzle into air at vari¬ 
ous densities and at room temperature. The pictures 
were taken with the N. A. C. A. spray-photography 
equipment described in reference 3. 

A plain injection-valve stem and one with four 
grooves, having a helix angle of 30°, were tested in 
conjunction with the nozzles. A cross section of the 
assembled valve showing the two stems and the shape 
of the nozzle is shown in Figure 1. In the table accom¬ 
panying the figure the size of orifice for each nozzle 
and the length-diameter ratios are given. The com¬ 
bined area of the grooves in the helically grooved stem 
was equivalent to a 0.022-inch diameter orifice, which 
made the ratio of orifice area to groove area 0.2, 0.4, 
0.9, 1.9, and 3.3 for the orifices having the following 
respective diameters: 0.008, 0.014, 0.020, 0.030, and 

0.040 inch. 
The injection pressures were varied from 2,000 to 

8,000 pounds per square inch. The chamber air den¬ 
sities in the tests with the 0.014 and 0.040 inch orifices 
were varied from 0.38 to 1.35 pounds per cubic foot, 
corresponding to chamber pressures of 60 to 250 
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pounds per square inch at room temperature. The 
air density in the tests with the 0.008, 0.020, and 0.030 
inch diameter orifices was 0.99 pound per cubic foot, 
corresponding to a chamber pressure of 180 pounds 
per square inch at room temperature. A high grade 

they were obtained by extrapolating the curve. 
Under the conditions of these tests the spray-pene¬ 
tration curves at 5 inches were so nearly straight that 
the extrapolation was permissible without introducing 
an appreciable error. 

Adopter. 
Automatic injection valve, 

yww# 

Z = Orifice length 
d = " diameter 

Orifice 
dia. 

1/dL ratios 

0.008 
0.014 
0.080 
0.030 
0.040 

0.5, I, 8, 3, 4, 6, 8,10 
0.5, 1, 2, 3, 4 
0.5, 1, 2, 3, 4, 6, 8,10 
0.5, I, 2, 3, 4 
0.5, /, 2, 3, 4 

Figure 1.—Injection valve assemblies. Orifice sizes and ratios tested 

of Diesel fuel with a specific gravity of 0.86 and a vis¬ 
cosity of 0.048 poise (45 Saybolt seconds Universal) 
at. 80° F. was used. 

FACTORS AFFECTING SPRAY CHARACTERISTICS 

The most important characteristics of a fuel spray 
from the standpoint of efficient combustion for high¬ 
speed compression-ignition engines are penetration, 
atomization, dispersion, and distribution. Precise 
definitions of these terms as applied to fuel sprays 
have been given by De Juhasz. (Reference 4.) The 
factors affecting these spray characteristics for any 
one combustion-chamber shape are: 

1. The injection-valve design. 
2. The injection pressure. 
3. The physical properties of the fuel oil. 
4. The physical properties of the gases in the com¬ 

bustion chamber. 
5. Air flow in the combustion chamber. 
The function of the injection valve is to so utilize 

all the energy supplied bv the fuel pump as to obtain 
the proper distribution of the fuel in the combustion 
chamber and thus promote an efficient combustion. 
If the injection valve is of the closed type, a spring- 
loaded stem is usually employed which is lifted to 
permit the fuel flow through the nozzle when the 
pressure of the fuel is raised to a predetermined value. 
For a given combustion-chamber shape and a pressure- 
time relation in the fuel line immediately before the 
discharge nozzle, the design of the injection valve may 
be varied so as to control to some extent the penetra¬ 
tion, atomization, dispersion, and distribution of the 
fuel spray. 

For a fixed orifice area, engine speed, and geomet¬ 
rical shape of the nozzle the fuel pressure-time rela- 

Figure 2.—Spray photographs with lines drawn to show spray-tip penetration and spray cone angle. Orifice length = 0.056 inch; orifice diameter=0.014 inch; 
injection pressure=2,000 pounds per square inch; chamber air density=1.35 pounds per cubic foot. Plain stem 

A record of the development of a single fuel spray 
is shown in Figure 2. The lines drawn on the photo¬ 
graph show how the spray penetration and spray 
cone angles were measured. The maximum penetra¬ 
tion that the apparatus could record was slightly over 
5 inches Where greater penetrations are shown, 

tion behind the nozzle depends largely upon the pump 
design, the elasticity of the fuel, and the length, diam¬ 
eter, and wall thickness of the tube connecting the 
pump with the injection valve. Other conditions 
being the same, the intensity of the pressure impulses 
propagated to the injection valve may be varied 



EFFECT OF ORIFICE LENGTH-DIAMETER RATIO ON FUEL SPRAYS FOR COMPRESSION-IGNITION ENGINES 81 

within wide limits by changing the design of the cam 
actuating the pump plunger. This effect is shown in 
the comprehensive treatises on this phase of the sub¬ 

ject by Sass and by Rothrock. (References 5 and 6, 
respectively.) 

The characteristics of the spray are influenced by 
the density, the viscosity, and the surface tension of 
the fuel, and by the density and the viscosity of the 
chamber gases. These three properties of the fuel are 
affected by variation of conditions in the combustion 
chamber; density and viscosity increase with pressure, 
and all three decrease with an increase in temperature. 1 
The density and the viscosity of the chamber gases 
have an effect on the penetration and atomization of ; 
the fuel sprays. The density of the gases increases 
with pressure and decreases with temperature, and 
the viscosity increases with both pressure and tem¬ 

perature. 
Greater spray distribution may be obtained by 

increasing the air flow in the combustion chamber. 
In engines using directed air flow the practice is to 
design the cylinder head so as to increase the air 
velocities and direct the air flow past the fuel spray 
either tangentially or counter to the spray. The 
latter direction has been found to have greater effect 

on spray distribution. 
Penetration.—A fuel spray to penetrate at a fast 

rate must possess, primarily, a high initial velocity 
along its axis and a small spray cone angle. For the 
same pressure-time variation in the injection system 
the nozzle-design features with which high initial 
velocity of spray can be obtained were found to be: 
(a) Smooth passages before the orifice, and (6) suffi¬ 
cient orifice length in proportion to its diameter to 
direct the spray along its axis. According to hydro¬ 
dynamic laws, in passing from the large sectional area 
before the nozzle to the usually much smaller area of 
the orifice the jet assumes a spiral motion and a ten¬ 
dency to first contract and then reexpand. In this 
event there are forces initiated normal to the jet 
axis, and consequently velocity components normal 
to the orifice axis. The greater the spiral motion 
given to the jet prior to its issue in the combustion 
chamber the larger the cone angle of the spray pro¬ 
duced, and consequently the greater the retardation. 
Therefore high penetration is obtained from a nozzle 
the geometrical shape of which produces a jet flow 
having the least contraction and the minimum amount 
of spiral motion. Previous experiments with larger 
nozzles have shown that the nearer the fluid passage 
before the orifice is made to approach the shape given 
to a Venturi nozzle the nearer these conditions of 
flow are approached. In a recent investigation at 
this laboratory by the author (reference 2) this rela¬ 
tion was also found to be true for the range of orifice 
sizes employed with the high-speed compression- 

ignition engines. With sufficient orifice length to 
insure a coefficient of contraction equal to unity the 
Venturi type of nozzle gave the highest coefficient 
of discharge, and consequently the highest initial 
velocity. 

As shown by Ivuehn (reference 7) and Triebnigg 
(reference 8), under the injection pressures and the 
conditions that exist in the combustion chamber of 
compression-ignition engines the jet bursts into a 
spray of small droplets immediately after its issue 
from the orifice. According to a theoretically derived 
equation by Triebnigg, the distance at which this 
dissolution of the jet takes place is of the order of 
0.001 inch from the outside opening of the orifice for 
an injection pressure of 4,000 pounds per square inch 
and a chamber density of 1 pound per cubic foot. 
Spray photographs obtained at this laboratory and 
other data obtained elsewhere tend to confirm these 
computations. 

With a given initial velocity the penetration of the 
spray in the combustion chamber depends upon the 
mean diameter of the fuel drops of which the spray 
is composed, the physical properties of both fuel and 
air, and the motion of the chamber air relative to the 
spray. At very high spray velocities the influence 
of the air flow on the spray is small until after the fuel 
drops have lost the greater part of their initial 
velocity. The laws governing the motion of the in¬ 
dividual fuel drops subsequent to the jet dissolution 
are therefore those of individual spheres moving in a 
viscous medium. Mathematical treatment of the 
motion of spheres in a viscous medium is given in 
most textbooks on the subject of fluids. Experimen¬ 
tal or theoretical determination of the constants 
involved for the conditions of spray injection in 
combustion chambers in which a large number of 
fuel drops of different sizes are traveling in close 
proximity is not easy. Nevertheless, by studying 
such relations the degree to which the various factors 
affect the spray motion can be analyzed and better 

understood. 
The resistance R that a spherical body encounters 

in its motion through a viscous fluid depends on its 
diameter d, its velocity V, the density p of the medium, 
and the viscosity p of the medium. Expressed in the 

form of an equation (reference 9): 

R — KdxpvixzVv> (1) 

where K is a constant, the value of which is deter¬ 
mined by experiment for any particular set of condi¬ 
tions, and x, y, z, and w are exponents, the value of 
which depends on the experimental conditions. 

Dimensional considerations require the dimensions 

of each side of this equation to be the same. There¬ 
fore by equating exponents of mass M, length L, and 

time T, and since 
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[R] = \MLT~\ [d] = [L], [P] = [ML-*], 
[p] = [ML-1T~1], and [V] = [LT-1] 

ML T2 = L XMVL~Z VMZL~ zT~zLwT~w 
x — Zy — z + w=l 

y + z= 1 
— z — w— — 2 

x = w, y = w— 1, and z = 2 — w 
So that 

R = Kdw Pw~' p2-” VW = K(^X ^ (2) 
\ M / P 

Experiments have shown that the value of the ex¬ 
ponent w varies from 1 to 2, depending on the value of 

the Reynolds Number °f the motion. At low 

Reynolds Numbers the value of the exponent w was 
found to be equal to 1, and therefore 

R = KfiVd (3) 

In equation (3) the resistance varies as the first 
power of the velocity, the diameter, and the viscosity 
of the medium and is independent of the density of the 
medium. Stokes found the value of K to be equal to 
Sir for spherical bodies. As the velocity of the moving 
body is increased, however, the value of w is increased, 
and for a short range of Reynolds Number the value of 
w varies between 1 and a value slightly greater than 2. 
In that event both the viscosity and the density of the 
medium influence the resistance. Finally, as the veloc¬ 
ity is increased, a Reynolds Number is reached beyond 
which the value of w is equal to 2, or 

R — KV2d2p (4) 

The resistance then varies as the square of the 
velocity and is independent of the viscosity of the me- 

7r 
dium. The value of K is equal to -ip, where \p is some 

function of the Reynolds Number of the motion. 
At the initial fuel-drop velocities and the injection 

pressures under which the fuel is injected in the com¬ 
bustion chamber of a compression-ignition engine, the 
motion of the fuel drops for a short time immediately 
after their formation must follow the velocity square 
law. As their progress is retarded, however, the 
motion changes to the intermediate law, and finally, 
if not already ignited, may follow the first power, or 
Stokes’s law. Experiments in this laboratory (refer¬ 
ence 10) and by Bird with sprays in hot, compressed 
air (reference 11) tend to indicate that the value of 
the exponent w of equation (2) must vary between 1.5 
and 2 for the greater part of the penetration of the 
fuel drops prior to the approach of their relative 
velocity to the value of zero. 

While the velocity of the fuel spray is diminishing, 
the kinetic energy of the fuel drops composing it is 

partially transmitted to the surrounding air, giving 
the air an accelerated whirling motion in the direction 
of the spray motion. Thus after the fuel drops are 
brought to a standstill with respect to the moving air 
the work of distribution is continued by the whirling 

air, which may carry the fuel droplets to the farthest 
recesses of the combustion chamber. Where some 
degree of orderty air flow exists in the combustion 
chamber, the fuel drops are carried in the direction 
of the air motion upon losing the greater part of their 
initial velocity. 

The rapidity with which the individual fuel drops 
are brought to a standstill may be better understood 
if the equations giving their motion are examined. 
For the purpose of a more simplified explanation it 
will be assumed that the resistance to the fuel drop¬ 
lets follows the velocity square law (w = 2) during the 
greater part of their penetration. Somewhat different 

| relations are obtained if the assumption is made that 
it follows a law varying as some power other than 2. 
The difference, however, is only in the degree in which 
the various factors of equation (2) affect retardation, 
the effect being always in the same direction. For 
2^>'W^> 1 (which is the range of fuel spray injection), 
with the departure of w from 2 and approach to 1, the 
effect of the density decreases and the effect of the 

viscosity increases on account of the term — 

The deceleration force on a spherical drop from the 
fundamental equation/= ma is 

il 

0
5
 
%

 
"D

 

(5) 

The resisting force in the medium must equal this 
decelerating force of the drop, or 

7rd3 d V ird2 T/2 7^ V 72.72 

~6"Po dF= ~T~^T 'Pa= ~KVd P* (6) 

where p0 and pa are the respective densities of oil and 
air. 

Integrating twice between the appropriate 
the distance S the drop traversed is 

limits, 

8 = loge (CV0t + l) 
(7) 

orS4 (t) 
where 

77 3 , P a 1 
c=^J,d 

(7a) 

V0 is initial velocity of the drops, and V is the 
velocity of the drops at any time. 

Solving for Fin equation (7a), 

V — V0e~cs 

= V0e-\*‘;S (8) 

This relation is readily recognizable as that of a re¬ 
tarded motion. The equation shows that a drop of a 
smaller diameter will be more rapidly retarded than a 
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drop of a larger diameter of the same initial velocity. 
As the greatest part of the penetration of the fuel spray 
is obtained when in equation (2) w~ 2, w<2, and w>l, 
equations (7) and (8) (and similarly derived equations 
with 2>w>l) explain why it is possible to find only a 
small difference in the ultimate penetration between 
sprays from the same nozzle, but with different injec¬ 
tion pressures. This condition was found to be true 
by Riehm (reference 12) for injection pressures of 1,600 
pounds per square inch and lower. Spray photographs ! 
taken at this laboratory (reference 10) have shown the 
spray with the higher injection pressure to penetrate at 
first faster than a spray with a lower injection pressure, 
but the retardation of the first spray was greater than 
that of the second. A few thousandths of a second 
after the start of injection the spray-tip velocity was , 
the same for injection pressure from 2,000 to 8,000 
pounds per square inch. From the investigations of 
Sass and Kuehn it is known that the average diameter 
of the fuel drops diminishes with the increase of the in¬ 
jection pressure. It follows, then, that sprays with a j 
higher injection pressure composed, on the average, of 
smaller-size drops travel faster at first than sprays with 
a lower injection pressure and larger-size drops. But 
the larger drops do not lose their velocity so rapidly and 
soon overtake the smaller. To assume, however, that 
the maximum penetration is independent of the injec¬ 
tion pressure for widely divergent conditions is incon¬ 

sistent with equation (8). 
Equations (7) and (8), combined with the foregoing 

explanations, indicate also how the spray character¬ 
istics may vary with the time at which the spray is 
injected. Sprays injected at or near the end of the 
compression stroke when the density in the chamber is 
highest penetrate less, but atomize better than sprays 
injected in the earlier part of the compression stroke. 

Atomization.—The term “atomization” is used to 
denote the size of the drops into which the jet breaks 
immediately upon its entrance into the combustion 
chamber. For any fuel oil and for any orifice size 
atomization depends almost entirely on the jet energy 
and on the conditions of the surrounding medium at 
the instant the jet dissolution takes place. From the 
theoretical work of Triebnigg and the experimental 
investigations of Kuehn, Sass, and this laboratory the 

magnitude of the fuel drops is known to be: 

1. Proportional to— 
(а) The surface tension of the fuel oil. 
(б) The density of the fuel oil. 
(c) The diameter of the orifice. 

2. Inversely proportional to the excess pressure 
of the fuel oil over the combustion-chamber 

pressure. 
As the relative velocity of the fuel drops with respect 

to the air is rapidly reduced and as their high surface 
tension causes a resistance to a change in form, a 
further breaking up of the particles after the initial 

dissolution of the spray can not be expected. 

Dispersion.—Spray dispersion is defined as the ratio 
of spray volume to oil volume discharged. The single 
factor by which dispersion may be influenced most is 
the discharge-nozzle design and the injection valve as 
a whole. Slightly better dispersion may also be ob¬ 
tained in air at high density when fuel of a low density 
is used. The usual nozzle designs employed to obtain 
good dispersion are the annular-orifice type, the slit 
orifice, the impinging jets, the lip nozzle, and the 
type employing helical grooves before the orifice. 
Along with good dispersion better atomization may 
also be obtained when the opening of the annular or 
slit orifices is made small, which is analogous to using 
small round orifices to obtain better atomization. The 
amount of dispersion may also be controlled within 
wide limits by varying the angle of the helical grooves. 

A gain in the spray dispersion by varying the nozzle 
design, however, is always obtained at a loss in pene¬ 
tration. With sprays of large cross section the re¬ 
tardation in the combustion chamber was shown in a 
previous report of the committee (reference 13) to be 
greater than with sprays of a small cross section. 
With the helically-grooved-stem type of valve, espec¬ 
ially, the normal-to-the-axis velocity is larger than 
that with a valve having a plain stem under the same 

conditions. 
Distribution.—Distribution is defined as the ratio 

of air to fuel mixture throughout the chamber. It 
follows from this definition, therefore, that the pene¬ 
tration and dispersion of the fuel spray partially con¬ 
trol the distribution of the fuel. The usual methods 
to obtain a good distribution are: (1) To produce a 
spray having the shape of the combustion chamber 
and with sufficient penetration to reach the farthest 
recesses of the chamber, (2) to produce sufficient 
orderly air flow to mix the fuel completely with the 
air, and (3) a combination of methods (1) and (2). 
The first method is used where there is not sufficient 
air movement in the combustion chamber to mix the 
air with the fuel satisfactorily. The multiorifice 
nozzle was found to fulfill the requirements of the 
first method (reference 14); for, in addition to the 
freedom it offers in the proper apportioning of the 
spray, it yields a good penetration and a better atomi¬ 
zation than a spray from a single large orifice of the 
same capacity. The sizes of the orifices foi a multi¬ 
orifice nozzle are necessarily much smaller than for a 
single orifice giving the same rate of discharge. The 
sprays from the smaller orifices do not penetrate so 
rapidly as sprays from larger orifices. As shown by 
the experimental results of these tests, however, the 
difference in the rate of penetration between sprays 
from orifices larger than about 0.015 inch in diameter 
is small. Thus, although there is a small decrease 
in penetration when a nozzle with a single large orifice 
is replaced by a nozzle with several orifices ol smaller 
size, there is a large gain in distribution, and according 
to Sass (reference 5) some increase in atomization. 
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Good results were also obtained when methods (2) 
and (3) were used to obtain good spray distribution. 
(References 15 and 16.) Regarding the use of orderly 
air flow, care must be exercised to obtain the proper 

___I_I_I_I_!_: !_!_1_ 
O 2 4 6 8 10 12 

Length-diameter ratio 

Figure 3.—Spray-tip penetration at varying length-diameter ratio and 
different sizes of discharge orifice. Penetration 0.001 second after start of 
injection. Plain stem. Chamber air density=0.994 pounds per cubic foot 

amount of air flow conducive to good combustion. 
Both Ricardo and Hesselman found that combustion 
efficiency was increased by increasing the velocity of 
air flow up to a certain point beyond which poorer 
combustion was obtained. 

RESULTS AND DISCUSSION 

Sprays from plain round-orifice nozzles.—Figure 3 
shows the spray penetration at 0.001 second after the 
start of injection plotted against orifice length-diam¬ 
eter ratio when a plain stem was used in the injection 
valve. With all the orifices there was a general ten¬ 
dency for the penetration to decrease, to reach a mini¬ 
mum, and then to increase as the length-diameter ratio 
was increased by small increments between the values 
of 0.5 and 4. The ratio at which a minimum was 
reached varied between 1 and 3, depending on the 
orifice diameter and the test conditions. The pene¬ 
tration with the 0.008 and 0.020 inch diameter orifices, 
which were tested at larger ratios, reached a maximum 
between the ratios of 5 and 6, and decreased again 
gradually as the ratio was increased further. The 
trend of the curves obtained with *he 0.040-inch orifice 
indicates that a maximum penetration would have 
been reached at a ratio a little greater than 4, if that 
orifice had been tested at larger ratios. This indica¬ 
tion leads to the conclusion that a maximum penetra¬ 
tion would have been reached also with the 0.014 and 
0.030 inch orifices between the length-diameter ratios 
of 4 and 6, if these orifices had been tested at larger 
ratios. Although the shape of the curves is the same 
in all cases, there is a general shifting of the ratio at 
which a maximum or a minimum was attained toward 
the origin as the orifice size was increased. There is 
an increase in penetration as the orifice diameter is 
increased to 0.030 inch and then a slight decrease with 
the 0.040 inch. This variation, however, is small with 
orifices greater than 0.014 inch in diameter. This 
finding is in agreement with the results obtained by 
Rothrock (reference 17), which show the pressure be¬ 
hind the nozzle to be affected slightly for the range of 
orifices between 0.008 and 0.030 inch, but to be re¬ 
duced considerably for the 0.040-inch orifice. 

In Figure 4 the penetrations 0.002 and 0.004 second 
after the start of injection with the 0.008-inch orifice 
are given. The general shape of the curves and the 
ratios at which a minimum or a maximum penetration 
was obtained are the same as for the corresponding 
orifice in Figure 3. 

Figures 5 and 6 show the penetration at 0.001 and 
0.002 second after the start of injection with the 
0.014-inch-diameter orifice and different air densities. 
As was found in previous experimental investigations 
at this laboratory and as the equations (7) and (8) of 
the analysis indicate, the penetration decreases with 
the increase of density in the spray chamber. The 
variation in penetration with changes in the length- 
diameter ratio of the orifice becomes smaller with an 
increase of density. Owing to the limitations of the 
recording apparatus, the penetration at times greater 
than 0.001 second after the start of injection could not 
be recorded with orifices larger than 0.014 inch. For 
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the same reason the penetration for the 0.014-inch 
orifice could not be recorded at the two lower air 
densities. 

In Figure 7 the results obtained with 0.040-inch- 
diameter orifice at various chamber air densities are 
given. A comparison of these curves of the 0.040-inch 
orifice with the corresponding curves of different 
densities of the 0.014-inch orifice (fig. 5) shows that 
the penetration with the smaller orifice is affected 
more by the air density than that with the larger 
orifice. The effect of change of density in equations 
(7) and (8) is greater on the penetration of the smaller 
drop than on the penetration of the larger drop. The 
test results of Sass and others have shown that the 
magnitude of the spray drops decreases with the de¬ 
crease of orifice diameter. The spray from the larger 
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orifice is therefore affected the least, because the value 
of the exponent of the retarding factor e in equation 
(8) is less than it is for the spray from the smaller 
orifice, which is composed, on the average, of smaller- 
sized drops. 

In Figure 8 the coefficients of discharge (reference 
18) of the nozzle with the 0.008-inch orifice at various 
injection pressures are given. The shape of the 
coefficient of discharge curves approaches that of the 
penetration curves for ratios greater than 4. As the 
ratio was increased beyond 5, the friction losses in¬ 
creased, and both the coefficient and the penetration 
began to decrease gradually. 

In an investigation on the effect of length-diameter 
ratio on the coefficient of discharge Bird (reference 19) 
obtained somewhat irregular results with a 0.013-inch- 
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diameter orifice. Owing to the high viscosity oil used, 
the flow through this orifice was in the semiturbulent 
range. In his curve of coefficient of discharge plotted 
against length-diameter ratio there was a depression 
at the ratio of about 2 followed by a rise which reached 
a maximum at a ratio slightly greater than 3, and 
then a gradual drop and a slight depression in the 
curve at a ratio of 7.5. These irregularities and the 
low coefficients that he obtained can probably be 
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attributed to the geometrical shape of the nozzle, 
which resulted in a different condition of flow within 
the nozzle than with the tests reported herein. The 
difference in the flow conditions may be seen by com¬ 
paring curves given in Figure 9 of coefficient of dis¬ 
charge against Reynolds Number. These curves show 
that at the lower range of Reynolds Number, during 
which the transition from laminar to turbulent flow 
takes place, there was a rapid increase and then a 
rapid decrease in the coefficient obtained by Bird as 

the Reynolds Number was increased. In the results 
obtained at this laboratory the transition is more 
gradual. Bird found that the resistance to the flow 
through the orifice in the transitional region varied 
with the velocity to powers between 2 and 3. 

/.0 

& 
<J 

.0). 
b 
V 
o 

.5. 

.0 

cS 

.8 

O 

- 

f=s 
*_ 

50 
40 

OO 
00 
OO 
go. 

jjjjjjj 
—__ 

30 
.^20 

k'Ns^a 

>SsSs< 

y-IOOO 

4 
/ 

/ 

Inj ect/c m pr -ess ure, b. pe V sq 7-in.' 

!0 !2 8 4 6 8 
Length-diameter ratio 

Figure 8.—Coefficient of discharge at varying length-diameter ratio of the 0.008 
inch discharge orifice. Atmospheric chamber air density. Plain stem 

The explanation of irregularities in the penetration 
and coefficient of discharge curves is found in an 
analysis of the flow through the injection nozzle. As 
pointed out in the analysis of the factors affecting 
spray characteristics, in passing from the larger sec¬ 

tional area to the usually much smaller area of the 
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orifice the jet is given a spiral motion and a tendency 
to contract; i. e., the coefficient of contraction de¬ 
creases arid that of velocity increases. The amount 
of contraction depends chiefly on the shape of the 
entering edge of the orifice, but is also affected by the 
pressure head and by the physical properties of the 
fuel oil. Following this contraction the jet reex- 
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pands and fills the orifice throat again. If the throat 

is sufficiently long, the expanded jet is redirected 

parallel to the axis of the orifice. The result is to 

decrease the velocity component of the jet perpen¬ 

dicular to the axis of the throat. If the length of the 

orifice is not sufficient to permit a complete reexpan¬ 

sion of the jet within the orifice throat, a spray is 

obtained with the fuel particles having a perpendicular 

motion as well as axial, which condition results in a 

smaller penetration. 

The presence of a maximum penetration at length- 

diameter ratios greater than 3 is explained by the 

fact that at the larger length-diameter ratios the fric¬ 

tion losses become appreciable. (Reference 18.) In¬ 

creasing the orifice length beyond that at which the 

jet is fully reexpancled increases also the friction losses. 

Hence a ratio must be reached beyond which the 

friction loss within the orifice more than counter¬ 

balances the increase in penetration obtained by in¬ 

creasing the orifice length, and the result is a reduc¬ 

tion in penetration. 

From the test results presented and from the fore¬ 

going discussion it is seen that with round-orifice 

nozzles the length-diameter ratio of the orifice must 

be between 4 and-7 if a high spray penetration and a 

high coefficient of discharge are desired. The ratio 

to be used for the nozzle shapes of these tests is be¬ 

tween 4 and 5 for orifices ranging from 0.030 to 0.040 

inch in diameter and between 5 and 6 for orifice sizes 

less than 0.030 inch in diameter. 

An analysis of the experimental results for the 

variation of the spray-tip deceleration with velocity, 

a = KVn, gave the values of n shown in Table I. The 

motion of the spray tip was investigated for each 

spray only at the ratios of maximum and minimum 

penetration. As seen from the table, the decelera¬ 

tion of the spray tip, and thus the resistance of the 

motion as shown in the analysis, varies as some power 

between the first and second of the velocity. 

TABLE I.—VARIATION OF SPRAY-TIP DECELERA¬ 
TION WITH VELOCITY 

Spray No. 
Orifice 

diameter 
Injection 
pressure 

Chamber 
density 

l 
d 

n 

1_ 
In. 

0. 008 
Lb./sq. in. 

2,000 
Lb./cu.ft. 

0.994 6 1.10 
2.. .008 8,000 .994 6 1.15 
3... .008 2,000 .994 3 1.40 
4.. .008 8,000 .994 3 1.60 
5... .020 2,000 .994 0 1.20 
0-__ .020 8,000 .994 6 1.90 
7_ .020 2,000 .994 3 1.00 
8.. .020 8,000 .994 3 1.50 

Centrifugal sprays.—In Figures 10 and 11 is given 

the spray-tip penetration with the orifices tested 

0.002 and 0.004 second after the start of injection 

when a helically grooved stem was used in the injection 

valve. With the exception of the 0.030-inch-diameter 

orifice, the penetration increased as the length-diameter 

ratio of the orifice was increased from 0.5 to 4. The 

penetration with the 0.008 and 0.020 inch orifices, which 

were tested for higher ratios, reached a maximum at 

a ratio of about 7 and 5, respectively. The decrease 

in penetration after the maximum is much slower 

than when the plain stem was used in the injection 

valve. This decrease is obviously due to the smaller 

Figure io.—Spray-tip penetration at varying length-diameter ratio and differ¬ 
ent sizes of discharge orifice. Penetration at 0.002 second after start of injection. 
Helically grooved stem. Chamber air density=0.994 pound per cubic foot 

velocity of flow and the smaller consequent losses of 

energy within the orifice throat. No explanation can 

be given for the sinusoidal appearance of the penetra¬ 

tion curves with the 0.030-inch-diameter orifice. 

This phenomenon is not evident with any other orifice. 

Tests by Joachim and Beardsley (reference 13) for 

149900—33 
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length-diameter ratios between 0.2 and 2.0 with a 
0.022-inch-round orifice and with 40° helix angle of the 
grooves gave substantially the same shape of curve as 
that obtained with the 0.030-inch orifice of this in¬ 
vestigation. Apparently there must be a ratio of 
orifice area to groove area for any given helix angle of 
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the grooves at which the flow conditions in the nozzle, 
at least for the lower length-diameter ratios, are differ¬ 
ent than for any other combination of areas. 

A comparison of the curves obtained when a plain 
stem was used in the injection valve (figs. 3, 4, 5, 6, 
and 7) with the curves when a helically grooved stem 
was used (figs. 10 and 11) shows that the penetration 

with the centrifugal sprays was considerably smaller. 
This smaller penetration is largely due to the nonaxia] 
motion given to the spray particles and to the loss of 
energy caused by the fuel passing through the restricted 
helical grooves and the subsequent reconverging in 
entering the orifice. In passing through the grooves 
the fuel was given a velocity component tangential, 
as well as axial, to the cross section of the injection- 
valve stem. Following this action the fuel was forced 
to converge and pass through the orifice, where the 
axial component was increased and the tangential com¬ 

ponent partially damped out. The amount of this 
damping depended upon the ratio of orifice length to 
diameter and upon the ratio of orifice area to groove 
area. As the orifice length was increased with respect 
to diameter the tangential-velocity component of the 
particles was further decreased, which resulted in an 
increase in the penetration. As the ratio of orifice'area 
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to groove area was increased the tangential-velocity 
component of the fuel particles was increased, because 
the velocity through the. helical grooves was increased. 
This increase in tangential velocity caused the sprays 
from the larger orifices to have less penetration (than 
the sprays from the smaller orifices. 

An indication of the extent of the energy losses in 
the injection valve when a helically grooved stein is 
used can he obtained by comparing the coefficient-of- 
discharge curves given in Figure 12. These curves 
were taken from reference IS and give the coefficients 
of discharge for the nozzles of the present tests. The 
area of the orifice cross section was used in computing 
the coefficient. The larger losses occur with the 
larger orifice because the velocity through the grooves 
and consequently the friction and the tangential com¬ 
ponent of the fuel particles are larger. Large irregu¬ 
larities were obsenred in the values of the coefficient 
for the 0.008-inch orifice with the helically grooved 
stem at the lower length-diameter ratios of the orifice. 
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No such irregularities in tho coefficient of discharge 
were observed with any of the other orifices tested, 
varying in size from 0.014 to 0.040 inch in diameter. 
(Reference 18.) The effect of the reduced coefficient 
of discharge when a helically grooved stem was used 
can be seen in the penetration curves obtained with 
the same valve setting and injection pressures. The 
penetration, as well as the coefficient of discharge, is 
considerably reduced as the tangential velocity com¬ 
ponent given to tho fuel particles is increased by the 
use of a helically grooved stem. 

Spray cone angle.—In Figure 13 are given the 
spray cone angles 0.003 second after the start of injec¬ 
tion, when the spray was fully developed. With the 
plain stem the spray cone angle varied from 15° to 25°, 
depending on tho orifice size and the length-diameter 
ratio. For any one orilice and length-diameter ratio 
of the orifice the angle was about the same, regardless 
of the injection pressure and chamber density at which 
the orifices were tested. A comparison of Figures 3, 
4, 5, G, and 7 with Figure 13 shows tho penetration 
with the plain stem to decrease and the spray angle 
to increase at the lower length-diameter ratios of the 
orilice, at which an unstable jet contraction region 
exists. The angle increased and then again decreased 
as the ratio was increased from 0.5 to 4. For ratios 
greater than 4 the angle remained practically constant 
with the 0.008 and 0.020 inch orifices, which were 
tested at theso higher ratios. 

With the helically grooved stem the spray cone 
angle varied from 20° to 70°, depending on the orifice 
size and the length-diameter ratio tested. The angle 
increased with the increase of orifice size. This 
increase was duo to the larger tangential velocity given 
to the spray, combined with the smaller amount of 
reconverging of the jet with the larger-sized orifices. 
A radical variation in tho spray cone angle can be 
observed with the 0.030-inch orifice. A comparison 
of the spray-cone-angle curve with the corresponding 
penetration curves of Figures 10 and 11 for the same 
orifice shows that an increase in the penetration 
resulted in a dorronso in spray cone angle, and a 
decrease in penetration had the opposite effect. The 
same tendency is also observable with the other orifices 
tested, hut it is not so pronounced as that with the 
0.030-inch-diameter orifice. 

CONCLUSIONS 

fhe conclusions drawn from the experimental data 
are as follows: 

1. With the plain stem in the injection valve, for 
the shape anil range of orifice sizes tested: 

(а) The length-diameter ratio giving the greatest 
sprav-tip penetration and coefficient of dis¬ 
charge was found to be between 4 and 6, 
depending on the orifice diameter. 

(б) For ratios less than 4 the penetration de¬ 
creased and then increased as the ratio of 
0.5 was approached. 

(c) For ratios greater than 6 the friction losses 
due to the excessive orifice length become 
appreciable and penetration and coefficient 
of discharge decrease. 

{d) The spray cone angle was not affected by an 
increase of the length-diameter ratio for 
ratios greater than 4, but varied with ratios 
of less than 4. 
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2. With the lielically-grooved stem in the injection 

valve: 
(а) With the exception of the results of the 0.030- 

inch orifice, maximum penetration was 
reached at an orifice length-diameter ratio 
of between 5 and 7. A further increase 
in the ratio after the maximum resulted in 
a gradual decrease in penetration. The 
rate of change of penetration, however, 
was less with this stem than with the 
plain. 

(б) With the exception of the 0.030-inch diameter 
orifice, the spray cone angle increased with 
the orifice-area to groove-area ratio. A 
maximum angle of about 70° was obtained 
with the 0.040-inch orifice, and a minimum 
of about 20° with the 0.008-inch orifice. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 27, 1931. 
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ICE PREVENTION ON AIRCRAFT BY MEANS OF ENGINE EXHAUST HEAT AND A 
TECHNICAL STUDY OF HEAT TRANSMISSION FROM A CLARK Y AIRFOIL 

By Theodore Theodorsen and William C. Clay 

SUMMARY 

This investigation was conducted by the National 
Advisory Committee for Aeronautics to study the 'practi¬ 
cability of employing heat as a means of preventing the 
formation of ice on airplane wings. The report relates 
essentially to technical problems regarding the extraction 
of heat from the exhaust gases and its proper distribution 
over the exposed surfaces. In this connection a separate 
study has been made to determine the variation of the 
coefficient of heat transmission along the chord of a Clark 

Y airfoil. 
A study of the heat transmission from the airfoil re¬ 

veals that the local transmission is very high at the leading 
edge and that it decreases rapidly to a minimum value 
at a point located about SO per cent back along the chord. 

Experiments on ice prevention both in the laboratory 
and in flight show conclusively that it is necessary to 
heat only the front portion of the wing surface to effect 

complete prevention. 
The marked variation in the heat transmission over the 

front portion of the wing makes the problem of an efficient 
heat-distributing system a matter of some technical diffi- 

INTROE 

Formations of ice occurring on aircraft are most 
prominent and detrimental on the wing surfaces. 
Accumulations on the propeller are probably almost 
always concentrated near the hub and are generally 
small and cause little trouble (except in cases of air¬ 
ships where small pieces of ice are thrown into the 
envelope). Some ice, of course, forms on wires, 
struts, tail surfaces, and other appendages; on airplanes 
which have several bays with numerous members in 
the air stream creating a large parasite drag, this item 
is likely to become of some consequence. Modern 
design, however, tends toward the removal of these 
extraneous structures, and it is generally conceded 
that the elimination of ice formation on the wings will 
practically nullify the factors which usually cause a 

forced landing. 
The various factors causing ice formations on air¬ 

planes in flight have been discussed in earlier reports 
(references 3 and 4) and will not be repeated here. 
However, some points may be brought out which have 
a bearing on this particular investigation. Experience 
has shown that there exist two extreme cases of ice 

culty. The actual quantity of heat needed for ice preven¬ 
tion is, however, surprisingly small, being in the order 
of one-tenth of that available in the engine exhaust gases. 

The relative merits of various methods of ice preven¬ 
tion by means of heat are analyzed with the result that a 
vapor system is found to offer the most satisfactory solu¬ 
tion, especially for airplanes which are not constructed 
entirely of metal. In 11 all-metal” designs it may be en¬ 
tirely practicable to employ a direct exhaust-heating 

system. 

Experiments inflight show that a vapor-heating system 

which extracts heat from the exhaust and distributes it to 

the wings is an entirely practical and efficient method for 

preventing ice formation. 
A narrow slot on the upper surface located about one- 

tenth of the chord length from the leading edge is employed 

in these tests for the purpose of collecting the water which 

would otherwise blow back and freeze aft of the heated 

leading edge. The tests seem to indicate, however, that 

this slot may not be essential. 

JCTION 

formation apparently differing widely in nature. The 
formation caused by comparatively large drops in an 
air temperature slightly below the freezing point is 
known as glaze ice. It occurs frequently and builds 
up rapidly in the form of an irregular transparent 
coating. At temperatures much below freezing the 
existing drops are usually much smaller and greatly 
undercooled. They freeze instantly on hitting the 
airfoil and form a whitish regular coating called rime, 
which builds up slower than the glaze ice and has a less 
detrimental effect on the aerodynamic characteristics 

of the airfoil. 
Experiments conducted under reference 4 showed 

that ice accumulated only at or near the leading edge. 
Consequently, the objects of the present investigation 
were to determine the practicability of heating only 
the front portion of the wing and to determine the 

quantity of heat needed for this purpose. 
The utilization of engine-exhaust heat as a means of 

preventing the formation of ice on aircraft presents a 
possibility that has been under discussion for some 
time. Several other methods have been investigated 
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as possibilities in the last few years, but most of them 
have merely resulted in establishing the conclusion 
that there exists no simple means of preventing ice 
formation on airplane parts. The use of engine-ex¬ 
haust heat has naturally been about the last method to 
be studied, because of the necessary complications in 
design, construction, and operation which such a 
method suggests. 

The design of a practical heating system which will 
maintain the exposed surface of a wing at a sufficient 
temperature to prevent or remove ice formation 
entails a study of the convection of heat from an 
airfoil. Some investigations of this nature have 
already been conducted by others both in regard to ice 
prevention and in connection with wing-radiator 
systems. (References 1, 2, and 3.) 

In reference 2 are many curves obtained from tests 
on an R. A. F. 26 wing section to determine the dis¬ 
tribution of heat transmission around the entire sur¬ 
face. The test model was divided into a great many 
sections, and thereby a very detailed representation of 
the heat transmission was obtained. The results 
show conclusively that the transmission of heat at 
the tip of the leading edge is very high compared to 
the rest of the surface. As the R. A. F. 26 section is 
very thin, these results are not directly applicable to 
the comparatively thick sections which are more 
widely used in this country. In addition, the model 
used was small, making the extrapolation of the 
results to full scale uncertain. 

In reference 3 are given results of an investigation of 
the transmission of heat from several small strut sec¬ 
tions tested in a wind tunnel under ice-forming con¬ 
ditions. Although obtained at very low Reynolds 

Numbers, the results seem to indicate that there is 
sufficient heat in the exhaust of the average engine to 
keep ice off the wings. The tests were made primarily 
to estimate the heat required to keep the entire 
surface of a wing sufficiently heated to prevent the 
formation of ice thereon. From a practical viewpoint, 
however, it is obvious that any design which would 
provide for heating the entire wing, regardless of 
method, would not only be excessively heavy, but 
would also involve such radical changes in wing 
construction that its adaptation to present aircraft 
would be very difficult, and it is doubtful if the bene¬ 
fits derived therefrom would be considered as justi¬ 
fiable. 

This report is divided into two parts. Part I is 
essentially a theoretical discussion of the question of 
heat transfer in general, and also includes an experi¬ 
mental study of variations in the heat transfer coeffi¬ 
cients along the' chord of a Clark Y airfoil. Such a 
study is not only of assistance in the development of 
apparatus for ice prevention, but may be of interest 
in connection with wing radiators and in other studies 
that are concerned with the flow of air about an 
airfoil. 

Part II deals with the extraction and distribution of 
engine exhaust heat necessary to prevent the accu¬ 
mulation of ice on the leading edge of an airplane wing, 
together with the study and design of a suitable collec¬ 
tor to remove the water drops as they are blown back 
from the heated area. 

This investigation was made by the National 
Advisory Committee for Aeronautics at Langley 
Field, Va. 
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PART I 

HEAT TRANSMISSION ON AIRFOILS 

Theoretical discussion of the heat transmission.— 
In a liquid flowing at a high velocity past a hot body 

which is completely immersed there exists a thin layer 

along the surface of the body in which the tempera¬ 

ture gradient normal to the surface is rather great. 

Outside of this boundary layer the flow of energy 

from one particle to another is entirely negligible. 

It appears that Oberbeck (reference 5) was the first 

investigator to analyze this problem. He combined 

equations of motion of the fluid with the differential 

equations of the heat flow. His results are, however, 

only applicable in certain simple cases. 

The similarity between the problem of heat trans¬ 

mission and the problem of fluid friction presents 

itself at once. It is known from aerodynamic con¬ 

siderations that- the flows are similar if the Reynolds 

Numbers are equal. If the fluid flows are similar we 

must obviously expect a certain similarity also in the 

heat flows. 
A rational basis for work on heat transmission 

(reference 6) was created by Nusselt. He showed 

that by considering solely the dimensions of the differ¬ 

ential equations it was possible to obtain very impor¬ 

tant and useful information. He found that it is 

unnecessary to consider the effect on the heat trans¬ 

mission of each of the variable factors; his analysis 

showed that such factors always would appear in 

certain nondimensional combinations or Kenn- 

groessen.” If the effect of one of these factors is 

measured the effect of the remaining factors of the 

group can be predicted. Nusselt confirmed his analy¬ 

sis by numerous tests. 
The case is particularly simple for diatomic gases. 

The heat transmission coefficient for a body in an air 

stream flowing at a certain angle relative to the body 

is given by the formula (reference 7) 

where 

a—the heat transmission coefficient 

Xm—the conductivity of the air in the middle of the 

temperature range 

l—a representative dimension 

pm—the average density of the medium 

Pm—the average viscosity of the medium 

V0—the velocity of the fluid at a great distance fiom 

the body. 

The form of the function ^ must, however, be found 

by experiment for each type of body and for each 

direction of the flow. We are mostly concerned with 

2-dimensional flow. In this case the variables are 

the cross section of the body and the angle of some 

representative line measured relative to the direction 

of flow. 

The simplest case is that of a circular cylinder 

because no direction relative to the 2-dimensional 

flow need be specified. Nusselt found from a series of 

tests by Hughes the equation 

a: 0.067 1273 + 
dVo p„A0.716 

Pm J (II) 

where d is the diameter of the tube. This value of a 
represents an average for the entire cylinder. The 

transmission on the front of the cylinder is actually 

much greater than that on the rear. 

The question of the local heat transmission is 

rather essential in connection with the subject matter 

of this report. It is to be expected that the heat 

transmission for a particular point on a complex body 

is quite different from the average value. 

In the testing of airfoils there exists no known rela¬ 

tion between the values of the heat transmission for 

the various angles of attack. All that can be con¬ 

cluded from the theory of Nusselt is that the heat 

transmission in each case is a (different) function of 

the Reynolds Number; the airfoil at various angles of 

attack must in each case be considered as a different 

body. Consequently measurements must be made at 

several angles of attack. 

As the velocity of flow near the leading edge is some¬ 

what greater than the velocity of translation, and as 

the boundary layer here is thin, the rate of heat trans- 

I fer in this region is greater than that for the remainder 

| of the airfoil. 

We will also, at this point, call attention to a condi¬ 

tion which is of particular interest in connection with 

the question of ice formation. There occurs an adia¬ 

batic expansion of the air flowing along the upper sur¬ 

face of an airfoil, which results in a considerable 

temperature drop. This drop is expressed by the 

relation 

dT_fc-l T 
dp k p 
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If the pressure drop corresponds to q, which at 100 

miles per hour is about 5 inches of water, we obtain 

for conditions at the freezing point 

dr=38oxr4x460=1-73°F- 

This temperature drop is not at all negligible. It 

has been shown (reference 8) that a pressure difference 

of approximately 24q per radian, with the angle meas¬ 

ured from the ideal angle of attack, occurs between 

the upper and lower surface of the average airfoil at 

a point located very close to the leading edge. The 

ideal angle of attack is defined as the angle at which 

no pressure difference exists at the leading edge. 

If the airplane is operating at but 2° beyond the 

ideal angle of attack, this pressure difference amounts 

below freezing the condition mentioned above becomes 

doubly important. The differential temperature at 

the point referred to may be very great compared 

with that of the remainder of the airfoil. 

It has been shown in earlier experiments (reference 

4) that ice usually forms on the upper surface near 

the leading edge. As soon as the formation is started 

its poor aerodynamic properties will give rise to exces¬ 

sive local velocities. There is a tendency to extend 

the formation in a rearward direction probably owing 

to a greater velocity and a resulting lower temperature 

existing just behind the peaks of the projecting ridges. 

Apparatus and methods.—To determine the quan¬ 

tity of heat necessary to maintain the surface of an 

airplane wing at a temperature sufficient to prevent 

the formation of ice thereon and to obtain general 

information about the distribution of the heat trans- 

Figure 1.—Model for experiments on heat transmission 

to 0.85q at 100 miles per hour. The adiabatic tem¬ 

perature drop on the upper surface is thus of the order 

of 10 F. This temperature drop thus occurs at normal 
conditions. As the airplane becomes loaded with ice 

the angle of attack must be increased accordingly, 

resulting in a rapidly increasing temperature drop. 

It is wurth notice that the lowest temperature occurs 

where the velocity is greatest, wdiich means that the 

greatest temperature difference occurs at the very 

point where the rate of heat transfer is the greatest. 

The boundary layer just above the center of curva¬ 

ture is, in addition, exceedingly thin. 

It is known that dangerous ice formations occur 

most frequently at temperatures very near the freez¬ 

ing point. With the air temperature only slightly 

mission around the surface of an airfoil, tests were 

made on a heated model in a wind tunnel. 

It wTas not considered necessary to make a point-to- 

point survey of the heat transmission, as we were 

interested principally in the total heat required for a 

certain portion of the leading edge. Such tests, how¬ 

ever, would probably be of considerable theoretical 

interest in connection with the effect of the leading- 

edge curvature on the maximum rate of heat trans¬ 

mission and its relation to the airfoil efficiency. 

For these tests an electrically heated, solid brass 

wing (fig. 1) was constructed in four separate sections 

for the purpose of measuring the quantity of heat 

necessar}^ to maintain a certain temperature difference 

between the surface of each section and the air stream. 
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Figure 2.—Experimental airfoil mounted in wind tunnel 

Tliese sections were separated by wooden strips to 

minimize conduction from one to the other. A Clark 

Y section was chosen for these tests as being fairly 

representative of most wing sections used in this 

country. The wing had a span of 11K inches and 

chord of 10 inches. It was supported in the air stream 

between large end plates (fig. 2), employed to approach 

the condition of 2-dimensional flow. 

The leading edge section of the airfoil (section 1) 

was designed to include about 12 per cent of the chord. 

It was found from earlier experiments that this is as 

far back as ice forms and is therefore the part about 

which information on heating is of particular impor¬ 

tance. The other sections were arranged as shown in 

the photograph in Figure 1 and in the diagram in 

Figure 15. Two holes were drilled through each sec¬ 

tion in the direction of the span: a large one to accom¬ 

modate an electric heating element and a small one to 

accommodate a thermocouple. 

Each heating element consisted of Nichrome wire 

wound around a small Alundum rod. The elements 

were packed at both ends with asbestos to support 

them centrallv and to reduce heat loss. The wires */ 
supplying current to these elements were led out of 
the air stream through hollow struts as shown in 
Figure 2. The power was taken from a 110-volt 

direct-current source and the input to each section 

controlled by a separate rheostat. A wiring diagram 

of the heat-control apparatus is shown in Figure 3, and 
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a photograph of the entire external installation is 
shown in Figure 4. 

A copper-constantan thermocouple unit was placed 
in the small hole in each section, so that the hot junc¬ 
tion was at a point approximately at the midspan of 
the airfoil. The cold junctions were placed in the free 
air stream about 6 inches away from the end plates. 
The four thermocouples were made of heavy wires and 
connected to a millivoltmeter by mercury switches to 
reduce as far as possible the total resistance of the 
circuit. 

The tests were made in the model of the full-scale 
wind tunnel at the Langley Memorial Aeronautical 
Laboratory. This tunnel has a jet 2 by 4 feet and a 
maximum air velocity of about 82 miles per hour with 
a velocity variation across the test section of less than 
lj-2 per cent. A Pitot tube mounted at a single station 
was used to indicate the air velocity. 

The essential requirements in this study of heat con¬ 
vection are: first, the maintenance of a uniform tem¬ 
perature of the airfoil surface; second, the maintenance 
and measurement of a definite temperature difference 

Figure 4.—Control group of wind tunnel set-up 

For purposes of providing a check on the accuracy 

of the results and for comparison, tests were also made 

on a brass cylinder which had a surface area approxi¬ 

mately equal to that of the front section of the airfoil. 

This cylinder was thirteen-sixteenths inch outside 

diameter and had a wall thickness of one-eighth inch. 

It was mounted between the end plates and heated in 

a manner similar to that of the airfoil. The hot 

junction of the thermocouple in this case was attached 

directly to the outside surface of the cylinder. Aside 

from this, the cylinder set-up was identical with that 

of the airfoil. 

between the airfoil surface and the air stream; and 
third, the measurement of the energy output due to 

heat dissipation from the airfoil. 
The maintenance of a uniform temperature over the 

surface of each section (fig. 1) was accomplished by 
makin’g each section of solid metal. The conductivity 
of heat throughout the entire mass of each section was 
so great compared to the convection of heat from the 
surface that the temperature gradient throughout the 
mass was negligible. For this reason a thermocouple 

placed practically anywhere inside the section will 
record satisfactorily the temperature of the surface of 

that section. 
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Figure 5.—Rate of heat transmission from airfoil. Chord=10 in. Angle 
of attack=0° 

Figure 6.—Rate of heat transmission from airfoil. Chord=10 in. Angle 
of attack=6° 

Figure 7.—Rate of heat transmission from airfoil. Chord —10 in. Angle 

of attack=12° 

Figure 8.—Rate of heat transmission from airfoil. Chord = 10 in. Angle 
of attack = 18° 
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The use of thermocouples as a method of temperature 
measurement was in this case particularly advanta¬ 
geous, and it was found possible by the use of a sensitive 
millivoltmeter to keep the errors of measurement within 
±0.7° F. By employing a working temperature of 
about 54° F. above that of the air stream the error of 
measurement was less than 1.3 per cent. 

As is the case of most heat transmission measure¬ 
ments, considerable time was required to obtain 
temperature equilibrium. The heat absorbed by the 

Figure 9.—Kate of heat transmission for cylinder (Ula in. O. D.). Lower 
curve shows values calculated from formula by Nusselt 

Tests on the cylinder were made with the thermo¬ 
couple located in a front as well as in a rear position to 
disclose any temperature difference due to insufficient 

conductivity of the walls. 
Tests and results.—During all tests the temperature- 

of each of the four sections of the wing model and of the 
cylinder was held to a constant value of very nearly 
54° F. above that of the air stream. This temperature 
was low enough to justify neglecting the radiation and 
high enough to obtain sufficient accuracy. 

Figure 10.—Rate of heat transmission for section 1 of airfoil and the cylinder 
(the surface area of both are equal) 

capacity is quite considerable, and appreciable inac¬ 
curacy may result if the condition of temperature 
equilibrium is not attained. Errors due to this cause 
limited the actual test accuracy to about 3 per cent. 

Transfer of heat between the individual sections was 
prevented by maintaining all sections at the same tem¬ 
perature. The heat loss through the wooden end 
pieces to the end plates was negligible. Hence the 
measured input in watts to each section was considered 
to be emitted by that section to the air stream alone. 

Tests were made at velocities varying between 40 

and 80 miles per hour for four angles of attack; namely, 

0°, 6°, 12°, and 18°. 

The data from these tests are given in graphical 

form. (Figs. 5 to 8.) The input (or output) as 

measured in watts was converted to British thermal 

units per hour per square foot per Fahrenheit degree, 

and represents the convection of heat from the airfoil 

surface to the air stream. 
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In Figure 9 the heat transmission is plotted against 
air velocity for the cylinder. One curve is shown for 
the front and one for the rear location of the thermo¬ 
couple. The average curve shown is used for further 
comparisons. 

section, as mentioned, is of main importance as regards 
ice formation. 

Figure 14 shows a plot of curves for both the airfoil 
as a whole at different angles of attack and for the 
cylinder. 

Figure 13.—Rate of heat transmission from the airfoil for section 4 cylinder 

Figures 10 to 13 show a cross plot of the previous Figure 15 shows curves of the heat tiansmission at 
curves in which the heat transfer of each section is various angles of attack plotted against the chord of 
shown at various angles of attack. The cylinder curve the wing section. The plotted points represent the 

is plotted along with that of section 1 because this average values obtained for each section plotted in 
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the middle of each. Hence the curves do not give 
a very correct conception of the local heat distribution, 

Figure 15.—Rate of heat transmission along chord of Clark Y airfoil at 
various angles of attack. Velocity=85 m. p. h. The curves are based on 

average values obtained for each section 

particularly for section 1, where the relative changes 
are great. They do, however, indicate the general 

Log, V 

Figure 16.—Log a versus log velocity V for section 1 and the cylinder, where 
a=B. t. u./sq. ft./hr./0 F. and F=m. p. h. 

change in cooling effects as the angle of attack is 
increased. 

Figures 16 and 17 are curves of heat transfer against 
velocity plotted logarithmically for section 1, for the 
cylinder, and for the entire airfoil. These graphs were 
of assistance in determining the constants c and n 
defined by the customary relation a = cVn. 

Discussion of results.—The tests of the cylindrical 
tube were included partly to provide a check of the 
general accuracy of the tests and partly to provide a 
convenient basis of comparison for the airfoil tests. 
The curve for the cylinder obtained in Figure 9 is, for 
the latter reason, replotted in Figures 10, 14, and 16. 

In Figure 9 is also shown the curve obtained from 
formula (I) by Nusselt. This curve lies about 20 per 
cent below the curve obtained from the pipe tests. In 
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Figure 17.—Log a. versus log velocity V for the entire airfoil, where a = B. t. 
u./sq. ft./hr./°F. V=m. p. h. 

view of the greatly diverging results obtained by the 
different experimenters, the agreement may be con¬ 
sidered satisfactory. It must be noted that the prob¬ 
lem of heat transmission is somewhat similar to the 
measurement of drag on bodies of poor aerodynamic 
shape; the result will evidently depend on the initial 
turbulence and on other unknown factors. 

It will be observed from Figure 10 that the heat 
transmission of the front section (1) at normal angles 
of attack of the airfoil is only slightly less than that of 
the cylinder and becomes equal to it at an angle of 



ICE PREVENTION ON AIRCRAFT BY MEANS OF ENGINE EXHAUST HEAT 101 

attack of approximately 18°. The dimensions of 
section 1 and of the cylinder are nearly alike. 

Figure 14 shows that the heat transmission coefficient 
for the entire wing at all angles of attack remains at j 
about 60 per cent of the corresponding values for the ! 
cylinder. This result is what could be expected in 
view of the fact that the coefficient increases as the 
linear dimension of the body decreases. The Nusselt 
pipe formula indicates that the heat transmission 
coefficient for large values of the Reynolds Number 
should be proportional to d~°-28i. No rational basis 
exists for a comparison of an airfoil with a pipe. Some 
idea of the expected change in the heat transmission 
may be obtained, however, by converting the airfoil 
to a circular cylinder of the same surface area. The 
diameter of such a circle is 7d. The heat transmission 

coefficient is then 
7—0.284 _ 0.576. 

Hence the coefficient of the airfoil is expected to be 
0.576 times the coefficient of the cylindrical pipe. 
The agreement is almost perfect. 

Figure 14 shows, as mentioned, that the transmission 
for the entire airfoil is fairly independent of the angle 
of attack. This result is very interesting, although not 
entirety convincing on the basis of a single test series. 
The results from the British test (reference 2) carried 
on at lower Reynolds Number show, however, the same 
tendency. Table IX, page 24, in this reference shows 
that the value of the heat transmission coefficient for 
the R. A. F. 26 model at 70 feet per second changes 
only from 0.805 to 0.856 kilowatt per square foot per 
100° C. when the angle of incidence is changed from 

-0.9° to +10.4°. 
Regarding the absolute values of the transmission 

coefficient, however, considerable discrepancy is evi¬ 
dent. The British tests on the heat transmission of | 
the R. A. F. 26 show values of the coefficient which are 
on the whole approximately one-half of the values 
reported in this paper. Tests by Scott (reference 3), 
on the other hand, show values which are almost 
double. Scott points out that the temperature of the j 
leading edge was higher than necessary owing to the 
fact that only a single heating element located some- i 

what too close to the leading edge was employed, and 

that his results for this reason would be high. 
The tests mentioned are, of course, not strictly com¬ 

parable because they were carried on with quite 
different bodies at different Reynolds Numbers. The 
discrepancies are, however, too large to be explained 
on this basis. It is probable that the initial turbu¬ 
lence existing in the tunnels is of great importance. 
A study of the influence of the initial turbulence on 
the heat transmission of streamline bodies may dis¬ 

close valuable facts. 
We have shown that the heat transmission coeffi¬ 

cient is given by equation (I) 

X m 
*1 

Pm \ 
l^-m ) 

It is commonly agreed that the function T at large 

Reynolds Numbers, is satisfactorily represented by 

the form 

a 
ivoPm 

„ Mm 

n 

where a and n are constants. 

We may then write 

a = a 
l (HI) 

The coefficient n lies somewhere between 1 and 0.5. 
The results from different experiments are, however 
greatly at variance as to the exact value. In the 
present investigation the only variable studied was 

the velocity V0. 
The values obtained for the constants, c and n, in 

the equation a = cVn, are given in Table I. These 
values are obtained by means of the logarithmic plots 
in Figures 16 and 17. It is observed that the exponent 
n for the entire airfoil lies in the range 0.73 to 1.0. 

The exponent n for section 1, also given in Table I, 
is much lower, starting at 0.60 for 0° and increasing 
gradually with the angle to 0.85 at 18°. These values 
are in perfect agreement with the values given in re¬ 
ference 2 for strip 1 near the leading edge. The fact 
that the exponent is close to 0.5 indicates that the flow 

is nearly laminar. 
Estimate of heat required to prevent ice formation 

on full-sized airplane wings.—From Figure 22 it is 
found that the heat transmission coefficient at 80 
miles per hour is 22 B. t. u. per square foot per degree 
Fahrenheit. The chord of the model wing used is 
10 inches. An estimate of the coefficient of heat 
transmission for an airplane wing having a chord of 7 
feet, a span of 50 feet, and operating at a velocity of 80 
miles per hour is obtained in accordance with formula 

(II), using a value of ft = 0.85. 

a = 22 X 16.0 
B. t. u. 

ft.2 °F. hr. 

The heat lost by the entire full-sized airfoil at, say, a 

10° F. temperature difference is then 

H= 16.0X7X50X2X10 = 112,000 B-hy~ 

or 

=44.0 horsepower. 

Because the model tests were carried on at quite large 
Reynolds Numbers, the errors involved in applying 
the results to full scale are quite negligible. 

To heat the leading edge only, or rather a region 
corresponding to section 1, constituting one-seventh 
of the entire wing surface and having a coefficient of 
heat transmission which is about 30 per cent greater 
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than the average for the wing, a quantity of heat 
equivalent to 

44 X * X 1.3 = 8.2 horsepower 

is needed to maintain a temperature of 10° F. above 
that of the air stream. 

It is shown in Part II that the proper distribution of 
this heat is a mat ter of considerable practical difficulty 
The actual quantity of heat is, however, surprisingly 

small and no mechanical difficulty would be encoun¬ 
tered in extracting this quantity from the engine 
exhaust by any method whatsoever. The heat avail¬ 
able in the engine exhaust under the circumstances 
referred to is about 100 horsepower. 

At greater velocities the condition is still more 
favorable. The heat loss increases with the velocity 
in 0.5 to 1 power, while the heat available in the ex¬ 
haust goes up with the third power. 



REPORT No. 403 

ICE PREVENTION ON AIRCRAFT BY MEANS OF ENGINE EXHAUST HEAT AND A 
TECHNICAL STUDY OF HEAT TRANSMISSION FROM A CLARK Y AIRFOIL 

PART II 

INVESTIGATIONS ON THE DESIGN AND OPERATION OF ICE-PREVENTION EQUIPMENT 

Choice of heating system.—Many methods have 
been proposed for preventing the formation of ice on 
airplane wings by the use of heat, and among them is 
the employment of an electrical heating system. The 
arrangement contemplates the use of an electric gen¬ 
erator operated either by power from the propeller 
engine or from a separate source in order to heat, by 
an electric current, a system or wires extending over 
and around the exposed surfaces of the airplane. 

The main objection is that power must be generated 
by means of a gas engine and no engine has a heat 
efficiency which exceeds 25 per cent. In addition, the 
efficiency of the generator can not be made to exceed 
80 per cent, which means that less than one-fifth of 
the heat energy of the fuel is utilized, while four-fifths 
is wasted. The efficiency is thus far below reason¬ 

able limits. 
For an electrical system to supply an amount of 

heat comparable to that available from the exhaust, 
the additional generator engine would have to be of 
about the same size as the main engine. In any case, 
the weight of an electrical system for such purposes 
would be excessive and would represent a too serious 
loss in pay load to justify its installation. 

There are several possible methods for preventing 

the formation of ice on airplane wings by the utiliza¬ 

tion of waste heat from the engine: 

I. Direct exhaust heat. 

II. Hot air heat: 
(a) In connection with air-cooled engines 

with forced air cooling. 
(.b) With an air heater in the exhaust pipe. 

(c) A combination of (a) and (b). 

III. Vapor-heating system: 
(а) In connection with a water-cooled engine. 

(б) With a boiler in the exhaust pipe. 
The first and possibly the most direct method wrould 
be to pipe the exhaust gases from the engine directly 
through the parts to be heated. This method has, 
however, many serious drawbacks. The acids in the 
exhaust gases combined with the high temperatures to 
which such pipes would be subjected would corrode 
and weaken them and make a frequent renewal of the 
installation necessary. The danger from fire to an air¬ 
plane with such an installation would be considerably 
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increased as a slight leakage or a break in the hot 
piping wrould be almost certain to start a fire. 

In connection with all-metal airplanes, equipped 
with a detachable leading edge, this method is appar¬ 
ently practicable. The efficient distribution of heat 
is a matter of some difficulty, but as plenty of heat is 
available this is of minor importance. Local over¬ 
heating should be prevented by proper insulation and 
the exhaust gas should be discharged into the air 
stream at the wing tips. The arrangement V'ould 
act as a very good muffler. 

The second method is the employment of a hot-air 
system. It is probable that this system would be 
very convenient in connection with engines designed 
to use forced air cooling. The air w'ould be heated by 
circulating it over the engine and supplied to the wings 
by a fan circulator. The heat may, of course, also be 

' furnished by an air heater in the exhaust pipe. Air 
heaters are, however, rather clumsy and heavy and 
the proper distribution along the leading edge would be 

difficult. 
The combined use of a steam wing-radiator system 

for cooling the engine and heating the wings presents 
possibilities for future designs. At present, however, 
the design of an efficient wdng-radiator system which 
would be satisfactory for both cooling the engine and 
for preventing ice formation, and which would have 
adequate provision for protecting the return lines from 
freezing, has not been developed and is not taken up 

in this investigation. 
The last method mentioned for utilizing wraste heat 

from the engine is the employment of a vapor-lieating 
system which would extract heat from the exhaust 
gases and distribute it to the wings by the circulation 
of steam or hot vapor. The rate of heat transmis¬ 
sion from vapors is very great and, in addition, the 
heat is always supplied to the coldest parts so that a 
tendency exists to keep all parts at the same tempera¬ 
ture. In consequence, the temperature required w'ould 
be lowr and very efficient distribution of the heat to the 
airfoil w'ould result. The system could be made light, 
a suitable liquid could be used which would not cor¬ 
rode the metal parts, and no fire hazard need be involved. 

Wind-tunnel test on rain-catch slot.—Large rain¬ 

drops have a considerable vertical velocity. This 
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Figure 18.—Model for experiments on rain-catch slots 

Figure 19.—Mid-section of model showing slot construction 
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velocity reaches about 25 feet per second as a limiting 
value. The relative angle of attack of the larger rain¬ 
drops is, at 100 miles per hour, decreased by about 9° 
as compared with the angle of attack of the air stream. 
It is then obvious from geometrical considerations that 
most of the water must strike the airfoil on the front 
portion of the upper surface, while the remainder of 
the airfoil, so to speak, is in a “shadow.” 

Any plan to prevent the formation of ice by heating j 
only the leading edge should include some means to j 
remove the water which falls on the leading edge in 
order to prevent its blowing back and freezing on the 
after part of the wing. The most simple and direct 
method of removing this water appears to he the use 
of a suitable “slot” located near the leading edge. 
The following investigation was made on a model to 
determine the sutable size, location, and effectiveness 

of such a slot. 
A Clark-Y wooden airfoil section was made which 

had a span of 19 inches and a chord of 24 inches, j 
(Fig. 18.) The center section of the leading edge was 
removable (fig. 19), which permitted the insertion of 
a variety of leading-edge and slot constructions. The 
model was mounted in a wind tunnel and a fine spray 
of water was injected into the air stream in front of 
it. In this way the effectiveness of the slot as a means 
of collecting the water which impinged on the leading 
edge could be observed. Many different shapes and 
sizes of slots were tested with this model. 

Lower surface s/ot to catch water 

Figure 20.—Sketch showing details of model used for experiments 
on rain-catch slots 

The best size and entrance shape for a water slot 
on the upper surface is shown in the /3-size sketch in 
Figure 20. The slot leads to a hollow space inside the j 
airfoil which serves to receive the rain water. The 
actual size of the opening is apparently in no way re¬ 
lated to the scale of the model but is dependent only 
on the size of the water drops, which is the same on a | 

small model as on a large one. 
Several tests were made to determine the effect of 

the location on the relative efficiency of the slot. 

Locations more than 10 per cent of the chord length 
back from the leading edge were found to be quite 
satisfactory as all the water making contact with the 
upper surface was completely removed by the slot. 
At locations closer to the front, the air flow over the 
surface, being more violent, was found to cause the 
drops to jump across the slot. 

The conclusion is that the slot must be located as 
far back as is practicable from a design standpoint. 
The limit is given by the location of the front spar, 
which is ordinarily located about 12 per cent from the 
leading edge. 

A slot on the lower surface was a priori not consid¬ 
ered necessary. However, for completeness, a study 
of such a slot was made. 

It was found that no shape of slot was effective in 
removing the drops from the lower surface unless a 
means was provided for drawing air into the slot by 
suction. Of the several arrangements investigated the 
one most adaptable and effective is shown in Figure 
20. The best method for obtaining the desired suction 
appeared to be the introduction of a suction slot on 
the upper surface at a point about 13 per cent from the 
leading edge. The rain slot on the lower surface 
appeared to operate most successfully at a point about 
7 per cent from the leading edge. The operation of 
the lower slot depends very critically on its design; 
the opening must be comparatively small, and the 
front tip of the covering plate must be bent inward 

slightly. 
Figure 18 shows the complete assembly of the test 

unit equipped with both upper and lower slots, and 
Figure 19 shows the detail of the center test- section 

separate from the wing blank. 
The practical application and construction of a slot 

on the lower surface to collect the rain water would be 
very complicated, as it would necessitate the provision 
of a suction inside the wing for its operation. Such a 
suction, if obtained by mechanical means, would not 
only increase the weight of the airplane and introduce 
an added mechanism to be serviced but would absorb 
some of the available power from the engine. If the 
suction were obtained by the employment of an addi¬ 
tional slot on the upper surface (fig. 20), the aero¬ 
dynamic characteristics of the airfoil would be impaired 
and would result in a lower maximum lift and an in¬ 
creased drag. Hence further investigations were made 
to determine the practical necessity of using a lower- 
surface slot and to determine whether or not the results 
of this investigation would be applicable for full-scale 

design. 
Description of apparatus for flight testing.—The 

principal objects of the following investigation were: 
(1) To obtain information on the action of a practical 
vapor-heating system for the prevention of ice forma¬ 
tion under full-scale conditions; (2) to evolve prac¬ 
tical designs of all necessary ice-preventing equip- 
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ment; and (3) to confirm tests on the general operation 
of a rain-catch slot as obtained from small models. 

The general problem resolves itself in two parts: (1) 
The extraction of heat from the exhaust, and (2) its 
distribution to the leading edge of the wing. 

bottom of the leading edge from which it returns to 
the boiler through the drain pipe. 

A wing model employing a modified Clark Y section 
was used. A photograph of this wing is given in Fig¬ 

ure 22. The profile dimensions of the forward portion 

For these tests, a model wing of approximately full- 
scale dimensions was constructed and mounted on an 
airplane as an auxiliary wing. 

A general arrangement and a diagrammatic sketch 
of|the| apparatus used in this investigation is given in 

are based on a Clark Y section with a 6-foot chord. 
The section, however, was shortened to an actual chord 
length of 4 feet. It is obvious that the length or shape 
of the rear portion is of small consequence in tests of 
this nature. A 2-foot span of the model was also con- 

Figure 22.—Experimental wing for flight testing 

Figure 21. A small boiler is shown inserted in the ex¬ 
haust pipe. The steam passes through the conducting 
pipe and enters the leading edge of the wing section by 
means of a steam distributor pipe equipped with small 
holes as shown. The condensed steam collects at the 

sidered sufficient. The forward or leading edge por¬ 
tion of the wing was constructed separately of thin 
metal and is shown detached in the lower photograph 
of Figure 22. Two relief valves, not seen in the photo¬ 
graph, were built into the end of the metal section, one 
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to protect the wing from bursting due to possible ex¬ 
cessive steam pressures and one to prevent collapse of 
the wing from low condensation pressures. The upper 
slot, as shown in the photograph, merely leads into a 
separate chamber and is not connected in any 
way to the steam supply chamber. A small 
drain pipe leads out from this recess and acts 
as an exit for the water which is collected by 
the slot. The slot is located 11 per cent of 
the chord length back from the leading edge 
(based on a 6-foot chord). The metal leading- 
edge section is attached to the wing as shown 
in the upper photograph of Figure 22. The 
tube that is shown just aft of the drain pipe 
is merely a mounting for the support of the 
model on the airplane. 

The boiler is of welded sheet iron equipped 
with a single 3-inch fire tube and is designed 
to be inserted directly into the exhaust 
manifold. (Fig. 23.) The length of the 
boiler is only 3 inches, and its liquid ca¬ 
pacity is about 1 pint. 

The model wing and the boiler were 
mounted on a Fairchild monoplane as shown 
in the photograph. (Fig. 24.) The boiler 

into the main steam line and terminates at the 
bottom of the boiler in the manner indicated by 
the sketch in Figure 21. A steam pressure gauge 
facing the cabin is mounted on the upper part 

Figure 23—Experimental boiler for flight testing 

Figure 24.—Experimental installation on airplane 

and the steam line were carefully insulated. The 
water return line runs from the drain cock on 
the lower left-hand corner of the leading edge down 

of the steam pipe. This gauge was used to assist 
in checking the operation of the system while in 

flight. 
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For the purpose of reproducing atmospheric condi¬ 

tions artificially, a water-spraying system was included 
as part of the equipment. The spraying jets were 
mounted about 4 feet in front of the wing. The com¬ 
pressed air and water supply necessary for its operation 
were installed in the cabin. 

The first steam distributor pipe installed in the 
model consisted of a 1-inch pipe extending about two- 
thirds of the span equipped with a few large side 
openings placed at random along the pipe. It was 
found that the steam distribution was very poor, con¬ 
densation taking place only near the point of entry and 
along parts of the upper surface. 

An excellent distribution was obtained by the dis¬ 
tributing pipe shown in Figure 21. This pipe extends j 
all along the span, is closed at the far end, and is ! 
equipped with he-inch holes equally spaced along 
the entire length. The holes are small enough to give 
the steam considerable velocity and are located so as 
to direct it onto the particular part of the leading edge j 
where the greatest heat transmission occurs. It was 
found that the resulting temperature of the entire 
front section was almost uniform. 

No ice formed at any time on the leading edge, and 
the air temperatures at which tests were made went 
as low as 18° F. which is well below the range encoun¬ 
tered in normal ice storms. 

Tests and results.—In choosing the proper liquid 
to use in the boiler, several things are worthy of con¬ 
sideration. A liquid having a fairly low boiling tem¬ 
perature is to be desired. The total heat withdrawn 
from the exhaust pipe and distributed to the wing will 
be nearly constant irrespective of the liquid in the 
boiler. But the efficient distribution of the heat over 
the wing surface does depend to a certain extent on 
the liquid used. 

The higher the boiling temperature of the liquid the 
more difficult is the design of the distributing system. 
Low temperature vapors tend to distribute themselves 
evenly over the entire surface while high temperature 
vapors tend to condense at the very point they strike 
the cold surface. 

The freezing temperature of the liquid is of impor¬ 
tance in connection with the possible freezing of the 
return line in flight and freezing of the boiler when not 
in use. 

The next consideration in the choice of a liquid is 
its combustibility. The boiler, being in direct con¬ 
tact with the exhaust pipe, renders the use of a com¬ 
bustible liquid quite dangerous in case of a crash or a 
leak in the boiler. 

A fourth desirable but not important characteristic 
of a boiler liquid is a low specific weight, as an ordinary 
plane will probably require from 3 to 5 gallons. 

The fifth and final consideration concerns the choice 
of a liquid which will not corrode nor rust the metal 
parts. 

Several different liquids were tested in the apparatus 
under flight conditions. 

The heat distribution obtained with water was so 
poor in connection with the existing supply system 
that its further use was not considered. In addition, 
the return line froze repeatedly. 

Alcohol, on the other hand, showed an almost perfect 
distribution because of its low boiling temperature, but 
owing to its combustibility the employment of pure 
alcohol is not recommended. 

Carbon tetrachloride was also considered, owing to 
its noncombustibility and low boiling and freezing 
points. Although the heat distribution was just as 
good as that obtained with the alcohol, it was found 
that it exhibited a strong corrosive action owing to the 
formation of hydrochloric acid. Owing to this action 
and also to its excessive weight, the use of carbon 
tetrachloride is not recommended. 

A further study revealed no other liquid suitable 
for the purpose, as nearly all liquids having a low 
boiling point are either corrosive or combustible. 
Mixtures of water and pure alcohol in a proportion 
of 2:1 were tried next. The distribution of the heat 
in the wing was found to be just as good as that 
obtained with alcohol alone, owing to the fact that only 
alcohol is evaporated, while the main part of the water 
remains in the boiler. No freezing of the return line 
occurred. The fire hazard, due to the alcohol vapor 
in the main wing, is probably negligible. Tests on 
this mixture appear to be satisfactory in every respect, 
and it is recommended for practical use. 

Flight tests, made with the rain-catch slot closed, 
showed that a portion of the water striking the model 
froze in ridges extending in the direction of the chord 
from behind the heated section to the trailing edge. 
It was evident that a considerable portion of the water 
left the airfoil at the trailing edge without freezing. 
As all of the water froze at the leading edge in similar 
tests performed on the unheated wing, the conclusion 
is that sufficient heat is imparted to the water in 
passing the heated front section to prevent a portion 
of it from freezing on the rear part. Part of the water 
freezes, however, as mentioned, but the formation was 
found to be rather loosely attached to the airfoil surface 
and actually blew off as soon as the ridges reached a 
thickness of about one-half inch. This action was 
rather surprising, as it is well known that the ice which 
forms on the leading edge is very firmly attached to 
the surface. The forces of adhesion are, in fact, 
usually so great that the only apparent explanation 
which can be offered to account for the phenomenon 
is that the rather violent vibrations of the airfoil fabric 
along the rear section are sufficiently intense to break 
up the initial thin layer of ice into separate crystals. 
As the ice builds up on top of this initial layer, the 
air forces which tend to separate it from the surface 
become greater. It was found that a temporary 
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increase in the angle of attack would hasten the 

removal. 
The above-mentioned tests were performed to decide 

whether or not the slot could be dispensed with. The 
results indicate that it is quite likely that a slot will 
not be required on fabric-covered wings. It is prob¬ 

able that a slot will be necessary in connection with 
an all-metal wing, since the intensity of the vibrations 

of the covering is much less. 
Tests made with the slot open showed conclusively 

that almost no water passed across the slot. Momen¬ 
tarily a few drops jumped across the gap when the 
angle of attack of the wing was decreased below that 

for cruising speed. The water collected by the slot 

was drained off by the exit provided. In general, it 

may be said that the slot on the upper surface is 

entirely effective in eliminating any formation of ice 

on the afterpart of the wing. 
As previously stated, no slot was provided on the 

lower surface, and in none of these tests were any 

appreciable formations of ice observed underneath the 

wing. Only a comparatively small fraction of the 

total water striking the wing was observed to follow 

the lower surface. 
Unfortunately, owing to the weather conditions 

prevalent in this section of the country it has in only 
a few cases been possible to conduct full-scale tests 
under natural ice-forming conditions. In lieu of such 
tests, the spray system was employed. The spray 
produced drops which apparently varied in size from 
fine fog particles to light raindrops. The time of 
exposure of the droplets to the cold air was entirely 
too short to permit the extraction of much heat from 
the droplets. Consequently, all formations obtained 
were of the glaze ice type. Figure 25 is a photograph 
of a formation of ice obtained on the leading edge with 
the wing cold. The formation appears to be not 
unlike the glaze ice obtained on wings in natural ice 

storms. Notice the separate deposits from each of 

the two jets. 
The only way in which the choice of a spraying 

device might affect any of the results and conclusions 
derived from these tests would be in connection with 
the efficiency of the rain-catch slot. Large drops were 
not obtained with this spray, but by flying the ship in 
actual rainstorms supplementary information on the 
effect of larger drops on the efficiency of the slot was 
secured. Observations on the performance of the slot 
in natural rain revealed, in general, that the slot effi¬ 
ciency decreases as the drop size increases. 

Figure 25.—Ice formation obtained with spray on unheated wing 
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This effect is probably due to the greater relative 
“angle of attack” of the larger drops with respect to 
the wing. It is quite possible that some of the larger 
drops, which have an appreciable downward velocity , 
strike the wing even aft of the slot. 

It was easily observed that greater quantities of 
water would pass the slot at low angles of attack. In 
fact, at low angles all the water apparently bridged the 
slot, while at high angles no water could be seen to 
cross the gap. 

In all tests with the spray which gave small drops, 
the operation of the slot was almost perfect. 

As large drops are seldom encountered in ice storms, 
it is concluded that the efficiency of the slot will be, in 
general, satisfactory. 

prevention of the formation of ice on the entire leading 
edge of any full-sized airplane as predicted on the 
basis of the tests in Part I. 

Proposed designs.—The practical design and appli¬ 
cation of a vapor-heating system for preventing ice 
formation on airplanes would, of course, depend on 
the type of airplane and its constructional details. It 
can not be expected that such equipment can be de¬ 
signed for installation on all the existing types of air¬ 
planes, especially not on those equipped with slots or 
other such devices. 

The type of airplane which is particularly adaptable 
to a vapor-heating system is the high-wing monoplane. 
With this type the lower surface of the wing generally 
tapers downwards from the tip to the root; thus a 

Steam distributor-. 

Meta/ 

The exhaust pipe boiler used in these tests was of 
very elementary design and was not intended to be 
very efficient. An estimate of the efficiency, however, 
was obtained by measuring the temperature drop of 
the exhaust pipe, due to the absorption of heat by the 
liquid. The average efficiency of the boiler was found 
to be approximately 7% per cent. 

In conclusion, therefore, a boiler with a single fire 
tube 3 inches long, extracting only 7% per cent of the 
available exhaust heat from but four out of the nine 
cylinders of the engine, prevented successfully the for¬ 
mation of ice on a full-sized leading edge 2 feet in 
length. It is quite reasonable to expect, therefore, 
that a waste-gas boiler of ordinary design and of aver¬ 
age efficiency would be more than sufficient for the 

natural drainage of the condensate to the center sec¬ 
tion is provided. Also, in a high-wing monoplane 
with the boiler located under the fuselage, the head 
of water between the wing and the boiler is, in all 
cases, sufficient to permit the proposed use of gravity 
feed. 

In the case of a biplane the return system would be 
somewhat more complicated. To create a sufficient 
flow of steam out of the small holes in the steam dis¬ 
tributor pipe for adequate distribution to the leading 
edge, the pressure in the boiler should be approximately 
2 pounds per square inch. This corresponds to a head 
of water of about 5 feet. If this head is not available, 
as is the case in the lower wing of a biplane, it would 
be necessary to install in the return line a special pump 
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to overcome the boiler pressure. The power required 

would be negligible. 

In case the wing system has no dihedral, it would be 

necessary to provide for drainage of the condensate 

from several points to prevent the formation of water 

pockets along the leading edge. 

Figure 26 is a diagrammatic sketch showing a sug¬ 

gested layout of a vapor heating system adapted to a 

biplane. The boiler is shown mounted directly under 

the fuselage (upper view). The leading edge of each 

of the three wing panels is connected to the boiler by 

a separate steam line. As there is no dihedral angle 

to the upper wing, three water return basins are pro¬ 

vided, one in the center and one at each tip. A drain 

pipe is provided for the center basin which leads 

directly into the bottom of the boiler. The drain 

pipes for the wing tip basins, however, are shown 

attached to the N struts and empty into the leading 

edge of the lower wings. In this way a large part of 

the condensate from the upper wing will return to the 

boiler through the lower wings. Owing to the dihedral 

Figure 27.—Diagrammatic design of vapor-heated leading edge 

angle of the lower wings, the condensate naturally will 

drain toward the fuselage. The boiler feed pump in 

the lower wing return line is not shown in the diagram. 

In the lower diagram (fig. 26) is shown a possible ar¬ 

rangement for by-passing the exhaust around the 

boiler. The by-pass valve should be operated by the 

boiler pressure. In this way, the boiler pressure will 

be controlled, the heat supplied to the wings will be 

fairly constant, and no presssure relief valve will be 

necessary. 
Figure 27 is a suggestive diagram showing the gen¬ 

eral leading edge construction of a wing arranged for 

vapor heating. The construction as shown, with the 

exception of the rain slot, is not unlike that usually 

employed for metal wings. The entire construction, 

including the covering, can be made of duralumin. 

Referring to the diagram: A, B, C, and R are members 

of the rib structure. D is a light plate which serves 

several purposes: it stiffens the lower cap strip; pre¬ 

vents any possible surging of the condensate; serves 

as a gusset plate for the lower junction of members 

B, C, and R; and supports the steam distributor pipe S. 
This pipe runs the entire length of the wing and has a 

series of small holes, in the position shown, to direct 

the steam onto the leading edge, and is supported and 

fastened on the plate D by a strap. There may, of 

course, be several ways to provide drainage of the 

condensate along the nose, but the drain shown in the 

figure does not cut into the cap strip, although an 

inside drain is naturally more satisfactory from an 

aerodynamic standpoint. A rain-catch slot W is also 

shown in the diagram, although, as previously dis¬ 

cussed, such a slot may not be necessary on all wings. 

There should be no communication whatever between 

the space in the slot and that in the leading edge, 

because the leading edge space must be entirely in¬ 

closed to prevent loss of steam or vapor. The slot 

is interrupted by the cap strip of each rib for structural 

reasons, but this will not interfere noticeably with its 

operation. The spar is insulated from contact with 

the vapor in the leading edge by a thin metal covering 

which must be sealed at all points to prevent leakage 

of vapor. The rib members A and B clamp the whole 

leading edge onto the spar and must be strong enough 

to withstand all leading edge loads. 

CONCLUSIONS 

The most essential result obtained from this study 

is the fact that ample heat is available both in the ex¬ 

haust and in the cooling water for the purpose of ice 

prevention. 

An analysis of the possible methods for preventing 

ice formation showed that the employment of a vapor¬ 

heating system (or of a direct exhaust-heating system 

in connection with all-metal airplanes) offers the most 

convenient and promising solution. 

The experiments showed that a vapor-heating system 

using a mixture of water and alcohol is an entirely 

practicable method, facilitating, in particular, the 

correct heat distribution to the wing surface. 

It was found that it is sufficient to heat only the 

front portion to prevent in jact the formation of ice 

on the entire wing. 
It was found that the ice, which formed on the rear 

portion of a cloth-covered wing by water blowing back 

from the heated leading edge, was attached rather 

loosely to the surface and did not build up to any ap¬ 

preciable extent before it blew off. 

The conclusion is drawn, however, that a small slot 

may be necessary on the upper surface behind the 

heated section to collect the rain water, particularly 

in connection with all-metal wings. The operation 

and efficiency of such slots have been carefully exam¬ 

ined. It was found that the efficiency of the slot in 

collecting water is decreased greatly if its location is 

less than one-tenth of the chord length from the lead¬ 

ing edge. A slot on the lower surface of the wing was 

j found to be unnecessary. 
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It is believed that the high-wing monoplane will be 
the most convenient type for the incorporation of ice- 
prevention equipment based on the employment of 
engine waste heat. The successful design of an air¬ 
plane that will be immune from the dangers of ice 

accumulation is, as far as can be judged from analysis 1 
and laboratory experiments, only a matter of technical 
development. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 12, 1931. 

REFERENCES 

1. Washington Navy Yard: Heat Dissipation and Drag of Two 
Mercury Wing Radiators with and without Internal 
Air Flow. 'Washington Navy Yard Aerodynamical 
Laboratory Report No. 420, February 28, 1930. 

2. Bryant, L. W., Ower, E., Halliday, A. S., and Falkner, 
V. M.: On the Convection of Heat from the Surface of 
an Aerofoil in a Wind Current. British A. R. C. R. and 
M. No. 1163, May, 1928. 

3. Scott, Merit: Tee Formation on Aircraft and Its Preven¬ 
tion. Journal of the Franklin Institute, November, 1930. 

4. Knight, Montgomery, and Clay, William C.: Refrigerated 
Wind Tunnel Tests on Surface Coatings for Preventing 
Ice Formation. N. A. C. A. Technical Note No. 339, 
May, 1930. 

5. Oberbeck, A.: Wiedemanns Annalen, Bd. 7, S. 271, 1879. 
6. Nusselt, W.: Forschungsarbeiten. Vcr. d. Ing., Heft 63 u. 

64, 1909. 

7. Handbuch der Physik, Bd. XI, S. 140. 
8. T’neodorsen, Theodore: On the Theory of Wing Sections 

with Particular Reference to the Lift Distribution. 
N. A. C. A. Technical Report No. 383, 1931. 

TABLE 1 

CONSTANTS of heat transmission at various angles of 
ATTACK 

Heat transmission (a) =cVn 

Values for n 

Angle of 
attack Section 1 Entire 

airfoil Cylinder 

0° 0.50 0. 79 
6° . 58 1. 00 

12° .00 .83 
18° .85 .73 

0.65 

Values for c 

0° 2.96 0. 683 
6° 2.29 . 287 

12° 2. 22 . 598 
18° .98 .879 

2.14 
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THE EFFECT OF INCREASED CARBURETOR PRESSURE ON ENGINE PERFORMANCE 
AT SEVERAL COMPRESSION RATIOS 

By Oscar W. Schey and Vern G. Rollin 

SUMMARY 

The object 0/ this investigation was to determine the 
effect off increasing the carburetor pressures ffrom SO to 
Iff) inches off mercury, at compression ratios ffrom 3.5 to 
7.5, on the power, on the maximum cylinder pressures, 
on the ffuel consumption, and on the other perfformance 
characteristics off an engine. The tests were conducted 
on the N. A C. A. single-cylinder universal test engine 
by the stafff off the National Advisory Committee ffor 
Aeronautics. A Roots-type aircrafft-engine supercharger 
was used to maintain the desired carburetor pressure. 

The results off these tests show: That the decrease in 
brake thermal efficiency with boosting is negligible; that 
the power increases with boosting much more than the 
losses to the cooling water increase; that a large increase 
in power can be obtained with comparatively small in¬ 
crease in maximum cylinder pressures; and that it is 
advisable to supercharge an engine off highest practicable 
compression ratio consistent with the degree off super¬ 
charging desired and the nondetonating quality off the 
fuel used because the power increase will be greater, the 
exhaust gas temperatures will be lower, and the power 
required by the supercharger to maintain the same 

pressure at the carburetor will be less. 

INTRODUCTION 

Increasing the engine power by increasing the com¬ 

pression ratio or by increasing the pressure at the 

carburetor has been the subject of several theoretical 

investigations. (References 1 and 2.) These investi¬ 

gations have led to the conclusion that considerably 

more power is developed, and the maximum cylinder 

pressures are much lower in a supercharged engine of 

low compression ratio than in an unsupercharged 

engine of high compression ratio. The results of tne 

most comprehensive theoretical investigations have 

also shown that boosting when considered on an indi¬ 

cated-horsepower basis does not reduce the thermal 

efficiency. 
Many experimental data are now available on the 

effect of compression ratio on engine performance, but 

very little experimental information is available re¬ 

garding the effect of supercharging at different com¬ 

pression ratios. The lack of experimental information 

to verify the above-mentioned theoretical information 

and the present importance of any proposed method of 

improving aircraft-engine power caused the National 

Advisory Committee for Aeronautics to conduct these 

tests. 

Performance data were obtained with compression 

ratios of 3.5, 4.5, 5.5, 6.5, and 7.5. At the three lower 

compression ratios, performance measurements were 

obtained for carburetor pressures varying from 30 to 

42 inches of mercury absolute; at the 6.5 compression 

ratio measurements were obtained for carburetor pres¬ 

sures varying from 30 to 40 inches of mercury absolute; 

and at the 7.5 compression ratio measurements were 

obtained for carburetor pressures varying from 30 to 

36 inches of mercury absolute. All runs were made 

at full throttle and at a constant engine speed of 1,500 

revolutions per minute. In order to eliminate the 

effect of detonation, benzol was used as a fuel for all 

conditions. 
APPARATUS AND METHOD 

The N.A.C.A. single-cylinder universal test engine, 

described in Technical Report No. 250 (reference 3), 

was used for these tests. This engine, of 5-incli bore 

and 7-incli stroke, lias two intake and two exhaust 

valves each 2}{ inches in diameter and is equipped with 

a Stromberg NA-L5-type carburetor. The engine lias 

a variable compression volume, rendering it particu¬ 

larly suitable for these tests. The valve lift and timing 

can also be varied, but for these tests a lift of 0.3 inch 

and the standard Liberty valve timing were used. 

(Reference 4.) A special skeleton-type aluminum- 

alloy piston was employed for compression ratios from 

4.5 to 7.5. This piston could not be used for the 3.5 

compression ratio, because its skirt extended too far 

below the cylinder liner; therefore a standard Liberty 

engine piston was used for this ratio. The engine was 

directly connected to an electric dynamometer. 

A Roots-type supercharger driven by an electric 

motor supplied carburetor air at the desired pressure. 

(Reference 5.) Two large surge tanks were interposed 

i in the air duct between the engine and the super¬ 

charger: one, near the supercharger to dampen out the 

pressure pulsations from the supercharger; the other, 

close to the carburetor to prevent, as far as possible, 

113 
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the effect of air pulsations from the engine. A photo¬ 

graph of the set-up of the equipment is shown in Figure 

1, and a schematic drawing showing the arrangement 

of the equipment is shown in Figure 2. 

In these tests, measurements were made of power, 

friction, fuel consumption, maximum cylinder pres¬ 

not give very consistent results because the scales were 

not sensitive enough, it was replaced by the volume 

method, which gave satisfactory results. With the 

volume method, the time measured was that neces¬ 

sary for the engine to consume a volume of benzol 

weighing 481 gramsat80°F. To obtain consistent data 

A - Balanced-diaphragm Indicator. 
B- 'Fa.rriboro indicator. 
C- Supercharger. 

Figure 1.—Set-up of laboratory test equipment 

sures, carburetor-air temperatures and pressures, tem¬ 

perature and weight of the cooling water, and exhaust- 

gas temperatures. 

The power developed and the friction losses were 

determined from the dynamometer scale readings and 

engine speeds. An electrically-controlled stop watch 

Figure 2.—Diagrammatic representation of air system used in boosting tests 

and two revolution counters were used to obtain the 

engine and the supercharger speeds. 

The fuel consumption during the first part of these 

tests was determined from the time required to con¬ 

sume 0.5 pound of benzol. As the weighing method did 

that could be reproduced, the following method was 

used for two different carburetor pressures for each com¬ 

pression ratio. Three sets of readings were obtained: 

one with the mixture slightly richer than necessary, 

a second with approximately the correct mixture, and 

a third with the mixture lean enough to decrease the 

power slightly. From a plot of these data, the car¬ 

buretor setting that gave the maximum power with a 

lean mixture was selected. No attempt was made to 

determine the fuel consumption at the most economical 

setting. 

Maximum cylinder pressures were obtained as an 

indication of the mechanical stresses for each condition 

of operation. These pressures were arbitrarily limited 

to a maximum of 900 pounds. A balanced-diaphragm 

indicator (reference 6) was used for obtaining the pres¬ 

sure measurements. Indicator cards were taken with 

a Farnboro indicator. (Reference 7.) A photo¬ 

graphic reproduction of a card from this indicator is 

shown in Figure 3. 

A mercury manometer connected to the surge tank 

near the engine was used for measuring the carburetor 

pressures, and a mercury thermometer located in the 
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carburetor-inlet stack was used for measuring the car¬ 

buretor-air temperatures. In these tests the carbu¬ 

retor-air temperatures varied from 77° F. to 103° F., 

depending on the amount of boosting. 

The heat losses to the cooling water were determined 

from measurements of the temperature of the cooling 

water going in and out of the cylinder head and barrel 

and the time required to circulate 50 pounds of water 

through each system. Mercury thermometers were 

used for measuring these temperatures. 

The exhaust-gas temperature was measured to obtain 

an indication of the increase in valve temperatures 

and also to obtain an indication of the heat losses to 

the exhaust gases for each condition of operation. A 

base-metal thermocouple connected to a pyrometer 

was used for measuring the exhaust-gas temperatures. 

The thermocouple was made of 0.02-inch diameter 

wire; no attempt was made to provide it with shield¬ 

ing. It was located in the center of the 3-inch diame¬ 

ter exhaust stack about 4 inches from the exhaust 

valves. 

The spark setting was adjusted for variation in 

compression ratio, but was not adjusted for variation 

in carburetor pressures, because several adjustments of 

the spark for changes in carburetor pressure gave no 

measureable improvement in performance. Since it is 

necessary to advance the spark setting to obtain opti¬ 

mum performance when the compression ratio is 

increased it is reasonable to assume that it should also 

be necessary when the carburetor pressure is increased, 

because of the resulting increase in compression pres¬ 

sure. If a large range of carburetor pressures had been 

investigated or if very careful measurements of the 

power at several different spark settings had been 

made for the maximum and the minimum carburetor 

pressures used in these tests, the spark setting for 

optimum power would probably have been discovered 

to be a few degrees earlier for the minimum carburetor 

pressures than for the maximum carburetor pressure. 

The in-going-water temperature varied from 142° F. 

to 155° F. and the outgoing-water temperature from 

160° F. to 170° F. The outgoing-oil temperature 

varied from 135° F. to 145° F. The oil pressure was 

kept at about 50 pounds per square inch. 

All engine power data obtained were corrected to a 

carburetor temperature of 59° F. In making this cor¬ 

rection it was assumed that the brake horsepower 

varied inversely as the square root of the absolute 

temperature. This correction should be applied to the 

indicated horsepower; the error introduced in applying 

it to the brake horsepower was small, however, because 

the maximum variation in temperature from the stand¬ 

ard was only 34° F. No attempt was made to apply 

a correction for humidity. The thermal efficiency was 

computed on the basis of 18,000 British thermal units 

per pound of benzol. Because the supercharger used 

in these tests was of much greater capacity than neces¬ 

sary, measurements of its power requirements were not 

made in determining the net engine power. Instead, 

the power required by a well-designed supercharger of 

suitable size for this service was computed from the 

thermodynamic relation 

Horsepower = Vx(r n — 1) 

In this relation 

Pi is the supercharger intake pressure, 

W is the volume of intake air per second, 

r is the pressure ratio, 

C is a constant depending on the units used, 

n is the compression exponent. 

A supercharger adiabatic efficiency of 70 per cent was 

assumed. This assumption is supported by a large 

amount of experimental data. (References 5 and 8.) 

RESULTS AND DISCUSSION 

The power output of an internal-combustion engine 

depends on the amount of charge burned and the 

efficiency with which it is burned. As high thermal 

efficiency can be obtained by operating at a high com¬ 

pression ratio and a large quantity of mixture can 

be burned by using engines of large displacement or 

by using forced induction, it would seem that the 

problem of increasing the power output and the 

efficiency of an engine would be comparatively simple. 

Because the amount that the engine power can be 

increased by any of the foregoing methods is limited 

by the mechanical and the heat-resisting properties of 

the materials used, the problem of increasing the power 

output of an engine becomes difficult and involved. 

The amount that the compression ratio can be in¬ 

creased is limited by the difficidty of obtaining non- 

detonating fuels in sufficient quantity to satisfy the 

demand. Furthermore, if the fuels were available, the 

high-explosion pressures obtained with the high com¬ 

pression ratios would be a limiting factor. These 

high pressures increase the stresses in the cylinders, 

bearings, crankcase, and reciprocating parts so that it 

is necessary either to increase the weight of these parts 

or to accept a reduction in engine reliability. The 

effect of compression ratio on the maximum cylinder 

pressures is shown by the indicator cards in Figure 4. 

Increasing the compression ratio from 3.5 to 7.5 

resulted in an increase in b. m. e. p. of only 44.7 per 

cent, while the maximum cylinder pressures increased 

130 per cent. 

The amount that the displacement of an engine or 

the pressure at the carburetor of an engine can be 

increased without cooling or mechanical difficulties 

depends a great deal upon the ingenuity of the designer. 

His greatest difficulties would probably be with exces¬ 

sive cylinder-head, barrel, and valve temperatures on 

air-cooled engines. On water-cooled engines, he would 

probably be limited less by cooling difficulties and 

more by excessive weight of the reciprocating parts. 
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Increasing the displacement of an engine increases its 
frontal area and thus its drag. This is particularly 
true of radial air-cooled engines. The increase in drag 
is not serious, however, because the displacement 
would increase in a greater ratio than the drag. The 
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Figure 4.—Effect of increasing the compression ratio on maximum cylinder pres 
sures and power 

amount that the pressure at the carburetor can be 
increased would be limited at low compression ratios 
by cooling difficulties and at high compression ratios 
by the maximum cylinder pressures. 

From the foregoing discussion it is evident that in 
order to use to advantage each or all of these methods 

for increasing the power output of an engine, the 
designer should know how each method affects the 
performance characteristics and the desirable qualities 
of the engine. So far we have mentioned only the 
power output as an important quality of an aircraft 
engine; there are others such as reliability, low-weight 
horsepower ratio, and economy, that must be carefully 
considered by the designer. To obtain these desirable 
qualities or as many of them as possible without 
impairing the remainder is a problem tha thas con¬ 

fronted engine manufacturers for the last decade. 

Effect of boosting on power, fuel consumption, and 

maximum cylinder pressures.—The curves in Figures 

5, 6, and 7 show the effect of boosting on power, on 

fuel consumption, and on maximum cylinder pressures, 

respectively. These curves show that boosting the 

carburetor pressure results in a large increase in power, 

a comparatively small increase in maximum cylinder 

pressures, and a slight decrease in fuel economy; where¬ 

as increasing the compression ratio results in a moder¬ 

ate increase in power, a large increase in maximum 

cylinder pressures, and a marked improvement in 

fuel economy. The values of b. m. e. p., fuel con¬ 

sumption, and maximum cylinder pressures in these 

figures are given in tabulated form in Table I so that 

their interrelation may be conveniently examined and 

studied. 

Figure 5.—Effect of boosting at different compression ratios on brake mean effec- Figure 7.—Effect of boosting at different compression ratios on maximum cylinder 

tive pressure pressures 
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TABLE I.—EFFECT OF BOOSTING CARBURETOR PRESSURES 10 INCHES OF MERCURY 
ON NET B. M. E. P., MAXIMUM CYLINDER PRESSURES, AND NET FUEL CONSUMP¬ 
TION AS COMPARED WITH THE NORMAL ENGINE1 

Compression 
ratio 

B. m. e. p. 
lb./sq. in. no 

boost 

B. m. e. p. 
lb./sq. in. 
10 inches 
mercury 

boost 

Increase in 
b. m. e. p. 
lb./sq. in. 

Maximum 
cylinder 
pressure 

lb./sq. in. 
no boost 

Maximum 
cylinder 
pressure 

lb./sq. in. 10 
inches mer¬ 
cury boost 

Increase in 
maximum 
cylinder 
pressure 

lb./sq. in. 

Fuellb./b.hp./hr. 
no boost 

Fuel lb./b. hp./hr. 
10 inches mercury 

boost 

3.5 100.0 144.0 44.0 338 410 72 0. 745 0.755 
4.5 114.0 162.0 48.0 450 580 130 .615 .625 
5.5 126.5 178.0 51.5 562 736 174 .560 .570 
6.5 135.0 189.5 54.5 656 875 219 .515 .523 
7.5 143.0 199.0 56.0 

' 
742 980 238 .480 .490 

11 his table has been reproduced from curves in Figures 5, 6, and 7. 

These results indicate that there is no combination 
of compression ratio and carburetor pressure that is 
best for all conditions, but that a compromise must be 
made considering the purpose for which the engine is 
to be used. For instance, if high power output and 
reliability are more desirable than fuel economy, 
slightly lower compression ratios and higher carburetor 
pressures can be used; but if economy is the important 
consideration, higher compression ratios and lower 
carburetor pressures should be used. With a com¬ 
pression ratio of 5.5 and atmospheric pressure at the 
carburetor, the b. m. e. p. developed is 126.5 pounds 
and the maximum cylinder pressure 562 pounds; 
but, with a 4.5 compression ratio and 10-inch boost, 
the net b. m. e. p. is 162 pounds and the maximum 
cylinder pressure 580 pounds. There is very little 
difference in the mechanical stresses as indicated by 
these maximum pressures; the net specific fuel con¬ 
sumption has increased approximately 12 per cent and 
the net b. m. e. p. has increased approximately 30 per 
cent. 

Assuming that the information obtained in these 
tests is applicable to conditions where the carburetor 
pressure ranges from 45 to 125 inches of mercury and 
applying the information to these conditions a b. m. 
e. p. of 750 pounds is obtained with a maximum cylin¬ 
der pressure of 3,000 pounds at a compression ratio of 
7.5. After subtracting the power required by the 
supercharger we have a net b. m. e. p. of 615 pounds. 
The ratio of the net b. m. e. p. to the maximum cylinder 
pressure would be lower than that for the normal en¬ 
gine. The net engine power would be increased more 
than four times, and the external dimensions would be 
the same except for the increased metal thickness nec¬ 
essary to withstand the high pressures. 

Even if one should consider that the weight of the 
engine would increase directly with the increase in 
maximum cylinder pressures, the weight per horse¬ 
power would not be greater than that of a normal en¬ 
gine; but if one uses the more reasonable consideration 
that the weight would vary directly as the square root 
of the maximum cylinder pressures, then the weight 
would be considerably less for the supercharged engine. 
In the case considered above the power would be in¬ 

creased four times and the weight would be doubled. 
In addition the supercharged engine would have a 
much lower drag—a very important consideration if 
the speed of airplanes is to continue to increase. 

In the design of such an engine the greatest diffi¬ 
culties would be in carrying away the waste heat 
from the cylinder walls and valves and in obtaining 
a satisfactory nondetonating fuel. The cylinder walls 
could probably be cooled by the use of an evaporative 
cooling system in which the cooling medium could be 
circulated at high velocities. Spiral fins could be 
used inside the water jacket to increase the area of 
metal in contact with the coolant and to give strength 
to the cylinder. The use of a high-temperature- 
evaporative system for cooling would permit the use 
of small radiators, so that little, if any, of the reduction 
in engine drag would be sacrificed on account of the in¬ 
crease in size of the radiator. 

If poppet valves are used, means must be provided 
for cooling the valves. This cooling probably could 
be satisfactorily accomplished by providing air ducts 
from the supercharger to the valves so that com¬ 
pressed air could be forced through the valves. For 
this service a sleeve-valve motor would be more satis¬ 
factory, because no difficulty would be experienced in 
cooling the valves and because the higher pressures at 
the end of the stroke would not increase the load on the 
valve gears. The exhaust ports of such an engine 
would also have to be larger so that the gases could 
escape from the cylinder sufficiently early to prevent 
an appreciable increase in pressure on the scavenging 
stroke. 

To justify the use of superchargers, except for 
special conditions where a large power reserve is the 
important consideration, the weight-horsepower ratio 
and the drag of the engine should be lower when 
supercharged than when unsupercharged. In some 
cases, the reduction in drag on multiengine airplanes 
may be large, because it may be possible to reduce 
the number of engines that are used. To reduce the 
weight-horsepower ratio of an unsupercharged engine 
at altitude by supercharging or boosting is not difficult. 
At altitudes from 15,000 to 20,000 feet a reduction of 
1.5 to 2 pounds per horsepower is possible on an engine 
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developing 400 horsepower at sea level. The reduc¬ 
tion in weight per horsepower would be larger for a 
smaller-sized engine. 

To reduce, by boosting, the weight-horsepower ratio 
of an engine operating near sea level or at very low 
altitudes is difficult unless a large amount of boosting 
is used. The weight-horsepower ratio of an engine 
developing 400 horsepower unsupercharged may be re¬ 
duced from one-half to three-fourths pound per horse¬ 
power by boosting the carburetor pressure 10 inches of 
mercury. However, when the specific weight of the 
supercharged engine for the above condition is compar¬ 
ed with that of an unsupercharged engine of the same 
power output, the difference in weight is negligible. 
There are special cases, however, where the use of a 
supercharger is justified even though there is no reduc¬ 
tion in specific weight. In such cases the supercharger 

of engines, and on the experimental data presented in 
this report on fuel consumption and power. The re¬ 
sults of these computations show that for low and 
moderate altitudes the high-compression engine is most 
economical. For operating at high altitudes, about 
25,000 feet, the supercharged medium-compression 
engine is more economical than the normal high-com¬ 
pression engine, but even for these favorable conditions 
it is questionable whether it would be equal to the high- 
compression engine operating at low altitudes. 

Heat losses to the cooling water and exhaust gases.— 
Increasing the weight of mixture burned by increasing 
the pressure at the carburetor results in a larger quan¬ 
tity of heat being liberated; consequently, a greater 
quantity of heat units must be carried off by the cooling 
water. The results for these tests, as shown by the 
curves in Figure 8, indicate that the quantity of heat 

Figure 8.—Effect of boosting at different compression ratios on the heat losses to 
the cooling water 

Ratio of heat toss to cooling water. 
boost 

no boost 

Figure 10.—Effect of boosting at different compression ratios on exhaust-gas 
temperatures 

Figure 9.—Ratio of power to ratio of heat losses to cooling water 
with different degrees of boosting at different compression ratios 

corresponds, in a practical sense, to an extension on 
the throttle, because the amount of mixture taken in 
can be increased by increasing the pressure at the 
carburetor. This case could be used advantageously 
to aid in the take-off of heavily loaded airplanes or to 
improve the speed or climb performance of scouting 
airplanes operating at low altitudes. 

Although it is not the purpose of this report to com¬ 
pare from the commercial operator’s point of view the 
high-compression engine 'with that of the supercharged 
medium-compression engine, a few computations were 
made to determine which engine is the most economical 
to operate. These computations 'were based on many 
assumptions, on the meager data available on operating 
costs, on the little information available regarding 
reliability, life, and cost of upkeep of the two kinds 

149900—33-9 

that would be carried away by the cooling water in¬ 
creases directly with the carburetor pressure for each 
compression ratio and that the heat losses to the cooling 
water decrease considerably with an increase in com¬ 
pression ratio. It follows that the increase in radiator 
area will be the same for a given amount of boost 
regardless of the compression ratio. However, the per¬ 
centage increase in radiator area will be higher for the 
high compression ratio, because the size of radiator 
used on a normal high-compression engine would be 
smaller than that used on a normal low-compression 
engine. The curves in Figure 9 show the percentage 
increase in radiator area necessary, at each compression 
ratio, for various amounts of boosting. Increasing the 
horsepower of an engine of 3.5 compression ratio 50 
per cent by supercharging results in a 20 per cent in- 
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crease in losses to the cooling water; increasing the 
horsepower of an engine of 7.5 compression ratio 50 
per cent by supercharging results in an increase of 34 
per cent in losses to the cooling water. 

The curves in Figure 10 show the effect of boosting 
the carburetor pressure on the exhaust-gas tempera¬ 
ture. It is interesting to note that boosting at high 
compression ratios has very little effect on the exhaust- 
gas temperatures, whereas boosting at low compression 
ratios results in a definite increase in the exhaust-gas 
temperature. The advantage of supercharging an 
engine of high compression ratio is apparent when one 
considers that the intensity of the heat is more detri- 

they will be discussed together. The curves in Figure 
11 show that boosting the carburetor pressure 10 
inches of mercury results in an increase in gross me¬ 
chanical efficiency of about 5 per cent at the high 
compression ratios and about 7 per cent at the low 
compression ratios. This increase in mechanical effi¬ 
ciency is caused by reduced pumping losses and in¬ 
creased power output. The gross mechanical efficiency 
represents conditions when the power required to drive 
the supercharger is not considered. The net mechani¬ 
cal efficiency curves represent conditions when the 
supercharger is driven directly by the engine. Note 
that the difference between the gross and net mechani- 

Figure 11.—Effect of boosting at different compression ratios on mechanical 

efficiency 
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Figure 14.—Effect of boosting at different compression ratios on the 
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mental to engine reliability than the quantity of heat. 
Considering the high exhaust-gas temperatures, the 
low power, and the high fuel consumption one can 
safely say that the supercharging of engines of very 
low compression ratio is impracticable. To obtain 
good performance by boosting the compression ratio 
used should not be less than 4.5. 

Mechanical efficiency and f. m. e. p.—As the f. m. 
e. p. and mechanical efficiency are more or less related 

cal efficiency decreases with an increase in compression 
ratio and that the optimum net mechanical efficiency 
is reached at a lower carburetor pressure on a low- 
compression engine than on a liigh-compression engine. 
The effect of boosting on f. m. e. p. is shown by the 
curves in Figure 12. The reduction in friction is 
caused by higher pressures on the piston during the in¬ 
take stroke. A lower friction was obtained with the 3.5 
compression ratio, because a different piston was used. 
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Thermal efficiency.—The total compression ratio of 
a supercharged engine is equal to the product of the 
compression ratio of the supercharger and of the engine. 
Many investigators are of the opinion that the thermal 
efficiency of a supercharged engine is lower than that 
of an unsupercliarged, because its expansion ratio is 
not equal to the total compression ratio. This does 
not seem reasonable, because the efficiency of an engine 
depends on the expansion ratio and not on the total 
compression ratio. As the expansion ratio remains 
the same, it is reasonable to expect that the thermal 
efficiency of a boosted engine should be affected only 

against which the valve must open when a high degree 
of boosting is used. The b. m. e. p. and the maximum 
cylinder pressure values given on the cards correspond 
to those obtained during the run when the card was 
taken. 

CONCLUSIONS 

1. Boosting the carburetor pressure 10 inches of 
mercury results in a net increase of 44 b. m. e. p. for 
an engine of 3.5 compression ratio and a net increase 
of 56 b. m. e. p. for an engine of 7.5 compression ratio; 
these results indicate the desirability of boosting an 
engine of the highest practicable compression ratio 

Figure 15.—Pressure-volume diagrams for several operating conditions 

to the extent that boosting effects the combustion 
efficiency and net mechanical efficiency. The curves 
in Figure 13 show that boosting results in only a slight 
decrease in net thermal efficiency. 

Compression pressures.—The compression pressure 
obtained for each compression ratio with different 
degrees of boosting is shown by the curves in Figure 
14. The measurements were obtained with the 
balanced-diaphragm indicator with the engine motor¬ 
ing at a speed of 1,500 revolutions per minute. 

Indicator cards.—The indicator cards in Figure 15 
show the effect of supercharging at different compres¬ 
sion ratios on the pressures at various points in the 
cycle. These cards are valuable because they help 
visualize what takes place within the cylinder. They 
also show the high pressures at the end of the stroke 

consistent with the degree of supercharging desired and 
the nondetonating quality of the fuel used. 

2. A large increase in net engine power can be 
obtained by boosting at medium compression ratio 
with very little increase in maximum cylinder pressure 
and with only a small increase in fuel consumption, as 
compared with operating normally at slightly higher 
compression ratios. 

3. Within the limits of these tests the decrease in 
thermal efficiency with boosting is negligible. 

4. Boosting results in a percentage increase in power 
that is larger than the percentage increase in losses to 
the cooling water. Increasing the power 50 per cent 
increases the loss to the cooling water 20 per cent at a 
compression ratio of 3.5, while increasing the power 50 
per cent increases the loss to the cooling water 34 per 
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cent at a compression ratio of 7.5. In each case the 
actual increase in heat loss was the same. 

5. Boosting the carburetor pressure 10 inches of 
mercury increases the exhaust-gas temperatures about 
75° F. at a compression ratio of 3.5, but at a com¬ 
pression ratio of 7.5 the increase is only about 10° F. 

6. Boosting the carburetor pressure 10 inches of 
mercury increases the mechanical efficiency approxi¬ 
mately 5 per cent for the high compression ratios and 
7 per cent for the low compression ratios. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 29, 1931. 
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APPLICATION OF PRACTICAL HYDRODYNAMICS TO AIRSHIP DESIGN 

By Ralph H. Upson and W. A. Ivlikoff 

SUMMARY 

The design of a large high-speed airship is primarily 
a structural problem,, in which the most important 
stresses are those due, directly or indirectly, to aero¬ 
dynamic forces on the surface of the hull. The force 
on any small element of the surface is most conveniently 
divided into two components, respectively tangent and 
normal to the surface. The tangent or skin-friction 
forces are so small per unit area that they are structurally 
almost negligible compared with the normal forces; yet 
their total integrated resultant is responsible for almost 
the entire drag of the hull, whereas the normal components 
of pressure are so nearly balanced over a good hull that 
their net resultant is practically zero. The interreaction 
of these very substantial forces is, of course, through the 
medium of stresses in the hull, and in combination with 
tin and inertia forces they are essential not only from a 
structural standpoint but also in the consideration of 
stability and control. The distribution of velocity and 
skin friction can also be indirectly determined from the 

normal force distribution. An accurate determination of 
the latter and its effects is therefore of the very first 
importance. 

The pressure on elliprsoidal shapes is presented first in 
Part 1 as a foundation for more generalized formulas. 
Although any ellipsoid is susceptible of accurate mathe¬ 
matical treatment, only the case of a prolate spheroid 
with circular cross section is investigated here because 
of its approximation to airship hulls. 

Part II deals with important adaptations of the ellip¬ 
soidal formulas, and other hydrodynamic relations to any 
airship hull, with particular reference to structural 
requirements. 

In Part III the theoretical results are applied to the 
practical computation of airship stability, and relations 
established which can be evaluated from simple wind- 

tunnel tests. 
In Part IV the same fundamentals are used in the 

determination of viscous forces, leading to an improved 
classification of airship drag, and a new outlook on drag 

generally. 
Examples of practical airship characteristics are em¬ 

ployed throughout. 

INTRODUCTION 

A determination of pressure distribution in a wind 
tunnel usually is tedious, expensive, and inaccurate. 
Even full-scale pressure readings have so far failed to 
give very consistent results, presumably due to local 
interference effects. Enough has been done experi¬ 
mentally, however, to show conclusively that the normal 
pressure is substantially unaffected by viscosity and 
skin friction except near the stern. The same con¬ 
clusion is also reached from considering the above 
mentioned small magnitude of the unit tangential 
force. In most of the work the viscosity may there¬ 
fore be ignored; and this is exactly the assumption on 
which the study of classical hydrodynamics has been 
based. This time-honored science, which for centuries 
was not much more than a mathematical toy, has thus 
found for itself at last a directly practical outlet in its 
increasing aeronautical use, particularly for lighter- 

than-air. 
The aerodynamic forces on airship hulls have lately 

been investigated by different methods based on 
hydrodynamical theory of flow. Professor Von Kar- 
man (reference 5) has applied the method of sources 
and sinks combined with assumed vortices at the stern 
to the investigation of pressures on model of airship 
Los Angeles. Dr. R. Jones (reference 3) determined 
the pressure distribution on a prolate spheroid based on 
classical hydrodynamical theories. Dr. M. Munk 
(reference 2) by applying the theory of momentums has 
derived the resultant moment acting on the airship; 
and by assuming 2-dimensional transverse flow, has 
approximated the distribution of transverse force 
acting on airship hulls. Some of these investigations 
have been presented in complicated manner and some, 
by disregarding certain factors, lead to erroneous 

conclusions. 
This paper, submitted at the request of the National 

Advisory Committee for Aeronautics, aims to over¬ 
come certain difficulties and to bring the subject gen¬ 
erally up to date. The purpose of the first two parts 
is to present in concise shape all the formulas required 
for computation of the hydrodynamic forces, so that 
they can be easily computed for either straight or 
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curvilinear flight. Improved approximations are also 

introduced having a high degree of accuracy through¬ 

out the entire range of practical proportions. The 

remaining two parts of the report are devoted respec¬ 

tively to stability and skin friction, as functions of the 

same hydrodynamic forces. 

SYMBOLS USED 

P = any point on the surface, 

P0 = point at zero velocity, 

p — density of air (standard = 0.00237 slugs), 

Ja = coefficient of viscosity, 

V= velocity at point P (feet per second), 

To = velocity of hull relative to air at °° (feet per second), 

p = pressure at point P (pounds per square foot), 

— pressure at P0= ^ ^o2 (Pounds per square 

foot.) 

Figure 1.—Inertia coefficients of ellipsoids 

\f/ = angle the direction of wind makes with axis 

(yawed Alight), 

^0 = angle the direction of wind makes with axis 

(circular Aight)—(at center of volume), 

a = angle the tangent at P makes with the major 

axis, 

«0= angle the tangent at P0 makes with the major 

axis, 

0= angle of arch between point P and a meridian 

perpendicular to the plane of the turning 

circle, or the horizontal meridian (equator) 

in case of pitched Aight, 

a?,y = profile coordinates of the point P with center 

of ellipsoid taken as origin. (Fig. 2), x posi¬ 

tive backward, 

r = y = radius of circular cross section at point P, 

V0 = Roo (for curved Aight), where o> = angular ve¬ 

locity of ellipsoid (radians per second), 

R — radius of circle in which center of vol¬ 

ume moves (P = hull drag in Part IV), 

Coefficients of additional mass of ellipsoids: 

A=l+kx 
e3 (n2-1)3*2 

1/1 
2\n log i _ 

1 + 6 n2-y/n2—l—nlog(n +-y/n2—1) 
1 — e 

where, 

e = eccentricity of ellipse = 
Vn2- 1 

n 
n = Aneness ratio = a/b, 
<2 = major axis of ellipsoid, 

b = minor axis of ellipsoid, 

B=l+k2, and is such quantity that 9 ^ ^ = 1, 

n-vVL±1 i , 2A(n2+1) — 6 
n2— 1 1 — 4An2 — 3(ft2 + 1)’ 

ki, k2, and k' may be taken from tables of Lamb and 

Munk, for A, B, and C—see Table I and Figure 1, 

0 = angle the direction of wind makes with axis 

(pitched Aight), 

S= cross section area of ellipsoid at point P= 7rr2, 

/Sinax = maximum cross section area of ellipsoid = Tb2, 
dS'/dx = rate of change of cross section = 2 tr tan a, 

vol = volume of the hull, 

AFt = transverse force per foot of axis, 

APL = longitudinal force per foot of axis, 

AMl = longitudinal moment per foot of axis, 

— longitudinal force from bow to any station x, 
M=Ml + Mt = moment about station x of all forces 

forward of that point, 

M0~ total turning moment about center of volume, 

Mt = moment about station x of transverse forces 

forward of that point, 

Ml = same, of longitudinal forces, 

Q = transverse shear from bow back to any sta¬ 

tion x. 
See Figure 10 for additional symbols applying to 

Part III. 
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PART I 

HYDRODYNAMIC FORCES ACTING ON A PROLATE SPHEROID 

For the fundamentals on which this study is based 

it is suggested that the references, particularly ref¬ 

erence 1, be consulted. It is sufficient to state here 

that the velocity distribution assumes frictionless, 

incompressible, irrotational flow (whether the flight 

path is curved or straight), as given by Laplace’s 

equation for velocity potential F. The pressure at 

any point P is then given by the expression: 

p _ d<f> _ v2 
p dt 2 

where v is the air velocity at P relative to undisturbed 

air. This is equivalent to an adaptation of Bernoulli’s 

equation: 

vJpl_Yl 
p 2 2 

(ref. 3) 

where U is the free air velocity of point P (=V0 for 

a point at radius R from center of turn), or for any 

point on the hull in straight flight. 

NORMAL PRESSURE DISTRIBUTION 

For curvilinear flight, the most general case (see 

reference 3), the pressure at any point can be alge¬ 

braically expressed as: 

^=^cos \f/0 — ^sin + sin ipo) — \acoscos a 

TY • , • • rr.n/^Y /-in -.COS asm (j)}2 
+ B sin i/'q sin or sin <f>+[2S(C-1) - CSmax]- 

7T / it J 

— sin + cos2 0 (1) 

(See Pt. Ill for the relation between \f/Q and R.) 
In case the ellipsoid is moving straight at a certain 

angle of pitch 0, R = co; \[/Q = d, and the expression reduces 
to: 

- = 1 — B2 sin2 6 cos2 <j> — (A cos 6 cos a + B sin 6 sin a sin 4>)2 

In case 0 = 0, the expression for pressure at any point 

reduces to: 

P=l-A2 cos2 a and T “ax=A (2) 
2 To 

Point P0, where velocity = 0, and pressure is a maxi¬ 

mum = 1^) will be located where cot = ^ tan 

At the point of minimum pressure where a = — a0 

= 1 — A2 cos2 6 — B2 sin2 6 
2 

_ ^ _ A2cos2 6 _ _ B2sin2 9 
sin2 a0 cos2 a0 

At point of zero pressure, where V—V0 

sin2 («o — a) = 1 

when 0 = 0, the zero pressure occurs at the point where 

1 
COS = 

The pressure at any point for pitched flight in the 

plane of symmetry may also be expressed as: 

If we designate the side of ellipsoid turned to the 

flow as “windward,” and the pressure at this side 

pw\ the side turned away from flow “leeward,” and the 

pressure px\ calling the meridian plane between the 

sides equatorial and expressing pressure on meridian 

plane pe] then in case of pitched flight: 

— = 1 — (A cos a cos 0 + B sin a sin 0)2 
2 

(3) 

Pi 
2 

= 1 — {A cos a cos 0— B sin a sin 0)2 (3a) 

Pl=l — B2 sin2 9 —A2 cos2 a cos20 
2 

(3b) 

If the values of pw, ph and pe are plotted along the 

diameter of symmetry they do not lie on a straight line, 

except for a very elongated shape. (See fig. 3.) 

At the equator the flow is at an angle ip' to the 

meridian such that, 

tan ip' = 
B tan 0 

A COS a 

and the resultant velocity ratio, 

^ — B2 sin2 9 +A2 cos2 a cos2 0 
v 0 
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INTEGRATED FORCES 

Consider an element on the surface of an ellipsoid of 

revolution. The force due to aerodynamic pressure on 

a small arc per foot of axis will be dF=pr d </> 

This force can be subdivided into three compon¬ 

ents (fig. 2): 

(a) Transverse, perpendicular to the axis AA. 

dFT=pr sin 4> d <£ 

(b) Longitudinal, parallel to the axis of ellipsoid. 

dFL=pr tan a d 4> 

(c) Perpendicular to plane of symmetry, parallel to 

the axis AA; this component is evidently balanced 

by the component on the other side of the hull and is 
here disregarded. 

Ct/2 

AFl = 2 pr tan ad#. 
J 7r/2 

In case of circular flight this evaluates to: 

AFl = g 12 cos2 iAo + 2 (i + sin ^ + (jp 

2 (A cos \f/0 cos a)2 — ^B sin \J/0 + ^ O) — sin sin a 

(5) 
COS a 

-ktR j 
(2CS-CSmax-2S) X Ur tan a 

In case of pitched flight the same expression re¬ 

duces to: 

AFl — g {2 — 2A2 cos2 6 cos2 a 

— B2( 1 +sin2 a) sin2 6} irr tan a 

In case of straight flight at 6 = 0, 

dS 
AFL = 2q (1 — A2 cos2 a) tvr tan a = p 

(5a) 

(6) 

The effect of this force, although often disregarded in 

the present design of airships will undoubtedly be con¬ 

sidered with increase of speed. 

The longitudinal force per foot of axis if integrated 

over the length of ellipsoid will give the total longitu¬ 

dinal aerodynamic force to any section. If integrated 

over the whole length of the hull it will be equal to: 

FL = 2q (k2) ) sin ip0, 

Pressure, /b./sq. ft 

Figure 3.—Hydrodynamic pressure distribution over two cross sections— 
ZMC-2 plotted against the diameter of symmetry; 0=lO°,i;=5Om.p.h. 

The resultant transverse force per foot of axis on 

any section perpendicular to the axis, in case of circular 

flight is, 

dQ 
dx 

= AFt 
rW2 . l dS 

2 J ^ pr sin <£d</> = g jAB j— sin \pQ 

— T, [ (2AC— 2A + sec2 a) S— ACSm&%$ cos2a cos \p0 

(4) 

R 

In case of pitched flight, 

R= oo, 

and, 
rp AB dS 2 . 0 AB . . . . 

ArT = q —2~ cos2o: sin 26 = g —itr sin 26 sin 2a (4a) 

The longitudinal component of pressure produces a 

longitudinal force per foot of axis, 

in case of circular flight. In case of pitched flight it 

will return to zero at the end. 

The total longitudinal force will reach its maximum 

compressive value a short distance behind the bow. 

At the maximum section it has a slight negative (ten¬ 

sion) value, which in case of straight flight of the ellip¬ 

soid (6=0) is, 

The expression of transverse force if integrated 

either graphically or mathematically over the length 

of ellipsoid from the bow to any station x produces the 

curve of aerodynamic shear. At the maximum sec¬ 

tion the shear reaches the value: 

Q = a^-V 712 (l 2 lQg n\ 
v q 2 ^maxn2-1\ n2-1/ 

sin 2\f/0—2q kx cos 

By integrating the shear curve over the total length 

the expression for aerodynamic moment around the 

stern due to transverse force can be obtained. 
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Tl~ ( 1 \ 
Mt = q (k2 - ki) (vol) n2 _ ^ sin 2\p0- 2qa - ^ - ki cos \p0 

The last two expressions for shear and transverse 

moment are derived for the case of circular flight; 

in case of pitched flight (*ko = d), the last terms of these 

equations will evidently be equal to zero. 

The longitudinal component of pressure, neglected 

in some of the recent investigations, produces a reverse 

moment, dML — r sin </> dFL = pr2 tan a sin 4> d </> = r 

tan a dFT. 
Then the longitudinal moment per foot of axis, 

frl 2 

AMt = 2 r tan a dFr= —rA FT tan a 
J -ir/2 

This moment will always have a sign opposite to the 

sign of transverse shear. If integrated over the length 

of the ellipsoid for either pitched or curved flight, it 

produces a total longitudinal moment, 

ML = q{k2~kx) ^j)sin 2 \pn. 

Combining this moment with the transverse mo¬ 

ment, the expression for total turning moment around 

the stern to which the ship is subjected, 

M=q{k2 — k\) (vol) sin 2 \f/0—2qki (vol) ^ cos i/'q. 

If the moment is taken around the center of volume, 

the last term disappears, making the total moment for 

either circular or pitched flight: 

M0—q(k2 — k{) (vol) sin 2 \J/0. (7) 

This agrees with the expression derived by Doctor 

Munk in his consideration of general flow around air¬ 

ship hulls. (Reference 2.) In his other work Doctor 

Munk has disregarded the effect of longitudinal com¬ 

ponents of pressure and, as will be shown, his expres¬ 

sion for transverse force is needlessly inexact. 

The fundamental difference between the circular and 

pitched flight in an ideal fluid is that in case of pitched 

flight there are no resultant transverse or longitudinal 

forces; while in case of circular flight there is a net 

transverse force component: 

Ft=22(fc.) (vol) —(8) 

and also a net longitudinal force component: 

n = (vol)Sln/- (9) 

The two components have a resultant passing 

through the center of flight path curvature, thus 

satisfying the total energy conditions. 

It will be interesting to note that some of the aero¬ 

dynamic loads may be expressed as functions of 

“windward,” “leeward,” and “equatorial” pressures 

which were previously discussed, e. g., 

AFt=t ^ (Pw-pi) 

AFi, ~ 7T ^ (pw + Pl + 2pe) 

V2 
AMl^tt^ (P'-Pu) tan a 

The above expressions are theoretically correct for 

circular as well as Ditched flight. 



REPORT No. 405 

APPLICATION OF PRACTICAL HYDRODYNAMICS TO AIRSHIP DESIGN 

PART II 

APPROXIMATION OF HYDRODYNAMIC FORCES ON AIRSHIP HULLS 

A critical study of the mathematical formulas apply¬ 

ing to true ellipsoids throws considerable light on the 

effect of other curves. 

It may be observed that all the pressures and inte¬ 

grated forces are functions of the radius of cross section 

and. the slopes at the particular point, and of general 

nondimensional coefficients of additional mass. Fur¬ 

thermore, there is a direct connection between these 

characteristics. Thus, for ellipsoids, it may be shown 

that 

2a 
A Y'a 

COS2 a d£ 
J-a 

We now proceed to apply the expressions derived for 

an ellipsoidal shape to any airship hull. Several 

methods can be used for this purpose. 

Equivalent ellipsoids.—As the bows of many air¬ 

ships approach or are actually sections of ellipsoids 

(ZMC-2, R-101), these may be computed as ellipsoids 

and a modified curve can then be drawn for the stern 

of the ship. This method is recommended by Doctor 

Cox (reference 8), and will be discussed with the trans¬ 

verse stern force distribution. 

Another method for shapes departing more from the 

ellipsoid is to determine the additional mass coefficients 

for the complete hull and use them as constants in the 

ellipsoidal formulas, determining the actual airship 

forces from known characteristics of the airship curve 

(radius and slope). For the determination of addi¬ 

tional mass coefficients three simple methods of figuring 

equivalent ellipsoids may be used: 

1. Actual n = 

2. 

3. 

By length n = 

By diameter n = 

rU 
6 (vol) 

6 (vol) 

ttD3 

The truth will usually be best expressed by the 

formula which gives the lowest result. Fine pointed 

shapes, for example, take the last formula, because the 

extreme point of the tail simply adds to the geometrical 

length without appreciably affecting the aerodynamic 

characteristics. The effective value of n is also de¬ 

creased by the dissymmetry between the bow and 

stern profiles, but not as far as would be obtained by 

assuming the bow profile at both ends. 

A still more general, but still approximate method, 

is to fit at any point on the hull profile an ellipsoidal 

element, which would reproduce all the hydrodynamic 

characteristics at that point. This ellipsoidal element 

will, as far as possible, have the same geometric char¬ 

acteristics as the point on the curve, but tentatively, 

may be a part of an ellipsoid whose over-all dimensions 

do not correspond at all to the hull profile, i. e., its 

additional mass coefficients may be entirely different 

from the hull shape. The application of these equiv¬ 

alent ellipsoids may be checked by applying the general 

hydrodynamic proposition for frictionless, nonviscous 

fluid that integration of axial and transverse pressure 

components over the surface of any streamline shape 

must equal zero for uniform straight motion. This 

method will be more particularly applied to the deter¬ 

mination of transverse force to be described later. 
The pressure distribution plotted according to this 

method is shown on Figure 4, curve 1. This curve was 

plotted assuming the equivalent ellipsoid fitted to any 

point on the hull to have the following characteristics 

relative to the original hull curve: 

1. Concentric about longitudinal axis, 

2. Maximum diameter equal, (D = 2be), 
3. Vertical ordinates at the point equal, (r = ye), 

4. Product of first and second derivatives of the 

curves at the point equal, 

which lead to the following relation between the fine¬ 

ness ratio of an equivalent ellipsoid and the charac¬ 

teristics of the point on the hull curve: 

™ /V(ZJ/2)2 —r-\ 

PRESSURE DISTRIBUTION BY SOURCE INTENSITY 

For still greater accuracy we must go back to more 

fundamental relations. The method of determining a 

stream-line form from a predetermined source and sink 

line is not new and was used in Naval Architecture and 

Airship Design. (References 4 and 6.) It was expected 

12S 
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that the forms of low resistance could be determined 

by this method and that these forms would have an 

advantage that, knowing the hull profile and the in¬ 

tensity of sources and sinks, the pressure distribution 

could be easily found. In most cases, however, a 

predetermined distribution of sources and sinks does 

not give a profile curve with any simple mathematical 

equation that can be conveniently manipulated. 

Therefore, in practice it seems preferable to predeter¬ 

mine the profile curve and find the source distribution 

to correspond, though recognizing the greater initial 

labor involved. 

For determination of the sink and source line shown 

on Figure 4, Taylor’s method (reference 6) was used, 

characteristics. The same procedure was then applied 

to the actual airship hull. 

These equations after being solved for /(2), repro¬ 

duced the sink and source line corresponding to the 

hull shape. Knowing /(2) values, the horizontal 

velocity at the point was determined by the equation, 

(z-2) 

[(z-s)2 + ?/T/2 
,d: 

then the final velocity at the point, 

y Vq+Vh 
COS a 

This value of the velocity was used in the pressure 

equation, 

Figure 4.—Comparison of pressure curve derived from sink and source line (S & S) with curve obtained by fitting ellipsoids. 6—0°, t’-SOm.p.h., 
ZMC-i shape, EH curve with E stern 

except that the problem was the reverse one of plot¬ 

ting the curve of source and sink intensity for a 

known body. This was done by means of the equation 

(for any one transverse section): 

Where/(2), the source intensity, varies as a function 

of x (here called 2 to distinguish it from the abscissa of 

the section under investigation), and is integrated over 

the length of the hull in each case. 

Thus a complete series of equations was derived, all 

these equations being interconnected by the known 

equation of the hull curve. The method was first 

checked by reproducing a full ellipsoid having known 

V 
<Z 

for determination of the pressure at a given point. 

Von Karman (reference 5) made an independent 

investigation of pressure distribution using a sink and 

source line to determine the flow in a longitudinal 

plane, and a system of double sources to determine 

the flow in a transverse plane. By writing general 

expressions for the flow, he determined the values of 

the velocity components in both planes, due to each 

system of flow separately. Knowing the values of 

these velocities, the pressure was determined by 

Bernoulli’s equation. 
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The pressure distribution curves based on ellipsoidal 

formulas for straight flight are plotted in Figure 4 for 

the metal-clad ZMC-2 hull: (1) by the method of 

fitting ellipsoids to points on the hull; (2) by applying 

the mass coefficients of the complete hull to equation 

(2); for comparison (3), the actual hydrodynamic 

pressure distribution by the method of sources and 

sinks is also shown in the same figure. 

TRANSVERSE FORCE IN PITCHED FLIGHT 

The main difficulty in applying ellipsoidal elements 

lies in the approximation of additional mass coefficients 

to fit not only the point where the forces are investi¬ 

gated, but also to fit the complete hull. 

In this connection an interesting observation was 

made that the product of inertia coefficients AxB for 

&FT = q ^-cos2 a sin 26 = qj r sin 26 sin 2a (10) 

The above simple, single formula is all that is neces¬ 

sary for plotting this most important aerodynamic 

force with a high degree of accuracy as to general 

distribution and magnitude. (Fig. 5.) After this force 

is plotted it will be found, due to the above approxima¬ 

tion, that the positive force over the bow and negative 

force over the stern do not balance exactly. From a 

quantitative standpoint this discrepancy is unim¬ 

portant, but if further analysis is required on the 

basis of an ideal fluid, it may be desirable to have an 

exact balance. This can be easily done, at the same 

time making the force curve at the bow a still closer 

approximation, by simply moving the whole curve 
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Figure 5.—Hydrodynamic loads, shears, and moments— ZMC-2 hull. EH curve with E stern, 0=10°, »=50 m. p. h. Total longitudinal force computed for e=0° 

all usable fineness ratios is practically equal to two, 

as is shown in Table I. 

Returning to the ellipsoidal formulas, it will be 

noticed that the mass coefficients are represented 

AB 
exclusively by the factor in the expression (4a) 

for transverse force per foot of axis. Thus for ellip¬ 

soidal type of flow the point characteristics (i. e., 

ordinate and slope) of any sectional element determine 

the transverse force almost independently of charac¬ 

teristics elsewhere. We may assume that the same 

holds true for a series of gradually varying elements 

and hence for the hull curve itself. 

AB 
It would thus appear that the factorcan be 

neglected, for most practical purposes, over the 

entire range of usable fineness ratios. The general 

formula for transverse force in pitched flight may 

then be written, 

bodily up or down enough to make the positive and 

negative areas balance. 

The close approximation of the lateral force derived 

by the above method to the force measured by wind 

tunnel tests can be seen from Figures 6, 7, and 8, 

showing the distribution of transverse force on modern 

airship hulls. 

Yon Karman (reference 5), extending his investi¬ 

gation of pressure distribution to determination of 

transverse forces has arrived at the following expres¬ 

sion, 
A Ft = pTrr{uxwx + urwT). 

Where u and w are the velocities due to the longi¬ 

tudinal and transverse motion, respectively, the sub¬ 

letters x and r refer to the respective longitudinal 

and radial components at a point in the plane of sym¬ 

metry. 

Applying this expression to ellipsoidal analysis, we 

get, 
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AB 
uxwx + urwT = -4— Vq sin 2 a sin 20 or, 

Vo • 
approximately, = sin 2 a sin 2 6 (the same result). 

AERODYNAMIC SHEAR IN PITCHED FLIGHT 

After the curve of transverse force is plotted, it can 

be graphically integrated by means of a planimeter 

and the curve derived will represent the aerodynamic 

shear Q to any point, in pitched flight. The maximum 

shear, at a point where AFV = 0, may be approximated 

by a similar method to what was used for transverse 

force, thus: 

#maX = B ~ A S'max S^n 20 
where, 

sjB — A = -yjk2 — ki 

is the mean effective value using apparent mass coeffi¬ 

cients for the entire hull. 

LONGITUDINAL MOMENT IN PITCHED FLIGHT (PER 
FOOT OF AXIS) 

As was mentioned for ellipsoids, the longitudinal 

moment per foot of axis, 

A Ml = — A Ft r tan a 

Knowing therefore the value of AFT and the geo¬ 

metrical characteristics of the point, the expression 

the moment reaching a maximum at this point. (Fig. 

5.) The net value of moment curve ordinate at the 

stern represents the total hydrodynamic turning 

moment on the hull, and must satisfy the equation (7). 

M=q (Jc2 — ki) (vol) sin 2 6 

Figure 6.—Transverse force on model RS-1 (0=9°). I. Transverse force from 
wind tunnel tests by Bureau of Standards (Technical Data Files, McCook Field, 

D527/RS-1). II = AFr=?Xj-yXsin 2 0 cos2 a (corrected for hydrodynamic 

balance.) III = AFr=?X(^| (fo—fci)Xsin 2 0 Munk’s formula (to—fci) = 0.78 

TRANSVERSE STERN FORCE 

The plotting of hydrodynamic forces, shears, and 

moments does not correspond to actual conditions 

observed on the airship hull. It will be noticed that 

in an ideal fluid no resultant force occurs, and the air¬ 

ship is subjected only to the action of a couple, whose 

magnitude equals the hydrodynamic moment. Ac¬ 

tually, the area under the distributed transverse force 

Figure 7—Transverse force on model R-33 (0=10°). I. Transverse force from wind tunnel tests (A. R. C.; R <k M No. 801); 

II=AFr=3X(^YXsin 2 0 cos2 a; III=AFY=? ^ (fa-ki) sin 2 0 Munk’s formula (fcj-L = .924) 

for longitudinal moment can be easily plotted. The 

longitudinal moment should have a negative sign over 

the entire length of hull. 

NET AERODYNAMIC MOMENT IN PITCHED FLIGHT 

The net moment to any point will be the algebraic 

sum or difference of the areas under the shear and 

longitudinal moment curves. This assumes tempo¬ 

rarily that the hull is held as a cantilever at the stern, 

curve at the stern is considerably smaller than at the 

bow, producing a resultant force at the bow in the 

direction of inclination of the ship’s axis. (Figs. 6, 7, 

and 8.) Superimposed on the hydrodynamic flow at 

the stern there is evidently an airfoil type of flow in 

a direction opposite to the ship’s inclination, producing 

vortices as is the case with an airplane wing. 

Doctor Von Karman (reference 5) has computed the 

magnitude of these vortices and has arrived at results 

closely approaching the actual load conditions. 
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The following method, somewhat approaching that 

recommended by Doctor Cox (reference 8), can be 

more conveniently used. In this case it is desirable 

to obtain from wind tunnel tests at high Reynolds 

Number the resultant force and moment on the bare 

airship hull under conditions similar to those analyzed. 

When these values are not available, they can be 

approximated from results of tests of airship models 

of shapes similar to the one analyzed. The curve of 

hydrodynamic transverse force can be then modified 

at the stern in such manner that its area would be 

reduced by the amount equal to the force determined 

in the wind tunnel. The shape of the curve should be 

modified to approach the curves of transverse force as 

determined in wind tunnels on hulls of similar general 

characteristics. This distribution of transverse force 

will then approach very closely to the actual condi- 

conditions. Therefore, the investigation of pitched 

flight alone will usually serve as a guide for the deter¬ 

mination of the longitudinal strength of airships, al¬ 

though circular flight should also be at least tentatively 

investigated, if there are any doubts as to the 

strength in this plane. The relation between R and 

\p0 in actual flight and their effect on stability is treated 

in Part III. 
CONCLUSION 

The investigation of the possibility of applying the 

hydrodynamic ellipsoidal formulas to airship hulls 

leads to the conclusion that these formulas can be 

divided into two groups: (1) Formulas which can be 

approximated to permit the determination of flow 

characteristics from geometrical properties of the 

individual point at which the flow is desired, and (2) 

formulas which include the general shape as a whole. 

JO 

.08 

.06 

AFr 
02 

O 

-.06 

—Transverse force from Munk's equafion 
■AFT = q ds/doc .8/7sin 26 \-j- 
Boundary layer at 60 ft/sec. 6=0° 
measured for 80 inch model reduced 

in ratio 33/80. (R <§ M No. 1268) 
Transverse force from wind tun¬ 
nel tests(A.R.C., R SNfNo. i/69); \ 

Fr transverse force from equa~— 
n r sin 2 a sin 2 8 

Figure 8.—Transverse force on model R-101 (0=10°). Scale of model=one-quarter; Figure 9.—Circular flight. Hydrodynamic loads, shears, and moments—Bow ZMC-2 
length of model=33.01 inches N = 10°, »=50 m. p. h., R=600 feet) 

tions, and if the forces at the control surfaces and the 

inertia or other balancing forces are also considered, 

the complete load diagram can be reproduced. 

CIRCULAR FLIGHT 

For the determination of forces in circular flight, the 

exact ellipsoidal expressions should be used, making 

approximation for the additional mass coefficients as 

outlined above. The distribution of transverse force 

over the bow for circular flight of the ZMC-2 is shown 

in Figure 9. This distribution is plotted for the same 

speed, with the angle of yaw at c. g. the same as in the 

pitched flight investigation. It can easily be observed 

that the transverse force is smaller in the case of cir¬ 

cular flight than in the corresponding case of pitched 

flight. Considering also that the transverse force in 

circular flight is balanced by inertia force largely dis¬ 

tributed over the hull, while the force in pitched flight 

may be largely balanced by excess of weight concen¬ 

trated at the points of load application, it can clearly 

be seen that pitched flight will produce higher shears 

and moments than circular flight for otherwise similar 

The formulas which include only the geometrical 

point characteristics, such as the formula for trans¬ 

verse force in pitched flight, leading to the determina¬ 

tion of shear and bending moment, can be applied to 

any airship hull, and for the most part are probably 

even more accurate than the results of actual tests. 

The formulas for pressure distribution and for longi¬ 

tudinal force in the case of pitched flight, and for all 

the aerodynamic forces in case of circular flight, are 

dependent on characteristics of the point and also on 

the hull shape as a whole. In this case the designer 

should be careful in choosing the coefficients of addi¬ 

tional mass corresponding to the designed hull. If 

these are properly applied results very closely ap¬ 

proaching those of true hydrodynamic flow can be 

obtained. 

In regard to the stern force, it should be noted that 

the hull force in the immediate neighborhood of the 

fins, particularly between and behind them, is further 

modified by the presence of the fins themselves. It is 

proposed to deal with this more particularly in a sub¬ 

sequent report on fin design. 
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APPLICATION OF PRACTICAL HYDRODYNAMICS TO AIRSHIP DESIGN 

PART III 

AIRSHIP STABILITY 

The consideration of airship stability in yaw is 

based on the principle that any tendency of the air¬ 

ship to yaw from its path may be considered as the 

tendency to swing into a circular path deviating from 

the original direction. The study of stability in yaw 

therefore simplifies itself to a study of the airship in 

circular ‘flight and a consideration of the transverse 

forces and moments acting on it. 
In this connection it should be first noted that for 

motion of the airship deviating from the straight path 

the angle of attack is no longer fixed but will vary 

throughout the length of the airship, reaching the 

highest values at the stern. The wind-tunnel tests 

give only the moments at a constant angle of attack 

throughout the hull; but as the principal stabilizing 

forces on the airship act at the stern, the wind tunne 

results may be utilized providing proper allowance is 

made for the above-mentioned variation of yaw angle 

in actual flight. This may be done by the use of hy¬ 

drodynamic principles. 
Consider an airship of mass ?72, = pXvol, traveling 

on a circular path, with angle of yaw = ypo (relative to 

undisturbed air); velocity tangential to path = k0 and 

radius = R (all taken at the center of volume). The 

center of gravity is assumed to be coincident with 

the center of volume, k\ and k2 are additional mass 

coefficients of the airship, A and B the total virtual 

mass coefficients. (Fig. 10.) 

The airship is assumed to be subjected to the fol¬ 

lowing forces: 
1. Transverse component of centrifugal force due 

to the mass of the ship itself =—g—cos distributed 

through the hull, with resultant acting at center of 

volume. 
2. Transverse component of virtual centrifugal 

force due to the additional mass of air set in motion 
w T/2 

around the hull= j, ki cos \p0 which appears as aero¬ 

dynamic pressure with resultant applied at center of 

volume. This is equivalent to the ellipsoidal equa¬ 

tion (8), but may also be derived from a more general 

consideration of momentum. (Reference 2.) 

3. Distributed aerodynamic force which does not 

produce any resultant force but produces an unbal- 

mV2 
ancing moment, M0= (k2 — k\) sin 2 ^0; from 

equation (7). 

4. Stern force acting at a distance l from the center 

of gravity, whose magnitude to balance the above 

mV2 
moment should be 0j° {k2 — ki) sin 2 \p0. 

, , mVo2 
(0= ~p~ co3 fo 

(2) - cos if0 

/a) - m v° n- 
(v ' * 

rf~(kz-k])s/n i 

\p0 = anq/e of yaw at c.g. 
R = radius of turn at c.g. 

m = p (voi) = airship mass 
Y = yaw force measured in 

tunnel 
jy = yaw moment measured 

in tunne/ 
M0 ~ moment due to distribut¬ 

ed force (3) 
C = distance to point of zero 

yaw from c.g. 
= distance to point of stern 

force application from c.g 
- true airspeed tangential to 

path at c.g. in ft./sec. 
(2 = additional apparent mass 

factors (l),(2),(3),(4) = trans¬ 
verse forces. 

Figure 10.—Transverse forces on airship hull in circular flight 

Relation between turning radius and angle of yaw.— 

As long as the airship is in a condition of steady turn,, 

the forces should balance or, from the above, 

(1+A'i) cos 'Po = '>n^i (fa-h) sin 2 \f/0- (11> 

thus, 
(1 Vkj) (k2 k\) 

R 

A__B—A 
R l 

l 

sin \p 

sin i/'q 

o 

133 
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from which, 

(l+&i) l (l+&i) l rrj o _ 57.3 Al , 19v 

" (fe-ArOdn^o ~ (*«-*i)*0 MB-A) 

(\f/0 in degrees). 

It may be noticed that the angle of yaw of any one 

point on the axis is a linear function of distance along 

the axis. Thus as \J/0 is the angle of yaw at the c. g., 
let c be the distance forward of c. g. to point where the 

local angle of yaw is zero. Then, 

c = R sin i/v 
Al 

B-A 

If 1/7 is the local angle of yaw at the point of applica¬ 

tion of the stern force (l feet behind the c. g.), 

tan tan ^0 = ^tan \J/0 

or, 

, B 
(13) 

from which we get as an alternative value of the turn¬ 

ing radius, 

_57.3Bl 
4/f(B — A) 

(12a) 

The above considerations of an airship in a perfect 

fluid in a condition of neutral stability are only approxi¬ 

mated in practice, due to the distributed nature of the 

tail force, as already noted. In the case of a bare hull 

at a fixed angle of pitch or yaw, the distributed hydro- 

dynamic force at the stern is reduced while the dis¬ 

tributed force at the bow remains the same. Usually 

this difference is termed “dynamic lift on bare hull” of 

fhe airship. Its real center of action is, of course, for¬ 

ward of the c. g. For the purpose of the above analysis, 

however, it is considered not in the sense of a resultant 

force at fhe bow of the airship, but as a force at the 

stern acting in a direction to oppose the theoretical 

turning moment M0 which would otherwise apply in 

the analysis of a perfect fluid. This force is the Yh 
force which is measurable in wind-tunnel tests on a 

bare hull for a certain angle of yaw ^ or pitch d. Its 

moment arm about the c. g. as measured in the wind 

tunnel is, 

When the fin surfaces are introduced they produce a 

force Yf and moment Yflf. For the purpose of analy¬ 

sis we here assume lh = lf=l combining Yh and T/into 

a single force Y, which is not far from actual results. 

An experimental check, is found in a comparison of 

the radius of turn computed from formula (12) with 

that obtained in full scale tests. In the case of the 

Los Angeles the computed radii are 4 per cent off from 

the experimental, but are closer to the experimental 

values than the results derived by the hydrodynami- 

calty inexact formula used in N. A. C. A. Technical 

Report No. 333. The full scale tests on the C-7 (N. A. 

C. A. Technical Report No. 208) are within 2.3 per 

cent of the computed figure. A somewhat larger dis¬ 

crepancy in the case of the ZMC-2 will be considered 

later in connection with the car effect. 

Stability criteria.—Comparing actual flight with the 

theoretical, where the forces were in balance, it can be 

seen that if the actual force at the stern is larger than 

the theoretical stern force opposing the turning move¬ 

ment, the airship will tend to return from the circular 

to its original straight path. 

Whether this condition is fulfilled may now be deter¬ 

mined from a simple static wind-tunnel test, preferably 

at high Reynolds Number. The only further assump¬ 

tion involved is that the stern force for a given airship 

speed is determined by the angle of yaw at the fins, 

regardless of what it is elsewhere. As will be shown 

later, this seems to be almost exact for the fin force 

proper and usually a fair approximation for the balance 

of the stern force. Thus, for stability computation, 

the wind-tunnel angle 1p must now be taken as equiva¬ 

lent to 1pf, not to 1p0, because from (13) 

(13a) 

Referring back to the condition for neutral stability, 

equation (11) for small angles can now be written: 

mVo 
R 

A 
mV02A 

IB 
(B-A) ± 

57.3 

of which the first term is the actual centrifugal force, 

including that of the additional air mass, and the 

second term is the balancing stern force necessary to 

hold a constant radius of turn. If Y exceeds this force 

we have positive stability. Generally speaking then, 

we may define the degree or criterion of stability as 

the ratio of the actual stern force to the balancing 

stern force. Then any value greater than unity is 

stable. Thus we get stability criterion No. 1: 

„ n =_28.6IYB 
C’Y g{vo\)A{B-A)t (M) 

The same method of reasoning can be also applied 

to moments. The moment measured in the tunnel 

for a certain angle of yaw will be evidently: 

N=M0'— Yhlh—Yflf 

The moment due to the stern force alone is evidently, 

= M0'-N=Yhlh+Y,lf~Yl (15) 

This moment should be larger than the theoretical 

moment to have the ship stable, or 

(Mc’-N)>mVJ 
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Taking the ratio as before, we get stability criterion 
No. 2: 

S. C. N ~ 
B 
A 

_28. G N \ 
q vol (B — A) \p) (16) 

A third stability criterion may be based on an exper¬ 
imental determination of the resisting yawing moment 
by the use of damping apparatus or a whirling arm- 
It seems obvious, however, that additional mechanical 
complications of this kind are not justified unless they 
serve to reproduce more closely the type of motion 
found in actual flight. For example, the oscillating 
type of damping apparatus would seem to be par¬ 
ticularly futile. Though any method by which the 
stern force or moment can be plotted against the local 
angle of attack at the stern gives a means of approx¬ 
imating the required ratio, the most important test 
condition is high Reynolds Number. 

The evaluation of a damping test is best expressed 
as a moment ND around the c. g. (computed from the 
test moment around the actual center used) for a 
given transverse component of stern speed vf at the 

position l behind thee.#. Then vf corresponds to \p} 
* 0 

(in radians), and we get as stability criterion No. 3: 

S. C.D = 
B 
A 

1- - 

N D 

p Vq vol (B — A) v t 
(17) 

Tail arm length.—Proper use of the formula for 
N. C.Y depends on getting the correct value for l. 
The fin arm lf may be taken as the distance from the 
c. g. of the ship back to the mean c. p. of the fins, the 
latter point for any one fin being found as follows: 
Find the centroid of the entire fin, including control 
surface; draw a line through the centroid, in the plane 
of the fin, parallel to the hull meridian at the front 
of the fin; from where this line cuts the leading edge, 
measure back along the same line one-fourth of its 
length from leading edge to trailing edge. For most 
models l can be taken as approximately equal to lf 
but is more accurately given by the expression: 

l=M°'-N^(£-6,onB-A)+-N) (18) 

In case this gives a value differing much from lf, the 
bare hull force and tail arm, Yh and lh may be similarly 
determined from a test without the fins, and the figures 
checked by equation (15). In special cases portions 
of the hull force may be considered quite separately 
from the fin force, in a similar manner to the car force, 

now to be considered. 
Effect of car.—It is clear that an additional fin force 

at the center of gravity, such as due to a car, will serve 
to carry part of the centrifugal force. For a given 
angle of yaw it will cause the ship to turn on a smaller 
radius, which in turn will produce a larger local angle 
at the fins, thus improving the stability. Another, 
less precise way, of explaining it is to say that there is 
a relative damping moment between the car and the 

149900—33-10 

fins which opposes a tendency to turn. The important 
thing to note here is that the above two statements 
are not of two different effects, but refer to one and 
the same effect. 

Though the more general case of a plurality of side 
forces at different points on the hull may be solved by a 
similar method, there seems to be no practical import¬ 
ance in trying to express the result in a single algebraic 
formula. Hence, we return to the case of a side force 
at the c. g. In this case, let Yc be the difference in 
transversive force with car on and off, measured at an 
angle of \p in the tunnel. Then by the principles 
already laid down, the actual car force in free flight 

Y i 
will be ——^for an angle of \p at the fins. The balance 

of forces for equilibrium is: 

where, 

mV2 A ^ Yc \po Mp 
R ~ * + l 

M0 = mVJU3-A).p.t 

and, 

From (19) we get, 

R = 
57. 31 

j£_28. 6 Yc-l B 
\p0 q vol A \p A 

(19) 

which can be substituted in the expression for R. For 
a wind tunnel moment N, we have the second stability 
requirement as before: 

M-N> mV} (.B-A)g|V (20) 

which, expressed as a ratio in terms of \p is: 

S. <7V = 
(B 28. 6 Yc-l\ 
\A + q vol A yf/ ) Q. 

_ 28. 6 N_ 
vol (B — A) yp ) 

Thus, aside from interference effects, the stability is 
slightly improved by a fin force at the c. g. Even 
further forward, there is not likely to be much negative 
effect, due to approaching the point of zero yaw. Put 
more broadly, it is on the safe side to consider any 
distributed load as concentrated at the point of appli¬ 

cation of its resultant. 
A word of warning here: measure N with the car (or 

cars) on, to be sure of catching any blanketing of the 
fins so caused. If Y is the stern force, S. C. N' is 
derived from equation (20) by putting M—N— Yl and 
substituting for in terms of \p. 

Pressure and velocity distribution.—Having deter¬ 
mined the free flight connection between \f/0, \p and R 
we may substitute either way in equation (1), Part I. 
A practical example is plotted in Figure 9. Expressed 
in terms of the stern angle \p, where x = l by means of 
equations (12a) and (13a), we have a convenient means 
of checking the validity of the assumptions on which 
the stability criteria are based. 
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The particular question here is whether there is 
enough difference, in the hitherto unconsidered flow 
pattern, as between turning and simple yaw to make 
a serious difference in the resulting stern force for a 
given value of \p. Taking the extreme condition of a 
fin element subjected to the full theoretical flow at the 
hull surface, its actual reaction, compared to the free 
air value, is increased in the ratio, 

F' 
V2^ 

= Vo2t 

where, 1// is the angle between the streamline and the 
meridian at the point in question. But for small 
angles (in radians), 

\p' = sin i/-' = 

or, 

™ VK~VmVc 
r ~ F0V~ W 

where Vm is the meridian component and Vc the cir¬ 
cumferential component of V. 

Equation (1), by its derivation, consists of four main 
terms of which the first two are the component terms 

V2 V 2 V2 
of YT2 the third is and the fourth is For the 

y o y o y o 
position of maximum fin effectiveness </> = 0; also putting 

sin to^'Po (radians), cos \po=l and substituting for R, 
\p0 and x as above we get, 

F' = a(a + C— 
AC\ 
B ) 

cos a 

Referring now to Table I or to Figure 1, it may be 

seen that the factor A takes a value of 

2.25 for n— 1, 2.0 for n= °°, and 1.94 for n=5, or is 
practically equal to 2 for the entire range of usable 
fineness ratios. 

Applying similar approximations to equation (3b) 
for simple yaw (d = \J/), we get as the factor of increase, 

F=AB cos a ~2 cos a«F' 

Therefore, within the range of hydrodynamic condi¬ 
tions, the fin force at small angles is close to a straight 
line function of ^ for either curved flight or simple 
yaw, as originally assumed. The boundary layer and 
other modifications of flow, probably of small effect 
in relation to the present subject matter, will be taken 
up in a later report. 

limitation of assumptions.—It should be noted 
finally that the assumed straight line variation of the 
hull and fin forces with yaw angle is modified for the 
hydrodynamic forces when ^ becomes so large that the 
relation, 

sin 2^ = 2 sin \J/ = 2\p 

no longer holds within the desired order of accuracy. 
And the assumption for the fin force breaks down 
entirely at the burble point of the fin airfoils. This is 
particularly noticeable for fins of high aspect ratio, 
such as used on the ZMC-2, this ship showing a very 
definite tendency to “spin” in an extreme turn. 

Conclusions.—For most purposes, equations (14) 
and (16) are recommended, giving greatest credence 
to the one giving the lowest value of S. C. and designing 
so as to make it at least 1.0 and preferably 1.15. 
Serious discrepancies between the two criteria should, 
however, be investigated for effects of distributed force, 
interference, and burbling. The angle is preferably 
taken as half of the algebraic difference between equal 
positive and negative angles, not more than ± 10°, 
Y and N being similarly derived. For larger angles, 

dF Y dN N 
substitute ^ for ^ and ^ for plotting the values 

of S. C. against \p. 
Stability in pitch may be analyzed in exactly the 

same wTay, the principal difference being the negligible 
effect of the cars, and the static righting moment due to 
the vertical distance between the center of volume and 
the c. g. For the latter reason there is seldom any 
difficulty about the stability in pitch if that in yaw is 
satisfactory. 

The ZMC-2, designed by these methods, indicated a 
slightly positive stability at small angles, a result well 
substantiated in practice. Examples of unstable air¬ 
ships were the Shenandoah, and the Army AC. There 
is no question about the latter by results from either 
wind tunnel or actual flight. The Shenandoah, how¬ 
ever, although admittedly unstable in flight, did not 
seem to have as bad a reputation as its low criterion 
would indicate. Its very long and generally poor shape 
gives a distribution of transverse hull force sufficient 
to be a substantial factor. But even taking this into 
account the criterion is still quite low. Hence, it seems 
probable that the results of experience with the airship 
were largely colored by the large radius of turn, and 
by the time element contributed by the large moment 
of inertia involved in any unstable deflection from the 
straight path. In this case the principal danger of an 
unstable condition remains in its effect of magnifying 
the forces due to a sudden gust. Thus a sound and 
careful analysis of stability is of the utmost importance, 
particularly in the case of large airships where the 
result from a control standpoint is likely to be masked 
by elements involved in the size as such. 

In any case the establishing of stability is but a 
preliminary to the determination of actual forces for 
specific conditions of flight. 
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APPLICATION OF PRACTICAL HYDRODYNAMICS TO AIRSHIP DESIGN 

PART IV 

FRICTIONAL FORCES 

Here we determine the approximate distribution and 
magnitude of the frictional drag on a large airship hull. 
Analysis will proceed on the following assumptions: 

1. Turbulent type of boundary layer, of negligible 
thickness compared to the hull dimensions. 

2. Flow otherwise frictionless and irrotational. 
3. Distribution of unit tangential force proportional 

to the square of the local air velocity relative to the 

surface. 
4. Magnitude of the total integrated force deter¬ 

mined with reference to the mean effective Reynolds 

Number of the hull as a whole. 
5. Axial motion of an ellipsoidal hull. 
Force and energy relations.—Let dR0 be the hori¬ 

zontal component of skin friction resistance on a cir¬ 
cular element of surface of axial dimension dx. In the 
preliminary analysis we assume that this force varies 
exactly as the area, and as the square of the air velocity. 
Therefore, we may write, dR0 = CpmyV2 dx, where C is i 
a coefficient, and p is the density in slugs. From the J 

ellipse equation, y — ~ Va2~by hydrodynamics, 

Eq. (2) 
V2 = A2Vo2 cos2 a 

_ A2Vq2(a2-x2) 

Then, for the entire ellipsoid, 

R0 = 20rpJ^ yV2dx 

_ 2CpirA2V2 p (a2 — x2YL2 dj 

where VQ is the speed of the ship (feet per second) and 

A is the hydrodynamic relation, tTx = 1+&i. By in- 
F 0 

tegration between the prescribed limits, 

Ra=~CPA‘V^a?~^ (1) 

With the proper value of C, to be determined, the 
above equation gives the integrated axial force con¬ 

tributed by the skin friction. That it is not the total 
drag due to the skin friction may now be made appar¬ 
ent by energy considerations. 

Let dE be the energy per unit time absorbed by the 
same circular element of surface, along the meridian 
increment ds. Then if dF is the force along ds (inte¬ 
grated around the circle); 

dE= VdF= CpryV3 —- (2) J cos a 
but, 

V3 = AiV<? COS3 a = 
A3V0z(a2 — x2) cos a 

a2 — x2( 1 — 
1 

ri‘ 

Substituting and integrating as before, 

E= 
7T 
~o 

CPAzV2a2 
nJc2 

(h+T? 

But if the total drag is 11, E= V0R, 
and, 

R = ^ CpAWc2a2 
n+2 

(n+1)2 
or, 

7, = A — IT ki 
no 

(3) 

In other words, the skin friction drag R0 must be 
increased by a “pressure drag” of kxR0 to get the 
total drag R due directly to the viscous forces. This 
strongly discredits the opinion sometimes advanced (as 
a result of unreliable tests at low Reynolds Number) 
that it is possible to get a negative pressure drag. It 
also makes the direct viscous drag of airships (and 
boats) quite sensitive to changes of form as well as to 
changes of surface area and ship speed. 

True viscous force.—To get an idea of the mag¬ 
nitude of force involved, C must now be evaluated, 
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taking into account the errors already introduced by 
the preliminary assumptions as to the exponents of 
the length and velocity. Using the formula of 
Diehl (“Engineering Aerodynamics,” and N. A. C. A. 
Technical Note No. 102), 

C=CF= 0.0375 (6,350 X VeL)~0Ah— (yfjo.is (4) 

(for standard sea-level conditions); where L may be 
taken as the axial length of the hull, rather than the 
meridian length, to allow for the end taper; or, 

L = 2 a 

Ve is the mean effective velocity, which may be 
evaluated as follows: 

Referring to equation (3), this may be written in the 

form, 

R = Ci>2SV} (3') 

c, 

.000/2 

.000/0 

.00008 

.00006 

T ! "TT“ 
xo □zs 

Value of CR in equation (6) R-Crvo/ 
Value of CR based on total drag / 
ured in variable densitv tunnel 

617 

veas- 1 
(8. Nr apt orox. 20, OOO.OOO) 

X 

0 
□ t- o A 

\V ° a 

_ 
1 2 3 4 5 6 7 8 

Fineness ratio 

Figure 12.—Variation of resistance with fineness ratio 

iO 

in which the surface area, 

S=Ks a b 

Ks being a geometrical coefficient varying from 12.0 
for n = 2 to 11.4 for n = 8. From equations (3) and 

(3') we then have, 

R = CP2ab K, 1-7 = O | a? x2 A3 V,2 

from which, 

V2 = * e 

Substituting in (4), 

TTvlhi (n_±2) VI 
Ks (n+1)'2 

T\ 0.075 fyy ! 1^0.15 

r=0 0077 _—AD_U1+.XJ_ 
° U-UU‘ ' q0.15 ^0.225 n0.075 (-^ + 2 ) 0-075 F00,15 

and from (3), 

11 = 0.00011 A3-”3 a'-33 1V SS -5 

(for p = 0.00238 and TV =11.7) 

In terms of the volume ( = ^ I ? V 
3?r / 

(5) 

C~ 
(n+ l)0-15 

100A0-225 voF“ a0175 (n + 2 ) 0-075 F00' 15 (5') 

and, 
^2.775 ^1.158 (7l + 2 ) 0.925 vol0.6l7 Vq1M 

K 22,000 (n+1)1-85 

For practical use this can be simplified to 

R = Cr vol0-617 Vo1-85 (00 

where CR is a coefficient involving A and n (A also 
depending on n) which is plotted on the attached 
chart (fig. 12) for various values of n. 

Discussion of results.—An interesting fact about the 
curve is that the minimum drag is shown at a fineness 
ratio greater than what would cause any great amount 
of burbling over a properly shaped hull. Thus the 
fineness ratio for minimum drag is apparently deter¬ 
mined mainly by frictional forces alone. A supple¬ 
mentary indication is that practically minimum fric¬ 
tional drag, for a given volume, may be attained with 
any fineness ratio between about 3 and 6. But natu¬ 
rally the proper hull curve to prevent burbling becomes 
increasingly important for the lower fineness ratios; 
and with a ratio much under 4 a considerable amount 
of burbling must apparently be reckoned with at the 
best. In line with modern boundary layer theory, it 
appears further that this burbling at the lower fineness 
ratios is indirectly due to the sharp increase of energy 
loss from viscous friction, particularly around the 
maximum section. 

The magnitude of the axial skin friction component 
around an}’ one section, per unit axial length, is given 

by, 

^ = 2CqA2yir cos2 a (7) 

where C has the value given in equation (5). The 
approximation here involved in assuming C constant 

over a long hull makes the calculated value of a 

little too low at the bow and too high at the stern. 
Greater accuracy in respect to the actual force distri¬ 
bution will depend on further research into the detailed 
structure and growth of the boundary layer. 

Equations (6') and (7) are in a form which can be 
applied to any fair hull shape by estimating the equiva¬ 
lent ellipsoid, discussed in Part II. 

A similar method may be followed in dealing with 
other problems involving the boundary layer, includ¬ 
ing cases of inclined and curvilinear flight. 

It should be noted that there is still some question 
about the exact coefficient and exponent of the Rey¬ 
nolds Number. For smooth surfaces the coefficient 
as here used is more likely to be high than low. For 
the exponent, Von Karman uses — 0.2 instead of — 0.15 
(with a coefficient to correspond), but the bulk of the 
evidence seems to favor the exponent here used. (See 

reference 12.) 
Additional light on this point may be had from the 

values for various model tests in the variable density 
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wind tunnel as plotted in Figure 12. These are on the 
basis of CR in equation (6'), all at a Reynolds Number 
of about 2X 107. It will be noted that most of them 
fall below the theoretical curve; and most of them also 
show less variation with Reynolds Number than pre¬ 
dicted from theory. An offhand conclusion might be 
that the exponent and coefficient both need revision. 
However, data collected by B. M. Jones (reference 12), 
shows quite clearly that the laminar type of flow is 
still often an appreciable element at the Reynolds 
Number of 107, but probably would not be so at full 
scale values of 108 and over. In other words, these 
test results are probably not yet out of the transition 
stage, and hence do not quite comply with the first 
assumption on which this study was based. An experi¬ 
mental check of this supposition might be had from 
observing the change due to an artifiical increase of 
turbulence in the same tunnel. Lacking evidence to 
the contrary, it seems to be another case of the theoreti¬ 
cal result being on the whole more reliable and practical 
than the direct experiment; although in this case the 
extrapolation of several of the test results leads almost 
exactly to the theoretical value for full scale conditions. 

In the computation of the parasite drag of outside 
parts the proper coefficient and exponent will, of 
course, depend on the character of the part in ques¬ 
tion. If the true local velocity V (instead of R0) is 
used, however, and the result further increased by the 

energy factor Ty much of the additional drag at low 
v o 

fineness ratios, commonly attributed to interference, 
will be found accounted for. 

End conditions.—It remains finally to consider the 
instructive end conditions presented by the two ex¬ 
tremes of fineness ratio, 0 and <». 

In the first case of n = 0, a circular disk normal to 
2tr 2 

the flow, it can be shown that Ks~— and A = —> 

while L may be assumed equal to b (the radius). 
Substituting the corresponding value of C in equation 
(1) gives for the direct skin friction: 

R0=(& finite coefficient) Xn° 075 61-85 H01,f5 = 0. This 
is not surprising in view of the fact that cos a 
is everywhere zero except at the extreme edge. But 
as energy is taken from the air, the drag can not be 
zero. On the energy basis, therefore, the viscous 
drag, here entirely in the form of “pressure drag,” is, 

which leads back, as it should, to the basic skin fric¬ 
tion formula. 

CONCLUSIONS 

In conclusion of this part of the report, it is recom¬ 
mended for practical analysis that airship drag be 
divided into the following parts: 

1. Viscous hull drag, of which the proportion -j- 

appears as skin friction proper, the balance as pres¬ 
sure drag. 

2. Burbling hull drag, creating an unknown propor¬ 
tion of pressure drag, usually positive, and a negative 
(relative to Item 1) skin friction drag. This item as a 
whole is probably always positive for practical hull 
shapes, but vanishingly small for the larger fineness 
ratios. 

3. Parasite drag of adjacent parts, considered as 
acted upon by the actual air flow locally in which 
they are placed. (See discussion above.) 

4. Interference effect, of the same parasite parts, on 
the hull drag (mostly modifying Item 2). 

Item 1 is obtained for full scale by formula (6') 
(the coefficient and exponents being subject to possible 
future refinement); or, for a model with unknown 
type of flow, by subtracting the axial resultant of the 
measured pressure distribution from the total meas¬ 
ured drag and multiplying the remainder by A. 

Item 3 is obtained by wind tunnel test or compu¬ 
tation corrected to speeds obtained by formula or 
estimate. 

The sum of Items 1 and 2 is obtained from a large 
or high-density tunnel, with maximum turbulence in 

i the air flow. 
The sum of Items 1, 2, 3, and 4 is similarly obtained; 

and can also be had from actual flight tests. 
If CR is used as a coefficient of total drag, it has the 

following relation to the shape coefficient Cs: 

/ \°.85/ \°.15 0.617 

Drag = Cs Q vol8/3 = Cn\P) (M) vol. F„18S 
\Po/ \Mo/ 

where p0 and p0 are the standard density and viscosity, 
respectively. 

June 1, 1931. 
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INERTIA COEFFICIENTS OF ELLIPSOIDS 
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2.0 1.209 1.702 1.400 . 493 2.058 
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DROP AND FLIGHT TESTS ON NY-2 LANDING GEARS INCLUDING MEASUREMENTS 
OF VERTICAL VELOCITIES AT LANDING 

By W. C. Peck and A. P. Beard 

SUMMARY 

This investigation was conducted at the request oj the 
Bureau oj Aeronautics, Navy Department, to obtain 
quantitative information on the effectiveness of three land¬ 
ing gears for the “NY-2” (Consolidated training) airplane. 
The investigation consisted of static, drop, and flight tests 
on landing gears of the oleo-rubber-disk and the “Mer¬ 
cury” rubber-cord types, and flight tests only on a landing 
gear of the conventional split-axle rubber-cord type. 

The results show that the oleo gear is the most effective 
of the three landing gears in minimizing impact forces 
and in dissipating the energy taken. The flight results 
indicate that in pancake landings with a vertical velocity 
at contact of 8 feet per second the maximum accelerations 
experienced are approximately 8.2g, 4-9g, and f.fg with 
the oleo, the Mercury, and the split-axle rubber- u 
cord gears, respectively. 

The results also show that, in the good landings, 
larger impact forces were experienced subsequent A 
to contact {generally less than 2.8g) than experi- \\ L 
enced at contact {generally less than 2.0g). 

The oleo landing gear permitted severe landings //ON 
to be made without violent rebound, but the Mer¬ 
cury and the split-axle rubber-cord gears caused 
very violent and dangerous rebounds. 

A comparison of the results of the drop tests, 
based upon equal heights of free drops, does not 
show the relative merits of the landing gears as 
realized in flight tests. However, a comparison made 
upon a basis of equal heights of total drop {free drop 
plus vertical movement of the load during the initial stroke 
of the landing gear) is indicative of them. 

INTRODUCTION 

A series of tests was started in 1929 at the request of 
the Bureau of Aeronautics, Navy Department, to deter¬ 
mine quantitatively the relative shock-absorbing and 
energy-dissipating merits of both rubber and oleo 
types of landing gears, with a view to the possibility of 
redesigning the structure affected by the loads imposed 
in landing. To date, three of these investigations have 
been completed at the Langley Memorial Aeronautical 
Laboratory, Langley Field, Va. Reference 1 gives the 
results of the first investigation, tests on two F6C-4 

landing gears; reference 2, those of the second inves¬ 
tigation, tests on a pair of air wheels. The third inves¬ 
tigation, reported herein, was conducted during the 
period from May, 1930, to February, 1931, and con¬ 
sisted of static, drop, and flight tests on two NY-2 land¬ 
ing gears and flight tests only on a third. 

The static tests were made to determine the depres¬ 
sions and compressions or elongations of the various 
elastic units of the shock-absorbing systems under 
static loads. The drop tests were made to obtain 
information on the depressions of the tires, the elonga¬ 
tions of the rubber cords, the compressions of the rub¬ 
ber disks, the pressures built up in the oleo cylinders, 
the work done on the various units, the degree of 
rebound, and the maximum accelerations experienced 

under impact forces. The flight tests were made to 
determine the maximum accelerations and the vertical 
velocities of the airplane during different types of 
landings. 

APPARATUS 

Landing gears.—The landing gears subjected to 
tests in this investigation were an oleo-rubber-disk 
type (figs. 1 and 2), a Mercury rubber-cord type 
(figs. 3 and 4), and a split-axle rubber-cord type 
(fig. 5). The respective weights of these landing 
gears, less wheels and tires, were 94 pounds, 80 pounds, 
and 65 pounds. These landing gears were constructed 
for use on an NY-2 (Consolidated Naval Training) 
airplane and during the flight tests were mounted suc¬ 
cessively on this airplane. 

141 
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The shock-absorbing system of the oleo gear con¬ 
sisted of two hydraulic units, two stacks of rubber 
disks, and two tires. The pistons of the hydraulic 
units each had an effective area of 3.09 square inches 
and contained a sharp-edged orifice 0.25 inch in 
diameter. The stroke of the hydraulic unit from com¬ 
plete extension to the point at which the cylinder 
made contact with the rubber disks was 3.65 inches. 
A stack of rubber disks consisted of four, each 4}i 
inches outside diameter, L% inches inside diameter, 
and 1 }i inches thick. Metal spacers were used be¬ 
tween the second and third disks. 

The Mercury gear consisted essentially of two sym¬ 
metrical rigid triangular structures. Relative motion 

they were mounted on wire wheels and were inflated 
to 50 pounds per square inch pressure. 

PROCEDURE 

Static tests.—Static tests were made on the oleo- 
rubber-disk and the Mercury landing gears. In these 
tests a load was applied in increments of approximately 
800 pounds on the Mercury gear and 400 pounds on 
the oleo gear until a maximum loading of approxi¬ 
mately 9,600 pounds had been reached. After the 
application of each increment, measurements were 
made of the vertical displacement of the center of the 
load, the depression of the tires, and the elongation of 

I the rubber cords or the compression of the rubber 

Figure 2.—Oleo-rubber-disk landing gear mounted on NY-2 airplane 

between these structures was restrained by 34 wraps of 
%-inch rubber shock cord. These cords and the tires 
comprised the shock-absorbing system of this landing 
gear. 

The split-axle rubber-cord gear was of the conven¬ 
tional type. The movements of the axles relative to 
the other parts of the landing gear were restrained by 
10 wraps of %-inch rubber cord on each axle. These 
cords and the tires made up the shock-absorbing 
system of this gear. 

The tires employed with these landing gears were 30 
by 5 smooth-tread airplane tires. During the tests 

disks. In addition, measurements of the geometric 
relations of the members of the landing-gear chassis 
wrre made. During the tests on the oleo landing gear 
the cylinder guides wrre vibrated to simulate the 
reduction of frictional effects such as are realized in a 
landing. After the maximum loadings had been 
reached the load w*as carefully removed in approxi¬ 
mately the same increments as it had been applied and 
the changes in the distortions of the elastic units were 
recorded. 

Drop tests.—The drop tests, conducted similarly on 
both gears, consisted of a series of drops under gross 
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loadings of 2,690 and 2,530 pounds, respectively, for 
the Mercury and the oleo landing gears. The tests 
were carried to such a point that further increase in 
the height of free drop probably would have resulted 
in failure of the landing gears. During the tests on 
both gears the height of free drop, the total vertical 
displacement of the load, the rebound, the elongation 
of the rubber cords, or the compressions of the rubber 
disks, and the maximum accelerations (in multiples of 
the static load) were recorded. With the oleo gear, 
records of the stroke of the oleo cylinder and the 
pressures built up in it were also made. 

The test rig (described in reference 1), two control- 
position recorders, a pressure-displacement recorder, a 
recording accelerometer, and a timer were used during 
the drop tests. 

One control-position recorder (reference 5) was used 
during all the drop tests, in conjunction with a suitable 
reduction linkage, to record the vertical displacement 
of the load. A second control-position recorder was 
used during the drop tests on the Mercury gear only, 
to record the elongation of the rubber cords. 

The recording accelerometer, a single-com¬ 

ponent type (reference 5), was mounted on the 
load platform of the test rig with its actuating 
mechanism in the vertical plane containing the 
center of gravity of the load. This instrument 
was used to record the ratio between the static 
load and the impact forces at the c. g. of the 

load. 

The timer (reference 6), a commutator cir¬ 
cuit-breaker-type instrument, was used to pro¬ 
vide a time scale on the instrument records. 

The pressure-displacement recoi’der (fig. 6), a modi¬ 
fied air-speed recorder, was used to record the pressures 
built up in the oleo cylinder and the displacement of 
the oleo cylinder with respect to the piston. The re¬ 
cording range of the instrument was 0 to 2,000 pounds 
per square inch. The records obtained with this 
instrument gave the relative displacement of the oleo 
cylinder as abscissa and pressures as ordinates. 

Flight tests.—The flight tests were made with the 
landing gears successively mounted on an NY-2 air¬ 
plane (weight approximately 2,700 pounds). The 
tests consisted of normal (3-point), tail-high (2-point), 
and “pancake” landings and take-off and taxi runs, all 
of which were made on an average grass-covered land¬ 
ing field. The pancake landings were of two types— 
one in which the airplane was leveled off at approxi¬ 
mately 5 feet above the ground and allowed to “drop” 
in, and the other one in which the landings were made 
by gliding onto the ground without any attempt being 

made to level off. 
During these tests, records of the air speed, wind 

speed, vertical displacements, and accelerations devel¬ 
oped were taken from the time the airplane was about 
15 feet above the ground until a few seconds after 

contact had been made. In the taxi and take-off runs, 
records were taken of the accelerations developed. 

The instruments used during the flight tests were a 
control-position recorder, a motion-picture camera, a 
recording accelerometer, an air-speed recorder, an 
anemometer, and a timer. 

The control-position recorder, mounted in the front 
cockpit of the airplane, was used in conjunction with a 
trailing arm to record the history of the vertical dis¬ 
placement of the airplane. 

The trailing arm (figs. 2 and 7) had an over-all 
length of 16K feet, but because it trailed to the rear in 
flight it did not make contact with the ground until the 
wheels of the airplane were within 10 feet of the ground. 

The motion-picture camera was employed to record 
the attitude of the airplane at landing. At the outset 
of the flight tests the motion-picture camera was 
mounted on a tripod erected and leveled on the landing 
field about 50 yards from the path of the landing air¬ 
plane, and was operated at 32 exposures per scond. 
During the latter portion of the flight tests the camera 
was mounted in the forward cockpit of the airplane 

and motion pictures of the horizon were taken at 16 
exposures per second. These motion-picture records 
were used to correct the trailing-arm records for the 
change in attitude of the airplane during the time the 
arm was in contact with the ground. The instant of 
contact of the wheels with the ground, which was 
clearly indicated by the air-speed, accelerometer, and 
motion-picture records, was used to synchronize the 

records. 
The accelerometer was mounted as close as practi- 

' cable to the c. g. of the airplane, and was used to 
record the forces experienced in the landings. This 
instrument was the one used during the drop tests. 

The timer, the one used during the drop tests, was 
employed to provide a time scale on the fdm records so 
that histories could be made. 

The air-speed recorder (reference 4) was used during 
the flight tests in conjunction with a swiveling Pitot- 
static head to record the air speed of the airplane during 
the landings. The swiveling head was mounted one 
chord length ahead of the leading edge of the upper 
wing on a boom secured to the left interplane strut. 
(Fig. 7.) The air-speed recorder was secured in the 
forward cockpit of the airplane. 
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The anemometer, a vane-type instrument, was used 
to measure the average ground-wind velocity during 
the landings. It was mounted about 6 feet above the 
ground on a vane erected on that portion of the field 
whereon the landings were being made. 

PRECISION 

Static tests.—The accuracy with which the measure¬ 
ments were taken during the static tests was such 
that the errors in the results do not exceed 1 per cent. 

Drop tests.—The records of the vertical displace¬ 
ment of the load (total drop) and the elongation of 

Flight tests.—The accuracies of the records obtained 
from the instruments in the flight tests are of approxi¬ 
mately the same order as those obtained in the drop 
tests. 

Previous tests employing the combination swiveling 
Pitot-static head and air-speed recorder installed on 
an airplane in a manner similar to that employed in 
this investigation indicate that the error in recorded 
air speed does not exceed ±4 per cent. 

It is believed that the recorded value of the wind 
speed is within 3 miles per hour of the instantaneous 
wind speed at the time the airplane made contact with 

Figure 4.—Mercury landing gear mounted on test rig 

the rubber cords are estimated to be accurate within 
±0.25 inch and ± 0.10 inch, respectively. The maxi¬ 
mum compression of the rubber disks and, conse¬ 
quently, the maximum stroke of the oleo unit were 
indicated mechanically and measured within ±0.01 
inch. The pressures generated in the oleo cylinders 
were determined within ±40 pounds per square inch. 

The faired curves of maximum accelerations devel¬ 
oped indicate that the accelerations recorded are 

correct within ± 0.25g. 
The time intervals recorded on all the instrument 

records were determined to be within ± 2 per cent. 

with the ground. Thus, the computed ground speed 
at contact is believed to be correct within ± 5 miles 
per hour. 

The change in attitude of the airplane during the 
landings while the airplane was within 10 feet of the 
ground was determined from the motion-picture 

records within }{°. 
The indicated height vof the airplane above the 

ground was recorded by the trailing-arm combination 
within ± 2 inches. It is estimated that this accuracy 
enabled the determination of the vertical velocity of 
the airplane within ±0.5 foot per second. 
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RESULTS 

General.—The total load on the landing gear in the 
static and drop tests was considered equally divided 
between the tires. In the calculation of the impact 
forces it was assumed that the instantaneous acceler¬ 
ations throughout the landing gear and at the center 
of the load platform were of the same magnitude. 
This assumption, obviously, is not exactly true; but, 
since the load used in these tests may be considered a 
concentrated mass and since the weight of the complete 
landing gear is small in comparison with the load used, 
the use of this assumption involves a very small or 

the hydraulic unit and the instantaneous compressive 
load on the rubber disks. 

The total work done on the landing gear during the 
drop tests was calculated by taking the product of the 
static load and its total vertical displacement during 
the drop. The work done on each of the shock¬ 
absorbing units was determined by taking the integral 
of the curve of instantaneous forces on it against the 
linear distortions of the unit during its first stroke. 

Static tests.—The results of the static tests on the 
Mercury and the oleo gears are shown in Figures 8 
and 9. The areas under the curves of increasing load 

Figure 5.—Rubber-cord gear mounted on NY-2 airplane 

negligible error/ By the use of the above assumptions, 
the maximum forces on the tire were calculated by 
multiplying the static load on the tire by the maximum 
acceleration at the center of the load. The load, on 
the elastic unit of the landing gear was calculated from 
the load on the tire and the geometric relation existing 
between the elastic unit and the tire. The load, or 
restraining force, set up in the hydraulic unit of the oleo 
gear was calculated by multiplying the effective piston 
area by the recorded pressure in the unit. The instan¬ 
taneous load on the oleo unit was determined by taking 
the sum of the instantaneous retarding force set, up by 

indicate the capacity of the various units to receive 
energy. The areas under the curves of decreasing load 
represent the amount of energy returned by the unit 
in resuming its normal condition and is indicative of 
the tendency of the unit to cause bouncing. The 
difference between the areas under the curves of the 
increasing and the decreasing loads represents the 
energy dissipated by the unit. The results indicate 
that the rubber cords, the rubber disks, and the tires 
dissipated approximately 30 per cent, 30 per cent, and 
10 per cent, respectively, of the total energy received 

by them. 
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Figure 7— NY-2 airplane with swiveling Pitot-static head and trailing arm installed 

extended and the tires were merely in contact with the 
landing platform. 

The free drop, noted in the results, is the vertical 
distance between this datum plane and the horizontal 
plane occupied by the c. g. of the load at the start of 
the drop. The free drops noted as positive are those 

datum plane. Those noted as positive are from tests 
in which the position-of the c. g. of the load at the crest 
of the rebound was above the datum plane while for 
those noted as negative the rebound was not sufficient 
to bring the c. g. of the load up to the datum plane. 
In the latter case the tires did not leave the landing 

Drop tests.—The results of the drop tests (figs. 10 
to 18) furnish a means of comparing the action of land¬ 
ing gears under impact forces. Such a comparison 
should be made upon a basis of equal heights of total 
drop of the load. This is the same as making the 
comparison upon the basis of equal amounts of energy 

in which the c. g. of the load was above the datum plane 
at the start of the drop; in those noted as negative the 
c. g. of the load was below the datum plane at the start 
of the drop. 

The total drop is the vertical displacement of the 
c. g. of the load from the start of the drop to the maxi- 

Figure 6.—Pressure-displacement recorder 

received by the landing gears. For ease in the presen¬ 
tation and discussion of the results, a datum plane for 
zero height of free drop was established. This datum 
plane was the horizontal plane occupied by the center 
of gravity of the load when the test rig was in such 
position that the shock-absorbing units were completely 

mum contraction of the shock-absorbing units. The 
total rebound is the vertical displacement of the c. g. 
of the load from maximum contraction of the shock¬ 
absorbing units to the crest of the first rebound. The 
free rebound is the vertical distance between the c. g. 
of the load at the crest of the first rebound and the 
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platform. The percentage rebound is the ratio, 
expressed in per cent, of the total rebound to the total 
drop. The maximum accelerations, expressed in terms 
of g, are the ratios of the maximum retarding forces to 

Elongation of cords, in. 

Figure 8.—Hysteresis curve of rubber cords on Mercury-type 
gear. Work done on rubber cords, 12,100 in.-lb.; work returned 

by rubber cords, 8,460 in.-lb.; work absorbed by rubber cords, 

3,640 in.-lb. or 30.1 per cent 

the static load. The stroke of the oleo unit is the 
relative displacement of the oleo cylinder with respect 
to the oleo piston. The cylinder pressure is the maxi¬ 
mum unit pressure recorded in the oleo cylinder during 

Figure 9.—Hysteresis curves of tires and rubber disks on NY-2 oleo gear. Work 
done on disks, 4,040 in.-lb.; work returned by disks, 2,840 in.-lb.; work absorbed 
by disks, 1,200 in.-lb. or 30.1 per cent. Work done on tire, 1,830 in.-lb.; work 
returned by tire, 1,625 in.-lb.; work absorbed by tire, 205 in.-lb. or 11.2 per cent 

its initial contraction stroke. The cord elongation is 
the average elongation of the rubber cords as indicated 
by the relative displacement of the units on which they 

were wrapped. 

Figure 10 shows the relations that exist between the 
free drop, the free rebound, and the total drop for the 
oleo and the Mercury landing gears. It will be noted 
that the free-rebound curve for the oleo gear is wholly 
negative, indicating that the tires of this landing gear 
did not leave the landing platform during drop tests. 

The total drops on the oleo gear greatly exceeded 
those on the Mercury gear for equal heights of free 
drop owing to the longer contraction stroke of the oleo 

shock-absorbing unit. 
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Figure 11.—Total rebound and percentage total rebound during drop tests 

The curves of rebound and percentage rebound 
(fig. 11) indicate that the rebound was greater with 
the oleo gear than with the Mercury gear. This result 
appears contradictory to the curves of free rebound 
(fig. 10), but it must be remembered that the greater 

| portion of the total drop with the Mercury gear was 
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an unrestrained drop; whereas with the oleo gear, the 
greater portion occurred with the tires in contact with 
the landing platform. Conversely, the rebound with 
the oleo gear occurred during the extension stroke of 

0 4 8 12 16 20 24 
Total drop of load, in. 

Figure 12.—Maximum accelerations developed in drop tests 

the shock-absorbing unit; whereas only a small por¬ 
tion of the rebound with the Mercury gear occurred 
during the extension stroke of the shock-absorbing 
units. Since there were no rebounds causing com¬ 
plete extension of the shock-absorbing units of the 

above the landing platforms represented as much as 
25 per cent of the free drop. Thus, although the 
actual vertical displacement of the load during the 
rebounds was greater with the oleo gear, the fact that 
the tires did not leave the landing platforms would 
indicate that rebounds with this gear would be less 
hazardous than with the Mercury gear. 

Figure 14.—Compression of rubber disks and forces on them during drop tests 

Figure 12, curves of maximum accelerations against 
total drop of load, shows that the qualities of the oleo 
gear for minimizing impact forces were better than 
those of the Mercury gear. 

Figures 13 and 14 show the relative maximum dis¬ 
tortions and maximum loads on the shock-absorbing 

Total drop of load, in. 

Figure 13.—Stroke of oleo cylinder, maximum pressure in cylinder, elongation 
of rubber cords, and load on rubber cords during drop tests 

\__|_,_|_;_,_I __1 

0 4 8 12 16 20 24 28 
Total drop of load. in. 

Figure 15.—Total work and distribution of work on Mercury-type landing gear 

oleo gear the tires did not leave the landing platform; 
therefore there were no positive free rebounds in the 
drop tests on this landing gear. The rebounds on the 
Mercury gear were, however, large enough during 
some of the tests that the height attained by the tires 

units of the two landing gears in the drop tests. The 
relative magnitudes of these values are not only 
dependent upon the impact-minimizing qualities of 
the landing gears but also upon the geometric relation 
of the members of the chassis. 
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Figures 15 and 16 are furnished primarily to show 
the distribution of work among the shock-absorbing 
units of the two landing gears. In this work-dis¬ 
tribution treatment, it was not possible to account 
for all of the work done by the load in its initial drop 

Figure 16—Total work and distribution of work on oleo-type landing gear 

as a portion of this work was taken by the bending [ 
of the axles and the distortions of the structural mem- ! 
bers of the landing gears and test rig. As no attempt 
was made to measure these distortions during the drop 

0 12 3 4 5 
Cylinder movement, in. 

Figure 17.—Variation of cylinder pressure with cylinder displacement for an 
NY-2 oleo gear. Free drop of 1 inch. Oil level 454 inches from top of piston 

with full load on gear. 

tests, the amounts of energy taken by them could not 

be computed. 
The figures show that when the tires were used on 

the Mercury gear they took a larger percentage of the 
total work done by the load than when they were 

used on the oleo gear. This fact indicates that with 
complete depression of the tires a smaller amount of 
work would be done on the Mercury gear than on the 
oleo gear. As complete depression of the tires is 
usually the limiting factor of the useful capacity of a 
landing gear, it appears that the useful capacity of 
the Mercury gear is considerably less than that of the 

I oleo gear. 

Figure 16 shows that the amount of energy ab¬ 
sorbed by the hydraulic unit is less than that taken 
by the rubber disks. This condition, and the fact 
that the stroke of the hydraulic unit was considerably 
longer than the linear compression of the rubber disks, 
shows that the average retarding force offered by the 
hydraulic units was much smaller than that offered 
by the disks. In an efficient shock-absorbing system, 
the hydraulic unit should offer the larger retarding 
force and should also absorb the major portion of the 

Figure 18.—Variation of cylinder pressure with'cylinder displacement for an NY-2 
a*“oleo gear. FraTdrop of 1 inch. Oil level 654 inches from top of piston with full 

load on'gear 

work done on the system, leaving the rubber disks to 
fulfill their function of reducing the taxying loads. 
As the results show that the oleo gear does not ap¬ 
proach this condition, it is evident that an improve¬ 
ment of the design of the hydraulic system should 

be made. 
Figures 17 and 18 furnish histories of the pressures 

in the oleo cylinders obtained from a l-inch free drop 
with the oleo landing gear. Figure 17 shows the pres¬ 
sure history when the cylinder was charged with oil 
to the level indicated by the oil gage furnished with 
the unit, and Figure 18 shows the pressures, under 
the same test conditions, with cylinder charged with 
oil to a level approximately 1 inch below that recom- 

! mended. It will be seen that when the oleo unit is 
charged with too much oil, the pressure at the end of 
the stroke becomes excessive. 
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Flight tests.—The results of the flight tests are pre- j in the maximum impact forces from 3% to 5 times the 
sentecl in Tables I, II, and III and in Figures 19 to 25. 

The results presented in the tables and Figure 19, 
with the exception of the wind speed and the maxi¬ 
mum acceleration subsequent to contact, are results 
obtained during the initial stroke of the shock absorber 
of the airplane. The wind speed is the average taken 
over a short period of time (usually one minute) 
immediately preceding and succeeding the landing of 

static load. In these landings the oleo gear was superior 
to the other gears in reducing the maximum impact forces. 
The curves indicate that for vertical velocities of 8 feet 
per second at contact the maximum accelerations de¬ 
veloped with the different landing gears are approximate¬ 
ly 3%, 4% and 5 times the static load with the oleo, 

Figure 19.—Comparison of flight tests results of NY-2 landing gears 

the airplane. The maximum accelerations subse¬ 
quent to contact are the maximum accelerations ex¬ 
perienced in the ground runs. 

The results presented in Figures 20 to 25, inclusive, 
are histories of some of the landings taken for approx¬ 
imately the last 10 feet of vertical descent of the 
airplane prior to making contact. These results pro¬ 
vide a means of directly comparing the effectiveness of 
the three landing gears. This effectiveness is based 
upon the maximum accelerations developed at cont act 
(ability to minimize landing forces) and the observed 
bouncing tendencies of the gears (ability to dissipate 
the energy taken in minimizing the landing shocks). 
By making the comparison of the effectiveness of the 
landing gears on the basis of maximum accelerations 
at the c. g. of the airplane, the attitude of the air¬ 
plane at contact does not enter into the consideration. 

Figure 19 shows the comparison of the maximum 
accelerations developed with the different landing 
gears for various vertical velocities of the airplane at 
contact. The visually good landings (normal and 2- 
point) had vertical velocities at contact of less than 
2){ feet per second. In these landings the effective¬ 
ness of the various landing gears was approximately 
the same; the maximum impact forces varied from 1 
to 2% times the static load. For the visually bad or 
pancake landings, the vertical velocities varied from 
approximately 5% to 10 feet per second with a variance 

rubber-cord, and Mercury landing gears, respectively. 
Tables I, II, and III show that the effectiveness of 

the three landing gears to reduce im¬ 
pact forces during the ground runs 
was approximately the same. The 
results also show that, in general, the 
maximum accelerations developed 
in good landings (1.8#, 2.35g, and 
2.1#) were less than those developed 
in the ground runs (2.65#, 2.95#, and 
2.75#) with the oleo, Mercury, and 
rubber-cord gears, respectively. 
These results indicate that the uneven¬ 
ness of the landing field governs, to a 
large degree, the maximum forces en¬ 
countered in good landings. 

In the pancake-landing tests all 
but three of the landings were made 
by gliding onto the ground without 
leveling off. The three pancake land¬ 

ings made by leveling off at approximately 5 feet above 
the ground and allowing the airplane to “drop 10'’ from 
that altitude were made on the rubber-cord gear and 
are indicated in Table III by index a. It will be noted 

2.0 1.5 
Time, sec. 

Figure 20.—Normal landing 

that the severity of the glide landings and that of the 
“dropped-in” landings were approximately the same. 

In most of the pancake landings the attitude of the 
airplane was such that at the instant of contact of the 
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tires with the ground the tail of the airplane was less 
than 1 foot above the ground. 

No attempt was made to measure the rebound of the 
airplane during the flight tests but visual observations 
enable a very general comparison to be made of 
the energy-dissipating qualities of the 
shock-absorbing units. In most of 
the landings made with the oleo gear, 
there was very little rebound, but with 
the Mercury and rubber-cord gears it 
was practically impossible to make 
any type of landing without an ap¬ 
preciable rebound. In the severe 
pancake landings with the two latter 
gears the rebounds became so violent 
that it was considered unsafe to make 
landings of greater severity. 

The pilots preferred the oleo gear 
because it “felt smooth” in landing, 
while the other two made the land¬ 
ings feel “stiff” and “snappy.” 

Figures 20 to 25, inclusive, show 
representative histories of the verti¬ 
cal displacement, vertical velocities, 
and air speeds of the airplane for the 
various types of landing tests made. 
The landings from which these histories were made 
are indicated in the tables by index b. It will be 
noted from the vertical-displacement histories that the 
flight paths of the airplane in the normal and 2-point 
landings were very similar. These histories also show 

pancake landing is shown in Figure 25. It will be 
noticed that the vertical velocity at contact for the 
“glide” landing was less than that for the “dropped- 
in” landing. 

Comparison of drop and flight tests.—Inasmuch as 
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Figure 21.—Normal landing 

1.5 10 

that in landings of these types there is a tendency of 
the airplane to “drop in” just prior to contact. 

The vertical-velocity history of a pancake landing in 
which the airplane was “dropped in” a short distance 
is shown in Figure 24. The history of a “glide” 

149900—33-11 

test requirements for landing gears are specified upon 
a basis of free drops, it is interesting to compare the 
results of the flight and drop tests. In the most 
severe landings experienced in the flight tests (those 
in which the vertical velocities at contact were 7.95 

and 8.2 feet per second) maximum 
accelerations of 3.6g and 5.05# were 
developed with the oleo and the Mer¬ 
cury gears, respectively. If it be as¬ 
sumed that the energy received b}r 
the landing gears varied as the square 
of the vertical velocity at contact, the 
ratio of the energies received by the 
oleo and the Mercury landing gears 
was 1 to 1.06. The drop-test results 
indicate that maximum accelerations 
of the above magnitude would be real¬ 
ized with total drops of 16.8 inches 
and 17.4 inches or free drops of 3.8 
inches and 10.4 inches with the oleo 
and the Mercury landing gears, re¬ 
spectively. The ratios of such heights 
of drop are 1 to 1.03 for the total 
drops and 1 to 2.74 for the free drops. 
Thus, it is evident that if the results 
of the drop tests are used to predict the 

action of the landing gears under flight conditions with 
respect to their impact force-reducing qualities, the re¬ 
sults on the basis of total heights of drop would approxi¬ 
mate those of the flight tests, while the results on a, 
basis of free drop would give very erroneous results. 

0.5 O 
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CONCLUSIONS 

1. The oleo gear is the most effective of the three 
landing gears tested in minimizing impact forces and 
in dissipating the energy taken in so doing. 

2. The flight-test results indicate that in pancake 
landings with a contact vertical velocity of 8 feet 

per second the maximum accelerations experienced 
are approximately 3.2g, 4.9g, and 4Ag withtthe oleo, 

Figure 24.—Pancake landing 

the Mercury, and the split-axle rubber-cord gears, 
respectively. 

3. The rebounds, or bounces, in the severe landings 
with the Mercury and the rubber-cord landing gears 
were very violent and at times put the airplane in a 
very dangerous attitude. 

4. The maximum accelerations at contact in the 
good landings were, in general, less than 2g and were 
of approximately the same magnitude with the three 
landing gears. 

5. The maximum accelerations realized in the 
ground runs were, in general, less than 2.8g and were 
essentially of the same magnitude for the three gears. 

6. The vertical velocities at contact were from 0.3 
to 1.8 feet per second, 0.9 to 2.5 feet per second, and 

Figure 25.—Pancake landing 

5.8 to 9.8 feet per second for the normal, 2-point, and 
pancake landings, respectively. 

7. Results of drop tests should be compared upon 
a basis of total drop of load rather than upon one of 
equal free drop. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., August 7, 1931. 
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TABLE I.—RESULTS OF FLIGHT TESTS ON NY-2 OLEO GEAR MOUNTED ON NY-2 AIRPLANE, 
WEIGHT 2,730 POUNDS 

Type of landing 

Speed (m. p. h.) 
Vertical 
velocity 

at contact 
(ft./sec.) 

Acceleration (g) 

Remarks 

Air Wind Ground At contact 

Normal..._ 45 -3 48 0.9 1. 75 2.10 Normal landings made with wind. 
Do_ 45 -2 47 .85 1.45 2. 65 Do. 
Do_ 47 -3 50 1. 15 1.8 2. 45 Do. 

2-point_ 59 6 53 1.8 1.4 2.15 
Do_ 55 7 48 2.1 1.3 1.9 
Do_ 54 6 48 .9 1.5 1.95 

Pancake_ . 45 6 39 9. 65 3. 35 2. 95 Rather severe glide landing. 
Do__ 46 7 39 8.05 3. 25 1. 95 Ordinary pancake. 
Do.*>___ ..._ 46 8 38 7. 95 3.6 2.15 Glided in from about 15 feet. 

Taxi-run_ __ ... _ .. . 1.8 
Do__ 1.7 

Take-off_ 63 9 54 2 3 
Do. .. 59 9 50 1 9 35 

| 

h Landing used in history plotted in Figure 25. 

TABLE II.—RESULTS OF FLIGHT TESTS ON NY-2 MERCURY LANDING GEAR MOUNTED ON NY-2 AIRPLANE 
WEIGHT 2,715 POUNDS 

Type of landing 

Speed (m. p. h.) 
Vertical 
velocity 

at contact 
(ft./sec.) 

Acceleration (g) 

Remarks 

Air Wind Ground At contact Subsequent 
to contact 

Normal b_ 49 7 42 0.3 1. 55 1.7 Tail slightly off ground. 
Do_ 47 6 41 .9 1.3 1.9 “Perfect” 3-point landing. 
Do. 46 7 39 1.45 2.15 Good landing. 

2-point_ _ 61 8 53 1. 5 1.7 2.45 Do. 
Do>_ 60 7 53 . 7 1.25 2.0 Attitude of airplane changed very little. 
Do_ 62 6 56 .7 1.5 2.3 Do. 

Pancake_ ...__ 45 9 36 6.6 3.95 Glided from about 12 feet. Wheels slightly 
first.. Very little bounce. 

Do___ 46 11 35 5.8 4.0 Smooth pancake. 
Do__ 42 10 32 8.2 5. 05 Very severe. Glided from about 15 feet. 

Taxi-run.._ 1.85 Rather fast taxi-run. 
Do...... 2.0 Do. 

Take-off_ _ 48 12 36 
. .. 

2.1 Comparatively smooth. 
Do.. ..... 50 12 38 2.4 Fairly rough. 

k Landings used in histories plotted in Figures 20 and 22. 

TABLE III.—RESULTS OF FLIGHT TESTS ON NY-2 RUBBER-CORD LANDING GEAR MOUNTED ON NY-2 
AIRPLANE, WEIGHT 2,700 POUNDS 

Speed (m. p. h.) 
Vertical 
velocity 

at contact 
(ft./sec.) 

Acceleration (g) 

Type of landing 

Air Wind Ground At contact Subsequent 
to contact 

Remarks 

Normal__ 50 8 42 1.7 1.75 2.4 Tail low 2-point; bounced considerably but not 

Do.... 46 10 36 1. 7 1.8 1.95 
violently; wind steady. 

Excellent 3-point; no bounce. 
Do>.... 48 8 40 1.8 2.0 2.3 Slightly tail high, smooth landing, very little 

2-point__ 62 6 56 2.5 1.85 2.1 
bounce; wind steady. 

Tail somewhat low. 
Do_ 59 6 53 1.8 2.1 2.05 Seemed to float in with tail low. 
Do>___ 66 7 59 1.4 1.75 1.85 Tail well up. 

Pancake®_ 43 10 33 7.1 4.2 2.3 Floated to within 5 feet of ground and dropped 

Do.a___. 44 9 35 8.3 4.45 2.05 
abruptly, fairly severe; bounced about 1 foot. 

Fairly severe, no sharp change in vertical veloc¬ 
ity; bounced about 1 foot. 

Very pronounced drop from about 4 feet; Do.®.... 40 7 33 7.0 3. 55 2.2 

Do.b. 48 10 36 9.8 4. 35 4. 1 
bounced about 1 foot. 

Glided in from about 30 feet, wheels first; 

Do... 46 12 34 6.5 3.8 2.75 
bounced about 2 feet, bucked. 

Wheels first, fairly mild; bounced about 1 foot, 

Do. 48 7 41 7.1 4.25 3.2 
bucked. 

Wheels first, quite violent, bucked; bounced 2 

Taxi-run .. 1.85 
feet or more. 

Fairly rough run. 
Representative run. Do ... 1.75 

Take-off . 45 9 36 1.9 Smooth take-off. 
Do . 40 9 31 2.75 Airplane started bucking and had to be pulled 

off ground. 

®“ Drop-in” landings from about 5 feet altitude. b Landings used in histories plotted in Figures 21, 23, and 24. 
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THE CHARACTERISTICS OF A CLARK Y WING MODEL EQUIPPED WITH SEVERAL 
FORMS OF LOW-DRAG FIXED SLOTS 

By Fred E. Weick and Carl J. Wenzinger 

SUMMARY 

This investigation was undertaken to develop a low-drag 
fixed slot for an airplane wing which would avoid* the 
complications and maintenance difficulties of the present 
movable-type Handley Page slot. Tests were conducted 
on a series of fixed slots in an attempt to reduce the mini¬ 
mum drag coefficient without decreasing the maximum 
lift coefficient or the stalling angle of the slotted wing. 
The tests were made in the N. A. C. A. 5-foot vertical 
wind tunnel on a Clark Y basic section having a 10-inch 
chord. 

The best combination of wing and fixed slot that was 
developed had a maximum lift coefficient of 1.751, which 
was 3f.6 per cent higher than that of the plain wing. 
The angle of attack for maximum lift was raised 9°, from 
15° for the plain wing to 24° for the slotted wing. The 
minimum drag of the wing with fixed slot was increased 
52.6 per cent above that of the plain wing, or a value 
about 38.8 per cent above that for a slotted wing with the 
movable slot closed. Fixed slots might, also be used at 
the tips of the wings only, in which case the total drag of 
an average airplane would be increased very slightly, 
causing a loss in high speed of only 1 or 2 miles per hour. 

INTRODUCTION 

The wing slots in use on airplanes at the present 
time are usually of the automatic or controlled type, 
the development of which has been due mainly to 
Lachmann and to Handley Page. When the slot is 
open, the maximum lift coefficient of the wing is in¬ 
creased greatly and the angle of attack for maximum 
lift is raised considerably above that of the plain wing. 
With the slot open, however, the minimum drag of the 
wing is ordinarily more than three times as great as 
that of the unslotted wing. This characteristic neces¬ 
sitates closing the slot at low angles of attack if an 
appreciable loss in high speed is to be avoided. The 
operation of opening and closing the slots, whether or 
not performed automatically, requires extra mecha¬ 
nism with its attendant maintenance and weight. 

A wing with a fixed slot would therefore appear to 
have certain advantages over one with a movable slot, 
the most important of these being greater simplicity 
and dependability, less weight, less maintenance, and 
somewhat lower cost. In the present investigation, an 

attempt has been made to reduce the one great dis¬ 
advantage of the fixed slot, the high drag at low angles 
of attack. 

The tests were all made using a Clark Y basic sec¬ 
tion, the shape of the fixed slot being changed system¬ 
atically until it appeared that the minimum drag 
could not be reduced further without also reducing the 
maximum lift coefficient and the angle of attack at 
which it occurred. 

APPARATUS AND TESTS 

The present series of force tests was made in the 
N. A. C. A. vertical wind tunnel, which has a 5-foot 
diameter open jet. (Reference 1.) The tests were 
made at the same Reynolds Number as that of a series 
of standard controllability and stability tests being 
made in the N. A. C. A. 7 by 10 foot tunnel, which 
will include further tests with the best fixed slot found. 
Because the two tunnel air speeds are the same the 
chords of the wing models were made the same, 10 

inches. 
On account of the small diameter of the air stream 

in the vertical tunnel, a full-span wing of aspect ratio 
6 could not be tested. Consequently a half-span model 
and “reflection plane” were used. The main wings, 
of Clark Y^ basic section, were made of laminated 
mahogany; the auxiliary airfoils, because of their 
small size, were made of aluminum alloy. The ordi¬ 
nates of the wooden sections were held accurate to 
within ±0.01 inch and those of the metal portion, to 
within ±0.003 inch. The metal auxiliary airfoils were 
supported on the main wing at each end by a thin 
metal plate and, in addition, a small support fastened 
firmly to the wooden and metal parts at mid span 
prevented any appreciable deflection of the nose under 

the applied air loads. 
The drag forces were transmitted from the wing to 

a platform balance above the tunnel by two fine wires 
which passed through tubes. The lift forces were 
transmitted by a system of bell cranks and rigid rods 
to two platform balances mounted on the tunnel test 
floor. These two balances were so arranged that roll¬ 
ing moments could also he obtained if desired. A 
detailed description of the arrangement may be found 

in reference 2. 
155 
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Force tests were made with the slot fixed open under ' 
various conditions, and also with the slot closed and 
faired with “Plasticine.’’ Several readings were taken 
at angles of attack at 1° intervals to cover the region 
of minimum drag, and then the region of maximum j 
lift. Tests were made also at a few intermediate 
angles of attack, in order to determine the shapes of 
the lift and drag curves. 

The extreme range of angle of attack extended from 
— 6° to +40°, the range for any one combination 
depending on the stalling angle. The tests were made 
at a dynamic pressure of 16.37 pounds per square foot, 
corresponding to an air speed of 80 miles per hour 

at standard atmospheric conditions. The Reynolds 
Number based on the above test conditions and the 
wing chord of 10 inches was 609,000, which is about 
one-third of that for an ordinary small airplane while 
landing. 

Accuracy.—The lift balances were sensitive to 
within ±0.06 pound, and the drag balance was sensi¬ 
tive to within ±0.03 pound. The angle-of-attack 
setting was accurate to ±0.1°, and the dynamic 
pressure was maintained constant to within ±0.5 
per cent. A comparison of the results of check tests 
showed the variation between values of the maximum 
lift to be about ± 1 per cent; the variation between the 
minimum drag values amounted to about ± 2 per cent, j 

DEVELOPMENT OF SATISFACTORY FIXED SLOT 

The development of the wing with a fixed slot was 
divided into four main parts: First, the determina¬ 
tion of the probable best slot arrangement from the 
results of previous tests; second, the effect of the 
auxiliary airfoil shape and position; third, the effect 
of rounding the nose of the main wing; and fourth, 
the effect of moving the slot farther back from the 
leading edge. 

1. Choice of the probable best slot arrangement.— 
The probable best arrangement of the auxiliary airfoil 
and main wing was obtained from a study of the results 
of a previous series of tests on a Clark Y wing with an 
adjustable slot. (Reference 2.) In that investiga¬ 
tion the auxiliary airfoil was tested at 100 different 
locations with respect to the main wing. Tables I 
to V, inclusive, give the results of those tests in the 
form of coefficients of maximum lift and minimum 
drag, angle of attack for maximum lift, and ratio of 
maximum lift coefficient to minimum drag coefficient 
for each slot arrangement. 

All the above four items were considered in the selec¬ 
tion of the best slot arrangement for a wing with a 
fixed slot. The maximum lift coefficient and angle of 
attack for maximum lift determine the landing speed 
and stalling angle, respectively, of the airplane. The 
minimum drag coefficient is a measure of the high speed 
attainable, and the ratio of maximum lift to minimum 
drag gives an indication of the speed range possible. 

Tne conditions chosen, which of necessity were a 
compromise, may be found in Table II. For the given 
auxiliary airfoil and main wing combination, the aero¬ 
dynamic characteristics were: 

Maximum lift coefficient = 1. 684 

Angle of attack for CLmax =27° 
Minimum drag coefficient = 0. 028 

Ratio of Climax to CDmi(n 60. 1 

The geometric characteristics, defined as in Figure 

la, were: 

Slot gap =2.0 per cent chord. 
Slot depth = 1.0 per cent chord above main 

wing chord. 
Slot width = 6.0 per cent chord. 

The location of the auxiliary airfoil with respect to 
the main wing for the above conditions is shown to 
scale in the above-mentioned figure. The ordinates 
for the auxiliary airfoil (No. 1) are given in Table VI. 

2. Effect of auxiliary airfoil shape and position.— 
An inspection of the shape of auxiliary7 airfoil No. 1 
(fig. la) indicated that its minimum drag would 
probably be reduced by rounding the sharp lower 
edge. This edge was rounded and the auxiliary air¬ 
foil then had the shape shown in Figure lb, the ordi¬ 
nates of which are given in Table VI. The slot 
arrangement was kept as near like that of the wing 
with auxiliary airfoil No. 1 as possible by keeping the 



THE CHARACTERISTICS OF A CLARK Y WING 157 

trailing edge and unchanged upper surface of the 
auxiliary airfoil always in the same location. 

The results of the tests on the wing model with the 
above rounded auxiliary airfoil are given in Table 
VII. The maximum lift coefficient was reduced 
slightly and the minimum drag coefficient of the 
combination was increased a small amount from the 
values of the first combination. These changes 
therefore gave a somewhat lower ratio of Cimax to 
Ccmin. The angle of attack for maximum lift was 
unaffected. 

An auxiliary airfoil was then designed that in itself 
would have a relatively low minimum drag. This 
auxiliary airfoil (No. 3) with the corresponding slot 
arrangement is shown in Figure lc. The upper sur¬ 
face, which was unchanged for all three of the aux¬ 
iliary airfoils, and the trailing edge were kept in the 
same location as that used for auxiliary airfoils Nos. 
1 and 2. The ordinates for this auxiliary airfoil are 
given in Table VI. 

The test results of the wing with auxiliary airfoil 
No. 3 are given in Table VII. The maximum lift 
coefficient was reduced considerably and the mini¬ 
mum drag coefficient was the same as that of the wing 
with auxiliary airfoil No. 1. The ratio of CLma,x to CDmm 

was the lowest of all three of the combinations tested. 
The angle of attack for maximum lift was decreased 

by 3°. 
The conclusion may be drawn from the results of 

the foregoing tests that reducing the minimum drag 
of the auxiliary airfoil does not necessarily cause a 
reduction in the minimum drag of the wing-slot combi¬ 
nation, but may actually cause an increase. A de¬ 
crease in the maximum lift coefficient and in the 
angle of attack for maximum lift may also occur. 
The results indicated that the reduction in the mini¬ 
mum drag of the auxiliary airfoil was not the proper 
line of attack to pursue in reducing the minimum 
drag of the wing-slot combination. It appeared that 
the sharp lower edge of auxiliary airfoil No. 1 was 
probably advantageous in that the air could break 
away from it and flow on to the main wing with the 
least disturbance. The next step was therefore an 
attempt to reduce the minimum drag of the wing and 
auxiliary airfoil by reducing the drag of the combina¬ 

tion as a whole. 
The next slot was designed in a wing having an 

over-all contour of a Clark Y, which has a relatively 
low minimum drag coefficient. The slot was cut 
through the wing in such a manner that at low angles 
of attack the air would flow past with as little dis¬ 
turbance as possible. The auxiliary airfoil No. 1 was 
used together with main wing No. 1 cut off to form 
main wing No. 2 as shown by Figure 2, with a sharp 
nose on the main wing portion. The test results for 
this condition of the slotted wing are given in Table 
VIII, first line below “Slot closed.” It will be seen 

that the maximum lift coefficient has remained nearly 
the same as that of the best previous slot, but the 
angle of attack for maximum lift was reduced from 
27° to 24°. The mniimum drag coefficient was de¬ 
creased appreciably from the best previous value and 
the ratio of CLm&x to CDmln was increased, indicating 
that the new slot arrangement was a step in the right 
direction. 

3. Effect of rounding nose of main wing.—The most 
promising way to reduce the minimum drag still 
further appeared to be by rounding the sharp leading 
edge of the main wing. This was done in successive 
steps, the largest radius of curvature being 2.5 per 
cent of the total wing chord. (See fig. 2.) The results 
of the tests of these arrangements are listed in Table 
VIII. It will be noted that the maximum lift coeffi¬ 
cient was increased appreciably by the first small 
rounding of the sharp leading edge but that further 
rounding had little effect. No effect was noticeable 
on the angle of attack for maximum lift. As the 
nose radius of the main wing No. 2 was increased, 

Figure 2.—Changes in shape of nose of main'wing. Slot through Clark Y 
wing 

the minimum drag of the slotted wing decreased at 
first to a certain point and then increased again. 
The ratio of CLxna,x to CDm)n also increased to a certain 
point and then decreased again with increased round¬ 
ing of the nose of the main wing. The best over-all 
characteristics of this slotted wing were obtained when 
the nose of the main wing was rounded by a radius of 
2 per cent of the total wing chord. (See Table VIII ) 
It may therefore be stated that rounding the nose of 
the main wing by a radius of about 2 to 3 per cent of 
the chord produces a favorable effect on the aero¬ 
dynamic characteristics of the fixed slot combination. 

4. Effect of moving slot farther back.—The slot was 
moved back farther from the leading edge of the 
wing in an attempt to reduce the minimum drag of 
the, wing to a still lower value than was obtained with 
the above fixed slot. The new slot had the same 
general geometric characteristics. Auxiliary airfoil 
No. 1-A was formed from auxiliary airfoil No. 1 by 
adding “Plasticine” to the under surface. Main 
wing No. 3 was formed by altering the shape of 
main wing No. 2 to a section having a sharp nose. 
(See fig. 3 for details of this slot.) 
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The first test was made with the sharp nose on the 
main wing. The results showed the minimum drag to 
be the same as that of the best foregoing fixed slot 
combination for similar conditions. (Table VIII.) 

The nose of the main wing was then rounded suc¬ 
cessively to a maximum radius of curvature of 3 per 
cent of the whole wing chord (fig. 3), and tested for 
five intermediate nose curvatures. 

The results of the tests are given in Table VIII 
under the heading: Auxiliary Airfoil No. 1-A, and 

Figure 3.—Changes in shape of nose of main wing. Slot moved back in 
Clark Y wing 

Main Wing No. 3. The maximum lift coefficient ob¬ 
tained by rounding the nose of the main wing in this 
arrangement was about the same as that of the wing 
with the best fixed slot obtained so far. (Main wing 
No. 2 and auxiliary airfoil No. 1.) The angle of at¬ 
tack for maximum lift remained the same as before, 
24°. The minimum drag of this fixed slot combina¬ 
tion decreased to a certain value and then increased 
again as before with increase in the rounding of the 
nose of the main wing. The lowest minimum drag 
coefficient, however, was slightly higher and the ratio 

of Cxmax to CDxn\n was slightly lower than for the wing 
with the best fixed slot so far obtained. Placing the 
slot farther back from the leading edge of the wing 
within the range of the tests may be said to have no 
appreciable effect on the aerodynamic characteristics. 
Since reference 3 showed that little was to be gained 
b}^ moving the slot back still farther, the best slot of 
those tested was taken as a sufficiently close approach 
to the best obtainable. 

DISCUSSION 

The best fixed slot combination is drawn to scale in 
Figure 4a. The lift and drag coefficients of both the 
plain and slotted wings are plotted against angle of 
attack in Figure 4b. It will be seen that at a given 
angle of attack up to the stalling angle of the plain 
wing, the lift of the slotted wing is somewhat lower 
and the drag is higher than the corresponding values 
for the plain wing. Beyond this angle, however, and 
up to the stall of the slotted wing the drag of the 
slotted wing is lower than that of the plain wing. 

The maximum lift coefficient given by the slotted 
wing was 1.751 (Table VIII) compared with 1.297 for 
the plain wing—an increase of 34.6 per cent. An in¬ 

crease of 21.8 per cent has been obtained in some ear¬ 
lier tests made by Lachmann (reference 3) on a Gottin¬ 
gen 422 wing equipped with a fixed slot near the leading 

edge. 
In a previous series of tests made at this laboratory 

(reference 2) on a Clark Y wing with a movable type 
of slot, the highest maximum lift coefficient obtained 
was 1.835 (Table II) compared with 1.297 for the plain 
wing. These values gave an increase in the maxi¬ 
mum lift of 41.5 per cent. The coefficients, however, 
were computed on the basis of the area of the original 
wing. Figured on the actual plan-form area with the 
slot open, the maximum lift coefficient becomes 1.660, 
an increase over the plain wing of only about 28 per 

Figure 4.—Characteristics of Clark Y wing with best fixed slot 

cent. It appears, therefore, that the present fixed slot 
has a greater effect on the maximum lift. The angle 
of attack for maximum lift has been increased 9° (from 
15° to 24°) with the fixed slot, compared with an in¬ 
crease of 13° (from 15° to 28°) obtained with the 
movable slot giving the highest maximum lift coeffi¬ 

cient. N 
The minimum drag coefficient of the wing with fixed 

slot was 0.0229 (Table VIII) compared with 0.0150 
for the plain wing, giving an increase of 52.6 per cent. 
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The results previously mentioned of the tests on the 
Gottingen 422 slotted wing showed an increase in the 
minimum drag coefficient of about 85 per cent over 
the value for that plain wing. If the minimum drag 
value of the plain Clark Y wing is increased by 10 per 
cent to correspond with the minimum drag of a wing 
with movable type of slot closed (reference 4), the in¬ 
crease in minimum drag of the wing with fixed slot 
then becomes 38.8 per cent of the value for the wing 
with movable slot closed. 

It is interesting to consider the effect of placing the 
best fixed slot in an ordinary Clark Y wing of an aver¬ 
age airplane. Judging by the speed range ratio 
(CLmaJCDm[n) of 76.4 for the slotted wing as compared 
with 86.4 for the plain wing, it might be expected that 
an airplane with the slotted wing would have a smaller 
actual ratio of maximum to minimum speeds. If, 
however, the entire airplane is unchanged except for 
the addition of the fixed slot, the speed range is not 
reduced. The drag of the rest of the airplane is much 
greater than that of the wing alone at high speed, and 
the relative decrease in the maximum speed would be 
appreciably smaller than the reduction in the minimum 
speed which is dependent almost entirely on the wing 

alone. 
Although the speed range would thus be increased 

by the fixed slot if the wing area were held constant, 
it would not be increased if the minimum speeds were 
kept the same. If the area of the plain Clark Y wing 
were enlarged to give the same minimum speed as with 
the fixed slot, and the rest of the airplane could be left 
unchanged, the maximum speed would be slightly 
higher with the plain wing. When the extra weight of 
the larger wing and the extra tail size are taken into 
account, the higher speed with the plain wing would 
be very slight if existent at all. For airplanes having I 
low landing speeds and excessively large wings the j 
fixed slot enables the attainment of the desired mini¬ 
mum speed with a smaller wing and little if any loss in 

high speed. 
The foregoing discussion deals with a fixed slot 

extending along the entire span of the wing. Fixed 
slots might also be used at the tips of the wings only, 

say the outer 40 per cent of the semispan, for improv¬ 
ing lateral stability and control at the high angles of 
attack. With this arrangement, the increase in drag 
would be very small compared to the total drag of an 
average airplane so that the maximum speed of the 
airplane would be decreased by only one or two miles 
per hour. 

CONCLUSIONS 

1. A maximum lift coefficient of 1.751, an angle of 
attack for maximum lift of 24°, and a minimum drag 
coefficient of 0.0229 were obtained for a Clark Y wing 
with the best fixed slot developed, compared with the 
corresponding values of 1.297, 15°, and 0.0150 for the 
plain wing. 

2. Fixed slots might be used at the wing tip only to 
improve lateral stability and control at large angles of 
attack, in which case the maximum speed of the aver¬ 
age airplane would be decreased by only one or two 
miles per hour. 

3. For airplanes having low landing speeds and ex¬ 
cessively large wings the fixed slot enables the attain¬ 
ment of the desired minimum speed with a smaller 
wing and little if any loss in high speed. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., August 27, 1931. 
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TABLE I 

SLOTTED CLARK Y WING RESULTS 

MOVABLE TYPE SLOT 

R. N. = 609,000 10-inch chord—c. 80 m. p. h. 

Test 
No. 

Gap 1 
per cent 

c. 

Depth i 
per cent 

c. 

Width i 
per cent 

c. 
CLm ax 

C^Lmax 

degrees C*Z)tnin 
CsLulax 

Gl)min 

0 Plain wing 1.297 15.0 0.015 86.4 

1 1.5 3.5 3.4 1.519 23.0 .027 56.2 
2 1. 5 3.5 6. 0 1.527 19.0 .021 72.7 
3 1.5 3.5 9.0 1.355 15. 0 .024 56.4 
4 1.5 3.5 12.0 1.073 10.0 .031 34.6 
5 1.5 3.5 15.0 1.041 26.0 .037 28.2 

6 1.5 1.0 3.4 1. 290 29.0 .029 44.5 
7 1.5 1.0 6.0 1. 671 25.0 .028 59. 7 
8 1.5 1.0 9.0 1. 645 21.0 .031 53. 1 
9 1. 5 1.0 12.0 1.421 16. 0 .037 38.4 

10 1.5 1.0 15.0 1.164 21.0 .044 26.5 

11 1.5 -1.5 3.4 1. 248 35.0 .048 26.0 
12 1.5 -1.5 6.0 1. 635 32.0 .043 38.0 
13 1.5 — 1. 5 9.0 1.781 27.0 .039 45.7 
14 1. 5 -1.5 12.0 1. 621 21.0 .046 35. 2 
15 1.5 -1.5 15.0 1.302 14.0 .057 22.8 

16 1.5 -4.0 3.4 1.298 41.0 .064 20.3 
17 1.5 -4.0 6.0 1.582 39.0 .058 27.3 
18 1.5 -4.0 9.0 1.820 32.0 .052 35.0 
19 1.5 -4.0 12.0 1.757 24.0 .054 32.5 
20 1.5 -4.0 15.0 1.558 19.0 .064 24.3 

1 Terms defined in Figure la. 

TABLE II 

SLOTTED CLARK Y WING RESULTS 

MOVABLE TYPE SLOT 
R. N.=609,000 10-inch chord—c. 80 m. p. h. 

Test 
No. 

Gap 
per cent 

c. 

Depth 
per cent 

c. 

Width 
per cent 

c. 
(^Lmax degrees C?D min 

Gumax 

C^min 

0 Plain wing 1.297 15.0 0. 015 86.4 

21 ,0 3.5 3.4 1.482 24.0 .035 42.3 
22 2.0 3.5 6.0 1. 630 21.0 .024 67.9 
23 2.0 3.5 9.0 1.451 16.0 .023 63. 1 
24 2.0 3.5 12. 0 1.200 18.0 .028 42.8 
25 2.0 3.5 15.0 1. 100 19.0 .037 29.7 

26 2.0 1.0 3.4 1. 292 30.0 .032 40.4 
27 2.0 1.0 6.0 1. 684 27.0 .028 1 60. 1 
28 2.0 1. 0 9.0 1. 736 22.0 .029 59.8 
29 2.0 1.0 12.0 1. 500 17.0 .037 40.5 
30 2.0 1.0 15.0 1. 239 21.0 .043 28.8 

31 2.0 -1.5 3.4 1.249 36.0 .051 24.5 
32 2.0 -1.5 6.0 1.542 34.0 .044 35. 1 
33 2.0 -1.5 9.0 1. 805 27.0 .039 46.3 
34 2.0 -1.5 12.0 1.705 22.0 .046 37.1 
35 2.0 -1.5 15.0 1.440 16.0 .056 25.7 

36 2.0 -4.0 3.4 1.295 42.0 .069 18.8 
37 2.0 -4.0 6.0 1. 565 40.0 .061 25.6 
38 2.0 -4.0 9.0 1.675 35.0 .055 30. 5 
39 2.0 -4.0 12.0 2 1. 835 28.0 .051 36.0 
40 2.0 -4,0 15.0 1. 635 21.0 .064 25.6 

1 Probable best fixed slot arrangement. 2 Highest obtained. 

TABLE III 

SLOTTED CLARK Y WING RESULTS 

MOVABLE TYPE SLOT 

R. N.=609,000 10-inch chord—c. 80 m. p. h. 

Test 
No. 

Gap 
per cent 

c. 

Depth 
per cent 

e. 

Width 
per cent 

c. 
Gl-max 

** C^rnax 

degrees CDm in 
CLm ax 

C^Dtnin 

0 Plain wing 1.297 15.0 0. 015 86.4 

41 2.5 3.5 3.4 1. 329 26.0 .030 44.3 
42 2.5 3.5 6.0 1.657 23.0 .024 69.0 
43 2.5 3.5 9.0 1. 599 19. 0 .023 69.5 
44 2.5 3.5 12.0 1. 300 18.0 .028 46.4 
45 2.5 3.5 15.0 1. 183 18.0 .036 32.9 

46 2.5 1.0 3.4 1.253 31.0 .035 35.8 
47 2.5 1.0 6.0 1. 586 30.0 .031 51. 1 
48 2.5 1.0 9.0 1. 780 24.0 .029 61.4 
49 2.5 1.0 12.0 1.645 19.0 .035 47.0 
50 2.5 1.0 15.0 1.293 22,0 .041 31.5 

51 2.5 -1.5 3.4 1.270 37.0 .056 22.7 
52 2.5 -1.5 6.0 1.510 35.0 .048 31.5 
53 2.5 -1.5 9.0 1. 769 27.0 .040 44.2 
64 2.5 -1.5 12.0 1.818 24.0 .043 42.3 
55 2.5 -1.5 15.0 1.580 18.0 .054 29.3 

56 2.5 -4.0 3.4 1. 290 44.0 .077 16.8 
57 2.5 -4.0 6.0 1. 520 41.0 .067 22. 7 
58 2.5 -4.0 9.0 1.641 36.0 .056 29.3 
59 2.5 -4.0 12.0 1.804 25.0 .050 36. 1 
60 2.5 -4.0 15.0 1. 733 22.0 .059 29.4 

TABLE IV 

SLOTTED CLARK Y WING RESULTS 

MOVABLE TYPE SLOT 

R. N.=609,000 10-inch chord—c. 80 m. p. h. 

Test 
No. 

Gap 
percent 

c. 

Depth 
per cent 

c. 

Width 
per cent 

c. 

Cimax 

degrees C/Dm\n 
CLm ax 

Cl)min 

0 Plain wing 1.297 15.0 0. 015 86.4 

61 3.0 3.5 3.4 1.305 28.0 .031 42.1 
62 3.0 3.5 6.0 1.675 25.0 .028 59.8 
63 3.0 3.5 9.0 1.690 20.0 .026 65.0 
64 3.0 3. 5 12.0 1.398 21.0 .027 51.7 
65 3.0 3.5 15.0 1.258 20.0 .035 35.9 

66 3.0 1.0 3.4 1.270 33.0 .038 33.4 
67 3.0 1.0 6.0 1.518 32.0 .033 46.0 
68 3.0 1.0 9.0 1. 762 26.0 .030 58.8 
69 3.0 1.0 12.0 1. 719 20.0 .033 52.0 
70 3.0 1.0 15.0 1.398 15.0 .040 34.9 

71 3.0 -1.5 3.4 1. 285 39.0 .063 20.4 
72 3.0 -1.5 6. 0 1. 505 38.0 .051 29. 5 
73 3.0 -1.5 9.0 1.644 33.0 .042 39.2 
74 3.0 -1.5 12.0 1.800 25.0 .040 45.0 
75 3.0 -1.5 15.0 1.672 20.0 .050 33.4 

76 3.0 -4.0 3.4 1.262 45.0 .083 15.2 
77 3.0 -4.0 6.0 1.431 43.0 .071 20.2 
78 3.0 -4.0 9.0 1.660 39.0 .057 29. 1 
79 3.0 -4.0 12.0 1.659 23.0 .051 32.5 
80 3.0 -4.0 15.0 1.758 24.0 .058 30.3 
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TABLE V 

SLOTTED CLARK Y WING RESULTS 

MOVABLE TYPE SLOT 

R. N.=609,000 10-inch chord— c. 80 m. p. h. 

Test 
No. 

Gap 
per cent 

c. 

Depth 
per cent 

c. 

Width 
per cent 

c. 
CLtn&x aCLu,*r 

degrees 

Cl max 

Cl)nil a 

0 Plain wing 1.297 15.0 0. 015 86.4 

81 3.5 3.5 3.4 1,285 28.0 .031 41.5 
82 3.5 3.5 6.0 1.647 26.0 .027 61.0 
83 3.5 3.5 9.0 1.760 22.0 .025 70.4 
84 3.5 3.5 12.0 1.517 16.0 .027 56.2 
85 3.5 3.5 15.0 1.324 20.0 .035 37.8 

86 3.5 1.0 3.4 1. 255 34.0 .042 29.9 ' 
87 3.5 1.0 6.0 1.476 33. 0 .036 41.0 
88 3.5 1.0 9.0 1.747 28.0 .032 54. 5 
89 3.5 1.0 12.0 1.790 22.0 .034 52.6 
90 3.5 1.0 15.0 1.512 16.0 .040 37.8 

91 3.5 -1.5 3.4 1.283 41.0 .067 19.1 
92 3.5 — 1. 5 6.0 1.451 38.0 .055 26.4 
93 3.5 -1.5 9.0 1.627 34.0 .044 37.0 
94 3.5 -1.5 12.0 1.780 26.0 .041 43.4 
95 3.5 -1.5 15.0 1.752 21.0 .049 35.8 

96 3.5 -4.0 3.4 1.230 45.0 .085 14.5 
97 3.5 -4.0 6.0 1.481 42.0 .076 19.5 
98 3.5 -4.0 9.0 1.641 39.0 .060 27.4 
99 3.5 -4.0 12.0 1.635 34.0 .053 30.8 

100 3.5 -4.0 15.0 1.711 22.0 .057 30.0 

TABLE VI.—ORDINATES FOR AUXILIARY AIRFOILS 
CLARK Y WING WITH FIXED SLOT 

[Values in per cent auxiliary airfoil chord] 

Auxiliary No. 1 Auxiliary No. 2 Auxiliary No. 3 

Stations Ordinates Ordinates Ordinates 

Upper Lower Upper Lower Upper Lower 

1 0 11.60 11.60 7.84 7.84 2.88 2.88 
1.25 15.80 7.24 13. 10 4.06 5.40 1.09 
2. 50 17.70 4.56 15. 02 2.44 6. 48 0.65 
5.00 19.85 0.00 16.91 0. 68 8.02 0.28 
7.50 21.00 1.30 18. 10 0. 10 9.11 0.08 

10.00 21. 60 2. 43 18.78 0.00 9.96 0.00 
15.00 22. 55 4.60 19.90 1.62 11.34 0. 12 
20.00 23.15 6. 35 20. 55 3. 71 12.29 0. 44 
30.00 23.20 9. 27 20.80 7.03 13.35 1.46 
40.00 22. 10 10.94 20.00 9.03 13.42 3.08 
50.00 20. 05 11.66 18. 38 10. 12 12. 60 4.78 
60.00 17. 25 11.35 15.68 9,89 11.12 5. 63 
70.00 13. 78 10.14 12. 70 9.08 9.15 5.79 
80.00 10.00 7.73 9.08 6.97 6. 68 4.68 
90.00 5.68 4.38 5.16 3.92 3. 95 2. 67 
95.00 3. 52 2. 12 3. 20 1.90 2.51 1.32 1 

100.0 1.20 0 1.20 0 1.13 
° 1 

TABLE VII 

AERODYNAMIC CHARACTERISTICS 

CLARK Y WING WITH FIXED SLOT 

Effect of changing auxiliary airfoil shape 

R. N.=609,000 10-inch chord—c. 80 m. p. h. 

CT.max Cumax 

degrees 
Cl) min 

Chm ax 

Comin 

Slot closed. ..| 1.297 15.0 0. 0150 86.4 

Auxiliary airfoil No. 1 Main Wing No. 1 

Sharp nose. .1 1.684 27.0 0.0280 60.1 
i 

Auxiliary airfoil No. 2 Main wing No. 1 

Sharp nose. .-. 1.660 27.0 0. 0290 57.2 

Auxiliary airfoil No. 3 Main wing No. 1 

Sharp nose. .... 1.570 
_ _| 

24.0 0. 0280 56.0 

TABLE VIII 

AERODYNAMIC CHARACTERISTICS 

CLARK Y WING WITH FIXED SLOT 

(Whole profile is Clark Y) 

Effects of rounding nose of main wing and moving slot back 

R. N.=609,000 10-inch chord—c. 80 m. p. h. 

Cl,tnax 
0 Clxukx 

degrees CDaxln 
C/,tnax 

Cd min 

Slot closed. 1.297 15.0 0. 0150 86.4 

Slot cut in Clark Y wing 

Auxiliary airfoil 
No. 1 Main wing No. 2 

Sharp nose_ 1.655 24.0 0. 0235 70.4 
Rounded 1.0 per cent c_ 1.720 24.0 . 0238 72. 2 
Rounded 1.5 per cent c_ 1. 722 24.0 . 0225 73.3 
Rounded 2.0 per cent c_ 1. 751 24.0 .0229 1 76. 4 
Rounded 2.5 per cent c_ 1.740 24.0 .0233 74.6 

Slot moved back 

Auxiliary airfoil 
No. 1-A Main wing No. 3 

Sharp nose..__ 1.672 24.0 0. 0235 71.2 
Rounded 0.4 per cent c_ 1.700 24.0 . 0235 72.3 
Rounded 1.0 per cent c_ 1. 714 24.0 .0235 73.0 
Rounded 1.5 per cent c_ 1.719 24.0 . 0232 73.2 
Rounded 2.0 per cent c_ 1. 718 24.0 .0232 73.2 
Rounded 2.5 per cent c_ 1.738 24.0 . 0235 75.9 
Rounded 3.0 per cent c_ 1.750 24.0 .0238 73.6 

• Best fixed slot. 
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REPORT No. 408 

GENERAL FORMULAS AND CHARTS FOR THE CALCULATION OF AIRPLANE 
PERFORMANCE 

By W. Bailey Oswald 

SUMMARY 

In the 'present report submitted to the National Advisory 
Committee for Aeronautics for publication the general 
formulas for the determination of all major airplane per¬ 
formance characteristics are developed. A rigorous analy¬ 
sis is used, making no assumption regarding the attitude 
of the airplane at which maximum rate of climb occurs, 
but finding the attitude at which the excess thrust horse¬ 
power is maximum. 

The characteristics of performance are given in terms of 
the three fundamental parameters \p, \s, and \t, or their 
engineering alternatives lp, ls, and lt, where 

\p oc lp — parasite loading 
\3 oc ls — effective span loading 
\t oc lt = thrust horsepower loading 

These combine into a new parameter of fundamental 
importance which has the alternative forms: 

A correction is made for the variation of parasite re¬ 
sistance with angle of attack and for the nonelliptical wing 
loading by including in the induced drag term a factor e, 
called the “ airplane efficiency factor.” The correction is 

thus assumed proportional to Cf. 
A comprehensive study of full-scale data for use in the 

formulas is made. Using the results of this investigation, 
a series of performance charts is drawn for airplanes 
equipped with modern unsupercharged engines and fixed- 

pitch metal propellers. 
Equations and charts are developed which show the 

variation of performance due to a change in any of the 
customary design parameters. 

Performance determination by use of the formulas and 

charts is rapid and explicit. The results obtained by this 
performance method have been found to give agreement 
with flight test that is, in general, equal or superior to re¬ 
sults obtained by present commonly used methods. 

I. INTRODUCTION 

The present report was started upon the suggestion 
of Mr. Arthur E. Raymond, assistant chief engineer of 
the Douglas Aircraft Corporation and professor of air¬ 
plane design at the California Institute of Technology, 

that a rapid algebraic or chart method of performance 
estimation would be of value to the industry. The 
analysis starts with the basic equations given by 
Dr. Clark B. Millikan in reference 1, and uses param¬ 
eters of the airplane similar to those there introduced. 

The general equations for maximum rate of climb 
are obtained by differentiating and equating expres¬ 
sions for thrust horsepower available and required, 
and using the excess horsepower at the optimum speed 
so determined. The accuracy of the charts therefore 
depends almost entirely upon the accuracy with which 
any general propeller and thrust-horsepower data 
represent the case at hand. 

General supercharged engine data may be substi¬ 
tuted in the general equations to give a series of charts. 
Variable-pitch propeller data may be used to give a 
series of charts. In short, the formulas developed are 
general formulas. The calculation and construction 
of charts for any general type of engine or propeller 
requires considerable labor; however, once the series 
of charts has been constructed, the calculation of the 
performance characteristics of any airplane similarly 
equipped may be carried out in a few minutes. 

Besides giving to the designer the advantage of 
rapidity in performance calculation, the charts readily 
show the change in performance of the airplane with a 
change in any of its characteristics: Weight, span, 
equivalent parasite area, design brake horsepower, 
maximum propeller efficiency. The designer may, by 
the use of the charts, weigh the relative merits of a 
change in airplane characteristics in obtaining any 
desired performance. 

Another advantage in the use of the charts is the 
fact that the absolute ceiling, maximum rate of climb, 
and the maximum velocity, having been specified, the 
charts may be solved in reverse order to determine 
the airplane characteristics necessary to give the 
specified performance. The designer’s requirements 
and limits are definitely set, and his problem im¬ 
mediately becomes one of structure. Likewise, flight 
test data having been given, the charts may be solved 
in reverse order to determine the actual values of the 
airplane parameters. 

It hardly need be pointed out that the selection of a 
propeller is made easy by the use of the charts. Maxi¬ 
mum velocity depends upon propulsive efficiency, 
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which in turn depends upon maximum velocity. This 

cyclic process is rapidly solved by means of the charts. 

The physical discussion of A', presented in Section 

II B, is due to Dr. Clark B. Millikan’s timely dis¬ 

covery of the fundamental physical nature of this 

major parameter of airplane performance. 

The general performance formulas have been 

developed in Sections II and III in terms of the 

physical parameters \p, \s, \t, and A' in order that 

the results may be readily extended to any system of 

units. The results are extended to the American 

engineering system of units in Section V preliminary 

to the construction of the performance charts, which 

make use of the engineering parameters lv, ls, lt, 

and A. 

The method of performance determination is out¬ 

lined in Sections VI and VII. Charts for the complete 

calculation of the performance of any airplane equipped 

with modern unsupercharged engines and fixed-pitch 

metal propellers have been collected at the end of the 

report. Hence, for the purpose of solving actual per¬ 

formance problems, Sections VI and VII may be 

read and used independently of the previous sections, 

and without the necessity for any reference to the 

contents of the earlier ones. 

The author wishes to take this opportunity to 

express his appreciation of the many helpful suggestions 

and comments furnished by the members of the staff 

of the Guggenheim Graduate School of Aeronautics, 

at the California Institute of Technology. In addi¬ 

tion, he expresses his gratitude to the Army Air 

Corps for data furnished, and to others who have 

given valuable aid in the preparation of this report. 

The author wishes particularly to express his apprecia¬ 

tion of the contribution to the report in Section II B 

furnished by Dr. Clark B. Millikan. 

II. GENERAL ALGEBRAIC PERFORMANCE FORMULAS 

A. DEVELOPMENT OF THE FUNDAMENTAL PERFORMANCE 
EQUATION 

ws = A“sinking speed” 

then equation (2.1) takes the form, 

d h 

(2.3) 

d t 
= wh-ws. (2.4) 

dh 
The maximum horizontal velocity occurs at ^ = 0; 

dh 
maximum rate of climb at maximum ; absolute 

ceiling at maximum ^ = 0, etc. 

Splitting up the drag into two terms in accordance 

with the Prandtl wing theory, 

w. 
DV 
IF " 

Dj 
IF w V (2.5) 

where, 

Z> = total drag 

Dp = parasite drag (that portion of drag whose coeffi¬ 

cient is constant) 

Dt = effective induced drag (that portion of drag whose 

coefficient is proportional to CL2) 

V = velocity 

= lift coefficient. 

From the Prandtl wing theory, 

J2 
Di = A-2 

Trqbe- 

wliere, 
X = lift 

p = mass density of air 

i-bV2 

be = effective span. 

(2.6) 

For horizontal rectilinear flight, and angles of climb 

for which the cosine of the angle is nearly unity, the 

weight may7- be substituted for the lift. Hence, 

2IF 
IF TVPV%2' 

(2.7) 

The fundamental equation of airplane performance 

may be written in any consistent set of units in the 

form: 

d/^_(t.hpa-t.hpr) , . 

dt~ IF A (2,1} 

where, 
h = altitude 

t = time 

t.hpa = thrust horsepower available 

t.hpr = thrust horsepower required 

W=weight 

A = horsepower conversion factor; 550 in Ameri¬ 

can units and 75 in metric units. 

If we define, 

wh = A—^A=urising speed” (2.2) 

Defining / as the equivalent parasite area: 

D,=tf=l2p\y 

Dp _P / T T2 

IF 2 IF 5 • 

(2.8) 

(2.9) 

This definition of / is consistent with that used 

abroad, and is desirable because of its essential physical 

significance and freedom from constants. It differs 

from the present American definition of/ by the factor 

1.28. In the American definition/is called the “equiv¬ 

alent flat plate area” and is defined by the equation 

Dv— 1.28 qj. 
The sinking speed becomes then, 

w = - — i73+ — A. 
^s 2Wy ' 7r pb2 V 

(2.10) 
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It has generally been customary to define be as the 

equivalent monoplane span kb, where k is Mlink’s span 

factor and b is the largest individual span of a wing 

cellule. This case corresponds to the ideal case in 

which the lift distribution is elliptical over each wing 

and the parasite drag coefficient is independent of CL. 
There is actually an increase in drag over this ideal 

condition caused by interference, variation of parasite, 

and nonelliptical lift distribution. It has been found 

that the additional drag may well be represented by 

a correction proportional to CL2. The correction may, 

therefore, be included in the induced drag term by 

introducing therein a factor e, which is called the 

“airplane efficiency factor.” Hence, we define, 

be2 = e(kb)2 

where, e = airplane efficiency factor 

& = Munk’s span factor 

6 = largest individual span of the wing cellule. 

The airplane efficiency factor is quite fully discussed 

in Section IV. In view of this definition, equation 

(2.10) becomes, 

wa p/F3, 
2 W ' tt p e(kby V 

(2.10a) 

Writing a = —= relative air density, where p0 = 
P 0 

standard air density at sea level, and defining, 

oc parasite loading (2.11) 

2 W 
irp0e(kby 

2 W 
— I—2 effective span loading (2.11a) 
7I”Po 

so that both Xs and Xp have the dimensions of (ve¬ 

locity)2, we have from (2.10a), 

V3 IX 
ws=<r~+-~- (2.12) 

A p (J \ 

If we similarly define, 

v _1 IT _1 W thrust horsepower (oio^ 
1 A b.hpm?7m A t.hpm loading, ' ' 

where, 

Vm = design maximum velocity at sea level 

b.hpm = brake horsepower at Vm(cr = l) 
7] m = propulsive efficiency at Vm 

t.hpm = thrust horsepower at Vm 

Then, 

wh = A 
t.hpa_ 1 t.hpa(at V, a) 

W ~\t t.hpm 
(2.14) 

or, 

= X TaT, (2.15) 
A t 

where, 

m t.hpa at velocity V, . . 
7 ,= , , —r — (at sea level) 

t.hpa at Vm v 

V 
= function of jy~ 

™ t.hpa at altitude , . , , 

T«=i.hp at sea level(at constant veloolty F) 

function of a and 
V 
vm 

Substituting equations (2.12) and (2.15) in (2.4) we 

get, 
dh _ 1 rp T _ V^l\s 
dt \tlalv a Xp <rV' 

(2.16) 

Since the propulsive unit characteristics Ta and Tv 
V 

are expressed in terms of y > Vm will be introduced 

explicitly in equation (2.16). Defining, 

y 
Rv = y - = dimensionless speed ratio, 

we have, 

1 X^ 
aR v Vm 

dh 1 V 3 'A**'_ A rV p 3 ' Wl 

dt~\t a v vl^' 

(2.17) 

(2.18) 

In order to bring out the physical basis of this equa¬ 

tion we note that ^ = the speed at which the 

airplane would rise if the thrust horsepower required 

for horizontal flight were zero. The entire t.hpra would 

then be used in lifting the airplane vertically at a speed 

we might well call the “design rising speed” = • 

The symbols ~ and be used interchangeably 

throughout this section. It is obvious that the actual 

rate of climb will depend very markedly on > so 

it is natural to write the latter as a multiplicative factor 

In this way we obtain, 

dr0[T‘T’~°R* l (2-19 
/d h\ 
\d t)d \t 
In this form, the fundamental performance equatio 

contains three design parameters, 

dh\ 1 \t T7- 3 , XSX* 

.d7,)rx/rT”’andu.- 

This is the same number with which we began (X„ Xp, 

\t), so that no obvious simplification has as yet been 

attained. However, the explicit use of Vm and the 

dimensionless speed ratio Rv does actually lead to 

considerable simplification and produces a new funda¬ 

mental form of the performance equation. For con¬ 

sider the conditions for Vm. 

Then, 

a = Rv=Ta=Tv= 1 and^ = 0. 

(2.20 

0 
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Equation (2.19) then gives, 

rU,3=i-^-‘- (2.21) 
y m 

Substituting this into equation (2.19) we obtain, 

dh = 1 

d t \t 
(2.22) 

Furthermore, from (2.21), 

X H/ 
V = p I 

V* \ !-t£> 
(2.23) 

or, 

X,* 
(2.24) 

XSX, X,X,* 

Now defining, 

A' = 
X H ' Ap 

Equation (2.24) gives, 

(2.25) 

(2.26) 

The relation between the dimensionless design 

parameters A' and -4r— given by this equation has 
y in 

been plotted in Figure 1 and is used continually in the 

later calculations. 

The fundamental performance equation (2.16) 

has thus been materially simplified since, in the form 

given in (2.22), it contains only the two parameters 

~-= and and the latter is given by equation 

(2.26) as a definite function of the fundamental design 

parameter A'. In schematic form, and employing 

equation (2.26), we may rewrite the fundamental 

performance equation (2.22) as, 

dh 
d t 

x [ (function (i) of a, Rv) I 
x t 

(function (2) of <r, Rv) (function of A')] 

(2.27) 

where the term in the brackets is dimensionless. 

The essential advance in the present theory lies in 

the fact that it replaces the normally 3-parameter 

performance problem by two successive 2-parameter 

ones. For Vm is first determined from (2.26) as a 

function of A' and Xs \t, and all subsequent perform¬ 

ance characteristics are then obtained from (2.27) in 

terms of the design parameters X, and A'. Indeed all 

characteristics for which 
d h 
d£ 

= 0, e. g., absolute ceiling 

and speed ratios at altitude, are given in terms of the 

single parameter A'. 

Schrenk and Helmbold (references 2 and 3) have 

discovered the possibility of a reduction in the number 

of parameters for the power-required portion of the 

performance problem. However, they give no ana¬ 

lytical discussion of the power-available problem. 

Indeed, it would be rather difficult to introduce this 

element into their analyses, since either the velocity 

for maximum L/D or that for minimum power required 

is taken as the fundamental velocity, instead of the 

design maximum velocity which is used in the present 

discussion. Driggs (reference 4) introduces analytical 

expressions for the variation of power available which 

are similar in nature to those here employed; however, 

Driggs’s analysis rests on somewhat arbitrary assump¬ 

tions concerning the attitude of the airplane at which 

the various performance characteristics occur. Fur¬ 

thermore, in Driggs’s papers, general characteristics 

at altitude are not discussed. The reduction in the 

number of design parameters from three to two is not 

apparent and the fundamental parameter A' does not 

appear explicitly. Hence, the new form of the per¬ 

formance equations here presented is of some theoreti¬ 

cal interest. It is also of practical importance, since it 

leads to the construction of the simple charts developed 

in this paper, and these in turn may be of considerable 

assistance in working out actual performance problems. 

B. PHYSICAL SIGNIFICANCE OF THE PERFORMANCE 

PARAMETER A'1 

It is apparent that the parameter A', which has been 

unearthed and shown to have such importance by 

the procedure outlined above, should have some 

simple physical significance. In the attempt to dis¬ 

cover what this physical interpretation may be, it will 

be convenient to consider the sea-level characteristics 

of what we shall call an “ideal airplane.” This 

i This section (II B) was contributed by Dr. C. B. Millikan, of the California 

Institute of Technology, aeronautics staff. 
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will be defined as an airplane for which the thrust 

horsepower available is independent of speed so that 

Tv=l, and in connection with which the phenomenon 

of burbling does not occur. The latter requirement 

implies that the equivalent parasite area, as defined 

above in Section II A, remains always constant and 

that the lift coefficient has an infinite maximum value. 

In other words, an ideal airplane is one that obeys the 

performance equation for all values of the velocity 

V, and for which (at least at sea level) t.hpa = t.hpm. 

The power-available and power-required curves for a 

normal airplane and for the corresponding ideal air¬ 

plane are indicated in Figure 2. 

Let us consider the conditions for the sea 

level horizontal flight of such an airplane, de¬ 

noting the velocity for horizontal flight by V"*.1 

The conditions are, 

V0 
A' and ^ may be calculated numerical^' from equa- 

* m 
tion (2.29). This has been done and the result plotted 

in Figure 4. It should be noted that for practically 

all normal airplanes A'<0.15 so that in practice, 

. / _ I 0 

A ~ v~ approximately (2.30) 

The significance of the parameter A' is now apparent. 

It determines uniquely the “ideal speed ratio” of an 

airplane and for normal planes is very nearly equal to 

this speed ratio. In attempting to visualize the 

effect of the ideal speed ratio on performance it is 

■=Ta=Tv = \ _ n V= ft V = V , ^ U, v - j-i v y m * h- 

Introducing these into the fundamental per¬ 

formance equation (2.19) we obtain an equation 

exactly analogous to (2.26), i. e., 

i,=u(iJu)w (228) 

For simplicity in writing we may express this 

in the form, 

A'-r(i-r)1/3; r = 
V h 

(2.29) 

<w=1-45 

For a given A' this is a fourth degree expression 

for F which is plotted in Figure 3 for positive 

values of r and A'. There are twv> real and 

two complex roots of this expression for the 

range of values of A' which are of interest for 

the present problem. For a definite value of 

A' (for example A/ in fig. 3) the smaller of 

these real roots (say rol) is obviously given by 

Toi^rr1 since it corresponds to the largest value of 
* m 

V satisfying the sea level horizontal flight condition. 

Hence, the portion of the curve between T = 0 and 

r = 0.75 is identical with Figure 1. The larger of the 

two roots may be written as ro2 = ~ry-^ where V0 is 
* 0 

the minimum value of V for the sea level horizontal 

flight of the ideal airplane defined by the design para¬ 

meter A The velocity of V0 is indicated in Figure 2 

and may be called the “ideal minimum speed.” The 

r V 
ratio of the two voots is = and will be called 

“ideal speed ratio.” From Figure 3 it is obvious that 

to every permissible value of A' there is a definite 

value of the ideal speed ratio. The relation between 

Figure 2.—Power curves for a normal airplane and its associated “ideal airplane.” Assumed air¬ 
plane characteristics: XP=250,000; X,=800; Xi=0.025; A'=0.0523; W=4,000 lb.; S=400 sq. ft.; 

very instructive to draw a series of actual and “ideal” 

power curves in which the span, parasite, and thrust 

horsepower loadings are varied individually. This 

procedure brings out very clearly the manner in which 

the various loadings affect the ideal speed ratio, and 

brings out the qualitative relation between the latter 

and the actual performance characteristics. 

In addition to its intimate connection with the 

ideal speed ratio, A' also has the property of uniquely 

determining the speed ratios for maximum L/D and 

minimum power required. It is easy to show from the 

basic expression for sinking speed (see also Section VII) 

that, 

X*A As Ai 
^=(3A'3) H and = (A/3) 
VMP VLD 

(2.31) 

1 In this section (II B) the subscript h represents horizontal flight and does not 
follow the convention given in the Summary of Notations. 

where VMp= velocity for minimum power required 

and VLD — velocity for maximum LjD. But since 

149900—33 12 
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X s A ( 
v„, ' m 

is a definite function of A', it follows that 

and I/"0- are also definite functions of A'. These 

relations liave been calculated numerically and the 

results included in Figure 4. It is worthy of note that 

for A'= 0.4725 the velocity for minimum power re¬ 

quired (Vmp), the ideal minimum velocity (F0), 

and the design maximum velocity (Vm), all coincide. 

Hence, an airplane for which A' = 0.4725 could not 

leave the ground at sea level. This definite limit for 

the fundamental design parameter A' is one of the 

most interesting theoretical results brought out by 

the analysis of the present paper. 

o .2 .4 .6 .8 i.o 

r = As A« 
Vu 

Figure 3—Plot of the fourth degree relation connecting A' and r 

C. GENERAL FORMULAS FOR VARIOUS PERFORMANCE 
CHARACTERISTICS 

Equations for the various performance character¬ 

istics of an airplane may be developed from tne funda¬ 

mental performance equation (2.22) and equation 

(2.26) for A' through the introduction of the appro¬ 

priate special conditions governing each characteristic. 

The general formulas for the more important per¬ 

formance characteristics are given in this section. 

These formulas are expressed in American engineer¬ 

ing units in Section V. The effects of down load on 

the tail and inclination of the thrust axis are there 

numerically discussed. 

Maximum velocity at sea level.—The two important 

forms of the maximum velocity equation have been 

developed earlier in the paper in equations (2.24) and 

(2.25) and are here rewritten for continuity, 

Equation (2.33) is plotted in Figure 1. This figure 

is used in obtaining A' from w-‘ throughout the report, 
* m 

since the equations to be developed express perform¬ 

ance in terms of \sy 1 and it is more desirable that the 
* m 

final results be given in terms of A'. 

Maximum velocity at altitude.—The condition for 

maximum velocity at altitude is = 0. Introducing 

this condition equation (2.22) gives, 

As\, Ta Tv a Bvm- a2 RVjn* 

F l-o* R, 
(2.34) 

Figure 4.—Important speed ratios as functions of A'. Fm=design 
maximum velocity; V0=ideal minimum velocity; Vup= velocity for 

minimuinpower required; FtD=velocity for maximum 

ideal speed ratio 

where, 
V maximum at altitude _ I m h 
Vmaximum at sea level Vm 

(2.35) 

Substituting equation (2.34) in equation (2.26), we getf 

Ta T0oRVm-o2RvJ 
A' = 

l-o2 R vm 

Ta T„ <j R Vm — o2 R \ %. 

1 

(2.36) 

Equation (2.36) is the general formula for A' in 

terms of a and Rvm. The substitution indicated for 

obtaining equation (2.36) from (2.34) is readily per¬ 

formed graphically from Figure 1, which gives A' as a 

function of *• 
* m 
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It is seen then, that for any general type of airplene, 

i. e., for any specific functions Ta and Tv, RVjn is given 

as a function of a (corresponding to altitude) and A'. 
The maximum velocity at altitude Vmh is then obtained 

from the maximum velocity at sea level and Rv 
according to equation (2.35). 

Equation (2.36) has been plotted in Figure 5 for par¬ 

ticular functions Ta and Tv corresponding to “normal 

present-day propulsive units” with unsupercharged 

engines to show the nature of the dependence of RVm 
on A' and altitude (cr). 

Maximum rate of climb at any altitude; speed for 

maximum climb.—The speed at which maximum rate 

of climb occurs is obtained by differentiating ^ with 

respect to Rv and equating to zero. The rate of 

climb at this speed, hence the maximum rate of climb 

is obtained by incorporating the above result in the 

equation for rate of climb. Differentiating equation 

(2.22) with respect to Rv and equating to zero, 

c) dh 1 r/bTaTv 
bR. dt -IK bRv 

— 3aR 

v»( ck? 3,,i?'«2)] 0 

_i r 

<rRv 2\t L\ dRVc 
aRj^ — S^Rc/^j 

+ -p (1 + 3cr2i?pc4)] = 0 
' m 

where, 

R*c-~ 

(2.37) 

(2.38) 

Speed for maximum climb at any altitude 

Maximum velocity at sea level 

bTJ\=b{TJk) at I( (a constant) (2.39) 
bR bRv 

whence, 

X* X* 
vm: 

+ (2.40) 

1+3 a2 Rv 4 C 
Substituting equation (2.40) in equations (2.22) and 

2.26), 

\t Ch¬ 
er R, 

(Ta Tv aRv — a2 R 4) 

— <rR 
b T T 

2 la Lv 1 3 a2 R, 4 

(1 -*2 R,k) 
b Rv, 

1 + 3 (r2 Rv 4 

(2.41) 

where, Ch = maximum rate of climb. 

O ./ .2 .3 .4 .5 
A ' 

Figure 6 —R>e as a function of A' and altitude O) 

A' = 

1- 

n25TJt . 2 p 

-°R2 a R,c+ R4 

1 + 3 a2 R vk 

„ 2 b Ta Tv 0 2 r> A & 
“aTor 

1+3 c2 Rv 4 
C 

(2.42) 

The substitution of the equation (2.40) in equation 

equation (2.26) to obtain A' is most readily performed 

graphically by means of Figure 1, instead of analyt¬ 

ically as has been done in obtaining equation (2.42). 
Assuming the “normal propulsive unit” expressions 

for Ta and Tv which were used in obtaining Figure 5, 

equation (2.42) has been plotted in Figure 6. Equa¬ 

tion (2.41), when combined with the results expressed 

in this figure, gives Xt Ch as a function of A' and 

<r, and this relation has been plotted in Figure 7. 

These two figures indicate clearly the nature of the 

dependence of R „c and \t G\ on an airplane’s design 

characteristics (A') and on altitude, and hence lead to 

a very rapid determination of the speed for best climb 

and the maximum rate of climb of the airplane at any 

altitude. 
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Maximum rate of climb at sea level is the special 

case of maximum rate of climb at altitude for which 

er = 1 and Ta = 1. The general statements made in the 

preceding paragraphs concerning maximum rate of 

climb at any altitude apply to the maximum rate of 

climb at sea level. 

Absolute ceiling; speed at absolute ceiling.—At 

absolute ceiling, the maximum rate of climb is zero. 

Therefore, putting Ch — 0 in equation (2.41), we get, 

TaI v QuRvh ~ $h'Rvh 

(2.43) 

14~ 3 

where, 

^ _ Velocity at absolute ceiling 

%H Maximum velocity at sea level 
aH = relative density at absolute ceiling. 

(2.44) 

(2.45) 

Cross multiplying, collecting terms, and dividing 

throughout by aHRVH, 

T.T. (1 +3 <ra'R,/) + R,rI 

(1 *B*R<) ^(THRvh ~~ 0- 

(2.46) 

Equation (2.46) shows that for any general type of 

propulsive unit, RVh (the speed ratio at absolute ceil¬ 

ing) is a function of (corresponding to altitude at 

absolute ceiling). Putting 
dh 
d t 

= 0 and cT = aH in equa¬ 

tion (2.22), and replacing Rv by the valqe of RVh 
given by equation (2.46), we get, 

\,h 
Vm 

TaTv(xHRvrf — (j^Rvh* 

1 ~ <rH2R CH 
(2.47) 

and, 

_ TclTvGhRvh GhR*h* 

1 — <r h’Rvh* 

TaTr,(XHRvH a'H2RvHi'sfe 

\ — aH1RVHi ) 

(2.48) 

Equation (2.48) gives A' as a function of absolute 

ceiling, since RVH is a function of absolute ceiling by 

equation (2.46). The value of RV[I corresponding to 

any aH must be found by a trial and error solution of 

equation (2.46). A' is then determined from these 

corresponding values of RV[I and aH. Therefore, by 

means of equations (2.46) and (2.48), absolute ceiling 

is obtained as a function of A' for any general type of 

propulsive unit. 

O 10,000 20,000 30,000 40,000 50,000 
H, Absolute ceiling, ft. 

Figure 8.—R,u as a function of absolute ceiling 

Equation (2.48) is best solved graphically from 

equation (2.47) by means of Figure 1. The solution 

of equation (2.46) by trial and error is not particularly 

difficult when Ta and Tv are specified, i. e., the type of 

propulsive unit is specified. The solution then applies 

to all aiplanes similarly equipped. Equation (2.46) 

has been plotted in Figure 8 assuming the “ normal 

propulsive unit” mentioned above. The results 

given in this figure have been combined with equation 

(2.48) and the results plotted in Figure 9. These 

curves indicate the nature of the dependence of abso¬ 

lute ceiling on the airplane parameter A' and of the 

speed ratio at absolute ceiling on the ceiling altitude. 

Absolute ceiling as a function of A' may be com¬ 

pletely solved graphical^ from the maximum-rate-of- 

climb-at-altitude charts. At any altitude, the value of 

A' at which the maximum rate of climb becomes zero 

is the value of A' for absolute ceiling at that altitude. 

(See figs. 7 and 9.) It is suggested, therefore, that 

when curves for maximum rate of climb have been 

calculated, absolute ceiling as a function of A' may be 

obtained most easily in this manner. 
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Service ceiling.—By definition, service ceiling is the 

altitude at which the maximum rate of climb has a 

certain constant value Chg. The equations for service 

ceiling are, therefore, equations (2.41) and (2.42) for 

maximum rate of climb at altitude in which the sub¬ 

stitution Ch=Chs is made. 

Service ceiling as a function of A' and \t may most 

readily be solved graphically from charts for maximum 

rate of climb at altitude. At any altitude, the value 

of A' at which the maximum rate of climb becomes 

Chs\t is the value of A' for service ceiling at that 

altitude. For any value of X, then, service ceiling may 

be plotted as a function of A'. A family of curves for 

a range of A/s covering all normal values may be 

plotted in this manner, thereby giving service ceiling 

as a function of A' and A,. Figure 10 has been pre¬ 

pared in this way for the “normal propulsive unit” 

used above. 

Minimum time to climb to any altitude.—The time 

required to climb through an infinitesimal change in 

altitude dk is ^ dh where is the rate of climb. The 

minimum time required may be expressed 
^ h 

since Ch has been defined as the maximum rate of 

climb at the altitude considered. In order to find the 

minimum time required to climb from one altitude 

hi to a second altitude h2, the above expression must 

be integrated between the limits h\ and h2. Then, 

(2.49) 

where T= the minimum time required to climb from 

altitude hi to altitude h2. 
The equations and charts for maximum rate of 

climb have expressed the results in terms of \tCh and 

not simply (7*. Equation (2.49) must be divided 

throughout by A, in order that the integration may be 

performed in terms of X tCh. 

(2.50) 

Equation (2.50) shows the method b}7 which time 

to climb must be determined. For any values of A' 

a curve giving against altitude is plotted. The A*0>, 
integration of this curve between the desired altitudes 

T 
leads to the corresponding values of . according to 

at 

equation (2.50). This procedure is repeated for 

several values of A'. In this manner a chart is 

T 
obtained giving as a function of A' and altitude. 

X/ 

The integration indicated above must be performed 

graphically, by Simpson’s Rule or some similar method 

General time-required-to-climb curves may be 

obtained in this manner for any general type of air¬ 

craft propulsive unit. Such curves are based on the 

actual rates of climb at altitude as determined by the 

fundamental equations for maximum rate of climb at 

altitude. The results obtained therefore have the 

same accuracy as the maximum rate of climb results. 

The complete integration need be performed only 

once for each general type of propulsive unit. Time 

to climb for airplanes having this type of propulsive 

unit may then be immediately obtained from the 

general chart. Figure 11, based on the “normal pro¬ 

pulsive unit,” shows the type of relation obtained 

between time to climb T, airplane design characteris¬ 

tics A' and \t, and altitude attained in time T. 

III. VARIATION OF PERFORMANCE WITH A CHANGE 
OF PARAMETERS 

One of the greatest advantages of the formulas and 

resulting charts is the explicit manner in which the 

; dependence of each performance characteristic of the 

airplane upon its various parameters is shown. The 

variation of performance with each parameter of the 

5 airplane may easily be seen. Thus the particular 
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parameter that need be changed and the amount of 

change that will be necessary when a certain variation 

of performance is desired, consequently the particular 

detail of the airplane that need be changed, is readily 

determined. The parameter that is most effective in 

producing the desired change in performance is not 

necessarily the parameter that is most economically 

altered. Through the formulas and charts developed 

here, the relative merits and effectiveness of each 

parameter in producing the desired change in perform¬ 

ance may be weighed. The designer is thus given a 

Tims for reasonably small percentage changes in the 

parameters, the variation in performance is found by 

multiplying the change due to 1 per cent by the 

percentage change. Such curves have been drawn for 

airplanes equipped with imsupercharged engines and 

present-day metal propellers. The curves are shown 

in Figure 37 and their use described in Section VI. 

Variation of maximum velocity at sea level.—From 

equation (2.23), 

All symbols are defined in Section II and in the Sum- 

mai*y of Notation. The effect of the variation of the 

second parentheses upon maximum velocity is small, 

so to a first approximation we may take, 

Equation (3.2) may be used to obtain maximum ve¬ 

locity within 1 or 2 per cent accuracy. The constant 

Vm 
0.98 has been obtained by using a mean r-r- = 15, 

As\i 

which corresponds to a A' of about 0.06 (an average 

observation airplane). 

We are well justified in substituting equation (3.2) 

for Vm in the term containing Vm on the right-hand side 

of equation (3.1). Thus for an explicit and accurate 

expression for maximum velocity at sea level, 

Vm = 
/XjWt _ x, x<*_i_Y* 
W v V4 o-98/ 

(3.3) 

direct tool for making changes to fit his particular 

requirements. 

The algebraic formulas of Section II and the accom¬ 

panying curves are here used to develop simplified 

expressions which show explicitly the dependence of 

performance upon the parameters. These expressions 

may be used in combination with general performance 

curves for any type of propulsive unit to construct 

charts giving the change of the various performance 

characteristics resulting from a per cent change in the 

parameters: Weight, design thrust horsepower avail¬ 

able, effective span, and equivalent parasite area. 

.(^(l-l^AO-77, (3.4) 

W2 
F-0.006419 

Where great accuracy is desired equation (3.4) should 

be used. 
In order to find the variation of maximum velocity 

with the parameters of the airplane, Vm from equation 

(3.4) is differentiated with respect to each of the vari¬ 

ous parameters as a partial differentiation. Differen¬ 

tiating with respect to/, and dividing by Vm, we get, 

77.3 

1 W2 
-3 0-006419 t.hp^67 

nnAAiQ TP/* Y i 1 
006419 thpn.wwy A J 

1 dV„ 
vm d/ 

d/= 

1-0.006419 

■]« 
) 

Yt \Vi 

77.3M>.006419 

t.hpm^ b2J /g g) 

df 
(3.6) 
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whence for the percentage variation of Vm with respect 

to a certain percentage variation of/, 

/ d00 \ /-B- DA'\dW_ dW 

\Go)w v B—Da' Jw 8W 
(3.14) 

dV„ 
Vm 

1 1 1.02A/ \d/_ d/ 

3 9 1-1.02 A/// af’ 
(3.7) 

Similarly for the variation with t.hpm, 

/dVm\ 
\ Vm A 

(\ , 4 1.02A' Ylt.hpn) dt.hp 

-/3t.hpm t.hpm \3 9 1 — 1.02A'/ t.hp 
(3.8) 

For variation with W, 

dV, 
V„ m. / w 

For variation with b 

2 1.02A/_ 
3 1 - 1.02 A' 

d W 
w: 

d W 
7 W 

(3.9) 

/dFm\ /2 1.02A' \dbe dbe /0 

( V, I-I.02WU"7 K • (310) 

It should be noted that the pseudoconstants a, /3, — 7, 

and 7 are functions of A' and A' is a function of each 

parameter. The percentage variations must be plotted 

against A'. 

The variation of maximum velocity at sea level with 

a change in any parameter is readily determined from 

equations (3.7) to (3.10). These equations give a 

method of good precision for finding the effect of a 

change in any parameter on maximum velocity. If 

the change in the parameter causes considerable 

change in A', the value of the pseudoconstant a, /3, or 

7 corresponding to a mean A' should be used. This 

practice is seldom necessary. It is generally suffi¬ 

ciently accurate to multiply the variation due to a 1 

per cent change in the parameter by the percentage 

change in the parameter. The curve for variation of 

Vm is plotted in Figure 12, and is indicative of the 

general nature of the variation curves developed in 

this section. 

Variation of maximum rate of climb at sea level.— 

The variation of AtCh with A' at sea level is very ap¬ 

proximately a straight line, as may be seen in Figure 

7. At anjT A', assuming the straight line variation and 

denoting Ch at sea level by C„, we have 

where, 

\tC0 = B~DA' 

B = AtC0 at A' = 0 

— D — slope. 

Then, 

At At W t.hp Hh 2 

(3.11) 

(3.12) 

Differentiating with respect to each parameter and 

dividing by C0 in order to find the percentage varia¬ 

tion of C0, we get, for variation of C0 with W, 

1 dC0 
— B 

C0dW 
dW= 

/ t.hpm _ jy 
W2 U 

B, t.hpm _D, Wf* 
t.hpm^6e2 . 
-W7*-1(3-13) 

W t.hpm^6« 

Similarly for variation with t.hpm, 

fdCp\ B + HDA'\ dt.hpm dt.hpm ... 1 

\(70/t.hpm \B-DA' ) t.hpm r t.hpm 

For variation with be, 

Figure 12—Per cent change in maximum velocity due to 1 per cent (-f-1 
per cent) change in parameter 

For variation with/, 

fdC0\ /-*DA'\df ,d/ 

\CoJt \B-DTjf= V* 
(3.17) 

Equations (3.14) to (3.17) furnish an excellent means 

of determining the variations of maximum rate of 

climb at sea level with a change in the various para¬ 

meters. The pseudoconstants are functions of A' and 

also depend on the type of propulsive unit (Ta and 

Tv). Their numerical values have been determined 

for the specific type of propulsive unit considered in 

Sections V and VI, and the corresponding curves are 

plotted in Figure 37. 
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A similar analysis may be used to give the variation 

of maximum rate of climb at any altitude with a 

change in parameters. 

Variation of absolute ceiling.—For small variations 

of A', i. e., for airplanes of the same type, the variation 

II with A' may be assumed to be linear. Then, 

11= F— GA' 

where 

and 

— G=slope 

dH / — GA' \dA' 

H \F-GYJ A' 

(3.18) 

(3.19) 

Differentiating A' with respect to the various param¬ 

eters, we get for the various equations of variation, 

(f) 

\ II )t.hpm 

/-2GA'\dW a AW 
U <;v> u ir 

( ^Gh! \ dt.hpm . dt.hpm 

\F- GY ) t.hpm v t.hpm 

(3.20) 

(3.21) 

/d.FA / 2GY \dbe „ dbe 
Kwlrw^'h.=<to b. 

I dll\ /-*GY\aj d/ 
\H)r\F-GY)j- v j' 

(3.22) 

(3.23) 

Equations (3.20) to (3.23) may be used to find the 

variation of absolute ceiling due to a variation in the 

parameters, and show the relative effect of a variation 

in each. The numerical values of the pseudocon¬ 

stants are given in Figure 37 in the same manner as 

has been done for the constants of the preceding 

paragraph. 

Variation of time to climb to altitude.—Considering 

T 
the variation of r- with A' to be linear for a small range 

A; 

of variation of A', we obtain, as in the previous analysis 

for maximum rate of climb, the equations of variation 

for time to climb. 

/dT\ dW 
V TV W W 

(3.24) 

The values of the pseudoconstants x, —y, —62, and z 
have been determined for the time to climb to 5,000 

and 10,000 feet for the type of propulsive unit con¬ 

sidered in Sections V and VI, and the results indicated 

in Figure 37. " 

Variation of the major parameter of performance, 

Ah—The variation of A' with the various parameters 

of the airplane is readily determined by the use of 

equation (2.25) for Y given in Section II, 

, AS\V 2 IF IF** p/*/** 

" V* 7rp0be2 XL**t.hpm** 2 ** IF ** 

2** 1 IF2/** 

~ * A**p/*t.hpm**6e2 

(3.28) 

nrne. 1 wy» 
A 0-5n56A«p<,«t.hpm»i/ 

(3.29) 

The variation equations are, 

/ dA'\ dIF 

V A' )w 2 IF 
(3.30) 

/dA'\ 1 df 
VA' )f 3 / 

(3.31) 

/dA'\ 9db, 
\Yjb. ^ b. 

(3.32) 

/dA'\ _ 4dt.hpm 

\ A' / t.hpm — 3 t.hpm 
(3.33) 

It is notable that all variations that tend to decrease 

performance cause an increase in Y. Hence an 

increase in A' is accompanied by a decrease in per¬ 

formance of the airplane. 

IV. INVESTIGATION OF FULL-SCALE DATA 

The general fundamental performance formulas 

have been developed in Sections II and III. For the 

application of these formulas to any general type of 

airplane, the functions Tt and Ta (see equation (2.15)), 

must be expressed analytically, or graphically as 

functions of B t and <r. The best value of the efficiency 

factor e (equation (2.11a)) for any type airplane must 

be determined. This section deals briefly with an 

investigation of full-scale data for determining these 

characteristics. 

Brake horsepower variation with r. p. m.—Modern 

airplane engines quite generally have their rated 

brake horsepower occurring at an r. p. m. which is 

less than 80 per cent of the r. p. m. at which the peak 

brake horsepower occurs. From an investigation of a 

number of brake horsepower curves, it has been found 

that below the rated horsepower, the variation of 

brake horsepower with r. p. m. is well represented by 

the simple relation, 

b.hp = i£Xr. p. m. (4.0) 

where K is a constant depending upon the particular 

engine, or 
b.hp r.p.m, . 

b. hpm r. p. m.m 

where subscript m denotes rated. This variation has 

been suggested bjr Diehl for use with modern engines.. 

(Reference 5.) 
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In all calculations to follow requiring the variation 

of brake horsepower with r. p. m. a general linear 

variation corresponding to the equation (4.0a) is used. 

The general performance charts presented at the end 

of the report, which are developed for modern air¬ 

planes with fixed-pitch metal propellers, are based 

on the linear variation of brake horse¬ 

power with r. p. m. (below the rated 

maximum r. p. m.) 

Fixed-pitch metal propeller data.— 

The fixed-pitch metal propeller (ad¬ 

justable on the ground) is the type 

that is most in use at the present; so 

the following discussion applies in 

particular to this type. National 

Advisory Committee for Aeronautics 

Technical Report No. 306 (reference 

6) presents complete full-scale charac¬ 

teristics of Navy propeller No. 4412. 

Tn a subsequent report concerning an 

investigation of five metal propellers 

(reference 7), it may be seen that the 

change in characteristics for the var¬ 

ious propellers is small. Owing to 

the fact that the characteristics of 

any propeller change with the type 

installation, it is felt that the charac¬ 

ter! tsics of Navy propeller No. 4412 

may well be taken as the general rep¬ 

resentative of all fixed-pitch metal 

propellers. Efficiencies given are pro¬ 

pulsive efficiencies and are of great 

value in determining performance as 

a mean slip-stream and a mean cowl¬ 

ing effect are thus included. 

Figure 13 has been plotted directly 

from data of National Advisory Com¬ 

mittee for Aeronautics Technical Re¬ 

port No. 306. The proper propeller 

diameter and setting for any airplane 

and engine combination is found by 

use of this chart. The airplane and 

engine combination determines a 

particular value of the coefficient 

V 
ND 

“Best 

performance propeller” or the “Peak 

efficiency propeller” as desired. The coefficient is 

defined by, 

where, 

D — diameter in ft. 

TV=revolutions per second of propeller 

V= velocity in ft./sec. 

(A chart for the solution of Cs is given in Figure 26.) 
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and J=V/ATD is defined by, 

V _ 88 m. p. h. 

ND r. p. m. X D J= 

Figure 13.—Propoller characteristics of Navy metal propeller No. 4412. (National Advisory Committee for 
Aeronautics Technical Report No. 306.) Propellers set for best performance and peak efficiency are indicated 

Assuming that the maximum rate of climb of an 

airplane occurs at RVc = 0.625, which has been found 

from Army flight test data to be a good mean value, 

(4.1) an investigation has been made to determine at what 

position on the propeller-efficiency curve maximum 

velocity should occur in order that the airplane might 

have the maximum possible rate of climb. The results 

are clearly set forth in Figures 14a and 14b; the results 

V 
(4.2) are plotted in terms of Cs and ^y It is well known 
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that for maximum possible velocity the propeller 

should be set so that Umax occurs on the envelope of 

the efficiency versus Cs curves. The ratio 

at which this occurs is represented by the curve 

labeled “FOR MAXIMUM VELOCITY.” Obvi¬ 

ously with Umax set on the peak of the efficiency curve, 

^ apeaU~ 1-°Q; this line is designated “PEAK 

PROPELLER. ” The setting of the propeller at Vm 
in order that maximum possible rate of climb be at¬ 

tained is represented by the curve labeled “FOR 

MAXIMUM CLIMB.” This curve discloses the very 

interesting and fortunate fact that the propeller should 

be set at approximately the same setting both for the 

attainment of maximum possible velocity and climb. 

Thus a propeller for which maximum velocity occurs 

at the peak produces both a lower maximum velocity 

Figure 14a.—Comparison of propeller settings at Vmaz for obtaining best maximum 
climb, best maximum velocity, and propeller set on peak efficiency 

I is generally less than 5 per cent. Charts are later 

developed for both propeller settings. 

An investigation of the propeller settings on a 

number of airplanes by the method of the decrease 

in r. p. m. at speed for maximum rate of climb from 

r. p. m. at Vm has been made. The results are plotted 

in Figure 15. Curves have been drawn showing the 

decrease in r. p. m. to be expected for a propeller set 

lor BEST PERFORMANCE and for a propeller set 

on the PEAK EFFICIENCY", for values of Rv from 

! 0.55 to 0.70. The speeds for maximum rate of climb 

of all the airplanes investigated lie within these limits 

| of Rv. The decrease in r. p. m. at speed for maximum 

j rate of climb has been calculated from Army flight 

tests of more than 50 airplanes, and these points have 

been plotted on the same figure. This figure shows 

very strikingly that the propeller settings of all the 

Figure 14b.—Comparison of propeller settings at Vmm for obtaining best max¬ 
imum climb, best maximum velocity, and propeller set on peak efficiency 

and a lower maximum rate of climb than a propeller 

set for maximum possible velocity. This result follows 

from the fact that for a maximum velocity propeller 

the decrease in the r. p. m, at full throttle with a 

decrease in velocity is not so great as in the case of 

the peak propeller. Consequently at any velocity the 

brake horsepower available is greater; and as the 

efficiency holds up well, the thrust horsepower available 

is greater for the maximum velocity propeller than for 

the peak propeller. The only redeeming feature of 

the peak propeller lies in its more favorable take-off 

■characteristics. 

It is therefore concluded that for maximum possible 

all-around performance in the air, a metal fixed-pitch 

propeller should have the setting corresponding to the 

envelope of the efficiency curve against Cs. A pro¬ 

peller having this setting is called “BEST PER¬ 

FORMANCE PROPELLER” throughout this report; 

the propeller set on its peak efficiency is called 

“PEAK EFFICIENCY PROPELLER.” The pro¬ 

peller setting is not critical however, since the differ¬ 

ence in maximum rate of climb between the two cases 

grouping taken en masse seems to center about and 

along the BEST PERFORMANCE PROPELLER, 

Propeller efficiency at maximum velocity.—Curves 

have been drawn from which the propulsive efficiency 

at maximum velocity Vm corresponding to the BEST 

PERFORMANCE PROPELLER and PEAK 

EFFICIENCY PROPELLER may be found. (Refer¬ 

ence 6.) These curves are given in Figures 16a and 

V 
16b, which give the efficiencies against an<I 

respectively. The subscript m denotes at design 
maximum velocity. The curves in Figure 16b are to 

be preferred in general, since for any one airplane and 

engine the value of the coefficient CSm is very approx¬ 

imately constant, hence the relative efficiencies of the 

two cases are readily seen. For the same airplane 

V 
and engine combination, the a1jy is different for the 

two cases since the diameter is different. Since CSm 
is essentially a parameter of the airplane, whereas 

pjjj is a compound parameter of the airplane and the 
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propeller, it is recommended that the parameter Cs 
be used almost exclusively in considerations of airplane 

performance. 

A few remarks follow on the choice of a propulsive 

efficiency to be used in computing performance. 

(2) For every 10 per cent increase in jj above 0.40 

decrease propulsive efficiency 1 per cent. 

(3) For pointed narrow engine cowling, decrease 

propulsive efficiency from 0 to 2 per cent. 

(1) For modern 2-blade metal propellers with nor¬ 

mal engine cowling, and where -jj (the ratio of engine 

diameter to propeller diameter) is approximately 0.40, 

use propulsive efficiencies obtained from Figures 16a, 

16b, or, better, Figure 27. 

Cs of Vm — CSm 

Figure 16b.—Propulsive efficiency at Vmaz as a function of C.m 

(4) For National Advisory Committee for Aeronau¬ 

tics cowling increase from 1 to 2 per cent. 

(5) For unfavorable body shapes and cowlings, 

decrease from 0 to 5 per cent. 

(6) If tip speed is greater than 1,020 feet per second 

apply tip-speed correction. (Appfy only at Fmax, 

reference 8.) 
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(7) For 3-blade propellers decrease 3 per cent. 

The above results are obtained from references 6, 7, 

8, and 9. 

Variation of r. p. m. with speed.—The variation of 

r. p. m. with velocity has been calculated both for the 

BEST PERFORMANCE PROPELLER at several 

settings and lor the PEAK EFFICIENCY PRO¬ 

PELLER. The 19.5° setting has been taken as repre- 

Figure 17.—Variation of full-tbrottie r. p. m. with velocity. Best 

performance propeller 

sentative of the general peak efficiency curve. The 

curves are plotted in Figures 17 and 19, respectively. 

Each setting corresponds to a definite 0Sm and -qm for 

the BEST PERFORMANCE PROPELLER, as 

indicated; the curve for PEAK EFFICIENCY PRO¬ 

PELLER is general for all values of Co¬ 

variation of r. p. m. with altitude (constant veloc¬ 

ity).—The variation of r. p. m. with altitude has been 

0 .8 A .6 .8 1.0 

Figure 18.—Variation of full-throttle thrust horsepower available 
with velocity. Best performance propeller 

calculated for the cases of BEST PERFORMANCE 

PROPELLER indicated on the curves in Figure 21. 

The calculations have been made on the basis of the 

expression for Cs at altitude. (Reference 6.) 

Cft = C*C0 (4.3) 

where 
CSh — Cs at altitude 

CSg = C at sea level. 

The effects of changes in /?„ and propeller setting on 

t.hpa variation with altitude were found to be so 

small that no further computation of other cases was 

necessary. The computed variation of r. p. m. with 

altitude, using the full-scale propeller data, gives good 

agreement with the variation found in flight test by 

the Army. 

Variation of thrust horsepower available with 

speed.—Using the linear variation of brake horsepower 

Figure 19.—Variation of full-throttle r. p. m. with velocity. Peak 

efficiency propeller 

with r. p. m. as has been found most representative 

of modern engines, the variation of r. p. m. as given 

in Figures 17 and 19, and the propeller curves in Fig¬ 

ure 13, the variation of thrust horsepower with speed 

has been calculated for all cases of the BEST PER¬ 

FORMANCE PROPELLER and for the general case 

of the PEAK EFFICIENCY PROPELLER. The 

results are to be found in Figures 18 and 20, respec¬ 

tively. 

Figure 20.—Variation of full-throttle thrust horsepower available with 
velocity. Peak efficiency propeller 

It has been found that for values of Rv=jy- greater 

than 0.5, Tv (the ratio of thrust horsepower at velocity 

V to that at Vm) may, for the variations according 

to Figures 18 and 20, well be represented by a function 

of of the type: 

T =r/? (4-4) 

The quality of the representation may be seen by the 

accompanying table. 
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TABLE I 

Best performance propeller Peak efficiency 
propeller 

Setting 15. 5° 19. 5° 23.5° 27. 5° All. 

0. 90 1.20 1.60 2. 00 All. j 

<J m 0. 45 0.65 0. 85 1.10 All. 

T, T,= 
fig. R, 
18 

T, T,= 
fig. R,-«' 
18 

T, T,~ 
fig. R, -55 
18 

T, T,= 
fig. R, -55 
18 

T, T,= 
fig. R. •“ 
20 

R,=L 00 
.80 
.60 
.40 
.20 

0 

1. 00 1. 00 
.868 . 865 
.716 .717 
.534 .550 
.302 . 351 

0 0 

1.00 1.00 
. 873 .873 
.732 . 733 
. 546 . 571 
. 306 .375 

0 0 

1.00 1.00 
.884 . 884 
.757 .755 
. 577 .605 
.297 .414 

0 0 

1.00 1.00 
.878 .884 
.761 .755 
.590 .605 
.288 .414 

0 0 

1.00 1.00 
.896 .884 
. 758 .755 
.585 .605 
.342 .414 

0 0 

In view of the excellent representation of Tt by the 
•empirical formula R„m, the performance charts are 

.Figure 21.—Variation of full-throttle r. p. m. at constant velocity with altitude 

O 10,000 50,000 30,000 
Altitude, ft. 

IFigure 22.—Variation of full-throttle brake horsepower at constant r. p. m. with 

altitude 

which are believed to give the best data available. 

By the incorporation of the brake horsepower varia¬ 

tion with altitude at constant r. p. m., the variation 

of r. p. m. with altitude as represented in Figure 21, 

and the propeller curves of Figure 13, the variation of 

thrust horsepower with altitude at constant velocity 

lias been computed. The cases were investigated for 

which the variation of r. p. m. with altitude were com¬ 

puted, and it was found that the variation of thrust 

horsepower with altitude may be represented by a 

single curve for all speeds of flight Rv and all settings 

of BEST PERFORMANCE PROPELLER and 

PEAK EFFICIENCY PROPELLER. The curve 

obtained is plotted in Figure 23. This curve is to be 

the general representative for modern unsupercharged 

engines in the charts that are to be developed. The 

variation function Ta is therefore a function of a only, 

being independent of i?„. 

In seeking for an empirical formula to represent the 

curve in Figure 23, it has been found that the type of 

Alt dude, ft. 

Figure 23.—Variatio n of full-throttle thrust horsepower available at constant 
velocity with altitude 

developed on this basis. The particular value of m 

-corresponding to each CSjn (or each setting of the pro¬ 

peller) may be seen in the table. 

Variation of thrust horsepower with altitude (con¬ 

stant velocity).—The variation of brake horsepower 

wdth altitude that is used in computing the t.hpa vari¬ 

ation desired has been plotted in Figure 22. These 

data have been obtained from National Advisory Com¬ 

mittee for Aeronautics Technical Report No. 295 and 

British A. R. C. Reports and Memoranda No. 1141, 

formula proposed by Bairstcw some years ago will, 

with proper values of the constants, give an excellent 

representation of the curve. The formula follows: 

where, 

<r —0.165 

0.835 

, _ t.hpa at altitude (constant 
“ t.hpa at sea level velocity) 

(4.5) 

The quality of representation may be seen b} the 

accompanying table. 
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TABLE II 

Altitude Ta (fig. 23) Ta (eq. (4.5)) 

Sea level. 1.000 1.000 
7,600 .760 .758 

15, 000 . 557 .556 
22, 500 .385 .388 
30,000 .253 .250 

for sinking speed ws. The parasite drag coefficient 
was defined then as the total drag coefficient minus 
the effective induced drag coefficient which was cal¬ 
culated as the minimum induced drag produced by 
an effective span. The customary definition of the 
parasite drag coefficient has been that expressed in. 
the past by the equation 

Figure 24a.—Flight test polar diagrams showing the effect of introducing the airplane efficiency factor, e 

CDp=CD-CDi-, Cnpt= Co- C^-> (a) Douglas XO-14, e=0.75 

(Ref. A. D. M. 3112); (b) Sperry Messenger, e=0.85 (Ref. National Advisory Committee for Aeronautics Technical Report No. 304); (c) Fairchild F. C.— 
2W2, e=0.90; (Ref. National Advisory Committee for Aeronautics Technical Note No. 362); (d) Vought V. E. —7, e= 1.00; (Ref. National Advisory 
Committee for Aeronautics Technical Report No. 292) 

AIRPLANE EFFICIENCY FACTOR 

It was pointed out in Section Id that the variation 
in parasite drag coefficient could well be expressed as 
a correction proportional to CL2, thus it could be 
included in the induced drag term of the expression 

CDv-CD{ total) Cu>i(mln) (4.6) 

where CDi represents the induced drag coefficient 
based on the equivalent monoplane span (kb). The 
parasite drag coefficient as calculated according to 
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this definition for eight flight test polars is seen in 

Figures 24a and 24b. The curve CDp may be seen 

to have, in general, a parabolic shape over the normal 

flying range. This shape might have been expected 

since the total induced drag has not been accounted for 

and assuming that the variation in the parasite 

resistance coefficient is proportion to 0L2, we get: 

a 
Cr pe a 

Dt min. 
D =cn-a Die (4.7) 

where, 

.04 .08 J8 .16 
CD 

.80 .84 .88 O .04 .08 .18 .16 
Cr 

.80 .84 

Cm 

.88 

Figure 24b.—Flight test polar diagrams showing the effect of introducing the airplane efficiency factor, t. Cdp=Cd-Cd{ Cdt,-C„ — Data from 

Luftfahrtforschung, Mar., 1930, B. 6. H. 5. from test, v assumed to get CD. (f) Rumpler C IV, r,=70 per cent-60 per cent, e=0.80; (g) Heinkle 

HD22,77 = 75 per cent —65 per cent, e=1.00; (h) Junkers W33,77=75 per cent —65 percent,e=0.80; (j) Junkers A35, »;=75 per cent —65 per cent, e=0.80 

because we have in no case an elliptical lift distribu¬ 

tion corresponding to the minimum CDi. There has 

therefore been included in the parasite drag coefficient 

a portion of the actual induced drag coefficient. In¬ 

cluding in the induced drag term, where it obviously 

belongs, this excess over the minimum induced drag, 

CD —Effective parasite drag coefficient at maximum 
P6 

velocity. 

CD - Total drag coefficient. 

CDi — Minimum induced drag coefficient for equiv¬ 

alent monoplane span. 

CDie— Effective induced drag coefficient. 
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e — Airplane efficiency factor defined by equation 

(4-7). 

CDj)e according to this definition has also been 

plotted in Figures 24a and 24b, and it is seen that 

for all the airplanes there represented CD is there 

very approximately constant throughout the flying 

range. The effective span loading has therefore been 

defined as 

Xs 
2 W 

irpo (kb)2 e 
(4.8) 

All symbols have been defined in Section II and in 
the Summary of Notation. 

The sinking speed then, due to the parasite loading, 

is that due only to the effective parasite drag coeffi¬ 

cient at Vm, and the sinking speed due to the effective 

span loading is that due to the actual induced drag 

plus that due to the variation in parasite drag which 

is assumed proportional to Cl. The correction for 

variation of parasite drag proportional to Cl2 is be¬ 

lieved to be of excellent quality, as the variation is 

small and, by reference to the polars in Figures 24a 

and 24b, it may be seen that a correction proportional 

to Cl will leave a portion called effective parasite 

drag coefficient, which will not vary appreciably with 

angle of attack within the normal flying range. 

The efficiency factor e may be determined from 
flight test data by the method described in Section VI. 
The value has been computed for a large number of 
airplanes; the range of values suggested for use in 
performance calculations are included in the accom¬ 
panying table. 

TABLE III 

VALUES OF e FOR VARIOUS TYPES OF AIRPLANES 

Type of airplane 
Use value of e 
varying with 
“cleanness” 

From— To— 

Flying wing__ _ 0.95 1.00 
Cantilever monoplane . .85 1.00 
Semicantiiever monoplane-, _ .80 .95 
Single bav biplane.-_ _ .75 .95 
Multiple bay biplane _ .70 .90 

Airplanes with normal fairing and cowling corres¬ 

pond to the mean values of e; airplanes with square 

bodies, rectangular wings, little fairing, and with 

otherwise poor aerodynamic form correspond to the 

lower values of e; airplanes with exceptionally smooth 

bodies, elliptical wings, and complete fairing corres¬ 

pond to the upper values. 

EFFECTIVE PARASITE COEFFICIENT 

The effective parasite coefficient has been defined as 

that portion of the total drag coefficient which remains 

constant with angle of attack. From the preceding 

paragraphs and Section II, equation (2.8), we have, for 

the relation between the effective parasite coefficient 

CD and the equivalent parasite area, 

qS S (4.9) 

and from the definition ot \v in equation (2.11) of 

Section II, 

j JW 1 
S Po & X /, 

(4.10) 

The value of \P may be computed from the observed 

maximum velocity measured in flight test, hence the 

over-all parasite drag coefficient^may be determined 

by equation (4.10). The value of^has thus been 

calculated for a large number of airplanes from Army 

flight test data and commercial test data that are 

believed reliable. The results are plotted in Figure 25. 

f 
For performance estimation g, hence the equivalent 

parasite area /, may be estimated from Figure 25 by 

reference to the corresponding type of airplane. 

The parameter^is the most useful in determining 

the over-all cleanness of the airplane. It is interesting 
/ 

to note that the parasite drag coefficient^, of a wing 

alone has a value of approximately 0.01. 

V. PERFORMANCE FORMULAS IN ENGINEERING UNITS 
FOR AIRPLANES EQUIPPED WITH MODERN UNSU¬ 
PERCHARGED ENGINES AND FIXED-PITCH METAL 
PROPELLERS 

The analysis of the general performance formulas 

in Section II was carried through using physical 

quantities and parameters, in order that application 

to any consistent set of units might easily be made and 

that the physical meaning of the parameters and equa¬ 

tions might be emphasized. It is, however, much 

more convenient for the designer and engineer to use 

parameters which are simple “loadings” without extra 

constants. For practical purposes it is also a great 

advantage to have performance formulas and charts 

expressed in terms of engineering units. Hence in this 

section the performance formulas previously developed 

are rewritten using engineering parameters and the 

standard American engineering system of notation. 

The expressions for Ta and Tv developed in Section 

IV are introduced into these formulas and, from a 

numerical solution of the latter, engineering charts 

are plotted for the important performance charac¬ 

teristics. If sufficient data were at hand relative to 

the functions Ta and Tv, the general cases of super¬ 

charged engines and of variable-pitch propellers might 

be developed in the same manner. 

A numerical discussion of the effects of down load 

on the tail and inclination of the thrust axis is de- 
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scribed and corrections for these effects are given 

where necessary. 

THE ENGINEERING PARAMETERS 

The engineering parameters are defined as: 

IF p0 (engineering) parasite loading 1 =— = \ ~ — 
I'p j 2 (lb./sq. ft.) 

, _ W IF 7rp0 _ (engineering) effective 

s e(kb)2 be2 's 2 span loading(lb./sq.ft.) 

L = 

A = 

_IT _ _ W _ j _ (engineering) thrust 

b.hpmr;^ t.hpm ^ 1 horsepower loading 

(lb./hp.) 

lsl ft _ W2j* _7rA *p0% _ (engineering) 

lP* t.hpm**6e 2% 

(5. 1) 

(5.2) 

(5.3) 

(5.4) 
major perform¬ 

ance parameter. 

The performance characteristics are given in the 

following units: 

1 rm — design maximum velocity at sea level in 

miles per hour. 

Ch — maximum rate of climb in feet per minute. 

H —absolute ceiling in feet, 

ft. lb./sec. 
A. —550 = 

b.hp 

THE FUNCTIONS T„ AND T, FOR AIRPLANES OF TYPE 1 

Airplanes classified here by type 1 are all airplanes 

equipped with modern unsupercha^ged engines and 

fixed-pitch metal propellers. Modem engines are 

those for which the brake horsepower may be assumed 

to vary linearly with r. p. m. for r. p. m.’s lower than 

the rated r. p. m. 
It has been shown in Section IV, equations (4.4) and 

(4.5), that for airplanes of type 1 the functions Ta and 

Tv may be expressed in the form, 

T. = R. (5.5) 
where, 

m = 0.65 for BEST PERFORMANCE PROP. CSm = 0.9 

= 0.61 for BEST PERFORMANCE PROP. C\m= 1.2 

= 0.55 for BEST PERFORMANCE PROP. C,m>1.6 

= 0.55 for PEAK EFFICIENCY PROP, all CSm 

and 

rc=ff"!;l65 = U98 (cr —0.165). (5.6) 
U.ooO 

FUNDAMENTAL EQUATION OF PERFORMANCE 

The fundamental equation of performance (2.22) 

becomes in engineering units, 

d h 33,000 1 
C* = ^ = 

d£ aR 

Ui 

™ \ \(T.T,cS,- SR,') 

' '■] 
— 3 (1 —o-2I?„4)J feet per minute (5.7) 

which gives for airplanes of type 1, 

l tCh = —Tl • 1Q8 (<r ■- 0.165) aRvm+1 - a2R9i 
o’iiv l 

Ut 
3.014T 

149900—33-13 

Hl-oW)l. (5-7a) m J 

The expression for A becomes from equation (2.26), 

4   r"n q Ut 
A O *-•. O y 

V 
■A, 

m \ 
0.332 (5.8) 

Equation (5.8) is used to give the relation between 

A and iy throughout the report and in developing the 
v m 

charts. Equation (5.8) is plotted in Figure 30 (in the 

curve marked STABLE WING SECTION). 

Maximum velocity at sea level.—Equations (2.32) 

and (2.33) become respectively, 

FCT = 52.s(j^(l-0.332l^\m. p. h.) (5. 9) 

and 
V 1 / // 
, , =52.8 M 1-0.332 Ty) • (5.10) 
hit A\ 

These expressions will be found plotted in Figures 

29 arid 30, respectively. 

It should be noticed that the above equations are 

exact only for the case of an airplane flying at maxi¬ 

mum velocity with no down load on the tail. An 

airplane with a stable wing section may be said to 

satisfy this condition. Unfortunately, as stable wing 

sections have not as yet come into general use, the 

case of an airplane flying with a normal, unstable wing 

section must be investigated. Assuming a mean cen¬ 

ter of gravity position of 0.33 chord, and a mean length 

from center of gravity position to center of pressure 

on the tail surface of 2.75 times the chord, the down 

load on the tail was calculated for airplanes with 

various speed ranges. Assuming a mean aspect ratio 

of the wing of 6, and an aspect ratio of the tail surface of 

3, the effect of the calculated down load on the tail 

has been applied to equations (5.9) and (5.10), and 

the results plotted in Figure 30. The results are also 

plotted in the supplementary curve in Figure 29. 

The curve labeled “Normal Wing Section” represents 

the mean curve obtained in this manner from the in¬ 

vestigation of 5 frequently used airfoils, namely: 

Clark Y, Gottingen 387 and 398, and U. S. A. 27 and 

35 B. (Airfoil data from reference 10.) The down 

load on the tail causes an increase in induced drag, 

which is accounted for by a change in ls at Vm. 
An approximate solution of equation (5.9) is ob¬ 

tained by expanding and retaining only the first two 

terms. In the second term the substitution Vm — 

52.8(j^)/3 is made. 

TV* = 52.8(J^-0.11 Ut (m.p.h.). (5.11) 

This form has been given by Dr. Clark B. Millikan in 

reference 1. 

For an airplane with no down load on the tail, 

equations (5.9) or (5.10) are to be used. For an 

airplane with normal down load on the tail, the cor¬ 

rection indicated on the curves in Figures 29 and 30 

is to be used. 
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Maximum velocity at. altitude.—Expressing equation 

(2.34) in engineering units, we obtain 

where, 

/ i TaTv(xRt — a2R „ 4 
Y 1 -a2R 4 ' m l u ii Vjn 

p _ Max. velocity at altitude _ ^ mH 
Vm Max. velocity at sea level Vm 

(5.12) 

For airplanes of type 1, equation (5.12) becomes 

r..-3-014 i 
(5.12a) 

Equation (5.12a) is used in conjunction with equation 

(5.8) to develop the chart given in Figure 31. The 

three values of m from equation (5.5) are used. 

Maximum rate of climb at altitude; speed for maxi¬ 

mum rate of climb.—Equation (2.40) for speed ratio 

for maximum rate of climb becomes, 

^ =3.014 
V rn 

t, 2dTaTr 2J? 
F 3 cr Rv* 

(5.13) 
1 + 3cr'/?j, 4 

where, 

P Speed for max. rate of climb at alt._ Vc 
Vc Max. velocity at sea level Vm 

The engineering equation for maximum rate of 

climb is from (2.41), 

_33,000 1 

oR„c Tt 
(TaTvaRt-a2RVt})~ 

l si t 
(1 - a2#,/) 3 oT4F~Jft‘ per min> (5.14) 

For airplanes of type 1, the last two equations become 

/ 7 — 1.198m(cr — 0.165)cr7?-m+1 + 3a2Rv* 
=3.014 v-t-n-rn- i- - (5.13a) 

V 1+3 a2RJ 

Oh=3^°~^1.198(a-0.l65)aRVcm+1- 

l sl i 
o+T?/- (l-a2i?Pc4)3 Q1 

It 1 
4Fj' 

(5.14a) 

Equations (5.13a) and (5.14a) are used in conjunction 

with equation (5.8) to develop the chart for speed for 

maximum rate of climb plotted in Figure 32, and the 

chart for maximum rate of climb plotted in Figure 33. 

The effects of down load on the tail and inclination 

of the thrust axis have been investigated for various 

types of airplanes ranging from heavy bombardment 

to high-speed pursuit. It has been found that the 

two effects are of opposite sign and within 1 or 2 per 

cent of the same value. It is concluded, therefore, 

that at the attitude of the airplane for maximum rate 

of climb, the combined effects of down load on the 

tail surface and inclination of the thrust axis may well 

be neglected. 

Maximum rate of climb at sea level is obviously 

the special case of maximum rate of climb at altitude, 

in which a = 1 and Ta = 1. 

Absolute ceiling; speed at absolute ceiling.—The 

relation between aH and RvH at absolute ceiling, 
equation (2.46), is unchanged, 

r„T,(l+ 3 -’( 1 a R r H' 

where, 

4cr hRv h0 — 0 (5.15) 

P Velocity at absolute ceiling 

VH Max. velocitv at sea level 

a H — a at absolute ceiling. 

For airplanes of type 1, this gives, 

1.198 (o-H~0.165) RVHm (\-\-3aH2RtHi) + 1.198m 

RVHm{°H~ 0.165) (1 <r ulRv ff4) — 4<r fJR t-#3 = 0. 

(5.15a) 

Equation (5.15a), w+ien solved by the trial and error 

method, gives the relation between speed at absolute 

ceiling and altitude. This solution has been per¬ 

formed graphically in developing the charts by finding 

the speed at which the high speed at altitude and speed 

for maximum rate of climb at altitude intersect 

This method is recommended. The results are given 

in Figures 31 and 39. 

The equation for 
7 s71 

at absolute ceiling becomes from 

equation (2.47), 

7S7l 0 ni . Ta rvahRvH &h^RvHa 

V. ^ l-rTR'S 
(5.16) 

which gives for airplanes of type 1, 

| (+ = 3.0141 -198(‘r"-°;1 ~ . (5.16a) 
v in 1 a H R o H 

The solutions of equation (5.15a), RVfI, and aH, 
when substituted in equation (5.16a), give an equation 

which, when used in conjunction with equation (5.8), 

gives the absolute ceiling as a function of A. This solu¬ 

tion has been performed graphically, however, by find¬ 

ing the value of A at which the maximum rate of climb 

at any one altitude becomes zero. This method is 

recommended. The results are plotted in Figure 34. 

Service ceiling.—Service ceiling is found by putting 

Ch = 100 in exactly the manner described in Section II. 

The corresponding engineering equations and curves 

are to be used, however, instead of the physical equa¬ 

tions there referred to. For airplanes of type 1, the 

results are given in Figure 34. 

Time to climb.—In engineering units we have for the 

time to climb, from equation (2.50), 

T-l‘StikiL (5-17) 
This integration is carried out in the manner indi¬ 

cated in Section II, except that the engineering equa- 
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tions, parameters, and charts are used. Results for 
airplanes of type 1 are plotted in Figure 35. 

PERFORMANCE VARIATION EQUATIONS AND CHARTS 

The variation equations of Section III are essentially 
unchanged, since they express percentage variations. 
They may all be immediately transformed to engineer¬ 
ing notation by the substitution of A for A' according 
to the relation 

A = 158.9A'. (5.26) 

This operation is quite obvious and the equations 
will not be rewritten. Making this indicated sub¬ 
stitution and obtaining the necessary constants for 
the equations from the performance charts developed 
in Section V, a set of variation charts has been con¬ 
structed in Figure 37. These give the variation in 
performance characteristics due to a 1 per cent change 
in the various parameters for airplanes with type 1 
propulsive units. The charts are based on the design 
CSm = 1.2, and may be regarded as representative for 
all propeller settings since the propeller setting has a 
negligible effect upon the variation of performance. 

GENERAL REMARKS 

The performance charts have been developed for the 
following cases: 

(1) BEST PERFORMANCE PROPELLER for 

CSm = 0.9, or t/m = 0.45; m = 0.65. 
(2) BEST PERFORMANCE PROPELLER for 

CSjn = 1.2, or Jm = 0.65; m = 0.61. 
(3) BEST PERFORMANCE PROPELLER for 

CSm2M.6, or 0.85; m = 0.55. 
(4) PEAK EFFICIENCY PROPELLER for all 

CSm, all Jm; m = 0.55. 
The cases indicated here have all been plotted 

throughout the charts, forming families of three 
curves. A single curve is used throughout for the 
PEAK EFFICENCY SETTING, while for the BEST 
PERFORMANCE PROPELLER interpolation must 

be made for the proper value of CSm. 
A curve has been plotted for the graphical determi¬ 

nation of A explicitly from the parameters lv, lSf 
and lt. The curve is found in Figure 28. 

For convenience in determining the major per¬ 
formance characteristic of an airplane (the maximum 
velocitv at sea level, maximum rate of climb at sea 
level, and absolute ceiling) a combination chart giving 
V 
/ It G0, and II as functions of A has been plotted in 
isit 

Figure 36. 

VI. PERFORMANCE DETERMINATION 

For the aid of the designer, the method of deter¬ 
mining the performance of an airplane through the 
use of the charts developed above is given in this 
section, After a few applications, the designer may 
discover alternative procedures which are more suita¬ 
ble to his particular needs, but in general the methods 

of using the charts will probably be similar to those 
indicated below, which the author has found most 
convenient. After the general outline, an illustrative 
example is included. The use of the charts in deter¬ 
mining the airplane characteristics (parameters), when 
the performance is known or specified, is also shown. 
This reversed solution of the charts is of considerable 
interest. Examples of this process are given. Finally, 
a problem on the change in performance caused by 
changes in the parameters of the airplane is worked out. 

GENERAL OUTLINE OF THE DETERMINATION OF THE PERFORM¬ 

ANCE OF ANY AIRPLANE EQUIPPED WITH A MODERN UNSUPER¬ 

CHARGED ENGINE AND A FIXED-PITCH METAL PROPELLER 

The following data must be specified: 
W —Weight (lb.). 
S —Total wing area (sq. ft.). (Wing areas 

include portion cut out by fuselage.) 
Airfoil section. 
51 —Area of the longer wing (sq. ft.). 
52 —Area of the shorter wing (sq. ft.). 
bi —Span of longer wing (ft.). 
b2 —Span of shorter wing (ft.) 
G —Gap (ft.). 
b. hpm —Brake horsepower at Kmax. (Rated b. hp.). 
r. p. mm—Revolutions per minute at Vm of propeller. 
/ —Equivalent parasite area (sq. ft.). 

The equivalent parasite area j is found either by 
estimating the total parasite drag coefficient or by 
summing up the drag coefficients of the various parts 
of the airplane. 

(1) Estimation.—For performance estimation / 
S 

hence/, may be estimated from Figure 25 by careful 
reference to the corresponding type of airplane, proper 
allowance being made for irregularities of each par¬ 
ticular design. For a normal airplane the estimation 
can generally be made to within 20 per cent of the cor¬ 
rect value, which leads to an accuracy of within 7, 2, 
and 4 per cent in the calculated Vm, C0, and H, 
respectively. 

(2) Summation.—The equivalent parasite area of 
the airplane is found by summing up the individual 
equivalent parasite areas of the various component 
parts including the wing profile drag. For conserva¬ 
tive design, an allowance for interference drag should 
be made. This allowance is generally made by mul¬ 
tiplying the result of the summation by a factor I 
varying from 1.00 to 1.30 depending upon the type of 
airplane. A table of suggested values is given here. 

TABLE IV 

I 

Type airplane 

Interference factor I 

From— To- 

Flying wing-- - 1.00 1.10 
Cantilever monoplane_ - 1.00 1.15 

i Semicantilever monoplane-- 1.0.5 1.20 
Single bav biplane-- 1.05 1.25 
Multiple bay biplane.. 1.10 1.30 

Data are found in references 5 and ] 1 
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The following constants and parameters of the 
airplane are then determined: 

e — Airplane efficiency factor. (Table III, Sec. 
IV.) 

k — Munk’s span factor (k = 1 for monoplane). 
Charts for the rapid solution of k are given in 

reference 5, chapter 2. 

IF 
K j 

4= 
w 

e{kbi)2 
CSm— Coefficient Cs at Vm. Figure 26. 
t]m — Propulsive efficiency at Vm. 

These values are found thus: Assume a I 

Find CSm from Figure 26. 
Find t]m from Figure 27, 

Section IV. 
IF 

Calculate 4 = trr: 
b.hpm Vm 

4 

and suggestions in 

From -y- find I7max 
it 

from Figure 29. 

If this Vm does not check the Vm originally 
assumed, make a judicious choice of a new 
Vm, and repeat the process until a check is 
obtained. This is a rapidly converging 

process. 

D — Propeller diameter l is found from CSm in 

Figure 13, whence D from equation (4.2), Sec. 

IV). 
IF 

4 b.hpm 7]m 

Is It* 
A-^Cfig. 28-)* i p 

/ id 
IF 

Cw (Table VI, Sec. VII.) 

MAJOR PERFORMANCE CHARACTERISTICS FROM CHARTS 

All major performance characteristics are now ob¬ 

tained by the use of the charts, from the parameters 
l9, Is, It, V lw, and <7W. Interpolation for the 
proper value of CSm is made in the case of the BEST 
PERFORMANCE PROPELLER. No interpolation 

is necessary for the PEAK EFFICIENCY PRO¬ 
PELLER. Performance is obtained as indicated 

below: 

Landing speed.—From lw, Cxmax in Figure 40. 

I 
Maximum velocity at sea level.—From ^ in Figure 

it 

29, or find yf from A in Figure 30. Whence Vm. (If 

tip speed is greater than 1,020 ft./sec. apply correction 

factor to It iny>ry^» and A here. (Reference 8.) Do 
it i$it 

not apply in obtaining other performance.) 

Maximum velocity at altitude.—Find B„m at various 

altitudes from A in Figure 31. Then Vmh = BtVm. o ii* ti u m m 

Speed for maximum rate of climb at any altitude.— 
Find Bpc at various altitudes from A in Figure 32. 

Then VC = B9CV„. 
Speed at absolute ceiling.—Find Bvff from A in 

Figure 31. 
Then VH = BBHVm. 
Maximum rate of climb at any altitude.—Find ltCh at 

various altitudes from A in Figure 33. Whence Ch. 
Absolute ceiling.—From A in Figure 34. 
Service ceiling.—From A and proper interpolation for 

11 in Figure 34. 

Time to climb to any altitude.—Find 7 at various alti- 
it 

tudes from A in Figure 35. Whence T. 
L 

Special performance problems such as maximum jj 

speed for minimum power, and thrust horsepower re¬ 
quired at any speed and altitude are found as described 
in Section VII. 

EXAMPLE: The processes described for finding 
e, k, rjm, CSjn, and D are either quite well known or 
direct; so these will be assumed given for brevity. 
Given: 

IF = 5,000 lb. e = 0.85 
for a single 
bay biplane. 

N^OO sq. ft. Ar = 1.13 
b.hpm = 500 CSrn = 1.40 

/=19.2 sq.ft. T7TO = 0.83 
&!=43 ft. 

Clark Y airfoil section. 
Then 

4 = 260, 4 = 2.49, 4=12.05, A = 10.8, 4 = 12.5 
G =1.27 max 

= 21.6, Zs4 = 30.0. 
it 

Propeller is set for Best Performance. Interpolating 
for the proper value of CSm on the charts, we get by the 
method described above: 

Standard 
altitude 

Level flight Climb 

Vm R.m Vm* v„ ltCh ch T 
it 

T 

0 
£,000 

10,000 
15,000 
20,000 

142.0 
0.972 
.933 
.872 
.696 

138.0. 
132.5 
124.0 
99.0 

0. 578 
.590 
.603 
.620 
.645 

82.1 
83.8 
85.6 
88.0 
91.6 

14,070 
10, 280 
6,850 
3, 500 

300 

1,168 
853 
568 
290 

25 

0 
.42 

1.02 
2.05 

0 
5.1 

12.3 
24.7 

Serv. ceil. 
18,500 

Abs. ceil. 
20,400 

1 _ | 
0.647 91.8 

Landing speed =>62.0 m. p. h. 



GENERAL FORMULAS AND CHARTS FOR THE CALCULATION OF AIRPLANE PERFORMANCE 187 

DETERMINATION OF THE PARAMETERS OF THE AIRPLANE WHEN 
THE PERFORMANCE IS KNOWN 

When the three major performance characteristics 
of the airplane, maximum velocity at sea level, maxi¬ 
mum rate of climb at sea level, and absolute ceiling, 
are known, the three fundamental parameters of the 
airplane, lP, ls, and lt, may readily be determined. 
This determination gives a method of finding rjm, e, and 
/ from flight test data. The method given below was 
used in finding the values of e irom Army flight test 
data for approximately 50 airplanes. The summary 
of the results is to be found in Table, III, Section IV. 

Having given the flight test data for— 
77— Absolute ceiling 
C0 — Maximum rate of climb at sea level 
Vm — Maximum velocity at sea level 

and having given 

IT, kb]} b. hpTO, r. p. mm 

the parameters of the airplane are found in the follow¬ 

ing manner: 
From b. hpm, r. p. mm, and Vm determine CSm 

from Figure 26. 
Interpolation for the proper value of CSjn is then 

made throughout the following development. 
From Figure 34 obtain A. 
From A in Figure 33 obtain ltCh. Whence lt. 

V 
From A in Figure 30 obtain j-j- Whence ls. 

From A, ls, and lt, obtain lv from Figure 28, or 

better, from Vm and Figure 29 obtain y- 

Whence lv. 
The values of the parameters lv, ls, and lt actually 

developed in flight test are thus known. From the 
definitions of these parameters/, e, and r]m fire imme¬ 
diately found. From equations (5.1), (5.2), and (5.3), 

IT 

e_0 (**02 
(6.1) 

W 
1, 
w 

b.hpm L* 

(6.2) 

(6.3) 

This process is very rapid, and gives much valuable 

information. 
EXAMPLE: Let us suppose that the airplane for 

which performance was calculated in the preceding 
example has been flight tested with the following 

results: 

Vm= 140.0 m. p. h. 

C0 = 1,100 ft./min. 
77 = 21,000 ft. 

IT =5,000 lb. 
b.hpm = 500 (76i)2 = 2,360 

r.p.mm = 1,500 (Am = 1.38 

From Figure 33, ltC0 = 14,250; lt = 12.95; from 
equation (6.3) 77 m = 0.77. 

From Figure 30, j^ = 4.98; Z, = 2.18; from equa¬ 

tion (6.1) e = 0.97. 

From Figure 29, |p = 20.7; Ip = 268; from equation 

(6.2)/= 18.7. 

EXAMPLE: Let us now suppose that a performance 
specification has been given, and wn are designing to 

meet it. 
Specifications: 

Vm = 140 m. p. h. 
O0 = 1,100 ft./min. 
77=21,000 ft. 

Assumed from type airplane: 
e = 0. 85 ' 

Jfc = l. 13 

0,„ = 1.40 
T7OT = 0. 83 

Exactly as in the preceding problem, A, l,, ls, and lp 
are found, 

A = 10.2 
lt= 12.95; from equation (6.3) b.hpm = 0. 0930 IT 
ls= 2.18; from equation (6.1) b* = 0. 423 IT 
Zp = 268; from equation (6.2) /=0. 00374 IT 
The characteristics are now determined by an estima¬ 

tion of the weight. If the design characteristics can not 
be obtained with the estimated woight, the latter must 
be reestimated until the dimensions and weight are 
compatible. If the final weight is 

IT= 5,000 lb. then, b.lipm = 465 
6xa = 2,110 &! = 46.0 ft. 
/ = 18.7 sq. ft. 

DETERMINATION OF THE VARIATION OF PERFORMANCE OF THE 
AIRPLANE DUE TO A CHANGE IN ITS PARAMETERS 

For airplanes equipped with modern unsupercharged 
engines and fixed-pitch metal propellers the variations 
of performance characteristics are readily determined 
from Figure 37. The chart is based upon equations 
that have been developed in Sections III and V. 

The chart shows the percentage variation in the 
major performance characteristics due to a 1 per cent 
increase in each of the fundamental parameters: 

t.hpm b.hptn.TJflj 
be = e^(kbi) 

f 
IT 

The rates of variation are functions of the major 
parameter A, hence A must be known. For reasonably 
small changes in a parameter the change in perform¬ 
ance is given by merely multiplying the variation due 
to 1 per cent by the percentage change in the param¬ 
eter. In general, for changes larger than 10 per cent 
the average rate of variation should be used, since A, From Figure 34, A = 10.2 
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and hence the rate, varies considerably. The average ! 
percentage change in parameter should also be used. 

EXAMPLE: Consider the preceding problem of 
design to meet specification: 
Specification: 

Vm= 140.0 

<7* = 1100 
77=21,000 

Required characteristics: 

W= 5,000 
b.hpm = 465 

/=18.6 
&! = 46.0 

As before, A = 10.2. 
From Figure 37: 

Parameter 
varied 

Percentage variation of performance due to 1 per 
cent increase in parameter 

Co H 7moo Uoooo 

t.IlPm 0.365 1.30 0. 65 -1.40 -1.55 
bt .045 .50 .95 -.55 -.85 
f -.340 -. 10 -. 15 . 10 . 15 
IP -.045 -1.50 -.95 1.55 1.85 

Suppose that after the airplane were in the assembly 
line it became evident that it would be 250 pounds 
overweight, but a change in engine were possible at 2 
pounds per horsepower. What brake horsepower is 
necessary to meet minimum over-all specification? 
From the table it is seen that the relative effect of a 
change in weight to a change in horsepower is the 
greatest in the case of absolute ceiling; so this will be 
the criterion. 

100 0.65 
Ab.hpE 

465 
+ (-0.95) 

Ab.hpD 
5000 

*2) 

250 
+ 100( —0.95)5~ = ° 

(0.140 — 0.038) Ab.hpm = 4.75 
Ab.hpm = +46.5 (10.0 per cent change) 

W= 250 + 2(46.5) = + 343 (6.S6 per cent change) 

Residting characteristics: 

W = 5343 
b.hpm = 512 

bi =46.0 
/= 18.6 

Resulting performance: 

77=21,000 

C0= 1100 +1100(1.30X0.10 -1.50X0.0686) = 1100 + 
30 = 1130 

Vm = 140.0 + 140.0(0.365 X 0.10 - 0.045 X 0.0686) = 
140.0 + 4.7 = 144.7 

per cent error in the estimated parasite area would 
result in errors of 3.40, 1.0, and 1.5 per cent in Vm, 
C0, and 77, respectively. A 10 per cent change in any 
of the parameters, bc, t.hpm, and W, would cause at 
least a 10 per cent change in one characteristic of 
performance. 

THE ENGINEERING SIGNIFICANCE OF PARAMETER A 

The parameter A may well be called the major (or 
characteristic) parameter of airplane performance, 
for A appears as the abcissa of all performance charts 
developed in this report, and occurs insistently in the 
algebraic formulas. For the modern unsupercharged 
engine for which the charts are developed, it may be 
seen by reference to Figures 33 and 34 that for a value 
of A of about 70, the absolute ceiling of the airplane 
considered is at sea level. For values of A greater 
than 70, the machine under consideration can hardly 
be called an airplane, for it would have an absolute 
ceiling below sea level. Parameter A is thus seen to 
be a critical parameter, peculiarly characteristic of an 
airplane, setting the critical limit at which a machine 
may be classed as an airplane. The absolute ceiling 
of an airplane is a function of A alone. The speed 
ratios for maximum speed at altitude, for the best 
climb, lor absolute ceiling, and lt times maximum rate 
of climb, time to climb divided by lt, and maximum 
velocity divided by lslt are each functions of A. It is 
on the basis furnished by A that the formulas and 
charts have been developed. 

The parameter A is a function of the primary pa¬ 
rameters of the airplane, for 

UP w2f* =_w2/^ 
lpx t. hpm^6«2 b.hpm*b7W!*%(&&)2' 

(6.4) 

All symbols have been defined in Section V and in the 
Summary of Notation. 

Parameter A may be shown to be a combination of 
several familiar parameters by the proper grouping of 
the terms in equation (6.4). As a physical conception 
of A is more easily attained by such a grouping, the 
following forms are given: 

IJs 
Vm (approx.). (6.5) 

It will be noted that the first term in the group is the 
thrust horsepower loading, the second is the effective 
span loading, and the third term is approximately in¬ 
versely proportional to the maximum velocity at sea 
level by equation (5.8). In still another form, 

/ w w w w / Y 
1 Vbhpm/ \e(kb)2) \e(kb)zJ 

oc 

(-T \77/max 
(6.6) 

It is notable and fortunate that the equivalent par- The terms here are the thrust horsepower loading to 
asite area / has the least over-all effect on airplane j the four-thirds power, the effective span loading to the 
performance. For the airplane just considered a 10 two-thirds power, and the equivalent parasite area per 
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unit of effective span squared to the one-third power. 
The last term is inversely proportional to the two- 
thirds power of the maximum lift/drag ratio by equa¬ 

tion (7.7). 
All airplanes of similar type have values of A in the 

same range, the ranges for modern airplanes being 
approximately: 

TABLE V 

Type airplane 
1 
| A from— To- 

Pursuit_ . 4 11 
Observation_ . . 7 14 
Training- - . 10 19 
Bombardment. _ _ - 10 20 
Heavy flying boats.-- _i 15 

1 
30 

Commercial types lie in then- respective places. 

VII. SPECIAL PERFORMANCE PROBLEMS 

The cases considered in this section are mainly 
problems dealing with the thrust horsepower required 
equation, i. e., the equation for sinking speed ws. 
The general results are quite well known, but are here 
discussed in the light of the preceding analysis, and 
employing the parameters of this report. The results 
are presented in convenient chart form. Where data 
are needed only full-scale data are presented. The 
parameters ls, lp, and lt are defined here as in Section 
V, equations (5.1), (5.2), and (5.3). 

LANDING SPEED 

The problem of landing speed of airplanes is one 
concerning a great number of variables, most of which 
can not be included in a theoretical analysis. Some 
factors which might be mentioned are: Piloting, con¬ 
trol of airplane at low speeds, wing form, rigging, 
ground effect, interference between wings, body 
struts, and so on ad injinitum. It is believed that the 
best method of taking these effects into general con¬ 
sideration is to calculate the maximum lift coefficient 
from reliable full-scale flight tests, and to classify 
these results for any one airfoil as regards type of 
airplane: Biplane, high wing monoplane, low wing 
monoplane, etc. The results of the investigation of 
a number of airplanes are given in the Table YI. 

(References 12 and 13.) 
The landing speed is determined by use of the 

?quation, 

Y,= 
2 W 

V pSGL 
29.0 V L 

aCr 

V„ = 19.78 /_i 
\*0, (m. p. h.) 

(ft./sec.) (7.1) 

(7.2) 
'max 

where, 
Vs — landing speed 

Ci — maximum lift coefficient 
^max 

S— wing area (sq. ft.) including portion cut out 

by fuselage 
iw — wing loading = W/S. 

A chart giving Vs at sea level as a function of lw and 
Czmax is plotted in Figure 40. The use of maximum lift 
coefficient values from the Table VI for the solution 
of Vs should produce satisfactory results. Only airfoil 
sections for which flight test data are available are 
included in the Table. The chart may obviously be 
used with any data, but only flight test data reduced 
by the chart or equation (7.2) or full-scale Reynolds 

Number wind tunnel data may be expected to give 
satisfactory results. 

TABLE VI.—MAXIMUM LIFT COEFFICIENTS FOR 
SEVERAL AIRPLANES 

Flight test maximum lift coefficient 

Airfoil section Monoplane Biplane 

N High 
wing N Low 

wing N Single 
bay 

,, Multi¬ 
ple bay 

1 
Aeromarine 2 A.. _ 1 1.17 
Albatross. _ . — 3 1. 15 
Boeine 103 _ _ _._ 3 1. 34 
Clark Y... 2 1.37 1 1.4 25 1. 27 
Curtiss C-62 .. 1 1.11 
Curtiss C-72.. . 2 1.4 
Eiflcl 36-.. 

..... 
1. 18 

Fokker._ _ .. t 1.36 
Ford-Stout___ 4 1.39 

_ 

Gottingen 387.. 2 1.39 
Gottingen 398_ ... . 7 1.34 3 1.3 
Gottingen 436— . 1.27 
G. S. No. 1 (Sikorsky) 
Loening 2A_ 

1 1.47 
_ 

..L 
1. 2 

Loening 10 A__ 1 1.03 2 1.08 
R. A. F.15_ 9 1.07 1 1.09 
T. M.—22_ 1 1.11 
U. S. A. 5_ 

..... 
1.26 

U. S. A. 27_ 2 1.3 
U. S. A. 35 B_ 1 1.37 
U. S. A. 45_ 

' 
6 1. 10 

| 

N= number of airplanes averaged. 

MAXIMUM LIFT/DBAG BATIO; SPEED FOB MAXIMUM LIFT/DBAG 
IIATIO 

From equation (2.5) we get, 

D _ws 
W V (7.3) 

Substituting for ws in equation (7.3) from equation 
(2.12), using engineering units, and noting that in 

horizontal flight W=L, 

^ = 0. 002558 fV2+ 124. 4^* (Yin m. p. h.). (7.4) 

The speed at which maximum lift/drag ratio occurs is 

obtained by differentiating ^ with respect to velocity 

and equating to zero. 

<1 /D\ n --- ” Tr ~ (7.5) 
d V\L 

Whence, 

0.005116 V— 248.8 

(11 
VLD = 14.85 —Tjp- (m.p.h. .)• (7.6) 

Equation (7.6) is the expression for the velocity at 

which maximum ^ occurs. Substituting equation 

(7.6) into equation (7.4), inverting, and solving for jj 

which is now the maximum value for the ratio, we get 
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a 
= 0.886 & (7.7) 

Charts have been plotted for equations (7.7) and 

(7.6) which give and velocity at (jC) explic- 

itly in terms of lp and ls. These charts are found in 
Figures 41 and 42, respectively. 

The value of ( ^ is of particular interest in deter- 
V^'/max 

mining the general “cleanness of design” of an air¬ 
plane, the minimum gliding angle, and the maximum 
range. The airplane will necessarily fly at approxi¬ 

mately the speed for maximum ^ where maximum 

range is desired. Knowing (and the speed for 
/ max 

maximum jj, the thrust horsepower required is readily 

determined. 
Dividing lslt by VTjD from equation (7.6) we obtain, 

u j!1 =0.0673 (A)^ 
V LD 

(7.8) 

i^-may thus be expressed as a function of A. This 
>LD 

l l 
expression is analogous to that for TV -, hence the ratio 

* m 
between VLD and Vm is a function of A. This speed 

ratio for maximum has been plotted against A' 

(the physical parameter, A =158.9 A') in Section II, 
Figure 4. 

SPEED FOR MINIMUM POWER 

dws 
The condition for minimum power is = 0. 

Differentiating equation (2.12) with respect to V, 
equating to zero, and using engineering units we have, 

™ =0.011253 j- V2—182.5-T72 =0. (7.9) 
(IV Lp cr V 2 

Whence, 

VMP= 11.28 (m. p. h.). (7.10) 

Equation (7.10) is the expression for speed for minimum 
thrust horsepower required, assuming equation (2.12) 
for ws to be valid at this speed. This assumption is 
seldom justified, since it has been found from an investi¬ 
gation of more than 50 airplanes that in most cases 
the speed determined from equation (7.10) is lower 
than the stalling speed by several per cent. In these 
cases the speed for minimum power is primarily a 
function of the stalling speed, since the rapid increase 
of drag at stalling speed has here caused the slope of 
the ws curve to become zero. 

From an investigation of Army flight test data and 
flight test polars (Figs. 24 a and 24 b) it has been 
found that the speed for minimum power generally 
occurs within 5 per cent of a value of 1.08 times the 
stalling speed. It is concluded therefore that the fol¬ 
lowing method is to be used in determining VMP (speed 
for minimum power): 
Find 

VMP by equation (7.10), if Fjt/p=1.08Fs (7.11) 
or 

T/Afp = 1.08 Vs, if VMP (equation (7.10))<1.08Ty. 

A chart is included for finding VMP by equation 
(7.10). By comparison of equations (7.10) and (7.6) 
it is readily seen that 

Vmp~0./60 Tld. (7.12) 

Speed for minimum power according to equation (7.10) 
is found from an additional scale on Figure 42. - 

Dividing lslt by VMP equation (7.10) gives,* 

ff^= 0.0886 (A)**. (7.13) 
V MP 

Is 11 
as a function of A and hence the We have then T7 

v MP 

ratio Jl'p is a function of A. This speed ratio for 
r m 

minimum power has been plotted against the physical 
parameter A' in Figure 4, Section II. 

THRUST HORSEPOWER REQUIRED AT ANY SPEED AND ANY 
ALTITUDE 

The two terms of equation (2.12) have been sep¬ 
arated and the sinking speed due to each term plotted 
as indicated below. 
Writing: 

ws = wSp + wSt ft./sec. (7.14) 
where, 

wSp — sinking speed due to parasite loading 
wSj sinking speed due to effective span loading 

equation (2.12) gives, upon transformation to engi¬ 
neering units, 

wSp = 0.003751 %- V3 ft./sec. (T7 in m. p. h.) (7.15) 
ip 

and, 

w8, = 182.5 ~ ^-ft./sec. (T7inm.p. h.) (7.16) 

Equations (7.15) and (7.16) have been plotted in Fig¬ 
ures 43 and 44, respectively, from which wBp and w,t 
may be found explicitly in terms of ls, lp, and Vfor any 
altitude. 

Thrust horsepower required at any velocity, and the 
thrust horsepower required curve for any airplane at 
any altitude are now readily determined by the use of 
these charts, and the relation, 

W 
t, hp, = («!,„+ W-.,)ggjj- (7.17) 
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The thrust horsepower required at cruising speed at 
any altitude is easily determined. To a first and good 
approximation the propulsive efficiency in throttled 
level flight at speeds near the maximum velocity may 
be taken equal to the propulsive efficiency at maxi¬ 
mum velocity. The brake horsepower required is 
thus determined. 

VIII. CONCLUSION 

General algebraic performance formulas have been 
developed which are based on the induced drag view¬ 
point of performance. By the incorporation of data 
applying to any general type of propulsive unit, 
formulas and charts may be obtained which apply to 
all airplanes equipped with the same type of propulsive 
unit. Consequent^ supercharged engine data and 
variable-pitch propeller data may be incorporated 
when satisfactory data are available. 

Formulas and charts have been developed which 
may be used to determine the performance character¬ 
istics of all airplanes equipped with modern unsuper¬ 
charged engines and fixed-pitch metal propellers. The 
use of these charts is very rapid, and they produce 
results of good accuracy, generally within 5 per cent 

of flight test data. 
These same charts may be used to reduce flight test 

data and obtain the actual airplane parameters. 
The equations, and hence the charts developed, are 

expressed in terms of the three engineering parameters 
of the airplane: lP, the parasite loading; ls, the effective 
span loading; and lt, the thrust horsepower loading. 

A new parameter of fundamental importance A= 1 ^ 
l p 

is revealed by the formulas, and is used as the abcissa 
of the performance charts. A may be called the major 
(or characteristic) parameter of airplane performance. 

The dependence of performance upon each parameter 
is readily seen from the charts developed. The effect 
of varying any characteristic of the airplane is imme¬ 

diately determined. 
The propeller set to give best maximum velocity at 

sea level produces also the best maximum rate of 
climb. This is called the “BEST PERFORMANCE 

PROPELLER.” 
The variation of parasite drag with angle of attack, 

and the increase in induced drag over the minimum 
case of a wing with elliptical lift distribution may well 
be included in a correction proportional to CL2, which 
introduces e, the “airplane efficiency factor.” 

Daniel Guggenheim Graduate School of Aero¬ 

nautics, 

California Institute of Technology, 

Pasadena, Calif., April 27, 1981. 
\ 

SUMMARY OF NOTATION 

ENGINEERING 

Subscript m denotes at design maximum velocity (sea 
level). 

Subscript h denotes at altitude. 
Subscript o denotes at sea level. 

miles per hour in performance 
V — velocity charts. 

feet per second in propeller charts. 

Vs — landing speed. 
CMP — velocit}r for minimum power required 

(m. p h.). 
vLD — velocity for maximum lift/drag ratio 

(m. p h.). 
vm — design maximum velocity at sea level 

(m. p h.). 
maximum velocity at altitude 
maximum velocity at sea level 

R: velocity for maximum rate of climb 
maximum velocity at sea level 

II tH velocity at absolute ceiling 

C 
H 
Hs 

T 

L) DA 
W 

W ss 

— maximum rate of climb (ft. per min.). 
— absolute ceiling (feet). 
— service ceiling (feet). 
— minimum time required to climb to altitude 

(minutes). 
A 

— maximum lift/drag ratio. 

— sinking speed due to effective parasite drag 

(ft. per second). 
— sinking speed due to effective induced drag 

(ft. per second). 

b. hp —brake horsepower, 
t. hpa —thrust horsepower available, 
t. hpr —thrust horsepower required, 
r. p. m. —revolutions per minute. 

— revolutions per second. 
— propulsive efficiency. 

0.638 E(m.p.h.) 
~ b.hp^ r.p.m.?i 
— lift coefficient. 
— maximum lift coefficient (at landing speed). 

— drag coefficient. 

N 
v 

CSo 

cL 
CLjt 
cD 
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Cd —effective parasite drag coefficient. 

CDu —effective induced drag coefficient. 

W —weight (pounds). 
f —equivalent parasite area (sq. ft.); by defining 

equation, /= CDpeS 
e —airplane efficiency factor (Sec. IV). 
k — Munk's span factor. 
bi —largest individual span of wing cellule. 
be ~e^ (kb^ = effective span. 
S —wing area including portion cut out by fuse¬ 

lage (sq. ft.). 

W 
lu> = ~g~wing loading (lb./sq. ft.) 

W 
lp= j —parasite loading (lb./sq. ft.) 

W 
ls = ^~2~effective span loading (lb./sq. ft.) 

A = 

W 
t.hp 

I It* "gO l 

l M Op 

— thrust horsepower loading (lb./hp.) 
m 

— major performance parameter 

PHYSICAL 

V0 — ideal minimum velocity 
A — horsepower conversion factor (550 in American 

system, 75 in metric system) 
p0 = 0.002378 (lb., ft., sec. system) --= mass density of 

standard air at sea level. 
2 

\p — — lp = 841.0 lP (ft., lb., sec. system) 
P 0 

2 
\s= ls = 267.7 ls (ft., lb., sec. system) 

7T p0 

Xt = ^/( = 0.001818 lt (ft., lb., sec. system) 

A' = =0.006293 A (ft., lb., sec. system) 
\ p/' 
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Figure 25.—Parasite coefficient as a function of wing loading for contemporary airplanes. Data from flight test. 

/. Open cockpit fuselage, 400 hp D-!2. \N.C. engine. 
Smooth/y faired nose, no radiator. 

2. Complete V.E.-7airplane with wings. Open 
cockpit fuselage, 180 hp W.C. engine. Alose 
radi ator. 

3. Open cockpit fusel age, 200 hp A.C. engine. 
Medium cowling. 

4. Cabin fuselage, monoplane wing, 200 hpJ~5 
A.C. engine. No cowling. 

5. Cabin fuselage,no wing, 200 hp J-5 A.C. engine. 
Good cowling. 

6. Cabin fusel age, no wing, 200 hp J~5 A.C. engine. 
N.A.C.A. cowling. 

(See remarks in Section HZ' on the cno/ce of a 
propulsive efficiency for computing perform¬ 
ance.) 

Figure 27-Propulsive efficiency at Vmar as a function of C,n for various aircraft engines and bodies. Nine-foot metal propeller. Navy No. 4412. Data from 

National Advisory Committee forAeronautics. Technical Report 350 
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A 
0 5 /0 /5 20 25 30 

Figure 36—Combination chart giving ^-"f U C0, and //as functions of A 
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Figure 38.—Variation of U Ck with altitude for various values of A 

„ „ ^ velocity at absolute ceiling 
Figure 39.-R,g as a function of absolute ceiling. “maximum velocity at sea level 
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REPORT No. 409 

THE ELIMINATION OF FIRE HAZARD DUE TO BACK FIRES 

By Theodore Theodorsen and Ira M. Freeman 

SUMMARY 

A critical study was made of the operation of a type of 
hack-fire arrestor used to reduce the fire hazard in aircraft 

engines. 
Aflame arrestor consisting of a pack or plug of alternate 

flat and corrugated plates of thin metal was installed in 
the intake pipe of a gasoline engine; an auxiliary spark 
plug inserted in the intake manifold permitted the pro¬ 
duction of artificial backfires at will. 

It was found possible to design a plug which prevented 
all back fires from reaching the carburetor. 

Analysis of the heat-transfer phenomena in the arrestor 
shows that (a) the length-diameter ratio of the individual 
passages is of first importance in determining the effective¬ 
ness of the device, (b) that the plug need not be heavy, and 
(c) that the thermal conductivity of the material of which 
it is made is only of secondary influence. 

Measurements of the pressure drop across the adopted 
model show that the increase of engine-pumping loss 
caused by the presence of the arrestor is quite negligible; 
the reduction in volumetric efficiency amounts to a few 
per cent. 

INTRODUCTION 

The reduction of fire hazard in aircraft is one of the 
most important problems in aeronautics to-day. As 
long as the carburetor engine, employing highly 
inflammable fuels, continues to be the source of power 
for aircraft, considerable risk of fire with possible 
attendant destruction of property and loss of life will 
exist. Indeed, the fire danger is held to be one of the 
chief obstacles confronting the development of avia¬ 
tion. (Reference 1.) 

One of the most frequent causes of fire in aircraft is 
back-firing from the engine through the intake system. 
This back-firing may occur while the airplane is in 
flight or as a result of a crash. The chief causes of 
back fires during flight are (a) intake-valve failure— 
the valve breaks or fails to seat properly, and (b) 
change of quality of the fuel mixture—this may result 
from a defect of the carburetor or from a sudden change 
of engine speed caused by mechanical failure or other 
mishaps. (Reference 2.) Brunat (reference 3), basing 

his statement on a study of French aeronautical acci¬ 
dent statistics, points out that 28 per cent of the fires 
occurring in flight are definitely attributable to back¬ 
firing to the carburetor. 

It is probable, too, that many of the fires resulting 
from crashes are started by flames emerging from the 
carburetor air intake, the back-firing being the result 
of the sudden stopping of the engine. In a violent 
crash the fuel tanks are likely to burst, throwing their 
contents over the engine compartment. 

There is much reason to believe that the two prin¬ 
cipal sources of aircraft fires are (a) flames from the 
carburetor, and (b) the hot gases or metal parts of the 
exhaust system. Any device, then, which succeeds in 
eliminating the carburetor flame will accomplish much 
toward solving the general problem of the reduction of 
fire hazard in aircraft. 

Several methods for preventing or confining intake 
back fires have been proposed. One scheme involves 
the production of an over-rich mixture at the carburetor 
with the admission of enough air at a point farther 
along the intake pipe to give a normal mixture. If 
a flame were to strike back from the intake valve, it 
would meet the rich mixture, which would burn slowly. 
Another suggestion embodies a nonreturn valve in 
the intake pipe. Neither of these methods have been 
found to be practicable. (Reference 4.) 

A third method employs multiple wire gauze sheets 
in the carburetor air intake. The action of these 
screens, based on the principle of the Davy safety 
lamp, is to remove heat from the flame striking from 
within the carburetor. A flame originating in the 
intake manifold is thus restricted to the intake sys¬ 
tem. Tests of such devices installed on marine en¬ 
gines (reference 5) have demonstrated the possibility 
of confining all but a very small percentage of back 

fires by this means. 
The work described in this report is an investigation 

of the feasibility of arresting the flame in the intake 
pipe before it reaches the carburetor. It must be 
borne in mind that the above-mentioned arrestor on 
the air inlet will not prevent the ignition of the fuel 

contained in the carburetor. 
211 
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EXPERIMENTAL METHOD AND RESULTS 

To study the performance of flame arrestors, a 
special intake pipe was constructed. (Fig. 1.) This 
pipe was a 10-inch section, 3 inches in diameter, 
fitted with a spark plug for firing the mixture in the 
manifold at will. The flame-arresting devices to be 
tested were mounted in the pipe between two sight 
holes. The spark-plug end of the pipe was connected 
to a single-cylinder test engine; the other end was con 
nected to the carburetor. A special timer mounted on 
the engine camshaft energized the spark plug during 
every alternate intake stroke. A thermocouple con¬ 
nected to an indicating pyrometer was inserted in the 
device to be tested. 

Tests on wire gauze.—Tests on the effect of gauze 
screens on the propagation of flames in pipes were 
conducted by the National Board of Fire Underwriters. 

Figure 1.—Experimental intake pipe 

(Reference 6.) It was found that flames propagated 
in combustible vapors could be stopped by double 
cone-shaped arrestors of 40-mesh wire gauze. For 
pipes under 4 inches in diameter flat screens were found 
adequate. 

A double-walled cone of 20-mesh iron-wire gauze, 
as well as a triple flat screen of the same material, was 
tried. In both cases the flame succeeded in passing 
the screens almost immediately, and a flame could be 
made to flash out from the air intake opening of the 
carburetor. 

A number of such tests led to the conclusion that a 
few layers of wire gauze would, in general, be inade¬ 
quate as intake manifold flame arrestors in engines. 
The reason is probably that, because of its very short 
path through the metal screen, the violent pulse of 
flame succeeds in driving through the screen before 
the wires are able to conduct away sufficient heat to 
bring the charge below' its ignition point. (Reference 
7.) The use of finer mesh screens, as in the under¬ 
writers’ tests, or the installation of a greater number of 

layers of gauze, would involve an increased flow7 loss 
in the intake system. 

The plate-type flame arrestor.—If the flat screens 
are replaced by thin plates extending parallel to the 
axis of the pipe, the cooling of the flame by contact 
with metal will be increased, because the path of 
travel of the flame in the arrestor will be lengthened. 
Moreover, the flow7 characteristics of this type of 
arrestor are to be preferred to those of screens, for the 
resistance of a channel of constant cross section must 
obviously be smaller than that of any other arrange¬ 
ment. Plate-type arrestors have been described 
(reference 8), but no test results either as to effective¬ 
ness in confining back fires or to influence on engine 
efficiency have been reported. 

Figure 2.—The plate-type flame arrestor 

Accordingly, a plate-type flame arrestor was con¬ 
structed. A plug of alternate corrugated and flat 
steel plates was built up in a metal sleeve. (Fig. 2.) 
A dimensioned section of this plug is shown in Figure 
3 (a). The weight of the device, when made of steel, 
is about 3.1 pounds (1.4 kg). This type of construc¬ 
tion is simple and insures passages of uniform section 

throughout. 
The plug was inserted into the special intake pipe 

described above and tested repeatedly at engine speeds 
varying from 750 r. p. m. to 1,800 r. p. m. The mix¬ 
ture between the arrestor and the intake valve could 
be made to explode at an average rate of about two to 
three times per second, and the explosions could be 
detected by a flame emerging from the sight hole 
located on the engine side of the plug. The back-firing 
was allowed to continue for 20 to 30 minutes. During 
the first 5 to 10 minutes the temperature of the plug, 
measured at the end nearer the carburetor, attained a 

i final equilibrium value of 200° F. (90° C.). Aflame 
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could under no circumstances be made to penetrate the 
plug. 

Tests with modified plate-type arrestors.—Before 

investigating the effect of this appliance on the per¬ 

formance of the engine to which it was attached two 

new plugs were constructed to determine to wliat extent 

the openings could be enlarged, or how much the axial 

length could be diminished, without reducing the 

effectiveness cf the device. The first made was of the 

same cross section as the 3-incli plug mentioned above 

(see fig. 3 (a)), but had a length along the axis of only 1 

inch. Back-fire tests were conducted as in the previ¬ 

ous case, with the following results: 

The flame succeeded in passing through the device 
after about 50 to 100 explosions, starting with the plug 

cold. The temperature of the plates, measured at the 

end nearer the carburetor, attained a value of about 350° 

F. (175° C.), when the charge on the carburetor side 

was exploded. This temperature at which the 1-inch 

flame arrestor became ineffective was rather critical, 

and could be reproduced to within about 40° F. 

■*< **-0.(45 
(a) (b) 

Figure 3.—Cross sections showing construction of flame arrestors 

After once firing through the plug, the flame would 

penetrate at the rate of about once for every 20 explo¬ 

sions on the engine side. 

The second modification had a depth of 3 inches, but 

was provided with openings of hydraulic radius about 

70 per cent greater than that of the previous models. 

(Fig. 3(b).) In the back-fire tests the flame penetrated 

the plug almost immediately. This model was there¬ 

fore abandoned. 

Effect of flame arrestor on engine performance.— 

In view of the successful operation of the original 3-inch 

plug, its direct effect on the engine performance was 

determined. It was evident that the plug must increase 

the pumping loss of the engine by virtue of its resist¬ 

ance to air flow in the intake pipe, in consequence of 

which there will be also a decrease in volumetric 

efficiency. It remains to determine whether these 

losses are of such magnitude as to make the installation 

of the flame arrestor objectionable. The plug should 

be designed to give a minimum air resistance so far as 

this can be attained without sacrificing its flame¬ 

quenching properties. 

The pressure drop aci’oss the plug was determined for 

a large range of velocities, using an experimental 

arrangement shown schematically in Figure 4. The 

arrestor was fitted into place in the long pipe, with 

water manometers connected near each end of the plug 

to measure the pressure drop across it, and a sharp- 

edged orifice w'as employed to measure the air flow. 

(Reference 9.) Air was drawn through the assembly 

by a vane-type supercharger connected to the other 

| end of the pipe. Results of the measurements are shown 

graphically in Figure 5. 

Calculations based on the fact that the pumping 

! loss occasioned by the presence of the plug is equal to 

that expended in forcing the air through the resistance 

I show that this loss is of the order of only one-tenth of 

1 per cent of the engine power. Fuel-consumption 

tests, run with and without the plug, showed no meas- 

ureable difference. 

When the test engine was operated with the plug 

installed, there was a decrease in brake horsepower 

amounting to about 5 per cent of the total power at 

the middle of the speed range of 1,000 to 1,800 r. p. m. 

As the specific fuel consumption did not change, the 

entire loss is to be ascribed to a decrease in volumetric 

efficiency. 

Figure 4.—Arrangement for determining the pressure drop across the flame 
arrestor 

It is to be remembered that a single-cylinder engine 

was used in these tests. A multicylinder engine would 

have smoother air flow, and the reduction in volu¬ 

metric efficiency would be considerably less. 

The test engine operated at about 35 horsepower; as 

the arrestors were about 3 inches in diameter, this 

corresponds to a cross section of about 0.2 square inch 

per brake horsepower. To reduce the power loss, a 

plug of greater cross section, inserted into an enlarge¬ 

ment of the intake pipe, may be used. 

Nature of the flow through the flame arrestor.—It 

remains to examine the nature of the air flow through 

the plug. The form of the experimental curve of 

Figure 5 suggests that the resistance increases with 

some power of the velocity slightly greater than one. 

Formulas for viscous fluid flow through tubes of arbi¬ 

trary cross section have not been developed, but a fair 

idea of the flow may be obtained by assuming each 

passage to be replaced by a circular tube of radius 

comparable to the hydraulic radius of the actual open- 

ng. In the present instance this radius was taken to 

be 0.0225 inch (0.572 mm). The Reynolds Number 

at the highest velocity measured is then about 1,000, 

which is below the critical value, and hence the flow 

through the channels may be expected to be laminar. 
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The other factor contributing to the resistance of 

the plug is the effect of the sudden reduction and 

enlargement of the free area at the entrance and exit 

of each passage. The actual flow condition is probably 

somewhat as shown in Figure 6; the rectangular shaded 

areas represent sections of the plates bounding a 

single channel. 

This end effect may be approximately calculated by 

semiempirical formulas. (Reference 10.) The effect 

of viscous drag is calculated by means of the Poiseuille 

formula. The two contributions are plotted in Figure 

5 and the total is given by the dotted line, which agrees 

well with the experimental curve. The fact that the 

experimental points lie on a curve which departs but 

Before turning to a detailed consideration of the 

heat-transfer phenomena in the plug, the change in 

temperature of the metal may be calculated approxi¬ 

mately by assuming that all the heat contained in the 

gases as a result of the explosions is delivered to the 

metal pack. The result indicates a temperature rise 

of the plug of the order of but 0.5° C. per explosion; 

that is, the plug possesses a heat capacity which is large 

compared with that of a charge of gas. 

The cooling of the gas by contact with the metal 
will now be considered. Represent by— 

a—heat transfer coefficient of the metal-gas bound¬ 
ary, in k-cal m-2 hr1 °C_1. 

Tw—temperature of the wall at any point, in °C. 
rI\—temperature of the gas before enter¬ 

ing the plug, in °C. 
T—temperature of the gas in °C. at a 

distance x cm from the point 
where it enters the passage. 

14—cross section area of one passage in 

m 
P 

o tO sc 30 50 60 40 
60 

cu. ft. per mm. 

70 80 90 too 

perimeter of the cross section of one 
passage in m. 

D—diameter of equivalent circular tube 
in m. 

velocity of explosive pulse in plug 
in m hr1. 

-specific heat of gas at constant 
pressure in k-cal kg-1 °C_1. 

X—mean thermal conductivity coeffi¬ 
cient of the gas in k-cal m-1 h_1 

°c-1. 

V 

a 

Figure 5.—Pressure drop across flame arrestor 
h, in H20=0.0510 v + 0.000173 r* 
(s=velocity in passages, ft./sec.) 

(In range covered by experimental points, hcc pi.2 approx.) 

slightly from the linear shows that the flow must be of 

a nonturbulent nature throughout the range investi¬ 

gated. The end effect is much smaller than the viscous 

resistance, so that the total resistance of any plug of 

moderate length is approximately proportional to 

its length. 
ANALYSIS 

Heat transfer in the flame arrestor.—A quantitative 

treatment of the flame-quenching action of a plug of 

the kind considered is a matter of some difficulty. 

Nevertheless, it is possible to obtain some knowledge 

of the principal factors by considering the heat trans¬ 

fer occurring in the pack. The hot gases (products of 

the explosion) are forced through the plug with great 

velocity, giving up heat to the metal as they pass 

through the channels. If these gases are sufficiently 

cooled before emerging from the plug, the mixture on 

the carburetor side will not be ignited. Starting with 

the plug cold, an equilibrium temperature is ultimately 

attained at which the rate of heat absorbed from the 

hot gases is equal to that removed by the passage of 

fresh charges of cold air from the carburetor. 

p—density of the gas in kg m-3. 

Consider a transverse section, thick¬ 

ness Ax, of the cylindrical passage. As 

the gas in this section moves down the tube it loses 

heat to the walls, and its temperature drops. Equ ating 

the heat absorbed by the walls to. that removed from 

the hot gas, 

aPAx(T- Tw)dt = -PAAxCpdT 
or 

,, pCpA d T 
aP ' T-Tw 

and the distance advanced in order to reduce the gas 

temperature by d T is 

dx=Vdt=-NV~3jr (1) 

where 
AT_ pOpA 
iv aP 

Nusselt (Hiitte, loc. cit. I. S. 402) has developed an 

expression for the heat transfer in metal tubes 

a: 0.0255 *(WVm (2) 

The use of this formula, which holds for turbulent 

flow, is justified here, since the probable high velocity 
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and the internal disturbances of the back-fire gases 

assure a condition of turbulence. 

Then, using (2), 

*7-9.80 D(Y^PJU (3) 

The velocity V of the hot gases through the plug 

must be expected to vary greatly throughout the dura¬ 

tion of one explosion. It is necessary to apply equa¬ 

tion (3) to the peak value of this velocity. The 

duration of each explosion is of no particular signifi¬ 

cance, because, as already noted, the temperature 

rise per explosion is negligible. The peak velocity 

is evidently a function of the combustion velocity 

of the mixture or rather of the volume of the mixture 

burning per unit of time. The pressure builds up 

until the volume discharged through the plug equals 

the volume-expansion due to the combustion. 

On the basis of an assumed rate of combustion and 

with the flow resistance of the plug known, the velocity 

through the plug may be estimated with some accuracy. 

Fortunately, however, a precise determination of this 

velocity is not of much concern. It will be noticed 

from equation (3) that the quantity NV, which de- 

Figurf, 6.—Flow with sudden change of cross section 

termines the rate of the temperature drop through the 

plug, depends very slightly on the velocity, the value 

of NV being proportional to I70-214. Thus, the velocity 

V may be changed by several hundred per cent without 

altering the temperature in the plug to any appreci¬ 

able extent. i 
The following calculations have been made using a 

set of arbitrarily chosen numerical values in order to 

gain some insight into the actual conditions. It is 

assumed that no combustion occurs after the gases 

enter the plug. This assumption is, of course, far j 

from being representative of actual conditions. The 

quantity jVTT is not given correctly by equation (3), 

but is in all probability considerabty greater because of 

combustion in the plug proper. It must consequently 

be borne in mind when employing equation (3) that the 

result is too favorable. 
Uniform wall temperature.—The rate at which 

the temperature of the gas decreases as it passes through 

the pack may be calculated from (1). It is, however, 

first necessary to assume a certain variation of Tw, 
the temperature of the wall at any point, with the 

distance x from the front of the pack. Consider first 

the case where the axial temperature gradient in the 

plug proper is zero. This condition implies the use of 

a material of infinite conductivity. Here Tw is con- 

149900—33-15 

stant, and the integration of (1) gives, after imposing 

the condition T= Tt when x = 0, 

T=Tw + (Ti-Tw)e-x/NV (4) 

Taking the initial gas temperature Tj—GOO0 C. and 

the equilibrium wall temperature T„,= 165° C., and 

using a value of NV=4. cm (4) becomes 

T= 165 +435<T°-25* (5) 

The result is shown graphically as curve a in Figure 7. 

The gas experiences a rapid decrease in temperature 

as it passes through the arrestor after traveling a 

distance of about 4.75 cm its temperature is reduced 

from 600° C. to 300° C. and the exit temperature 

(x = 7.5 cm) is about 230° C. 

For the coarser 3-inch plug, the value of NV turns 

out to be about 7.5 cm, and this gives, by equation 

(4), an exit gas temperature of about 325° C. This 

Figure 7.—Gas temperatures corresponding to various forms of temperature 
gradient in the wall 

value is considerably higher than that for the final 

3-inch model and may indicate why the pack with 

larger passages failed to operate properly. 

The measured value of the end temperature of the 

1-inch plug at equilibrium was about 175° C. (See p. 

213.) The exit gas temperature for the 1-inch plug may 

be taken from curve a at x = 2.5 cm. This value is 

about 400° C. In view of the performance of the 

1-inch pack, it may be inferred that the temperature 

at which the mixture in the intake system can be 

ignited is in the vicinity of 400° C., while the results 

with the final 3-inch model show that an exit gas 

temperature of about 250° C. is certainly quite safe. 

Returning now to the original 3-inch plug, the condi¬ 

tion of uniform wall temperature is realized only during 

the first few back fires, when the plug is at room temper¬ 

ature throughout. The cooling effect is then, of course, 

considerably greater than for the case Tw = 165° C. 

For comparison, the gas temperatures corresponding 

t0 T„ = 20° C. are given by curve b in Figure 7. 
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Wall temperature a fraction of gas temperature.— ! 

For a plug of finite conductivity, there will be in 
general a temperature gradient in the direction of the 
axis of the plug when equilibrium is attained; the 
magnitude of this gradient will depend on the con¬ 
ductivity of the pack material. A particularly simple 
assumption for the wall temperature Tw, and one which 
is likely to represent actual conditions satisfactorily, 
is that its value at any point is a given fraction of the 
excess of gas temperature over room temperature, 

i. e.— 
Tw = n (T-T0) where 1>ti>0. 

This value of Tw substituted in (1) gives, after integra¬ 
tion and reduction, 

(n+tAi T-) e~^x (6) 

or for the numerical values assumed here, 

(7) 

It is found that r = 0.44 gives a plug temperature of 
about 90® C. at the exit end, which is approximately 
the vafue measured in the present experiments. In 
Figure 7, curve c shows the gas temperature for this 
case. The plug temperature curve (n = 0.44) is also 
given. The average value of the plug temperature Ta 
is about 165° C. (330° F.); in fact the reason for 
choosing the value Tw = 165° C. in the first calculation 
above was to make the average temperatures the same 
in the two cases. 

Linear wall-temperature gradient.—Changing the 

value of n must alter the value of the average plug 
temperature. In order to investigate the effect of 
other values of the gradient while preserving—as a 
reasonable basis for comparison—the same value of 
the average temperature, another case is considered, 
in which linear gradients are assumed. This should 
also provide a good representation of actual conditions. 
Here we must take 

where h is half the axial length of the plug and m is the 
numerical value of the temperature gradient in Centi¬ 
grade degrees per centimeter. This value of Tw de¬ 
fined above, when used in (1) gives after integration 
and reduction 

X X 

T=Ta + (Tt-Ta) e~N^ + m[(NV+h) (l-e'^-x] (8) 

or, with the numerical values employed here, 

T= 165 +435e~0-25* +m[8(l -e~°-25x)~x] (9) 

Choosing a value m = 35 C.° cm-1 makes the tempera¬ 
ture of the cold end of the plug about 20° C.; hence 

this is the steepest gradient which may be assumed 
The corresponding gas temperatures are given by curve 
d of Figure 7. 

It is noted at once that the three gas temperature 
curves, corresponding to widely different plug tem¬ 
perature gradients—hence to different values of the 
conductivity—lie very close together. There results 
the rather interesting conclusion that when equilibrium 
has been attained, the conductivity oj the plate material 
is of slight importance in determining the rate of cooling 
of the gas. 

DISCUSSION 

The preceding considerations indicate the principal 
conditions which must be satisfied in order to insure 
the efficient and positive action of a flame arrestor of 
the type investigated. 

Of prime importance is the l/D ratio of the individual 
channels, which must exceed a certain minimum value 
in order that the gases be sufficiently cooled. The exit 
temperature of the gas as given, for example, by equa¬ 
tion (4)—using the value' of NV from (3)—may be 
written 

Tt=T„ + (T,-Tu,)e~l‘i 

which shows that jj should be large if a low value of Tet 

the exit gas temperature, is to be attained. An upper 
limit for this ratio is set by conditions of a practical 
nature, especially by the necessity of keeping the air 
resistance of the plug down to a permissible value, and 
also in order to avoid a plug of excessive size and 
weight. 

As shown by the calculation on page 214, the rise in 
temperature of the plug per explosion is very small. 
The only effect of the heat capacity of the arrestor is to 
determine the rate at which the equilibrium tempera¬ 

ture is approached. The use of a plug of large thermal 
capacity will therefore delay, but will not in itself 
prevent, back-firing. But the flame arrestor must be 
able to withstand an indefinite number of explosions, 
so that the magnitude of the thermal capacity of the 
plug is of no concern. 

The analysis shows that the thermal conductivity 
of the material of which the plug is made is also of little 
consequence in determining the effectiveness of the 
device. The plates should, of course, always be made 
of metal, in order to insure adequate heat transfer 
from the gas to the channel walls. Some of the cor¬ 
rosion-resisting steel alloys now available would be 
well adapted to this use. 

CONCLUSIONS 

It is concluded that a flame arrestor of the type 
described can be made adequate to insure protection 
against back fires at the expense of some loss of volu¬ 
metric efficiency. This loss can be made small by 
employing plugs of large cross section. 
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The factor of first importance in determining the 
effectiveness of the arrestor is the Z/Z> ratio of the indi¬ 

vidual passages. 
The mass of the plug and the thermal conductivity 

of the material of which it is made are of secondary 

importance. 

Langley Memorial- Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va., October 13, 1931. 
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THE THEORY OF WIND-TUNNEL WALL INTERFERENCE 

By Theodore Theodorsen 

SUMMARY 

This 'paper outlines the development oj a general theory 
for the calculation oj the effect oj the boundaries oj the air 
stream on the flow past an airjoil. An analytical treat¬ 
ment oj the conventional closed and open jet types oj 
rectangular wind tunnels disclosed the possibility oj 
devising three distinctly new types: Tunnels with hori¬ 
zontal boundaries only, with vertical boundaries only, and 
with a bottom boundary only. Formulas are developed 
for the tunnel wall interjerence in each case jor an airjoil 
located at the center oj the tunnel. The correction is given 
as a junction oj the width to height ratio oj the tunnel. 
The formulas are exact jor infinitely small airfoils only, 
but give good approximations jor spans up to about three- 
quarters oj the tunnel width. 

The surprising result is obtained that the three last- 
mentioned nonconventional types oj wind tunnels all are 
superior to the conventional open or closed tunnels as 
regards wall interjerence. It is, indeed, possible to design 
three distinct types oj semiclosed wind tunnels having no 
wall interjerence; namely, a square tunnel with horizontal 
boundaries and no side walls, a rectangular type oj a 
width to height ratio oj slightly less than 2: 1 and equipped 
with vertical boundaries only, and one oj a ratio oj 2:1 
and equipped with one horizontal boundary. 

The author goes on to show that instabilities in the flow 
may occur jor the free jet and the open bottom type tun¬ 
nels, impairing the predictability oj the tunnel wall cor¬ 
rections. A tunnel with a jet free on three sides and 
restricted only by a lower horizontal boundary extending 
along the test section from the entrance to the exit cone, is 
finally recommended as the most promising choice. 

INTRODUCTION 

The two main factors of concern as regards the appli¬ 
cation of wind-tunnel data to free-flight conditions are 
the Reynolds Number and the tunnel wall interference. 
The finite cross section of the stream of air in a wind 
tunnel gives rise to a flow past an airfoil or other body 
which differs distinctly from the flow at “free” air 
conditions. In the language of mathematics, the solu¬ 
tion of the problem of the air flow past the body must 
satisfy the boundary conditions at the surface of the 
stream. For tunnels having a closed working section 

the solution must be such that the component of the 
velocity normal to the boundary must be zero. For 
jet-type wind tunnels the condition to be satisfied at the 
surface is that of an unaltered or constant flow velocity. 
Considering a thin layer of air at the outer boundary, 
this layer will not experience any relative distortion of 
its individual elements because each element is pro¬ 
gressing at a fixed velocity of translation. This state¬ 
ment is, however, only true as regards first order effects. 
It is, in particular, apparent that the surfaces are dis¬ 
torted in a normal direction. Surface elements origi¬ 
nally plane will thus not remain plane. 

In the particular types of wind tunnels proposed by 
the author in the following, both kinds of boundary 
conditions have to he satisfied simultaneously, inas¬ 
much as the working section is composed of “free” 
surfaces as well as fixed walls. 

It is possible to introduce a third kind of boundary 
condition; namely, one depicting the condition of a 
flexible boundary, but this case is solely of mathemat¬ 

ical interest. 
The construction of the tunnel may be considered 

as an independent task; the main concern is to produce 
a flow in the test chamber which is parallel to itself 
and constant in magnitude. No theoretical reasons 
exist to preclude the achievement of such an end. Of 
considerable consequence as regards the operating 
flow characteristics is the choice of tunnel type and the 
geometrical shape of its cross section. 

A number of cases can fortunately be treated with 
mathematical stringency. The airfoil is considered to 
be small compared with the cross section of the tunnel, 
and is mathematically represented for this purpose by 
a vortex doublet line through the center of the cross 
section and extending from the plane of the test section 
to infinity in the direction of the flow. This simplified 
assumption yields results which are substantially 
correct for airfoils extending across as much as three- 
quarters of the tunnel width. For larger spans the 
treatment is complicated by the fact that the effect of 
the interference varies noticeably along the span. 

The interference in an open or closed circular tunnel 
is known from classical hydrodynamics. The effects 
are numerically identical, but of opposite sign. The 
closed rectangular tunnel has been treated by Glauert. 

219 
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(Reference 1.) The present paper is devoted to a 
systematic analytical treatment of the properties and 
relative advantages of the several possible arrange¬ 
ments of rectangular tunnels, including the conven¬ 
tional types. 

WIND-TUNNEL INTERFERENCE 

The wind-tunnel wall interference is obtained ana¬ 
lytically by arranging a series of vortices in such a 
manner that the given boundary conditions are satis¬ 
fied. The problem of the circular cross section is a 
case of elementary l^drodynamics, and the textbooks 
will be referred to. Let C be the cross-sectional area 
of the tunnel, S the area of the airfoil, and e the upward 
inclination of the air stream due to the interference at 
the boundary. 

The case of the circle is then given by 

1 Sn 

e=±8C°L 
where the upper sign refers to a closed and the lower 
sign to an open tunnel. The magnitude e is dimension- 

The angle less and represents an angle of “ up-flow.” 

S 
is numerically of some consequence; the ratio ^may 

reach a value of CL may reach, say, 1.5, while the 
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Figure 1.—Vertical row of equidis¬ 
tant vortices 

constant of proportionality in the most unfavorable case 
of an open rectangular jet of a 2 : 1 ratio is equal to 
0.26. This gives a value of e equal to about 3.7°. 

Several interesting arrangements of rectangular cross 
sections will now be treated. For the sake of uni¬ 
formity in presentation, the case of a closed rectangular 
section, which is the only type studied in the previ¬ 
ous literature, will be included. Consider the follow¬ 
ing problem. Let 0 be the origin of a rectangualr 
system of coordinates. (Fig. 1.) At x is arranged a 
vertical column of equidistant line vortices of strength 
T perpendicular to the x-y plane, the vortices extending 
from the x-y plane to infinity in one direction. What 
is the value of the disturbance at x = 0 caused by a ver¬ 
tical column of such vortices extending from y = — co 

to y — + °o ? 

If the distance between the vortices be designated h, C. 7 

we have for the nth unit above the x-axis the velocity 
at the origin perpendicular to the radius vector from 
that point, 

,= _T 1 
dr -y]xz -\-n2h2 

and for the vertical component, 

= r x 
1" 4 7r x2 +n2h2 

The velocity due to all the vortices at x is parallel to 
the y-axis and equal to 

+CO 

x jr 
-fn2/r 4 tr 

+00 

2 
— 00 

X 

x2 +n2h2 

This expression may be brought into a very simple 
form: 

+00 +0O 

X TV \ ' k 

2 x2 + n2h2 h / i / tvxx2 
-°° \ h 
2 

4-nV 

TV 

h 

CO 

‘+2y 
TVX 

. h 1 (7) 

TV X 

h 
2 

, 9 9 

+ 71-71- 

TV ,. TVX 
= ^ coth -(see reference 3, 

page 135) 
or 

47VVr TV . -t TVX 
-y-jeoth h (I) 

If the vortices are of alternating signs, starting with 
+ T at y = 0, a corresponding expression is obtained: 

+ • 
+ ■ 
+ - 

I 
Figure 2.—Vertical row of equidis¬ 

tant doublets 

(II) 

The next step is to study the effect of doublets in¬ 
stead of single vortices as in Figure 2. Let the 
strength of the doublet be TAl. The doublets, which 
in the following discussion are termed positive, are so 
arranged as to correspond to the vortices of an airfoil 
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at a positive angle of attack and facing the reader; 
that is, with the air stream down toward the paper. 

From the definition of the derivative of F(x) as 

Ax—>0 —;X —jj- w;j} be seen that the effect of 

the doublet is readily obtained as the negative of 
the derivatives of the expressions already determined, 

multiplied by Al. 
Hence the flow velocity at 0 in the positive y direction 

is, from equation (I), 

TAl d 7r , txI _ TAl /ttV 1 
Vr~ 4x ArU C°th AJ~ 4r W (HI) 

and in the second case, equation (II), with alternating 

signs 

Vx — 
TAl d 
4 7r dx 

Qr cosech av) 

The effect of a row of doublets arranged along the y- 

axis must be treated separately. We are interested in 
the effect of the row extending from minus to plus 
infinity minus the unit located at the origin (0, 0). 
From formula (I) we have for this case with x = Ax 

4lTI't _ 7T 

r 
,, ttAx 

coth —j— 
1 

Ax 

where A- is the effect of the doublet at the origin. 
Ax 

This expression may be expanded in a series as follows: 

The negative derivative of this expression times ^ 

gives the induced velocity of a series of positive double 
sources located at x = 0 and y = nh where n assumes all 
positive and negative integral values excepting zero. 

Hence 

_ TAl 7rri 7rAx_ 1 /7rAxV , 
4x dx7i[_3 h 45\ h ) 

rAZ/ir\Vl 2 ttAx N 
_ 4x W \3 45 A 1 ’ * * , 

or for small values of Ax 

1 /ti-V TAl 
VT~~3\h) 4x 

and similarl}^ for a row of doublets on the y-axis with 
alternating signs 

Vt~+& 
r&l 

17T 
(VI) 

By means of the above formulas the interference 
caused by rectangular tunnels can be determined. The 
following five cases are investigated: 

I. Tunnel entirely enclosed. 
II. Free jet. 

III. Horizontal boundaries only. 
IV. Vertical boundaries only. 
V. Bottom boundary only. 

The wing will be represented by a positive double 
source, which is equivalent to considering the airfoil 
small compared with the cross section C of the tunnel. 
The conditions for which this assumption is permissible 
or of value will be specified later. 

Case I—Closed tunnel.—The images of the airfoil 
are conveniently represented by the schematic diagram 
of Figure 3.1 Let h be the height of the tunnel and b 
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Figure 3.—Vortex arrangement for closed tunnel 

the width. The upflow velocity caused by a row of 
doublets located at x = mb is from (IV) for alternating 

signs 

Vx 

. 7rrnb 
rat Ar V coshT~ 

4t'W sinh^f 
ll 

For the row at x = 0, from (VI) 

_ 1 (irV TAl 
Vt ~ 6 VV 4t 

By summing up the effect of all rows from x =* — <» to 
x= + co the total interference effect at the origin is 

obtained as 

co 

2 77l = i 

cosh 
irinb 

h 

sinli 
7r mb 

h 

(VII) 

(V) 
i The doublets in Figures 3 to 7 are indicated by single signs. 
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The series term in the above expression converges 

rapidly. We have to consider, however, a large number 

of small terms all of the same sign. A little farther on 

it will be shown how the value of the expression can be 

obtained with better than 1 per cent accuracy by the 

use of an expression representing all terms of the series 

beyond the first. 

Case II—Free jet.—The images of the airfoil are, for 

analytical purposes, represented by the schematic 
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Figure 4.—Vortex arrangement for free jet 

diagram of Figure 4. For a vertical row located at 

x = mb one obtains correspondingly from Formula (III) 

Vr = 
TAl 

17T K, 
sinh2 

ivm b (-i y 

where the factor (.—l)m takes care of the alternating 

signs of each row. For the row at r = 0 from (V) 

flow at x = 0, due to an alternating low at x = mb, is 

again given by Formula (IV) as 

Vt~ 
TAl / 7T 

t7T 

cosh 
irinb 

~T 

sinh2 
7rmb 

T~ 

(-1)' 

and for the zero row from Formula (VI) as 

1 TAl 

tT Q\hJ 47r 

The total interference is thus given as 

TAl / 7rY 

h ; 7r 

" cosh™6 A cosh h 

12 ^. ,2rmb y y 
m=isinh 

h 

TAl/tt 

2 7T \ll 12 + S: (IX) 

Case IV—Sides closed, top and bottom open.—The 

arrangement of images is here as indicated in Figure 6 
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By summing up for all integral values of m from minus 

to plus infinity there results 
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Figure 5.—Vortex arrangement for tunnel with hori¬ 
zontal boundaries 

Case III—Top and bottom closed, sides free.—The 

arrangement of images is as indicated in Figure 5. The 

Figure 6.—Vortex arrangement for tunnel with 
vertical boundaries 

Notice that all images are positive. The flow at the 

origin due to a row at x = mb is from (III) 

V’p — rAZ/Vh 
47T \/t/ 

2 cosh 
irmh 

~h 

sinh2 
7r mb 

~h~ 

except for the row at z = 0, which is given by 

Vf — 
i /ttY rA l 
3\h) 47r 

Again by summation 

Vr = 
T Al ( y\2 

27T \h) 

CO 

rn = l 

cosh 
irinb' 

h 

sinh2 
irinb 

H 

TAl 

2 7T 

The labor of summing up the rather slowly converging 

series S± can again be avoided, as will be shown. 
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Case V—Bottom or top boundary only.—The 
arrangement of images for bottom boundary only is 
as shown in Figure 7. It may be observed that the 
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Figure 7.—Vortex arrangement for tunnel with bottom 
boundary only 

effects at the origin of the alternate (odd) rows of 
doublets on either side of the z-axis cancel in pairs. 
All odd rows may then be removed, and the distri¬ 
bution of doublets that remains is exactly as that 
given in Case III and Figure 5, except that h is 
replaced by 2li. That is, the induced effects at the 
origin of a tunnel with bottom boundary only, of 
width to height ratio b/h, is equivalent to that of a 
tunnel with top and bottom boundaries only, of width 
to height ratio b/2h. Then 

TAl / 
vt— o 

:x V2 h i)'OX 

, 7r mb/ 

JE 
x mb 

IV 

m rf sinh 
2 h 

= TAl / x 
= 2x \2Ji ) [l2+S'3] 

where S'3 is equal to S3 with each h replaced by 2li. 

The process of evaluating the two rather slowly 
converging series Si and Si will now be indicated. 
The individual terms represent, as shown, the inter¬ 
ference due to a row of doublets at x = mb. For large 
values of m it does not matter whether a doublet of 
strength TAl is arranged at x^mb or whether two 

TAl 
vortices of opposite sign and of strength —are sub¬ 

stituted at x = (m — ^jb and x = (m respectively. 

By the second arrangement all vortices except the one 
nearest the origin are cancelled by being superimposed 
on one of opposite sign. The entire effect of all ver¬ 
tical rows of positive doublets extending from x = mb 
to infinity is thus represented by the effect of a single 

TAl 
positive vortex row of a strength —located at x = 

(^p where p is the number of the last doublet 

taken into account. The accuracy is the greater, the 
greater the chosen value of p. Fortunately, it is 
found that it is sufficient to make p — 1 and still retain 
an accuracy of better than 1 per cent. The numerical 
evaluation of the expressions is thus greatly simplified. 

The effect of single sources is given by (I) for rows 
of the same sign as 

T /x\ , tx 

’r=4iW“thI 
and by (II) for rows of alternating signs as 

r /x\ , tx 
r ( 7 ) cosech — 
4x \hj fi 

x m b 

The series Si = 
cosh 

h 
/ i . , 9 x m 

i sinh 2 
t may then accordingly 

be written as S v c 
h 

cosh 
x m b 

h 

m =, sinh 2 
x m b 

1 /-\-i 

+i{%) cosech a 

h 

(p+1 

and $4 = ^^ * 
2 X to 6 

i sinh ^ 

m=p 

may be written as 

(p+05 1 

mb ' b^h) co^ h Si==y,:—— 
m=i fcmii 

As mentioned above, we obtain accuracy greater 
than is needed for any practical purposes by making 
p = 1 in the above finite series expression. The remain¬ 
ing series S2 and S3 are obtained without any difficulties. 

The expressions (VII) to (X) giving the induced 
flow at z = 0 are all of the form 

TAl/' xV, . 

Vt~ 2 tW (° + 

where S stands for Si, S2, S3, or Si, and a is a numerical 

constant. By means of the aerodynamical relation 

TAlpV= \cl9V*S 

where p is the density and V the velocity of the 
medium, and by putting 

Vf 
V = «, 

the upward inclination of the air stream, there results 

CLS/ xx 2 

e_ 4,U (®+S) 
or with bh = C and ^ = r 

CLS xr ^ 

On writing 

where 

€ = 
CLS 
~c' 

<5 = f (a +2) 

(XII) 

(XIII) 
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it is noticed that the angle of up-flow e is proportional 
to the lift coefficient CL, to the ratio of wing area to 

, _ g 
tunnel cross section and to the quantity 5 which 

in turn is seen to be a function solely of the width to 

height ratio ^ orr. 

I, Closed -funnel 
II, Free jet El, Horizontal boundaries . 
FS, Vertical boundaries. V, One horizontal boundary. 
C, Closed circular tunnel. F) Free circular jet. 

r 
Figure 8.—Tunnel-wall correction 5 for five types of rectangular tunnels of 

width-height ratio r 

The values of 8 for the five cases considered^are 
given below: 

I. 

II. *-?(-£+&) 

m. s=jQ2+s3) 

IV. 

vr- H'2(12+0 

These values are given in Table I and also plotted in 
Figure 8 against the single variable r as abscissa. 
This figure gives in a convenient way the essential 
results of the preceding analysis. 

The square tunnel, ^ = 1, gives identical numerical 

values of the interference whether it is open or closed, 
as is also the case for the circle. The square tunnel 
with horizontal boundaries shows no interference. 
A rather interesting result! Notice also that the open 
tunnels of the conventional width to height ratio 
exhibit a much larger correction factor than the 
closed type. Notice further that all of the proposed 
types are superior to the conventional ones and in 
particular the surprisingly beneficial effect of a lower 
horizontal boundary on an otherwise free jet. 

WIND TUNNELS FREE FROM WALL INTERFERENCE 

Inasmuch as wind-tunnel testing is largely concerned 
with the prediction of free-fiight performance of air¬ 
craft, it is highly desirable to employ a wind tunnel 
having no wall interference. Such a tunnel is in this 
respect entirely equivalent to an air stream of infinite 
cross section. 

The results of the preceding analysis as represented 
in Figure 8 show that we are perfectly able to devise 
such a tunnel. Curve III, which corresponds to 
Case III, crosses the 5=0 line at r= 1, showing that 
a square tunnel with walls at top and bottom and 
both sides removed has zero wall interference. Such 
a type of tunnel exhibits the particular advantages of 
the open-jet tunnel and is distinctly superior to both 
of the conventional types by reason of the fact that it 
has zero wall interference, or stated otherwise, that 
it is equivalent to an infinite jet of air. 

It is further noticed that the curve IV representing 
the tunnel with closed sides crosses the 5=0 line at 
r=1.9, showing that a rectangular jet of a width to 
height ratio of a little less than 2:1 and equipped 
only with vertical walls exhibits zero wall interference. 
There is, however, a condition which renders the use of 
a tunnel wall correction in this particular case rather 
questionable. 

A single fixed horizontal boundary has also a sur¬ 
prisingly beneficial guiding effect. The interference 
for the case of a 2:1 tunnel is identical with that of 
the square tunnel of Case III and is zero. Curve V 
represents a tunnel equipped with a bottom boundary 
only. The interference is small compared with the free 
jet type. Whether a fixed bottom or top boundary is 
employed is immaterial, since the result of the analysis 
in both cases is the same. As regards the accurate 
prediction of the interference effect, it will be pointed 
out, however, that it is necessary to employ a tunnel 
with a fixed bottom. 
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EFFECT OF THE EXIT CONE 

The preceding Case II refers strictly to a free jet. 
As such is defined a jet which meets no obstructions 
behind the model body. Correspondingly, in Case IV 
there must be no obstruction to prevent the free flow 
of the air in a vertical direction. 

The main effect of the exit cone as regards the wall 
interference is to guide the air back into its original 
direction. In a well-designed cone with a small angle 
of divergence and sufficient bell we may assume this 
end to be achieved completely, as indicated in Figure 9. 

Figure 9.—Showing guiding effect of exit cone 

The effect of the cone may then, as far as the inter¬ 
ference goes, be equivalent to the creation of a counter¬ 
circulation of magnitude — T located some distance 
behind the entrance of the cone. The “trailing” 
vortices will thus not extend from the plane of the 
airfoil to infinity, as was assumed in the earlier cases, 
but will close themselves in the exit cone. The numer¬ 
ics Lvalue of the interference can readily be found in 
each particular case, although the method is rather 

cumbersome. 
The solution is mathematically obtainable; there 

exist, however, some practical difficulties concerning 
the assumption of the type of flow to be expected in 
the exit cone. If the cone is rather large and of poor 
efficiency, a condition similar to Case II, that of an 
entirely free jet, may actually occur. When the down¬ 
flow becomes large, the possibility exists that the jet 
may break loose from the upper side of the cone and 
follow along the lower. Not only that, but, if the exit 
cone has an entrance too slightly belled or with no bell 
at all, the air may spill underneath the exit cone. It is 
entirely possible to imagine that the jet is deflected 
downward to such an extent that the correction will 
exceed that of a free jet. The difficulty in these 
several cases is that the correction factor 8 is dependent 
on the amount of the downflow and on factors of 
rather vaguely definable and unstable nature. In 
fact, it is probable that the interference is not even a 
continuous function of the downflow, but is subject to 
abrupt changes at certain critical values. 

If the tunnel is closed entirely or on the top and 
bottom sides, this difficulty is dispensed with and the 
exact mathematical prediction of the tunnel wall 
correction is possible. This fact is essential, since 
there exists no experimental method by which the 
existing angle of downflow of the air current at the 
location of the test model can be obtained. 

Attention is, therefore, again directed to the tunnels 
which have already been referred to as having no wall 
interference. One of these is of a square cross section 
with two horizontal fixed boundaries. In contrast to 
the second type of tunnel with no wall interference, 
there is in this case no possibility of spillage. The 
lateral deflection of the air stream is negligible, com¬ 
pared with the vertical, and since the air stream enters 
the diffuser cone in perfect alignment no radical 
changes in the type of flow in the cone are to be ex¬ 
pected. The third type of the proposed tunnels, the 
one with a lower boundary only, will obviously achieve 
the same end. Because a more efficient utilization of 
the cross section of this tunnel is possible, and since 
the interference for a 2:1 tunnel is eight times smaller 
than that for the free jet type of the same side ratio, 
the superiority of this latter type is obvious. 

EFFECT OF LARGE WING SPAN 

The effect of the airfoil has hitherto been represented 
by vortex doublets. The permissibility of this purely 
mathematical simplification will now be given some 
attention. Let us consider the airfoil to be represented 
by a vortex pair located a distance apart comparable 

to the width of the tunnel. 

'1 

+ 

+ 

+ ■- 

(0,0) 

+ + 4- 

+ 

Figure 10.—Vortex arrangement In closed square 
tunnel with airfoil span three-fourths tunnel 

width 

Leb Figure 10 represent a closed tunnel. For single 
alternating vortices in a vertical row, Equation (II) 

gives 

But 

Hence 

AirVn 7r 1 tt£ 
—— = , cosech j r h ii 

r-Aipv=~pv!scl 

ech" 
* V 8A lhc h 

(XIV) 

For the first row on either side of the origin, however, 
it is necessary to omit the vortex located on the x- 

axis, or 
SCt, / , 7TX 1 

e = 
8Mh 

L-(cosech (XV) 
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These formulas will be applied to the square tunnel 
3 

with A l = ^b or the span of the airfoil equal to three- 

quarters of the tunnel width. The interference at the 
center (j; = 0) is 

6 = U~ . hV + 3L 
Sinh g TV g 7T 

1 1 

sinh g 7r sinh ~ 7r 

+ 
1 

• U 13 sinh -g- 7r 
+ = 0.147 

and the interference at the tip 
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1 

7T sinh 7 7r 
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sinh \ 7r 
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Figure 11.- —Vortex arrangement in square tunnel 
with horizontal boundaries with airfoil span three- 
fourths tunnel width 

The next important case, III, horizontal boundaries 
only, is shown in Figure 11. At the center 

which has an equivalent span of three-quarters of the 
width of a square tunnel because the interference dif¬ 
fers too much over the span. The flow at the center 
does not, however, differ materially from the flow at 
shorter spans. It is thus possible to study the flow 
near the fuselage of an airplane or model which may 
otherwise be too large for the tunnel. 

WING INTERCEPTING THE TEST TUNNEL 

The undesirable condition of unequal interference 
along the span is still more pronounced when the wing 
span exceeds the width of the tunnel. In the limiting 
case, let the circulation along the wing be constant. 
The trailing vortices are then, mathematically speak¬ 

ing, located at x= ± Considering the case of a 

closed tunnel, we can readily see that the real and a 
corresponding pair of virtual vortices cancel each other 
and that all the remaining virtual vortices cancel each 
other in pairs. On the other hand, for a free jet the 
interference near the vertical surface approaches theo¬ 
retically an infinite value due to the nearness of the 
first image. The flow near the center, however, 
remains finite. 

It is difficult to imagine that tests on airfoils inter¬ 
cepting a free test jet would be of any value whatsoever 
except in the study of local conditions. The prediction 
of the lift distribution is mathematically of great diffi¬ 
culty, and moreover, the distribution differs too greatly 
along the span to permit the application of the results 
to other conditions. It may be postulated that the 
interference effect along the span must be nearly a 
constant. Only in this case can a correction be applied 
that is of sufficient simplicity and accuracy. 

CONCLUSIONS 

1 

sinh | 7r 

4 1 

sinh ^g- 7r 
+ 

At the tip 

= -0.028 

+ A— + 
. , 1 sinh 7r 

sinh -7 7r 
4 

1 

sinh j 7r 
4 

1 , 1 -- -]~ - _L 

sinh tv . , 7 
sinh 7 7r 

4 

^ = -0.148 

This calculation can be easily performed for any par¬ 
ticular case by means of the formulas (XIV) and (XV). 
It is left to the reader, therefore, to check any case 
with which he is concerned. Notice from the preced¬ 
ing examples that it is undesirable to use an airfoil 

Several rectangular wind tunnel arrangements that 
exhibit zero or negligible wall interference have been 
brought out by a mathematical analysis of the general 
problem of tunnel interference. Uniform formulas 
have been presented for the calculation of the wall 
interference for the conventional as well as for the 
newly proposed wind tunnels. 

It has been indicated that the exact prediction of the 
interference for tunnels with no lower horizontal 
boundaries is greatly impaired by the inherent insta¬ 
bility of the flow in the exit cone. Attention has been 
brought to the importance of employing an exit cone 
with a small angle of divergence, and also to the impor¬ 
tance of having the air stream properly centered at the 
entrance of the jet. A tunnel with a jet free on three 
sides and restricted only by a lower horizontal bound¬ 
ary extending along the test section from the entrance' 
to the exit cone, is finally recommended as the most 
promising choice. The correction for this type is from 
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five to eight times smaller than that of the correspond¬ 

ing free jet type. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., October 9, 1931. 
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Table I 

VALUES OF SINH irr, COSH, irr AND 5 

_ -71- / ’’O cosh mrr JL\ 
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THEORY OF WING SECTIONS OF ARBITRARY SHAPE 

By Theodore Theodorsen 

SUMMARY 

This paper presents a solvtion of the problem of the 
theoretical flow of a frictionless incompressible fluid 
past airfoils of arbitrary forms. The velocity of the 2- 
dimensional flow is explicitly expressed for any point 
at the surface, and for any orientation, by an exact 
expression containing a number of parameters which are 
functions of the form only and which may be evaluated by 
convenient graphical methods. The method is particu¬ 
larly simple and convenient for bodies of streamline 
forms. The results have been applied to typical airfoils 
and compared with experimental data. 

INTRODUCTION 

The theory of airfoils is of vital importance in aero¬ 
nautics. It is true that the limit of perfection as 
regards efficiency has almost been reached. This 
attainment is a result of persistent and extensive 
testing by a large number of institutions rather than 
of the fact that the important design factors are known. 
Without the knowledge of the theory of the air flow 
around airfoils it is well-nigh impossible to judge or 
interpret the results of experimental work intelligently 
or to make other than random improvements ac the 
expense of much useless testing. 

A science can develop on a purely experimental basis 
only for a certain time. Theory is a process of sys¬ 
tematic arrangement and simplification of known facts. 
As long as the facts are few and obvious no theory is 
necessary, but when they become many and less simple 
theory is needed. Although the experimenting itself 
may require little effort, it is, however, often exceed¬ 
ingly difficult to analyze the results of even simple 
experiments. There exists, therefore, always a ten¬ 
dency to produce more test results than can be digested 
by theory or applied by industry. A large number of 
investigations are carried on with little regard for the 
theory and much testing of airfoils is done with insuffi¬ 
cient knowledge of the ultimate possibilities. This 
state of affairs is due largely to the very common belief 
that the theory of the actual airfoil necessarily would 
be approximate, clumsy, and awkward, and therefore 
useless for nearly all purposes. 

The various types of airfoils exhibit quite different 
properties, and it is one of the objects of aerodynamical 
science to detect and define in precise manner the fac¬ 

tors contributing to the perfection of the airfoil. 
Above all, we must work toward the end of obtaining 
a thorough understanding of the ideal case, which is 
the ultimate limit of performance. We may then 
attempt to specify and define the nature of the devia¬ 
tions from the ideal case. 

No method has been available for the determination 
of the potential flow around an arbitrary thick wing 
section. The exclusive object of the following report 
is to present a method by which the flow velocity at 
any point along the surface of a thick airfoil may be 
determined with any desired accuracy. The velocity 
of the potential flow around the thick airfoil has been 
expressed by an exact formula, no approximation hav¬ 
ing been made in the analysis. The evaluation for 
specific cases, however, requires a graphical determi¬ 
nation of some auxiliary parameters. Since the airfoil 
is perfectly arbitrary, it is, of course, obvious that 
graphical methods are to some extent unavoidable. 

Curiously enough, the theory of actual airfoils as 
presented in this report has been brought into a much 
simpler form than has hitherto been the case with the 
theory of thin airfoils. In the theory of thin airfoils 
certain approximations have restricted its application 
to small cambers only. This undesirable feature has 
been avoided, and the results obtained in this report 
have a complete applicability to airfoils of any camber 

and thickness. 
The author has pointed out in an earlier report that 

another difficulty exists in the theory of thin airfoils. 
It consists in the fact that in potential flow the velocity 
at the leading edge is infinite at all angles except one. 
This particular angle at which the theory actually 
applies has been defined as the ideal angle of attack. 
In the present work we shall not go any further into 
this theory, since it is included in the following theory 
as a special case of rather limited practical importance. 

THEORY OF THICK AIRFOILS 

In the theory of functions there is a theorem by 
Riemann 1 which shows that it is ahvavs possible to 
transform the potential field around any closed con¬ 
tour into the potential field around a circle. The 
direct transformation of an airfoil into a circle may, 

i Handbuch der Physik, Band III, p. 245, Fundamentalsatz der konformen 

Abbildung. 
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for analytical purposes, conveniently be performed in 
two steps. The first step is to transform the airfoil into 
a curve which ordinarily does not differ greatly from a 

circle by the transformation 

r=*'+p a) 
where f is a complex quantity defining the points in the 
plane describing the flow around the airfoil and 2 ' 
is another complex quantity defining the points in the 
plane describing the flow around the almost circular 
curve. The constant a is of dimension length and is 
merely a geometrical scale factor. In the following 
theory, attention is directed to the fact that the shape 
of the curve resulting from transformation (I) is arbi¬ 
trary, since the airfoil shape is arbitrary. At a later 
point we shall transform this curve into a circle. 

The 2' and the f planes are shown superposed in 
Figure 1. It will be noticed that at great distances 

z’ 

Figure 1.—Showing the transformation from a noncircular curve B into an airfoil 

This relation may further be conveniently expressed 

in hyperbolic functions 

f = 2a cosh 1p cos 0 + 2ia sinh ^ sin 6 

Since f = x + iy, the coordinates of the airfoil (x, y) are 

given by 
x — 2a cosh ip cos d 
y — 2d sinh sin d 

(II) 

We obtain a relation between d and the coordinates 

of the airfoil as follows: 

cosh i\J/ = 
x 

2a cos 0 

sinh 1p = x—-•—a 
Y 2 a sin 0 

and since cosh2 \f/ — sinh2 \J/=l 

. 2 x 
2a cos 0 

-(—K—Y= 
\2a sin 0) 

or developed 

2 sin2 d = p + (HI) 

where 
MS 

Similarly we obtain a relation between ip and the 
coordinates of the airfoil by using the equation 

( JL. -1_Y 
\2a cosh \(/) \2a sinh \p) 

= 1 

from the origin z'->$) that is, both flows are similar 
at infinity. In particular, the “angle of attack,’’ 
defined as the direction of flow at infmitity with 
respect to some fixed reference line in the body, is 
identical in both flows. Near the origin the two flows 
are entirely different; one value of 2' is, however, 
uniquely associated with a given value of f by the 

relation (I). 
We shall, at a later point, determine the flow in the 

zf plane. At present we shall determine the appear¬ 
ance of the airfoil when the almost circular curve B 
is given, or what amounts to the same thing, we shall 
determine the curve B when the airfoil is given. In 
Figure 1, (7 is a circle of unit radius. Since the matter 
of dimensions is rather important, we shall avoid 
confusion in the following by adhering to this length 
as unity. The curve B is uniquely given by the rela¬ 
tion z' = ae'l'+ie where \p is a known or unknown real 
function of the angle 6 where 6 varies from zero to 2tt 
and i is the imaginary unit. Since the airfoil surface 
corresponds to the surface of the curve, the former is 
given from relation (I) as 

or 
f = a e*+ie + a e + v 

<T = a(e* + «~*) cos 0 + i — sin d 

or developed 

2 sinh2 \f/ r+MS (IV) 

Since i/' is generally small for wing sections it may be 
more conveniently expressed for purposes of calcu¬ 

lation as a series in terms of^—^—7,1 as follows: 
2a sin 6 

We have 
e* = sinh \J/ + cosh ^ 

= sinh + Vl + sinh2 \p 

— 1 + sinh \p + ^ sinh2 ^ + • • • • 

1p = log# (^1 + sinh \p -i ~ sinh2 ip+ • • 

= sinh \p — ^ sinh3 \p + • • • 

y 
2a sin d 

_V_y_ Y, 
6 \2a sin d) + ' ' * 

[ for \p < log# 2] 

(IVa) 

We are now in a position to reproduce the conformal 
representation of an airfoil in the z' plane, since for 
each point of the airfoil (x, y) both 6 and \p have been 
determined. 
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The curves ^ = constant are ellipses in the f plane 

x 

H 

y 
2a cosh ip) \2a sinh \p 

= 1 

The foci are located at (± 2a, 0). The radius of curva¬ 

ture at the end of the major axis is p 

or 
P _ (sinh 

2a cosh \f/ ~ 

(2a sinh \p)2 
2a cosh ip 

sma11 ^ 

This relation is useful for the determination of ^ near 
the nose and the tail. 

The leading edge, corresponding to 0 = 0, is located at 

2a cosh ^\p2a( 1 + — } = 2a + a\p2 = 2a + ~ p 

Thus we see that the length 4a corresponds to the 
distance between the point midway between the nose 
and the center of curvature of the leading edge to the 
point midway between the tail and the center of 
curvature of the trailing edge.2 

To establish the magnitude of the velocity at any 
point (x, y) on the airfoil, we start in customary manner 
with the velocity around a circle in 2-dimensional 
flow. Contrary to usual practice we will, however, 
make the radius of the circle equal to ae*0 where \p0 
is a small constant quantity. This quantity is shown 
later in this report (equation (e)), to represent the 
average value of \p taken around the circle C. 

The potential function of the flow past this circle is 

a2e2'f,°\ 1 T , 2 
— lO°r-r~ 
2 it & ae^° (V) 

(reference 1, p. S3) and the velocity 8 

dw _ _ _ a2e2*°\ ir 
dz \ z2 ) 2ttz (VI) 

where T is the circulation. This expression must 
vanish at the rear stagnation point4 (Kutta condition) 
whose coordinate is 2= — ae't'0+i{a+e ^, where a is the 
angle of attack and eT is shown to be the angle of 

zero lift. 

1 The choice of axes is entirely arbitrary. It is a matter of convenience only to 
choose the axes so that the airfoil appears as nearly elliptical as possible, thereby 
making the “almost circular” curve B as nearly circular as possible by means of 
the single transformation I. It will be seen that the evaluation of the important 
integral appearing in the appendix is then most easily accomplished. In fact, the 
transformation I itself is only a matter of convenience to permit the ready evaluation 
of this integral. 

3 (\y) 
actually equals u—iv, the image of the velocity vector about thei-axis. 

* It is worthy of mention to note that the theory outlined in this report may actually 
be applied to smooth bodies of arbitrary shape if the circulation is specified. The 
term "wing sections” has been used in the title to imply bodies with sharp (or 
nearly sharp) trailing edges, whose circulation is or may be considered fixed by the 
Kutta condition or some equivalent assumption. 

149900—33-16 

We obtain T = — -T-- V( 1 
% 

a2e2*°\ 

) 

= 4 --) 

= 47rVae*° sin(a + €r) (VII) 

This flow around the circle may now be transformed 
into the flow around any other body. In the particular 
case in which the flow at infinity is not altered the 
circulation will not be altered and the force experienced 
by a body at the origin will remain at the fixed value 
Z = p V r. 

We will now transform this circle, defined as 
z = ae'f'0+i* into our curve B defined by the relation 
2/ = ae*+w. For this purpose we employ the general 

transformation z' = ze n which leaves the flow 
at infinity unaltered, the constants being determined 
by the boundary conditions. By definition 

2/ — 2& v) * 

Consequently 

\p — \p0 + i(d — <p) = (An + iBn) 
/ V 2 

or 

2 1 
+ <p) = n (An + iBn) (cos rnp-i sin rup) 

where 2 has been expressed in polar form 

2 = r(cos <p + i sin <p) 

and by De Moivre’s theorem 

~h = (cos rup-i sin rup) 

Equating the real and imaginary parts we obtain the 

two Fourier expansions: 

-^=sf4» to n <y, 
. Bn . 

cos n<p-\-—jp sin n<p 

and 

0— <p n\_rn 
An . 

COS ncp-n sm n<P 

•] 

] 

(a) 

(b) 

A B 
The values of the coefficients as web as the 

quantity to, may be determined from (a) as follows: 

~ = -f t cos rupdp (c) 
rn 7rJo 

B 
r 

and 
” 7T Jo 

\f/ sin riipdtp 

to 
1 

:2rJo 

(d) 

(e) 
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The quantity 0—p is necessary in the following 
1 B 

analysis. Let us eliminate the coefficient ^ and / 

in (b) by means of (c) and (d). 
We obtain 

{d-<p)c=n COS 7Upc - f 
7T JO 

I 

p sin n<pd<p 

— sin } 7T Jo 
p cos iipdp 

The subscript c is added to indicate that the angles so 
distinguished are kept constant while the integrations 
are performed. The expression may be simplified 

J 2 Hi 
{Q-(p)c = - p (sin rup cos n<pc — cos n<p sin n<pc)d<p 

7T n J() 

1 S r2ir 
= 7r?l I P sin n(<p-(pc)d<p 

But 

S. , . 1 .(*>-*«) cos (2»+!) 
nsin ?i (<*5-<i?c) = 2 cot 

sm <p—<Pc 

9 

Therefore, 

(0 — <p)c = J ( p cot v,p-7r^d^ 
27t Jo 2 

1 f2* 

27rJo ' 

cos (2n + 1) 

2 sin ¥>c) 
d^ 

The latter integral is identically zero. (See Wilson, 
E. B. Advanced Calculus, p. 368. Follow method of 

exercise 10.) 
Then 

*2* (<p—<pe) 

2 
i n — 

(.6 — <p)c = 27T- J0 'P d(f (VIII) 

For purposes of calculation this integral is expressed 
in convenient form in the appendix. 

We shall now resume the task of determining the 
velocity at any point of the surface of the airfoil. 

The velocity at the surface of the circle is 

(see equation (VI) and footnote). For corresponding 
points on the curve B in the z' plane and on the airfoil 

in the f plane the velocities are respectively 

. dw dz dz' 

and as • a?' df' 

Hence 

dr 
dz =1 - “4 = ls,(z‘ ~ f) - ? (aef+a - or*-) 

= \ [a(e* — e-^) cos 0 + fa (e^ + sin 0] 

= \ [2a sinh p cos 0 + 2fa cosh sin 0] 

Using the relations (II), 

V 
2a sinh p = and 2a cosh p = 

sm 0 cos 0 

we obtain 
Jfa 1 

= zr (y cot 6 + i x tan 0). (IX) 

dz 
It now remains to find the ratio From the 

relation 

we obtain 

or 

2' = 2C“ 

dz 
dz' , [~1 d 2 ,, ,• R \ H 

2 \_z+dzn^An + l Bn) znJ 

dz 
dz 

7 Qz+^z[(p-p0) + i (6-<p)]J 

= z' ^ (p + i (0-<p)+ log z) 

But 

from which, 

z-=ae+0+t* 

\ = (lo% z) = (log a + to + i<p) = (i<p) 

Therefore 

^ = z' ^z (P + i (0 — <p)+i(p) 

=z'ai u+ie) 

This expression may be written 

dz , d , . . d0 
dz ddK 1 dz 

But we have 

or 

The quantities r and z' are related by the expression j and 

1 . dip 
= i A 

z dz 

- - = id <p = i d (<p — 0) 4- % d0 

dz . / 
dd~tZ\ 

1 -r 
d(<p-0) 

d0 
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Hence 
dz' 
d z z d0 

(-it + 6). 
1 
de 
d0 

where 

or 
dz' 
dz 

e= <p — 0 

2_' l-ty 

= Z 1 + e' (X) 

where e' and indicate and ^ > 

Equations (IX) and (X) give now 

respectively 

dr 
dz' 

dz' dr 1 , , . . . , .s z' l—i\p' 
di~Sz = z' <*«*» + « tan ») 1 + c, 

= (y cot 6 + ix tan 0) 
1 1 -ty 

z 1 + e' 
(XI) 

Because we are interested more in the magnitude than 
in the direction of the velocity we will write for the 
numerical value of this expression 

dj" _V(?/2 cot2 G + x2 tan2 0) (l + ip'2) 
dz ae*° (1 + e') 

(XIa) 

The quantity {^a) co^”*"(4?) ^an2^ is readily seen 

to be equal to (by relation (II)) 

( V 
2a sin 0 

sin2 0 

or also 

Hence 

sinh2 \p + sin2 0 

dr 
dz 

Vl (2alvJ + sin2('] (I + ^ 
(1 + e') 

(Xlb) 

The numerical value of the velocity at the surface of 
the circle is obtained by equations (VI) and (VII) as 
follows : 

Substituting the general point z = («++, where 

a is the angle of attack as measured from the axis of 
coordinates, in equation (VI) 

dW2=-V(l-e~2i^))~2i Vsin (« + er)e~f(“+^ 

= — F[1 —cos 2(a + (p) + 2 sin(a+er) sin (a + <p) 

+ i (sin 2 (a + <p) + 2 sin (a + e^) cos (« + <?))] 

dw 2 
dz 

V2[4 sin2 (a + er) + 8 sin (a + er) sin (a + <p) 

+ 4 sin2 (« + <£>)] 

dw 
dz 

=2 F[sin (a + vj'i + sin (a + eT)] 

Replacing ^ by 0 + e (eT, the angle of zero lift, is the 
value of <p — 0 at the tail5), we have 

! =2 V [sin (a + 0 + e) + sin (a + er)] 

For a point on the airfoil we have, then, 

v — 
dw | dz 
dz ! df 

^ and from (XI), finally 

v=V 
[sin (a + 0 + e) + sin (a. + e^)] (1 + e') 

V(sinhV + sin2 0) (1 + W2) (XII) 

where the various symbols have the following signif¬ 
icance : 

v is the velocity at any point (x, y) of the airfoil. 
V is the uniform velocity of flow at infinity. 
y is the ordinate of the airfoil as measured from 

the x-axis, where to fix the system of coordi¬ 
nates (2a, 0) is the point midway between 
nose and center of curvature of the nose, 
and ( — 2a, 0) is the point midway between 
the tail and center of curvature of the tail, 

a is the angle of attack as measured from the 
x-axis as indicated in Figure 6. 

y, 0, \f/, \p', e, and e' are all functions of x. 
Equation (XII), expressing the value of the velocity at 
any point of an airfoil of any shape, is surprisingly simple 
when the complex nature of the problem is considered. 
It has the distinct advantage of being exact; no approxi¬ 
mations have been made in the preceding analysis. 

We shall note some of the properties of this impor¬ 
tant relation. Because y is generally small, the term 

—- is of influence chiefly near the leading edge, 
2a sin 0 
where sin 0 is small. It is noticed, however, that if 

y =0 for 0 = 0, equation (XII) yields in all cases 
sin 0 
y=co. This means that the velocity at the nose be¬ 
comes infinite for sinh ^ = 0 (thin airfoils). This fact 
has been pointed out in an earlier report. (Reference 

2.) The quantity 2amQ or sm^ ^ 1S ^ms con‘ 

siderable significance in the theory of thick airfoils. 
The velocity near the tail is obtained by putting 

0 = 7r + A0 and e = eT + e'A0. Where A0 is a small angle, 

in equation (XII) 

eio (l + e') [sin (0 4- a + e) + sin (a + er)] 

V (sinh21p + sin2 0) (1 + \0'2) 
v \ 
V 

we get 
v i _j t 

VT 

e^° (1 + e') [ — A0 + ol + €7"+ e'A0 + ot + ey] 

V(^2 + A02) (1+W2) 

eU (1 + e')2 A0_ 

~ -yJ(t2 + M2) (l+t'2) 

(1 + e')2 

(f) 
a+'A'2) 

s It should be pointed out that the rear stagnation point is chosen to be on the 
i-axis at 0=tt. The curvature at the tail is, as far as the specification of the ideal 
circulation is concerned, to be considered as a mechanical imperfection. 
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i/' near the tail may be expressed as 3. Sin 20, sin 0, and 0 are determined by the relation 

\pT + \p' Ad 4- \ \p" (Ad)2 + 2 sin =0 = p + + (|) "'here p- 1 - (£) - (£) 

or 

f _1pT 
Ad Ad 

+ \pf + g *P" Ad + 

The quantity ^ is infinite if \pT is different from zero 

at A0 = O. The velocity is in this case zero, indicat¬ 
ing the presence of the rear stagnation point. If, on 
the other hand, i/'t is zero, that is, if the tail is per¬ 

fectly sharp, 

f =1p' for A0 = 0 
Ad 

and the velocity at the tail is 

Vt~v (i+ip'2) 

or 

, T„«*'(l + 04 
VT -V 2)2 (g) 

4. \p is given by the relation 

5. \p is plotted as a function of d 

1 C2?r l f 2x 
<Ao:=9 = oZ I ’/'dtf 

i r2- (&—v) 
6. Determine ec= — 0 \p cot-—&<p by for- 

Z7T Jo ^ 

mula shown in the appendix: 

ec = —1 [0.628<A%+1-065 (iAi~>A-i) +0.445 OA2-W2) 
7T 

+ 0.231 (<A3 - P-3) + 0.104 (^4 - <A_4)] 

where \p'c is the slope of the \p curve at </? = Vc Pi the 
2 7T 

value of p at <p = ipc + ^ , p2 at <p = <pc + , etc. 

(For the Clark Y, vT2 is about 0.88 E2 near the tail.) 
We obtain the front stagnation point by letting 

y = 0 in equation (XII). Hence 
a: + 0 + = — (ce + er) 

d = — (2a + eN + eT) 

In a previous report (reference 2) 

6^+ eT 

ai~ 2 

has been defined as the ideal angle of attack. It is 
seen that, for this angle of attack, d is zero or the stag¬ 
nation point occurs directly at the nose. 

Equation (XII) may also be applied to strut forms, 
and for such symmetrical shapes takes even a simpler 

form. 

PRACTICAL APPLICATION OF RESULTS 

We will now apply Formula (XII) to the typical 
case of the Clark Y airfoil and calculate the velocities 
at points of the airfoil surface. The detailed method 
of procedure is as follows. 

1. The axis of coordinates is drawn through the 
points (2a, 0) and ( — 2a, 0) located respectively at the 
point midway between the nose and the center of 
curvature of the nose and the point midway between 
the tail and the center of curvature of the tail. (See 
fig. 6.) The radius of curvature at the leading edge is 

1.75 per cent chord. 
2. The points (x, y) of the upper and lower surfaces 

of the airfoil are determined with respect to this axis. 

7r 
p_i the value of p at <pc— ^ , etc. 

7. From the e versus d curve and from the \p versus 
d curves e' and \p' are determined. 

8. Determine F by the relation 

F= 
(l+e')e*- 

/[( y 
2a sin d 

+ sin in 20~|(1 + -A'2) 

9. (0+e) is determined in radians and degrees. 
10. Sin (0 + a + e) + sin (a: + eT) is now calculated 

where a is the angle of attack as measured from the 

axis of coordinates. 

11. p.= i+|sin (0 + o: + e)+ sin (a + er)] 

P S'v V 
12. — =1—(pressure) 

The entire calculation, properly arranged, can be quite 

accurately obtained in a very short time. 

COMPARISON WITH EXPERIMENTAL RESULTS 

In order to compare the theory with experimental 
results, the geometric angle of attack aa as measured in 
the wind tunnel must be corrected for a number of 
items, such as finite span and effect of wall interference. 
We may, however, obtain approximately the apparent 
or effective angle of attack aA (in radians as measured 
from the angle of zero lift) by taking the quotient 
of the area of the pressure-distribution curve and 
5.5, since it is known that this value of the lift coeffi- 
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Figure 2.—Pressure-distribution curves along i-axts of ClarkY; — against per cent chord 

(a) « = 9°33'. (6) 0 = 5° 19'. (c) a= —1° 16'. (d) a=-3° 15' 
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Per cent chord 

4 0 4 8/2 
Perceni chord 

4 0 4 6 /2 
Per cent chord 

Per cent chord 

Figure 3.—Theoretical pressure distribution along i/-axis of Clark Y 
(a) a=9° 33'. (6) a=5° 19'. (c) a=-l° 16'. (d) a=-3° 15' 

cient is very nearly realized in most cases. This has 
been done in Table III, and the angle of attack a, which 
should be substituted in the Equation (XII), is 
given in the last column. The pressure distribution 
curves, Figures 2a, b, c, d, and 3a, b, c, d, were obtained 
by application of Equation (XII) to the Clark Y airfoil. 
Numerical results are shown in Tables I, II, and III. 
The experimental values are from original data sheets 
for N. A. C. A. Technical Report No. 353, and are 
not entirely consistent due to difficulties experienced 
in these experiments. After the theoretical pressure 
distribution curves have been obtained, the moments 
about any required axis may be found. Table IY 

.12 

.08 

M 

.04 

O 
-4‘ 

1 

k— — — • —3—r 

-0- 
Theoretical 
-X- 
Oxperimt ?nta! 

-2C Oc 2° 

ce 
4C 8C 

Figure 4.—Moment against angle of attack 

gives some of these results and Figure 4 shows the 
comparison with experimental data taken from N. A. 
C. A. Technical Report No. 312. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., October 15, 1981. 



EVALUATION OF THE FORMULA 

APPENDIX 

(<p — Q)c = 
(p~ Pc) 

2 
d <p 

Although the above integrand becomes positively 

and negatively infinite around <p= <pc, it is readily 
verified that for finite, throughout the range 0 — 2t, 

the integral remains finite, the positive and negative 
infinite strips exactly canceling each other. 

The value of the integral for any point <pc may be 
accurately obtained by the following device. We 
know that if \p is a continuous function and the range 
(P2 to <p2 not too large 

1 
2 

cot (<p—<Pc) 

2 
d<p is very nearly \pA log 

sin 

sin Pi ~ <Pc 
O £ 

where \J/A is the average value of \p in the range tpx to 
■<p2. Also near <p = <pc we may write 

t= tc + (p — <Pc) t'c + (p ~ Pc)* 

Then for s a small quantity 

V,+\ (p“Pc) / v* + 
ip cot 

r ‘pc+s 
d<? = 2 \p't 

J<Pc—S 

=4 src 

(p~Pc) „„A(p—Pc) J 
2 *c°t—2— 

(Since the even powers drop out and the lim <pcot <p = 1). 
<p—>0 

Let us now divide the interval 0 —2x into 10 parts, 
starting with (pc as a reference point. (See fig. 5.) 

Figuke 5.—The ^ against </> curve, illustrating method of evaluation of te 
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1 f2 'f YC) 
•=~2rjo *eot •> iv 
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2 

7T 

. 3 7T 

^ S11190 
i)iog o . 7r 

sm 20 

. 5ir . 7 7r 
sm on Sm 20 

+ (^2-^-2) log-o-+(^3“^-3) log- c 
• 07T . 07r 

sm 2Q sm 2^ 

sm 

+ log 
sm 

9 7T_ 

20 
7 7T 

20j 

1 
= - [0.628 Wc + 1.065 OL - <A-i) + 0.445 (<L - ^-2) 

7T 

+ 0.231 (^3 —17-3) + 0.104 (t^4 —1^_4)] 

where 1p'c is the slope of the \p curve at cp = (pc 

7r 7r 
\f/x value of \p at <p = ¥>c+ r ’ v^-i at 9 = ^c— r> 

o 0 

: 7r 37T 
\p2 at <p = (pc+ r » ^3 at —<£>c + v > etc 

To evaluate the above integral it is, strictly speak¬ 
ing, necessary to know \p as a function of tp rather than 
of 0.1 We have <p = 0 + e. For all flattened or stream¬ 
line bodies, however, 6 is small; for ordinary airfoils 
it is, in fact, so small that may unconditionally be 
considered equal to ^(<f>). For the sake of mathe¬ 
matical accuracy we will, however, indicate how the 
problem may be solved also for bodies of more irregular 
contour by successive approximations. We have 

\p (v?) = V' (0) + 6 'P' (0) + 

As a first approximation we neglect the second and all 
following terms of this expression. The value of e 
thus obtained by graphical integration or otherwise 
is then used in the expression for 1p{<p) and a second 
integration is performed, etc. 

1 The equation for < is a nonlinear integral equation and to obtain its exact solu¬ 
tion is a difficult matter; fortunately because of the small magnitude of « the solu¬ 
tion is obtainable to any desired accuracy by ordinary definite integrals. 
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APPLICATION OF FLOW FORMULA TO THE SPECIAL 
CASE OF AN ELLIPTIC CYLINDER 

As a matter of interest we will assume the form of 

the body to be the ellipse + (2a sa J “1 

V 
and find y for zero angle of attack, i. e., we have 

= ^/0 — constant, = 0, e=-0, e'= 0, <x = 0. 
Equation (XII) becomes 

v\_ sin 9 • e* 

V/ Vsinli21p + sin2 9 

y-e* 
2a sinh \p 

A/sinh^+(2-^L)1 

and 
2 e2* (2ay)2 
q \VJ (2a sinh iA)4+ (2ay)2 

This result checks exactly with the form given by 
Dr. A. F. Zahm in N. A. C. A. Technical Report No. 
253, Flow and Drag Formulas for Simple Quadrics, 
equation 14. 

REFERENCES 

F= 
(1+6') e 'I'O 

VKsrffirJ+sin2s](1+^2) 

(e*° = 1.11); 

Column 14 gives 0 + e in degrees. The velocity at any 
point x and angle of attack a is given by 
-y=y[sin (a + 0+e)+ sin (a + er)]-F and the pressure, 

It must be noted that a is measured from the line of 

flow to the x-axis as shown in Figure 6, and if otherwise 
measured, must be reduced to this basis. 

1. Glauert, H.: Elements of Airfoil and Air-Screw Theory. 
Cambridge University Press, 1926. 

2. Theodorsen, Theodore: On the Theory of Wing Sections 
with Particular Reference to the Lift Distribution. T. R. 
No. 383, N. A. C. A., 1931. 

EXPLANATION OF THE TABLES 

The first part of Table I refers to the upper surface 
or to positive ordinates of the Clark Y, the second 
part to the lower surface or to negative ordinates. 
Column 1 gives the location in per cent of the chord; 2 
gives the ordinates with respect to the x-axis in this 
same unit; 3 and 4 give x and y in the present system 
of coordinates; 5, 6, and 7 give sin2 6, sin 9, and 9, 
respectively (Equation (III)); 8 gives \p (by equation 

(IVa)); 9 gives e (appendix); 10 and 11 give 
d^ 
d 9 

and 
de 
d 9 

as obtained from \p against 9 and e against 9 curves; 
(See figs. 7 and 8). Column 12 gives the quantity 

Figure 8.—(a) The <l> against 0 curve for the Clark Y. (6) The * against 6 curve for the Clark Y 
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TABLE I 

CLARK Y 

UPPER SURFACE 

%C V in % c X V sinJ0 sin 0 e 
radians * € 6' F 6+t 

radians 8+ e 

0 0 2.035 0.000 0.000 0.000 0.000 0.188 -0. 079(6*) 
-.067 

0.000 0. 075 6. 33 -0.079 

O 

-4 

/ 

32 
1.25 1.99 1.985 .0804 .0474 .218 .220 .184 .035 .080 4.20 . 153 8 47 
2. 50 3. 08 1. 934 .124 .0994 .315 .321 .198 -.055 .075 . 105 3.28 .266 15 17 
5.0 4. 59 1. 833 . 185 .195 .442 .458 .208 -.038 .060 . 115 2. 52 .420 24 4 
7.5 5.61 1.732 .226 .282 .531 .559 .213 -.026 .030 .115 2.16 .533 30 33 

10 6. 45 1.631 .260 .365 .605 .649 .214 -.016 .020 . 120 1.92 .633 36 16 
15 7. 70 1.430 .311 .512 .716 .798 .216 .003 .000 . 120 1.66 .801 45 53 
20 8. 55 1.228 .345 .640 .801 .929 .214 .020 -. 030 .120 1.48 .949 54 22 
30 9. 23 .824 .372 .837 .915 1.156 .202 .044 -.060 . 105 1.30 1.200 68 45 
40 9.28 .421 .374 .957 .978 1.361 .190 .063 -.065 .091 1.21 1.424 81 35 
50 8. 74 .0175 .353 1.000 1.000 1.571 . 176 .080 -.085 .078 1. 17 1.651 94 35 
60 7. 77 -.386 .313 .963 .982 1.761 . 159 .094 -. 100 .070 1. 18 1.855 106 16 
70 6.32 -. 790 .255 .847 .920 1.972 .137 . 106 -. 104 .025 1.22 2.078 119 3 
80 4.48 -1. 193 . 181 .649 .806 2.204 . 112 . 110 -.107 .004 1.36 2.314 132 34 
90 2.40 -1.596 .097 .368 .606 2.490 .080 . 106 -. 110 -.015 1.78 2.596 148 43 
95 1.25 -1.798 .050 .195 .443 2.683 .056 .095 -.080 -.075 2. 30 2. 778 159 10 

100 .06 -2.001 .002 .000 .000 3. 142 .030 . 062(6?) -.053 -.080 Large 3.204 183 33 

LOWER SURFACE 

0 0 2.035 0.000 0.000 0. 000 6.283 0. 188 -0. 079 0.000 0.075 6.33 6.204 -4 32 
1.25 1. 53 1. 985 -.0617 .0387 -.197 6.085 . 156 -. 100 . 170 .085 4.71 5.985 -17 5 
2. 50 1.95 1.934 -. 0787 . 0822 -.287 5. 992 .137 -. 105 . 162 .055 3.64 5.887 -22 41 
5.0 2. 38 1.833 -.0960 . 171 -.414 5. 857 . 116 -. 110 . 130 .000 2. 55 5.747 -30 43 
7.5 2. 61 1.732 -.105 .258 -.508 5. 750 . 103 -.107 . 110 -.015 2.09 5.643 -36 40 

10 2.73 1.631 -.110 .342 -. 585 5. 658 .094 -. 105 .093 -. 032 1.81 5.553 -41 50 
15 2.84 1.430 -.115 .492 -. 702 5. 505 .082 -. 100 .080 -. 046 1.49 5. 399 -50 40 
20 2.78 1.228 -. 112 .625 -.791 5.371 .071 -.093 .075 -.048 1.33 5. 278 -57 35 
30 2.47 .824 -. 0996 .831 -.912 5. 135 .055 -.081 .058 -.050 1. 15 5. 054 -71 0 
40 2.12 .421 -. 0885 .956 -.978 4. 922 .045 -. 072 .043 -.050 1.075 4. 850 -82 6 
50 1. 78 .0175 -. 0720 1.000 -1.000 4. 712 .036 -.058 .040 -.060 1.04 4.654 -93 21 
60 1. 38 -. 386 -. 0556 .962 -.981 4.518 .028 -.045 .030 -.060 1.06 4. 473 -103 40 
70 1.03 -. 790 -.0416 .844 -. 919 4. 306 .023 -.034 .025 -.060 1.13 4. 272 -115 14 
80 .74 -1.193 -.0295 .645 -.803 4. 075 .018 -.019 .022 -. 070 1.275 4. 055 -127 39 
90 .40 -1.596 -.0161 .364 -. 604 3. 790 .013 .000 .018 -.082 1.685 3. 790 -142 51 
95 .24 -1. 798 - 0097 . 191 -.438 3. 595 .011 .023 -.017 -.090 2. 30 3.618 -152 43 

100 .06 -2. 001 -.002 .000 -.000 3.142 .030 .062 -.053 -. 080 Large 3.204 -176 27 

TABLE II 

CLARK Y 

£ -[sin (0+«-f<)+sin («+*r)] • F 

a=9° 33' 
tT=3° 33' sin (a+*p =sin 13° 6'=0.2267 

Upper surface Lower surface 

%c s 
+

 
<*> +. 

sin 
(0+a-H) 

sin 
(0+a+e) + 
sin (a+«T) 

v I 
\V\ 

r 
\v\ 

P 

Q 
0+Ot+« sin 

(0+a-f e) 

sin 
(0+«+«) + 
sin (a+er) ^1

 ^
 

0 

O 

5 

r 

1 0. 0875 0. 3142 1. 99 3.96 -2. 96 

O 

5 

/ 

1 0.0875 0. 3142 1.99 3. 96 -2.96 ! 
1.25 18 20 .3145 .5412 2.26 5.12 -4. 12 -7 32 -.1311 .0956 .450 .203 .797 ; 
2. 50 24 50 .4200 .6467 2.12 4. 49 -3. 39 -13 8 -.2272 .0005 .002 .000 1.000 
5.0 33 37 .5537 .7804 1.97 3. 87 -2. 87 -21 10 -.3611 -. 1344 .343 .117 .883 ; 
7.5 40 6 .6441 .8708 1.88 3. 55 -2. 55 -27 7 -. 4558 -.2291 .479 .229 .771 

10 45 49 .7171 .9438 1.82 3. 30 -2. 30 -32 17 -. 5341 -. 3074 .556 .308 .692 
15 55 26 .8235 1. 0502 1.74 3.04 -2.04 -41 7 -. 6576 -. 4307 .643 .414 .586 
20 63 55 .8981 1.1248 1.68 2. 83 -1.83 -48 2 -. 7435 -. 5168 .685 .469 .531 
30 78 18 .9792 1. 2059 1.57 2. 47 -1.47 -61 27 -. 8784 -. 6517 .748 .558 .442 
40 91 8 .9998 1.2265 1.49 2.22 -1.22 -72 33 -. 9540 -. 7273 .788 .621 .379 
50 104 8 .9697 1.1964 1.40 1.98 -0.98 -83 48 -.9941 -. 7674 .800 .640 .360 
60 115 49 .9000 1.1267 1.33 1.76 -0. 76 -94 7 -. 9974 -. 7707 .821 .674 .326 i 
70 128 36 .7815 1. 0082 1.23 1.51 -0. 51 -105 41 -.9627 -. 7357 .834 .696 .304 S 
80 142 7 .6141 .8408 1. 14 1.31 -0.31 -118 6 -.8821 -. 6554 .836 .698 .302 
90 158 16 . 3703 . 5970 1.06 1. 13 -0. 13 -133 18 -.7278 -.5011 .844 .711 .289 
95 168 43 . 1957 .4224 .97 .95 0.05 -143 10 -. 5995 -. 3728 .857 .735 .265 

100 Formula (g) .935 .875 . 125 

Table II gives the numerical values for Figure 2a in detail as an example. See also Table I. 

TABLE III TABLE IV 

Figure 

Ms 
Moment 

about line 
z = 25 

per cent 
chord 

M, 
Moment 

about line 
v=o 

M T 

Moment 
about 
point 
z=25 

per cent 
chord, 
tf=0 

2a -0.0896 -0. 0085 -0.098 
2b -.098 -. 005 -. 103 
2c -.098 .000 -. 098 
2d -. 093 .0015 -.091 

Figure 

Geometric 
angle as 

measured 
from 

chord line 
experi¬ 

mentally 

ao 

Area of 
experi¬ 
mental 

pressure 
distri¬ 
bution 
curve 

A 

— _ a. 
5.5 A 
radians 

Apparent 
angle 

measured 
from 

zero lift 
aA~a+tT 

degrees 

Angle 
measured 

from 
chord line 
(to be used 
as a basis 

for 
comparison 

with ag) 
a~aA~3° 33' 

2a 

O f 

13 25 1.260 0.229 

O / 

13 6 

o / 

9 33 
2b 7 25 .855 .155 8 52 5 19 
2c -1 40 .221 .040 2 17 -1 16 
2d -4 35 .030 .0053 0 18 -3 15 
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THE 7 BY 10 FOOT WIND TUNNEL OF THE NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 

By Thomas A. Harris 

SUMMARY 

This report presents a description oj the 7 by 10 foot 
wind tunnel and associated apparatus oj the National 
Advisory Committee for Aeronautics. Included also are 
calibration test results and characteristic test data oj both 
static jorce tests and autorotation tests made in the tunnel. 

The tunnel air flow is satisfactory. The velocity, at 
the model location, is unijorm within ± 0.2 per cent and 
the air flow direction is parallel to the axis oj the jet 
within ±0.8°. 

The tunnel is equipped with a 6-component indicating 
balance, on which the three forces and three moments 
may be measured directly and independently. All tests 
are made at the same dynamic pressure on models having 
the same area and aspect ratio. By this arrangement, the 
results are obtained in coefficient jorm and very little time 
is required to reduce the test data. 

The balance may also be used jor making stable auto- 
rotation tests or jor measuring the rolling moment due 
to rolling. In such cases the jorce-test model support 

is replaced by one designed jor rotation tests. 

INTRODUCTION 

In 1928 the National Advisory Committee for Aero¬ 
nautics decided to replace its old 5-foot, closed-throat 
Venturi wind tunnel (reference 1) by two open-throat, 
closed-return-passage tunnels which, because of com¬ 
pact design, could be housed in the same building. 
One of these, the 5-foot vertical tunnel, built primarily 
for the study of spinning, is described in reference 2. 
The other, a 7 by 10 foot, rectangular throat tunnel, 
is described in this report. This tunnel is intended for 
general aerodynamic tests with particular reference to 
stability and control. 

The balance and operating equipment were designed 
to facilitate the making of routine force and autorota¬ 
tion tests. The same balance is used for either type 
of tests, but two easily interchangeable model supports 
are used. In the force tests all six components are 
measured directly in coefficient form, each one being in¬ 
dependent of the others. The rolling-moment coefficient 
and the rate of rolling are measured in the rotation tests. 

The tunnel was completed in the summer of 1930 
arid calibration tests were finished during the latter 
part of the same year. Since then the balance has 
been installed and the tunnel has been in continuous 
operation since early in 1931. 

DESCRIPTION 

THE TUNNEL 

The tunnel is shown in sectional plan and elevation 
in Figure 1. It has an open jet, an open test chamber, 
and a closed return passage. The direction of the air 
flow is indicated on the drawing. The air is drawn 
through the test section by means of a piopeller fan in 
the exit cone, and passes by way of the return passage 
and entrance cone back to the test section. The area 
of the exit cone and return passage is increased so that 
the velocity of the air is gradually decreased at the 
large end of the entrance cone to about one-fourth of 
that through the test section. 

The tunnel passages are constructed of %-inch sheet 
steel, stiffened with steel angles and supported by a 
steel superstructure. The over-all dimensions are 
shown on the drawing. 

Test section.—The air stream at the test section is 
open to the room in which the tunnel is housed. The 
space under the air stream and on one side is used for 
the balance, most of which is in a pit. The control for 
the propeller-drive motor and a dynamic pressure 
indicator are located on the same side of the jet as the 

balance. 
Entrance cone.—The sides of the entrance cone 

were first made of the form designated I-1 in Figure 1. 
Preliminary surveys showed a converging air stream 
which was corrected by changing the sides of the 
entrance cone to the form 2-2. In the large end 
of the entrance cone are four reference static-pressure 

orifices J. 
Exit cone.—The upstream end of the exit cone is of 

the same size as the downstream end of the entrance 
cone, the spillage air being allowed to pass outside 
the cone. Seven feet downstream from the mouth 
of the exit cone are 16 openings for the purpose of 
reducing the air pulsations, as explained in reference 3. 
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Guide vanes.—All the guide vanes have the same 
profile. The upper and lower curvatures of each vane 

to which it is directly coupled. The motor speed is 
controlled by suitable armature and field rheostats. 

are arcs of circles, the nose is formed by a third arc, 
and the trailing edge is sharp. The vanes were first 
spaced regularly in all four corners. After the first 
dynamic pressure surveys had been made, certain 
vanes were removed from the No. I and the No. 2 
corners in order to obtain a more uniform 
dynamic pressure at the test section. 

Honeycomb.—A honeycomb is placed ahead 
of the entrance cone (fig. 1) to straighten the 
air stream before it enters the entrance cone. 
The cells of the honeycomb are 1 inch square 
and 6 inches deep. 

Uniform dynamic pressure throughout the 
cross section of the jet at the model test posi¬ 
tion is obtained by wire screens placed on the 
outer portions of the upstream face of the 
honeycomb. These screens were adjusted 
until a satisfactorily uniform dynamic pres¬ 
sure was obtained. 

ASSOCIATED APPARATUS 

Propeller and motor.—The fan is a 6-blade, adjust¬ 
able-pitch propeller 10 feet 6 inches in diameter. It 
is driven by a 200-horsepower, direct-current motor 

With this propeller-motor combination air speeds 
from 0 to 80 miles per hour may be obtained. 

Dynamic pressure control and indicator.—The 
dynamic pressure is held constant with time b}7 means 
of a manometric balance which controls the operation 

Mercury Q 

'-\JJJLSJUJU 
1/200 hp split field 
reversible a-c motor 

A/VWWWVWW'i 

To field of 
tunnel d-c. drive motor 

T 

1 Ill 
si 

N.A.C.A. inverted 
cup manometer 

HO v a-c. 

-c 
>o= 

To referenceJ 
static pressure 

Indicating micro- 
[]<•-•■' manometer 

Figure 2.—Dynamic pressure-control apparatus 

of a field resistance of the propeller-drive motor. A 
diagram of this apparatus is shown in Figure 2. At- 
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tached to the beam of the manometric balance is an 
inverted cup partly immersed in a small tank of 
mercury. The static reference pressure of the tunnel 
is connected to the space under the cup and is balanced 
against a given weight on the balance beam. The 
balance beam is connected to one side of a 110-volt 
supply line; the other side of the line is connected 
through a small split-field motor to two contacts 
between which the balance beam moves. Thus, when 
the static reference pressure changes the circuit 
through the motor is closed. This motor operates 
a fine variable resistance in the field of the propeller- 

drive motor. The 
apparatus will 
hold the dynamic 

pressure constant 
to within ± 0.2 per 
cent. 

Coupled in 
parallel with the 
pressure line of the 
manometric bal¬ 
ance is an N. A. 
C. A. microman¬ 
ometer on which 
the static refer¬ 
ence pressure i s 
indicated at all 

times. 
B a 1 a n c e.—A 

special 6-compo¬ 
nent balance was 
designed and con¬ 
structed for the 
study, in this 

tunnel, of stability 
and control. This 
balance is shown 

diagrammatic ally 

in Figure 3. The 
six components 
are indicated, di¬ 
rectly and inde¬ 

pendently on dials, 
as coefficients with 
respect to the wind axes of the model. The balance is 
so arranged that either static or rotation tests ma}?- be 
made by simply changing the model support. For the 
most rapid and efficient operation, three observers are 
required, although the tests can be made with the same 
accuracy by a single operator. 

The balance (fig. 3) consists of a rigid floating 
framework A, to which the model is rigidly secured, 
connected by suitable linkages to six scales. These 
linkages are so arranged that the forces and moments 

are measured independently with respect to three 
mutually perpendicular axes intersecting at a point on 
the jet center line. One of the axes coincides with 
the center line of the jet; the other two are, respec¬ 
tively, vertical and horizontal. 

The floating framework is supported by three 
vertical members B, C, and D, pivoted on self-aligning 
ball bearings in the horizontal plane passing through 
the jet center line. These vertical members are also 
pivoted on self-aligning ball bearings at the bottom, 
which allow the framework to move in any horizontal 
direction. The vertical member D is pivoted, in the 

vertical plane 
through the jot 
center line, to a 
small scale Cm on 
which the pitch¬ 

ing moment is 
measured. The 
two members B 
and C, on either 
side of the frame¬ 
work, which are 

equidistant from 
and parallel to the 
vertical p1 a ne 
through the jet 
center line, are 
pivoted to each 
end of a truss E 
which in turn is 
pivoted to rotate 

about its center. 
Under one side of 
this truss a small 
scale Cfiis pivoted 
on which any dif- 
ference of the 
force on the two 

vertical members 
is measured as a 
rolling moment 
The pivot support 
of the truss, the 
pitching - moment 

scale, and the rolling-moment scale all are mounted on 
the platform F of a large scale on which the total ver¬ 
tical force or lift is measured. This force is indicated 

on dial CL. 
The drag is transmitted to bell cranks by means 

of two members G and H in the horizontal plane of 
and parallel to the jet centerline, and pivoted to the 
framework by self-aligning ball bearings. The force 
is transmitted through the bell cranks vertically to a 
truss I from which the drag and the yawing moment 
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are measured on scales CD and C;i, respectively, in 
the same manner as the lift and the rolling moment. 

The cross-wind force is taken by a third member J in 
the horizontal plane of and perpendicular to the jet cen¬ 
ter line, and is pivoted to the framework on the center 
line of the bearings on the side of the framework. The 
force is transmitted vertically through a bell crank to 
the platform of the cross-wind force scale Cc. 

The scale heads and platforms used in the balance 
are of commercial design. The scales are special in 
that they all have platform deflections of less than 
0.01 inch. (The misalignment caused by this small 

All pivot points in the balance, other than those in 
the scale heads and platforms, are self-aligning ball 
bearings. They have the advantage of transmitting 
forces in more than one direction. In the complete 
balance assembly 32 ball bearings were used, whereas 
if knife edges had been used 76 would have been 
required. 

The floating framework and the scale platforms are 
enclosed in fairings to eliminate balance windage. 

The lift, drag, cross-wind force, and pitching-mo¬ 
ment scales, will indicate the respective coefficients CL, 
CD, Cc, and Cm to within ± 0.001. The minimum value 

i 
ijl 'VHJPW U»" ' ySlt- ■; SsSSSr. , 

mum s- t; fc. W .. 1-fiJB \ -A. 

Figure 4.—Force-test set-up in tunnel 

deflection will not introduce an appreciable error in 
the results ) The indicating dials of the scales are espe¬ 
cially graduated and special weights are used that make 
it possible to measure directly the coefficients about the 
wind axes of the model. These coefficients are based on 
the dynamic pressure corresponding to a wind velocity 
of 80 miles per hour under standard atmospheric con¬ 
ditions, and on a model with an area of 600 square 
inches and an aspect ratio of 6. If a model of different 
area or aspect ratio is used, or if tests are made at a 
different dynamic pressure, a correction factor must be 
used for reducing the data to coefficients. 

I of cD may be determined to within ± 0.0005 owing to 
the steady conditions of this test. Rolling and yawing 
moment coefficients C* and C„ may be measured to 
within ±0.0001. 

Force-test model support.—The force-test model 
support (fig. 3) consists of a tripod K which is secured 
to the floating framework. A vertical tube L extends 
from the bottom of the framework through the center 
of the tripod. The model is secured to the upper end 
of this tube by a bracket. The model is so located 
with respect to the balance that a point on the chord 
one-quarter of the chord behind the leading edge at 
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midspan coincides with the origin of the three moment ' 
axes of the balance. The angle of attack is changed 
by a small electric motor M on the floating framework. 
An angle-of-attack range from —30° to +70° may be 
obtained with this arrangement. The angle of attack 
is indicated by a calibrated revolution counter. 

The angle of yaw, or sideslip, is changed by rotat¬ 
ing the vertical tube to which the model is attached. 
The tube is geared to a shaft with a handwheel N for 
changing the angle of yaw. In the yawed condition 
the angle of attack as measured is the angle in the 
plane of symmetry between the chord of the wing and the 
horizontal. Both the angle of attack and the angle 
of yaw may be changed while the tunnel is running. 

The model support is completely inclosed in a stream¬ 
line fairing, except for the bracket to which the model 
is attached and a small pivoted strut for changing the 
angle of attack. (Fig. 4.) 

Rotation-test model support.—The balance may be 
used as an autorotation dynamometer by mounting a 
wing-rotating device (fig. 5) on the framework in place 
of the force-test model support. The mountings of 
both the rotating device and the force-test spindle are 
easily interchangeable; the change requires about two 

•hours’ time. 

The rotation-test model support (fig. 5) consists of a 
horizontal spindle supported in a housing A on the jet 
center line. A gooseneck B, on which the model wing 
is mounted, is fastened to the forward end of the 

spindle. This gooseneck is statically balanced by 
counterpoise H which is secured to the opposite end 
of the spindle. The mechanisms C and D for changing 
the angles of attack and yaw are incorporated in the 
gooseneck. 

The spindle is rotated through reduction gearing E 
by motor F. The gearing is so arranged that it may 
be engaged for rotating the spindle at a desired rate 
or disengaged for stable autorotation tests. In the 
forced rotation tests the torque is measured dircetly 
as a rolling moment coefficient on the balance rolling- 
moment scale. If desired, the drag may be also 
measured while the model is rotating. 

The rotation device is enclosed in a streamline fairing 
except for the tube A, gooseneck B, and counterpoise 
H. Figure 6 is a photograph of the balance with the 
autorotation device in place. 

SURVEYS AND CALIBRATIONS 

In the calibration of the tunnel, djmamic pressure 
and air stream angularity surveys were made at the 
model location, 2 feet 10 inches downstream from the 
entrance cone. Seventy measurements of the dynamic 
pressure were made at points equally distributed over 
a vertical plane perpendicular to the air stream at the 
test model location. The surveys of the tunnel in its 
final form showed a maximum variation of ±0.4 per 
cent in dynamic pressure at the test model location. 
The angularity of the air stream measured at the 
same points showed the maximum variation in pitch 
and yaw to be ±0.3°. There is no definite twist in 
the air stream. 

A static pressure survey was next made along the 
jet center line at 1-foot intervals between the entrance 
and exit cones. The survey showed a gradual decrease 
in static pressure as the air moves downstream. The 
difference in the static pressure across the standard 
model chord length, 10 inches, was found to be 1.8 
per cent of the dynamic pressure. 

The reference dynamic pressure at the model loca¬ 
tion is the integrated mean dynamic pressure over 
the area covered by the span of the model but with 
the model removed. The static pressure as obtained 
from the four openings just ahead of the entrance cone 
was calibrated against the reference dynamic pressure 
over the entire speed range of the tunnel. This 
calibrated static pressure is the static reference pres¬ 
sure used to operate the tunnel at any desired dynamic 

pressure. 
Energy ratio tests were made over the entire speed 

range of the tunnel. The energy ratio is defined as 
the ratio of the kinetic energy per second of the air 
flowing through the jet to the electrical energy input 
per second to the motor. The energy ratio of the 
tunnel is 1.41 at a tunnel air speed of 80 miles per 
hour. 
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Figure 6.—Autorotation-test set-up in tunnel 

Force tests were then made to determine the forces 
acting on the supports. These tests were made with 
the model supported independently of and in the same 
position that it normally occupies with respect to the 
balance. The support forces and moments were 
found to be small (the support drag was about one- 
third of the minimum drag of the Clark Y airfoil) and 
constant for all angles of attack. To eliminate a 
computation they are compensated for by setting the 
zero readings of the scales off zero by the proper 
amounts. 

Finally, air flow alignment tests made with the 
model first in the erect and then the inverted test 
position show that the air stream has an angle of 13' 
upflow at the model location. A correction to the 
measured drag is necessary because of this misalignment 
and is applied as explained in reference 4. 

CHARACTERISTIC TEST DATA ^ ££ [ g 

In Figure 7 the curves of the coefficients of lift, drag, 
cross-wind force, and pitching moment have been 
plotted for the range of angles of attack from —10° 
to + 60°. The test model used was a Clark Y airfoil 
with a 10-inch chord and a 60-inch span, and the model 

| Figure 7.—The variation of lift, drag, cross-wind force, and pitching-moment 
coefficients witli angle of attack; 7 by 10 foot wind tunnel, force test, 10 by 60 inch 

1 rectangular Clark Y airfoil, yaw =20° 
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was set at 20° positive j’-aw. The rolling and yawing 
moment coefficients were determined for the same test 
conditions and are plotted in Figure 8. 

Figure 8.—The variation of rolling and yawing moment coefficients with angle 
of attack; 7 by 10 foot wind tunnel, force test, 10 by 60 inch rectangular 
Clark Y airfoil, yaw =20° 

In Figure 9 the stable autorotation characteristics 
are shown for the same airfoil at 0° yaw. The rolling 

moments due to roll at a constant rate of rotation for 
the same airfoil at 0° yaw are shown in Figure 10. 

attack at a rate of rotation |^=0.05; 7 by 10 foot wind tunnel, rotation 

test, 10 by 60 inch rectangular Clark Y airfoil, yaw=0° 

CONCLUSION 

Eight months of operation of the tunnel and associ¬ 
ated apparatus have demonstrated that test results 
may be accurately and rapidly obtained with a small 

personnel. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., October 22, 1981. 
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REPORT No. 413 

A METHOD FOR COMPUTING LEADING-EDGE LOADS 

By Richard V. Rhode and Henry A. Pearson 

SUMMARY 

In this report a formula is developed that enables the 
determination of the proper design load for the portion of 
the wing forward of the front spar. The formula is inher¬ 
ently rational in concept, as it takes into account the 
most important variables that affect the leading-edge load, 
although theoretical rigor has been sacrificed for simplicity 

INTRODUCTION 

Recent failures of the leading-edge structures of 
some airplanes at high angles of attack and in nose 
dives have indicated the necessity for a revision of the 
specifications for the design of the leading edge of the 
wing. (See figs. 1 and 2.) While the present Army and 
Navy design rules (references 1 and 2) furnish a fairly 

Figure 1.—Leading-edge failure that occurred in a fast dive 

and ease of application. Some empirical corrections, good criterion for the strength of the leading-edge struc- 
based on pressure distribution measurements on the ture in the high angle of attack condition, the entirely 
“PW-9” and “MS” airplanes, have been introduced to arbitrary provision for the nose-dive condition is 
provide properly for biplanes. inadequate in many cases. The Aeronautics Branch of 

Results from the formula check experimental values in the Department of Commerce has no rule for either case. 
a variety of cases with good accuracy in the critical load- The National Advisory Committee for Aeronautics 
ing conditions. The use of the method for design purposes is now in a favorable position to study problems of this 
is therefore felt to be justified and is recommended. nature, making use of pressure-distrubution data from 

249 
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flight tests and from tests at high Reynolds Numbers in 
the variable-density wind tunnel which have been accu¬ 
mulated over a period of years. 

It is, therefore, the purpose of this paper to develop 
and to present a more satisfactory rule for the practical 
determination of leading-edge design loads than has 
heretofore existed. 

The development of the formula involves, basically, 
theoretical considerations set forth in reference 3, 
although, in keeping with the interests of the practical 
designer, liberties have been taken with the rigorous 
theory to simplify the result as much as possible con¬ 
sistent with reasonable accuracy. Also, although the 
formula gives fair results for any condition of flight, 

DERIVATION OF THE FORMULA 

In reference 3, Theodorsen shows that the total load 
on a wing section may be considered as the sum of a 
“basic” load, which is a function only of the shape of 
the mean camber line, and an additional load, which is 
a function of the angle of attack measured with respect 
to the “ideal” angle at which the basic load occurs and, 
to a minor extent, a function of the nose curvature. 
He shows, further, that the distribution of the basic 
load is a function of the mean camber, and that the dis¬ 
tribution of the additional load is the same for any air^ 
foil except for a narrow region near the leading edge 
where it becomes dependent upon the radius of the nose. 

Figure 3 illustrates these points. 

Figure 2.—Result of leading-edge failure. Air entering at the opening of the seam burst the fabric 

it has been adjusted to give the best accuracy in the 
critical loading conditions. 

The principal result sought has been the value of the 
shear at the forward face of the front spar. Thus, the 
formula is developed to obtain this result and does not 
include provisions for the rational determination of the 
moment. An examination of pressure diagrams, how¬ 
ever, indicates that the centroid of the diagram area 
forward of the front spar, whatever the spar location, 
is confined within fairly narrow limits in terms of per¬ 
centage of spar distance from the leading edge for all 
airfoils. Empirical rules for the location of the center 
of gravity of the leading-edge load are, therefore, 
derived from which a static test may be devised to give 
a reasonably correct value of the moment as well as the 
shear at the critical section. 

Neglecting the minor variations at the nose, we may 
write, with only small error, for the whole wing section. 

CN = CB +K (a— «/) (1) 

where, CN—total load coefficient 
CB—basic load coefficient at a7 
K—constant additional load per radian 
a—nominal or geometric angle of attack 

(radians) 
<*i—ideal angle of attack 

For the present purpose it is of interest to examine the 
portion of the load forward of the front spar location, 
which is usually anywhere from 8 to 15 per cent of the 
chord. Equation (1) may be modified as follows: 

Cs = k Cb+K' (a — a/) (2) 
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where, Cs is the load coefficient forward of front spar 
face and k and K' are appropriate constants. 

Equation (2) is in such a form that the leading-edge 
load is given as a fraction of the total load on the sec¬ 
tion. The use of the function (a — af) restricts the 

at/0 = 6.23 (2/1-2/5)+0.47 (y2-y4) 

where ylf y2, y4, and y5 are the ordinates of the mean 
camber line, as fractions of the chord, with respect 
to a line joining the extremities of the mean camber 

Ci < CL I 

Figure 3.—Pressure distribution above and below the “ideal’* angle of attack 

application of the formula to two-dimensional flow, and, line, at stations #4 = 0.00542 c, #2 = 0.125c, #4 = 0.874 

for a practical case, the induced angle of attack a{ c, and x5 = 0.995 c. 
would have to be determined and subtracted from a. The formula may be simplified and its use facilitated 
Further, at would have to be determined from the by the substitution of a function of CN for (a — a:). 
Gauss solution of Theodorsen’s expression, viz: Referring to Figure 4, 
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(a — «/) = 
Cn CB 

A( \ 
A« 

AC 
where, “5^ = 5.5. 

’ A a 

Substituting in equation (2), the following expression i 

is obtained: 

Cs = k CB+K' 
r, ( Cn Gj 

5.5 
(3) 

At this point it is necessary to determine k, CB, and 
IC. It has been pointed out that the distribution of 
the additional load which arises as a result of any depar¬ 
ture from is constant. The value of K', therefore, 
depends only upon the spar location, and graphical 

value of a — ar is also large. The argument does not 
apply to airfoils with very low camber near zero lift, 
but in such cases the total loads are small and of little 
interest. It is, therefore, assumed, for the sake of sim¬ 
plicity, that the value of CB is a function only of the 
general shape of the median line and of the maximum 
mean camber (measured always with respect to the 

chord of the mean camber line), and that the value of 
k, which is the portion of the basic load forward of the 
spar, is a function only of spar location for airfoils of the 
same general shape. To obtain working values of CB 
and k, curves have been drawn through theoretically 
derived values for several airfoils of conventional and 
reflex form with various cambers and, in the case of k, 

for several spar locations. 

from zero for symmetrical sections to finite positive 
quantities for cambered airfoils. It may be considered 
negative for inverted sections. While its value may be 
determined precisely only by means of pressure meas¬ 
urements at the ideal angle of attack or by Theodor- 
sen’s expression, an approximation is sufficient for the 
present purpose. It may be said here, in justification 
of this step, that the ideal angle of attack is the angle 
at which the flow enters the leading edge smoothly, 
corresponding to the Kutta condition for smooth flow 
at the trailing edge. The basic load on the forward 
portion of the section is therefore small compared to 
the additional load imposed when the airfoil is at the 
angle of attack of maximum lift, one of the critical 
loading conditions for the leading edge. The same 
argument applies for the other critical condition, that 
of nose dive, in which, for commonly used airfoils, the 

Ficur e 5.—K\ against spar location 

Before the formula is put in its final form, the normal 
discrepancy between theoretical and experimental re¬ 
sults must be taken into account. This discrepancy 
arises largely as a result of skin friction and is evidenced 
by progressively increasing pressure losses as the trail¬ 
ing edge is approached. The effect is, therefore, to 
shift the line of action of the experimental total load 
forward of that for the theoretical load, which results 
in an increase in the values of k and K'. The multi¬ 
plying factor for k and K' was found, by a method of 

averages, to be 1.17. 
The formula may now be written 

0^1.17 0 K'\n , 1.17 K'Cn 
oAJCb+ 5.5 

(4) 
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The result is further condensed to 

Oa={-KxCB+K*C*) (5) 

which is the final and useful form, giving what may be 
termed the “leading-edge shear coefficient,” or the 
leading-edge load per unit chord, per unit span, per 
unit q. From this, substituting CL for CN, the total 
load per unit span is 

Wi.e. = Csy2pV2c 
= (-K1Cb+K2Cl)cX'ApV2) 

where c, p, and V have their usual significance. 
Curves for K\ and Iu as functions of spar location 

are given in Figures 5 and 6, respectively, and curves of 

O 5 10 15 20 

Locoti on of forward face of front spar in 

per cent of chord, (x) 

Figure 6 —Ki against spar location 

6b against maximum mean camber are given in Figure 7. 

Figure 8 is included merely to show the manner in 
which yrnax is measured. 

COMPARISON OF RESULTS FROM FORMULA AND 
FROM PRESSURE-DISTRIBUTION TESTS 

For the purpose of checking the validity of the for¬ 
mula by comparison with pressure-distribution dia¬ 

grams, only those diagrams which were obtained from 
the variable-density wind tunnel at high Reynolds 
Numbers (reference 4) and from flight tests are used. 
While a vast quantity of pressure-distribution data 
from other sources is available, they have shown such 
inconsistency among themselves and with variable- 
density wind tunnel and flight results that it is 
believed advisable to avoid confusion, and possibly 

misleading conclusions, by the elimination of them 

from consideration altogether. 
A comparison of the calculated shear coefficients Cs 

with experimental values obtained from tests on mono¬ 
plane airfoils in the variable-density tunnel is given in 
Table I. It will be noted that the agreement is good at 
high angles of attack for the variety of airfoils and spar 
locations given, the maximum difference being 12.9 per 
cent in the case of the N. A. C. A. 84-J airfoil with spar 
location at 20 per cent chord. 

At lift coefficients of zero or slightly below, represent¬ 
ing the nose-dive condition, the agreement is quite good 
at all spar locations for the R. A. F. 30 and N. A. C. A. 
84 airfoils. Larger errors, however, are apparent for 

Figure 7.—Relation of Cb to maximum mean camber 

Figure 8.—Maximum mean camber, ymax of the Clark Y airfoil 

the M-6, Clark Y, and 84-J. There are several rea¬ 
sons for this apparent decrease in accuracy. First, 
differential normal pressures are less at the nose near 
zero lift than at maximum lift when the air speed is 
maintained constant. This condition results in larger 
percentage experimental errors at the low angles of 
attack, since small pressures are more difficult to meas¬ 
ure with accuracy than large pressures. Second, the 
peculiar shape of the pressure diagram for lift coeffi¬ 
cients near zero is of itself a cause for greater experi¬ 
mental error. Slight inaccuracies in locating pressure 
orifices result in large percentage errors in the leading- 
edge shear coefficient since the pressure gradient along 
the chord near normal front-spar locations is extremely 
steep. Tins source of error is an important considera¬ 
tion when using test data from small models. In 
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addition, since the leading-edge part of the pressure 
diagram is roughly a narrow triangle in shape (see fig. 
3), much depends upon the proper location of orifices 
and upon accurate measurement at a pressure station 
near the apex of the “ triangle. ” Such causes as the 
above could easily explain most of the apparent 20 per 
cent error in the results on the Clark Y. 

In the case of the M-6 another source of error exists. 
Because this airfoil has such a low camber, the value of 
a— aj is small near zero lift; thus the basic load, which 
in the formula is only approximated, largely predomi¬ 
nates. In fact, it may be expected that, as a — ar 
approaches such a value that the difference between 
the “basic” pressures and the “additional” pressures 
near the nose approach zero, percentage errors will 
become infinitely great. These errors, however, have 
no practical significance. It is to be noted, in this con¬ 
nection, that the nose-dive shear coefficients for the 
M-6 are quite small compared with those for the other 
airfoils, excepting the symmetrical R. A. F. 30 section. 

The greatest errors occur in the case of the N. A. C. 
A. 84-J airfoil slightly below zero lift. Pressure dia¬ 
grams for this condition, showing definitely that the 
lower surface has stalled, indicate that these errors are 
almost entirely a result of the abnormal shape, or mean 
camber, of the section. It will be noted that the error 
is almost entirely eliminated if the concavity in the 
lower surface is removed to prevent this stalling; e. g., 
it will be noted that the error is small in the case of the 
N. A. C. A. 84, which is simply the 84-J with the con¬ 
cave lower surface replaced by a flat lower surface. 

In view of the above discussion, the accuracy of the 
results obtained with the formula applied to mono¬ 
planes is considered reasonably good. It is to be 
doubted that better results could have been obtained 
without greater precision in test measurements and 
appreciably greater complications in the method or 
formula. 

In Table II results obtained with the formula are 
compared with experimental results obtained in flight 
on the M-8 and PW-9 airplanes having the Clark Y 
and Gottingen 436 sections, respectively. The test 
data represented in this table are of an appreciably 
higher order of accuracy than those in Table I, having 
been recently obtained after improvements in test 
methods were effected. The maximum error on the 
Clark Y in this table is — 11 per cent, an amount which 
is not greater than might be expected as a result of the 
biplane arrangement. The upper wing in this case is 
alone represented. 

The error on the upper wing of the PW-9 airplane is 
about the same in magnitude and of the same sign as 
the error on the M-8 upper wing in the high angle of 
attack condition. In the nose-dive condition on the 
PW-9 lower wdng, however, the error is consistently 
high, averaging about 30 per cent, while on the upper 
wdng in this condition the error is negligible. 

EFFECT OF BIPLANE ARRANGEMENT 

No attempt is made here to include rationally the 
effects of superposed wings as in biplane combinations. 
The character of these effects should, however, be 
understood and some provision made for them in the 
design. 

One airfoil mounted beneath another airfoil may be 
considered to have two effects on the latter. First, by 
virtue of its downwTash at positive values of lift, the 
lower wing causes the upper wing to operate at an 
effective angle of attack which is smaller than that at 
winch it would operate as a monoplane. This 
effect does not influence appreciably the shape of the 
pressure diagram. Second, by virtue of the camber 
of the upper surface of the lower wing, the streamlines 
are curved even at an appreciable distance from the 
wing, a phenomenon which results in a decrease in the 
effective camber of the upper wing. This effect causes 
a small forward shift of the center of pressure on the up¬ 
per wing at high angles of attack and an increase in the 
leading-edge load. Thus, it is to be expected that the 
formula for leading-edge loads will give low values for 
the upper wing at high angles of attack. On the M-8 
and PW-9 airplanes (Table II) the result is 11 per cent 
too low. Most of this error, however, may be experi¬ 
mental error and error from the formula. In view of 
this and the reasonably small magnitude of the error, 
it is not considered necessary nor advisable to make any 
correction for the upper wing at high angles of attack. 

The effect of the upper wing on the lower is likewise 

small at the high angles of attack. 

At or near zero lift the effect of the curvature of the 
streamlines appears to be small on the upper wings of 
both the M-8 and PW-9. On the PW-9 lower wdng, 
however, the effect appears to be quite pronounced, as 
has been previously shown. A number of careful 
tests near zero lift on this airplane all bear out the fact 
that the shear coefficient on the lower wdng is about 
30 per cent greater than that on the upper wdng or that 

obtained from the formula. It is interesting to recall, 
in this connection, that the leading-edge failure on a 
recently built diving bomber occurred on the lower 
wing in a dive. (Figs. 1 and 2.) This evidence, with 

the results of the PW-9 tests, indicates that the 
requirements for the lower wing of a biplane in the 
nose-dive condition should be increased over those 
for the upper wing or the monoplane. On the basis of 
the PW-9 tests, it is suggested that this increase should 
be 30 per cent in some cases. Since the effect is prob¬ 
ably caused by an induced change in camber resulting 
from curved air flow, it is more logical to include the 
effect in the formula by increasing the value of CB 
rather than by increasing the final result arbitrarily by 

30 per cent. From the PW-9 tests it appears that the 
value of CB should be increased 40 per cent for the 
biplane lower wing in the nose-dive condition. This 
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correction is recommended for general use until more 

information is available. 

USE OF THE FORMULA 

In any design, the strength of the leading edge should 
be investigated for the two critical conditions, (a) high 
angle of attack, and (b) nose dive. Experience, as well 
as analysis, has shown that no other condition need be 
considered and that in some cases, such as designs 
making use of symmetrical or nearly symmetrical air¬ 
foils and designs of large airplanes that are never dived, 
the high angle of attack condition only is of interest. 
To make use of the formula for these conditions, the 
leading-edge shear coefficient Cs, and the dynamic 
pressure pV2 must be known. Cs, as has been shown, 
is a function of the shape of the airfoil and of the value 
of CN corresponding to the condition being inves¬ 
tigated. In a given design, with the airfoil and spar 
locations known, the constants K\, K2, and CB are 
readily determined from the curves given in Figures 
5, 6, and 7. It is necessary to determine the values 
of CN and }{pV2 that will make the strength of the 
leading edge consistent with the strength of the rest of 
the wing structure. This may be done as follows: 

Case I—High angle of attack.—The primary wing 
structure is designed to fail in a condition correspond¬ 
ing to maximum CN with a certain specified load factor. 
From the general lift equation, this is equivalent to 
saying, 

nW= Ow SX K Po Vi2 

where, nW—the load at failure 
n—high angle of attack load factor 

W—weight 
S'—wing area 
Po—standard sea-level density 

Vi—the indicated speed at which, with CNmax, 
the equation is satisfied 

This speed Vt is the speed to use in the leading-edge 
formula for the high angle of attack condition, and 

CWmax the proper value of CN. It is not essential that 
(7ivmax be determined with great precision, as any errors 
introduced in the shear coefficient will be approxi¬ 
mately compensated by errors of opposite sense in 
V2, with a resultant small error in the total leading- 
edge load. A representative problem, using the Clark 
Y airfoil, has indicated that CNmax may be in error by 
as much as 25 per cent and cause only a 5 per cent 
error in the total leading-edge load. 

In the case of biplanes, proper account should be 
taken of the relative wing-loading ratio. The above 

discussion of Cymax applies strictly only to monoplanes. 
It applies to biplanes when Cvmax is considered as that 
for the cellule and is used to determine V2. The mean 
lift coefficient for the biplane cellule should not be used 
in the formula to determine the leading-edge load for 
either upper or lower wings without correcting for the 

relative wing-loading ratio. This may be done by 

means of the following simple expressions, the wing¬ 
loading ratio being assumed known: 

where, Lu—lift on upper wing 
Li—lift on lower wing 
W—gross weight 
n—H. A. A. load factor 

Also, „ CN (upper) Lu Si Wn-L% St 
CN (lower) L/'SU Lx X 

Solve the above equation for Lh Then, 

CN (lower) = o 
/2 Po V i I 

and CN (upper) = R X CN (lower) where V2 is the value 
found using the cellule 6Vmax and the high angle of 
attack load factor. 

As in the case of the monoplane, the biplane-wing 
lift coefficients found by the above method may not be 
true values, since they depend on V2, which itself has 

been found from an approximate cellule (7iVmax. How¬ 
ever, this makes no practical difference, any errors 
resulting in the shear coefficient being compensated by 
an error of opposite sense in V2 to give a substantially 
correct leading-edge design load. 

The above biplane correction has nothing to do with 
the biplane corrections to the shear coefficient discussed 
in the preceding sections and is used merely to deter¬ 
mine the proper values of CN for the individual wings. 

Corrections to allow for the variation of CN along the 
span are not believed to be advisable in view of the 
added complication which would be involved. 

Case II—Nose dive.—In the nose-dive condition, 
the terminal velocity or the limited diving speed should 
be determined. The value of CN may be found by a 
solution of the conditions of static equilibrium for the 
case under consideration. It is suggested that, for the 
terminal-velocity dive, allowance be made for the possi¬ 
bility of encountering gusts and for slight inadvertent 
motions of the controls which may result in negative 
lift coefficients. This provision is important because 
the variation of leading-edge load with angle of attack 
near zero lift is extremely rapid, the load increasing 
greatly with small negative increments of lift coeffi¬ 
cient. So little is known about atmospheric conditions 
that it is difficult to establish a criterion for the de¬ 
termination of the proper negative lift coefficients on 
the basis of gusts. An examination of pilot-balloon 
data taken at Langley Field over a period of three 
months indicates that variations in horizontal wind 

velocities may be assumed as 15 feet per second, which 
would result in negative lift coefficients of from —0.15 
to —0.26 in the average case, depending on the termi¬ 
nal velocity. Other evidence exists which indicates 
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that a value of 15 feet per second is not too conserva¬ 
tive. In addition to the possibilities of encountering 
gusts, there is also the fact that wings twist in dives 
under the heavy torsional moments experienced with 
the common wing sections. This influence may result 
in negative lift coefficients at the outer portion of the 
wing, even wrhen the total lift coefficient is positive. > 
Since this effect increases with speed, it is probably 
better to assume a constant negative lift coefficient for 
all cases instead of one which would vary approxi¬ 
mately inversely with the speed if a standard gust 
were used as a basis. Until more is known about 
conditions in the dive, it is felt that a value of CN 
not less than —0.2 should be used in the nose-dive 
analysis. 

The correction for relative wing-loading ratio is not 
to be used for the nose-dive analysis, but the 40 per 
cent increase in CB for the lower wings of biplanes, as 
recommended in the preceding section, should not be 
forgotten. 

TYPICAL PROBLEM 

Given: 

Airplane_Biplane pursuit 
Weight_ 2,720 pounds 
Area (upper)_ 184 square feet 
Area (lower)_88 square feet 
Area (total)_ 272 square feet 
Mean chord (upper)_5.75 feet 
Mean chord (lower)_4.00 feet 

Airfoil: Clark Y 
(2/max ="3.60 per cent; see fig. G.) 

H. A. A. load factor n_ 12 

Spar-face location x_ 10 per cent chord 
Relative wing-load ratio_1.2 

Terminal velocity_ 280 in. p. h. (410 
f. p. s.) assumed 

Required: 
Shear at spar face on both upper and lower 

wings in 
(а) H. A. A. condition 
(б) N. D. condition 

Solution: 
Constants: 

K, = 0.223 

K2 = 0.367 
CB = 0.525 

High angle of attack condition: 
CWmax(cellule) = 1.4 (assumed) 

T7 2- 2nW 
Vi IASpo 

2X12X2 720 
” 1.4 X 272 X 0.002378 - 72,100 (f' p's'^ 

R = nW~L-y,S- 
L/i ou 

or u= 
nW 12X2,720 

(■Bf+1) (L2xw+1) 
y — 9,300 pounds 

r - 9>3QQ 9>3QQ i oo 
1ApoVi2Si 85.7 X"88“1'^ 

and, <7^ = 1.2X1.23 = 1.48. 

Thus, for the upper wing: 

10,., = (- K,Cb + KA) £ Vfy. 
JmJ 

= (- 0.223 X 0.525 +0.367 X 1.48) °'00923/8 

X72,100X5.75 

= 210 pounds per foot span, or 

210 
q j x g y . = 365 pounds per square foot average. 

For the lower wing: 
0 009373 

Wue. = (- 0.223 X 0.525 +0.367 X 1.23) 2 

X72,100X4 

= 118 pounds per foot span, or 

Q-y^^ = 295 pounds per square foot average. 

The preceding values are the total design loads. 
Nose dive condition: 

Kx = 0.223 
IC2 = 0.367 
CB = 0.525. 

as before 

CNu= -0.2001 
CNl= —0.200) assumed for N. D. 

CB (corrected for lower wing) =1.4X0.525 = 0.735 
Thus, for the upper wing: 

0 009373 
Wi.e. = (- 0.223 X 0.525 - 0.367 X 0.200) “ — 

X (410)2X 5.75 
= 219 pounds per foot span. 

For the lower wing: 

0 009373 
Wi e = ( 0.223 X 0.735 0.367 X 0.200) 0 

X (410)2 X 4 
= 190 pounds per foot span. 

The above values are the total applied loads. The 
design load is obtained by multiplying by a factor of 
safety, say 2, which gives a result of 438 pounds per 
foot for the upper wing and 380 pounds per foot for the 
lower wing. 

It will be noted that it was not necessary to multiply 
the high angle-of-attack results by two, since the factor 
of safety was taken into account by using the design 
load factor in the determination of V*. The same 
result would have been obtained by calculating I7*2 on 
the basis of the expected maximum applied load factor 
or n/2 (in this case, 6) and multiplying the final result 
by the factor of safety, 2. 

APPLICATION IN STATIC TESTS 

It is desirable, in static tests of the leading edge, to 
use a rectangular load distribution. Such a distribu- 
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tion is permissible if the stresses imposed at the critical 
section in flight can be well represented in this way. If 
the rectangular load distribution is to be used, the 
moment at the critical section (always the forward face 
of the spar) must, in addition to the shear, be approxi¬ 
mately correct. 

No attempt has been made here to rationalize the 
determination of the moment of the leading-edge load 
about the face of the spar, since an empirical solution 
is believed to be within the limits of precision of prac¬ 
tical static tests. It has been found, from an examina¬ 
tion of a large number of pressure diagrams, that the 
location of the centroid of the part of the area forward 
of the front spar is, on the average, at 45 per cent of the 
spar location (0.45 x) in the high angle of attack condi¬ 
tion, and at 35 per cent (0.35 x) in the nose-dive 
condition. The relative position varies slightly with 
different spar locations and with different airfoils, but 
within the usual range the variation amounts to not 
more than three-fourths of 1 per cent of the total chord 
or only a small fraction of an inch for the ordinary 
airplane. 

Static tests may, therefore, be made using a rec¬ 
tangular load distribution, the center of gravity of the 
load being at, 

0.45 x for H. A. A. 
0.35 x for N. D. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., January 16. 1981. 
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TABLE I 

COMPARISON OF SHEAR COEFFICIENTS FROM 
FORMULA AND FROM PRESSURE-DISTRIBUTION 
TESTS IN THE VARIABLE-DENSITY TUNNEL 

R. A. F.-30 AIRFOIL 

Maximum mean camber=0% c; Cb=0 

Spar 
loca¬ 
tion 
(%c) 

Co 
A', Ki Error, 

% 
Cl (from (from Remarks 

curve) curve) Com- Experi- 
puted mental 

±1.20 0.162 0.222 0.266 0. 253 5. 1 H. A. A. condition. 
±. 95 . 162 . 222 .211 .224 -5.8 

5 ±.76 . 162 . 222 . 169 . 176 -4.0 
±. 57 . ’62 . 222 . 127 .117 8.5 
±. 34 . 162 .222 . 0755 .074 2.0 

±1. 20 .223 .361 .433 .443 -2.3 H. A. A. condition. 
±. 95 . 223 .361 .343 . 376 -8.8 

10 dr. 76 .223 .361 . 274 .294 -6.8 
±. 57 . 223 .361 . 206 .204 1.0 
±.34 .223 .361 . 123 . 129 -4.7 

±1.20 .252 .477 .572 .589 -2.9 II. A. A. condition. 
db. 95 .252 .477 .453 .486 -6.8 

15 ±. 76 .252 .477 .363 .385 -5.7 
±.57 . 252 .477 .272 .264 3.0 
±. 34 .252 .477 . 162 . 171 -5.3 

±1.20 .236 .571 .685 .702 -2.4 II. A. A. condition. 
±. 95 .236 .571 .543 .577 -5.9 

20 ±. 76 .236 . 571 .434 .453 -4. 2 
±. 57 .236 .571 .326 .315 3.5 
±. 34 .236 .571 . 194 .208 -6.7 

N. A. C. A. M-6 AIRFOIL 

Maximum mean eamber= 2.215% c; Cb=0.226 

Spar 
loca¬ 
tion 
(%c) 

Cl 
K\ 

(from 
curve) 

Kt 
(from 
curve) 

Cs 

Error, 
% 

Remarks 
Com¬ 
puted 

Experi¬ 
mental 

5 
1.08 
1.05 

-.10 

0.149 
. 149 
. 149 

0.222 
.222 
.222 

0.206 
.199 

-. 0559 

0.191 
.203 

-.0639 

7.9 
-2.0 

-12.5 

Jh. A. A. condition. 

Approximately N. 
D. condition. 

10 
1.08 
1. 05 
-. 10 

. 192 

.192 

. 192 

.361 

.361 

.361 

.347 

.336 
-. 0795 

.337 

.345 
-. 0808 

3.0 
-2.6 
-1.6 

Jh. A. A. condition. 

Approximately N. 
D. condition. 

15 
1.08 
1.05 

-. 10 

. 192 
. 192 
.192 

.477 

.477 

.477 

.472 

.458 
-.0911 

.448 

.459 
-. 0833 

5.4 
-.2 
9.4 

Jh. A. A. condition. 

Approximately N. 
D. condition. 

20 
1.08 
1.05 

-.10 

167 
.167 
.167 

.571 

.571 

.571 

.579 

.562 
-. 0948 

.541 

.559 
-.0782 

7.0 
.5 

21. 2 

Jh. A. A. condition. 

Approximately N. 
D. condition. 
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TABLE I—Continued 

COMPARISON OF SHEAR COEFFICIENTS FROM 
FORMULA AND FROM PRESSURE-DISTRIBUTION 
TESTS IN THE VARIABLE-DENSITY TUNNEL—Con. 

CLARK Y AIRFOIL 

Maximum mean camber=3.6%c; Cb = 0.525 

Spar 
loca¬ 
tion 
(%c) 

Cb 
J 

(from 
curve) 

Ki 
(from 
curve) 

Cs 

Error, 
% 

Remarks 
Com¬ 
puted 

Experi¬ 
mental 

5 

10 

1.49 
1.44 | 
.02 

-. 19 

0.162 
. 162 
. 162 

. 162 

0. 222 
. 222 
.222 

.222 

0. 246 
.235 

-.0805 

-. 127 

0.247 
.209 

-. 0799 

-. 103 

-0.4 
12.4 

. 8 

23.3 

Jdl. A. A. condition. 

Approximate zero 
lift. 

ApproximateN. D. 
condition. 

1.49 
1. 44 
.02 

-. 19 

.223 

.223 

.223 

.223 

.. 

.361 

.361 

.361 

.361 

.421 

.403 
-.110 

-.186 

.434 

.382 
-. 120 

-. 153 

-3.0 
5. 5 

-8. 3 

21.6 

|H. A. A. condition. 

Approximate zero 
lift. 

ApproximateN. D. 
condition. 

15 

1.49 
1. 44 
.02 

-.19 

.252 

.252 

.252 

.252 

.477 

.477 

.477 

. 477 

.579 

.555 
-. 123 

-.223 

.589 

. 529 
-.137 

-.190 

-1.7 
4. 9 

-10.2 

17.4 

Jll. A. A. condition. 

Approximate zero 
lift. 

Approximate N. D. 
condition. 

20 

1.49 
1.44 
.02 

-. 19 

.236 

. 236 

.236 

.236 

.571 

.571 

.571 

.571 

.727 

.698 
-. 112 

-.232 

.723 

.657 
-. 140 

-.224 

.6 
6.2 

-20. 0 

3.6 

}n. A. A. condition. 

Approximate zero 
lift. 

Approximate N. D. 
condition. 

N. A. C. A. 84 AIRFOIL 

Maximum mean camber=5.25% c; Cb=0.762 

Spar 
loca¬ 
tion 
(%c) 

Cl 
Ki 

(from 
curve) 

Ki 
(from 
curve) 

Cs 

Error, 
% 

Remarks 
Com¬ 
puted 

Experi¬ 
mental 

5 

1.51 
1. 37 
0 

-.19 

0.162 
. 162 
. 162 
. 162 

0. 222 
.222 
.222 
.222 

0.212 
. 181 

-. 123 
-.166 

0.216 
. 180 

-. 120 
-. 159 

-1.9 
.6 

2.5 
4.4 

|u. A. A. condition. 

Zero lift. 
ApproximateN. D. 

condition. 

10 

1.51 
1.37 
0 
-. 19 

.223 

. 223 

. 223 

.223 

.361 

.361 
. 361 
.361 

.375 

.325 
-. 170 
-.239 

.396 

.336 
-. 181 
-.239 

-5.3 
-3.3 
-6. 1 

0 

}H. A. A. condition. 

Zero lift. 
Approximate N, D. 

condition. 

15 

1. 51 
1.37 
0 
-. 19 

.252 

.252 

.252 

.252 

.477 

.477 

.477 

.477 

.528 

.462 
-. 192 
-.283 

.539 

.466 
-.206 
-.284 

-2.0 
-.9 

-6.8 
-.4 

Jh. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

20 

1. 51 
1.37 
0 

-.19 

.236 

.236 

.236 

.236 

.571 

.571 

.571 

.571 

.682 

.602 
-. ISO 
-.289 

.669 

.585 
-. 214 
-310 

1.9 
2.9 

-15.9 
-6.8 

jll. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

TABLE I—Continued 

COMPARISON OF SHEAR COEFFICIENTS FROM 
FORMULA AND FROM PRESSURE-DISTRIBUTIOM 
TESTS IN THE VARIABLE-DENSITY TUNNEL—Con. 

N. A. C. A. S4-J AIRFOIL 

Maximum mean camber=7.3% c; C'b=0.97 

Spar 
loca¬ 
tion 
(%e) 

Cl 
Kx 

(from 
curve) 

Ki 
(from 

curve) 

C 

Com¬ 
puted 

'a 

Experi¬ 
mental 

Error, 
% 

Remarks 

Jh. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

5 

1.72 
1.63 
0 
-. 16 

0.162 
. 162 
. 162 
.162 

0. 222 
.222 

999 

. 222 

0. 225 
.205 

-. 157 
-. 193 

0. 230 
. 188 

-. 163 
-.121 

-2.2 
9.0 

-3.7 
59.5 

10 

1.72 
1.63 
0 

-.16 

.223 

.223 

.223 

.223 

.361 

.361 

.361 

.361 

.405 

.372 
-.216 
-.274 

.410 

.350 
-.242 
-.206 

-1. 2 
6.3 

-10.7 
33.0 

Jh. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

15 

20 

1.72 
1.63 
0 
-. 16 

.252 

.252 

.252 

.252 

.477 

.477 

.477 

.477 

.576 

.533 
-.244 
-.321 

.564 

.488 
-.286 
-.256 

2.1 
9.2 

-14.7 
25.4 

jn. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

1.72 
1.63 
0 
-. 16 

.236 

.236 

.236 

.236 

.571 

.571 

.571 

.571 

.753 

.702 
-.229 
-.320 

.713 

.622 
-.310 
-.288 

5.6 
12.9 

-26.1 
11.1 

Jh. A. A. condition. 

Zero lift. 
Approximate N. D. 

condition. 

TABLE II 

COMPARISON OF LEADING-EDGE LOADS AS COM¬ 
PUTED, TO THOSE LOADS OBTAINED IN ACTUAL 
FLIGHT 

CLARK Y AIRFOIL (UPPER WING DOUGLAS M-3) 
Maximum mean camber 3.6% c; Cb=0.525; Chord 5.667 feet 

Spar 
loca- r, 
tion Cnf 
(%c) ; 

Kx 
vfrom 
curve) 

Ki 
(from 
curve) 

Speed 
f. p. s. 

Wl.$. 

(Com- (^per' 
puted) ™ 

Er^)r’ Remarks 

1.533 0.191 0.285 107.6 26.3 29.6 — 11.0 H. A. A. condi- 
tion. 

7.2 .0144 .191 .285 128.0 10.6 9.6 10.5 
-.2344 

1 
.191 .285 122.5 16.9 16.0 5.6 ! 

GOTTINGEN 436 AIRFOIL (UPPER WING BOEING 
PW-9) 

Maximum mean camber 3.55% c; Cb=0.515; Chord 5.42 feet 

1.743 0. 252 0.477 144 93.7 103.6 -9.6 
1.649 . 252 .477 214 193.7 202.0 -4. 1 
1.682 .252 .477 183 145.1 161. 7 -10.3 >H. A. A. condi- , 
1.810 .252 .477 180 153. 1 165. 3 -7.4 tion. 
1. 660 .252 .477 212 191. 7 203. 0 -5.6 

15 .0564 .252 .477 360 -86.0 -73.2 17.5 Approximate 
zero lift. 

-. 3466 . 252 .477 211 -84. 6 -85.6 -1.2 
-.4313 .252 .477 207 -92.8 -92.8 0 
-. 3668 .252 .477 205 -82.6 -83.6 -1.2 
-. 3795 .252 .477 212 -90. 1 -89.6 .6 

.0401 .252 .477 381 -103.8 -107.0 -3.0 

GOTTINGEN 436 AIRFOIL (LOWER WING BOEING 
PW-9) 

Maximum mean camber 3.55% c; Cb=0.515; Chord 4.23 feet 

1. 298 0. 2405 0.415 144 43.3 45.6 -5.0 
1.194 .2405 .415 214 85.7 87.2 -1.7 H. A. A. condi¬ 

tion. 1.257 . 2405 .415 183 67.1 70.4 -4.7 
1.324 . 2405 .415 180 69.3 72.8 -4.8 
1.207 . 2405 .415 212 85.2 85.4 -.2 
.0403 .2405 .415 360 -69. 8 -117.0 -40.3 Approximate 

zero lift. 
-.314 .2405 .415 211 -56.9 -76.0 -25.1 

12.2 -.358 .2405 .415 207 —58.9 -76. 8 -23.3 
-.291 .2405 .415 205 -51.8 -63.2 -18.0 
-.313 .2405 .415 212 -57.4 -72.0 -20.3 

. 0378 .2405 .415 366 -72.8 -100.0 -27.2 

.087 .2405 .415 367 -59.7 -84.0 -28.9 

.0997 . 2405 .415 370 -57.2 -81.2 -29.6 

.0913 .2405 .415 363 -57.0 -78.0 -26. 9 

. 130 .2405 .415 361 -45. 9 -66. 5 -31.0 
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THE EFFECT ON AIRPLANE PERFORMANCE OF THE FACTORS THAT MUST BE 
CONSIDERED IN APPLYING LOW-DRAG COWLING TO RADIAL ENGINES 

Bv William H. McAvoy, Oscar W. Schey, and Alfred W. Young 

SUMMARY 

This report presents the results of flight tests with three 
different airplanes using several types of low-drag cowling 
for radial air-cooled engines. The greater part of the 
tests were made with a Curtiss “XF7C-1” (“Sea Hawk”) 
with a JflO-hp. Wasp engine, using three fuselage nose 
shapes and six types of outer cowling. The six cowlings 
were: A narrow ring, a wide ring, a wide cowling similar 
to the original N. A. C. A. cowling, a thick ring incor¬ 
porating an exhaust collector, a single-surface cowling 
shaped like the outer surface of the exhaust-collector cowl¬ 
ing, and a polygon-ring cowling, of which the angle of the 
straight sections with the thrust line could he varied over a 
wide range. 

The high speed in level flight was determined by means 
of timed runs over a measured course. Ten-minute full- 
throttle climbs were made for several of the cowling con¬ 
ditions. Temperatures at 18 points on the engine 
cylinders were measured for a large number of climbs and 
level flights. Photographs showing the pilot’s field of 
vision were taken for several cowling conditions. 

The addition of outer cowlings to the “XF7C-1” 
resulted in speed increases of from 6 to 20 miles per hour, 
depending upon the type of cowling and the fuselage shape. 
The narrow-ring cowling gave the least increase in speed 
and the single-surface cowling the greatest. A reason¬ 
ably wide cowling with its leading edge behind the front 
plane of the engine cylinders gave the best performance of 
the plain-ring types of cowling. The optimum range for 
the angle of the cowling section with the thrust line was 
only 8° or 4°; the position of the range was dependent 
upon the shape of the fuselage and the shape and location 
of the cowling section. In general the engine temper¬ 
atures increased as the high speed was increased, both of 
these effects being directly contributed to by reductions in 
the am ount of air flowing past the cylinders. The use of 
cowlings had very little effect upon the performance in 
climb. 

Less extensive tests were made on a Vought “02U-1 ” 
(“Corsair”) and a Fairchild “FC2W-2” with some of 
the same cowlings used on the “ XF7C-1.” Only the 
high speed of these airplanes was determined, to furnish 
a check on the effect of cowlings with different types of 

airplanes. 

INTRODUCTION 

In 1928 the National Advisory Committee for Aero¬ 
nautics conducted in its 20-foot propeller-research 
tunnel an investigation of cowlings for radial air-cooled 
engines. (References 1, 2, and 3.) This investiga¬ 
tion showed that a remarkably large reduction in drag 
could be obtained by the use of a cowling which com¬ 
pletely inclosed the engine and which admitted the 
cooling air through an opening in the front and dis¬ 
charged it through an annular opening at the rear of 
the engine. Tests on low-drag cowlings have also 
been conducted in England by the Aeronautical 
Research Committee. (Reference 4.) In these tests 
a ring was fitted over the engine cylinders to reduce the 
drag by decreasing both turbulence and the break¬ 
away of the flow from the surface of the body behind 
the engine. 

Since the foregoing tests were made the manufac¬ 
turers of radial air-cooled engines have shown consider¬ 
able interest in low-diag cowlings. Nearly every 
recent installation of large radial air-cooled engines 
includes some form of this type of cowling. Not all 
installations have been entirely successful, however, 
because many users have not appreciated the fact that 
the shape, the width, the location of the outer cowling 
with respect to the engine cylinders, the angle of attack 
of the cowling section with respect to the center line of 
the crankshaft, and the lines of the inner cowling are 
all very important and should be carefully considered 
for each installation. 

A comprehensive investigation concerning the effect 
on performance of each of the above variables was 
conducted by the committee. Three different fuselage 
nose shapes were used on a Curtiss XF7C-1 airplane. 
With each of these fuselage nose shapes several outer 
cowlings of different width, shape, location, and angle 
of attack were used. A few tests were also made using 
a Vought 02U-1 and a Fairchild FC2W-2 with some 
of the cowlings tested on the XF7C-1. The problem 
of vision was considered to the extent of taking pictures 
of the different cowling installations with the camera 
located at the pilot’s position in the cockpit. 

The object of this report is to correlate and present 
the flight-test data on low-drag engine cowlings that 

259 
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have so far been obtained by the committee. Some 
of the information has been previously published in 
the form of technical notes. (References 5 and 6.) 

EQUIPMENT AND METHOD 

" XF7C-1” AIRPLANE 

The greater part of the flight research on the air¬ 
cooled engine cowlings was conducted on the Curtiss 
XF7C-1 airplane. This airplane is a single-place 
shipboard fighter powered with a Pratt & Whitney 
Wasp engine rated at 410 hp. at 1,900 r. p. m. The 
original XF7C-1 wings of 242-square-feet area had 
been replaced, after a crash, with F7C-1 wings of 
275-square-feet area. Figure 1 shows this airplane in 
its service condition. 

An aluminum-alloy adjustable-blade propeller was 
used (Navy drawing No. 3792). The diameter of 
this propeller had been cut from 10 feet to 9 feet. 
Tests conducted on this propeller in the propeller- 
research tunnel had shown that reducing the diameter 
did not appreciably affect its maximum efficiency. 

take-off was 3,024 pounds. This included 165 pounds 
for the pilot with his equipment and 90 pounds for the 
flight-test instruments. 

Figure 2.—The nose of the XF7C-1 airplane for each of three fuselages tested, 
and location of cowling C with respect to the engine and to each fuselage nose 

Two other fuselage nose shapes were used in 
conjunction with the series of outer cowlings. The 
shapes of the three fuselages are shown in the sketch 
on Figure 2. Fuselages 2 and 3 were intended to be 

Figure 1.—The XF7C-1 airplane with fuselage 1 and no outer cowling 

(Reference 9.) The propeller pitch setting was j used with an outer cowling. They are smaller in 
changed as the cowlings were changed, in order to diameter at the nose than the service fuselage, allowing 
keep the maximum engine speed at approximately more of the cylinder finning to extend into the air 
1,950 r. p. m. in full-throttle level flight at sea level. stream. At the rear of the engine they swell out 

In this report the service fuselage is called “fuselage rapidly to a section somewhat larger than the original 
1.” The engine cowling of fuselage 1 is of conventional fuselage, and then are faired smoothly into the original 
design, covering the cylinders and approximately one- fuselage. Fuselages 2 and 3 are alike except that 
half of the aluminum-alloy cylinder heads, and incorpo- fuselage 2 is slightly thicker and has a sharper curva- 
rating shutters in the nose. With the service fuselage ture at the maximum section just behind the engine, 
and no outer cowling the weight of the airplane at The airplane weight at take-off with fuselages 2 and 
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Fuselage / Fuse/age 8 Fuselage 3 

Figure 3.—Outer cowlings used with each of three fuselages on the XF7C-1 airplane 
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3 without an outer cowling was 3,076 and 3,024 pounds 
respectively. The outer cowlings used are denoted by 
letters, as follows: 

Cowling A.—The letter “A” has been used to denote 
the condition with no outer cowling. 

Cowling D.—The length of the skirt of cowling C 
was increased l){ inches to make cowling D. (Fig.) 4. 

Cowling E.—The length of the skirt of cowling I) 
was increased 2% inches to make cowling E. 

Figure 4—The XF7C-1 airplane with cowling 3-D 

Cowling C.—Cowling C (fig. 3) is similar to the 

ring of the No. 10 cowling described in references 1 
and 3. A cross section of cowling C resembles a highly 
cambered airfoil section set at a large negative angle 
with the thrust line. The outer surface is continued 

Cowling F.—Cowling F (figs. 3 and 5) is a ring 9 
inches wdde, having a Clark Y airfoil profile with its 
chord parallel to the thrust line. In its middle position 
(fig. 5) cowding F was located over the center line of 
the engine cylinders. This cowling was also mounted 

Figure 5.—The XF7C-1 airplane with cowling 3-F-Middle Figure 6. The XF7C 1 airplane with cowling 3-G Front 

back in cylindrical form to lead into the lines of the 
fuselage. Only a small slot is left between the skirt 
of the cowling and the fuselage for the exit of the 
cooling air. (Reference 7.) With its mounting brack¬ 

ets cowling C weighs 40 pounds. 

in two other positions—in front and in the rear of the 
middle position. Cowling F weighs 21 pounds. 

Cowling G.—Cowling G (figs. 3 and 6) is a ring 21 % 
inches wide, with its cross section resembling a thin 
low-cambered airfoil. The diameter at the nose is 1 / 



EFFECT ON AIRPLANE PERFORMANCE IN APPLYING LOW-DRAG COWLING TO RADIAL ENGINES 263 

inches smaller than at the rear and is one-half inch 
larger than the maximum engine diameter of 50% 

Figure 7.—The XF7C-1 airplane with cowling 3-J 

inches. Thus the chord of the cowling section is at a 
negative angle of approximately 1%° with respect to 
the thrust line. In its front position (fig. 6) the leading 
edge of cowling G was 9 % inches forward of the cen- 

Cowling H.—Cowling H was made by extending the 
skirt of cowling G six inches. (Fig. 3.) 

Cowling J.—Cowling J (figs. 3 and 7) is a wide ring 
cowling with a section thick enough so that part of the 
cowling can be used as an exhaust-collector ring. The 
rear portion of the cowling, which is used for collecting 
the exhaust gases, is made of %4-inch sheet iron, and 
the front portion is of sheet aluminum. The exhaust 
gases are discharged through a %-inch slot in the trail¬ 
ing edge along the lower half of the cowling. This 
cowling weighs 106% pounds, but since it replaced the 
service exhaust stacks, which weighed 19 pounds, the 
net weight added was 87% pounds. 

Cowling JM.—Cowling JM (figs. 3 and 8) has the 
same shape as the outer line of cowling J, but is 1 inch 
smaller in diameter. It has only the single surface. 
The leading edge is formed around a %-inch steel tube. 
The weight of cowling JM is 45 pounds. 

Cowling VA.—The variable-angle cowling (cowling 
VA) is shown in Figures 3 and 9. This is a ring type 
that was designed to determine the effect of changing 
the angle of the cowling section with respect to the 
thrust line. It is constructed of nine straight sections, 
one over each cylinder head, each of 17%-inch chord 
and 13-inch span and pivoted near the front on a steel- 
tube mounting ring. Filler pieces make a fairing be¬ 
tween the straight sections regardless of the angle at 
which they may lie set. The angle of the chord of the 
straight sections with the thrust line could originally 

Figure 8.—The XF7C-1 airplane with cowling 3-JM 

tral plane of the cylinders. For the middle and rear 
positions this distance was reduced to 6% and 3% 
inches, respectively. The weight of cowling G with its 
supporting brackets is 40 pounds. 

149900—33-18 

be adjusted on the ground between — 18.8° and —4.7°. 
This range did not cover the optimum position with 
fuselage 1, however, so for this fuselage the mounting 
ring was made 2%6 inches larger in diameter. With the 
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Figure 9—The XF7C-1 airplane with cowling 3-VA 

Figure 10.—The XF7C-1 airplane with fuselage 2 without outer cowling, showing shape and location of deflectors 
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new cowling the angle could be varied from —18.8° to 
+ 6.4°. This cowling was not expected to be the equal 
of a smooth circular ring, but its design was made as 
clean as possible considering the necessity of changing 
its angle with the thrust line. Cowling VA weighs 36 
pounds, complete with mounting brackets. 

Symbols.—The fuselage numbers and cowling letters 

are combined to show any cowling conditions; thus, 
2-F-Middle means fuselage 2 with cowling F in the 
middle position. 

Deflectors were used behind each cylinder with 
fuselages 2 and 3 to improve the cooling. The con¬ 
struction of fuselage 1 did not lend itself to the addition 
of deflectors. The construction of the sheet-aluminum 
deflectors can be clearly seen in Figure 10. 

The flight-test instruments were installed just be¬ 
hind the pilot’s seat. They consisted of two electrical- 

or two which caused overheating and were not flown. 
While the airplane was flown at an altitude of about 
30 feet over a measured course, the time was taken 
with a stop watch by the pilot. Flights were made 
in both directions, and the average speed was taken 
as the true speed. Speed flights were not made when 
the wind was across the course. The timed speed 
was measured with a probable precision of ±0.5 
m. p. h. A check of the speed with cowling 1-A for 
8 tests covering a period of 10 months showed a 
variation of only ±1.8 m. p. h. 

Full-throttle climbs were made with enough dif¬ 
ferent cowling conditions to show the effect of the 
cowlings upon climb. At the start of the tests a 
series of climbs was made at different air speeds. 
Thereafter each climb was made at the air speed 
which had been found to be best. Each climb lasted 

Figure II.—The OSU-1 airplane with service fuselage and no outer cowling 

10 minutes, a time sufficiently long to furnish reliable 
climb data and to assure a constant engine tempera¬ 
ture. The airplane performance in climb was com¬ 
puted according to the Lesley method given in refer¬ 

ence 8. 
Full-throttle level-flight runs for 15 minutes at ap¬ 

proximately 1,500 feet altitude were made with each 
cowling condition that was tested in climb. The most 
unfavorable conditions for engine cooling were con¬ 
sidered to occur during either the climbs or the high¬ 
speed level flights. 

“ 02U-I ” AIRPLANE 

The Vought 02U-1 is a 2-place observation plane 
(fig. 11) powered with a Pratt & Whitney Wasp 
engine rated at 450 hp. at 2,100 r. p. m. The weight 
of the airplane with service cowling, pilot, observer, 

resistance thermometers to measure the temperatures 
of the thermocouple cold junctions and of the atmos¬ 
phere, a recording altimeter and air-speed meter, two 
pyrometers, a tachometer, and an indicating air-speed 
meter. All instruments except the recording alti¬ 
meter and air-speed meter were mounted in an auto¬ 
matic observer. This is a light-tight box with a motor- 
driven motion-picture camera at one end focused on 
the dials of the instruments, which are mounted in 
the opposite end and illuminated by an electric lamp 
which flashes for each picture. Eighteen iron-con- 
stantan thermocouples were fixed to the engine 
cylinder barrels and heads, and were connected suc¬ 
cessively to the pyrometers by means of an automatic 
switch driven from the camera motor. 

The high speed in level flight of the airplane was 
obtained for each cowling condition, except for one 
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Figure 12.—The 02U-1 airplane with service fuselage and cowling J 

and parachutes was 3,045 pounds at the take-off. It 

was very lightly loaded, for with a full service load 

this airplane weighs 3,720 pounds. The service cowl¬ 

ing for this airplane is of conventional design and 

includes hand-operated nose shutters together with a 

series of louvers at the rear of the engine. 

Two aluminum-alloy adjustable-blade propellers 

(Navy drawing No. 3792) were used in the tests of 

the 02U-1, one of which had been cut from 10-foot 

Figure 13.—The nose of the 02U-1 airplane in the 
service condition and equipped with cowling J 

to 9-foot diameter. The 9-foot propeller was the one 

used in the tests with the XF7C-1. Both propellers 

were used for similar tests, with pitch-angle settings 

that would allow propeller speeds of approximately 

2,100 r. p. m. in full-throttle flight at sea level. 

The high speed of this airplane was determined 

over the measured course with the service cowling 

and with cowling J over the service cowling. (Figs. 

11, 12, and 13.) No change was made in the service 

cowling when mounting the exhaust-collector ring. 

It was possible to secure the outer cowling with 

brackets attached to the exhaust-port studs in the 

same way that it was attached to the engine of the 

XF7C-1. 
“FC2W-2” AIRPLANE 

The Fairchild FC2W-2 is a 5-place high-wing cabin 

monoplane. (Fig. 14.) It is powered with a Pratt & 

Whitney Wasp engine developing 400 hp. at 1,900 

Figure 14.—The FC2W-2 airplane with service fuselage and no outer cowling 

r. p. m. This airplane with its service cowling and 

with the pilot, but with no passengers, weighed 3,573 

pounds at take-off. The standard cowling for this 

airplane is of conventional design, having hand-oper¬ 

ated nose shutters and louvers behind the engine. 

The streamlining of the engine cowling with the fuse- 
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lage proper is poor, particularly when used in combina¬ 

tion with a ring cowling for reducing drag. 

Figure 15.—The FCSW-2 airplane with service fuselage and cowling VA 

The high speed with the service cowling and with 

cowlings C, F, G, and VA (figs. 15 and 16) over the 

service cowling was determined by making full-throttle 

runs over the measured course. No change in the serv¬ 

ice cowling was required for the proper mounting of 

the outer cowlings used. In these tests the original ex¬ 

haust manifolds were replaced by the exhaust stacks 

used on the XF7C-1. 

TABLE I 

HIGH SPEED IN LEVEL FLIGHT OF THE XF7C-1 
AIRPLANE FOR ALL COWLING CONDITIONS EX¬ 
CEPT THOSE WITH COWLING VA 

Cowling 
Timed 
speed, 

in. p. h. 

Engine 
speed, 

r. p. m. 

Propeller 
pitch 

setting 
at 42-in. 
radius, 
degrees 

3-JM ___ - 168.1 1,975 20.5 
i-jM__ _ 165.7 1,995 20.5 
3 E ____ 165.3 1,960 20.5 
3 G-Rear _ _ 164.3 1,950 20.5 
3-C __ 164.0 1,950 20.5 
3D ____ 163.6 1,945 20.5 
2D - - - - __ 162.2 2,000 20.0 
1 j .... _ 161.6 2,000 20.0 
3-H-Front.... 
3 G Front _ __ 

161.4 
161.2 

1,945 
1,945 

20.5 
20.5 

2-J . . __ 159.5 1,970 20.5 
3 j . . ... __ 159. 0 1,935 20.5 

159.0 1,950 20.5 
158.0 1,950 20.5 

1 G hfi»r . _ 157.3 1,960 20.0 
157.0 1,960 20.0 

2 G-Front - - _ 157.0 1,950 20.5 
1 G Front _ _ __ _ 156. 3 1,945 20.0 
3 F Middle - - . ... 156.1 1,910 20.5 

154.2 1,940 20.5 
2-F Front __ ____ 153.5 1,935 20.5 

153.5 1,885 20.5 
2 F Middle _ - — 152.3 1,925 20.5 

151.2 1,945 19.5 
3 A 149.0 1,880 20.5 
2 A _ 146.3 1,890 20.5 
1 A - - _ 145. 2 1,940 19.5 

i 

Figure 16.—The nose of the FC&W-2 airplane with service fuselage and four types of outer cowling 
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Note.—The thermocouple locations shown are for cylinder No. 1. Thermocouples Nos. ll to 18 for cylinders Nos. 2 to 9, respectively, were located at the same 
point as thermocouple No. 10 on cylinder No. 1 

TABLE II 

CYLINDER TEMPERATURES (DEGREES F.) OBTAINED WITH THE XF7C-1 AIRPLANE IN CLIMB AND LEVEL 
FLIGHT AT THE VARIOUS POINTS NOTED ON THE PHOTOGRAPH 
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Thermocouple No. 

1 2 3 4 5 6 7 8 9 10 11 12 13 14 15 16 17 18 

3-JM__ fClimb __ 64 320 340 390 445 475 420 465 460 400 
( Level. 62 255 265 365 515 605 550 585 550 470 

1-JM... 
/Climb_ 360 300 280 305 380 365 405 380 440 440 510 480 525 490 475 490 405 
( Level... 76 370 295 235 275 365 390 420 400 495 500 520 470 585 515 545 510 485 
/Climb.. 72 310 225 255 185 320 265 340 410 390 405 415 490 460 500 465 480 450 265 2-D_ Level... 70 335 230 240 220 315 320 370 410 465 440 455 535 550 540 560 550 515 445 
/Climb_ 66 250 220 305 380 435 460 450 460 390 1-J____ \ Level_ 46 320 210 185 200 340 295 405 425 470 405 350 470 410 515 455 440 450 395 
/Climb. 71 345 1 230 305 200 330 295 380 415 440 440 400 470 450 485 455 470 490 440 

2-J_ i Level-. 82 355 230 270 215 325 295 380 445 455 455 435 485 440 470 485 485 490 485 

3-J__ 
/ Climb_ 76 285 275 345 . 415 470 440 480 480 460 
(Level 76 305 285 360 480 495 475 505 505 515 

2-G-Rear . Level__ 39 325 215 215 205 300 295 375 410 475 440 440 495 470 490 490 475 455 
2-G-Middle_ Level_ 34 305 210 205 185 265 280 345 435 485 410 425 465 450 465 475 470 460 455 

/Climb.. 40 320 210 250 210 305 255 335 365 390 355 375 470 405 470 410 405 415 325 
(Level_ 37 280 170 205 155 270 225 330 375 410 345 400 495 440 475 460 460 475 380 
/Climb _ 54 295 1 260 190 240 295 285 360 375 400 355 350 400 400 440 400 370 395 355 
(Level_ 36 300 210 170 175 280 270 345 410 410 365 340 410 400 450 415 370 370 345 
/Climb_ 39 315 220 255 185 305 265 340 390 405 375 370 425 385 430 395 400 410 375 
1 Level_ 42 295 185 205 185 250 260 330 420 450 390 390 440 410 440 430 435 435 430 

1 1-F-Middle_ 
/Climb. 65 260 245 335 _ 400 430 420 400 415 395 
(Level . 54 270 245 355 410 475 465 465 450 435 
/Climb_ 46 300 I 170 220 150 275 190 335 355 395 370 325 425 345 420 355 385 385 310 
(Level.. 48 290 170 190 145 260 210 305 350 400 395 345 420 380 430 395 410 395 350 

1-A. 
/Climb 76 255 245 315 360 365 365 365 380 370 
i Level.. 68 200 180 270 _ 375 365 370 355 375 360 

1 
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RESULTS AND DISCUSSION OF RESULTS 

To facilitate a general comparison of the high-speed 

performance for the many fuselage and cowling com¬ 

binations used with the XF7C-1 airplane, the high 

speeds are given in Table I in the order of their magni¬ 

tude, and in Figure 3 they are given with most of the 

sketches of the cowlings tested. The engine speed and 

the propeller pitch setting are also given in Table I for 

each cowling condition. The cylinder temperatures 

for many of the fuselage and cowling combinations 

are given in Table II. 

Effect of fuselage shape.—The maximum air speeds 

obtained without outer cowlings were 145.2, 146.3, and 

149 miles per hour with fuselages 1, 2, and 3, respec¬ 

tively. The engine speed and propeller pitch setting 

for each condition are given in Table I. Appreciably 

higher speeds were obtained with the modified fuselage 

than with the service fuselage, and this difference would 

have been slightly greater if the propeller pitch had 

been changed so that the engine speeds with fuselages 

2 and 3 had been the same as with fuselage 1. 

The engine temperatures given in Table II for cowl¬ 

ings 1-A and 2-A show that the cooling was satis¬ 

factory with either fuselage when no outer cowling 

was used. No temperatures were measured with 

cowling 3-A, but since the shape at the engine is the 

same as that of cowling 2-A (fig. 2) it is assumed that 

the temperatures would not be greatly different. In 

general, the cylinder temperatures with cowling 2-A 

are somewhat lower than with cowling 1-A. The 

difference would be more marked if the atmospheric 

temperatures had been more nearly the same for 

flights with the two cowlings. The temperatures at 

the base of the cylinder with cowling 1-A are much 

higher in climb than in level flight, while those for 

cowling 2-A show very little change. In no case are 

the cylinder temperatures excessive. With cowling 

2-A the lower part of the cylinder would undoubtedly 

run too cold for some flight conditions. When an 

outer cowling is used with this fuselage, as was origi¬ 

nally intended, the temperatures near the base of the 

cylinder are raised somewhat. 
Effect of width of ring cowling.—The difference be¬ 

tween the maximum air speeds obtained with the 

narrow-ring and with the wide-ring cowling on the same 

fuselage (Table I) was consistently in favor of the 

wide ring, and amounted to from 5 to 8 miles per hour. 

The wide ring in the best (rear) position increased the 

speed, over that obtained with no outer cowling, 12.1 

miles per hour with fuselage 1 and 15.3 miles per hour 

with fuselage 3, whereas the narrow ring did not give an 

increase of more than 8 miles per hour for any condi¬ 

tion. The difference in speed between these two fuse¬ 

lages without any outer cowling was 3.8 miles per hour, 

as seen from Table I. With a wide-ring cowling the 

maximum difference was 7 miles per hour in favor of 

fuselage 3. 

The use of cowling H, which is 6 inches wider than 

cowling G, resulted in only a negligible improvement 

in high-speed performance. Although no tests were 

made to determine how much the width of cowling G 

could be decreased without appreciably reducing the 

high-speed performance, it is believed that to reduce 

the width to less than 18 inches would result in a reduc¬ 

tion of high speed of 2 to 3 miles per hour. In recent 

speed-course tests of a Boeing XF5B-1 and a Boeing 

P-12, both with and without a 16-inch ring cowling 

with which both of these airplanes are regularly 

equipped, the cowling increased the speed of the 

XF5B-1 8.7 uniles per hour, from 163.4 to 172.1 

miles per hour, and of the P-12 9.1 miles per hour, 

from 155.3 to 164.4 miles per hour. 

No cooling difficulties were experienced with cowlings 

F or G when used with any of the three fuselages. 

The temperatures of the lower part of the cylinder in 

climb or level flight when the cowling is used in the 

front position are the same for the wide-ring as for the 

narrow-ring cowling, whereas the head temperatures 

for the same condition are slightly higher with the wide- 

ring cowling. Increasing the width of cowling G to 

form cowling II restricted the flow passages on fuselage 

2 so that the air flow was insufficient to cool the 

engine properly when operating at full throttle. 

Effect of position of outer cowling.—The effect on 

the high-speed performance of the location of the outer 

cowling with respect to the center line of the C3'linders 

was investigated, using cowling G in the front, middle, 

and rear positions (fig. 3) on each of three fuselages 

and cowling F for several cowling combinations. The 

results given in Table I show that the highest speeds 

are obtained with the wide ring in the rear position 

and the lowest with it in the front position; the differ¬ 

ences, however, are small, amounting to 1, 2, and 3.1 

miles per hour for fuselages 1, 2, and 3, respectively. 

Three positions of cowling F were tried only on fuse¬ 

lage 2. The rear position gave the highest speed, as 

with cowling G, but the front position was slightly 

superior to the middle position. 

The effect on the cylinder temperatures of locating 

the wide ring in the front, middle, and rear positions 

was determined for fuselage 2. The results indicate 

that the engine temperatures are low'er with the cowling 

in the front position than in either the middle or rear 

position; the difference in level flight averages about 

40° F. for the barrel of cylinder No. 1 and 30° F. for 

all the rear spark-plug bosses. The cylinder tempera¬ 

tures are highest for the cowling position which gives 

the best high-speed performance. The cooling is best 

with the cowling in the front position, probably 

because more of the diverging air flow just in front of 

the engine is directed past the cylinder heads than 

with the cowling in the rear position. 

In level flight the temperatures at the base of the 

cylinder for cowling 2-G-Front are practically the 
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same as lor cowling 2-A, although the cylinder-head the sharp curves in these fuselages just behind the 

temperatures are higher. In condition 2—G—Rear all engine. The curves in Figure 17 indicate that an 

cylinder temperatures are higher than for 2-A, by an angle from -4° to -8° for a ring of this cross section 

average amount of 40° F. on the lower part of the would probably be satisfactory for any conventionally 

cylinders and 60° F. on the heads. In climb with shaped fuselage. With fuselage 3 the maximum speed 

cowling 2-G-Front the barrel temperatures average is obtained when the section of the cowling is at an 

about 35° F. higher than in level flight, while the rear angle of —8°, and with the same fuselage the maximum 

spark-plug-boss temperatures in climb for the nine speed is reduced to that with no outer cowling when 

Figure 17.—Variation of high speed of XF7C-1 airplane with angle of outer cowling 

cylinders average about 35° F. lower than in level 

flight. 

Effect of the angle between the outer cowling and the 

thrust line.—The effect on the high-speed performance 

of varying the angle of the outer cowling sections with 

the thrust line is shown for the three different fuselages 

by the curves in Figure 17. Note that the best angle 

and the range of the angle giving nearly the maximum 

performance depend upon the shape of the nose of the 

the cowling angle is increased to —16°. This result 

indicates the importance of having the angle correct 

within 1° or 2°. 

Considering that the 9-inch ring (cowling F) gave an 

increase in speed of 7 to 8 miles per hour and that the 

21-inch ring (cowling G) gave an increase of as much 

as 15 miles per hour, one would naturally expect that 

cowling VA of 17-inch width would give more than 9 

miles per hour increase when set at the best angle. 

TABLE III 

CYLINDER TEMPERATURES (DEGREES F.) AS OBTAINED IN CLIMB AND LEVEL FLIGHT WITH THE VARI¬ 
ABLE-ANGLE COWLING ON THE XF7C-1 AIRPLANE 
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Thermocouple No. (For location see Table II) 

s ^ 
< 

1 2 3 
- | 

4 5 6 7 8 9 10 11 12 13 14 15 16 17 18 

f 4 7° / Climb.. 62 250 . 
1 

235 . 235 _ 365 435 450 440 480 425 
1 '- )Level_ 62 250 _ 220 '. 220 _ 425 455 480 405 470 430 

415 Fuselage 3_ J 10 8° /Climb.. 61 280 260 : 170 235 288 235 280 325 345 345 360 370 415 430 445 440 40Q 
\Level.. _ 61 255 225 165 200 255 200 300 360 450 425 415 405 435 445 455 455 460 440 

1-18.8°. f (’limb_ 94 310 285 200 270 ! 310 270 330 350 395 415 415 440 455 440 460 465 470 430 
\ Level_ 94 310 270 225 245 310 245 335 395 440 460 415 440 445 460 440 450 450 435 

f~4.7°_ . /Climb_ .. 48 340 255 265 213 j 325 235 | 290 405 435 ; 420 360 440 360 360 315 365 450 445 
/Level_ 48 340 230 210 205 300 205 ] 300 420 445 ; 420 430 470 395 430 375 445 475 490 

Fuselage 2_ 8 8° /Climb_ 53 335 230 220 215 300 215 300 370 425 390 340 440 365 325 275 370 430 420 
/Level_ 53 325 215 j 180 200 275 200 | 315 375 415 375 365 435 340 345 365 420 425 425 

—18.8° /Climb. 54 340 220 215 220 285 220 | 380 350 395 370 525 420 565 570 305 385 415 405 
/Level. _ 54 300 210 180 200 260 200 ! 290 365 415 385 405 450 340 325 330 415 425 440 

No outer cowling.. /Climb_ 46 300 170 220 150 i 275 150 335 355 395 370 325 425 345 420 355 385 385 310 
/Level. _ 46 290 170 190 

1 
145 260 

1 
145 305 350 400 i 395 345 420 380 430 395 410 395 350 

fuselage. The proper angle for the outer cowling 

probably depends upon the size of the fuselage along 

which the air is to be directed, assuming a given 

engine and cowling diameter. The setting of the 

cowling angle could be expected to be more critical 

for fuselages 2 and 3 than for fuselage 1, because of 

Apparently the polygonal shape is much less efficient 

than a circular shape. M 

The temperatures obtained in climb and level flight 

with cowlings 2-VA and 3-VA are given in Table III. 

In level flight with fuselage 2 the cylinder temperatures 

increased slightly as the angle of attack of the cowling 
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section was increased from —18.8° to —4.7°. With 
fuselage 3 there was no appreciable change in cylinder 
temperatures with change in cowling angle. The high 
temperatures observed on cylinders 2, 4, and 5 in 
climb with cowling 2-VA-(—18.8°) are probably due 
either to detonation or an error in the instruments. 

Effect of shape of cowling.—Data have already been 
presented showing that a polygonal cowling of suffi¬ 
cient width and when set at the best angle, is not equal 
to a circular-ring cowling and that a narrow-ring 
cowling is not equal to a wide-ring cowling for increas¬ 
ing the speed of an airplane. Other shapes of outer 
cowling are represented in these tests by three varia¬ 
tions of the nose piece of the original N. A. C. A. 
cowling, by the exhaust-collector ring, and by the 
single-wall cowling shaped like the outer surface of the 
exhaust-collector ring, cowlings C, D, E, J, and JM, 
respectively. 

The high-speed performance obtained with cowlings 
C, D, E, J, and JM is given in Table I and the cylinder- 
temperature measurements for most of the conditions 

several cowling shapes. It seems probable that cowl¬ 
ing 1-J does not cause overheating because the cooling 
air is flowing at its highest velocity in the plane of the 
engine cylinders. With cowling 2-J, on the other hand, 
although the minimum area is no smaller, the area at 
the engine is larger, and the cooling air is not so effec¬ 
tive at the reduced velocity. 

Poor cooling may readily accompany the use of a 
cowling which gives the maximum increase in high¬ 
speed performance. Limiting the amount of cooling 
air reduces the drag, and so improves the speed, but 
at the same time increases the danger of overheating 
the engine. It follows that for maximum performance 
the cooling air admitted should be carefully directed 
and be so limited in amount as to just properly cool 
the engine. 

Effect of engine cowlings in climb.—The many cowl¬ 
ing and fuselage combinations tried had veryj little 
effect on the rate of climb, but the cylinder tempera¬ 
tures in climb, as in level flight, were greatly influenced 
by the type of cowling used. The test results presented 

are given in Table II. It may be noted that the use of 
any one of these cowlings gave a large improvement 
in high speed for practically every fuselage condition; 
the improvement was superior to that obtained with 
any other type of outer cowling except cowling G in the 
rear position for fuselage 2. The cylinder temperatures 
obtained with these outer cowlings were in some cases 
excessive and in all cases, except 2-G-Rear, were 
higher than those obtained with the cowlings of thin 
airfoil cross section. 

A study of the engine temperatures as influenced by 
the shape of the outer cowling enables one to draw 
some interesting conclusions. It appears reasonable 
that the quantity of cooling air flowing between an 
outer cowling and the fuselage nose is regulated by the 
minimum cross-sectional area of the space between the 
two. Then the velocity at any other section varies 
approximately inversely as its area. This reasoning is 
borne out by the cylinder temperatures observed with 

in reference 5 show that although the use of a low-drag 
cowling resulted in but a slight improvement in the 
rate of climb for most cowling conditions it did not, 
however, impair the climb for any cowling condition. 
This was, in substance, later verified in tests with the 
variable-angle cowling. (Reference 6.) In the tests 
with the variable-angle cowling it was found that with 
the cowling section at an angle with the thrust axis 
giving improved high-speed performance the climbing 
capabilities of the airplane were slightly improved 
although when the cowling was set at some angle that 
impaired the high-speed performance the climb per¬ 
formance was also poorer. The climb curves for a 
few of the cowling conditions tried are presented in 

Figure 18. 
An analysis of the effect of a ring cowling on the 

climb of an airplane was recently made by J. A. 
Louden, of the Bureau of Aeronautics, Navy Depart¬ 
ment. (Reference 10.) The results of this analysis 
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showed that when the high-speed performance was 
increased 8 per cent (165 to 178 miles per hour) the 
rate of climb wras increased only 2 per cent. 

The temperature measurements obtained in climb 
are presented in Tables II and III. An examination 
and comparison of these temperatures show that it 
is not unusual to obtain higher temperatures in level 
flight than in climb when an outer cowling is used. 
With the cowlings tested in this investigation the 
higher temperatures are most apt to occur when the 
annular opening between the rear of the outer cowling 
and the fuselage is restricted, as with cowlings D, J, 
and JM with fuselages 2 and 3. 

With cowling VA the temperatures in climb were 
high wdien the cowling section was set at an angle 
of—18.8°, but with the cowding set at the best angle 
for high speed the temperatures in climb were satis- , 
factory. In this investigation all cowling conditions 
which permitted satisfactory cooling in level flight 
were also satisfactory in climb. 

Effect of fuselage and cowling shape on the field of 

vision.—The degree to which the pilot’s field vision 
is impaired may be an important factor to be con¬ 
sidered in the selection of a cowding. A general idea 
of how the vision with the different fuselages compares 
and of the extent to which the field of vision from each 
is impaired by the addition of an outer cowling may 

be obtained from Figure 3. Fuselages 2 and 3 are 
of greater diameter than fuselage 1, and consequently 
do not afford quite so good vision. However, the 
vision with fuselages 2 and 3 can not be appreciably 
impaired by the addition of an outer cowling unless 
the outer cowling is of greater diameter than the 
fuselage. The vision with fuselage 1 is always equal 
to or better than that with fuselages 2 and 3 because 
it is possible to obtain an unobstructed field of vision 
between the cylinders with some of the cowlings when 
used on this fuselage. The pilot’s actual field of 
vision is clearly shown by the photographs in Figures 
19 and 20. 

Effect of cowlings upon stability.—The XF7C-1 air¬ 
plane in its service condition is practically neutrally 
stable. When any outer cowlings are added the 
longitudinal stability is impaired, as might be expected 
when a circular airfoil is placed in front of the center 
of gravity. The effect is more pronounced with the 
wdder cowdings, such as G, but in no case is the in¬ 

stability serious enough to make the airplane difficult 
to control. No attempt was made to counteract 
the effect of the cowlings by increasing the area of 
the fixed tail surfaces or changing the location of the 
center of gravity. 

Miscellaneous tests.—To obtain information on 
other airplanes concerning the effect on performance of 
adding an outer cowling, a fevr tests wrere made on a 
Vought 02U-1 and a Fairchild FC2W-2. No attempt 

was made to measure the cylinder temperatures in these 

tests. The performance of the engine for all condi¬ 
tions was satisfactory, however, and there were no 
indications of high cylinder temperatures. The re¬ 
sults of the high-speed tests on these two airplanes are 
given in Tables IV and V. 

TABLE IV 

EFFECT OF COWLING J UPON HIGH-SPEED PER¬ 
FORMANCE OF VOUGHT 02U-1 WITH TWO 
DIFFERENT PROPELLERS 

Service cowling Cowling J 

Propeller diameter, feet.. 
Propeller setting at the 42-inch 

radius, degrees.. 
Maximum propeller speed, r. p. 
m_ 

Timed high speed, m. p. h. 
Speed increase due to cowling, 

■in. p. h.... . . 

10 

17.2 

2, 070 
143.8 

9 

18.3 

2, 130 
146.4 

10 

17.7 

2, 060 
152.2 

8.4 

9 

19.2 

2,095 
154.9 

8.5 

TABLE V 

EFFECT OF FOUR TYPES OF OUTER COWLING UPON 
PERFORMANCE OF FAIRCHILD FC2W-2 

Service 
cowling 

Cowling 
C 

Cowling 
F 

Cowling 
G 

Cowling 
VA 

at—6.8° 
setting 

Propeller setting at 
the 42-inch radius, 
degrees__ 18.7 18.7 18.7 18.7 18.7 

Maximum propeller 
speed, r. p. m_ 1,780 1,840 1,840 1,835 1,775 

Timed high speed, 
m. p. h__ 129.8 141.1 138.6 137.9 134.2 

Speed increase due to 
cowling, m. p. h_ 11.3 8.8 8.1 4.4 

The results show that the use of cowling J over the 
service cowling increased the speed of the 02U-1 about 
8.5 miles per hour. The same increase was obtained 
with each of the two propellers tried; however, the 
small-diameter propeller gave a little higher speed. 
The increase in speed from using the cowling was small 
when compared with the increase of 16.4 miles per 
hour obtained when cowling J was added over the 
service fuselage of the Curtiss XF7C-1. An exami¬ 
nation of these fuselage and outer-cowling combinations 
as shown in Figures 3 and 13 indicates that the opening 
between the cylinders and the outer cowling is prac¬ 
tically twice as large on the 02U-1 as on the XF7C-1. 
As a result more air passes through and the disturbance 
and losses are greater, although the engine is un¬ 
doubtedly better cooled. 

Cowlings C, F, G, and VA were tried on the FC2W-2 
as shown in Figure 16. The results of these tests 
(Table V) show that the adding of an outer cowling 
increased the high speed in all cases. Cowling VA 
gave the least improvement, while cowling C gave the 
most. The increase with cowling F on this airplane 
was equal to that obtained on the XF7C-1. Cowling 
G gave slightly less improvement than cowling F; 
however, cowling G was used in the front position, 
which was found to be the poorest in the tests with 
the XF7C-1. None of these cowlings, except possibly 
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Figure 19.—Pilot’s view forward with fuselage 1 as affected by the use of several different low-drag cowlings 
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Figure 20.—Pilot’s view forward with fuselage 2 as affected by the use of several different low-drag cowlings 
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cowling F, would be practicable on this airplane, for 
they obstructed the pilot’s vision in an objectionable 
manner. They were tested only because it was desired 
to learn whether the various cowlings would affect the 
speed of different types of airplanes in a comparable 
manner. It is to be regretted that cowling JM could 
not have been tested with the FC2W-2. This cowling 
had not been constructed when these tests were made. 
On the basis of the tests on the 02U-1 and the FC2W-2 
it seems probable that an improvement in speed can 
usually be obtained by adding an outer cowling over 
the service fuselage. However, better results may be 
expected if the cowling and fuselage are considered as 
a unit. 

CONCLUSIONS 

From the results of flight tests on the XF7C-1 air¬ 
plane with three fuselage nose shapes and six main 
types of outer engine cowling the following conclusions 
can be drawn: 

1. The best performance is obtained by designing 
the fuselage and outer cowling to function together, 
although reasonably large improvements in speed can 
be obtained by adding an outer cowling over the 
conventional fuselage. 

2. The increase in high-speed performance is sensi¬ 
tive to the width of the outer cowling up to a limit of 
about 21 inches for the type of ring tested; a cowling 
of 9-inch width gave an increase in speed of 9 miles 
per hour for the best condition, and a cowling of 21 %- 
inch width gave an increase of 16.4 miles per hour. 
Increasing the width to more than 21% inches resulted 
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REPORT No. 415 

TESTS OF NACELLE-PROPELLER COMBINATIONS IN VARIOUS POSITIONS WITH 
REFERENCE TO WINGS. PART I. THICK WING—N. A. C. A. COWLED NACELLE- 
TRACTOR PROPELLER 

By Donald H. Wood 

SUMMARY 

This report gives the results obtained in the 20-foot 
propeller-research tunnel oj the National Advisory Com¬ 
mittee for Aeronautics on the interference drag and pro¬ 
pulsive efficiency of a nacelle-propeller combination 
located in 21 positions with reference to a thick wing. 

1 he wing had a 5-foot chord, a 15-foot span, and a 
maximum thickness of 20 per cent of the chord. The 
engine was a %-scale model of a Wright J-5 radial 
air-cooled engine and installed in a nacelle with a cowl¬ 
ing of the N. A. C. A. type. The propeller was a 4-foot 
diameter model of the standard Navy adjustable-pitch 
metal propeller No. 441%- 

The lift, drag, and propulsive efficiency were obtained 
at several angles of attack for each of the 21 locations. 
A net efficiency was derived for determining the over-all 
effectiveness of each nacelle location. 

Best results were obtained with the propeller about 25 
per cent of the chord directly ahead of the leading edge. 
A location immediately above or below the wing near the 
leading edge was very poor. 

INTRODUCTION 

At the Fourth Annual Aircraft Engineering Re¬ 
search Conference held at Langley Field, Va., in May, 
1929, several manufacturers pointed out the lack of 
data on the relative merits of nacelle positions and 
suggested certain tests that might be made to shed 
some light on the problem. 

Previous tests in the variable-density wind tunnel 
(reference 1) had shown the importance of the inter¬ 
ference effects between a wing and a nacelle with 
N. A. C. A. cowling. These tests did not, however, 
include propeller effects nor cover a sufficient range of 
angles of attack and of nacelle positions. Propulsive 
efficiency is known to be affected by the shape and loca¬ 
tion of the nacelle; the characteristics of a wing are 
known to be affected by the presence of a nacelle and 
by the propeller slipstream. 

At the time of the next annual conference, in May, 
1930, a research with a tractor propeller and mono¬ 
plane wing had been started. Further suggestions 

made at this time have resulted in the extension of the 
program to include pusher and tandem propellers, as 
well as biplane wings. 

This report presents the results obtained with a 
thick airfoil (20 per cent) 5 by 15 feet, a %-scale model 
of a cowled radial engine and nacelle, and a 4-foot 
metal propeller located in 21 positions, above, below, 
and forward of the airfoil’s leading edge. This series 
of tests constitutes the first main division of the pro¬ 
gram. Work on the remaining portion of the program 
is in progress and will be reported later. All the tests 
are being made in the 20-foot propeller-research tunnel 
of the National Advisory Committee for Aeronautics. 

60-INCH CHORD MAXIMUM ORDINATE = 20 PER 
CENT CHORD 

Distance 
from L. E. 
in per cent 

chord 

Distance 
from L. E. 
in inches 

Ordinate 
upper 

surface in 
per cent 
chord 

Ordinate 
upper 

surface in 
inches 

Ordinate 
lower 

surface 
in 

per cent 
chord 

Ordinate 
lower 

surface 
in 

inches 

0.0 0.00 6.7 4.00 6.7 4.00 
2.5 1.50 12.0 7.20 3.0 1.82 
5.0 3.00 14. 2 8. 50 1.8 1.10 

10. 0 6. 00 17.1 10. 26 .6 .34 
15.0 9.00 18.7 11. 24 .2 . 10 
20.0 12.00 19.6 11.75 .0 .02 
30.0 18.00 20.0 12. 00 .0 .00 
40.0 24.00 18.9 11.34 .0 .00 
50.0 30.00 16.9 10. 14 .0 .00 
60.0 36.00 14. 1 8. 48 .0 .00 
70.0 42. 00 11.0 0.58 .0 .00 
80.0 48.00 7.5 4.52 .0 .00 
90.0 54.00 3.8 2. 30 .0 .00 

100.0 60.00 0.0 0. 00 .0 .00 

APPARATUS AND METHODS 

The propeller-research tunnel has been described in 
reference 2. The standard apparatus and test meth¬ 
ods were used with certain exceptions mentioned 

later. 
277 
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The wing was constructed of wood with a 5-foot 
chord and a 15-foot span. The airfoil section, the 
ordinates of which are shown in Figure 1, had a 
maximum thickness of 20 per cent of the chord. 
The central portion of the wing was provided with 
suitable metal ribs and plates for the connection of 
the struts required in attaching the nacelle to the 
wing. The duralumin nacelle was similar to the 
nacelle required for a Wright J-5 radial air-cooled 
engine, and was four-ninths (0.445) full scale. A 
detailed wooden model of this engine (fig. 2) was 
installed in the proper position in the nacelle. The 
engine model was fitted with an N. A. C. A. cowling, 
the inside lines of which were modified to fit around 

Figure 2.—Photograph of model engine and propeller 

the electric motor used to drive the propeller. The 
principal dimensions of the nacelle, engine, and 
cowling are shown in Figure 3. The propeller, which 
was 4 feet in diameter, was made geometrically 
similar to the Navy standard 4412 nine-foot diameter 
aluminum-alloy propeller, tests of which are discussed 
in references 3 and 4. The blades could be turned in 
the hub to give different pitch settings. In the tests 
discussed here, the pitch setting was 17° at 0.757?, 
which is about average for usual operating conditions. 
Some tests were made with a 22° pitch setting for 
comparison. 

For driving this propeller a 25-horsepower 220-volt 
direct-current motor was mounted within the nacelle. 
Wires were led from the motor down the struts into 
the wing, and along the supporting members to the 
control equipment on the floor below. These wires 
were carefully taped to the struts, preserving a stream¬ 

line shape which, in subsequent tests, showed a 
negligible effect on the tare drag. A Prony brake was 
used for calibrating the motor, and curves were 
obtained giving armature current against torque for 
several values of the field current. During the tests 
the field current was held at one of these calibrated 
values. Revolution speed was indicated by a con¬ 
denser-type electric tachometer which occupied a 
small space in the nacelle and was connected by wares 
to an indicating instrument on the floor below. 

The wing and nacelle combinations were mounted 
on the balance by means of standard supports, which 
have been described in reference 5. With these sup¬ 
ports the airfoil pivots about a line near the lower sur¬ 
face 25 per cent of the chord back from the leading 
edge, and the angle of attack is adjusted by a crank 
operating a post connected with a sting on the air¬ 
foil. The airfoil and nacelle mounted in one test 
position are shown in Figure 4. 

For use in subsequent analyses, a series of tests at 
various air speeds was made with the wing alone at 
angles of attack of —5°, 0°, +5°, +10°, +12°, and 
+ 15°. Similar tests were made with the nacelle 
alone. In each case separate tare drag tests were also 
made. The lift and drag forces were measured 
simultaneously by balances on the floor below. The 

Reynolds Number varied from about 2,300,000 at 
the lowest air speed (54 m. p. h.) to 4,300,000 at the 
highest speed (99 m. p. h.). 

The wing-nacelle-propeller combination was tested 
with the nacelle and wing in the 21 relative positions 
shown in Figure 5. In this figure the crosses indicate 
the positions of the center line of the propeller hub. 
The nacelle positions are designated by the con¬ 
venient system of letters shown. Figures 6, 7, and 8 
are photographs of the actual wing-nacelle set-ups 
arranged in the order of the nacelle locations. In all 
cases the thrust line of the propeller was fixed parallel 
to the wing chord. 

The first test with each combination was a run at 
several air speeds, with the propeller removed. The 
lift, drag, and air speed were measured. A second 
test was then made with the propeller in place, and 
with the tunnel operating at several air speeds. In 
this test the lift, drag (or thrust), torque, propeller 
revolutions, and air speed were measured. Separate 
tests were made at angles of attack of —5°, 0°, +5°, 
+10°, and +12°. At the 12° angle only a few points 
were determined near zero thrust. 

The most unfavorable interference was expected 
when the nacelle was near the wing. This inter¬ 
ference occurred in the first position tried near the 
wing (B-l-A), therefore in all the tests with the 
nacelle near or partly within the wing, the gap be¬ 
tween was carefully faired. The photograph of posi¬ 
tion B-l-A in Figure 6 shows the nacelle unfaired. 
The fairing used was similar to that of position B-l-B 
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Figure 3.—Nacelle, engine, and N. A. C. A. cowling assembly 

Figure 4— Photograph of wing-nacelle combination in position B mounted for test 

149900—33-19 
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shown in Figure 8. The results of the tests in these 
locations are therefore somewhat better than they 
would have been if the nacelle had been supported 
by struts without fairing, as will be seen by com¬ 
paring the results, with and without fairing, for the 
above-mentioned position (B-l-A). 

RESULTS 

The measured lift, drag, and moment were reduced 
to the usual coefficients 

where 

CD 
Drag 

qS 
C '-.'77 

Moment 
qSc 

q, the dynamic pressure {}{ p V2). 
р, mass density of the air. 
V, velocity. 
S, the area of the wing. 
с, chord of the wing. 

(All moments are taken about the quarter-chord 
point of the wing.) These coefficients were first 
plotted against the dynamic pressure q and then cross 
plotted as CL, CD, and Cm against a (angle of attack) 
at values of the dynamic pressure corresponding to 
50, 75, and 100 m. p. h. The results of the tests, in 
general, are quite similar for the different positions. 
Only a sample series of curves is given. Figure 9 
shows the results for the wing alone, the nacelle ! 
alone, and the sum of the two for a dynamic pressure 
of 25.6 pounds per square foot, which corresponds 
to 100 miles per hour in standard air. Figures 10 
and 11 give similar results for the wing-nacelle com¬ 
bination in position B and in position A-l-A, the 
best and the worst positions, respectively. As the 

complete data would occupy many pages, only the 
values read from carefully faired curves are given 
in the tables: Table I, CL; Table II, CD; and Table 
III, Cm- Values are given for three air speeds (50, 
75, and 100 m. p. h.). All the useful information is 
thus reduced to manageable proportions. 

The results with the propeller operating are reduced 
to the usual coefficients 

c _T-AD r __ P 
T priID4 p Pn3D6 

where 
T, thrust of propeller operating in front 

of a body (tension in crankshaft). 
AD, change in drag of body due to action 

of propeller. 
T— AD, effective thrust (discussed in references 

3 and 4). 
n, revolutions per unit of time. 

D, propeller diameter. 
P, motor power. 

and 
r] = propulsive efficiency 

_ effective thrust X velocity of advance 
motor power 

(T-AD)V {CT\ V 
P \CpJ nD 

and 
CL is computed as before, but is now called Clp. 

Results of one of the tests are given in Figures 12 

and 13. Figure 12 shows CLp versus for each angle 

of attack with the propeller operating. The curve 
obtained without the propeller is also given for com¬ 
parison. The curvature in this line is due to the 
variation of the lift coefficient with air speed (i. e., 
Reynolds Number). The values plotted were taken 

for the actual dynamic pressures at the values of 

at which the propeller operated. In Figure 13, CT, CP, 

and rj are plotted against ^ with separate lines for 

each angle of attack. The coefficients for all nacelle 

positions at various values of and the different angles 

of attack are given in Tables IV to VIII, inclusive: 
Table IV, Thrust Coefficient (CT); Table V, Power 
Coefficient (CP); Table VI, Propulsive Efficiency (r?); 
Table VII, Lift Coefficient with Propeller Operating 
(CLp); Table VIII, Moment Coefficient with Pro¬ 

peller Operating (Cmp). 

The foregoing twro types of curves are ordinarily 
employed in presenting airfoil data and propeller data. 
For comparing the efficiencies of the nacelle-propeller 
combination in the various positions, however, other 
curves are required, which depend on further analysis, 
and will be given later. 
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The moment coefficients Cm computed for the tests 
show an interesting characteristic. A comparison of 
the moments with propeller operating with the 
moments without propeller shows, to a very close 
approximation, that the moment of the wing-nacelle- 
propeller combination is equal to the sum of the wing- 
nacelle moment without propeller and the moment of 
the horizontal component of the effective thrust. 

ACCURACY 

All readings were taken on scales and instruments 
which were calibrated frequently during the tests. 
The angles of attack of the airfoil were set within 5' of 
the desired angles with an inclinometer. The motor 
calibration showed a scattering of the points repre¬ 
senting a maximum error of 1 per cent. The tachom¬ 
eter readings were accurate within 10 revolutions per 
minute. The lift and drag balances were read to the 
nearest pound. 

With certain nacelle positions at high angles of 
attack the forces fluctuated rapidly and the above 
accuracy could not be obtained. This fluctuation was 
particularly noticeable near the burble point of the 
airfoil. The major portion of the faired results are 
believed to be correct within ±2 per cent, when the 
scattering of the test points and the accuracy of the 
instruments are considered. 

DISCUSSION 

A consideration of the general problem of a nacelle 
with a propeller operating in proximity to a wing 
indicates that several factors should be considered. 

1. The slipstream from the propeller produces 
changes in the velocities of the air over parts in its 
path, and these parts, in turn, act to change the 
velocity arid direction of the air flow in their vicinity. 
The propulsive efficiency of the propeller is therefore 
affected by its location with respect to the wing and by 
the angle of attack of the propeller-wing combination, 
in addition to the usual effects of changes of the air 
speed and the engine revolutions. 

2. The nacelle alone and wing alone have drags 
which, when added numerically, are different from the 
drag of a combination of the wing and nacelle. This 
difference is called interference drag. A favorable 
interference occurs when the drag of the combination 
is less than the sum of the wing and nacelle drags. 
The interference may pass from favorable to unfavor¬ 
able, and vice versa, with changes in the angle of attack. 

3. A combination of wing and nacelle has a lift 
which, in general, is different from that of the wing 
alone plus nacelle alone. The action of the propeller 
may also change the lift at a given angle of attack. 

4. A comparison of the relative merits of wing- 
nacelle-propeller combinations in various positions 
must therefore include (1) propulsive efficiency; (2) 
interference-drag effects; (3) lift effects. The following 
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discussion contains an analysis and derivation of a 
method of comparison which takes these effects into 
account. 

Figure 9.—Lift, drag, and moment characteristics for wing alone and na¬ 

celle alone 

In other words, it is convenient to consider the 
nacelle, the engine within it, and the propeller as a 
propulsive unit. The only reason for the nacelle is to 
house the motor driving the propeller. As the same 

Figure 11.—Comparison of lift, drag, and moment characteristics for wing 
alone and nacelle combination in position A-l-A 

NET EFFICIENCY 

Careful study of the problem shows that in spite of 
its apparent complexity, a satisfactory method of 
comparison incorporating the three essential effects 

Figure 10.—Comparison of lift, drag, and moment characteristics for wing 
alone and nacelle combination in position B 

discussed in the preceding section (propulsive effici¬ 
ency, interference drag, and lift) can be obtained 
by deriving a net efficiency for each nacelle-propel¬ 
ler location. A direct comparison of the net effici¬ 
encies then gives the relative merit of the different 
nacelle locations. 

wing was employed throughout the investigation, the 
drag and lift of the wing will be taken as a basis and all 
changes in lift and drag will be charged to the propeller- 
nacelle combination. If the drag of the combination is 
greater, the propulsive efficiency, which represents the 

to 
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Figure 12.—Effect of propeller on lift of wing-nacelle combination in 
position B 

ratio of the effective thrust horsepower to the total 
motor power, will be charged with the drag and 
interference of the nacelle, and with any changes in lift 
which may occur. 

A consideration of the matter shows, at once, that if 
a greater lift was obtained with the nacelle in place and 
the propeller operating than was obtained with the 
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wing alone, this additional lift must have been due to 
the action of the propeller and the presence of the 
nacelle, and the propulsive unit should consequently 
receive credit. It is very difficult to obtain a factor 
satisfying all conditions—one that will give a horizontal 
force or drag equivalent to a vertical force or lift. 
This question has been discussed in a very interesting 
paper by Betz. (Reference 6.) He comes to the 
conclusion that no method gives entire satisfaction. 
After considering the question from several angles, the 
author has concluded that the practical considerations 
can be sufficiently well satisfied by making the com¬ 
parison at a constant lift so that the lift effects are 
automatically eliminated. The angles of attack are 
so selected that the lift coefficient remains constant; 
i. e., equal to that of the wing alone at the angle of 
attack selected for comparison. If the lift is higher 
with the propeller operating at a given angle of attack, 
the same lift as that of the wing alone can be produced 
at a lower angle of attack of any wing-nacelle com¬ 
bination, and vice versa. 

The difference between the drag of the wing-nacelle 
combination and the drag of the wing alone (at the 
same lift coefficient) when multiplied by the velocity 
gives the thrust horsepower consumed in overcoming 
the effective drag (drag plus interference) of the 
nacelle. If this thrust horsepower is deducted from 
the total effective thrust horsepower, there remains the 
net thrust horsepower available for overcoming the 
drag of other parts of the airplane exclusive of the 
nacelle drag and interference. The effective thrust, 
already defined, has taken into account any drag 
effects produced by the propeller and any changes in 
thrust produced by the action of the body. Then if 
the ratio of the net thrust horsepower to the total 
motor power is taken, the net efficiency is obtained; 
that is, the nacelle drag efficiency factor represents the 
fractional part of the total motor power which is 
expended in overcoming the drag and interference of 
the nacelle (at a given lift coefficient), and the net 
efficiency is the fraction of the total motor power which 
is available for overcoming the drag of other parts of 
the airplane, exclusive of the propeller losses, and 
nacelle drag and interference. 

In practical terms, if two airplanes have the same 
weight and dimensions except for nacelle location, the 
net efficiencies show the comparative useful power 
available at the same speed from nacelle propeller 
units located in the different positions with respect to 
the wing. These considerations may be expressed 
mathematically as follows: 

Let DW) drag of the wing at a given angle of attack. 
Dc, drag of the wing-nacelle combination at the 

same lift coefficient as the'wing. 
then 

Effective nacelle drag = (nacelle drag) + (wing- 
nacelle interference drag) 

Thrust horsepower to overcome effective nacelle 
drag 

= (Dc~ Dw) velocity (II) 

Nacelle drag efficiency factor = fraction of the 
total motor power used by effective nacelle 
drag 

(Vc-Dw) V 
P 

(HI) 

N et efficiency = (propulsive efficiency) — (nacelle 
drag efficiency factor) 

(T-AD)V (Dc ~ Dw) V 
P P 

[(T-AD)-(DC-DW))V 
P 

(IV) 

After introducing coefficients and simplifying, the 
final equations become 

Propulsive efficiency 

= CT V 
CPXnD 

Nacelle drag efficiency factor 

= CDc-CDw S /vy 
Gp 2D2\nDj 

Net efficiency 

Cr V {Cvc-CDw) s /FV 
CP nD CP 2D\nDj 

(V) 

(VI) 

(VII) 

If a series of values of the net efficiency and the fac¬ 
tors composing it are computed and plotted on a sheet 

wing-nacelle combination in position B 

with the various nacelle locations drawn to scale and 
; then cross-plotted, a series of contours representing 

equal values of the factors are obtained. It is then 
easy to determine hovT the factors vary with nacelle — Dc- D\y (I) 
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location, where they are of the greatest and least mag¬ 
nitudes, and their actual value for any nacelle position. 

An examination of flight reports and computations 
from the dimensions of several airplanes employing 
nacelles indicates that high and cruising speeds occur 
at angles of attack between —2° and 0°. In most air¬ 
planes the propeller is designed to give maximum pro¬ 
pulsive efficiency at about these speeds. A series of 
three charts (figs. 14 to 16, inclusive) show the con¬ 
tour lines for the “peak” propulsive efficiency 

(T— AD)V 
P 

the nacelle drag efficiency factor 
(Dc — Dw) I 

P 
and the net efficiency 

[(T—AD) — (DC—DW)]V 
p 

respectively, all for the lift coefficient corresponding 
to 0° angle of attack of the wing alone (CL = 0.409). 

V 
A value of ^Q.65 was found to be the average 

value at which maximum efficiency occurred with all 
nacelle positions. The actual maximum in the extreme 
case was less than one-fourth of 1 per cent from that 

V 
at this As the nacelle drag factor is directly 

/ V V 
dependent on ( ) » a much more satisfactory result 

is obtained by using the constant value. The charts 
thus computed may be used to compare the high and 
cruising speed performance of the 21 combinations. 

Like considerations indicate that the best rate of 
climb occurs at about 5° angle of attack and at a 
speed equal to 60 per cent of high speed. A second 
series of charts (figs. 17 to 19, inclusive) presents con¬ 
tours of the same factors at a lift coefficient correspond¬ 
ing to 5° angle of attack of the wing alone (CL = 0.652), 

V 
a value of of 0.42, and at a speed equal to 60 per 

nu 

cent of high speed. The value (0.42) is determined 
from the high-speed condition by assuming that 
y=0.6 Vmax and that the power varies directly with 
the revolutions per minute (i. e., constant torque), 
which is approximately true for airplane engines. 
These charts may be used to compare the climbing 
performance of the 21 combinations. 

It should be noted in connection with charts of this 
kind that an increase of 10 per cent in net efficiency 
does not mean a 10 per cent increase in speed, for 
example. The increase will rather be only a little 
more than one-third of 10 per cent, or 3.3 per cent, 
since the power varies as the cube of the speed for a 
given drag coefficient, and the change in drag coeffi¬ 
cient will be small. 

It will be evident from the preceding derivation 
that the nacelle drag efficiency factor could have been 

separated into two factors—one giving the fraction of 
the power used by the nacelle alone, and the other 
the fraction of the power used by the wing-nacelle 
interference. This separation is of general interest 
in showing the wing-nacelle interference by itself. 
When comparing nacelles of different types, however, 
both factors are necessary, as will be evident in the 
later reports of the program, and the use of a single 
factor combining the two is therefore justified. The 
part of the nacelle drag efficiency factor due to the 
drag of the nacelle alone may, however, be taken as 
constant within about one-fourth per cent. If 7.7 
is subtracted from the values of Figure 15 and 2.5 
from the values of Figure 18, the resulting values rep¬ 
resent the part of the nacelle drag efficiency factor 
that is due to wing-nacelle interference. Hence, all 
points between the dotted lines drawn at 7.7 on Figure 
15 and at 2.5 on Figure 18, are in an area of favorable 
wing-nacelle interference. The desired interference- 
drag information is thus easily obtained. 

One other operating condition is of considerable 
importance, namely, the landing. In a normal land¬ 
ing the engine is throttled down so that the propeller 

is operating at a value of 
V 

nD 
near that of zero thrust. 

Under unusual conditions the propeller may be 
stopped. In either case, the landing speed depends 
on the lift coefficient under the particular condition. 

Table IX gives the lift coefficients at 12° angle of 
attack for the several locations of the wing and nacelle 
with the propeller operating at zero thrust, and also 
without the propeller. These values of lift coefficient 
indicate the relative merits of the various nacelle 
positions for conditions near the landing speed. Sev¬ 
eral tests have been made with the propeller stopped. 
The results will be discussed in a report now being 
prepared. In the last column of Table IX the land¬ 
ing speeds with the various combinations are compared 
with those with the wing alone. The ratio of the 
landing speed of the combination to the landing 
speed of the wing alone is taken as the square root of 
the inverse ratio of the lift coefficients. The values 
given are qualitative only, since the wing used in the 
tests is not necessarily of the same proportional total 
area as that which would be used on an airplane. If 
the area of the airplane wing is relatively larger, the 
effect of the nacelle and propeller on the landing speed 
will be correspondingly less. In general, the area 
ratio here used seems about correct, and the values 
in Column 3 show that the effect of the nacelle location 
on landing speed is small. 

RESUME OF RESULTS 

The results show several general characteristics. 
The lift when the propeller is operating at full power, 
is increased when the nacelle is located above the wing, 
decreased when below, and practically unaffected when 
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To obtain nacelle interference drag efficiency factor, subtract 7.7 from values on contours 
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Figuke 16.—Net efficiency (per cent) at cruising and high-speed condition. {Cl =0.409. Propeller set 17° at 0.75 R. taken at _=0.65) 
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Figure 17.—Propulsive efficiency (per cent) at climbing condition. (Ci,=0.652. Propeller set 17° at 0.75 R. y taken at —- =0.42) 
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Figure 18.—Nacelle drag efficiency factor (per cent) at climbing condition. (Cz,=0.652. Propeller set 17° at 0.75 R. rj taken at ^^—0.42.) lo obtain 

nacelle interference drag efficiency factor, subtract 2.5 from values on contours 
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directly ahead of the wing. The interference drag 
(without propeller) is unfavorable when the nacelle 
is placed above the wing, and favorable when placed 
below the wing. These changes are not a simple 
function of the distance from the wing, since position 
A-l-A shows the greatest increase in lift and the most 
unfavorable interference, whereas position B-2-B 
shows the most favorable interference. On the other 
hand, the propulsive efficiency increases as the vertical 
distance of the propeller from the wing increases, the 
highest efficiencies occurring in positions C-3-A and 
C-3-B. Here again the change is irregular. Combin¬ 
ing all factors, the highest net efficiency for both the 
high-speed and the climbing conditions is obtained when 
the nacelle is just back of position B (i. e., with the 
center line of the propeller about 25 per cent of the 
chord ahead of the leading edge). 

For both high speed and climbing, position A-l-A 
even with fillets is by far the poorest. The net 
efficiency for other locations may be read directly 
from the charts. In the landing condition, position B 
also appears to the best advantage. It may therefore 
be stated that a position slightly in the rear of position 
B will be best for practically all conditions of flight, 
and a location such as A-l-A will be very poor. 

DESIGN CONSIDERATIONS 

In estimating the performance of a proposed air¬ 
plane design, the designer usually plots the basic 
curves—horsepower required against air speed and 
horsepower available against air speed. The horse¬ 
power required is obtained by summing up the wing- 
profile drag, the induced drag, and the parasite drag. 
The parasite drag has included in it the nacelle drag and 
interference. In Tables X and XI, the lift and drag 
changes due to adding the nacelle are given for all 
positions and all angles of attack. It is to be noted 
that the coefficients in these tables are based on the 

wing area. 

The controlling factor in the size of the nacelle is 
the size of the engine, and as most airplane-engine 
builders give the principal dimensions of the engine 
in inches, a more convenient form of coefficient for 
comparing nacelle drags would be one based on engine 
diameter. The coefficients given can be then applied 
as follows: 

Nacelle drag = CV (wing basis) q S 
— CDl q 75. (VIII) 
= CD (engine diam. basis) q (De)2 (IX) 

= CDa q (20)2 

where De — Engine diameter in inches 
then CDl q 75 = CDi q 400 

75 
Cd2 = ^di 4qq = 0.1875 Cdx (X) 

and similarly for the lift 

CL2 = 0.1875 CLl 

If the coefficients of Table XI are multiplied by 
0.1875, then equation (IX) may be used with some 
saving of time when the drags of nacelles with different 
engines is being computed. This method also elimi¬ 
nates the wring area as a variable in nacelle drag. It is 
clear, however, that the wing-area basis was necessary 
in the other comparisons made in this report. 

The second section in Table XI gives the ratio of 
the effective drag of the nacelle in any position to the 
drag of the nacelle alone. If unity is subtracted 
from the values in this column the fractional inter¬ 
ference drag is obtained. The third section, giving the 
ratio of effective nacelle drag to the drag of the nacelle 
at 0°, may be conveniently used in estimating drags 
from other tests, assuming that the interferences 
obtained here apply. Similarly, the lift due to adding 
the nacelle may be obtained from the second section 
in Table X. 

The lift due to the propeller is probably affected by 
the airfoil section, chord, and nacelle location. It has 
not been possible, therefore, to derive a rational expres¬ 
sion for this factor. Table VII, however, gives the 
lift coefficients based on the wing area of these tests 
wuth the propeller operating under all conditions. 
The designer may therefore make a judicious estimate 
of the lift increment that will be obtained under any 
given conditions by comparing the values from this 
table with values from Table I, which gives the corre¬ 
sponding lift coefficients wuthout propeller. 

The power-available curve previously mentioned 
presents no difficulty because it is obtained by multi¬ 
plying the motor power by the value of the propulsive 
efficiency at any speed. Since a method of selection 
of propellers involving a coefficient Cs has been shown 
to greatly simplify computations (references 3 and 4), 
values of this coefficient are given in Table XII. 
Some tests in the present series were run with a pro¬ 
peller pitch setting of 22°. Cross-plotting the results 
for the two pitch settings gives a curve which is sub¬ 
stantially parallel to the results of references 3 and 4. 
The designer may therefore obtain a close estimate of 
the propulsive efficiency for any pitch setting by mul¬ 
tiplying the efficiency obtained from references 3 and 
4 by the ratio of efficiency between the two sets of 

j tests at 17° pitch. 
It is realized that all users of nacelles do not employ 

a complete cowling such as was used in these tests. 
Other tests have already been made without cowling, 
and with another cowling similar to the Townend 
ring. Similar tests have also been made writh a thinner 
wing section of smaller chord. The results of these 
tests are now being prepared and will appear in a 

separate report. 
CONCLUSIONS 

1. The lift of a wing-nacelle-propeller combination 
with propeller operating at full power as compared to 
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the lift of a wing alone is increased when a nacelle is 
placed above and forward of a wing, decreased when 
placed below and forward, and is practically unaffected 
when the nacelle is in line with the wing. 

2. An unfavorable interference drag (without pro¬ 
peller) results when a nacelle is placed above and 
forward of a wing; a favorable interference drag re¬ 
sults when the nacelle is below and forward, and prac¬ 
tically no interference drag results when the nacelle is 
in line with the wing. 

3. The propulsive efficiency of a propeller mounted 
on a nacelle-propeller combination in various positions 
with respect to a wing increases with the increase in 
the vertical distance between the propeller and the 
wing. 

4. Taking into account the lift, interference, and 
propulsive efficiency, the best location of the nacelle, 
with tractor propeller on a monoplane wing, for high 
speed and cruising, is with the thrust axis in line with 
the center line of the wing and with the propeller 
about 25 per cent of the chord ahead of the leading 
edge. This same location also appears to be the best 
in climb and landing, therefore excels in all conditions 
of flight. 

5. The most unfavorable location of a nacelle and 
propeller is with the thrust axis about one-third of the 
wing chord above the chord line and with the propeller 
10 per cent of the chord ahead of the leading edge of 
the wing, i. e., with nacelle very close to the upper 
surface of the wing. 

6. Nacelles located above or below and forward of 
the wing in corresponding positions have about equal 

merit, but are inferior to locations in lme with the 
wing. Nacelles located close to the wing below are 
slightly more effective than those located above. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., November 18, 1981. 
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TABLE I 

LIFT COEFFICIENT WITHOUT PROPELLER 

n _Lift 
CL~~qS 

Nacelle position 
50 m. p. k. 

R. N.=2,150,000 
75 m. p. h. 

R. N. = 3,220,000 
10C m. p. h. 

R. N.=4,300,000 

Angle of attack_ -5° 0° +5° +10° +12° -5° 0° +5° ' +10° + 12° -5° 0° +5° +10° d 4-12° 

Nacelle alone -0.008 -0. 001 0. 004 0. 009 0.010 -0. 008 -0. 001 0. 004 0. 009 0.010 -0. 008 -0.001 0.004 0.009 0.010 
Wing alone - . 179 .417 . 652 .889 . 175 . 414 . 650 . 887 . 169 .409 .646 .885 . 960 
A-3-A. . 167 .405 . 643 .878 . 167 . 405 . 643 .878 . 167 .405 .643 878 . 955 
B-3-A.. . 168 .401 . 637 .873 . 161 . 396 . 632 .868 . 151 . 388 . 625 . 862 .925 
C-3-A_ . 189 .428 .668 , .906 . 171 .410 . 650 .888 . 148 .385 . 625 | .865 .965 
A-2-A . . 177 .406 .634 .860 . 175 . 404 .632 .856 . 172 . 400 .629 .851 . 904 
b-2-a.:..:_ . 172 . 412 .656 .893 . 162 .404 .649 . 888 . 149 .393 . 639 . 882 . 981 
C-2-A.__ . 141 .389 .637 .881 . 133 .381 . 630 1 .876 . 122 . 371 . 621 .869 .969 
A-l-A ‘_ . 195 .424 .651 1 .879 . 190 .419 . 646 .872 . 184 .412 . 639 . 866 .955 
B-l-A «.. . 197 .433 .671 .914 . 183 . 422 . 664 .908 . 163 . 407 . 653 . 900 .996 
B-l-A . . 182 .403 .621 1 .821 . 166 .388 .609 .814 . 141 . 368 . 593 . 804 . 871 
C-l-A - . 187 . 420 .650 1 .873 . 170 .406 .640 .871 . 145 .387 ; .627 ' .868 .961 
A..-.. . 180 .416 .656 ! .896 . 164 . 404 .646 . 889 . 142 . 386 . 632 . 879 .977 
B__ . 189 .427 .664 .902 . 174 . 417 .659 .902 . 154 . 403 . 652 . 902 1.004 
C.- . 166 .411 .659 . 911 . 159 . 407 . 656 . 908 . 150 .401 .651 1 .903 . 996 
A-l-B »_ . 150 .388 .620 «. 764 . 145 . 381 .613 * . 762 . 139 . 372 . 603 «. 760 ' .783 
B-l-B 4 .. ... . 160 .399 . 636 .873 . 152 . 391 . 630 .868 . 140 .379 .621 1 .861 .960 
C-l-B. .. . 185 .419 . 655 .891 . 172 .407 . 645 .881 . 153 .391 .629 1 .868 .963 
A-2-B.. . 155 .389 .623 .855 . 152 .384 .619 .850 . 147 .378 . 613 I .844 .877 
B-2-B... . 150 .382 .616 .849 . 150 .382 . 616 .849 . 150 .382 .616 .849 
C-2-B_ . 151 .387 . 624 .860 . 148 .384 . 620 .858 . 143 .380 .615 I .854 .951 
A-3-B-. . 161 .393 . 628 . 860 . 154 .388 . 624 .859 . 144 . 381 .619 . 857 .951 
B-3-B . 188 . 412 .641 .865 . 168 . 398 . 633 .865 . 138 .379 .622 | .865 . 970 
C-3-B_ . 173 .406 . 638 .870 .163 .399 .633 .869 .148 .388 . 626 . 868 .965 

° Based on wing area. c Accuracy doubtfui. 
4 Nacelle faired into airfoil. d Average of 80, 90, and 100 m. p. h. 

TABLE II 

DRAG COEFFICIENT WITHOUT PROPELLER 

CD 
Drag 

qS 

Nacelle position 
50 m. p. h. 

R. N.=2,150,000 
75 m. p. h. 

R. N. = 3,220,000 
100 m. p. h. 

R. N.=4,300,000 

Angle of attack... -5° 0° +5° 1 +10° +12° -50 0° +5° + 10° +12° -5° 0° +5° +10° *+12° 

Nacelle alone °... 0. 0058 0. 0058 0. 0059 0. 0061 0. 0066 0.0049 0. 0049 0. 0050 0. 0055 0. 0062 0. 0039 0. 0040 0.0041 0.0050 0. 0058 
W ing alonfi . 0180 . 0425 .0830 . 1440 . 0175 . 0415 .0825 . 1440 . 0165 .0405 .0825 . 1440 . 1740 
A-3-A . 0275 . 0515 . 0945 . 1580 . 0260 . 0490 .0925 . 1565 .0250 .0480 .0920 . 1560 . 1875 
B-3- V . 0270 . 0950 . 1560 .0260 . 0490 .0925 . 1560 . 0250 .0475 .0920 . 1560 . 1910 
C-3-A .0245 .0480 .0905 . 1540 .0240 .0470 .0900 . 1540 .0230 .0450 .0890 . 1500 .1815 
A-2- 4 . 0245 . 0500 .0945 . 1555 .0235 . 0490 . 0925 . 1565 .0220 .0480 . 0920 .1570 . 1890 
B-2- 4 . 0250 . 0490 . 0920 . 1560 .0230 . 0470 .0910 . 1555 .0235 .0465 .0905 . 1540 . 1900 I 
C-2-A . 0240 . 0470 . 0915 . 1520 .0225 . 0460 .0900 . 1525 .0220 .0445 . 0885 . 1535 . 1830 

. 0260 . 0520 . 1080 . 1810 .0250 .0510 .1070 . 1780 .0240 .0500 . 1060 . 1760 . 2105 
B-l-A6 .0230 . 0480 . 0965 . 1620 .0220 . 0470 .0945 . 1610 .0220 .0455 . 0940 . 1605 . 1910 
B-l-A . . 0300 .0580 . 1100 . 1795 .0290 .0565 . 1070 . 1775 .0280 . 0545 . 1060 . 1740 .2055 
C-l-A . 0230 .0480 . 0930 . 1605 .0220 . 0465 . 0920 . 1585 .0220 .0460 .0920 . 1595 . 1925 
A .0210 .0445 • 0855 . 1510 . 0200 . 0420 .0845 . 1470 . 0190 .0410 .0840 . 1450 . 1760 
B . 0205 .0440 . 0890 . 1530 .0200 . 0425 . 0880 . 1525 .0195 .0420 .0870 . 1520 . 1830 
C .. .0230 .0460 .0910 . 1565 .0210 . 0435 .0890 . 1550 .0205 .0430 .0885 . 1545 . 1865 
A-l-B4 . 0260 .0460 .0850 «. 1570 .0240 . 0425 . 0825 1525 .0230 . 0420 .0815 «. 1510 «. 1820 
B-l-B4 . 0225 .0410 . 0810 . 1425 . 0225 .0410 .0810 . 1425 .0225 . 0410 .0810 . 1425 . 1700 
C-l-B . 0260 . 0440 .0830 . 1420 .0245 .0430 .0825 . 1420 .0230 .0425 .0820 . 1420 . 1700 
4-2-B . 0245 .0455 .0825 . 1410 .0240 . 0440 .0825 .1410 .0235 .0425 .0820 . 1410 .1720 
B-2-B . 0235 . 0440 . 0835 . 1405 . 0230 . 0430 .0825 . 1405 .0220 .0420 .0820 .1405 
C-2-B .0280 . 0465 . 0850 . 1415 . 0245 . 0430 . 0830 . 1415 .0235 .0425 .0820 . 1415 . 1710 
A-3-B . 0260 . 0465 . 0870 . 1440 .0250 . 0455 . 0855 . 1440 . 0250 .0445 . 0845 . 1440 . 1720 
B-3-B .0260 .0460 . 0860 . 1440 . 0250 . 0450 j .0840 .1435 .0245 .0490 .0830 .1420 .1710 
C-3-B__ .0255 .0460 .0840 . 1445 .0245 .0450 .0840 . 1445 .0240 .0440 .0840 . 1445 . 1730 

° Based on wing area. 
6 Nacelle faired into airfoil. 

149900—33 20 

c Accuracy doubtful. 
<* Average of 80, 90, and 100 m. p. h. 
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TABLE III 

MOMENT COEFFICIENT WITHOUT PROPELLER 

„ Moment 
Lm~ qSc 

Nacelle position Nacelle cowling No. 1 

Angle of attack... —5° 0° +5° + 1.0° +12° 

Wing alone__ _ -0. 073 -0. 067 -0. 063 -0.066 -0. 069 
A-3-A____ -.069 -. 064 -.060 -. 062 -.065 
B-3-A___... -. 065 -. 058 -.053 —. 055 -.065 
0-3-A___ -.065 -.068 -. 053 -. 050 -.049 
A-2-A......... -.066 -.060 -.057 —. 066 -. 075 
B-2-A . ____ -. 066 -.056 -. 051 -.052 -.055 
C-2-A_____ -.065 -.056 -. 049 -.046 -.046 
A-l-A®_ ... -. 060 —. 055 -.061 -.071 -.076 ' 
B-l-A “______ -. 051 -.044 -. 040 -.043 -. 045 
B-l-A_____ -.061 -.050 -.045 —. 045 -.047 
C-l-A..... -.061 -.050 —. 045 -.044 -.047 
A.... -. 075 -. 066 -.060 -.063 —. 065 
B..... .. . -. 074 -.063 —. 056 -.054 -.055 
C_ _ ... -. 083 -.066 -.052 -.048 -. 050 
A-l-B“____ -. 081 -.075 -.073 -.083 -.087 
B-l-B °___ -. 094 -.086 -.080 -.076 -. 077 
C-l-B_____ -. 090 -. 079 -. 071 -. 069 -.070 
A-2-B____ . 
B-2-B_ 

-.078 
-. 082 

-.071 
-. 077 

-.068 
— 072 

-.070 
-.068 
-. 069 

-.079 

C-2-B______ -.086 -. 078 -. 071 -. 070 
A-3-B_ .... . . -. 076 -. 070 -.068 -.070 -. 072 
B-3-B ___ .. . .. -.080 -. 072 -.068 -.069 -.070 
C-3-B._____ _ -.082 —. 075 -.069 -. 069 -. 070 

° Nacelle faired into airfoil. 
TABLE IV 

THRUST COEFFICIENT 

r (T—AD) 
Ct p n 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

V 

Nacelle position 
nD 

0. 1 0.2 0.3 0.4 0.5 0.6 0.7 O.S 0.9 
10 

A-3-A... 0. 0878 0. 0832 0. 0769 0. 0685 0. 0578 0. 0455 0. 0318 0. 0165 0 -0.0190 
B-3-A _ .0895 .0841 .0771 .0683 . 0578 .0460 .0332 .0188 .0020 -.0160 
C-3-A____ .0891 .0842 .0776 .0690 .0587 .0468 .0335 .0192 .0033 —.0140 
A-2-A.__. .0881 .0822 .0750 .0663 . 0570 .0463 . 0344 .0213 .0075 -.0088 
B-2-A.___ .0844 . 0795 .0730 . 0651 . 0559 .0455 .0335 . 0196 .0046 -.0117 
C-2-A. .0870 .0819 .0751 .0673 .0578 .0466 .0340 .0200 .00-49 -.0118 
A-l-A °. .0797 .0755 .0700 . 0630 .0548 .0453 .0350 .0237 .0113 -.0020 
B-l-A °.-... .0845 .0800 .0739 .0663 . 0571 .0469 .0352 .0220 . 0072 -. 0095 
C-l-A.... .0848 .0802 . 0741 . 0665 .0571 .0460 .0336 .0204 . 0050 -.0114 
A.... . 0838 .0796 .0735 .0661 .0571 .0467 .0348 .0217 . 0075 -. 0082 
B...____ . 0852 . 0805 .0741 . 0665 .0570 .0463 .0339 .0208 .0050 -.0115 
C_ .0847 .0801 .0739 . 0662 . 0569 .0461 . 0334 .0191 .0039 -.0120 
A-l-B°... . 0805 .0766 .0709 .0636 .0548 .0445 . 0332 .0211 .0078 -.0072 
B-l-B °.. .0847 . 0799 .0732 . 0650 .0555 .0447 .0330 .0200 .0058 -. 0095 
C-l-B__ . 0873 . 0826 .0761 . 06S0 .0578 . 0457 .0321 .0173 .0015 -. 0149 
A-2-B__ .0853 .0809 .0747 .0669 .0571 . 0453 . 0320 .0171 .0009 -.0167 
U-2-B.-__ .0866 .0818 .0751 .0670 . 0570 .0455 .0328 .0190 .0040 -.0114 
C-2-B.... . 0872 . 0832 .0773 .0696 .0598 .0480 . 0340 . 0203 .0045 -.0133 
A-3-B___ .0883 .0833 .0764 .0679 . 0575 . 0453 .0317 .0164 .0013 -.0204 1 
B-3-B.... .0867 .0823 .0761 .0680 .0576 . 0453 .0317 .0163 -.0003 -.0180 
C-3-B...... 

__ 
.0884 . 0836 .0769 .0685 . 0585 .0467 .0330 .0178 .0015 -.0155 ■ 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 0° 

A-3-A.. 0. 0879 0. 0830 0. 0761 0. 0677 0. 0572 0. 0447 
.0458 
. 0465 

0. 0300 
0320 

0. 0130 
0161 

-0. 0059 
-.0020 
0 

| 

B-3-A__ .0898 .0841 .0770 .0681 . 0579 
C-3-A..... .0891 .0842 .0776 .0691 . 0588 .0327 .0174 -0.0177 
A-2-A___ .0872 . 0816 . 0745 . 0660 . 0559 .0444 .0314 .0170 0 -.0180 
B-2-A.... .0851 .0800 .0733 .0655 .0561 .0451 .0322 .0176 .0018 -. 0156 
C-2-A..... .0872 .0822 .0760 .0680 .0580 .0464 .0336 .0191 .0032 -.0136 
A-l-A®.. .0790 .0746 . 0687 .0610 . 0520 .0415 .0300 .0180 .0052 -.0083 
B-l-A®... .0843 .0790 .0722 .0640 .0542 .0436 .0319 .0190 .0045 -.0112 

, C-l-A....__ .0840 .0788 .0722 .0638 .0542 .0438 . 0318 .0190 .0042 -.0124 
A...... .0837 .0793 . 0733 . 0655 .0560 . 0451 .0332 .0205 .0065 -.0081 
B_____ .0849 .0793 . 0725 . 0645 . 0554 .0450 .0328 .0195 .0052 -.0110 
C. .0846 .0798 .0733 .0652 .0551 .0440 .0322 .0190 .0046 -.0107 
A-l-B®... .0805 .0765 . 0709 .0635 .0550 .0449 .0339 . 0222 .0098 -. 0036 
B-l-B *... .0848 .0799 . 0734 . 0655 . 0560 .0455 .0340 .0212 .0065 -.0094 

1 C-l-B........ .0860 .0811 .0745 .0664 .0563 . 0450 .0322 .0182 .0035 -.0123 
A-2-B.... .0861 .0813 .0750 .0672 .0575 .0464 .0338 .0201 .0053 -.0102 
B-2-B.... .0860 .0813 .0750 .0672 . 0574 .0462 . 0366 .0199 .0054 -.0098 
C-2-B.. .0877 .0832 .0771 .0693 .0597 .0480 .0349 .0201 .0040 -.0140 
A-3-B.... .0884 .0838 .0772 .0690 . 0581 . 0458 .0325 .0182 . 0016 -. 0166 
B-3-B_ .0865 .0822 . 0758 .0676 .0578 .0462 .0334 . 0188 .0022 -.0158 
C-3-B.. 

L .0879 .0834 .0772 .0692 .0591 .0471 .0339 .0193 .0037 . 1 1 
Nacelle faired into airfoil, 
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TABLE IV—Continued 

THRUST COEFFICIENT—Continued 

_(T—AD) 
Lt~ p ra2D* 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attaek = +5° 

V 
nD 

Nacelle position 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

A-3-A. 0 0838 0 0760 0. 0670 0. 0557 0. 0418 0.0261 
.0314 

0.0100 
.0150 

-0. 0085 
-.0040 B-3-A... . 088S .0837 .0768 .0680 .0572 .0448 

C-3-A..... .0873 .0830 . 0766 .0680 .0575 .0451 .0309 .0154 -.0015 -0. 0188 
A-2-A.. .0863 .0808 . 0733 .0643 .0535 . 0110 .0268 .0116 -.0048 -. 0215 
B-2-A__-. . 0835 .0790 . 0727 .0644 .0548 .0436 .0305 .0162 .0010 -.0153 
C-2-A____ .0860 .0814 .0751 .0673 .0575 .0460 . 0327 . 0182 .0029 -. 0137 
A-l-A “__ .0763 .0724 .0671 .0600 . 0512 .0406 .0288 .0157 .0022 -.0121 
B-l-A°..-. . 0820 .0765 . 0696 .0611 .0513 .0407 .0287 .0157 .0021 -.0125 
C-l-A... .0821 .0763 .0691 .0608 .0511 .0406 .0290 .0170 . 0032 -.0118 
A....... .0805 .0760 . 0698 .0619 .0525 .0418 . 0303 .0178 .0040 -.0094 
B___ .0829 .0779 .0712 .0630 .0530 .0413 .0293 .0167 .0032 -.0110 
C... .0817 . 0763 .0697 .0615 .0525 .0422 .0306 .0183 .0055 -. 0080 
A-l-B °____ . 0796 .0775 . 0699 .0627 .0533 .0437 . 0338 .0231 .0123 . 0005 
B-l-B“____ .0818 . 0768 . 0705 .0629 . 0537 . 0435 .0233 .0200 .0070 -.0067 
C-l-B___ .0845 .0778 .0704 . 0625 .0538 .0440 . 0323 . 0192 .0048 -. 0106 
A-2-B__ . 0854 .0807 .0741 .0662 .0571 .0462 . 0349 . 0229 .0105 0024 
B-2-B.-.. .0855 .0802 . 0736 .0653 .0558 .0448 .0327 .0220 .0063 -. 0078 
C-2-B__ .0866 .0822 . 0762 .0683 .0589 .0477 .0352 0215 .0060 -.0112 
A-3-B.. .0881 . 0832 .0767 .0682 . 0581 . 0468 . 0346 .0210 .0050 -.0130 
B-3-B___ .0865 .0820 .0756 .0674 .0578 .0462 .0336 .0199 .0051 -.0102 
C-3-B... .0873 . 0827 .0762 .0682 . 0586 .0473 .0346 .0212 .0066 

Propeller No. 4412—4 feet. Set 17° at 0.75 R, Angle of attack=-f 10° 

A-3-A . __ 0. 0858 0. 0808 0. 0740 0. 0651 0.0543 0.0411 0. 0260 0. 0094 -0. 0085 
B-3-A .. . 0863 .0810 .0740 . 0650 .0552 .0434 .0297 .0143 -.0013 
C-3-A - _ .0866 .0822 .0759 .0674 .0570 .0445 .0293 .0120 -.0070 

__ 
B-2-A__ .0825 .0776 .0710 .0624 .0523 .0406 .0273 .0120 -.0042 -0. 0218 
C-2-A_ .0850 .0799 . 0722 .0651 .0556 .0446 .0320 .0180 .0022 -.0141 
A-1-Aa . 0750 . 0708 . 0652 . 0578 . 0487 .0380 . 0260 . 0132 -.0146 
B-l-A®___ .0786 .0722 .0645 .0559 .0461 .0353 .0249 .0120 -.0025 -. 0183 
C-l-A... .0798 .0738 . 0666 . 0580 .0485 .0386 .0277 .0161 .0038 -.0100 
A... .0793 .0735 .0665 .0583 .0488 .0386 .0279 .0167 .0047 -. 0087 
B...... .0798 .0738 .0660 . 0572 .0480 .0380 .0275 .0161 .0041 -.0100 
C- — 
\-l Bab 

.0787 .0729 .0658 .0574 .0478 .0373 . 0264 .0148 .0028 -. 0096 

B-1-Ba-.-. .0790 .0738 .0675 . 0600 .0519 .0427 .0330 .0215 .0098 -.6630 
C-l-B.-.... .0837 .0761 .0676 .0588 .0494 .0398 .0299 .0188 .0068 -.0074 
A-2-B___ .0837 .0777 .0707 .0629 . 0541 .0450 .0352 .0251 .0149 .0044 
B-2-B.... .0830 .0775 .0700 .0612 .0515 .0410 .0300 .0183 .0061 -.0070 
C-2-B-.. .0842 .0790 .0720 .0637 .0541 .0437 .0318 .0192 .0060 -.0078 
A-3-B_ . 0856 .0809 .0744 .0669 .0580 . 0479 .0361 .0229 .0083 -.0068 
B-3-B____ .0861 .0815 .0752 .0675 .0579 .0470 .0352 . 0225 .0085 -.0061 
C-3-B__ . 0S70 .0824 .0758 .0673 . 0578 .0472 . 0359 .0234 .0100 

Nacelle faired into airfoil. Data unreliable, 



298 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TABLE V 

POWER COEFFICIENT 

n - P 
p pnzDb 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack= -5° 

V 

Nacelle position 

0. 1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 1.9 1.0 

A-3-A_ _ 0.0440 0. 0440 0.0432 0.0420 0. 0392 0. 0351 0. 0286 0. 0195 0. 0083 
11-3-A .. . 0431 .0431 .0426 .0411 . 0390 . 0353 . 0298 .0212 .0100 
('-3-A. .... . 0430 . 0430 .0425 . 0-412 .0391 . 0356 .0300 .0218 .0105 
A-2-A__ _ . 0420 .0418 .0414 .0406 .0390 .0356 .0302 .0227 .0125 
B-2-A_ .0419 .0423 .0421 .0410 .0389 . 0350 .0295 .0218 .0121 .0004 
(’-2-A_... ... .0461 .0450 .0437 .0420 .0400 . 0364 .0306 .0201 .0116 
A-l-A “ __ _ . 0430 .0430 .0426 .0416 .0400 .0373 .0330 .0268 .0187 .0083 
B-l-A ®.. _ . 0433 .0427 .0420 .0407 . 0391 .0362 .0312 .0238 . 0145 .0026 
(1-1-A_ .. _ . 0433 .0133 .0429 .0415 . 0392 .0358 . 0302 .0224 .0120 
A.. . . 0428 .0427 .0420 .0412 . 0396 . 0365 .0315 .0240 .0145 .0020 
B_ . 0425 .0422 .0418 .0410 . 0390 .0355 .0300 .0227 .0121 
0___ . 0426 .0422 .0417 .0405 .0389 .0355 .0298 .0220 .0115 
A-l-B ®__ _ . 0439 .0436 .0430 .0121 .0101 .0370 .0325 .0256 .0167 . 0057 
B-l-B “ .. . 0427 .0422 .0415 . 0403 . 0385 .0355 .0302 .0228 .0135 .0010 
C-l-B_ .0435 .0431 .0424 .0412 .0390 .0352 .0295 .0214 .0111 
A-2-B... . 0439 .0440 .0434 .0419 .0396 . 0353 .0290 .0202 .0104 
B-2-B_ _ . 0439 . 0140 .0434 .0421 .0398 .0360 .0302 .0220 .0115 
C-2-B. .0440 .0440 .0433 .0420 .0396 .0361 . 0306 .0227 . 0121 _ 1 
A-3-B . 0432 . 0431 . 0423 .0411 .0387 .0345 .0282 .0194 .0078 . 
B-3-B _ _ .0431 .0433 .0-130 .0417 . 0393 .0353 .0291 .0206 .0095 
C-3-B_ _ .0439 .0432 .0423 .0411 .0392 .0356 .0298 .0216 .0108 

Propeller No. 4412—4 feet. Set 

I A-3-A__ 0. 0433 0. 0435 0.0430 ! 
B-3-A.. . 0-432 .0433 .0426 
0-3-A_ . ... .0430 . 0430 .0425 
A-2 A_ .0420 .0417 .0412 
B-2-A___ .. .0424 .0428 . 0422 
0-2-A_■ .0448 .0442 . 0429 
A-l-A ®_ . .0130 .0430 .0426 
B-l-A “ ... . .. _ .0435 .0429 .0422 
O-l-A_ .0433 .0432 . 0428 
A__ .0427 .0-424 .0419 
11 . ... .. .0427 .0423 .0418 
O... . 0430 .0428 . 0420 | 
A-l-B ®_ . .0440 .0438 .0432 ' 
B-l-B “ .. .0432 .0429 . 0421 
O-l-B_ . . .0433 .0430 .0423 ! 
A-2 -B_ .0438 .0439 . 0433 
B-2-B__ . 0439 .0440 .0435 1 
0-2-B_ .0442 .0441 .0433 i 
A-3- B_ . 0429 . 0432 .0429 
B-3-11. ___ .. _ .0431 .0433 .0430 
C-3-B_ ... .0433 .0431 .0426 1 

7° at 0.75 R. Angle of attack=0° 

0.0414 0. 0389 0. 0345 0. 0278 0. 0184 0. 0063 
.0412 .0390 .0352 .0290 .0198 . 0076 
.0412 .0388 .0351 .0291 .0205 .0095 
. 0403 .0382 . 0347 .0289 .0206 . 0095 
.0411 . 0388 .0350 .0290 .0209 .0100 
.0425 .0402 . 0364 .0302 .0214 .0110 
.0415 .0397 .0366 .0314 .0245 .0157 0. 0053 
.0412 .0394 .0360 .0306 .0231 .0131 
.0415 .0392 . 0358 . 0302 . 0223 . 0120 
.0409 .0393 . 0363 .0311 . 0236 .0139 . 0018 
.0408 . 0390 . 0360 . 0305 .0226 .0125 
. 0408 . 0387 . 0353 .0299 .0219 .0114 
.0423 . 0406 . 0377 . 0333 . 0273 .0190 . 0086 
.0409 .0388 .0355 .0308 . 0238 .0140 .0016 
.0413 .0393 . 0359 . 0301 .0222 .0122 
.0420 .0399 .0361 .0309 .0230 .0132 
.0422 .0399 .0362 .0304 . 0225 .0125 
.0420 . 0397 . 0361 .0308 .0227 .0121 
»0414 .0391 .0351 .0291 . 02C9 .0102 
.0416 .0393 .0358 .0300 .0218 .0111 
.0415 .0395 .0360 .0300 .0219 .0112 

Propeller No. 4412—4 feet. Set 17 

A-3-A.... 0. 0431 0. 0433 0. 0428 
B-3-A___ .0433 .0434 .0426 
C-3-A___ .0433 .0430 .0424 
A-2-A__ .0420 .0418 .0413 
B-2-A__ .0422 .0426 .0423 
0-2-A__ .. . 0435 .0436 .0431 
A-l-A®_ ___ .0428 .0428 .0424 
B-l-A ®_ _ .0434 .0429 .0421 
O-l-A___ .0433 .0430 .0421 
A.... .0426 .0122 .0417 
B___ .0431 .0430 .0424 
O... .0435 .0430 .0424 
A-l-B »___ .0432 .0429 .0423 
B-l-B®___ .0437 .0433 .0425 
O-l-B__ .. .0434 .0430 .0424 
A-2-B_ .0439 .0440 .0432 
B-2-B_ . .0439 .0440 .0433 
C-2-B_ ... .0439 .0440 .0436 
A-3-B_ .0433 .0431 .0423 
B-3-B__ ... .0431 .0433 .0429 
O-3-B_ .... . .0444 .0439 .0431 

° at 0.75 R. Angle of attack =+5° 

0.0411 0. 0382 0. 0332 0. 0260 0. 0163 0.0038 
.0411 .0386 . 0345 .0282 .0190 .0065 
.0410 .0386 .0343 .0283 .0198 .0090 
.0404 .0381 .0333 .0266 .0173 .0058 
.0411 .0387 .0347 .0284 . 0201 .0097 
.0419 .0398 .0360 .0297 .0210 .0101 
.0412 . 0391 .0359 . 0307 .0232 .0138 o.ooio 
.0412 . 0393 . 0358 .0302 .0222 .0119 
.0408 . 0386 .0350 .0293 .0210 .0105 
.0405 .0388 .0355 .0304 .0232 .0140 .0020 
.0412 .0388 . 0351 .0295 .0221 .0120 
.0411 .0389 .0350 .0294 .0217 .0116 
.0414 .0400 . 0378 . 0338 .0284 .0208 .0115 
.0412 .0391 .0360 .0311 .0243 .0150 .0021 
.0414 .0396 .0362 .0307 .0230 .0130 . 0005 
.0421 .0400 . 0366 .0318 .0250 .0166 . 0065 
.0420 . 0399 . 0365 .0310 .0237 .0144 .0030 
.0424 .0402 .0368 .0312 .0235 .0132 
.0411 .0391 . 0360 .0306 .0230 .0131 
.0416 .0395 . 0368 .0303 .0229 .0132 
.0419 .0396 .0360 .0304 .0232 .0126 

Propeller No. 4412—4 feet. Set 11 

A-3-A... .... 0.0440 0.0437 0.0426 
B-3-A_ .0432 .0432 . 0426 
C-3-A__ ... .0434 .0430 .0425 
A-2-A_ .0419 .0414 .0407 
B-2-A_ . .0425 .0428 .0422 
C-2-A__ ... . 0430 .0431 .0426 
A-i-A®_____ .0428 . 0428 .0422 
B-l-A®.... .... .0434 .0430 .0425 
C-l-A_ .0433 .0430 .0423 
A_ .9427 .0423 .0418 
B... .0428 .0423 .0418 
C....... .0427 .0423 .0418 
A-l-B ®.... .0425 .0423 .0421 
B-l-B®.... .0430 .0427 .0421 
C-l-B.. _ . .0433 .0430 .0425 
A-2-B_ .0437 . 0439 .0436 
B-2-B_ .0438 .0438 .0431 
C-2-B_ .. .0435 .0439 .0436 
A-3-B_ .0432 .0434 .0430 
B-3-B_ .. .0432 .0433 .0429 
C-3-B... .. .0444 .0442 .0435 

° at 0.75 R. Angle of attack = +10° 

0.0409 0. 0378 0. 0330 0. 0260 0. 0159 0. 0027 
.0411 . 03S9 .0347 .0280 .0187 .0069 
.0412 .0387 .0348 .0288 .0203 .0095 
.0396 .0375 .0331 . 0261 .0169 .0047 
.0409 .0382 .0340 .0279 .0194 .0088 
.0412 .0392 .0354 .0291 .0206 .0097 
.0411 .0390 .0355 .0301 .0228 .0130 0.0003 
.0417 .0398 •. 0359 .0303 .0223 .0116 
.0414 .0395 .0357 .0297 .0213 .0113 
.0410 .0391 .0358 .0309 .0235 .0140 .0025 
.0405 .0389 .0358 .0301 .0230 .0131 
.0405 .0388 . 0353 .0298 .0222 .0124 
.0417 .0408 .0393 . 0366 . 0313 .0240 .0147 
.0411 . 0399 .0374 .0330 .0260 .0170 .0055 
.0418 .0397 . 0362 .0312 .0238 .0142 .0020 
.0427 .0410 .0381 . 0340 .0280 .0206 .0110 
.0420 .0400 .0370 .0322 .0255 .0170 .0063 
.0427 .0406 .0375 .0322 .0250 .0155 .0040 
.0420 .0401 .0371 .0324 .0258 .0169 .0059 
.0418 .0397 . 0365 .0317 .0248 . 0156 .0043 
.0423 .0400 .0370 .0321 .0248 .0152 

Nacelle faired into airfoil 
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TABLE VI 

PROPULSIVE EFFICIENCY 

(T—AD) V 
v=-p- 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=—5° 

Nacelle position 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 

A-3-A__ 0.200 0.378 0. 533 0.652 0. 737 0.778 0. 778 0. 677 
B-3-A... .207 .390 .544 .665 .740 .781 .781 .710 0. 180 
C-3-A__ .207 .392 .548 .670 .750 .789 .783 .705 .283 
A-2-A.... .210 .393 .543 . 653 .731 .781 .797 .749 .540 
B-2-A_ .201 .376 . 520 .635 .718 .780 .795 .719 .342 
C-2-A.. .189 .364 .515 .640 .722 .768 .777 .725 .386 
A-l-A °.. . 186 .351 .493 .605 .685 . 728 .742 .707 .550 
B-l-A o___ . 195 .375 .528 .651 .730 .778 .790 .740 .447 
C-l-A__ . 196 .370 .517 .642 .728 .771 .779 .728 .375 
A_ . 196 .373 .525 .642 .721 .767 . 774 .723 . 465 
B___ .200 .381 .532 .649 .731 .783 .792 .735 .372 
C...... . 199 .380 .530 .654 .731 .780 .785 .695 .325 
A-l-B <■_..... . 183 .351 .494 .604 .683 .721 .715 .660 .420 
B-l-B “_ _ .198 .379 .529 .646 .720 .756 .765 .701 .387 
C-l-B___ .201 .393 .537 .661 .741 .779 .761 .628 .120 
A-2-B__- . 194 . 368 .516 .639 .720 .770 .771 .675 
B-2-B___ . 197 .372 .519 .636 .716 .758 .760 .690 .313 
C-2-B_ . 198 .378 .535 .664 .755 .798 .794 .715 .334 
A-3-B_ . 204 .386 ' .541 .660 . 744 .787 .787 . 675 
B-3-B__ .201 .380 .531 .652 . 733 .770 .763 .633 
C-3-B__ .201 .387 .545 .667 .746 .787 .775 .659 .125 | 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 0° 

A-3-A ___ 0.203 0. 381 0. 532 0.655 0. 735 0. 778 0. 755 0. 566 
B-3-A___ .208 .389 .542 . 661 .741 .781 .772 .650 
C-3-A . _ - .. .207 .392 .548 .671 .757 .794 .787 .679 0 
A-2-A___ .208 .392 .543 . 655 .732 .768 .761 .660 0 
B-2-A_ .201 .374 .521 .638 .723 .773 .777 .674 0. 162 
C-2-A_ . 194 .372 .519 .640 .721 .765 .778 .715 .262 
A-l-A °____ .183 .347 .484 .589 .655 .680 .669 .588 .298 
B-l-A “___ . 194 .368 .513 .621 .687 .727 .728 .658 .309 
C-l-A ... . 194 .365 .506 .615 .692 .735 .738 .682 .314 
A___ . 196 .374 .525 .641 .712 .745 .747 .695 .421 
B___ . 198 .375 .521 .632 .710 .750 .752 .690 .374 
C._.. .197 .373 .525 .640 .714 .748 .754 .694 .403 
A-l-B “ . . 183 .349 .492 .601 .677 . 715 .713 .651 . 464 
B-l -B a_ .196 .373 .522 .641 .721 .769 .773 .712 .418 
C-l-B..___ .198 .377 .528 .642 .716 .752 .749 .656 .258 
A-2-B____ .196 .370 .519 .640 .720 .770 .765 .700 .360 
B-2-B_ . 196 .370 .517 .637 .718 .765 .773 .707 .389 
C-2-B__ . 198 .378 .534 .660 .751 .797 .794 .708 .297 
A 3-B_ .206 .388 .540 .666 . 744 .782 .784 .695 . 141 
B-3-B____ .201 . 3S0 .529 .650 .735 .775 .779 .690 . 179 
C-3-B___ .203 .387 .544 .666 .748 .785 .791 .705 .297 

Propeller No. 4412—4 feet. Set 17° at 0. 75 R. Angle of attack=-f 5° 

A-3-A .. 0. 203 0. 387 0.533 0.652 0.729 0.756 0.703 0. 490 
B-3-A_ . . _ .205 .386 .540 .660 .740 .779 .778 .632 
C-3-A . 202 .386 .542 . 664 .745 .789 .765 .622 
A-2-A_ .. .. .206 .386 .532 .637 .701 .740 .706 .537 
B-2-A_ . 198 .371 .515 .626 .707 .754 .752 .644 0.093 
C-2-A_ .198 .372 .523 .644 .721 .765 .771 .695 .258 
A-l-A «__ .178 .338 .470 .583 .655 .679 .656 .541 . 144 
B-l-A “_ .189 .357 .496 .593 .652 .682 .665 .557 . 159 
C-l-A__ . 190 .355 .493 .596 .662 .696 .693 .647 .274 
A____„ . 189 .360 .502 .611 .676 .706 .697 .615 .260 
B..... . 192 .363 .504 .611 .684 .706 .695 .605 .240 
C___ . 188 .355 .494 .598 .675 .723 .729 .670 .427 
A-l-B «_ .185 .352 .496 .607 .666 .693 .700 .651 .532 
B-l-B “.... .185 .355 .498 .611 .687 .725 .726 .658 .420 
C-l-B___ .195 .362 .498 .603 .679 .730 .737 . 668 .332 
A-2-B... . 195 .367 .514 .629 .714 .760 .767 .731 .570 
B-2-B.... .195 .364 .510 .622 .699 .736 .738 .674 .394 
C-2-B__ .197 .374 .525 .644 .733 .778 .790 .731 .408 
A-3-B____ .204 .386 .544 .664 .743 .780 .790 .731 .344 
B-3-B__ .201 ✓ 379 .529 .648 .732 .774 .776 .695 .348 
C-3-B_ .196 .377 .530 .652 .740 .788 .796 .732 .471 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack =+10° 

A-3-A . 0.195 0.370 0.521 0.638 0.719 0.748 0.699 0. 473 
B-3-A_ _ . 199 .375 .521 .632 .710 .751 .743 .614 
C-3-A__ .200 .382 .535 .654 .736 .767 .712 .473 __ 
A-2-A 4_ 
B-2-A.. . .194 .363 .505 .610 .685 .718 .685 .495 
C-2-A____ . 198 .371 .516 .632 .710 .756 .769 .700 0. 204 
A-l-A “_ .175 .331 .464 .562 .624 .642 .605 .463 0 
B-l-A ». . 181 .336 .455 .537 .578 .590 .564 .430 
C-l-A_____ . 184 .344 .472 .561 .615 .649 .654 .605 .303 
A___ . 186 .348 . 478 .569 .624 .647 .632 .569 .302 
B...... . 186 .349 .474 .565 .617 .637 .640 .560 .281 
C..... .184 .345 .472 .566 .616 .635 .621 .533 .203 
A 1 B‘l 
B-l-B «.. .184 .346 .481 .584 .650 .686 .700 .660 .520 
C-l-B.... .193 .354 .477 .563 .622 .660 .671 .632 .431 
A-2-B_ .191 .354 .487 .589 .660 .709 .725 .716 .650 
B-2-B..... . 190 .354 .487 .583 .644 .665 .652 .574 .323 
C-2-B.... . 194 .360 .496 .597 .666 .699 .692 .614 .348 
A-3-B... .198 .373 .519 .637 .724 .775 .780 .711 .442 
B-3-B_ .200 .376 .526 .645 .729 .772 .776 .726 .490 
C-3-B... .196 .323 .523 .636 .722 .765 .783 .755 .592 

Nacelle faired into airfoil. 4 Thrust data unreliable, 



300 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TABLE VII 

LIFT COEFFICIENT WITH PROPELLER 
OPERATING 

TABLE VII—Continued 

LIFT COEFFICIENT WITH PROPELLER 
OPERATING—Continued 

CLp = 
Lp 

qS 
Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

Nacelle 
position 

V 
nD 

0.5 0.6 0.7 0.8 0.9 1.0 

A-3-A -. 0.185 0.163 0.152 0.150 0.154 0.163 
B-3-A—. . 170 .153 .145 .140 .142 .145 
C-3-A.. .182 .166 .159 .158 .156 .155 
A-2-A.. . 226 .202 . 187 . 176 .169 .163 
B-2-A.. .192 .178 .170 .170 .173 .181 
C-2-A_ . 169 .151 . 140 . 135 .134 .136 
A-l-A «. .230 .206 . 194 . 187 .187 . 190 
B-l-A «.. .210 .200 .190 .184 .179 .174 
C-l-A_ .190 .177 . 169 .164 .163 .164 
A.__ .168 . 160 .155 .152 .150 .150 
B. .181 .175 . 168 .157 .145 . 132 
C.__ . 169 .158 .152 .150 .151 .155 
A-l-B ° .- .146 .133 .127 . 127 .131 .139 
B-l-B ® . . 140 .133 . 130 .130 .131 .136 
C-l-B.. . 141 .135 . 133 . 138 .148 .165 
A-2-B.. . J13 .110 . 113 . 120 .129 . 142 
B-2-B_ .122 .130 .134 . 138 . 142 .145 
C-2-B... .136 .134 .135 .137 .142 .149 
A-3-B_ . 127 .122 . 125 . 132 . 142 . 154 
B-3-B.. .151 .145 .144 .147 .152 .159 
C-3-B.. .148 .148 .148 .149 .149 .150 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=0° 

A-3-A _ .. 0.415 0.407 0. 404 0.406 0.410 
B-3-A.- .. .400 .396 .393 .392 .392 

. 

C-3-A . .403 .100 .400 .400 . 400 
A-2-A. .440 .421 .404 .392 .387 0.386 
B-2-A_ .419 .407 .401 .399 .398 .399 
C-2-A.- .401 .390 .389 .388 .390 .393 
A-l-A ° ... .460 .438 .429 .423 .420 .420 
B-l-A ® _ .438 .424 .416 .410 .408 .404 
C-l-A_ .. .446 .427 .412 .405 .402 .401 
A..... .425 .409 .401 .400 .400 .403 
B.__ .432 .418 .406 .397 .392 .390 
C. .422 .403 .396 .392 .392 .393 
A-l-B ®. .388 .384 .382 .380 .381 .383 
B-l-B ®. .. .405 .380 .363 .359 .360 .368 
C-l-B.. .390 .380 .380 .383 .387 .387 
A-2-B. .356 .358 .360 .361 .363 .364 
B-2-B_ .. .372 .374 .377 .379 .383 .389 
C-2-B_ .371 .368 .366 .368 .372 .378 
A-3-B.. .370 .370 .372 .376 .380 .385 
B-3-B. .395 .387 .382 .380 .382 .385 
C-3-B... ..I .382 .384 .388 .392 .397 .403 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = +5° 

1 | 
A.-3- \ 0.662 0. 645 0.636 0.631 0.631 

I B-3-A .. .635 .630 .628 .626 .627 
1 C-3-A.. .654 .640 .630 .630 .635 0.643 
A-2-A. .675 .654 .642 .633 .629 .625 

| B-2-A. . 665 .652 .643 .640 .640 .640 
1 C-2-A—. .642 .639 .634 .628 .622 .618 

A-l-A “ .1 .726 .702 .688 .678 .670 .667 
B-l-A 0 _ .719 .700 .685 .673 .665 .658 
C-l-A.. .710 .680 .661 .648 .640 .634 
A_ .705 .682 .668 . 655 .649 .642 
B_.. .709 .688 .672 .660 .648 .639 
C. .713 .683 .666 .652 .643 .640 
A-l-B ®- .651 .639 .631 .025 .621 .621 
B-l-B 0 _ . 645 .633 .626 .622 .622 .626 
C-l-B_ .671 .651 .638 .630 .623 .620 
A-2-B_ .616 .614 .614 .614 .614 .614 
B-2-B_ .625 .629 .630 .629 .627 . 624 ! 
C-2-B-.. .623 .623 .621 .020 .618 .615 
A-3-B.. .632 .627 .624 .622 .621 .621 
B-3-B.. .620 .615 .613 .614 .616 .618 
C-3-B.. .629 .626 .625 .626 .628 .632 

1 

Propeller No. 4112—1 feet. Set 17° at 0.75 R. Angle of attack =+10° 

V 

Nacelle 
position 

0.5 0.6 0.7 0.8 0.9 1.0 

A-3-A-. 0.895 0. 890 0.884 0. 876 0. 868 
B-3-A .883 .875 . 870 . 869 . 868 
C-3-A-..- .916 .890 .885 .881 .883 0. 892 
A-2-A_ .910 .884 .817 .853 .843 .836 
B-2-A_ .905 .896 .888 .881 .880 .880 
C-2-A-.. .893 .885 .879 .873 .869 . 866 
A-l-A ®_ .988 .950 .922 .903 .892 .886 
B-l-A “_ .990 .959 .935 .917 .902 .893 
C-l-A—. .953 .918 .899 .890 .883 . 881 
A .974 .935 .918 .906 .895 .889 
B_ .983 .952 .930 .916 .905 .899 
C.-.- .990 . 954 .932 .919 .911 .907 
A-l-B “. .942 .918 .901 .890 .880 .872 
B-l-B ® . .931 .903 .886 .875 .809 .805 
C-l-B—. .944 .915 .894 .880 .870 .861 
A-2-B-. .873 .871 .868 .865 .863 .860 
B-2-B.. .904 . S97 .890 .883 . 876 .868 
C-2-B.. .906 .892 .881 .872 .865 .859 
A-3-B_ .877 .867 .801 .860 .860 . S60 
B-3-B-.. .881 .872 .866 .862 . S60 .860 
C-3-B-.. .888 .882 . 876 .872 .869 .866 

® Nacelle faired into airfoil. 

TABLE VIII 

MOMENT COEFFICIENT WITH PROPELLER 
OPERATING 

r =—?— 
q S c 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack ==—5° 

| 

Nacelle 
position 

V 
n D 

0.5 0.6 0.7 0.8 0.9 1.0 

A-3-A—. -0.142 -0.107 -0.092 -0.084 -0. 072 -0.063 
B-3-A... -. 139 -. 108 -.090 -.078 -.068 -.061 
C-3-A_ -. 141 -.107 -.087 -.077 -.069 -.062 

| A-2-A.. -. 125 -. 100 -.085 -.074 -.067 -.063 
B-2-A —. -.117 -.093 -.080 -.070 -.063 -.059 
C-2-A®. -. 123 -. 099 -.084 -.074 -.067 -.062 
A-l-A_ -.095 -.082 -.071 -.065 -.061 -.059 
B-l-A0_ -.113 -.090 -.077 -.070 -.066 -.063 
C-l-A_ -. 102 -.085 -.075 -.068 -.064 -.061 
A.... -. 093 -. 083 -.077 -.075 -.075 -. 075 
B... -.092 -.087 -.083 -.080 -.077 -.075 
C__ -.098 -.089 -.086 -.084 -.082 -.080 
A-l-B .. -.082 -. 084 -.086 -.087 -.087 -. 086 
B-l-B®.. -.090 -. 093 -.094 -.096 -.097 -.098 
C-l-B_ -.084 -.090 -.093 -.095 -.095 -.094 
A-2-B.. -.048 -. 062 -.068 -.074 -.077 -.079 
B-2-B_ —. 057 -.070 -.080 -.085 -.088 -.088 
C-2-B_ —. 057 -.070 -.079 -.084 -.088 -.091 
A-3-B_ -.026 -.050 -.064 -.073 -.079 -.082 
B-3-B_ -.031 -.056 -.070 -.079 -.084 -.087 
C-3-B. -.028 -.054 -.068 -.078 -.084 -.087 

Nacelle faired into airfoil* Nacelle faired into airfoil, 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER 
OPERATING—Continued 

r = Mp 
^mP q S c 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=0° 

[ 

Nacelle 
position 

0.5 0.6 

V 
n D 

0. 7 0. 8 0.9 ,0 

A-3-A_ -0.133 -0. 09S -0. 080 -0. 070 -0.061 
11-3-A . —. 129 -. 097 -.078 -.065 -.056 
C-3-A-. —. 125 -.097 -. 079 -. 069 -.057 
A-2-A_ -.110 —. 085 -.073 -.065 -.061 -6.058 
B-2-A.. —. 100 -.080 -. 066 -. 056 -. 052 -.049 
C-2-A. -. 108 -.080 -.072 -.062 -. 056 -.052 
A-l-A°. -.089 -. 075 -.065 -.058 -.054 -.050 
B-l-A“._- -. 063 -.052 -.045 -.040 -.035 -.031 
C-l-A.. -.089 -.070 -. 060 -. 054 -.050 -.047 
A... -. 079 -.074 -.070 -.067 -.066 -.065 
B.. -.077 -.072 -.068 -.066 -.064 -.063 
C_ -.082 | -.074 -. 069 -.066 -.064 -. 062 
A-l-B°. -. 073 -. 076 -.078 -. 079 -.080 -. 080 
B-l-B®. -.083 -.084 -. 085 -.086 -.087 -.087 
C-l-B_ -.073 -.077 -.081 -.083 -.084 -.085 
A-2-B. -.046 -.058 -.065 -.071 -.075 -.078 
B-2-B_ -.047 -.061 -.071 -.077 -.081 -. 083 , 
C-2-B_ -.045 -.001 -.068 -.073 -.077 -.081 
A-3-B.. -.021 -.044 -. 058 -.066 -.072 -.076 
B-3-B... -.023 -.044 -. 059 -.068 -.075 -.079 
C-3-B_ -.022 -.044 -.058 -.068 -.074 —.078 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attaek=-f 5° 

j 
A-3-A. 

1 
-0.125 -0.095 -0.077 i -0.065 -0.055 

B-3-A . -. 119 —.091 —. 072 -. 059 -.050 
C-3-A. -.117 -.090 -.074 -.061 -.050 
A-2-A. -.107 -.085 -.071 -.063 -.057 -0. 054 
B-2-A. -.092 -.072 -.059 -. 050 -.045 -.040 
C-2-A.- -.103 -.080 -.066 -.056 -.049 -.046 
A-l-A®. -.085 -.070 -.061 -.055 -.051 -.050 
B-l-A®. -.076 -.061 -.050 -.043 -.038 -.037 
C-l-A. -.077 -.062 -. 053 -. 047 -.042 -.038 
A. -.075 -.067 -.064 -.061 -.059 -.058 
B.. -.066 -.063 -.060 | -.057 -.056 -.056 
C.. -.068 -.060 -.054 -.051 -.050 -.049 
A-l-B®. -.070 -.073 -.075 | -.075 -.075 -.074 
B-1-Ba. -, 077 -.079 -.080 -.080 -.080 -.080 
C-l-B_ -.070 -.071 -.072 -.073 -.074 -.073 
A-2-B.. -.042 -.057 -. 063 -. 065 -.067 -.068 
B-2-B_ -.040 -.055 -.066 -.072 -.075 -.076 
C-2-B_ -.035 -.052 -.061 -.067 -.071 -.074 
A-3-B.. -.010 -.034 -. 050 -. 062 -.069 -.075 
B-3-B. -.017 -.039 -.054 -.064 -.070 -.072 
C-3-B.. -.013 -.037 -.052 -.061 -.067 -.070 

a Nacelle faired into airfoil. 

TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER 
OPERATING—Continued 

p _ Mp 

mp q S c 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=-j-10° 

Nacelle 
position 

V 
nD 

| 
0.5 0.6 0.7 0.8 0.9 1.0 

A-3-A. -0.129 -0. 092 -0. 078 1 -0.068 -0.057 
I 

B-3-A. -. 122 -. 091 -.072 -.059 -.051 
C-3-A. —. 119 —.088 -.071 —.061 —.054 
A-2-A. -.109 -.086 -.073 -.064 -.059 - 0.057 
B-2-A. -. 100 -.077 -.064 -.055 -. 049 -.047 
C-2-A. -.094 1 -. 074 -.061 -.051 -.046 -.043 
A-l-A“_ -.093 -.080 -.071 -.066 -.064 -.063 
B-l-A°_ -.074 -.060 -.051 -.045 -.042 -.041 
C-l-A. -.079 -.060 -.051 -.046 -.043 -.040 
A.. -.073 -.067 -.062 -. 058 -.056 -.054 
B- -.065 -.058 -.055 -.053 -.052 -.050 
C__ -.055 -.050 -.048 -.046 -.044 -.044 
A-l-B®. -.072 -. 074 -.075 -.075 -.075 -.075 
B-1-Ba. -.071 -.073 -.075 -.076 -.077 -.079 
C-l-B.. -.060 -. 064 -. 066 -.067 -.069 -.070 
A-2-B_ -.040 -.058 -.064 -.066 -.069 -.070 
B-2-B_ -.038 -.052 -.062 -.067 -.069 -. 070 
C-2-B.. -.033 -.048 -.056 -. 062 -.066 -.069 
A-3-B. -.012 -.033 -.048 -.058 -.065 -.070 
B-3-B_ -.012 -.036 -.050 -. 061 -.067 -.070 
C-3-B. -.007 -.032 -.047 -.056 -.063 -.068 

° Nacelle faired into airfoil. 

TABLE IX 

LANDING-SPEED RATIOS FOR NACELLE 
LOCATIONS 

Cl Wing alone=0.960. Propeller No. 4412—4 feet. Set 17° at 
0.75 R. Angle of attack=12° 

1 2 3 

Nacelle position 
Ci with pro¬ 
peller operat- Cl without 

Landing speed ratio 
/ 0 %0 

ing at zero propeller 
thrust V C'l (Col. 1.) 

A-3-A.. 0.953 0.955 1.00 
B-3-A. .923 .925 1.02 
C-3-A.. .972 .965 .99 
A-2-A_ .918 .904 1.02 
B-2-A.. .980 .981 .99 
C-2-A. .970 .969 1.00 
A-l-A°. .968 .955 1.00 
B-1-Aa_ 1.005 .996 .98 
B-l-A.. .900 .871 1.03 
C-l-A.. .973 .961 .99 
A... .993 .977 .98 
B.. 1.007 1.004 .98 
C... 1.001 .996 .98 
A-l-B a_ .960 .783 1.00 
B-I-B®.. .965 .960 1.00 
C-l-B_ .964 .963 1.00 
A-2-B_ 
B-2-Bb 

.945 .877 1.01 

C-2-B_ .957 .951 1.00 
A-3-B.. .955 .951 1.00 
B-3-B.. .952 .970 1.00 
C-3-B__ .955 .965 1.00 

Nacelle faired into airfoil, > Not tested at 12° 
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TABLE X 

EFFECTIVE NACELLE LIFT RATIOS 

Effective nacelle lift = (lift of wing-nacelle combination) —(lift of wing alone) 

Nacelle position Effective nacelle lift coefficient Effective nacelle lift 
Drag of nacelle alone at 0° 

Angle of attack. -5° 0° +5° +10° + 12° -5° 0° +5° +10° +12° 

A-3-A--.. -0.002 -0.004 -0. 003 -0. 008 -0.005 -0.50 -1.00 -0.75 -2.00 -1. 25 
B-3-A___ -.018 -.021 -. 021 -.023 -.035 -4. 50 -5.25 -5.25 —5. 75 -8. 75 
C-3-A.. -.021 -.024 -.021 020 .005 -5. 25 -6.00 -5. 25 -5.00 1.25 1 
A-2-A-... .003 -.009 -.017 -.034 -.056 7.50 -2. 25 -4. 25 -8. 50 -14.00 
B-2-A__ -.020 -.016 -.007 -.003 .021 -5.00 -4.00 -1.75 -.75 5. 25 
C-2-A-.... -.047 -.038 -.025 —. C16 .009 -11.75 -9.50 -6. 25 -4. 00 2.25 

: A-l-A®___ .015 .003 -.007 -.019 -. 005 3. 75 -.75 -1.75 -4. 75 -1. 25 
i B-l-A “_ -.006 -.002 .007 .015 .036 -1.50 -.50 1.75 3.75 9.00 

B-l-A_ -.028 -.041 -.053 -.081 -.091 -7. 00 -10. 25 -13. 25 -20. 50 -22. 75 
C-l-A_ -. 024 -.022 -.019 -.017 .001 -6. 00 -5. 50 -4. 75 -4.25 .25 
A___ -.027 -.023 -.014 -.006 .017 -6. 75 -5. 75 -3.50 -1.50 4. 25 
B... -.015 -.006 .006 .017 .044 -3. 75 -1. 50 1.50 4.25 11.00 

i C__ -. 019 -.008 .005 .018 .036 -4. 75 -2.00 1.25 4.50 9.00 
A-l-B“___ -. 030 -.037 -.013 -. 125 -. 177 -7. 50 -9. 25 -10. 75 -31.25 -44. 25 
B-1-Ba_ -.029 -.030 -.025 -.024 0 -7. 25 -7.50 -6. 25 -6.00 0 
C-l-B_ -.016 -.018 -.017 -.017 .003 -4. 00 -4. 50 -4. 25 -4. 25 . 75 
A-2-B_ -.022 -.031 -. 033 -.041 -.083 -5.50 -7.75 -8.25 -10. 25 -20. 75 
B-2-B_ - 019 -. 027 -. 030 —. 036 -4. 75 — 6. 75 — 7 50 — 9. 00 
C-2-B__ -.026 -.029 -.031 -.031 -.009 -6.50 -7. 25 -7. 75 -7. 75 -2. 25 
A-3-B_ -.025 -.028 -.027 -.028 -.009 -6. 25 -7. 00 -6. 75 -7.00 -2. 25 
B-3-B___ -.031 -.030 -.024 -.020 .010 -7.75 -7. 50 -6.00 -5. 00 2.50 
C-3-B_ -. 021 -.021 -.020 -.017 -.005 -5. 25 -5. 25 -5.00 -4. 25 1. 25 

° Nacelle faired into airfoil. 
TABLE XI 

EFFECTIVE NACELLE DRAG RATIOS 

Effective nacelle drag=(drag of wing-nacelle combination) —(drag of wing alone) 

Nacelle position Effective nacelle drag coefficient 
Effective nacelle drag 
Drag of nacelle alone 

Effective nacelle drag 
Drag of nacelle alone at 0° 

, Angle of attack_ -5° 0° +5° + 10° + 12° -5° 0° +5° +10° +12° -5° 0° +5° +10° +12° 
/ 

A-3-A... 0.0085 0.0075 0.0095 0. 0120 0.0135 ! 2.18 1.88 2. 37 2. 40 2.33 2. 12 1.88 2. 38 3. 00 3.38 
B-3-A.. .0085 .0070 .0095 .0120 .0170 2. 18 1.75 2.37 2.40 2. 93 2.12 1.75 2. 38 3. 00 4. 25 
C-3-A_ .0065 .0045 .0065 .0060 .0075 1. 67 1.13 1.62 1.20 1.29 1.62 1.13 1. 63 1. 50 1.88 
A--2-A___ .0055 .0075 .0095 .0130 .0150 1.41 1.88 2. 37 2. 60 2.58 1.37 1.88 2. 38 3. 25 3.75 
B-2-A_ .0070 .0060 .0080 .0100 .0160 1.79 1.50 2.00 2.00 2.76 1.75 1.50 2.00 2. 50 4.00 
C-2-A... .0055 .0040 .0060 .0095 .0090 1.41 1.00 1.50 1.90 1.55 1.38 1.00 1. 50 2. 38 2.25 
A—1-A°_-.. .0075 .0095 .0235 .0320 .0365 1. 92 2.38 5.86 6.40 6. 30 1.88 2.38 5.88 8. 00 9.01 
B-l-A “... .0055 .0050 .0115 .0165 .0170 1.41 1.25 2.87 3. 30 2. 93 1. 38 1.25 2. 88 4.13 4.25 
B-l-A.. .0115 .0140 .0235 .0300 .0315 2. 95 3. 50 5. 74 6.00 5. 44 2.88 3. 50 5.88 7. 50 7. 87 
C-l-A...... . 0055 .0055 .0095 . 0155 .0185 1.41 1.38 2. 37 3. 10 3.19 1.38 1.38 2. 38 3. 88 4.63 
A_ .0025 .0005 .0015 .0010 .0020 .64 . 13 .37 .20 .34 .63 . 13 .38 .25 .50 
B_..___ . 0030 .0015 .0045 .0080 .0090 .77 .38 1.12 1.60 1.55 .75 .38 1.13 2. 00 2. 25 
C... .0040 .0025 . 0060 .0105 .0125 1.03 .63 1.50 2.10 2. 16 1.00 .63 1. 50 2.63 3.13 
A-l-B“_ .0065 .0015 -.0010 .0070 .0080 1.67 .38 -.25 1.40 1.38 1.63 .38 -.25 1.75 2.00 
B-l-B°._.. .0060 .0005 -. 0015 -.0015 -.0040 1. 54 .13 -. 37 -.30 -.69 1.50 . 13 -. 38 -. 38 -1.00 
C-l-B..... .0065 .0020 -.0005 -.0020 -.0040 1.67 .50 -.12 -.40 -.69 1.63 .50 -.13 -.50 -1.00 
A-2-B_ .0070 .0020 -.0005 -. 0030 -.0020 1.79 .50 -. 12 -.60 -.34 1.75 .50 -.13 -.75 -. 50 
B-2-B_ . 0055 . 0015 -. 0005 —. 0035 1.41 . 38 -. 12 -.70 1. 38 . 38 -. 13 —. 88 
C-2-B_ .0070 .0020 -. 0005 -.0025 -. 0030 1.79 .50 -. 12 -. 50 -.52 1.75 .50 -.13 -.63 -. 75 
A-3-B.. .0085 .0040 .0020 0 -.0020 2. 18 1.00 .50 0 -. 34 2. 12 1.00 .50 0 -.50 
B-3-B_ .0080 .0035 .0005 -.0020 -.0030 2. 05 .88 . 12 -.40 -.52 2.00 .88 . 13 -. 50 -.75 
C-3-B.. .0075 .0035 .0015 .0005 -.0010 1.92 .88 .37 .10 -. 17 1.88 .88 .38 .13 -.25 

0 Nacelle faired into airfoil. 
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TABLE XII 

PROPELLER OPERATING COEFFICIENT 

_ V 
5 /_ Tr b 

Cs-- 5 leXl _ jfJL 
V Pn2 ~ VCp 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=—5° 

Nacelle 
position 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 

A-3-A____ 0. 187 0. 374 0. 563 0. 755 0. 956 1. 17 1.42 1.76 2. 35 
B-3-A___ . 187 .375 .564 .757 .956 1. 17 1.41 1.73 2.26 
C-3-A..... . 188 .375 .565 .758 .956 1.17 1. 41 1.72 2.24 
A-2-A.... . 189 .377 .567 .759 .956 1.17 1.41 1.71 2. 16 
B-2-A__ .189 .377 .566 .758 .956 1.17 1.41 1. 72 2. 18 
C-2-A... . 185 .372 .561 .755 .952 1. 16 1.41 1.75 2. 20 
A-l-A“... . 188 .375 .564 .756 .952 1. 16 1.38 1.65 1.99 
B-l-A°..... . 187 .376 .566 .759 .957 1. 17 1.40 1.69 2. 10 
C-l-A____ . 187 .375 .563 .756 .956 1.17 1.41 1.71 2. 18 
A_____ . 188 .376 .566 .758 .954 1. 16 1.40 1.69 2. 10 
B... . 188 .376 .566 .758 .957 1. 17 1.41 1.71 2. 18 
C. . 188 .377 .568 .760 .956 1. 17 1.41 1.76 2.20 
A-l-B “.... . 187 .374 .563 .755 .950 1. 16 1.39 1.65 2.04 
B-l-B °. . 188 .377 .567 .760 .958 1. 17 1. 41 1.71 2.13 
C-l-B____ . 187 .375 .565 .758 .956 1. 17 1.41 1.72 2.22 
A-2-B_ . 187 .374 .562 .755 .954 1. 17 1.42 1.74 2.24 
B-2-B__ . 187 .374 .562 .755 .952 1.17 1.41 1.72 2.19 
C-2-B... . 187 .374 .562 .755 .955 1. 17 1.40 1. 70 2.18 
A-3-B___ . 187 .375 .565 .757 .957 1. 18 1.43 1.76 2. 37 
B-3-B___ . 187 .374 .563 .756 .954 1. 17 1.42 1.74 2. 28 
C-3-B___ . 187 .375 .565 .757 .955 1. 17 1.41 1.72 2.22 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=0° 

A-3-A.... 0. 187 0.375 0.563 0. 755 0.957 1.18 1.43 1.78 2. 48 
B-3-A____ . 187 .374 .564 .758 . 955 1. 17 1.42 1. 75 2.39 
C-3-A.. . 188 .375 . 565 .758 .958 1. 17 1.42 1. 74 
A-2-A.. . 189 .378 . 568 . 760 .959 1. 17 1.40 1. 74 
B-2-A..... . 188 .376 .565 .758 .957 1.17 1. 42 1. 73 2.26 
C-2-A.___ .186 .373 .561 .752 .950 1.16 1.41 1.73 2.22 
A-l-A°... . 188 .375 .564 .756 .952 1. 16 1.40 1.68 2.06 
B-l-A°... .187 .375 .565 .758 .9.54 1. 17 1.41 1.70 2. 14 
C-l-A..... . 187 .376 .564 .756 .956 1. 17 1.41 1.71 2. 18 
A____ . 188 .377 .566 .759 .954 1. 17 1.40 1.70 2. 12 
B___ . 188 .376 .566 . 759 .956 1. 17 1. 41 1.71 2.16 
C_ . 188 . 376 .566 .759 .957 1. 17 1.41 1. 72 2.21 
A-l-B “__ . 187 .374 .562 .754 .949 1. 16 1. 38 1.64 1.99 
B-l-B °___ . 188 .376 .566 .759 .958 1.17 1.40 1. 69 2.11 
C-l-B...... . 187 .375 . 565 .758 .954 1.17 1.41 1.71 2. 17 
A-2-B... . 187 .374 . 562 .755 .955 1.16 1.40 1.70 2. 14 
B-2-B____ . 187 .374 .562 .752 . 952 1. 16 1.41 1. 71 2. 16 
C-2-B____ . 187 .373 .562 .755 .952 1. 17 1.40 1.70 2. 18 
A-3-B____ . 187 .375 .562 .756 .956 1. 17 1.42 1. 73 2.25 
B-3-B_____ . 187 .374 .563 .756 .954 1. 17 1.41 1. 72 2. 22 
C-3-B... . 187 .375 .563 .756 .954 1.16 1.41 1. 72 2.21 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=+5 O 

A-3-A_ 0.187 0.375 0. 564 0. 758 0.961 1.19 1.45 1.82 2.74 
B-3-A___ _ . 187 .374 .564 .758 .957 1.18 1.43 1.77 
C-3-A_ _ _ . 188 .375 .565 .758 .958 1. 18 1.43 1.75 
A-2-A.. .. . . 189 .377 .568 .760 .961 1.19 1.45 1.80 
B-2-A___ .188 .376 .665 .758 .957 1.17 1.42 1.75 2.27 
C-2-A_ .187 .375 .563 .755 .952 1.17 1.41 1.73 2.26 
A-l-A° .—... .188 .376 .565 .759 .956 1. 17 1.41 1.70 2.12 
B-l-A“ _ .187 .375 .565 .758 .954 1. 17 1.41 1.71 2.18 
C-l-A___ .187 .376 .566 .759 .958 1. 17 1.42 1. 75 2.24 
A___ .188 .377 .567 .759 .958 1.17 1.41 1.70 2. 11 
B___ .188 .375 .565 .758 .958 1. 17 1.42 1.72 2.18 
C.... .187 -.375 .665 .758 .956 1.17 1.48 1.72 2. 20 
A-l-B »... .188 .375 .565 .757 .953 1.15 1.38 1.63 1.95 
B-l-B «..... .187 .374 .564 .758 .956 1.17 1.40 1.68 2.08 
C-l-B_ .187 .375 .565 .756 .954 1.17 1.41 1.70 2. 14 
A-2-B_ .187 .374 .563 .755 .953 1.16 1.39 1.67 2.04 
B-2-B_ .187 .374 .562 .755 .952 1.16 1.40 1.69 2.10 
C-2-B... .187 .374 .562 .754 .951 1.16 1.40 1.69 2. 14 
A-3-B___ .187 .375 .565 .758 .956 1.17 1.40 1.70 2.14 
B-3-B___ . 187 .374 .563 .756 .954 1.16 1.41 1.70 2.14 
C-3-B__ .187 .374 .563 .755 .955 1.17 1.41 1. 70 2.16 

Nacelle faired into airfoil, 



304 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TABLE XII—Continued 

PROPELLER OPERATING COEFFICIENT—Continued 

Cs= 5 A Vi 
5 /pV* 

Pn2 
nD 

</CP 

Propeller No, 4412—4 feet. Set 17° at 0.75 R. Angle of attack = +10° 

V 

Nacelle 

0.1 0.2 0.3 
. 

0.4 0.5 O
 

0
5

 

0.7 0.8 0.9 

A-3-A.... _ 0.187 0.374 

. 

0.564 0.760 0.961 1.19 1.45 1. S3 
D-3-A__. .187 .375 .564 .758 .957 1.17 1.43 1.77 
C-3-A... .188 .375 .564 .757 .958 1.17 1.42 1.74 
A-2-A.. _ .189 .378 .569 .763 .963 1.19 1.45 1.81 2.63 
B-2-A_ .376 .565 .759 .958 1.18 1.43 1.76 
0-2-A.... _ . 188 .375 .564 .758 .956 1.17 1.42 1.74 2.27 
A-l-A®__ _ . 1S8 .376 .565 .758 .956 1.17 1 1.41 1.70 2.14 
B-l-A°__ _ .187 .375 .564 .756 .952 1.17 1.41 1.71 
C-l-A____ .187 .376 .565 .757 .955 1.17 1.41 1.73 2. 21 

_ .188 .377 .566 .758 .957 1.17 1.40 1.70 2.11 
B.... _ .188 .376 .566 .759 .956 1.17 1.41 1.70 2.14 

_ . 188 .376 .566 .759 .957 1.17 1.41 1.71 2.17 
A-l-B a.. _ .188 .377 .566 .756 .948 1.15 1.36 1.60 1.90 
B-l-B “_ _ .188 .376 .566 .758 .952 1.16 1.38 1.66 2.03 
C-l-B.... _ .187 .375 .564 .759 .952 1.17 1.40 1.69 2.11 
A-2-B___ _! .187 .374 .562 .752 .947 1.15 1.38 1.63 1.96 
B-2-B.... _ .187 .374 .564 .755 .953 1.16 1.39 1.67 2.03 
O-2-B_ .187 .374 .562 .752 .949 1.16 1.39 1.67 2. 07 
A-3-B__ _ .187 .374 .562 .755 .951 1.16 1.39 1.66 2.04 
B-3-B__ _ .187 .374 .563 .755 .952 1.16 1.40 1.68 2.07 
C-3-B_ ..; .187 .373 .563 .754 .952 1.16 1.39 1.68 2.08 

Nacelle faired into airfoil. 



REPORT No. 416 

THE N. A. C. A. VARIABLE-DENSITY WIND TUNNEL 
By Eastman N. Jacobs and Ira H. Abbott 

SUMMARY 

This report describes the redesigned variable-density 
wind tunnel of the National Advisory Committee for 
Aeronautics; it supersedes a previous report that de¬ 
scribed the original tunnel. The operation of the balance 
and the method of testing are explained and the method of 
correcting and presenting airfoil data is described. A 
summary of the formulas for predicting the characteristics 
of finite wings from the airfoil section data as they are 
usually presented is also given. 

INTRODUCTION 

The variable-density wind tunnel was constructed 
by the National Advisory Committee for Aeronautics 
to provide equipment for testing models wherein the 
error resulting from the comparatively low dynamic 
scales common to most other model tests could be 
eliminated. The necessity of recognizing this source 
of error and the practicability of eliminating it by the 
use of this type of wind tunnel have been demonstrated 
by investigations which have been made in the variable- 
density wind tunnel and in flight. A discussion of the 
theory of this type of wind tunnel is given in reference 

1. The Reynolds Number is a measure of the 

dynamic scale, and large values of the Reynolds 
Number are obtained in this tunnel by increasing the 

density (p) while the other factors remain sensibly 
constant. 

The variable-density wind tunnel was proposed in 
1921 (reference 2), and the construction of the tunnel 
was completed in March, 1923. A description of the 

tunnel as it then existed is given in reference 1< The 
closed-throat test section was 5 feet in diameter, and 
the tunnel was of wooden construction inclosed within 
a steel tank. A number of investigations were made 
in this tunnel, and the results showed the theory to be 

correct. 
The tunnel was destroyed by fire in August, 1927, 

but the tank in which it was inclosed was not seriously 
damaged. The tunnel was rebuilt, using fireproof 
construction, and the balance was made more acces¬ 
sible by building the test section of the open-throat 
type. After the reconstruction of the tunnel was com¬ 
pleted in April, 1928, the tunnel was employed for 
pressure-distribution investigations until the new 

balance was built. The balance was installed in 
January, 1929, and several investigations were made 
on airfoil and airship models. 

Owing to several difficulties, some of which had 
existed in the earlier form of the tunnel, the open- 
throat tunnel was not considered satisfactory in the 
light of later developments in the art of wind-tunnel 
design. The difficulties, which included excessive 
vibration, unsteady velocity at the test section, a 
rather large pressure gradient along the axis of the 
test section, and excessive effects of extraneous air 
currents on the balance, were overcome by rebuilding 
parts of the tunnel. The whole interior structure was 
altered to give greater rigidity and the method of 
supporting the structure and the balance from the 
tank wall was improved. The test section was 
changed to the closed-throat type. A new exit cone 
having a smaller divergence angle and a new entrance 
cone having a better form were built. The synchro- 
nous-djive motor was replaced by a direct-current 
motor. These changes were completed in December, 
1930. This report describes in some detail the me¬ 
chanical features and the method of operation of the 
redesigned tunnel, 

DESCRIPTION OF TUNNEL 

The variable-density wind tunnel is similar to other 
tunnels except that it is inclosed within a tank to 
allow the use of compressed air as the working fluid. 
The novel features arise from the restricted space 
inside the tank, the exterior controls for the balance 
and other apparatus, and the large range of forces on 

i the model. 
Tank and arrangement.—The general arrangement 

is shown in Figures 1 and 2. Entrance to the tunnel, 
i which is constructed inside the tank, is gained by 

means of an elliptical door in one end. The propeller 
drive shaft passes through a suitable stuffing box in the 
opposite end of the tank. Small glass windows are 
provided for reading the balances and observing the 

model. The tank, which is designed to withstand a 
working pressure of 21 atmospheres, is built of heavy 
steel plate lapped and riveted according to the usual 
practice in steam-boiler construction. A concrete 
foundation supports the tank, which, together with 

its contents, weighs about 100 tons. 

305 
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Figure 1.—General view of the variable-density wind tunne 

Deflector 

Entrance cone vanes 

Annular <Sead-alr space -1 Entrance cone 

Figure 2.—Diagrammatic longitudinal section of the variable-density wind tunnel 
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Air passages and structure.—The tunnel consists 
essentially of a central air passage (fig. 2) consisting of 
the entrance cone, the test section, and the exit cone, 
and an annular return passage surrounding the central 
air passage but separated from it by a dead-air space 
containing the balance. In each circuit of the passages 
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Figure 3.—Ratio of dynamic pressure at the model position to the pressure 
across the static-pressure orifices 

the air is twice turned through an angle of 180°, one 
turn being made in the entrance cone, which is designed 
to prevent the air from separating from the walls. 
The test section is 5 feet in diameter and 6 feet 
long, and it is made slightly divergent to reduce 
the horizontal static-pressure gradient. Four 
holes are cut in the wall of the test section 
downstream from the model position to main¬ 
tain the pressure in the dead-air space very 
nearly the same as the static pressure in the 
test section, and accordingly to reduce the 
flow of air into the test section through the 
holes for the model-support struts. The in¬ 
cluded angle between the walls of the exit cone 
is a little less than 6°, and the portion tapered 
at this angle is 14 feet long. The return pas 
sage has a constant cross-sectional area about 
three times that of the test section. A screen, 
to provide a certain amount of damping and 
to equalize the flow, is located in the return 

matic voltage regulator. Fine speed control is obtained 
by means of rheostats in the field circuit of the 
drive motor. The propeller shaft passes through a 
loosely packed stuffing box in the tank wall. Air 
leakage is reduced by oil which slowly leaks through 
the stuffing box and is returned to a reservoir by a 
small pump. 

The air is compressed by a 2-stage primary com¬ 
pressor and a booster compressor which fill the tank 
with air at 20 atmospheres pressure in about 70 
minutes. The booster compressor can also be used 
to evacuate the tank to pressures below atmospheric. 

TUNNEL CHARACTERISTICS 

Velocity and pressure distribution.—Figure 3 indi¬ 
cates the velocity distribution over a distance across 
the test section equal to the span of the largest 
model used in this tunnel. The velocity is slightly 
low at the tunnel axis, but the variation is within 
±0.5 per cent. The variation in direction of the air 
flow as indicated by a yaw head passed across the test 
section is less than ±y°. Figure 4 indicates the 
small static-pressure variation along the tunnel axis. 

Energy ratio .-The energy ratio (e. R--j>o|^put) 

of the tunnel at atmospheric pressure without any 
screens in the air passages is about 2.3 if the power 
input is taken as the power supplied to the propeller by 
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passage at the position shown in Figure 2, and Figure 4.—Ratio of static to dynamic pressure on the axis of the variable-density wind tun- 
The static p is referred to the pressure from the static pressure orifices in the entrance nel. 

cone 
a safety screen not shown, is located in the exit 
cone in front of the propeller. Twisting of the 
air stream is prevented by 12 antiswirl vanes located 
immediately behind the propeller and extending for 
some distance into the return passage and by 6 vanes 
fastened to the deflector doors in the entrance cone. 

Propeller, drive motor, and compressors.—The air 

is circulated by a 3-bladed metal propeller 6.5 feet in 
diameter which is driven by a shunt-wound direct- 
current motor. The current is provided by a 200- 
kilowatt motor generator set equipped with an auto¬ 

the drive motor. The energy ratio of the tunnel as it is 
actually operated at 20 atmospheres tank pressure 
with both screens in place is 1.09 if the power input is 
taken as the electrical power supplied to the drive 
motor. 

DESCRIPTION OF BALANCE 

General.—The balance must measure the large range 
of forces resulting from the large variation of air 
densities at which tests are made, and it must be oper- 
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shell 
Balance Pressure 

Dia 5 passage 

support A, L eod screw, 
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Bal¬ 
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points. 
C, Moment 

beam. 
0, Counter¬ 
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L, Drag linkage bell crank. 
M, Restraining arch. 
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0, Angle of attack strut. 
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0, Intersection of lift 
and drag linkages. 

R, Moment bridge. 
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mechanism , (h) 

E, Main sup¬ 
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drag 
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F, Draq beam. 
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counter. 
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bridge. 
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J, R.H. threads. X, Drag 
K. L.H. " bridge. 

Yj Counterweights 
Z, Cams 

Location of balance in tunnel 

Struts (i 
— ) 

Figure 5.—Diagrammatic drawing of the balance of the variable-density wind tunnel 
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ated completely from outside the tank. The balance ! 

measures the lift and drag forces and the pitching 

moments by means of three beams balanced by moving 

weights. The essential parts of the balance are a 

rigid steel frame called the balance cradle, the balance 

beams, and the linkages necessary to transmit the 

forces to the balance beams from the cradle to which 

the model is rigidly fastened. 

Linkages.—Figure 5 is a diagrammatic drawing of 

the balance showing the main parts. The balance 

cradle, which is a rigid structure extending across the 

tunnel under the test section, is suspended by rods 

from two of the balance beams, which in turn are 

externally supported through knife-edges. The rods 

thus serve to transmit vertical forces from the cradle 

to the beams and also to form parallelograms, of which 

Figure 6.—Diagrammatic drawing of the intersection of the lift and drag linkages 

the sides of the cradle are the lower horizontal members, 

on each side of the test section. The balance cradle 

would thus be free to move along the tunnel axis if 

it were not restrained in this movement by the drag 

linkages, which are attached to the balance cradle, as 

shown diagrammatically in Figure 6. Cross-tunnel 

movement and rotation of the balance cradle are 

prevented by the torque tubes and the restraining 

arch shown in Figure 5. 

The drag linkage transmits the horizontal or drag 

forces from the balance cradle to the drag beam 

through bell cranks, one of which is shown photo¬ 

graphically in Figure 7. The horizontal members of 

this linkage lie in the plane of the tunnel axis. There¬ 

fore, if pitching moments are taken about a point on 

the axis of the tunnel in the plane of the forward verti¬ 

cal linkages, i. e., about a point on the line of inter¬ 

sections of the lift and drag linkages (fig. 6), neither 

the forces from the drag linkage nor the forces from 

the forward vertical linkage contribute to the pitching 

moment. The rear vertical linkage is therefore called 

the moment balance, and the model is usually mounted 

so that this balance measures directly the pitching 

Figure 7.—Photograph of one of the drag-linkage bell cranks 

moment. The forward vertical linkage is called the 

lift balance because it measures most of the lift, 

although the total lift is the sum of the forces measured 

by the lift and moment beams. 

A Supportmt; sect 

Figure 8.—Photograph of one of the main supporting fulcrums of the 
drag balance 

Knife-edges.—All linkages are connected by means 

of knife-edges and seats carefully made of hardened 

high carbon steel. In all cases the knife-edges are 

fixed in the members in which the lever arms must be 
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maintained exactly. The knife-edge seats are arranged j 
so that they may align themselves with the knife-edges, j 
In some parts of the balance it is necessary to fix 
accurately the position of the seat as well as that of 
the knife-edge. Seats of this type are called main 
supporting seats. A photograph of one is shown in 
Figure 8. They have a V-shaped groove in which the 
knife-edge rests. The bottom of the V is sharp and 
the included angle between the sides is 120°. The 
main supporting seats are carried by secondary knife- 
edges at rights angles to the main ones so that the 
seats are free to rock in such a way that the bearing is 
equalized along the main knife-edge. The positions 
of these seats are adjustable along the secondary knife- 
edge in the direction of the tunnel axis by means of 
the thumbscrews shown in Figure 8, and the whole 
unit, including the secondary knife-edge and thumb- 

Figure 9.—Photograph of an airfoil model mounted in the tunnel at a positive 
angle of attack 

screw assembly is free to rotate about a vertical 
axis to align the seat with the main knife-edge. The 
less important seats, such as those shown in Figure 
6, also have a V-shaped groove in which the knife-edge 
rests, but the angle between the sides is 150° and a 
bottom radius is provided to lessen the friction. This 
type of seat is not fastened rigidly to the member that 
carries it but rests on a curved base, so that the seat 
can take up positions such that the knife-edge will 
bear evenly on the seat throughout its length. 

Balance beams.—The balance beams are fastened 
to torque tubes w*hich extend across the tunnel above 
the test section and move in arcs about the supporting 
fulcrums as the beams swing. Each balance beam is 

balanced by a moving counterpoise, the position of 
which is controlled by a motor-driven lead screw and 
indicated by a revolution counter. The beams swing 
between motor-operated adjustable stops that contain 
platinum contact points, wdiich are connected in the 
circuits of the beam motors so that the beams may be 
balanced either automatically or by hand switches. 
The beams are calibrated so that one unit on the drag 
or moment beams indicates 1 gram, and on the lift 
beam 10 grains. As the forces to be measured on the 
balance are greater than the capacities of the beams, 
each beam is provided with a set of 10 counterweights 
(fig. 5), which may be applied as needed by means of 
motor-driven camshafts. 

Model support.—The models are held in the tunnel 
by the partly shielded support struts shown in Figures 
5 and 9. The two forward or main support struts, 
w'hich carry most of the air load on the model, are 
rigidly attached to the balance cradle. The model is 
attached to the upper ends of these support struts by 
pins about which the model rotates in changing angle 
of attack. The pins are located with reference to the 
balance in line with the intersections of the lift and 
drag balance linkages. If possible, the pins are 
fastened in the model on the line about which moments 
are desired; for airfoils, on the chord line one-quarter 
of the chord behind the leading edge. The moment 
balance then reads directly the pitching moment. 

The angle of attack of the model is controlled by a 
vertical motor-driven screw which carries the lower end 
of the angle-of-attack strut and is geared to a revolution 
counter. A sting attached to the lower surface of 
the airfoil model, as shown photographically in Figure 
9, connects the angle-of-attack strut and the model. 
For special tests other types of support are used, but 
the main support struts are usually employed. 

For some special tests, such as airship-model tests, 
an auxiliary drag balance may be used instead of the 
main balance. The auxiliary balance is described in 
reference 3. 

OPERATING PROCEDURE 

Velocity determination.—To guard against errors, 
two independent sets of static-pressure orifices and 
manometers are used to measure the air velocity. 
Each manometer is connected between a set of four 
orifices spaced around the inner wall of the return 
passage and a set of four orifices spaced around the 
entrance cone near the test section. These manom¬ 
eters, which are similar in principle to the one described 
in reference 4, have stationary index tubes and movable 
reservoirs carried on motor-driven lead screws. Revo¬ 
lution counters geared to the motors indicate the heads 
to 0.1 millimeter. The temperature of the manometer 
liquid is measured to 1° C. by a distant-reading ther¬ 
mometer. Pure ethyl alcohol with a known variation 
of specific gravity with temperature is used for the 
manometer liquid. The manometers are calibrated 
by balancing the head of alcohol in the manometers 
against a head of distilled water. 
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The static-pressure orifices are calibrated at all tank 
pressures at which tests are to be made by making 
velocity surveys (with a calibrated Pitot tube) along 
the horizontal diameter of the tunnel. The ratio of 
the dynamic pressure to the pressure across the static- 
pressure orifices is then plotted (fig. 3) and the calibra¬ 
tion factor is taken as the mean value of this ratio. 

Balance alignment.—The lift, drag, and pitching 
moments measured by the balance are actually vertical 
and horizontal forces applied at, and the moment 
about, the line joining the points of intersection of the 
lift and drag linkages. It is essential that any one 
force or moment does not affect the value of any other, 
and that the measured values be the true ones. To 
satisfy these conditions the theoretically vertical and 
horizontal portions of the balance linkages must be 
exactly vertical and horizontal. 

The balance is assembled as nearly aligned as possible 
by measurement and all balance beams are balanced. 
Weights are then placed successively on each of the 
counterweight bridges, and adjustments are made until 
a weight placed on the bridge of any balance beam does 
not affect the balance of any other beam. The pivot 
points of the model support struts are aligned with the 
points of intersection of the lift and drag linkages by a 
similar method. The balance alignment is checked 
and changed if necessary from time to time. 

As the balance is aligned, the measured lift and drag 
forces are respectively vertical and horizontal; but 
since the air-flow direction is not exactly horizontal, 
the measured forces are not the true lift and drag. 
The deviation of the direction of the air flow from the 
horizontal is determined by the well-known method of 
testing an airfoil in the erect and inverted positions. 
The deviation is so small that the corrections to the 
lift and moment are not appreciable if the zero angle of 
attack is set with reference to the air-flow direction. 
The measured drag is corrected by adding to it a small 
component of the lift. The air-flow alignment is 

checked periodically. 
Balance calibration.—The balance is calibrated by 

means of standard weights checked by the Bureau of 
Standards. The counterweights used on the balance 
bridges are checked against these weights, and the bal¬ 
ance beams are calibrated by weighing the standard 
weights which are placed on the counterweight bridges 
for this purpose. The weight of the moving counter¬ 
poise is adjusted until the beam counter reads the 
weights correctly. 

Determination of tare forces.—The tare forces are 
evaluated by measuring the air forces on the support¬ 
ing members while they are connected inside a hollow 
dummy airfoil mounted independently of the balance. 
These measurements, which are made with the dummy 
model at several angles of attack, include the interfer¬ 
ence of the model on the supports and the balance 

windage. The interference of the supports on the 
model is usually neglected. 

The distribution of the weight of the model and sting 
between the lift and moment beams varies as the model 
pivots with changing angle of attack. A correction, 
which is evaluated by observing moment balance zero 
readings at two angles of attack, is applied to the 
measured moments to allow for this change of weight 
distribution. 

A typical airfoil test.—The standard airfoil models, 
30-inch span and 5-inch chord, used in this tunnel are 
made of heat-treated duralumin. A special airfoil¬ 
generating machine is employed that works from a 6- 
fold templet of the section. The templets are carefully 
laid out on a table that permits the plotting of the 
stations and ordinates to an accuracy of 0.001 inch. 
The templets are then cut out and checked for pre¬ 
cision of contour. A section of the airfoil model is also 
checked after the cut has started and any necessary 
corrections are made on the templet. As the cut 
progresses, the maximum thickness is checked from 
time to time to guard against errors resulting from 
excessive tool wear. The models are hand finished to 
remove small tool marks and then buffed to produce a 
polished surface. To insure accuracy of alignment in 
the tunnel, a special drilling jig is employed to drill the 

airfoil models for mounting. 
A sting is fastened to the lower surface of the model 

parallel to the chord, after which the model is mounted 
in the tunnel, as shown in Figure 9. The model is 
fastened to the support struts by lugs which are at¬ 
tached to the struts by pins and which lie completely 
within the model. A sensitive inclinometer is used to 
set the chord of the model successively parallel to the 
air flow and at a large angle of attack. From the data 
so obtained, the proper calibration table for the angle- 
of-attack counter is selected from a previously calcu¬ 

lated set. 
After the air in the tank is compressed to the de¬ 

sired pressure, the drive motor is run until the temper¬ 
atures inside the tank are equalized. Two observers 
and one recorder stationed as shown in Figure 1 are 
required for the test. The recorder reads the tank 
pressure on a 12-inch bourdon-type pressure gauge 
and the temperature of the manometer liquid on a 
distant-reading thermometer. From the thermometer 
reading he calculates the manometer setting for the 
desired air speed, which is selected so that the counters 
on the balance beams read directly the force coeffi¬ 
cients, or simple multiples of them. 

The first observer sets the manometers, regulates 
the air speed, and balances the drag beam. He also 
operates a signal system which lights lamps visible to 
the three operators when the air speed is correct. 
The second observer balances the lift and moment 

149900—33-21 
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beams. The swing of the lift beam affects the balance 
of the moment beam, so the lift beam is held in the bal¬ 
anced position by the contact points while the moment 
beam is being balanced. The final balance of all beams 
is obtained only when the signal lamps are lighted. 
Another signal lamp warns the recorder if the balance 
fouls during the test. 

The recorder makes all necessary calculations and 
corrections to obtain the final force and moment 
coefficients of the airfoil as corrected to infinite aspect 
ratio, and plots these coefficients as the test progresses. 
These calculations are greatly simplified by the selec¬ 
tion of the air speed and by previously calculated 
tables. 

REDUCTION AND PRESENTATION OF DATA 

Method of correcting data.—The formulas used in 
correcting the data to infinite aspect ratio and for the 
influence of the tunnel walls are from the works of 
Munk, Glauert, and Prandtl, and are summarized in 
reference 5. The notation and formulas used are as 
follows: 

CL) absolute lift coefficient. 
D, diameter of wind-tunnel throat. 
b, span of airfoil. 
S, area of airfoil. 
a, angle of attack in free air. 

aT, angle of attack as measured in the tunnel. 
cti, induced angle of attack. 
a0, angle of attack at which an airfoil of infi¬ 

nite span would give the same lift coeffi¬ 
cient as the airfoil tested in the tunnel. 

R, actual aspect ratio of airfoil. 
Rt, effective aspect ratio of the airfoil; the 

aspect ratio of an airfoil which would 
give the same characteristics in free air 
as the airfoil tested in the tunnel. 

Cmclv moment coefficient about a point one- 
quarter of the chord behind the lead¬ 
ing edge. 

CD, absolute drag coefficient for an airfoil in 
free air. 

CDg, profile drag coefficient. 
CDT) absolute drag coefficient obtained from 

the tunnel tests. 
CDv induced drag coefficient. 

r, a factor correcting the induced angle of attack to 
allow for the change from elliptical span loading 
resulting from the use of an airfoil of rectangular 
plan form. 

cr, a factor correcting the induced drag to allow for the 
change from elliptical span loading resulting from 
the use of an airfoil of rectangular plan form. 
dC 

a= ^ > increase in lift coefficient per degree for an 

airfoil of aspect ratio R. 

a0 
d CL 
d CCo increase in lift coefficient per degree for an 

airfoil of infinite span. 

The formulas for correcting the data from the closed- 
throat tunnel conditions to free air are as follows: 

a = aT 
cLs 
2ttD2 X 57. 3 

(Angles of attack are measured in degrees.) 

CD — CDt+ 
Cl2S 
2trD2 

Since the reduction to infinite aspect ratio is made 
from the uncorrected tunnel data, the effective aspect 
ratio (Re) of the airfoil is used. 

then 

Re = 
R 

l - K(p8 

C 
a° = aT~(1 + t) X 57. 3 

CDo-CDt 7r^(1 + c7) 

TABLE I 

AIRFOIL: CLARK Y 

Average Reynolds Number: 3,250,000. 
Size of model: 5 by 30 inches. 
Pressure, standard atmospheres: 20.7. 
Test No. 525, Variable-density wind tunnel. Date: March 19, 1931. 

Cl 
Ho 

degrees ^c/( 

-0. 224 -7.3 0.0110 -0. 075 
-.008 -5.0 .0099 -.068 

.075 -4.2 .0099 -.067 

.226 -2.7 .0098 -.066 

.373 -1.2 .0099 -. 063 

.667 1.9 .0111 -. 063 

.962 4.9 .0134 -. 061 
1.237 8. 1 .0194 -.063 
1.473 11.3 .0310 -.063 
1.560 13.0 .0443 -.071 
1. 518 15.2 .1135 -. 093 
1.283 19.9 .2734 -.138 
1.032 26.7 .4499 -.170 

Method of presenting data.—The results of a test 
of the Clark Y airfoil are given in Table I and Figure 10 
to show the method of presenting airfoil data. It will 
be noticed that the characteristics of airfoils are pre¬ 
sented by means of two independent sets of curves. 
The first is the conventional plot CL, CD, L/D, and 
c. p. against angle of attack, but differs from most 
previous plots in that the results are corrected for 
tunnel wall effects to aspect ratio 6. The second set 
of curves gives the deduced characteristics of an air¬ 
foil of infinite span. The profile drag coefficient CDof 
the angle of attack a0, and the moment coefficient 
about the quarter-chord point Cmc/i are plotted against 
the lift coefficient. This type of plot, which has been 
used in England, has three important advantages over 
the more familiar type. First, the characteristics are 
plotted against the lift coefficient as abscissa because 
the lift coefficient is usually treated as the independent 
variable. Second, the efficiency and pitching char¬ 
acteristics of different airfoils may be compared much 
more readily by comparing profile drag and moment 
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coefficient curves rather than the familiar LID and 
c. p. curves. This is particularly true if the moment 
coefficient about a point one-quarter of the chord 
behind the leading edge is used, because its value for 
a given airfoil is approximately constant over the 
working range. Third, in applying the results of air¬ 
foil tests, it is almost always necessary to correct them 
to another aspect ratio, and it is more convenient to cor¬ 
rect from an infinite than from some finite aspect ratio. 

Application of section data to the predictions of 
wing characteristics.—The formulas for predicting the 

where a0 is the slope for the wing of infinite span. 
The drag coefficient is 

Co-CD+%{l + o) 

The values of r and a depend on the shape of the 
span-loading diagram of the airfoil. For an elliptical 

wing without effective twist they are zero and for a 
rectangular wing their values are given in Figure 11. 

The moment coefficient at a given value of the lift 
coefficient may be taken as the same for any aspect 

characteristics of finite wings from the airfoil section 

data as they are usually presented (CL, CDo, Cmc/i) 
will also be summarized here for convenience. 

The angle of attack in degrees for the lift coefficient 

CL (the independent variable) is 

ratio. The center of pressure, measured as a frac¬ 
tion of the chord from the leading edge, is given by 

a mcf 4 
c. j). —0.25 . /'y • 

* CL cos a + CD Sin a 

or 
“=a»+xi(1+T)x57-3 

, 18. 24 „ . 
a = a0d-^ CL( 1 + t) 

The lift curve slope when angle of attack is measured 

in degrees is 

a0 
a = 

1+^(1 + t)57.3 

where CmcU is the moment coefficient about a point 
one-quarter of the chord behind the leading edge. 

The use of the foregoing formulas may be more 
easily understood from the following example. Sup¬ 
pose it is desired to find the aerodynamic character¬ 
istics of a rectangular Clark Y wing of aspect ratio 8. 
Since the lift coefficient is considered the independent 
variable, we shall select a value for this coefficient and 
calculate the other characteristics. For the sample 
calculation a lift coefficient of 0.7 will be taken. 
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Figure 11.—Correction factors for rectangular airfoils 

The angle of attack for a given value of CL is 

a = a0 + aj 

From 
Then 

From 

a = a0+18.24 ^(1 + r) 

Figure 11, for an aspect ratio of 8, r = 0.22. 

a = ao + 2.780Cz, 

Figure 10, when 

CL = 0.7, a0 = 2.20 

o; = 2.20 4-1.9° 

a = 4.1° 

The drag coefficient is 

CD-CD,+0Di 

^D=z('Do + ~1ft V1 + <r) 

From Figure 11, for an aspect ratio of 8, cr = 0.074. 
Then 

CD = CDo + 0M27CL2 

From Figure 10, when CL = 0.7, (7^ = 0.0112 

CD = 0.0112 + 0.0209 

CD = 0.0321 

D 0.0321 

The moment coefficient about the quarter-chord 
point, from Figure 10, is -0.0G3 for a lift coefficient 
of 0.7. The position of the center of pressure meas¬ 
ured as a fraction of the chord from the leading edge is 

a ™c/i c. p. = 0.25-7=7- . n ■ 
CL cos a + CD sm a 

A or — 0.0G3 c. p. = 0.25 
(0.7) cos 4.1°+ (0.0321) sin 4.1° 

c. p. =0.25 + 0.090 

c. p. = 0.34 of the chord from the leading edge. 

This will be the position of the center of pressure for 
an angle of attack of 4.1°. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., November 28, 1981. 
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REPORT No. 417 

PRESSURE DISTRIBUTION TESTS ON A SERIES OF CLARK Y BIPLANE CELLULES 
WITH SPECIAL REFERENCE TO STABILITY 

By Richard W. Noyes 

SUMMARY 

The pressure distribution data discussed in this report 
represent the results of part of an investigation conducted 
by the National Advisory Committee for Aeronautics on 
the factors affecting the aerodynamic safety of airplanes. 
1 he present tests were made on semispan, circular-tipped 
Clark Y airfoil models mounted in the conventional man¬ 
ner on a separation plane. Pressure readings were made 
simultaneously at all test orifices at each of 20 angles of 
attack between —8° and +90°. 

The results of the tests on each wing arrangement are 
compared on the bases of maximum normal force coeffi¬ 
cient, lateral stability at a low rate of roll, and relative 
longitudinal stability. Tabular data are also presented 
giving the center of pressure location of each wing. 

The principal conclusions drawn from the results of 
these tests may be summarized as follows: 

1. No biplane arrangement investigated has as high a 
value of maximum normal force coefficient as the mono¬ 
plane, although the value for the cellule having 50 per 
cent positive stagger and 8° positive decalage {the lower 
wing at a higher angle of attack than the upper) is only 
8 per cent less. 

2. Unstable rolling moments due to a low rate of roll 
are generally decreased by the use of a gap [chord ratio 
of less than 1.0, positive stagger alone, or positive stagger 
and negative decalage. 

8. Combined positive stagger and negative decalage 
show the greatest relative longitudinal stability below the 
stall. 

INTRODUCTION 

A review of the general problem of the aerodynamic 
safety of airplanes shows that the combination of flight 
characteristics peculiar to the conventional airplane 
at high angles of attack is one of the most prolific 
sources of clanger—a situation that is directly traceable 
to the fact that the greatest and most sudden changes 
in lift and stability occur at these attitudes. 

To increase the rather meager general information 
on airfoils operating in this angular range the National 
Advisory Committee for Aeronautics has conducted a 
comprehensive investigation of the aerodynamic char¬ 

acteristics of a large series of Clark Y monoplane and 
biplane combinations up to 90° angle of attack. This 
research consisted of force tests, autorotation tests, and 
pressure distribution tests, all made in the 5-foot at¬ 
mospheric wind tunnel of the N. A. C. A. (reference 
1), at a Reynolds Number of about 150,000. 

The results of the force tests have been reported in 
references 2 and 3, the autorotation tests in reference 
4, and the preliminary results of the pressure dis¬ 
tribution tests in references 5, 6, and 7. The present 
report is a compilation and analysis of all the pressure 
distribution data given in the last three references. 

Analysis of the data presented in this report covers 
(1) the effect of wing arrangement on maximum normal 
force; (2) the effect of wing arrangement on lateral 
stability at high angles of attack; and (3) the effect 
of wing arrangement on longitudinal stability. 

APPARATUS AND METHODS 

Apparatus.—Conventional pressure distribution test 
apparatus (the validity of the use of which is discussed 
in references 5 and 8) was used in the closed-throat 
atmospheric wind tunnel. A general view of the appara¬ 
tus is shown in Figure 1, and a photograph of the wing 
models mounted vertically through a midspan “separa¬ 
tion plane” is shown in Figure 2. The horizontal 
plane extended several feet upstream and dowmstream 
from the models and completely across the tunnel. 
Its leading edge was adjustable through a small 
vertical angle in order to compensate for the frictional 
reduction in air velocity adjacent to the plane’s 
surface. The disk in its center was free to rotate with 
the wing mod els when their angle of attack was changed. 
This adjustment was possible from outside the test 
section while the tunnel was in operation. A clamp 
beneath the separation plane, protected from the air 
stream by a fairing, held the wing models. It was 
adjustable while the tunnel was shut down to allow 
the wings to be set in any desired biplane arrangement. 

The semispan models were 5-inch chord, Clark Y 
airfoils with circular tips and an aspect ratio of 6. 
The same profile shape was maintained throughout 
the span and the chords of all sections lay in the 
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Figure 1.—General view of test apparatus 



DISTRIBUTION TESTS ON CLARK Y BIPLANE CELLULES WITH REFERENCE TO STABILITY 317 

same plane. Figure 3 shows the plan form of the 
wings with test sections and orifice locations indicated. 
Each orifice was the end of a 0.015-inch inside diameter 
brass tube inlaid between the mahogany laminations 
of the model. The other end of each tube extended 

ing to test sections on the models, and within each 
group they were so spaced that the heights of the alcohol 
columns formed ordinates of the section-load diagrams. 
Shadowgraph records of these heights were obtained 
on a long strip of sensitized paper stretched behind the 

Figure 2.—Semispan wing models mounted on separation plane 

Section A Section B Section C Section 0 Section. E 

several inches beyond the butt of the wing to facilitate 
its connection to the manometer. 

The multiple-column alcohol manometer and rubber 
tubing connecting it to the inlaid brass tubes in the 
models are seen in Figure 1 mounted below the tunnel 
test section. The manometer tubes were arranged 
approximately on the arc of a circle at the center 
of which was an electric light used to expose the 
photostatic records. The tubes were grouped accord- 

tubes. As each record was taken it was wound on a 
reel in a lightproof box at one end of the manometer 
and a fresh length of paper unwound from a similar 
box at the other end. 

Dynamic pressure in the test section of the wind 
tunnel was indicated on a separate micromanometer 
This instrument was connected to a calibrated Pitot- 
static tube located several feet upstream where it 
was not affected by the presence of the models. 
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Tests.—A velocity survey of the air stream was 
made along the vertical diameter of the tunnel test 
section about 1 foot ahead of the models. Figure 4 
shows the distribution of dynamic pressure as obtained 
with the models set at zero lift and reference 8 indicates 
that this distribution will not be changed appreciably 
by increasing the angle of attack. The integrated 
mean dynamic pressure between the limits shown 
was used to calibrate the “service’’ Pitot-static tube 
employed throughout the investigation to indicate 
the air speed in the test section. 

Table I gives a complete list of the monoplane and 
biplane arrangements investigated. Each wing set¬ 
up was tested at angles of attack from —8° to +90° 
at 2° intervals in the vicinity of the stall and at larger 
angular steps over the remainder of the range. 

The detailed test procedure followed in each case 
was, in general, similar to that employed in previous 
wind-tunnel pressure-distribution work in which all 
orifice pressures were recorded simultaneously. Before 
each run the pressure lines from the wing orifices to 
the manometer tubes were checked for leaks or block¬ 
ing. The air was then brought up to speed, the 
desired angle of attack set, and the record obtained. 

TABLE I 

PRESSURE DISTRIBUTION TEST PROGRAM 

Wing profile—Clark Y. 
Tip shape—Circular. 
Aspect ratio—6 (except for shorter wing of overhung 

combinations.) 

Variable 
Gap 

chord 
Stagger 
chord 

Deca¬ 
lage “ i Dihedral Sweepback Over¬ 

hang 

Monoplane_ Upper wing tested 
alone. 

0 0 

Lower wing tested 
alone. 

0 0 

Gap... 0. 50 0 0 0 0 0 
.75 0 0 0 0 0 

1.00 0 0 0 0 0 
1. 25 0 0 0 0 0 
1. 50 0 0 0 0 0 

Stagger- 1 -0.25 0 0 0 0 
1 +. 25 0 0 0 0 
1 +.50 0 0 0 0 
1 +. 75 0 0 0 0 

Decalage.... 1 0 -6° 0 0 0 
1 0 -3° 0 0 0 
1 0 +3° 0 0 0 
1 0 +6° 0 0 0 

Dihedral _ 1 0 0 3° upper 0 0 
1 0 0 3° lower 0 0 

Sweepback-- 1 0 0 0 10° upper 0 
1 0 0 0 5° upper 0 
1 0 0 0 5° lower 0 

Overhang_ , . 
1 0 0 0 10° lower 0 
1 0 0 0 0 +20% 
1 0 0 0 0 +40% 

Gap and stagger_ 
1 0 0 0 0 -20% 
.75 +. 25 0 0 0 0 
.75 +. 50 0 0 0 0 

1. 25 +.25 0 0 0 0 
1. 25 +. 50 0 0 0 0 

Stagger and decalage_ 1 +. 25 +3° 0 0 0 
1 +. 50 +3° 0 0 0 
1 +.25 -3° 0 0 0 

Gap and decalage_ 
1 4.50 -3° 0 0 0 
1. 25 0 +3° o. 0 0 
.75 0 +3° 0 0 0 

1.25 0 -3° 0 0 0 

Stagger and sweepback.. 
.75 0 -3° 0 0 0 

1 +. 25 0 0 5° upper 0 
1 +.50 0 0 10° upper 0 

1 
1 -.50 0 0 10° lower 0 

Decalage is considered positive when the lower wing is at a larger angle of attack 
than the upper wing. 

Vertical distance abo\/e separation plane, inches 

Figure 4—Vertical dynamic pressure distribution 1 foot ahead of model position 

RESULTS 

Reduction of test data.—The results of this investi¬ 
gation were obtained from the recorded orifice pres¬ 
sures by three steps of graphical integration. First, 
the section normal force diagrams, which were drawn 
directly on the manometer records, were integrated 
for area and moment about the leading edge of the 
straight portion of the wing. The resulting section 
loads and section pitching moments were then plotted 
against span. Integration of the wing-load diagrams 
gave total wing normal force and bending moment 
about the root, and integration of the wing pitching 
moment curves gave total wing pitching moments. 
Finally, these dimensional loads and moments were 
reduced to coefficient form by means of the following 
equations. 

Section normal force: 

N' 
qc (1) 

where 

N' = the normal load on a section of unit span 

q = dynamic pressure 

c —chord of the section. 

Total wing normal force: 

c - N Gv — 

where 
q.S (2) 

iV=the normal load on the whole wing 

Sowing area 

Cellule normal force: 

n _CNuppeTS upper T Cn i ower 8 lower 
Vat cellule Q 

cellule 
(3) 

Wing loading ratio: 

e = 
On u 

On lower 

wer 
(4) 
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Cellule pitching moment about the quarter-chord 
point of the mean cellule chord: 

C'm c] i 

[CtfXSX {CpX' — CpX)}upVeT~\~ 

[CNxSx{Cvx'-Cpx)]loweT 
S cellule 

(5) 

where 

Cvx' = longitudinal distance in terms of the wing 
chord from its leading edge to the 25 per 
cent point of the chord of an imaginary air¬ 
foil lying between the upper and lower wings 
of the cellule at a distance from each in¬ 
versely proportional to its area and bounded 
by planes passing through their leading and 
trailing edges 

CPX = longitudinal center of pressure of the wing in 
terms of the chord 

Longitudinal center of pressure: 

Cpx = 2v (6) 
where 
M— total pitching moment about the leading edge 

of the normal force over the wing 
Lateral center of pressure: 

N 
(7) 

where 
L~ total bending moment about the wing root due 

to the normal force over the wing 
Rolling moment due to roll was calculated by the 

strip method (reference 9) from curves of CN' plotted 
against a, and reduced to coefficient form by the 
equation, 

a= JbSC0S a (8) 

where 
a = the angle of attack and X is the total rolling 

moment due to the asymmetric distribution of 
normal load along the span when the assumed 
rate of roll is such that 

fp-= 0.05 (9) 

In this expression 
p = rate of rotation in roll in radians per second 

6 = span of wing in feet 
y=air velocity in feet per second at center sec¬ 

tion of the wing 
and the numerical measure of the rate of roll, 0.05, cor¬ 
responds to the results obtained in flight tests in ex¬ 
tremely gusty air when the airplane is held as level a3 

possible. 
Tables and figures.—The coefficients as derived 

from the foregoing equations arc presented in graphical 
and tabular form. Curves of cellule, upper wing, and 
lower wing normal force coefficient (all plotted against 
angle of attack) are presented in families according to 

the principal cellule variables in Figures 5 to 35. 
The monoplane CN curve included in each of these 
figures showing biplane cellule normal force is the 
mean curve of the two wings making up the cellule 
tested separately as monoplanes. The monoplane 
curve shown on the remaining figures is drawn through 
the experimental points of the particular wing (upper 
or lower) to which it is being compared. 

Lateral stability characteristics of each wing ar¬ 
rangement are indicated by curves of C\ plotted 
against angle of attack in Figures 36 to 46. In this 
series of figures, the monoplane comparison curve is, 
again, the mean of the two wings tested separately as 
monoplanes. 

Curves of pitching moment about the 25 per cent 
point of the mean chord are given for all cellules in 
Figures 47 to 57. 

Table II is a collection of the maxima and other 
important features of the foregoing curves. Tables 
III to XL contain all the data obtained in this research 
on the following characteristics of each cellule tested: 
(1) Normal force coefficient of the complete cellule; 
(2) pitching-moment coefficient of the complete cellule; 
(3) wing-loading ratio; (4) normal force coefficient of 
the individual wings of each cellule; (5) longitudinal 
and lateral center of pressure of each wing. (For the 
benefit of persons interested in the study of the effect 
of cellule arrangement and angle of attack on the 
span load distribution of the individual wings of a 
biplane, tables of section normal force coefficients for 
all the arrangements discussed in this report are 
available upon request. This material is not included 
in the present report, because of its relatively limited 
general interest and because it is irrelevant to the 
present discussion.) 

Accuracy.—A comparison of the results of repeat 
runs showed that a deviation of about ± 2 per cent of 
the mean observed value of the variable may be ex¬ 
pected in any plotted or tabulated reading presented. 
This error is due to factors which are typical of pres¬ 
sure distribution test procedure, and which are dis¬ 

cussed in detail in reference 8. 
An additional error in the biplane cellule results is 

due to the slight dissimilarity between the two wing 
models. Figure 5 shows the normal force coefficient 
as determined experimentally on each wing plotted 
against angle of attack and a curve drawn through 
the mean of each pair of points. The average dif¬ 
ference between any two corresponding readings is less 
than 3 per cent of the mean observed value. Conse¬ 
quently, the probable error of each wing from an 
“average” wing is less than 2 per cent and therefore 
within the above-mentioned experimental error. 

Quantitatively the pitching moments as presented 
can be considered only approximate. The error is due 
to the fact that pressure distribution measurements 
as usually made neglect skin friction and the compo- 
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nent of the pressure forces parallel to the chord. The 
neglect of these forces results in an error in the center 
of pressure location up to a maximum of about 3 per 
cent of the chord near the stall and in an error in the 
pitching moment of a magnitude depending on the 
location of the center of gravity. When the center of 
gravity is on the mean geometric chord, as assumed in 
the present report, the error in the shape of the moment 
curves is small enough to warrant a qualitative analy¬ 
sis. Quantitatively, however, the moments may be 
sufficiently in error to prohibit their use in stability 
calculations. 

The Reynolds Number of the present tests was about 
150,000 or Ko full scale. Care should therefore be exer¬ 
cised in applying the results to full-scale conditions, 
since, as indicated in reference 10, there would be appre¬ 
ciable changes in some of the aerodynamic characteris¬ 
tics if the wings had been tested at full scale. Principal 
among these characteristics are maximum normal force 
coefficient and the angle of attack at which it occurs. 
At full scale the maximum normal force coefficient 
would probably be raised somewhat and the angle of 
attack increased several degrees. Center of pressure 
and pitching moments are known to show but little 
change with scale and, judging from the negative slope 
of the full-scale Clark Y lift curve in reference 10, it is 
not likely that the magnitude of rolling moment due to 
roll would be seriously altered. There is no informa¬ 
tion covering scale effect on wing-loading ratios, but at 
normal angles of attack this characteristic is not likely 
to vary greatly with Reynolds Number. 

The blocking effect or constriction of the free area of 
a wind tunnel by the wing model has been described in 
reference 3 and a method of correction developed for 
full-span wings supported by wires. However, owing 
to the very different blocking conditions existing during 
pressure distribution tests from those in force tests, it 
was not considered advisable to apply this correction 
to the present results. 

No correction for tunnel-wall effect has been applied. 

DISCUSSION 

The following analysis is divided into three divisions. 
The first part is a detailed discussion of the effect of 
each cellule variable on: (a) Maximum normal force 
coefficient; (6) lateral stability at a low rate of roll; and 
(c) longitudinal stability. The basic wing arrange¬ 
ments used for comparison are the monoplane and the 
orthogonal biplane, the latter being defined as a biplane 
having wings of equal chord, a gap/chord ratio of 1.0, 
and no stagger, decalage, dihedral, sweepback or over¬ 
hang. In the second part the data are taken as a whole 
and the general tendencies of the various methods of 
changing the orthogonal biplane arrangement are dis¬ 
cussed relative to the three factors mentioned above. 
In the last section these general tendencies are collected 
and summarized with a view toward indicating favor¬ 
able lines for future research. 

DETAILED DISCUSSION 

(a) Maximum normal force—Monoplane (fig. 5).— 
The two wings (used to make all the following biplane 
set-ups) tested separately as monoplanes, give the nor¬ 
mal force coefficients shown. The maximum coeffi¬ 
cient is greater than that of any biplane arrangement 
by about 3 to 18 per cent, these values indicating the 
approximate, practical limits to the effect of biplane 
interference. 

Gap (figs. 6-8).—Increasing the gap/chord ratio 
above 1.0 increases the maximum normal force coeffi¬ 
cient of the cellule. This is because both wings operate 
under progressively more favorable conditions as their 
distance apart is increased. 

Decreasing the ratio below 1.0 tends to delay the 
burble of the lower wing up to about 35° angle of attack. 
However, it also decreases the maximum of the upper 
wing (owing to the greater interference from the lower 
wing) so that the cellule maximum normal force coeffi¬ 
cient falls much below that of the orthogonal biplane. 
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Figure 5.—Normal force coefficient. Clark Y monoplane. Circular tip. 
Aspect ratio=6 

Stagger (figs. 9-11).—Positive stagger increases and 
negative stagger decreases the cellule maximum nor¬ 
mal force coefficient. Increasing the positive stagger 
has an effect similar to increasing the gap, for it in¬ 
creases the distance between the wings and makes each 
of them behave more like a monoplane. In the ex¬ 
treme case of 75 per cent positive stagger, both upper 
and lower maximum 0N are greater than that for the 
monoplane. However, even in this case, the cellule 
maximum is less than the monoplane owing to the slot 
effect of the upper wing on the lower, which delays the 
lower wing maximum CN until well after the upper wing 
has burbled. 

Gap and stagger (figs. 12-14).—Increasing above 1.0 
the gap of a biplane having positive stagger increases 
the cellule maximum normal force coefficient only 
when the stagger is greater than 25 per cent. De¬ 
creasing below 1.0 the gap of a biplane having positive 
stagger decreases the maximum normal force coefficient. 
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Figure 6.—Effect of gap on cellule coefficient of normal force 

Figure 7.—Effect of gap on upper wing coefficient of normal force 

Figure 8.—Effect of gap on lower wing coefficient of normal force 

a 
Figure 9.—Effect of stagger on cellule coefficient of normal force 

Figure 10.—Effect of stagger on upper wing coefficient of normal force 

Figure 11.—Effect of stagger on lower wing coefficient of normal force 
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nr 
Figure 12.—Effect of stagger and gap on cellule coefficient of normal force 

Figure 13.—Effect of stagger and gap on upper wing coefficient of normal force 

ce 
Figure 14.—Effect of stagger and gap on lower wing coefficient of normal force 

a (Upper wing) 

Figure 16.—Effect of decalage on upper wing coefficient of normal force 

a (Upper wing) 

Figure 17.—Effect of decalage on lower wing coefficient of normal force 
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-!0° 0° !0° 20° 30° 40° 50° 60° 70° 80° 90° 

ct (Upper wing ) 

Figure 18.—Effect of gap and decalage on cellule coefficient of normal force 

-10° 0° !0° 20° 30° 40° 50° 60° 70° 80° 90° 

oc (Upper wing) 

Figure 21.—Effect of stagger and decalage on cellule coefficient of normal force 

Figure 19.—Effect of gap and decalage on upper wing coefficient of normal force Figure 22.—Effect of stagger and decalage on upper wing coefficient of normal 

cc (Upper wing) 

Figure 23.—Effect of stagger and decalage on lower wing coefficient of normal 

force 
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Figure 24.—Effect of dihedral on cellule coefficient of normal force Figure 27— Effect of sweepback on cellule coefficient of normal force 

Figure 25.—Effect of dihedral on upper wing coefficient of normal force Figure 28.—Effect of sweepback on upper wing coefficient of normal force 

Figure 26.—Effect of dihedral on lower wing coefficient of normal force Figure 29.—Effect of sweepback on lower wing coefficient of normal force 
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Figure 30— Effect of stagger and sweepback on cellule coefficient of normal 

force 

Figure 31.—Effect of stagger and sweepback on upper wing coefficient of 

normal force 

Figure 32.—Effect of stagger and sweepback on lower wing coefficient of 

normal force 

Figure 33.—Effect of overhang on cellule coefficient of normal force 

Figure 34.—Effect of overhang on upper wing coefficient of normal force 

Figure 35.—Effect of overhang on lower wing coefficient of normal force 
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Decalage (figs. 15-17).—The angles of zero and maxi¬ 
mum normal force of the lower wing of a biplane cellule 
having decalage are displaced from those of the orthog¬ 
onal biplane approximately the amount of the de¬ 
calage. The upper wing shows a small angular dis¬ 
placement in the opposite direction at low angles of 
attack and a shift similar to the lower wing at high 
angles. This latter displacement is not sufficient, how¬ 
ever, to cause the maxima of both wings to occur simul¬ 
taneously, with the result that the cellule maximum 
normal force is decreased (as compared to the orthog¬ 
onal arrangement) for all values of decalage tested. 

Decalage and gap (figs. 18-20).—Changing the gap of 
a biplane having ±3° decalage increases the maximum 
normal force coefficient of the cellule when the gap is 
increased above 1.0 and decreases it when reduced 
below 1.0. 

Decalage and stagger (figs. 21-23).—Positive decalage 
alone causes a reduction in the angle of maximum 
normal force on the lower wing, but positive stagger 
tends to increase it. These effects practically cancel 
each other, within the range of these tests, causing the 
lower wing to burble at approximately the same angle 
that it does in an orthogonal biplane. The separate 
effect of the two variables on the angle of attack of the 
upper wing maximum is to reduce it slightly in both 
cases. Inasmuch as the latter point occurs just after 
the burble of the lower wing in the orthogonal combi¬ 
nation, the net result on a cellule having positive 
decalage and positive stagger is to increase its maxi¬ 
mum normal force coefficient. This increase is great 
enough so that at +3° decalage and +50 per cent 
stagger, the cellule maximum CN is only 3 per cent less 
than that of the monoplane. 

Negative decalage and positive stagger both tend 
to delay the burble of the lower wing and cause the 
stalling angle of the upper wing to occur progressively 
sooner. Consequently, the lower wing reaches its 
maximum from 3° to 9° later than the upper, causing 
a low maximum normal force for the cellule and poor 
division of load between the wings. 

Dihedral (figs. 24-26).—Dihedral has practically no 
effect on the coefficient of normal force. 

Sweepback (figs. 27-29).—The effect of sweepback 
on either the upper or the lower wing is, in general, 
similar to the effect of stagger. The magnitude of the 
changes in maximum normal force are equivalent to 
those that would be produced by an amount of stagger 
corresponding to the mean stagger of the sweptback 
wing relative to the straight wing. 

Sweepback and stagger (figs. 30-32).—Comparison 
of the results of combined sweepback and stagger 
with those of sweepback and stagger tested separately 
(figs. 27 to 29 and 9 to 11, respectively) shows that the 
mean stagger is again the principal factor governing 
the normal force characteristics of the cellule. Within 
the range of these tests a mean positive stagger of only 

25 per cent was obtained, an amount that does not 
materially raise the maximum normal force coefficient. 

Overhang (figs. 33-35).—Slight improvement in the 
cellule maximum normal force coefficient results from 
positive overhang. This increase is due to the com¬ 
bined effect of the reduction in area of the lower wing, 
which is adversely affected by biplane interference, 
and to an improvement in the upper wing maximum 
Cx. 

(b) Lateral stability.—If the condition be assumed 
that an airplane is taking off or landing at a high angle 
of attack over an obstacle of sufficient size to cause 
considerable turbulence, in the air blowing over it, the 
inherent lateral stability of the machine becomes an 
important factor from the standpoint of safety. 
These conditions can be approximated for the purpose 
of stability calculations by assuming an angle of attack 

giving Cifmax and an instantaneous disturbance causing 
p b 

a rate of roll such that ,yf^=0.05. 
V 

The influence of the different biplane variables on 
the first of these two conditions is of importance only 
in its relation to the angle at which lateral instability 
begins. (See General Discussion.) In the present case, 
the conditions affecting the range and magnitude of 
the unstable rolling moments due to the rate of roll 
specified will be discussed. 
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Figure 36—Rolling moment due to roll at2y-”0.05. Clark Y mono¬ 

plane. Circular tip. Aspect ratio=8 

Monoplanes (fig. 36).—Comparison of the critical 
points of the curve shown with corresponding force test 
data given in reference 3 (Table III) shows an agree¬ 
ment within 2° of the angles of attack for <7x = 0 as 
determined by the two methods of test. The lack of 
complete agreement is probably due to the difference 
in results obtained by application of the strip method 
of calculation of lateral stability to force test data and 
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pressure distribution data. Assumption of uniform 
span loading was made in the force tests, but pressure 
distribution data allow a more accurate determination 
of the true span loading. Consequently, results from the 
pressure distribution tests take into account the delay 
in burble of the tips beyond the angle of maximum 
normal force on the wing as a whole and, therefore, con¬ 
sistently give slightly larger angles of initial neutral 
stability than calculations based on force tests. The 
upper limit of the range of instability is likewise raised 
above force test calculations owing to the normal load 
increasing again at the center of the wing before it 
does so at the tips. 

A comparison of Figure 36 with corresponding auto- 
rotation results (from reference 4, figs. 31 and 32) 
shows relatively close agreement of the angles of attack 

V b 
of stable autorotation at r-^=0.05 as determined by 

2 V J 

these two methods of test. The pressure distribution 
results are considered more reliable, however, because 

p b 
the lowest value of —y obtained in the autorotation 

tests was about 0.20 and interpolation of the curve of 
rotation against angle of attack from this point to 

p b 
^y= 0 is, at best, very uncertain. 

Gap (fig. 37).—The most important feature to note 
is that progressive reduction in gap causes a general 
decrease in the range and magnitude of the unstable 
rolling moments. This effect is due to the increasing 
tendency of the upper wing to maintain the flow over 
the lower as the gap is lessened. At the same time, 
however, the burble of the upper wing becomes more 
rapid so that in the region from gap/chord = 1.00 to 
gap/chord = 0.75 the improvement due to the lower 

149900—33——22 

wing is just offset by the greater instability of the 
upper. 

Figure 38.—Effect of stagger on rolling moment due to roll at jy-^O.Oo 

Stagger (fig. 38).—Separation of the burble points 
of the two wings by either positive or a small amount 
of negative stagger reduces maximum instability. 
However, above 25 per cent positive stagger this sepa¬ 
ration causes a distinct prolongation of the range of 
instability. At +75 per cent the separation is so 
marked that there are two peaks of unstable moment, 
one at the burble of the upper wing and a second, 
greater one, when the flow over the lower wing breaks 
down. 

o( 

Figure 39.—Effect o( combined gap and stagger on rolling moment due 

to roll at ^=0.05 

Gap and stagger (fig. 39).—As compared with the 
orthogonal biplane, the high degree of instability 
associated with a gap/chord ratio of 1.25 is partially 
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.—Effect of combined decalage and gap on rolling moment due 

cl (Upper wing) 

Figure 42.—Effect of combined decalage and stagger on rolling moment 
pb 

due to roll at 2y=0.05 

oC 
pb 

Figure 44.—Effect of sweepback on rolling moment due to roll at 0.05 

ct 

Figure 45.—Effect of combined sweepback and stagger on rolling „ pb 
moment due to roll at ^-=0.05 
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mitigated by 25 per cent positive stagger and wholly 
so by 50 per cent stagger. Reducing the gap to 75 
per cent of the chord arid staggering the wings +25 
per cent has practically no influence on the character¬ 
istics of the orthogonal biplane. However, increasing 
the stagger to 50 per cent reduces maximum instability 
by more than one-half. The range of instability is 
small for this biplane arrangement but occurs at a 
slightly lower angle than for the previous cases. 

Decalage (fig. 40).—The principal effect of this varia¬ 
ble is displacement of the range of instability owing to 
the displacement of the normal force curve of the lower 
wing. Except for the —3° setting of the lower wing, 
all the cases of decalage show a decrease in maximum 
instability. The one case in which an increase is 
shown can be explained by the fact that the burble of 

both wings occurs at practically the same angle. This 
concentration of the factors leading to instability has 
the advantage, however, of noticeably reducing the 

unstable range. 
Decalage and gay (fig. 41).—Gap apparently is the 

governing factor in regard to magnitude of insta¬ 
bility. Decalage in the cellule causes its character¬ 
istic angular displacement of the unstable range. 

Decalage and stagger (fig. 42).—As pointed out in the 
discussion of the normal force characteristics of this 
combination of cellule variables (figs. 21 to 23), +3° 
decalage and + 50 per cent stagger cause CN maxi¬ 
mum of both wings to occur at virtually the same angle. 
This condition was excellent from the standpoint of 
small biplane interference, but coincidence of maxi¬ 
mum normal force entails coincidence of the burble of 
the two wings. The result is that this combination is 
quite unstable over a small angular range. Wide 
separation of the points of maximum normal force, as 
obtained with — 3° decalage and + 50 per cent stagger, 
has the opposite effect, giving this biplane arrange¬ 
ment the smallest maximum instability of any cellule 

investigated. 
Dihedral (fig. 43).—This variation on the orthogonal 

biplane increases the maximum unstable rolling 

moment slightly. 
Sweepback (fig. 44).—The simple analogy that the 

effect of sweepback is equivalent to the effect of the 
mean stagger of the sweptback wing is not so apparent 
when stability is considered as when only normal force 
characteristics are compared. In the case of 5° sweep- 
back on the upper wing, the effective negative stagger 
is about 10 per cent, which is just sufficient to put the 
burble of each wing at the same angle of attack. 
Hence, strong instability occurs over a relatively short 
rangA (Compare with fig. 38 and its discussion.) At 
10° sweepback the burble of the lower wing is dis¬ 
tinctly prior to that of the upper. This condition 
produces instability over a wide range, but the maxi¬ 
mum degree of instability is only slightly greater in 
magnitude than that of the orthogonal arrangement. 

Sweepback and stagger (fig. 45).—As with sweepback 
alone, the general characteristics are very similar to 
those of a biplane cellule having stagger equivalent to 
the mean stagger of the sweptback wing. There 
appears to be little choice between combinations having 
one wing sweptback a certain amount alone or having 
the same degree of sweepback and having sufficient 
stagger to make the wing tips come approximately 
vertically over each other. 

Overhang (fig. 46).—From this figure it is apparent 
that any form of overhung biplane is less desirable 
than the orthogonal biplane. The reason for this 
condition apparently is due to the intermediate nature 
of overhung combinations between the very unstable 
monoplane (see fig. 36) and the biplane. Negative 20 
per cent overhang is slightly preferable to the same 
amount of positive overhang because the upper wing, 
whose burble is much more rapid than the lower, exerts 
a smaller influence on the cellule in this case than in 

positively overhung combinations. 
(c) Longitudinal stability.—The scope of the present 

investigation is insufficient to attempt a quantitative 
discussion of the effects of the various wing combina¬ 
tions on the longitudinal stability of a complete airplane 
because of the great effect upon pitching moment of 
such factors as the center of gravity location, chord 
components of force, and the pitching moments of the 
tail surfaces. If, however, we assume a constant geo¬ 
metric location of the center of gravity relative to each 
wing system (as defined by equation (5) in the present 
case) and tail surfaces adequate to maintain balance 
at normal angles of attack, the pitching moment curve 
of each cellule about an axis through the assumed cen¬ 
ter of gravity affords a basis for a discussion of certain 
qualitative relations between the characteristics of the 
various wing systems. Such a comparison is made 
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below, the axis chosen being the 25 per cent point of 
the mean cellule chord, although any other axis would 
give the same relative results. 
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Figure 47.—Pitching moment about the quarter-chord point. Clark Y mono¬ 
plane. Circular tip. Aspect ratio=6 

Figure 48.—Effect of gap on pitching moment about the quarter-chord point 

a 

Monoplane (fig. 47).'—Comparison of this curve with 
those for the unstaggered biplane combinations in the 

; subsequent figures shows the monoplane to have a 
steeper negative slope to its pitching-moment curve 

! at high angles of attack, and therefore a stronger 
tendency toward longitudinal stability in this region 
than any of the biplanes. 

Gap (fig. 48).-—Below the stall, the slopes of the 
curves for all ratios are essentially the same as the 

j monoplane. Above the stall, increasing the gap in¬ 
creases both the range and steepness of the stable slope 
to the curve. 

Stagger (fig. 49).—A small amount of either positive 
or negative stagger has little effect on the slope of the 
pitching-moment curve below the stall. Increasing 
the stagger above + 25 per cent very rapidly increases 
the unstable slope to the curve in this region, owing to 
the strong stalling moment of the upper wing. 

Above the stall a negatively staggered biplane shows 
very poor stability characteristics. In fact it is highly 
probable that neutral stability or possibly unstable 
pitching moments would exist above 22° angle of 
attack in a complete airplane having this wing arrange¬ 
ment. Positive stagger, on the other hand, produces 
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Figure 49.—Effect of stagger on pitching moment about the quarter-chord point 

-.04 

-.08 

- 12 

- 16 

r 

rrv. o- Dt °co!oge — - 6° 

11 
A- 
□- 
+- 

l n = -3°' 

-A ^3 T 
—* 

i \ 4- 
—1— 

// + + 
i 

n 
ii- 

U - 

X1. K X- -, 

n 

1 5° 

l u 
T 

5T \ 

N “A 
N -AX 

i Hu -.20 
Figure 51.—Effect of decalage on pitching moment about the quarter-chord point 



DISTRIBUTION TESTS ON CLARK Y BIPLANE CELLULES WITH REFERENCE TO STABILITY 331 

in this range positive stability equal to or greater than 
that of the monoplane. 

Gap and stagger (fig. 50).-—The characteristics of ! 
these combinations follow very closely those for simi¬ 
lar amounts of stagger at a gap/chord ratio of 1.0. 

oc (Upper wing) 

Figure 52.—Effect of combined decalage and gap on pitching moment about the 
quarter-chord point 

Decalage (fig. 51).—This variable has no effect on 
longitudinal stability below the stall. Above the 
stall, +6° or —6° decalage has a tendency to reduce 
the abruptness of the familiar nosing-down action 
accompanying burbling of the wings. This character¬ 

istic is due to the marked separation of the stalling 
points of the two wings and the resulting prolongation 
of the range during which the center of pressure of the 
cellule is moving back. Beyond this range the pitch¬ 
ing-moment curve for biplanes having any amount of 
decalage between +6° and —6° does not differ 
appreciably from that ‘of the orthogonal arrangement. 

a (Upper wing) 

decalage is to shift the stalling angle in a manner similar 
to the shift when the gap equals the chord. Otherwise, 
the curves fall in groups whose characteristics follow, 
in general, the corresponding cellules having no 
decalage. 

Decalage and stagger (fig. 53).—Negative decalage 
has a distinct tendency to reduce the unstable slope of 
the cellule pitching-moment curves below the stall for 
all degrees of stagger. It also reduces the magnitudes 
of the cellule diving moments in this range to such on 
extent that at —3° decalage and +50 per cent stagger 
both the slope and the magnitude are the smallest of 
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Figure 54.—Effect- of dihedral on pitching moment about the quarter-chord point 

any cellule investigated. Positive decalage increases 
the slope of the pitching-moment curve as the stagger 
is increased, but its effect is less than in the preceding 
case. Above the stall all the cases investigated have 
characteristics very similar to those of cellules having 
corresponding amounts of stagger alone. 

Dihedral (fig. 54).—Dihedral up to 3° on either 
wing has practically no influence on the pitching- 
moment characteristics of an orthogonal biplane. 

or 

~/0° 0° /0° 20° 30° 40° 50° 60° 708 80° 90° 

Figure 55.—Effect of sweepback on pitching moment about the quarter-chord 
point 

Figure 53.—Effect of combined decalage and stagger on pitching moment about 

the quarter-chord point 

Decalage and gap (fig. 52).—Throughout the range 
of angle of attack tested the only marked influence of 

Sweepback (fig. 55).—Below the stall the slope of the 
curves for all the arrangements tested differ only 
slightly from that of the orthogonal biplane. This 
feature of the curves agrees closely with the curves of 
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pure stagger (fig. 49) of an amount equal to the mean 
effective stagger of the sweptback wing. 

Above the stall, sweepback on the upper wing shows 
a greater divergence of the pitching-moment curve 
from that of the orthogonal biplane than a correspond¬ 
ing amount of negative stagger. Consequently, even 
a small degree of sweepback on the upper wing alone 
would be likely to be distinct^ harmful to longitudinal 
stability at high angles of attack. 

a 

Figure 56.—Effect of combined sweepback and stagger on pitching moment 
about the quarter-chord point 

Sweepback and stagger (fig. 56).—The pitching mo¬ 
ment of a biplane cellule having sweepback of either 
the upper or lower wing and also having stagger is 
essentially the same as that of a cellule having an 
equivalent amount of mean stagger obtained by sweep- 
back alone. 

of 

Figure 57.—-Effect of overhang on pitching moment about the quarter-chord 
point 

Overhang (fig. 57).—At low angles of attack positive 
or negative overhang has no influence on the pitching- 
moment curve of the orthogonal biplane. Above the 
stall the characteristics of positively overhung com¬ 
binations approach those of the monoplane as the over¬ 
hang increases. Negative overhang up to 20 per cent 
has practically no effect in this region. 

GENERAL DISCUSSION 

(a) Maximum normal force.—Table II gives a 
collection of certain of the aerodynamic characteristics 
of all the wing systems investigated. A study of these 
data in view of the foregoing detailed discussion of each 
cellule variable reveals certain general tendencies in the 
variation of the tabulated characteristics. For in¬ 
stance, increasing (1) the gap/chord ratio above 1.0, 
(2) the effective positive stagger, or (3) positive over¬ 
hang of a biplane decreases the mutual interference 
between the wings and tends to make the maximum 
normal force coefficient of the cellule approach that of 
the monoplane. With a gap/chord ratio of 1.0, change 
in stagger is the most effective single factor influencing 
this characteristic. However, if + 50 per cent stagger 
is used with a gap/chord ratio of 1.25 (cellule CH) the 
interference is still less. Finally, if +3° decalage is 
used with + 50 per cent stagger (cellule HM) the 
normal force curve of the lower wing is shifted so that 
it nearly coincides with that of the upper wing, pro¬ 
ducing a cellule maximum normal force that is only 3 
per cent less than the monoplane and is the highest 
value obtained on all the biplane arrangements tested. 
Gap/chord ratios below 1.0, negative effective stagger, 
or use of decalage without stagger, definitely increases 
mutual wing interference and reduces maximum normal 
force. 

From an inspection of Columns 2 and 3, the conclu¬ 
sion may be drawn that the interference of the circula¬ 
tion of air about the lower wing on the circulation about 
the upper wing is sufficient to reduce the maximum 
normal force coefficient of the latter (as compared to the 
monoplane) for all unstaggered biplane combinations 
having a gap/chord ratio of 1.0. Closer proximity of the 
wings, negative stagger, or negative overhang increases 
this interference. Conversely moving the wings far¬ 
ther apart or using positive overhang improves the 
operating conditions of the upper wing to the extent 
that it attains a greater maximum normal force coeffi¬ 
cient than the monoplane. The optimum point of 
separation beyond which the characteristics of the 
upper wing begin to reapproach those of the mono¬ 
plane, apparently has not been reached in the scope of 
the present tests except in the case of overhang. 

The interference effect of the upper wing on the lower 
may be compared to that of a leading-edge slot on an 
ordinary airfoil. Thus, in all cases, decreasing the 
gap/chord ratio to less than 1.0, or using positive 
stagger, tends to maintain the flow over the lower wing 
to very high angles and large values of normal force 
coefficient. 

The angle of attack for maximum normal force 
(column 4) is seen to be virtually coincident with the 
angle for initial lateral instability (column 5) except 
for the biplane cellules having 6° positive decalage (N) 
or +50 per cent stagger with 3° negative decalage 
(HL). In each of these cases the angular interval of 
safety between maximum lift and the beginning of 
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lateral instability is due to wide separation of the stall¬ 
ing points of the component wings in the cellules. 
However, it should be noted from Figures 40 and 42 
that, although these cellules do not reach true neutral 
equilibrium until the angle of attack specified in Col¬ 
umn 5, they have only a very slight degree of stability 

for 3° or 4° below this point. 
(b) lateral stability.'—Columns 7 and 8 give the 

initial range of lateral instability and the maximum 
value of unstable rolling moment due to roll. Close 
correlation of these characteristics with each other or 
the other criteria given in the table is not possible, but 
a few very general relationships can be noted. 

The average range of lateral instability is a little less 
than 9°. In nearly all cases of cellules having a very 
much larger range, initial instability is due to the upper ! 
wing burbling first while the lower wing continues to 
maintain lift and a stabilizing influence on the combi¬ 
nation. For this reason such wing arrangements 
usually have relatively small values of maximum 
instability, but, owing to the fact that the instability 
which does exist depends primarily on the sharpness 

and extent of the burble of the upper wing, all cellules 

do not follow this rule. 
The geometric relation between the wings best suited 

to obtain the combination of a short range of instability 
and a small maximum instability, is a gap/chord ratio 
less than 1. An apparently outstanding exception to 
this rule is the combination having a gap/chord ratio of 
0.75 and —3° decalage (EL). It will be noticed from 
Figure 41, however, that this cellule is only very slightly 
unstable over the last 15° of the curve. 

A second method for obtaining a short range of 
instability is the use of +50 per cent stagger and +3° 
decalage. This cellule (HM) shows the closest coin¬ 
cidence of the normal force curves of its component 
wings and consequently the minimum dispersion in 
angle of attack of the negative slope to these curves. 
However, this very condition produces a magnitude of 
maximum lateral instability that is greater than the 

average. 
If the range of instability is of secondary importance 

and only the maximum value of unstable rolling moment 
is considered, separation of the normal force curve of the 

TABLE II 
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1. 329 16 16 25 9 0. 0288 
0 1.240 1. 349 1.150 17 18 26 8 .0264 
0 1.218 1. 333 1. 136 A 8 18 26 8 .0232 
0 1. 205 1. 287 1. 142 18 18 27 9 .0151 
0 1. 157 1.167 (°) 18 19 27 8 .0163 
0 1.090 1.004 (“) 20 20 25 5 .0102 
0 1. 276 1.414 1.430 16 17 31 14 .0077 
0 1. 255 1. 360 1. 333 17 19 29 10 .0111 
0 1. 269 1. 348 1.280 18 18 27 9 .0138 
0 1.128 1. 250 1.104 16 17 27 10 .0139 
0 1.285 1. 379 1.288 17 18 25 7 .0161 
0 1. 265 1.345 1.227 18 18 27 9 .0214 
0 1.217 1. 360 6 1. 500 16 17 21 4 .0065 
0 1. 205 1. 240 * 1.418 18 19 25 6 .0168 
0 1. 126 1. 290 1.216 20 21 31 10 . 0103 
0 1. 192 1. 300 1. 195 20 20 27 7 . 0235 
0 1. 149 1. 290 1. 148 15 16 25 9 .0096 
0 1. 105 1. 328 1. 190 12 15 25 10 . 0125 
0 1.240 1. 331 1.215 20 20 29 9 .0205 
0 1. 195 1. 290 1. 151 16 16 26 10 . 0182 
0 1. 159 1.220 (“) 20 21 c 45+ c 24+ .0151 

' 0 1. 142 1. 160 (“) 16 17 25 8 . 0145 
0 1. 292 1. 370 1. 283 16 17 23 6 .0193 
0 1. 181 1. 357 1. 385 17 <<22 32 10 .0044 
0 1.221 1. 290 1.151 16 17 27 10 .0135 
0 1.189 1. 313 1.318 19 20 31 11 .0132 
0 1.230 1. 320 1. 156 17 18 26 8 .0223 
0 1.212 1,277 1. 140 18 18 26 8 .0182 

)° UP. 0 1. 135 1. 231 1. 100 16 16 29 13 .0156 
>° UP. 0 1. 194 1. 302 1. 112 18 19 29 10 .0248 
1° LK. 0 1. 228 1. 326 1. 182 18 19 27 8 .0218 
5° I.R. 0 1.219 1.313 1. 197 18 18 26 8 .0183 
i° UP. 0 1.225 1.310 ‘ 1. 248 18 19 27 8 .0179 
1° UP. 0 1.224 1.324 1. 310 18 18 27 9 .0139 
]° UR. 0 1. 125 1. 269 1. 051 17 17 26 9 .0194 
) -20% 1. 143 1. 185 1. 190 17 18 26 8 .0193 
) +20% 1.254 1. 373 1. 100 18 18 27 9 .0224 
h +40% 1. 240 1. 349 1. 147 

18 
17 26 9 .0287 

o Maximum normal force coefficient occurs at a very high angle and is not well defined. 
» No well-defined maximum. The normal force coefficient continues to increase above the values given after only a slight loss in lift 

«Only very slightly unstable above 30° angle of attack. 
* Only very slightly stable above 18° angle of attack. 
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upper and lower wings is desirable. This condition 
can best be obtained by use of +50 to +75 per cent 
stagger at a gap/chord ratio of 1.00 (cellules H and G), 
+ 50 per cent stagger at a gap/chord ratio of 0.75 
(cellule EH), or +50 per cent stagger combined with 
— 3° decalage (cellule HL), the last-mentioned arrange¬ 
ment being the most favorable. 

(c) Longitudinal stability.'—Quantitative comparison 
of the various wing arrangements on the score of longi¬ 
tudinal stability is impossible from the present data. 
However, a general review of all the pitching-moment 
curves reveals normal slopes below the stall except for 
combinations having a large amount of stagger or 
positive stagger combined with negative decalage. In 
the former case, abnormally large tail surfaces would 
probably be required to maintain longitudinal balance. 
In the latter case the opposite condition exists, these 
cellules showing the smallest unstable pitching mo¬ 
ments below the stall of any wing system tested. 

Above the stall, the monoplane or a biplane having 40 
per cent positive overhang or at least +25 per cent 
effective stagger, with or without small variations in 
gap/chord ratio or decalage, gives better than average 
stabilitju A very small gap/chord ratio or negative 
effective stagger has the opposite effect. 

SUGGESTIONS FOR FUTURE RESEARCH 

From the preceding outline of the general effects of 
wing arrangement on the efficiency and stability of the 
lifting system of an airplane, certain lines for future 
investigation suggest themselves. Table I shows a 
considerable field to have been covered in the present 
research, but the intervals between test points have 
necessarily been so large that more detailed investiga¬ 
tion of limited portions of the field would be likely to 
reveal wing combinations that are better than any 
tested thus far. Omitting, for practical reasons, con¬ 
sideration of the improved characteristics of such 
abnormal biplanes as those having gap/chord ratios 
greater than 1.50, more than 75 per cent stagger, or a 
combination of these features, the arrangements that 
indicate the least loss in maximum lift due to biplane 
interference are those having combined positive stagger 
and positive decalage. Slight increases in either stag¬ 
ger or decalage or both, with or without an increase in 
gap, might produce a biplane equal to the monoplane 
in maximum lift. 

Of perhaps greater interest are cellules showing a 
tendency toward improved lateral stability. Along this 
line positive stagger combined with negative decalage 
shows the greatest promise. Reduction of the gap of 

such cellules or the introduction of sweepback on both 
wings should continue to improve conditions suffi¬ 
ciently to warrant a much more detailed investigation 
of the combined effects of these variables. 

Good longitudinal stability usually exists in laterally 
stable combinations, but it is apparent that high maxi¬ 
mum normal force does not go with the other favorable 
characteristics. Consequently, it would be of consider¬ 
able interest to determine the best cellule from the 
standpoint of stability and then attempt to compen¬ 
sate for the loss of lift on the upper wing by use of 
flaps or slots. 

CONCLUSIONS 

1. Within the range of this investigation the changes 
given in the following table from the orthogonal, 
circular-tipped, Clark Y biplane tend appreciably to 
reduce mutual wing interference and raise the maxi¬ 
mum normal force coefficiept of the cellule. The partic¬ 
ular cellule cited in each class is the best wing ar¬ 
rangement tested. 

Wing arrangement (orthogonal except 
as specified) C K max 

Percent¬ 
age in¬ 
crease 

over or¬ 
thogonal 

Orthogonal biplane.-.. . 1.205 0.0 
Overhang=+20%_ 1.254 4.1 
Stagger = +75%--- 1.276 5.9 
Gap/chord = 1.25 1 
Stagger =+50%J- 1.285 6.6 
Decalage = +3° \ 
Stagger =+50%/. 1.292 7.2 

Monoplane_ 1.329 10.3 

2. Reduction in the range of initial lateral instability 
is best accomplished by use of gap/cliord ratios dis¬ 
tinctly less than 1.0. 

3. Reduction in the magnitude of maximum lateral 
instability is best accomplished by use of positive stag¬ 
ger at a gap/chord ratio of not more than 1.0, or posi¬ 
tive stagger in combination with negative decalage. 

4. For the same location of the center of gravity with 
respect to the mean chord combined positive stagger 
and negative decalage shows the greatest relative longi¬ 
tudinal stability below the stall. 

5. Strong longitudinal stability above the stall is 
best obtained by use of positive stagger in combination 
with any other variable. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., October 15, 1931. 
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TABLE III 

CLARK Y CIRCULAR-TIPPED MONOPLANES, 
5-INCH CHORD, ASPECT RATIO-6 

Wing No. 2 (Upper of Wing No. 1 (Lower of 
Biplane Cellules) I Biplane Cellules) 

Cn Cm c/1 Cpx Cpy CN Cm e/4 Cpz c 
C-py 

Degrees 
-8 -0.118 -0, 084 0.314 0.450 -0.181 -0.081 -0.197 0.460 
-4 .142 -.098 .944 .428 .136 -.103 1.010 .432 

0 .436 -. 060 .388 .434 . 456 -.071 .406 .430 
4 .739 -. 061 .332 .436 .749 -.069 .341 .449 
8 .987 -.048 . 299 .449 1.043 -.062 .309 .443 

12 1.230 -.045 .286 . 456 1.260 -.048 .288 .453 
14 1.282 -.048 .287 .461 1.330 -.046 .284 .458 
16 1.309 -.049 .287 .472 1.349 -.043 .282 .470 
18 1.027 -.117 .364 . 516 1.222 -.067 .305 .506 
20 .898 -.135 .399 .514 .931 -.134 .393 .511 
22 .890 -. 129 .394 .513 .916 -. 133 .396 .510 
25 .905 -.132 .395 .492 .926 -. 132 .393 .493 
30 1.049 -. 159 .401 .485 1. 062 -. 163 .410 .485 
35 1.127 -. 177 .407 .484 1.174 -.187 .408 .481 
40 1.141 -.193 .418 .477 1.184 -. 195 .414 .478 
50 1.220 -.213 .425 .476 1.243 -. 223 .429 . 477 
60 1.300 -.258 .448 .478 1.301 -.265 .454 .481 
70 1.350 -.304 .475 .478 1.379 -.312 .477 .481 
80 1.372 -.340 .498 .479 1.382 -.361 .512 .482 
90 1.369 -.362 .514 . 475 1.383 -.367 .516 .483 

TABLE IV 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c= 1.50 
ALL OTHER DIMENSIONS ORTHOGONAL 

CL 

Upper wing Lower wing Cellule 

Cn cpz Cpy Cn Cpx cPV Cn Cm e/4 e 

Degrees 
-8 -0.108 -0. 571 0.473 -0.142 -0.424 0.470 -0.125 -0.092 0.760 
-4 .145 .968 .451 .125 1.105 .414 .135 -. 105 1.160 

0 .368 . 442 .451 .322 .497 .441 .345 -. 076 1.142 
4 .660 .352 .449 .606 .372 .450 . 634 -.071 1.090 
8 .921 .318 .448 .827 .327 . 454 .876 -. 063 1.114 

12 1.134 .297 .460 1.029 .306 .460 1.083 -.055 1.102 
14 1.213 . 293 .461 1.095 .296 .463 1.157 -.051 1.108 
16 1.303 .288 .468 1.150 .298 .473 1.230 -.053 1.133 
18 1.349 .290 .478 1.115 .308 .491 1.233 -. 060 1.209 
20 1.015 .364 . 507 1.075 .342 .496 1.046 -. 108 .943 
22 .851 .383 .531 .949 .403 .508 .900 -.129 .897 
25 .802 .374 .506 .988 .413 .503 .898 -.130 .812 
30 .852 .37.3 .492 1.044 .418 .482 .950 -.140 .816 
35 .903 .376 .492 1.133 .420 .480 1.020 -.153 .796 
40 .950 .380 .492 1.241 .426 .476 1.098 -. 172 .765 
50 .852 .354 . 491 1.365 .440 .471 1.110 -.174 .624 
60 .659 .280 .oil 1.375 .458 .476 1.019 -.154 .479 
70 .074 -.971 1.055 1.463 .471 .478 .771 -.116 .051 
80 -.272 .461 .386 1.501 .494 .471 . 616 -.155 -.181 
90 -.161 .511 .342 1.458 .519 .469 .649 -.175 _ -.110 

TABLE V 

CLARK Y CIRCULAR-TIPPED BIPLANE, G'/c = 1.25 
ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx CPy Cn Cpz CPy Cn Cm e/4 e 

Degrees 
-8 -0.138 -0.409 0.438 -0.117 -0.611 0.545 -0.127 -0. 096 1.180 
-4 . 136 .987 .484 . 140 1.024 .413 . 138 -. 104 .972 

0 .350 .444 .464 .330 .480 .443 .340 -.072 1.061 
4 .631 .347 .452 .599 .361 . 450 .615 -.064 1.053 
8 .912 .317 .452 .823 .325 .460 .868 -. 062 1.110 

12 1.135 .293 .458 1.012 .308 .464 1.077 -.053 1.121 
14 1.200 .288 .460 1.088 .293 .461 1.147 -.046 1.103 
16 1.250 .285 .465 1.136 .297 .467 1. 193 -.049 1.100 
18 1.333 .286 .476 1.103 .310 .481 1.218 -.057 1.208 
20 .906 .374 .527 1.045 .377 .498 .976 -. 122 .867 
22 .803 .379 .530 1.000 .400 .499 .901 -. 126 .803 
25 .741 .366 .504 1.021 .414 .497 .881 -. 128 .726 
30 .772 .362 .500 1.090 .430 .480 .932 -. 141 .708 
35 .799 .353 .495 1.179 .435 .477 .998 — .151 .677 
40 .795 .350 .495 1.287 . 42S .471 1.040 -.154 .618 
50 .725 .320 .498 1.388 .439 .472 1.055 -.157 .522 
60 .477 . 190 .520 1.424 .459 .474 .950 -. 134 .335 
70 -. 121 .934 .247 1.495 .474 .471 .686 -. 128 -.081 
SO -. 180 .495 .333 1.490 .492 .464 . 655 -. 158 -. 121 

90 
-.161 .543 .322 1.490 .514 .468 . 665 -. 172 -.108 

TABLE VI 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c=1.00 
ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

a 

Cn W
 Cpy Cn Cpz Cpy Cn Cm e/4 e 

Degrees 
-8 -0. 139 -0.329 0. 422 -0.080 -1.113 0.554 -0.110 -0.095 1. 738 
-4 . 120 1.019 . 445 . 153 .964 .410 . 136 -. 101 .784 

0 .344 .439 .448 .343 .479 .432 .344 -.072 1.004 
4 .610 .347 .451 .600 .379 .442 .605 -.069 1.017 
8 .853 .314 .448 .778 .326 .454 .815 -.056 1.093 

12 1.067 .288 .456 .966 .308 .460 1.020 -.047 1.102 
14 1.150 .283 .460 1.080 .298 .462 1. 113 -.046 1.064 
16 1.220 .275 .469 1.142 .288 .467 1. 181 -.037 1.069 
18 1. 287 .272 .468 1.120 .298 .476 1.205 -. 041 1.147 
20 1.070 .311 .514 1.089 .350 .491 1.079 -.087 .982 
22 .840 .339 .550 1.067 .394 .498 .951 -. 115 .788 
25 .693 .350 . 509 1.073 .413 .495 .884 -. 122 .646 
30 .694 .333 .508 1.191 .423 .478 .943 -. 132 .582 
35 .708 .327 . 505 1.260 .426 .472 .986 -. 138 .562 
40 .666 .298 .511 1.362 .425 .474 1.015 -. 137 .489 
50 .542 .233 .511 1.421 .447 .466 .981 -. 135 .381 
60 .268 -.033 .568 1.486 .456 .470 .877 -. 116 .180 
70 -.158 .540 .316 1.470 .476 .467 .656 -. 143 -. 108 
80 -.120 .536 .264 1.472 .499 .464 .677 -. 166 -.081 
90 -. 123 .501 .257 1.470 .520 .467 .674 -.184 -.084 
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TABLE VII TABLE X 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c = 0.75 

ALL OTIIF.R DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cat d \spz Gpy Cy Cpx Cpy C.v 
Cm 

e 

Degrees 
-8 -0.151 -0. 202 0.419 -0.039 -2. 72 0. 725 -0. 095 -0. 093 3. 86 
-4 .092 1. 140 .494 . 163 .883 .424 . 128 -. 093 .564 

0 .258 .432 .463 .341 .476 . 429 .300 -.062 .756 
4 .583 .322 .449 .595 .364 .447 .590 -. 055 .980 
8 . 795 .308 .449 .781 .317 .451 .788 -.050 1.018 

12 .995 .262 .455 .976 .311 .452 .988 -.035 1.018 
14 1. 028 .263 . 403 1.026 .292 .460 1.027 -.028 1.002 
16 1.059 .263 .409 1. 108 .290 .465 1.083 -.029 .955 
18 1. 167 . 262 .475 1.147 .284 .468 1. 157 -.027 1.016 
20 1.051 .273 . 499 1. 138 .331 .480 1. 096 -. 058 .923 
22 .714 .328 .549 1. 220 .360 .475 .966 -.095 . 585 
25 .549 .315 .531 1. 252 .395 . 47S .901 -. 108 .438 
30 .563 .304 .520 1.269 .429 . 481 .918 -. 129 .444 
35 .512 .251 .516 1.366 .438 .476 .942 -. 128 .375 
40 .420 .195 .526 1.435 .438 .471 .929 -. 124 .293 
50 .286 .008 . 544 1.498 .442 .469 .891 -. 110 .191 
00 .035 -2. 40 .890 1.513 .455 .467 . 774 -.110 .023 
70 -. 137 .482 .323 1.498 .473 .466 . 680 -. 152 -.092 
80 -. 099 .500 .252 1.500 .498 .468 . 701 -.174 -.066 
90 -.088 .513 . 252 1. 503 .521 .466 .708 -. 193 -.058 

TABLE VIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c-0.50 

ALL OTHER DIMENSIONS ORTHOGONAL 

CL 

Upper wing Lower wing Cellule 

Cn 

O
' 1 

Cpy CN Cpx Cpy C.v C m c /4 e 

Degrees 
-8 -0.193 -0.054 0.413 0.006 20.2 0. 730 -0. 094 -0 030 32.2 
-4 .012 5.915 .913 . 190 .772 .413 . 101 -.084 .063 

0 . 162 .432 .488 .374 .496 .430 . 268 -.061 .433 
4 .413 .285 .481 .624 .389 .440 .518 -.052 .663 
8 .616 .260 .458 . 790 .355 .449 . 704 -.044 .780 

12 .787 . 246 . 473 . 955 .326 .449 .870 -.035 .824 
14 .869 .248 .475 1.022 .326 .456 .945 -.039 .850 
16 .918 .237 .483 1. 090 .318 .459 1.004 -. 031 .842 
18 .970 .231 .481 1. 176 .305 .461 1.072 -.024 .825 
20 1. 00 4 .230 .493 1. 175 .310 .468 1.090 -.026 .854 
22 .610 .285 . 556 1. 338 .330 .471 .974 -.065 .456 
25 .324 .264 .678 1.436 .354 .469 .880 -.077 .226 
30 .305 . 192 .598 1. 593 .402 .499 .950 -. 114 . 191 
35 . 189 -.089 .646 1.649 .422 .482 .920 -. 109 . 115 
40 . 156 -.379 .645 1.569 .437 .478 .863 -.097 .099 
50 .054 -1.63 .840 1.565 .437 .475 .810 -.096 .035 
60 -.054 .976 . 162 1.414 . 456 .469 .681 -. 126 -.038 
70 -.094 .522 .245 1.485 .469 .469 .696 -. 150 -.063 
80 -.062 .514 . 179 1.487 .498 .470 .711 -.176 -.042 
90 -.063 .400 .145 1.469 .517 .468 . 703 -. 191 -.043 

TABLE IX 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG- 
GER/CHORD-0.75 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx Cpy Cn Cpx Cpy Cn C m c/4 e 

Degrees 
-8 -0.096 -0.805 0. 423 -0.076 -0. 996 0. 542 -0. 086 -0. 102 1.265 
-4 . 196 .771 . 447 . 130 .931 . 416 . 163 -.083 1.508 

0 .494 .396 .444 .321 .509 .444 .408 -. 046 1.539 
4 .770 .346 .442 .533 .396 .448 .652 -.031 1.446 
8 1.055 .309 .448 .738 .351 .458 .897 -.009 1.430 

12 1.312 .271 .449 .930 .330 .461 1. 121 .021 1.411 
14 1.385 .287 . 454 1. 029 .314 .461 1. 207 .008 1.345 
16 1.410 .301 .468 1. 142 .309 .458 1. 276 -.020 1. 234 
18 1.059 .352 .532 1. 295 .307 .464 1. 177 -. 136 .818 
20 .941 .371 .523 1.357 . 299 .468 1. 149 -. 168 .694 
22 .857 .375 .504 1.421 .313 . 475 1. 139 -. 204 . 602 
25 .868 . 37(3 . 497 1.402 .319 .495 1. 135 -. 204 .619 
30 .982 .389 .488 1.298 .411 .445 1. 140 -.232 .755 
35 1.031 .395 . 482 1.339 .411 .444 1.185 -.240 .770 
40 1.048 .415 .477 1.334 .435 .464 1. 191 -.264 .785 
50 1. 162 .420 .472 1. 429 .441 .465 1.296 -.285 .813 
60 1. 199 .432 . 471 1.465 .458 .463 1.332 -.311 .817 
70 1.226 .439 .470 1.491 .471 .466 1.359 -.332 .822 
80 1. 169 .442 .477 1.438 .489 .465 1.304 -.335 .812 
90 1. 024 .408 .481 1.362 .508 .468 1.193 -.321 .751 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG¬ 
GER/CHORD =0.50 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

Cn Cpx Cpy Cn Cpx Cpy C.v C TO e /4 e 

Degrees 

1 “8 
-0. 076 -0. 985 0.413 -0.051 -1.678 0. 595 -0.064 -0. 100 1.491 

-4 . 176 .813 .429 . 120 1. 115 . 424 . 148 -. 095 1.467 
0 .415 .420 . 441 .307 .532 .441 .361 -.065 1.352 
4 .732 .332 .443 .553 .386 .450 .643 -.045 . 1.323 
8 .971 .307 .447 .723 .343 .456 .847 -.030 1.345 

12 1. 188 .293 .453 .915 .321 .458 1. 052 -.024 1.299 
14 1.299 .283 . 457 1. 022 .315 . 463 1. 161 -.020 1.270 
16 1. 358 . 282 . 466 1. 125 .309 .459 1.242 -. 026 1.208 
18 1.280 . 291 .490 1. 207 .303 .467 1.244 -.050 1.061 
20 1.033 .342 .526 1. 280 .303 .476 1. 157 -. 112 .806 
22 .874 .374 .530 1.331 .300 .483 1. 103 -. 144 . 656 
25 .857 .364 .501 1.228 .396 .481 1.043 -. 185 . 698 
30 .890 .369 . 485 1.202 . 436 . 474 1.046 -.204 .740 
35 .930 .374 .481 1. 275 .433 .472 1. 103 -.217 .729 
40 .966 .377 .479 1.327 .435 .468 1. 147 -.231 .728 
50 1.021 .384 .475 1.407 .440 .465 1.214 -.250 . 726 
60 1. 036 .390 .477 1.450 .459 . 466 1. 243 -.276 .713 
70 .992 .379 . 482 1.428 .474 .468 1.210 -.278 .694 
80 .761 .305 .489 1.409 .494 .468 1.085 -.274 . 540 
90 .275 -.023 .511 1. 413 .510 . 469 .844 

_ 
-.288 . 195 

TABLE XI 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG¬ 
GER/CHORD =0.25 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn 

1 1 
H Cpy Cn Cpx Cpy Cn C , U- m c Ji e i 

Degrees 
-8 -0.093 -0. 654 0.440 -0.066 -1. 241 0.577 -0. 080 -0.050 1.410 I 
-4 . 163 . 865 .449 . 153 .962 .430 . 158 -. 104 1.065 I 

0 .417 . 428 .443 .339 .503 .435 .378 -. 076 1.230 
4 .678 .341 . 446 .572 .383 .445 .625 —.062 1. 187 
8 .939 .308 . 448 . 785 .335 .453 .862 -.051 1. 195 

12 1. 142 .289 .455 .966 .311 . 458 1. 054 -. 040 1. 180 
14 1.225 .282 .458 1. 061 .305 .460 1. 143 -.038 1. 154 
16 1.328 .275 .463 1. 144 .302 .463 1.236 -.036 1. 161 
18 1.338 .275 .475 1. 184 .292 .472 1.261 -.033 1. 130 
20 .973 .343 .526 1. 245 .301 .481 1. 109 -.094 .782 
22 .839 .358 .540 1. 280 .304 .486 1.060 -. 108 . 656 
25 .755 .356 .497 1. 148 .404 .493 .952 -. 154 .658 
30 .816 .355 .496 1. 207 .425 .477 1.012 -. 173 . H77 
35 .830 .351 .484 1.265 .435 .471 1.048 -. 186 . 656 
40 .849 .347 .486 1.305 .432 .470 1.077 -. 189 .650 
50 .825 .336 .490 1.394 .443 .468 1. 110 -.207 .592 
60 .765 .300 .491 1.429 . 457 . 467 1.097 -.209 . 536 1 
70 .544 . 199 .506 1.449 .477 .471 .997 -.208 .375 
80 . 001 47. 500 1. 925 1.450 . 492 .471 .725 -.266 .001 
90 -. 127 .466 .270 1.422 .512 .471 .648 -.270 -. 089 ; 

TABLE XII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
STAGGER/CHORD = -0.25 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

Cn Cpx Cpy Cy Cpx Cpy Cy C m e/4 t 

Degrees 
-8 -0.136 -0.313 0. 411 -0. 094 -0.911 0.518 -0.115 -0. 092 1.448 
-4 . 103 1.211 .449 . 153 .968 .404 . 128 -. 101 .672 

0 .274 .488 .454 .342 .498 .436 .308 -.071 .801 
4 .5-54 .376 .453 .596 .364 .445 .575 -.066 .930 
8 .786 .327 .445 .816 .320 .455 .801 -.057 . 963 

12 .980 .298 .458 1.006 .301 .458 .993 -.048 .975 
14 1.119 .284 .459 1.089 .290 .463 1.104 -.043 1.027 
16 1. 162 .281 .468 1.095 .298 .483 1.128 -.048 1.061 
18 1.250 .269 .473 .925 .379 .492 1.088 -.092 1.351 
20 1.094 .279 .501 .903 . 400 .495 .998 -.095 1.211 
22 .793 .353 .538 . 995 .415 .486 .894 -. 110 . 796 
25 .609 .336 .523 1.072 .410 .501 .840 -.082 .568. 
30 .600 .319 .526 1.161 .420 .481 .880 -.084 . 516 
35 .602 .312 .526 1.260 .425 .475 .931 -.088 .478 
40 .465 .254 .540 1.357 .427 .474 .911 -.066 .343 
50 .135 .371 . 735 1.424 .441 .473 .779 -. 063 .095 
60 -.261 .515 .356 1.503 .462 .468 .621 -.015 -. 174 
70 -. 131 .557 .313 1.451 .473 .468 .660 -.042 -.090 
80 -.109 .555 .278 1.453 .501 .466 .672 -.068 -.075 
90 -. 101 .529 .259 1.453 .515 .467 .676 -.082 -.070 
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TABLE XIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c=l.25; 
STAGGER/CHORD = 0.50 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

a 

Cn Cpz Cpy Cn Cpz Cpy Cn Cm c/4 e 

i Degrees 
-8 -0. 087 —0. 816 0.437 -0.188 -0. 526 0.486 -0.102 -0. 089 0. 737 
-4 .200 .750 .428 . 126 1.052 .437 . 163 -. 092 1. 588 

0 .470 .393 .446 .294 .489 .448 .382 -.047 1.599 
4 .755 .339 . 447 .590 .374 .452 . 673 -.050 1.281 
8 .992 .309 .447 .777 .325 .454 .885 -.031 1.276 

12 1.260 .289 .451 .992 .310 .460 1. 126 -.022 1.270 
14 1.340 .281 .456 1.081 .308 .460 1.210 -.020 1.240 

16 1.379 .284 .465 1.181 .291 .464 1.280 -.023 1.167 

18 1.311 .291 .499 1.237 .284 .473 1.274 -.039 1.062 

20 1.028 .347 .541 1.267 .295 .488 1. 148 -.109 .812 
22 .905 .383 .528 1.288 .311 .499 1.097 -. 147 .703 

25 .888 .370 .497 1.125 .410 .477 1. 007 -.174 .789 

20 .933 .383 .487 1.150 .426 .473 1. 042 -. 190 .811 

35 .965 .397 .478 1.200 .428 .473 1.083 -.208 .804 

40 1.009 .394 .482 1.289 .434 .470 1.149 -.226 .783 
50 1.082 .403 478 1.393 .446 .468 1.238 -.259 .776 
60 1 096 .402 .475 1.490 .464 .468 1.293 -. 292 .735 

70 1.040 .391 .481 1.465 .474 .469 1.253 -.291 .710 

80 .758 .303 .498 1.435 .497 .471 1.097 -. 282 .528 

90 .026 -1.545 1.660 1.400 .511 .469 .713 -.331 .019 

TABLE XIV 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c= 1.25; 
STAGGER/CHORD = 0.25 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

a 

Cn Cpx Cpy Cn Cpz Cpy Cn Cm c/4 e 

Degrees 
-8 -0. 100 -0. 639 0.413 -0. 114 -0.591 0. 487 -0. 107 -0. 092 0.876 

-4 .172 .831 .450 . 115 1.116 .398 . 144 -.096 1. 495 

0 .429 .412 .445 .299 .489 .429 .364 -.050 1.435 

4 .692 .337 .448 .561 .381 .429 .627 -.059 1.233 

8 .942 .310 .446 .781 .329 .434 .862 -.049 1.206 

12 1. 189 .287 .445 .988 .312 .434 1.089 -.041 1.201 

14 1.252 .279 .450 1.061 .294 .437 1.157 -.030 1.179 

16 1.324 .281 . 457 1.137 .291 .442 1.231 -. 032 1.166 

18 1.340 .283 .468 1. 187 .287 .451 1.264 -.035 1. 130 

20 .966 .366 .510 1.227 .300 .461 1.096 -. 104 .788 

22 .832 .362 .513 1.092 .390 .480 .962 -. 140 .762 

25 .830 .383 .497 1.066 .416 .482 .948 -.158 .779 

30 .849 .369 .491 1.112 .413 .478 .981 -. 158 .763 

35 .903 . 376 .491 1. 175 .425 .476 1.039 -. 177 .768 

40 .931 .380 .487 1. 259 .428 .469 1.095 -. 193 .740 

50 .927 .375 .483 1.398 .440 .469 1. 163 -.220 .663 

60 .882 .352 .492 1.411 .460 .470 1.147 -.227 .624 

70 .634 .252 .504 1.439 .478 .470 1.037 -.215 .441 

80 -.033 .246 -.534 1.450 .4% .473 .708 -.234 -.023 

90 -. 173 .432 .294 1. 430 .527 .474 .628 -.283 -.121 

TABLE XV 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c= 0.75; 
STAGGER/CHORD = 0.50 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx Cpy Cn £
 

H
 Cpy cN Cm c/4 e 

Degrees 
-8 -0. 081 -0. 772 0. 455 -0. 106 -0. 550 0. 494 -0. 093 -0. 080 0. 764 

-4 .213 . 709 .439 .081 1. 341 .421 . 147 -.077 2. 628 

0 .495 .375 .444 .262 . 554 440 .379 -.042 1.890 

4 .775 .323 .445 . 474 .392 .455 .625 -.024 1.635 

8 1.038 .293 .445 .683 .354 .463 .861 -.013 1.521 

12 1.239 .278 .450 .844 .332 .462 1.042 -. 003 1. 468 

14 1.319 .271 .457 .971 .320 .462 1.145 -.004 1. 358 

16 1.360 .267 .469 1.073 .317 .462 1.217 -.012 1. 267 

18 1. 030 .319 .521 1.242 .312 .457 1. 136 -. 101 .829 

20 .778 .339 .536 1.383 .308 .463 1.081 -. 150 . 562 

22 .711 .343 .517 1.438 .311 .469 1.074 -. 168 .495 

25 .688 .328 .510 1.495 .326 .475 1.093 -. 185 .460 

30 .799 .347 .496 1.488 .364 .468 1.144 -.210 .537 

35 .896 .357 .490 1.400 .420 .463 1. 148 -.230 . 640 

40 .948 .376 .486 1.364 .444 .460 1.156 -.245 .695 

50 1.010 .377 .477 1.410 .454 .465 1.210 -.258 . 716 

60 1.025 .388 .480 1.456 .461 .471 1. 241 -.279 . 704 

70 .970 .369 .481 1.446 .477 .471 1.208 -.282 .671 

80 .794 .311 .491 1.422 .499 .472 1. 108 -.279 .558 

90 .445 . 187 .491 1.393 .517 .472 .919 -.291 .319 

TABLE XVI 

CLARK Y CIRCULAR-TIPPED BIPLANE, U/c = 0.75; 
STAGGER/CHORD = 0.25 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpz CPV Cn Cpj Cpy Cn CmcH e 

\Degrees 
-8 -0. 102 -0. 503 0. 438 -0. 066 -1.242 0. 555 -0. 084 -0. 090 1.545 
-4 . 163 .772 .455 . 120 .964 .427 . 142 -.083 1.358 

0 .433 .378 .449 .297 .484 .440 . 365 -.059 1. 458 
4 .665 .320 .449 .519 .378 .452 .592 -.048 1.282 | 
8 .897 .288 .452 .721 .336 .460 .809 -. 038 1. 246 

12 1. 103 .274 .453 .890 .318 .464 .997 -.031 1.239 
14 1. 180 .267 .460 .996 .310 .462 1.088 -.029 1. 184 

16 1.239 .258 .470 1.086 .303 . 460 1. 162 -.024 1.141 
18 1. 237 .257 .483 1. 170 .300 .455 1.204 -.030 1.057 
20 1. 120 .256 .524 1.198 .298 .459 1. 159 -.037 .933 
22 . 685 .332 .551 1. 387 .303 .475 1. 036 -. 108 .494 
25 .623 .319 .516 1.397 .322 .483 1.010 -. 121 .446 
30 .697 .313 .509 1.418 .394 . 483 1.058 -. 169 .492 
35 .748 .310 .502 1.329 .432 .468 1.039 -. ISO .563 
40 .737 .313 .501 1. 365 .441 .467 1.051 -. 197 .540 
50 .735 .297 .497 1.473 .448 .464 1. 104 -.210 .499 
60 .659 .251 .495 1.484 .456 .468 1.072 -.204 .444 
70 .430 . 139 .510 1. 449 .473 .472 .939 -.202 .297 
80 .051 -.908 .943 1.472 .489 .474 .762 -. 236 .035 
90 -.092 .550 .203 1.432 .512 .475 .669 -.269 -.064 

TABLE XVII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
DECALAGE= —6° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpz Cpy Cn Cpx Cpy Cn (-- m e /4 € 

Degrees 
-8 -0. 064 -0. 893 0. 453 -0. 308 0. 277 0. 554 -0.186 -0. 032 0.208 
-4 .216 .681 .432 -. 368 . 225 .470 -.076 -. 051 -.587 

0 .438 .408 .439 -.092 -.612 .445 . 174 -. 074 -4. 760 
4 .680 .339 .449 . 153 .839 .460 .417 -.076 4. 445 
8 .928 .313 .450 .379 .414 .456 . 654 -. 060 2. 450 

12 1. 114 .297 . 451 .587 . 358 . 453 .851 -. 057 1. 900 
14 1.168 .290 .459 .687 .334 .457 .928 -.052 1.700 
16 1.230 .279 .465 . 799 .321 . 454 1.015 -.046 1.540 
18 1.290 .282 .472 .912 .310 . 456 1. 101 -. 049 1.414 
20 1.237 .293 .489 1.015 .304 .457 1. 126 -. 053 1.218 
22 .949 .352 .558 1. 117 .306 .457 1.033 -. 080 .850 | 
25 .807 .372 .539 1.216 .301 .466 1.012 -.080 .664 
30 .761 .354 . 501 1. 037 .349 .488 .899 -.091 .735 

35 .764 .342 .500 1.144 .426 .477 .954 -. 134 .667 
40 .745 .332 .497 1. 228 .427 .473 .987 -. 139 .607 
50 .610 .277 . 50S 1.320 .437 .467 .966 -. 130 .462 
60 .362 . 103 .543 1.400 . 148 .461 .881 -. 112 .258 
70 -. 148 .716 .301 1.462 . 468 .468 .657 -. 126 -.101 
80 -. 133 .612 .306 1.467 .481 .464 .667 -. 145 -.091 

90 -.117 .487 .265 1. 467 .504 .466 .675 -. 173 
_ 

-.080 1 

TABLE XVIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
DECALAGE= —3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

1 

Cn Cpz ("I Cn Cpx Cpy Cn Cm c/4 e 

'Degrees 
-8 -0.076 -0. 782 0. 437 -0. 347 0. 207 0. 499 -0. 211 -0. 046 0.219 

-4 . 170 .831 .428 -.071 -1.041 .476 . 050 -.095 -2. 395 

0 . 377 .447 .451 .163 . 858 .427 .270 -. 086 2.310 

4 .650 .348 .449 .376 .443 .431 .513 -. 069 1.729 

8 .891 .313 .452 .595 .362 .452 .743 -.062 1.497 

12 1.086 .292 .455 .794 .322 .455 .940 -. 051 1. 368 

14 1. 140 .290 .456 .884 .312 .449 1.014 -.049 1.290 

16 1.216 .282 . 465 .997 .305 .455 1.107 -.048 1.220 

18 1.276 .282 .472 1.074 .301 .460 1.175 -.048 1. 188 

20 1.270 .288 .482 1.114 .297 .471 1. 192 -. 051 1. 140 

22 .962 .341 .558 1. 196 .299 .474 1.079 -.073 .804 

25 .692 .361 .511 1.070 .395 .493 .881 -. 117 . 646 

30 .720 .344 .500 1.114 .430 .484 .917 -. 135 .646 

35 .720 .328 .499 1. 228 .429 . 474 .974 -. 139 .586 

40 .686 .306 .503 1.302 .431 .473 .994 -. 138 . 527 

50 .532 .244 .521 1.376 .438 .470 .954 -. 129 .387 

60 .251 .004 .572 1. 463 .454 .472 .857 -. 119 . 172 

70 -. 155 .630 . 305 1.486 .469 .467 . 666 -. 132 -. 104 

80 -. 132 .502 .258 1.498 .496 .466 .683 -. 168 -.088 

90 -.111 .591 .264 1.482 .509 .466 .686 172 -.075 
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TABLE XIX 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
DECALAGE=+3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

1 

a 

Upper wing Lower wing Cellule 

Cat Cpz Cpy Cn Cpx CPV 
• 

Cy C m cH e 

\ Degrees 
-8 -0. 165 -0. 248 0.432 0. 156 0. 991 0. 403 -0. 004 -0. 099 -1. 059 
-4 .077 1.478 .470 .318 .549 .434 . 197 -. 095 .242 

0 . 263 .473 .476 .593 .387 .437 .428 -.070 .443 
4 .571 .362 .458 .792 .339 .452 . 681 -.067 .722 
8 .828 .309 .455 .990 .313 .457 .909 -. 056 . 835 , 

12 1.052 . 293 .457 1.129 .300 .463 1.090 -. 050 .932 l 
14 1. 142 .285 .463 1. 141 .299 .481 1. 142 -.048 1.000 , 
16 1.282 . 275 .468 .990 .368 . 505 1. 136 -. 075 1.296 ! 
18 1. 104 .302 .512 .941 .400 . 506 1.023 -. 100 1.174 ! 
20 .872 .333 . 550 1.003 .407 .505 .937 -. 115 .869 
22 .707 . 344 .539 1. 060 .416 .498 .884 -. 121 .666 
25 .640 .336 .514 1. 156 .423 .485 .898 -. 128 .554 
30 .674 .321 .504 1.233 .422 .479 .954 -. 130 .546 
35 .669 .314 .508 1. 305 .429 .479 .987 -. 138 .512 
40 .626 .290 .512 1.403 .431 . 474 1.013 -. 140 .446 
50 .493 .207 . 509 1. 450 .443 .470 .972 -.129 .340 
60 .222 -. 132 .575 1.495 .461 .475 .859 -. 116 . 148 
70 -.153 .510 .316 1.488 .471 .469 .668 -. 144 -.103 
80 -. 107 .534 .249 1.462 .507 .466 .678 -. 173 -.073 
90 -.116 .506 .279 1.484 .524 .469 .684 -. 189 -. 078 

TABLE XX 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
DECALAGE— + 6° 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

CN Cpx 

1 
1 n Cn 

[ 
CPZ 1 C C'py Cy I Cn.cU 

] 
e 

Degrees 
-8 —0. 255 -0. 070 ! 0.429 .0376 0.515 . 0419 0.061 -0. 091 —0. 678 
-4 .009 10. 360 1. 181 .646 .388 .432 .328 -. 090 . 014 

0 .208 .534 .478 .851 .345 .446 .530 -.070 .245 
4 .545 .373 .457 1.033 .318 .450 .789 -.069 .528 
8 .820 .316 .451 1.181 . 293 . 465 1.001 -. 053 .694 

12 1.080 .289 .449 1. 128 .301 .491 1. 104 -. 050 . 960 
14 1. 301 . 277 .450 .879 .396 .501 1.090 -.082 1. 480 
16 1.315 .271 .472 .896 .411 .494 1.106 -.086 1.466 
18 .974 .329 .515 .986 .415 .498 .980 -. 120 .987 
20 .777 .343 .530 1.035 .425 .486 .906 -. 126 . 750 
22 .675 .338 .528 1. 116 .416 .481 .896 -. 123 .605 
25 .628 .317 .508 1. 181 . 429 .479 .905 -. 127 . 531 
30 .043 .312 .507 1. 279 .431 .473 .961 -. 136 . 503 
35 .623 .291 .508 1.378 .431 .472 1.001 -. 138 .452 
40 .570 .266 .511 1.442 . 43S .470 1. 006 -. 140 . 395 
50 .468 . 179 .508 1.499 .451 .467 .984 -. 134 . 312 
60 . 168 -.277 .581 1. 519 .471 .471 .844 -. 124 . Ill 
70 —. 147 .514 .308 1.488 .487 .471 | .671 -. 157 —.099 
80 -.108 .484 .257 1.467 .513 . 467 I .680 -. 181 —.074 
90 

-127i 
.497 .283 1.476 .529 .465 .675 -. 190 -.086 

TABLE XXI 

CLARK Y CIRCULAR-TIPPED BIPLANE, (?/c= 1.25; 
DECALAGE= — 3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpz (7 Cn Cpx CVv Cy | Cm e/4 

I 

Degrees 
-8 -0.069 -1. 002 0.462 -0. 380 0. 232 0.489 -0. 225 -0. 046 

I 

0. 182 
— 4 . 179 .818 .423 -. 105 .615 .449 .037 -.031 — 1.705 j 

o .402 .426 . 451 . 137 .992 .452 .270 -.086 2.935 
4 . 655 .359 .449 .369 .472 .439 .512 -.077 1.775 I 
8 .914 .317 .451 .612 .367 .457 .763 -.066 1.492 I 

12 1. 118 .299 .458 .823 .319 .455 .971 -. 056 1.359 1 
14 1. 200 .289 .462 .950 .311 .456 1.075 -.052 1.263 1 
16 1. 275 .285 .468 1.024 .297 .463 1. 150 -.046 1. 243 | 
18 1.331 .289 .477 1. 129 .297 .460 1.230 -.052 1. 180 ) 
20 1. 289 .293 .486 1. 159 .286 .478 1.224 —.048 1. 112 I 
22 .973 .355 .545 1. 215 .297 .479 1.094 -. 079 .800 | 
25 .766 .378 .510 1.058 .395 .499 .912 -. 125 .724 1 
30 . 815 .367 .498 1. 05S .423 .477 .937 -. 140 . 770 1 
35 .852 .362 .491 1.151 .430 .475 1.002 -.151 . 740 I 
40 . 850 .356 .490 1.217 .431 .477 | 1.034 -. 155 .699 I 
50 .767 .334 .505 1. 355 .450 .475 1.061 —.168 .566 1 
60 . 504 .213 .542 1.430 .457 .472 I .967 -. 138 .353 1 
70 -. 105 1. 165 . 127 1.518 .476 .475 ; .707 -. 123 —.069 
80 -. 179 .483 .338 1.510 .489 .469 ! .666 -.159 —.119 1 
90 -. 162 .504 .276 1.469 .525 .476 ! 

_ 
.654 -. 181 -. 110 j 

TABLE XXII 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c= 1.25; 
DECALAGE =+ 3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx Cpy Cy Cpx n 
^pv Cy Cm cU t 

Degrees 
-8 -0.175 -0. 207 0. 421 0. 100 1.452 0. 399 -0. 037 -0. 100 -1. 750 
-4 .086 1.378 .484 . 310 .523 .438 .198 -.089 .277 

0 .304 .456 .466 .593 .380 .441 .449 -.070 . 513 
4 .606 .362 .454 . 795 .337 .449 . 701 -.069 . 763 
8 .860 . 328 . 453 1.003 . 300 .455 .932 -.058 .857 

12 1.096 .286 .457 1. 133 .297 .465 1.115 -.047 .966 
14 1.172 .292 .460 1. 151 .288 .475 1. 162 .047 1.018 
16 1.284 .291 .461 1.105 .309 .491 1. 195 -.055 1. 162 
18 1. 191 .293 .506 .866 .397 . 505 1.029 -.089 1.375 
20 .854 .369 .530 .908 .409 .505 .911 -.128 .882 
22 .804 .376 .534 1.016 .415 .497 .910 -. 134 . 792 | 
25 . 745 .368 .504 1.075 .428 .485 .910 -.139 .693 
30 . i t 'd . 359 .502 1.161 .423 .482 .967 -. 142 .665 
35 .803 .356 .501 1. 251 • 441 .477 1.027 -. 163 . 642 
40 .783 .344 .499 1. 356 .437 .472 1.070 -. 163 . 578 
50 .697 .309 . 503 1. 440 .452 .468 1.069 -. 167 .484 
60 .446 . 169 .530 1.440 .470 . 475 .943 -. 140 . 310 
70 -. 131 .823 .259 1.486 .483 .474 .678 -. 136 -. 088 
80 -. 167 .516 .344 1.486 .501 .469 .660 -. 164 -.112 
90 -. 168 .515 .295 1.469 .526 .469 .651 -. 181 -.114 

TABLE XXIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, G/c = 0.75; 
DECALAGE = —3° 

ALL OTnER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

Cn 1 C px Cji y Cn Cpx Cpp Cy Cm c/4 e 

Degrees 
-8 -0.046 — J. 535 0.376 -0.299 0. 012 0.483 -0. 173 -0. 077 0.154 
-4 . 175 .763 .444 -.065 -1.397 .503 . 055 -.098 -2. 693 

0 .421 .397 . 459 .173 .826 .435 .297 -.081 2.430 
4 .648 .334 . 451 .345 .462 . 447 .497 -.064 1.876 
8 .859 . 301) .448 . 570 .372 .454 . 715 -. 059 1. 505 

12 1. 030 . 281 .460 . 760 .320 . 464 .895 -. 043 1. 355 
14 1. 082 .280 .466 .869 .314 .459 .976 -.044 1. 246 
16 1. 170 . 272 .470 .982 .307 .462 1. 076 -.041 1. 192 

1. 217 .276 .476 1.052 .308 .465 1. 135 -. 046 1. 156 
20 1. 201 . 271 .489 1. 117 .304 .469 1.159 -.043 1.076 
22 1. 106 . 290 .515 1. 178 .293 .472 1. 142 -.048 . 938 
25 .689 .349 .538 1. 242 .349 .480 .966 -.096 . 555 
30 .603 .313 .514 1. 290 .413 .481 .947 -. 124 . 467 
35 .567 .275 .522 1. 293 .436 .474 . 930 -.128 . 438 
40 .484 .218 .532 1.400 .445 .472 .942 -. 130 .346 
50 .320 .059 . 561 1.487 . 446 .471 . 904 -.115 .215 
60 .053 -1.846 .888 1.513 .459 . 471 .783 -. 103 . 035 
70 —. 140 .517 . 292 1.486 .470 .470 .673 -. 146 -. 094 
80 -. 102 .552 . 243 1.496 .489 . 472 .697 -. 164 -. 068 
90 

1 
-.088 .590 

■ 
. 197 1.505 .500 .474 .709 174 -.058 

TABLE XXIV 

CLARK Y CIRCULAR-TIPPED BIPLANE, G{c=0.75; 
DECALAGE=+3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

r 
Upper wing Lower wing Cellule 

Cn Cpx 

1 1 

Cn Cpx £
 

Cn C m e/4 e j 

Degrees 
-8 -0. 197 1-0. 137 0.410 0. 179 0.822 0.415 -0. 009 -0.089 -1. 100 
— 4 .047 2. 015 .533 .365 .515 .430 .206 -. 089 . 129 

0 . 211 .483 .472 . 631 .388 .438 .421 -.068 .335 
4 .521 .341 . 456 .812 .341 .452 .667 -. 061 . 642 
8 .753 . 309 .451 .965 .311 .455 .859 -.052 . 780 

12 . 940 .275 .455 1. 097 .301 .462 1.019 -. 039 .858 
14 1. 039 . 269 .455 1. 150 . 289 .470 1.095 -. 032 .902 
16 1. 141 .265 . 460 1. 143 . 294 .482 1. 142 -. 034 .998 
18 1. 139 .250 .493 .977 .394 .496 1. 058 -. 070 I. 165 
20 . 699 .328 .531 1. 129 .397 . 492 . 914 -. 110 . 619 
22 .604 .330 .544 1. 160 .418 .490 .881 -. 121 .520 
25 .530 . 296 .525 1. 274 .418 . 503 .902 -. 120 . 416 
30 .554 . 269 . 528 1.343 . 440 .478 .949 -. 134 .412 
35 . 448 . 214 .539 1.430 . 443 .472 .939 -. 130 .313 
40 .371 . 135 .536 1. 450 . 434 .470 .915 -. 112 .254 
50 .235 -.098 .581 1.533 .453 .466 .884 -. 116 . 153 
60 -. 022 3.084 -. 168 1. 526 .467 .469 .754 -. 134 -. 014 
70 -. 139 .470 .282 1. 495 .488 . 469 .678 -. 163 -.093 
80 -. 101 .552 .219 1.500 .500 .465 .701 -. 172 -. 067 
90 -. 104 .551 .219 1. 480 .520 .471 .687 184 -.070 

1 
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TABLE XXV 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG¬ 
GER/CHORD = -f 0.50; DECALAGE= + 3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx Cpp Cn Cpx Cpy Cn C m e/i e 

Degrees 
-8 -0.119 -0. 425 0.418 0. 128 1.083 0. 389 0.005 -0.125 -0.929 
-4 . 169 .820 .454 .306 .531 . 430 . 238 -. 108 .552 

0 .431 .409 .454 .544 .398 .441 .488 -.084 .793 
4 .712 .338 .445 . 742 . 354 .449 .727 -.074 .960 
8 .985 .308 .449 .916 .330 .458 .951 -.057 1.076 

12 1. 222 . 287 .457 1. 090 .310 .465 1. 156 -.039 1. 121 
14 1.310 . 285 .461 1. 160 .306 .468 1.235 -.037 1.130 
16 1.370 .278 .470 1.213 .295 .471 1.292 -.027 1. 130 
18 1.228 . 300 .510 1. 187 .306 .488 1. 208 -. 059 1.035 
20 .939 .363 .535 1. 283 .314 .495 1. Ill -. 137 .732 
22 .840 .377 .508 1. 210 .403 .468 1.025 -. 192 .694 
25 .869 .370 . 490 1. 201 . 420 .490 1. 035 -. 196 .723 
30 .880 .373 .486 1.238 . 427 .473 1. 059 -. 208 .710 
35 .935 .377 .481 1.310 .442 .470 1.123 -.233 .713 
40 .957 .381 .483 1.373 .445 .465 1. 165 -.249 . 697 
50 1.024 .392 .470 1.449 .452 . 463 1.237 -.272 .706 
60 1.040 .389 .478 1.460 . 462 .470 1. 250 -.280 .712 
70 .995 .375 .482 1. 442 .485 .469 1.219 -.288 .689 
80 . 770 .312 . 495 1.415 .503 .470 1. 093 -. 283 .544 
90 .299 . 073 . 544 1.388 

_ 
.513 .475 .844 -. 292 .215 

TABLE XXVI 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG- 
GER/CHORD= +0.50; DECALAGE=—3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn 
_ 

Cpx Cpy Cn Cpz Cp„ CN Cm cH 

Degrees 
-8 -0. 043 -1.531 0.515 -0.377 0.214 0. 481 -0.210 -0.004 0. 114 
-4 .207 .741 .431 -. 118 -.498 .470 .045 -. 054 -1.755 

0 .461 .396 .449 . 115 1. 146 .443 .293 042 4. 010 
4 .741 .338 .445 .321 .512 . 443 .531 -.022 2.310 
8 1. 003 .305 .449 .547 .379 .455 .775 -. 006 1.831 

12 1.215 .296 .455 . 743 .349 .459 .979 -.006 1.635 
14 1. 297 .291 .460 .861 . 332 .460 1.079 -. 007 1. 505 
16 1.357 .284 .471 .994 .321 .457 1. 176 -.013 1. 365 
18 1. 159 .330 .496 1. 128 .318 .462 1.144 -.081 1. 026 
20 .914 .361 .535 1.272 .313 . 460 1.093 -. 136 .718 
22 .844 .372 .540 1.333 .304 .469 1.089 -. 149 .633 
25 .783 .364 .500 1.385 .305 .479 1.084 -. 158 .565 
30 .895 .369 .485 1. 223 .406 .478 1. 059 -. 190 .731 
35 .940 .374 .483 1.240 . 484 .468 1.090 -.211 . 758 
40 .995 .380 .477 1.292 .437 .465 1. 144 -.223 .770 
50 1.049 .392 .477 1.370 .443 .463 1.210 -.247 .765 
60 1.059 .400 .482 1.430 .447 .468 1. 245 -. 267 .740 
70 1. 010 .390 .485 1.449 .470 .467 1.230 -.285 .697 
80 .773 .307 .496 1.429 .489 .468 1. 101 -.274 .541 
90 .234 -. 060 .525 1.452 .507 .471 .843 -.240 . 161 

TABLE XXVII 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG¬ 
GER/ CHORD= +0.25; DECALAGE— -i-3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

Cn Cpx CpV Cn C 
c 7>X Cpy Cn Cm e/i t 

Degrees 
-8 -0.151 -0. 243 0. 429 0.138 1.027 0.376 -0. 006 -0.110 -1.094 

' -4 . 122 1.013 .459 .327 .518 .421 . 225 -. 103 .373 
0 .374 .418 .458 .572 .388 .440 .473 -.083 .654 
4 .640 .338 .451 .761 .346 .451 .701 -.073 .841 
8 .892 .310 .451 .943 .318 .455 .918 -.062 .947 

12 1.112 .288 .454 1.091 .304 .463 1. 102 -.049 1.018 
14 1.202 . 283 .457 1. 141 .302 .473 1.172 -.046 1.054 
16 1.290 .280 .465 1.151 .296 .483 1.221 -.037 1.120 
18 1.126 .321 .501 1.116 .354 .490 1.121 -.098 1.010 
20 .910 .349 .537 1. 098 .389 .491 1.004 -.134 .828 
22 .796 .366 .512 1. 107 .408 .494 .953 -. 153 .719 
25 .750 .358 .498 1. 162 .420 .485 .956 -. 166 .645 
30 .803 .353 .485 1.259 .441 .477 1.031 -. 190 .638 
35 .822 .345 .487 1.317 .434 .472 1.068 -. 191 .625 
40 .819 .345 . 489 1. 355 .439 .473 1.087 -.201 .605 
50 .809 .331 .487 1.437 .448 .468 1.123 -.214 .563 
60 .745 .297 .497 1. 455 .466 . 466 1.100 -.219 .511 
70 .478 . 177 .511 1.455 .481 .466 .967 -.212 .329 
80 -.025 2. 270 -. 563 1.458 .494 . 470 .717 -.245 -.017 
90 -. 131 .446 .262 1. 400 .527 .473 .635 -.278 -.093 

TABLE XXVIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG¬ 
GER/CHORD = -f-0.25; DECALAGE= —3° 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cn Cpx Cpp Cn C 
u- PZ Cpy 

. 

Cn Cm e/i t 

Degrees 
-8 -0. 086 -0.715 0.436 -0. 373 0. 254 0. 493 -0. 230 -0. 024 0.231 
-4 . 181 .809 .435 -.113 -.531 .472 .034 -. 076 -1.603 

0 .429 .412 .450 . 134 1.010 .438 .282 -. 067 3.200 ! 
4 .681 .343 .447 .319 .503 .444 .500 -.050 2.132 1 
8 .921 .315 .450 .546 .375 .449 .734 -.041 1.688 

12 1.130 .296 .456 .769 .338 .451 .950 -.038 1.470 
14 1.202 .289 .462 .854 .328 . 454 1.028 -.035 1.410 
16 1.279 .285 .470 .980 .317 .453 1. 130 -.038 1.305 
18 1.313 .227 .476 1.060 .311 .456 1. 187 -.041 1.238 
20 1.199 .286 .514 1.158 .303 .462 1.179 -.050 1.035 
22 .815 .362 .533 1.280 .307 .465 1.048 -.111 .637 
25 .720 .362 .510 1.305 .306 .476 1.013 -. 113 .552 
30 .818 .353 .493 1.163 .416 .484 .991 -. 160 .703 
35 .845 .360 .495 1. 240 .441 .468 1.043 -. 190 .681 
40 .845 .361 .495 1.297 .436 .471 1.071 -. 196 .651 
50 .846 .341 .488 1.370 .445 .469 1. 108 -.206 .618 
60 .785 .308 .497 1.425 .453 .462 1. 105 -.207 .550 
70 .527 . 190 .506 1.450 .471 .471 .989 -.203 .363 
80 -.013 4. 262 -.980 1.450 .486 . 471 . 718 -.234 -.009 
90 -. 136 .462 .284 1.445 .506 .468 .655 -. 267 -.094 

TABLE XXIX 

CLARK Y CIRCULAR-TIPPED BIPLANE, DIHEDRAL 
— +3° ON UPPER WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

CL 

Upper wing Lower wing Cellule 
! 

Cn Cpx Cpy Cn Cpx Cpy Cat Cm e/i 

Degrees 
-8 -0. 084 -0. 761 0. 430 -0. 132 -0. 503 0.501 -0.108 -0.092 0. 637 
-4 . 192 .712 .444 . 128 1. 065 .411 . 160 -.096 1. 500 

0 .448 .433 .457 .318 .465 .447 .383 -.076 1.410 
4 . 712 .333 .452 .60S .362 .454 .660 -. 064 1.172 1 
8 .926 .298 .458 .804 .318 .454 .865 -.050 1.152 

12 1.120 .283 .464 1.002 .299 .462 1.061 -.042 1.118 
14 1.182 .281 .471 1.090 .292 .463 1.136 -.041 1.084 
16 1. 276 .276 .471 1.156 .285 . 467 1. 216 -.036 1. 102 ( 
18 1.320 .277 .478 1. 112 .292 .485 1.216 -.042 1.188 ! 
20 .920 .352 .526 1.130 .350 .486 1.025 -. 104 .813 
22 .778 .388 .530 1.084 .387 .489 .931 -. 128 .718 
25 .726 .347 .509 1.082 .411 .484 .904 -. 123 .671 
30 . 754 .342 .501 1. 152 .421 .475 .953 -.134 .654 
35 . 776 .336 .503 1.234 .425 .473 1. 005 -. 142 .628 
40 .726 .312 .507 1.310 .427 .470 1.018 -.139 .554 
50 .586 .253 .521 1.424 .440 .472 1.005 -. 136 .411 
60 .324 -.040 .573 1.504 .453 .470 .914 -. 106 .216 
70 -. 170 .554 .316 1. 510 .472 .468 .670 -. 143 -.113 
80 -. 132 .483 .308 1.504 .494 .467 .686 -. 168 -.088 ! 

90 -. 125 .444 . 286 1.512 .518 .468 .694 -. 192 -.083 

TABLE XXX 

CLARK Y CIRCULAR-TIPPED BIPLANE, DIHEDRAL 
— -f3° ON LOWER WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

j Upper wing Lower wing Cellule 
| 

a 

Cn Cpx Cpy Cn c 
°P* Cpp Cn Cm cH e 

Degrees 
-8 -0.131 -0. 398 0. 455 -0. 102 -0.910 0. 531 -0.117 -0.102 1.284 
-4 . Ill 1.107 .468 . 128 1.122 . 429 . 120 -. 104 .867 

0 .353 .438 .466 .336 .489 .441 .345 -.074 1. 050 
4 .624 .345 .451 . 580 .370 .449 .602 -. 065 1.077 
8 .887 .306 .448 .792 .330 .453 .840 -.056 1. 120 

12 1.081 .277 .456 .972 .300 .460 1.027 -.040 1.112 
14 1. 132 .278 . 460 1.061 .297 .462 1.097 -.041 1. 067 
16 1.202 .277 .463 1. Ill .297 . 468 1. 157 -.043 1.081 
18 1. 277 .278 .468 1. 140 .296 . 475 1.209 -. 045 1.119 1 
20 1.099 .307 .492 1. 103 .341 .480 1. 101 -.081 .995 
22 .750 .356 .530 1. 121 .386 .487 .936 -.116 .669 
25 .673 .333 .506 1. 108 .406 .496 .891 -. 115 .607 
30 .669 .318 .500 1.220 .431 .476 .945 -. 134 .548 
35 .662 .316 .503 1.303 .430 . 469 .983 -. 139 .508 
40 .632 .286 . 499 1.351 .429 .466 .992 -. 133 .468 
50 .493 .208 . 500 1.406 .445 .465 .951 -. 126 .350 
60 .225 -.084 .508 1,433 .464 .466 .829 -. 117 . 157 
70 -. 146 .507 .331 1. 461 .474 .466 .658 -. 146 -. 100 
80 -. 124 . 499 .298 1.502 .496 . 464 .689 -. 170 -.083 
90 -. 130 .476 .294 1.498 .523 .465 .684 -. 190 -.087 
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TABLE XXXI 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
SWEEPBACK= 10° ON UPPER WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cm Cpz Cpy Cm Cpl Cpy Cm Cm c/l e 

\ Degrees 
-8 -0. 137 -0. 398 0. 405 -0. 132 -0. 593 0.495 -0. 135 -0. 100 1.038 
-4 . 104 1. 162 . 486 . 115 1. 192 . 405 . 110 -. 102 . 903 

0 .290 .481 .472 .332 .488 . 430 .311 -.072 .873 
4 .568 . 350 .456 . 619 . 363 .458 . 594 -.062 . 917 
8 . 794 .321 . 445 .801 .324 .451 .798 -.058 .991 

12 . 986 . 300 .451 . 997 .299 . 455 . 992 -.050 . 990 
14 1. 100 . 289 .447 1. 089 . 294 .458 1. 095 -. 052 1. 010 
16 1. 182 . 282 . 450 1. 088 . 289 .473 1. 135 -.047 1. 086 
J8 1.231 .262 .451 . 975 .361 .471 1. 103 -.078 1. 263 
20 1. 110 .259 . 443 1.010 . 379 .433 1.061 -.078 1. 100 
22 . 700 .356 . 496 . 967 . 407 . 495 . 834 -. 098 . 725 
26 .619 .336 .498 1.054 .416 .486 .837 -. 089 .588 
30 .589 . 319 .485 1. 129 . 422 . 478 .860 -.086 .522 
35 . 540 . 287 . 486 1. 240 .419 .475 .890 -.073 . 435 
40 .418 . 241 . 482 1.331 .434 . 472 .875 -. 065 . 314 
50 .092 -. 542 . 283 1. 462 . 434 . 465 . 777 -. 015 . 063 
60 -. 238 .643 . 517 1. o28 . 455 . 467 .644 -.002 -. 156 
70 -. 127 . 526 . 288 1. 469 .473 . 465 . 671 -. 050 -. 087 
80 -. 099 . 638 .264 1. 485 .491 .466 .693 -.064 -. 067 
90 -. 115 .572 . 324 1. 498 .511 .466 .692 -. 079 -.077 

TABLE XXXII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
SWEEPBACK=5° ON UPPER WING 

TABLE XXXIV 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
SWEEPBACK = 5° ON LOWER WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

| a 

Upper wing Lower wing Cellule 

Cm CVI Cpy Cm cvx Cpy Cn Cm cH e 

Degrees 
-8 -0.099 -0.574 0. 446 -0. 065 -1.399 0.520 -0. 082 -0. 066 1. 524 
-4 . 146 . 915 .454 . 160 . 934 .439 . 153 -. 104 . 912 

0 . 356 .452 .460 .326 . 500 . 440 .341 -. 076 1. 092 
4 .630 . 343 .456 . 582 . 376 .448 . 606 -.065 1.082 
8 . 895 .314 . 449 . 772 .334 . 455 .834 -. 058 1. 160 

12 1.100 .287 .462 .960 .309 .461 1. 030 -. 045 1. 146 
14 1. 188 .280 .460 1.039 . 300 .463 1. 114 -.040 1. 142 
16 1. 263 . 273 .470 1. 109 . 295 . 469 1. 186 -.035 1. 140 
18 1.313 . 276 . 476 1. 127 .294 .470 1. 219 -. 037 1. 165 
20 1. 002 .352 . 495 1. 197 .305 .476 1. 101 -.090 . 837 
22 .841 .362 . 544 1. 114 . 388 . 466 .978 -. 133 . 755 
25 . 715 .361 .517 1. 159 . 392 .455 .937 -. 136 .617 
30 . 760 .346 . 508 1. 190 .426 .459 .975 —. 154 . 638 
35 . 764 . 336 . 510 1. 255 .430 . 459 1. 010 -. 162 .608 
40 .785 .322 . 505 1. 321 .428 . 459 1. 053 -. 163 . 594 
50 . 680 . 285 .518 1. 422 .439 . 465 1. 051 -. 170 . 478 
60 .521 . 198 . 548 1. 439 .462 . 469 . 980 -. 167 . 362 
70 . 140 -.303 .919 1. 468 .473 . 465 .804 -. 166 . 095 
80 -. 132 . 509 . 252 1.479 .495 .466 .674 -.215 -. 089 
90 -. 108 . 459 .292 1. 459 .517 .467 .676 -.252 -.074 

TABLE XXXV 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG- 
GER/CHORD= +0.25; SWEEPBACK = 5° ON UPPER 
WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cm CPI Cpy Cm C+ Cpy Cn Cm c/i e 

Degrees 
-8 -0. 137 -0. 400 0. 394 -0. 133 -0. 570 0.493 -0.135 -0. 099 1. 030 
-4 . 123 1. 047 .491 . 122 1. 145 . 396 . 123 -. 105 1. 008 

0 .322 .445 .458 .337 .477 .435 . 330 -. 070 . 955 
4 .611 .353 .449 . 604 .366 .444 .608 -. 067 1. 012 
8 .838 . 318 .443 .789 .324 .455 . 814 -. 059 1. 062 

12 1. 040 .292 .453 .991 . 304 .463 1.016 -.051 1.049 
14 1. 117 . 287 . 455 1. 065 .292 .465 1.091 -. 045 1. 049 
16 i. 215 .282 .465 1. 112 . 272 .473 1.164 -.035 1.092 
18 1.302 . 278 .459 1. 086 .303 .491 1. 194 -.054 1. 199 
20 1. 110 .272 .470 1.005 .380 .460 i. 058 -.081 1. 104 
22 .715 .356 .519 1. 022 .405 .488 . 869 -. 108 . 700 
25 .635 . 334 .499 1. 096 .411 .493 .865 -. 101 . 580 
30 .616 .312 .495 1. 170 .421 .474 .893 -.102 .526 
35 . 610 .298 .489 1. 255 .426 .471 . 933 -. 106 .486 
40 .528 . 266 .490 1. 350 .429 .469 .939 -. 100 .391 
50 .272 .016 . 477 1.434 .439 .466 .853 -.068 . 190 
60 -. 158 .935 .522 1.529 .459 . 465 .686 -.054 -. 103 
70 -. 173 .479 .329 1.486 .470 .464 .657 -. 093 -. 117 
80 -. 112 . 560 . 261 1.495 .493 .463 . 692 -. 115 -. 075 
90 -.109 .521 .273 1.496 .516 .463 .694 -. 136 -.073 

ALL OTHER DIMENSIONS ORTHOGONAL 

a. 

Upper wing Lower wing Cellule 

Cm Cpz Cpy Cm (7 Kspx Cpy Cm Cm e/4 e 

Degrees 
-8 -0. 095 -0. 676 0. 421 -0.108 -0. 687 0. 528 -0.102 -0.094 0.880 
-4 .170 .820 .450 . 107 1. 202 .413 . 139 -.099 1.588 

0 .396 .433 .451 .295 .502 .438 .346 -.072 1.342 
4 .653 .352 .451 .554 .383 .452 .604 -.071 1.180 
8 .911 .311 .444 .751 .342 .455 .831 -. 062 1.211 

12 1. 125 .292 .452 .928 .319 . 463 1. 027 -.056 1.214 
14 1. 226 .287 .453 1. 030 .306 .466 1. 128 -.052 1. 190 
16 1.298 . 279 .458 1. 104 .301 .470 1. 201 -. 049 1. 175 
18 1. 300 .281 .474 1.149 .295 .477 1. 225 -.049 1.132 
20 1. 172 .279 .509 1. 140 .304 .488 1. 156 -. 053 1.028 
22 .775 .367 .519 1. 248 .313 .494 1.012 -. 104 .621 
25 .723 .351 .497 1. 194 .409 .468 .959 -. 150 .605 
30 .775 .347 .503 1.200 .428 .462 .988 -.163 .645 
35 .782 .349 . 500 1.266 .434 .460 1. 024 -. 175 .618 
40 .782 .339 .495 1.325 .439 .458 1.054 -. 182 .590 
50 .713 .299 .484 1.402 .446 .458 1.058 -. 180 .508 
60 .552 .221 .474 1. 450 .461 . 457 1.001 -. 177 .381 
70 .200 -. Ill .329 1.475 .478 .460 .838 -.174 .136 
80 -. 146 .513 .342 1.443 . 502 .463 . 649 -.213 -.101 
90 -. 124 .474 .256 1.436 .517 . 462 .656 -. 228 -.086 

TABLE XXXIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
SWEEPBACK= 10° ON LOWER WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cm Cpy Cpy Cm Cpy Cpy Cm Cm cU e 

Degrees 
-8 -0. 102 -0. 585 0. 453 -0. 074 — 0. 875 0.470 -0. 088 -0. 087 1.379 
-4 . 151 .858 .466 . 121 1. 129 .427 . 136 -. 099 1,248 

0 .398 . 423 .455 .294 . 514 .446 .346 -.068 1,352 
4 .666 .339 .452 .557 . 372 .447 . 612 -. 058 1,196 
8 .930 .306 .450 . 745 .336 . 450 . 838 -.048 1. 250 

12 1.143 . 293 .449 .916 .316 .456 1. 030 -. 042 1.249 
14 1.200 .278 .459 1.011 .303 . 457 1.106 -.034 1. 187 
16 1. 291 . 279 .461 1. 093 . 300 . 456 1. 192 -. 035 1. 181 
18 1.326 .275 .470 1. 130 .290 .460 1.228 -.028 1. 173 
20 1.207 .280 .506 1. 151 . 296 .456 1. 179 -.043 1.046 
22 .843 .370 .518 1. 182 .359 .447 1.013 -. 138 .713 
25 . 770 .363 .523 1. 165 .413 .447 .968 -. 170 . 661 
30 .812 .367 .515 1. 175 .424 .442 . 994 -. 174 . 691 
35 .845 .356 .515 1.238 .434 .446 1.042 -. 185 .682 
40 .841 .353 .519 1. 296 .434 .446 1. 069 -. 192 .650 
50 .830 .344 .524 1.384 .442 .453 1. 107 -.210 . 600 
60 .720 .308 . 555 1.422 .455 .460 1. 071 -.214 . 506 
70 .465 . 204 .659 1.441 .473 .462 . 953 -. 214 .322 
80 .085 -.368 .800 1.499 .491 .466 .792 -.244 .057 
90 -.075 . 584 .041 1. 430 .515 .468 .677 -.273 -.053 

TABLE XXXVI 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG- 
GER/CHORD= +0,50; SWEEPBACK= 10° ON UPPER 
WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

a 

Upper wing Lower wing Cellule 

Cm Cpx Cpy Cm Cpy 
r 
L'py Cm Cm e/4 e 

Degrees 
-8 -0. 076 -0. 864 0.411 -0. 132 -0. 491 0. 513 -0.104 -0. 089 0. 575 
-4 . 185 .769 .453 .086 1.401 .427 . 136 -.092 2.150 

0 .448 .402 .451 .276 .525 .445 .362 -. 061 1.623 
4 . 691 .338 .447 .523 .376 .451 . 607 -.053 1.321 
8 .928 .302 .451 . 724 .339 .462 .826 -.043 1.282 

12 1. 148 .288 .450 .918 .316 .465 1.033 -.037 1.250 
14 1.262 .279 .451 1.010 .308 . 470 1.136 -.031 1. 250 
16 1.318 . 272 . 454 1.129 .300 .470 1. 224 -.030 1.167 
18 1.222 .272 .468 1.189 .295 .474 1.205 -.037 1. 029 
20 1. 126 .288 .461 1.230 .303 .478 1. 178 -.060 .915 
22 .800 .392 .485 1.300 .296 .487 1.050 -. 120 .615 
25 .737 .356 .474 1.275 .392 .459 1.006 -. 164 .578 
30 . 787 .354 .471 1.214 .423 .466 1.001 -. 174 .648 
35 .838 .354 .462 1.281 .435 .473 1.060 -.191 .655 
40 .830 . 361 .462 1.336 .432 .470 1.083 -.200 .621 
50 .832 .346 .444 1.415 .445 .473 1. 124 -.216 .588 
60 . 713 .294 . 421 1.485 .461 .466 1.099 -.221 .480 
70 .461 .207 .340 1.480 .474 . 462 .971 -.221 .311 
80 . 109 -. 355 .027 1. 537 .494 .468 .823 -.246 .071 
90 -. 119 .528 .259 1. 450 .518 .475 .666 

■ 
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TABLE XXXVII 

CLARK Y CIRCULAR-TIPPED BIPLANE, STAG- 
GER/CHORD= —0.50; SWEEPBACK= 10° ON LOWER 
WING 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

a 

C.v C pz Cp y Cn c V pz 
c 
y^py CN Cm c/4 i ^ 

Degrees 
-8 -0. 125 -0. 446 0.441 -0. 143 -0. 449 0. 455 -0. 134 -0. 096 0. 874 
-4 . 114 1.022 .478 . 113 1. 134 .471 . 114 -.095 1 1.010 

0 . 310 .473 .470 .309 . 489 .439 .310 -.072 1.004 
4 .605 .349 .464 .590 .351 .453 .598 -.061 1.026 
8 .834 .319 .461 .781 .307 .458 .808 -.054 1.068 

12 1. 032 .296 .465 .958 .291 .457 . 995 -.048 , 1.076 
14 1. 129 . 290 .462 1.028 .283 .457 1.079 -.045 1.097 
16 1. 195 .287 .471 1.051 . 280 .466 1. 123 -.045 1.137 
18 1. 269 .270 .485 .923 . 367 .446 1.096 -.089 ; 1.375 
20 1. Ill .288 .490 .868 .406 .450 .990 -. 105 1. 282 
22 . 776 .363 .515 .980 .421 .446 .878 -.115 .792 
25 .619 .346 .532 1.062 .414 .433 .841 -.089 .583 
30 . 552 .330 .548 1.140 .431 .458 .846 -.088 .485 
35 .501 .299 .572 1. 243 .430 .457 .872 -.077 .403 
40 .384 .215 .607 1.310 .439 .461 .847 -.058 .293 
50 .044 -1.380 1.935 1.440 .450 .467 .742 -.019 .031 
60 -.211 . 650 . 245 1.573 .473 .467 .681 -.019 -.134 
70 -. 149 .555 .366 1.469 .480 .464 .660 -.043 -.102 | 
80 105 . 555 .221 1. 415 .510 .475 . 655 -.071 -.074 
90 -. 138 .508 .252 1.468 .531 .469 .665 -.087 -.094 I 

1 1 

TABLE XXXVIII 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
OVERH ANG= —20% 

ALL OTHER DIMENSIONS ORTHOGONAL 

LTpper wing Lower wing Cellule 

a 

C.v cpx Cpy C.v Cpr Cpy Cn Cm cH e 

Degrees 
-8 -0. 072 -0. 907 0.440 -0. 115 -0. 680 0.543 -0. 096 -0. 095 0. 626 
-4 . 134 .939 .425 . 108 1.290 .409 . 120 -. 103 1.241 

0 .348 .450 .444 .341 .493 .446 .344 -.077 1.021 
4 .593 .349 .441 .634 .362 .451 .616 -.066 .936 
8 . 799 .314 .442 .844 .318 .460 .825 -. 053 .948 

12 1.010 .291 .447 1.037 .306 .467 1.026 -.050 .975 
14 1.051 .294 .459 1. 112 .297 .468 1.087 -.049 944 
16 1. 101 .289 .465 1. 175 .292 .471 1. 142 -.046 .937 
18 1. 162 .290 .481 1. 178 .300 .488 1. 140 -.053 . 988 
20 1.169 .293 .499 1.066 .372 .427 1. 112 -.090 1.096 
22 .815 .373 .494 1. 178 .386 .436 1.018 -.130 .692 
25 . 708 .341 .505 1.071 .419 .464 .910 -. 123 .660 
30 .649 .322 .480 1. 140 .425 .475 .925 -.124 .568 
35 .646 .310 .481 1. 279 .427 .466 1.016 -.133 .506 
40 .590 .277 .485 1. 363 .430 .466 1.022 -. 131 .433 
50 .460 . 184 .480 1. 462 .445 . 465 1.020 -. 128 .314 
60 .220 -. 122 . 464 1.498 .451 .469 .935 -. 110 . 147 
70 -. 114 .627 .289 1.457 .477 .468 . 764 -. 144 -.078 
80 -. 153 .478 .294 1. 514 . 489 .468 . 780 -. 163 -.101 
90 -. 140 .481 .298 1.510 .519 .468 .782 -.187 -. 093 

TABLE XXXIX 

CLARK Y CIRCULAR-TIPPED BIPLANE, 
OVERHANG— +20% 

ALL OTHER DIMENSIONS ORTHOGONAL 

Tipper wing Lower wing Cellule 

a 

Cn CpX Cpy Cn £
 

N
 c„„ Cn Cm cH e 

Degrees 
-8 -0.136 -0.413 0. 432 -0. 020 -5. 321 0. 627 -0. 085 -0. 101 6. 800 
-4 . 128 1.008 .481 . 185 .788 .438 . 154 -. 099 . 692 

0 .327 .449 .465 .336 .471 .431 . 331 -.070 .973 
4 .655 .340 .458 .580 .373 .445 .622 -.065 1. 130 
8 .902 .307 .458 . 752 .322 .445 .836 -. 052 1. 200 

12 1.097 .282 .468 .937 .308 .448 1.026 -.045 1.170 
14 1.211 .279 .469 1.010 .309 .453 1.125 -.047 1.200 
16 1. 286 .277 .477 1.090 .298 .458 1.200 -.044 1.180 
18 1.373 .282 .480 1. 100 .303 .465 1.254 -.052 1. 250 
20 1.026 .338 .536 1. 060 .369 .467 1.041 -. 108 .968 
22 .805 .378 .550 1.078 .393 .483 .926 -. 128 .748 
25 .754 .373 .522 1.110 .420 .478 .911 -. 141 .679 
30 .784 .355 .522 1. 160 .425 .480 .951 -. 143 .675 
35 .824 .351 .520 1.217 .434 .477 . 999 -. 153 .677 
40 .806 .341 .531 1.310 .432 .478 1. 029 -. 156 .615 
50 .697 .320 .555 1.390 .447 .475 1.004 -. 161 .501 
60 .515 .275 .665 1.420 .456 .478 .917 -. 153 .363 
70 .232 .255 .984 1.480 . 477 .475 .784 -. 169 . 157 
80 .094 .050 1.539 1.463 .486 .483 . 699 -. 163 . 064 
90 .089 .558 1.409 1.339 .522 . 469 .642 -. 196 .066 

TABLE XL 

CLARK Y CIRCULAR-TIP PEL) BIPLANE, 
OVERHANG= +40% 

ALL OTHER DIMENSIONS ORTHOGONAL 

Upper wing Lower wing Cellule 

a 

Cn H
 

O
' Cpy Cn Cpx Cpy Cn Cm e/4 e 

Degrees 
-8 -0.143 -0. 345 0.443 0.003 36.00 -1.615 -0. 089 -0.097 -47. 70 
-4 . 139 1.001 .440 . 167 .813 .417 .150 -. 099 0.832 

0 .376 .441 .464 .294 . 505 .430 .346 -.073 1.280 
4 .657 .350 .458 .505 .369 .430 .602 -.063 1.301 
8 .926 .313 .457 .645 .337 .440 .823 -.058 1.436 

12 1. 131 .289 .468 .803 .310 .438 1.011 -.046 1.410 
14 1.257 .288 .468 .875 .307 .445 1. 118 -.050 1.438 
16 1.321 .286 .478 .978 .300 .447 1. 195 -.049 1.352 
18 1.349 .287 .486 1.049 .299 . 455 1.240 -.050 1. 286 
20 .980 .366 .508 1. 109 .307 .460 1. 028 -.088 .885 
22 .884 .388 .505 1.147 .318 .465 .983 -. 100 .770 
25 .787 .367 .527 1.038 .410 .476 .880 -. 129 .759 
30 .833 .376 .526 1.111 .425 .478 .936 -. 150 .750 
35 .863 .365 .530 1. 161 .423 .468 .975 -. 151 .742 
40 .875 .368 . 550 1. 218 .425 .466 1.002 -. 159 .718 
50 .860 .380 . 567 1.280 .433 .468 1.016 -. 173 .672 
60 .825 .373 .600 1. 427 .458 .463 1.048 -.200 .578 
70 .793- .423 .618 1.603 .467 .453 1. 093 -.243 .494 
80 .603 .470 .767 1.535 .485 .466 .948 -. 248 .393 
90 498 . 542 .847 

1 
1.420 .519 .461 .838 -. 263 .351 
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REPORT No. 418 

PRELIMINARY INVESTIGATION OF MODIFICATIONS TO CONVENTIONAL AIR¬ 
PLANES TO GIVE NONSTALLING AND SHORT-LANDING 

CHARACTERISTICS 
By Fred E. Weick 

SUMMARY 

This report describes flight and landing tests made on a 
group of conventional airplanes at the laboratory of the 
National Advisory Committee for Aeronautics. The 
upward deflection of the elevators was limited to the 
point where the airplanes could not be made to spin with¬ 
out the aid of power. With the elevator travel thus limited, 
the airplane in every case had good lateral stability and 
good aileron effectiveness up to the highest angles of attack 
which could be obtained in a glide, although this was not 
true in any case without the limited control. All ordinary 
flight maneuvers could be performed with the elevator dis¬ 
placement limited, but usually there was not sufficient 
control to get the tail down for a normal 3-point landing. 

In order to investigate the feasibility of making land¬ 
ings by gliding straight to the ground with the full but 
limited amount of tail-depressing longitudinal control in 
use, glides were made and the vertical velocities measured. 
I hese were found to range from 12 to 24 feet per second 
for the various airplanes tested; and since the lateral 
stability and control in the glides 'with the control sticks 
full back to the limited positions were satisfactory, it 
seemed that landings could be satisfactorily made in this 
manner if reasonably long-stroke shock-absorbing land¬ 
ing gears were provided. In addition, a comparison was 
made between the computed distance required to glide in 
this manner over an average obstruction and alight upon 
the ground and the distance required for the shortest con¬ 
ventional-type landing. For this purpose both medium 
and short conventional landings were measured with all 
the airplanes tested, and the comparisons indicated that 
much shorter landings could be made by gliding straight 
in with the stick full back to the limited position. 

As this type of landing seemed to have several advan¬ 
tages, one of the airplanes {the Verville “AT”) was fitted 
with long-travel shock-absorber struts and actual landing 
tests were made in which the distances, as well as the 
accelerations upon contact with the ground, were meas¬ 
ured. The glide landings with the control stick full back 
to the limited position were satisfactory, the landing runs 
as well as the air distances being substantially shorter 
than the shortest present-day conventional landings. 
Other landings made by gliding straight in at higher air 
speeds, and landings in which the flight paths were 
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someiohat leveled off just before contact were also satis¬ 
factorily performed. The various landing tests showed 
that with the airplane as modified a safe landing is made 
in smooth air almost regardless of the manner in which 
the airplane is brought to the ground, as long as the air 
speed is held to within about 15 miles per hour of the 
minimum, the wings are held level laterally, and the 
controls are not used violently. In gusty air other 
factors are encountered which complicate the problem, 
and this condition is being studied further. 

After it had been determined that satisfactory landings 
could be made, more detailed flight tests were made on 
this airplane with the elevator deflection limited. These 
showed that the control limitation did not appreciably 
affect the ability to perform acrobatic or ordinary maneu¬ 
vers in flight, and that the airplane could be satisfactorily 
maneuvered in turns during glides with the stick full back 
to the limited position. 

INTRODUCTION 

The problem of improving the safety of flying con¬ 
tinues to be of paramount importance. Accident re¬ 
ports indicate that most accidents are still connected 
with forced or bad landings or with the tendency of 
airplanes to spin under the very conditions in which 
they should be most readily controlled; i. e., at the 
slow air speeds and high angles of attack likely to be 
encountered in a forced landing. The statistics given 
in one of these accident reports (reference 1) show that 
of the reported accidents in the Army, Navy, and com¬ 
mercial activities up to 1929 slightly more than two- 
thirds were connected with spins, stalls, or landings. 
One-half of all the accidents are listed as caused either 
by the deficiency of the pilot in regard to technique or 
judgement or to carelessness. It is therefore evident 
that at the present time airplanes are too difficult to 
land and to control, particularly in critical situations, 
such as forced landings. It is also evident that the 
safety of flying would be greatly increased if airplanes 
(1) had satisfactory stability, (2) required less skill 
to land, and (3) required a smaller space for landing. 

That present-day conventional airplanes have un¬ 
satisfactory lateral control and stability at their slowest 
speeds and at their highest angles of attack is well 
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known. In general, however, the bad conditions exist 
only at angles of attack near or above that of the stall 
(the peak of the lift curve). This difficulty has been 
overcome in some cases by the use of special devices, 
such as slots or auxiliary airfoils, that increase the 
angle of attack at which the wing, or at least the tip 
of the wing, stalls. If this angle happens to be above 
that which can be maintained with the amount of 
longitudinal control available, the lateral stability and 
controllability should be at least fairly satisfac¬ 
tory throughout the entire possible speed range. 
In this connection a study of the problem of spinning 
led to the conclusion that any airplane can be spun, 
regardless of the devices, such as slots, with which it 
may be equipped, if it has sufficient longitudinal 
control to maintain a high enough angle of attack to 
actually stall the entire wing. 

All these points considered, the fact seems apparent 
that if an airplane is to be laterally stable and con¬ 
trollable throughout its entire range, it must meet the 
fundamental requirement of having the longitudinal 
control insufficient to maintain an angle of attack at 
which the entire wing is stalled. 

The results of a number of stalled glide tests with 
ordinary conventional airplanes (reference 2) gave an 
indication that most of the airplanes tested had only a 
small amount of longitudinal control beyond that re¬ 
quired to just stall them. It seemed that with several 
of the airplanes only a small limitation in the uptravel 
of the elevators would be required to keep them from 
spinning without the aid of power, and that they would 
probably still have sufficient control for all ordinary 
flight maneuvers. In this connection an earlier test is 
of interest. In this test the uptravel of the elevators 
had been limited on a VE-7 airplane to the point where 
it could not be spun without the aid of power. This 
test showed that all ordinary maneuvers in flight could 

be accomplished satisfactorily with the limited control 
except that there w as not sufficient control to get the 
tail down for a normal 3-point landing. 

Although it is likely that the provision of this limi¬ 
tation in the longitudinal control W'ould ordinarily in 
itself be a definite improvement in safety without seri¬ 
ously affecting the landing characteristics, a further 
study of the landing situation was made. From this 
study it seemed that an airplane having its longitudinal 
controls limited to the point wffiere it could not be ac¬ 
tually stalled in a glide would be reasonably stable and 
controllable with the full amount of tail-depressing 
longitudinal control in use, and that such an airplane 
could be safely landed by gliding in to the landing sur¬ 
face with the control column full back if it were 
equipped with a landing gear wrhich would satisfacto¬ 
rily absorb the shock. This kind of landing can not be 
safely made in present-day conventional airplanes 
without limiting their longitudinal control, regardless 

of the shock-absorbing capacity of the landing gear, 
because of the poor lateral stability and controllability 
at high angles of attack and the possibility of losing 
control or falling into a spin. It also seemed likely 
that an otherwise conventional airplane could be 
landed in this manner with less skill and in a shorter 
distance, as well as wdthout the particularly good eye¬ 
sight (depth perception) required for the present-type 
landings with their leveling-off step. 

In order to study further the feasibility of this 
combination of longitudinal control and landing, tw'o 
sets of simple flight tests were run and are reported 
here. Both sets were made on the same conventional 
airplanes. In one set landings were made in the con¬ 
ventional manner as a basis for comparison. The hori¬ 
zontal distance required to get from a height of 50 
feet to the ground was measured, and also the distance 
required to come to a stop. With every airplane 
medium 3-point landings were made first and then the 
shortest landings which, in the estimation of the pilots, 
could be safely made. In the other set of tests, the 
uptravel of the elevators was limited until the air¬ 
plane could not be made to spin, first wdthout and then 
with the aid of pow-er. Then the vertical velocity and 
the effectiveness of the aileron control were noted in 
glides wdth the control stick full back to the limited 
positions. The horizontal distance required to get 
from an altitude of 50 feet to the ground by gliding in 
with the control stick back at the limited position was 
then estimated and compared with that required for 
the shortest ordinary-type landing made with the same 
airplane. 

Inasmuch as the above simple tests indicated that all 
the airplanes could be flown satisfactorily throughout 
the entire speed range with the controls limited to the 
point where a spin could not be performed wdthout 
the aid of power and that with the glide-type landings 
the landing distance could be materially reduced, a 
more complete trial wdth actual landings was thought 
desirable. One of the airplanes, the Verville AT, was 
fitted with a long-travel shock-absorbing gear and 
was repeatedly landed by gliding in from an altitude to 
the landing surface with the control stick held back 
to the limited position. Other landings were made by 
gliding to the surface at successively higher air speeds, 
and also by gliding in at these higher air speeds to a 
height of a few feet and then pulling the control stick 
back to the limited position to flatten out the glide and 
reduce the landing shock. In addition, more complete 
tests were made on the effect of the limited control on 
the various flight characteristics of the airplane. 

It is desired to acknowledge the assistance in this 
work of the committee’s test pilots, William H. 
McAvoy and Melvin N. Gough, particularly in sug¬ 
gesting some of the latter tests on the flight character¬ 
istics with the controls limited. 
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CONVENTIONAL LANDING TESTS 

A list of the airplanes tested, together with their 
main specifications, is given in the following table: 
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Type 

Doyle 0-2-- LeBlond.. 1,320 100 8.2 Open monoplane. 
Fleet XN2Y-1... Varner_ 1, .080 194 8.2 Open biplane. 
Consolidated PT-1_ Wright E-2_ 2, 500 2S3 8.9 Do. 
Verville AT_ Continental_ 2,300 242 9.5 Do. 
Boeing PW-9__ Curtiss D-12_ 2, 800 241 11.6 Do. 
Curtiss Falcon A-3_ Curtiss D-12_ 4,300 351 12.3 Do. 
Fairchild FC2W-2_ P. & W. Wasp., 4,371 336 13.0 Cabin monoplane. 
Fairchild FC2W-2. P. & W. Wasp.. 5, 330 330 15.9 Do. 

Almost every field in which a landing is likely to be 
made is surrounded by obstacles such as trees, build¬ 
ings, or electric wires, which make it necessary for the 
airplane to have an altitude of about 50 feet or more at 
the edge of the field. The comparison of the distances 
required for landing should, to be of real value, there¬ 
fore take into account the horizontal distance required 
from a point where the airplane is over an obstruction 
to a point where it touches the ground, as well as the 
length of the ground run after touching. In these 
tests the horizontal distance required for the airplanes 
to get from an altitude of 50 feet to the ground was 
measured, as well as the length of the ground run. 
These distances were obtained for normal 3-point 
landings and also for the shortest landings which the 
pilots considered it safe to make, considering the 
stability and controllability of the airplane while 
landing and the ability of the landing gear to absorb the 
shock without failure. These short landings were made 
by gliding in as near the stall as possible but still with 
sufficient speed to level off just before touching the 
ground, so as not to damage the landing gear. In the 
case of the Fairchild, fast 2-point landings were also 
made for comparative purposes. All landings were 
made on a reasonably smooth, level, and firm field 
covered with grass. 

In making the tests it was desired that the pilot not 
actually be forced to fly over an obstacle, which would 
not only introduce errors in that the exact altitude 
while crossing the obstacle would be difficult to meas¬ 
ure, but would require a part of the pilot’s attention 
to direct the airplane to just the right position and not 
leave him free to make the best and shortest possible 
landing. The landings were therefore made in a large 
field (Langley Field) and a simple method was used to 
mark the spot at which the airplane had an altitude of 
50 feet when coming in to land. This marking was 
done by suspending a small paper bag filled with a 
white powder (whiting) so that it hung 50 feet below 
the airplane; as the airplane came down to that alti¬ 
tude the bag struck the ground and broke, leaving a 

white mark. The bag was supported by a fine fisli- 
line cord and loaded with lead shot, so that at the 
speeds of the approaching glides it trailed back at an 
angle of about 20°, this angle being considered, of 
course, in determining the length of the cord. This 
length was such that the bag hung 50 feet below the 
bottoms of the wheels. Another bag of powder was 
suspended at the level of the bottoms of the extended 
wheels, this one marking the spot where the airplane 
touched the ground. 

Most of the airplanes tested were not equipped with 
brakes; and since reasonably reliable data on the effect 
of brakes on the landing run were available (reference 
3, and unpublished tests with Fairchild), all these 
landings were made without the use of brakes. Com¬ 
puted ground runs are also given for all the airplanes 

Wind vetoed y] m.p.h. 

Figure 1.—Effect of brakes on the landing run 

landing with the brakes on, the computations being 
based on the above tests made with and without the 
use of brakes. (An exception was made in the case of 
the Verville, which was tested both with and without 
brakes, because of the fact that it was used in the final 
glide landing tests.) 

The wind velocity was measured near the point of 
landing with a vane-type anemometer and the results 
of the landing tests were corrected to the condition of 
no wind. This correction was made with the aid of 
relations obtained from the above brake tests, which 
are plotted in Figures 1 and 2. First, the landing run 
with brakes is found for the same wind from the aver¬ 
age line in Figure 1. Then the run with brakes but 
with no wind is found from Figure 2. Finally, the run 
with no wind and without brakes is computed by in¬ 
creasing the run with brakes by 82 per cent, this being 
the average value from the above tests. Although 
all these corrections must be considered approxi- 
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mate, they apply to performances which are very 
difficult to repeat exactly, and they therefore serve 
their purpose satisfactorily. 

In addition to the wind correction to the ground 
run, the horizontal distance required to get from an 
altitude of 50 feet to the ground was also corrected for 
wind velocity, assuming that the wind velocity was the 
same up to an altitude of 50 feet as at an altitude of 
6 feet, where it was measured. On account of the 
velocity gradient which is ordinarily present, the actual 
wind velocity was no doubt somewhat higher at 50 
feet, and the correction for the wind was therefore 
somewhat smaller than it should have been; but since 
all these tests were run during low wind velocity (3 to 
7 miles per hour), the error in the correction does not 
seriously affect the results. 

Wind velocity, m.p.h. 

Figure 2.—Effect of wind on the landing ran, brakes being used to full extent 

[r The results of the conventional landing tests are 
given in detail in Table I. The horizontal distance 
required to get from an altitude of 50 feet to the 
ground and also the total distance required to get from 
an altitude of 50 feet to a stop, corrected to the con¬ 
dition with full use of brakes and no wind, are listed 
in the following table for the shortest landings made 
with each airplane. 

Wing loading 
(pounds per 
square foot) 

Airplane 

Horizontal dis¬ 
tance required 

(feet), full brakes 

50-foot 
altitude, 

to ground 

50-foot 
altitude, 
to stop 

8.2__ Doyle 0-2_ 386 
505 
400 
434 
533 
777 
752 
628 

700 
811 
686 
880 

1,043 
1,202 
1,212 
1,225 

8.2... Fleet XN2Y-1 .. 
8.9_ Consolidated PT-1 
9.5_ Verville AT. 
11.6__ Boeing PW-9_ 
12.3.. Curtiss Falcon A-3 
13.0_ Fairchild FC2W-2 
15.9.. Fairchild FC2W-2 

The distance required to get from a height of 50 
feet to the ground is from one-half to two-thirds of 
the total distance, the average value being 57 per cent. 
Several of these landings were accompanied by severe 
shocks and bounces; and although it can not be 
definitely stated that they were the shortest landings 
possible without breaking the airplanes, they certainly 
represent the shortest which could be made with 
reasonable safety to the airplane in an emergency. 
Those with the Doyle, the Consolidated PT-1, the 
Boeing PW-9, and the last one with the Fairchild 
loaded to 15.9 pounds per square foot, were particu¬ 
larly extreme. Considerable skill was apparently 
required in all cases. 

The distances required for landing from an altitude 
of 50 feet and coming to a stop are with one exception 
in the order of the wing loadings, the heavier loadings 
requiring the greater distances. The Consolidated 
PT-1, which makes particularly short landings, is a 
training plane with exceptionally high drag. Be¬ 
cause of this high drag it has a steeper gliding angle 
than the other airplanes of about the same wing load¬ 
ings, which accounts for the short distance obtained 
with it. 

From Table I it is apparent that the lengths of the 
ground runs were not greatly different for fast, me¬ 
dium, or slow landings with the same airplane, and that 
the difference between long and short landings was 
almost entirely in the air. 

It may be concluded from these tests that for con¬ 
ventional airplanes the shortest distance required to 
land and come to a stop from an altitude of 50 feet in 
a reasonably safe manner is roughly proportional to the 
whig loading, and ranges from about 700 to 1,200 feet 
for wing loadings from about 8 to 16 pounds per square 
foot. Also, these short landings require considerable 
skill on the part of the pilot. The ordinary 3-point 
landings require from 20 to 60 per cent greater distance 
than the shortest landings. 

SPIN AND GLIDE TESTS WITH LONGITUDINAL 
CONTROL LIMITED 

These tests, in which measurements were made in 
full flight only, were for the purpose of (1) finding the 
necessary amount of limitation of the elevator travel 
of a number of conventional airplanes in order to 
prevent them from spinning; (2) finding the approxi¬ 
mate effectiveness of the ailerons in a glide with the 
stick back to the limited position; and (3) providing 
approximate data for calculating the minimum hori¬ 
zontal distance required to glide from a height of 50 
feet to the ground. 

The same airplanes as were given the previous land¬ 
ing tests were used. In each case, with the stabilizer 
set at its maximum tail-depressing position, the up- 
travel of the elevators was limited step by step until 
the airplane could not be forced to spin—first with the 
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engine throttled and then with the aid of power. 
(Since with most present conventional airplanes a 
higher angle of attack can be reached with the power on 
than without it, a greater elevator limitation is re¬ 
quired to prevent the possibility of spinning with the 
aid of power than without it.) Then, with the 
elevator limited to the point where the airplane could 
not be spun without power, glides were made with the 
control stick at the limiting position and the rate of 
descent (or the vertical component of the velocity) 
was measured by means of a sensitive altimeter and a 
stop watch. Also, in these glides, the effectiveness of 
the aileron control was noted and compared with that 
of ordinary cruising flight, the comparison being 
purely a qualitative one representing the judgment 
of the pilot. 

In regard to the tendencies of the airplanes to fall 
into spins, a few of them could be put into a steady 
glide with the control stick fully back and then turned 
satisfactorily, with no apparent tendency to drop a 
wing or fall into a spin. There is the likelihood, 
however, that in an unfortunate situation near the 
ground one of these airplanes might be put into such i 
a position that it would start into a spin because of i 
a quick maneuver or possibly gusty air. For this 
reason, the criterion used here as a standard for an | 
airplane which is safe from the possibility of falling 
into a spin is that it can not be spun either from 
ordinary stalls or by means of any other manuevers, 
such as a stalled wing-over, which might get the 
airplane into a spin with the aid of dynamic forces. 

The amounts of limitation required to prevent 
the airplanes from being spun are shown in the follow¬ 
ing table. The elevator angles are measured from 
the stabilizer chord with the stabilizer in the maxi¬ 
mum tail-heavy position, and they depend to some 
extent on its range of adjustment. 

Maximum upward deflection of 
elevators 

• 

Airplane 
Original 

condition, 
unlimited 

Spin not pos¬ 
sible without 
power, and 

lateral stabil¬ 
ity and con¬ 
trol satisfac¬ 
tory in glide 
with stick full 

back 

Spin not 
possible 

even with 
power 

O 0 O 

Doyle 0-2..-. 29 12 -6 
Fleet XN2Y-1___ 27 12 2 
Consolidated PT-1. 35 23 -2 
Verville AT_ i 47 27 9 

Boeing PW-9___ 20 -2 -8 
Curtiss Falcon A-3. 37 30 1 
Fairchild FC2W-2_ 25 2 16 

1 This value was obtained with a special elevator lever, and is about 15° higher 
than the maximum deflection on the original airplane. 

2 On account of the nature and size of the Fairchild FC2W-2 no prolonged attempts 
were made to spin it and no attempts were made with power. With this elevator j 
angle the lateral control and stability in a glide were satisfactory. 

In order to make it impossible to spin the airplanes 
without the use of power, and also to obtain satis¬ 
factory lateral stability and control in a glide with 

the control stick full back, it was necessary to reduce 
the maximum uptravel of the elevators by from 4° 
to 22° on the various airplanes. In every case the 
airplane apparently still had sufficient control with 
this limited elevator movement to perform satis¬ 
factorily all ordinary nonacrobatic maneuvers in 
full flight. 

A particularly interesting point is that in every 
case the aileron control in a glide with the control 
stick full back to the limited position was surprisingly 
good. In fact, in the opinion of the pilots the ailerons 
were very nearly as effective under these conditions 
as they were at ordinary cruising speeds. 

The preceding table also shows that in order to 
prevent the possibility of spinning with the aid of 
power, a further reduction of the maximum uptravel 
of the elevators by amounts ranging between 6° and 
29° was necessary. This additional reduction is due 
to the fact that present conventional airplanes are 
so balanced that, for a given elevator setting, much 
higher angles of attack are attained with power on 
than with power off. The particular airplanes tested 
did not have sufficient tail-depressing control for 
ordinary flight when the elevators were limited to 
the point where no spin could be obtained with the 
aid of power. 

If it is of sufficient importance for an airplane to be 
incapable of spinning under any conditions, with or 
without power, this condition can be satisfactorily 
brought about without special devices by designing the 
airplane in such a manner that for a given control set¬ 
ting it balances at approximately the same angle of 
attack with the power either on or off. The elevator 
limitation which would prevent spinning without power 
would then also prevent it with power, and there would 
still be sufficient longitudinal control for all ordinary 
flight maneuvers, with the exception of a short 3-point 
landing of the present normal type. 

The vertical velocity measured in a glide with the 
control stick back at the limited position which pre¬ 
vented a spin without the aid of power is given for 
each airplane in the first column of the following table. 
The air speeds along the flight paths, which were very 
nearly the same as the minimum gliding speeds, are 
given in the second column, these being computed 
values except in the cases of the Fairchild and the 
Verville. These two airplanes were tested with trail¬ 
ing Pitot bombs in connection with other investiga¬ 
tions. In the other cases it is thought that values 
computed from the probable lift coefficients as ob¬ 
tained from the average results of many full-scale 
tests on other airplanes are more accurate than those 
given by ordinary air-speed indicators and are satis¬ 
factory for the purpose of estimating the landing dis¬ 
tance. The distance required to glide in the above 
manner with the full limited amount of longitudinal 
control in use from a height of 50 feet to the ground is 
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given for each airplane in the third column for com¬ 
parison with the corresponding distance for the short¬ 
est conventional landing in the fourth. 

Airplane 

Vertical 
velocity 

i in feet 
per 

second 

Air speed 
in feet 

per 
second 

Computed 
horizontal 
distance, 

50-foot alti¬ 
tude to 
ground 

(feet) 

Measured hori¬ 
zontal distance, 
50-foot altitude 

to ground, 
shortest conven-; 
tional landing 

(feet) 

Doyle 0-2.. 12 73 300 3S6 
Fleet XN2Y-1. 15 78 255 505 
Consolidated PT-1_ 19 78 198 400 
Verville AT_ 24 87 174 434 
Boeing PW-9_ 13 90 343 533 
Curtiss Falcon A-3_ 16 90 280 777 
Fairchild FC2W-2.. .. 14 91 330 752 and 628 

This table shows that the computed distances re¬ 
quired to glide from a height of 50 feet to the ground I 

The vertical velocities in the glides with the full 
limited amount of longitudinal control in use ranged 
from 12 to 24 feet per second. It may be that 24 
feet per second is somewhat higher than is desirable, 
in which case it could be cut down to a suitable value 
by merely limiting the elevator travel a little more. 
Although little information is available in regard to 
the highest vertical velocities which can be used satis¬ 
factorily, it is known that at least one airplane, the 
McDonnell entry to the Guggenheim safe-airplane 
contest, has been repeatedly landed at vertical veloci¬ 
ties up to about 20 feet per second without difficulty. 
It can therefore be assumed that with careful design 
the landing-gear problem will not give rise to any par¬ 
ticular difficulty other than the provision of long-travel 
shock absorbers. 

Figure 3.—The Verville AT airplane 

with the full limited control in use are much shorter 
than the distances required for the shortest conven¬ 
tional-type landings. Thus it seems likely that if the 
landing shock is absorbed satisfactorily, landings can 
be made with practically all conventional-type air¬ 
planes by merely gliding in to the ground with the full 
limited tail-depressing control in use, not only without 
danger of losing control or of starting to fall into a 
spin but also in a considerably smaller space. In fact, 
in many cases it seems that the horizontal distance 
required to get from a height of 50 feet to the ground 
can be cut in half. 

In this connection, each of the airplanes tested had 
an attitude in the “landing glide” with which a satis¬ 
factory landing could be made. The fuselage atti¬ 
tudes were such that the tail was slightly below the 
nose, but in no case was the tail skid as low as the 
wheels. 

In addition to shortening the gliding distance, it 
seems probable that the ground run should be consid¬ 
erably shorter with the glide-type landing. This is due 
to the fact that the rather high acceleration which 
accompanies the shock caused by the high vertical 
velocity can be expected to press the wheels onto the 
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ground more firmly than in conventional landings, and 
therefore aid the braking effect. 

COMPLETE TRIAL OF LIMITED CONTROL AND GLIDE 
LANDING COMBINATION 

Inasmuch as the foregoing preliminary flight tests 
indicated that the combination of limited control and 
glide landing might have practical value in connection 
with most present-day airplanes, it was thought desir¬ 
able to make actual landing tests on an airplane having 
its elevator travel limited and also having a suitable 
landing gear. The Verville AT was used for this 
purpose because, of the airplanes available, it presented 
the least difficulty to the provision of a reasonably 
long-travel shock absorber in the landing gear. After 
being fitted with long-travel shock-absorbing struts, 
this airplane was landed by gliding to the ground with 
the control stick held back at the limited position. 
The accelerations upon striking the ground were 
measured in these landings, as well as the distance 
required to get from a height of 50 feet to the ground, 
and the length of the ground run. 

Additional landing tests were then made to find the 
effect (1) of gliding in to the ground without leveling 
off, at various air speeds somewhat higher than that 
obtained with the stick full back; and (2) of gliding in 
at these air speeds to a short distance above the 
ground and then leveling off before making contact. 
This latter method merged into the present normal 
manner of landing when the air speeds in the glides 
were 10 to 15 miles per hour above the minimum air 
speed. 

Figure 4.—Landing gear with long-stroke shock-absorber struts 

After the practicability of landing in an extended 
steady glide with the control stick full back to its 
limited position had been established, more complete 
flight tests were made on this airplane to find the 
approximate effect of the control limitation on the 
general flight characteristics. These tests included the 
ability to make turns in glides with the control stick 
held full back to the limited position, the effect on the 

flight path of pulling up suddenly from glides at various 
air speeds, and the ability to perform acrobatics. 

Modification of the Verville “AT” airplane.—The 
airplane with its original landing gear is sliowrn in 
Figure 3. It is a conventional 2-place open-cockpit 
biplane with low-pressure tires (15 pounds per square 
inch) and oleo struts. By merely replacing these 
struts with a pair of long-travel “Aerol” oleo-pneu- 
matic struts which belonged to another airplane and 
happened to be available, the shock-absorbing ability 
was increased to the point where it was thought 
satisfactory for test purposes. The landing gear did 

Figure a.—Modified landing gear with struts fully extended 

not, however, lend itself satisfactorily to as long a 
stroke as was desired, because of the large change in 
the angle of the wheels with respect to the ground. For 
this reason a stroke of only 13 inches was used although 
the struts had a maximum deflection of 18 inches 
available. 

The landing gear with the special struts is shown in 
Figure 4. The slack cables shown with the struts 
were for the purpose of limiting the stroke to 13 inches 
when the wheels were off the ground. The struts 
operate by compressing air on the down stroke and 
snubbing the return by means of oil. With the air¬ 
plane resting on the ground the air pressure in the 
struts was adjusted so that they w'ere extended about 
8 of the possible 13 inches. Figure 5 shows the landing 
gear fully extended and in Figure 6 it is fully com¬ 
pressed. In the latter case the tires are deflated to 
represent the condition in which they are pressed to 
the rim in a hard landing. The great variation in the 
angles of the wheels with respect to the ground is 
apparent. This would not, of course, be tolerated in 
a landing gear designed for the stroke used. 

The airplane was originally equipped with a small 
tail wheel with an oleo strut having a stroke of 3 
inches. This strut was replaced by an oleo-pneumatic 
strut having a stroke of 8 inches, the static air pressure 
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being adjusted to give an extension of about 5 inches 
with the airplane resting on the ground. 

Modification of the landing gear to make it capable 
of withstanding much greater vertical velocities than 
usual might naturally be expected to entail an appre¬ 
ciable increase in weight. If the greater amount of 
energy is absorbed by proportionately increased 

Figure 6.—Modified landing gear with struts fully compressed and tires 
deflated 

shock-absorption properties, however, the loads on the 

various parts will remain the same, and any weight 
increases will be due directly to the shock-absorbing 
gear. In this connection it is interesting that modi¬ 
fying the Verville landing gear by replacing the three 
shock-absorbing struts increased the weight by a total 
of just under 8 pounds. 

From the spin and glide tests it will be recalled that 
the Verville AT had a vertical velocity of 24 feet per 
second in a glide with the stick full back to the limiting 
position with which the airplane could not be spun 
without the aid of povrer. This, it seemed, was too 
high a rate of descent for the shock to be satisfactorily 
absorbed with a landing-gear stroke of only 13 inches. 
It was thought that for the landing gear as modified 
the vertical velocity should not be greater than about 
16 feet per second. In order to find the limiting 
elevator position for this vertical velocity, a series of 
glides w'ere made with the elevator deflection fixed at 
various angles. The results of these glide tests are 
given in Figure 7, which showrs also the indicated air 
speeds. A vertical velocity of 16 feet per second was 
obtained with an elevator deflection of something over 
10°, and the following tests wrere all made with the 
upward deflection of the elevators limited to 10°. 

It is interesting that the minimum value of the air 
speed is obtained with this elevator angle, any further 
deflection being accompanied by a slightly higher air 
speed. The minimum air speed in a glide, as measured 
by means of a trailing-bomb Pitot, was found to be 59 
miles per hour. This is a rather high value for an 
airplane with a wing loading of 9.5 pounds per square 

foot, but is somewhat advantageous in this investiga¬ 
tion in that it makes the test conditions for the glide- 
type landing more severe. 

In the glide with the stick held back to the limited 
position, the fuselage is inclined at an angle of 6° at 
wdiich attitude the tail wheel is about 2 feet above the 
level of the main wheels. In these glides the airplane 
sometimes took up a slight longitudinal oscillation 
wrhen the stick w^as held fixed either in the full-back 
position or in any position back of neutral. The 
oscillations did not always occur, but could easily be 
induced by abrupt use of the controls. They could 
always be stopped by a slight use of the control, and 
unless forced by abrupt control movement they were 
probably not large enough at any time to prevent a 
safe landing. This tendency should, however, be 
eliminated in airplanes intended to land in this manner. 

Glide landings with stick full back in limited posi¬ 

tion.^—For these landings the airplane, at an altitude 
of 200 or 300 feet, was put into a steady glide with 
the stabilizer full tail heavy and the stick back to the 
limited position. Although the stick wras held approxi¬ 
mately full back, it was moved forward very slightly 
when necessary to prevent a longitudinal oscillation 

Position of elevators relative to stabilizer, 
stabilizer in moyimum tail heavy position. 

. Figure 7.—Vertical velocities and air speeds in glides with 
various elevator deflections. Verville A T airplane 

from developing. The airplane was then merely held 
on a straight course in this glide until it came in con¬ 
tact with the ground. The horizontal distance re¬ 
quired to get from a height of 50 feet to the ground 
and the length of the ground run were measured in 
the same manner as for the ordinary landings previ- 
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ously described. In addition, the maximum acccelera- 
tions at the center of gravity and at the tail wheel 
were measured in each landing to give an indication 
of the loads set up by the impact. 

The results of three of these landing tests, one of 
which was made in a 12 miles per hour wind but is 
included for comparison, are given in the following 
table. 

Wind velocity (miles per hour)... 7 7 12 
Distance, 50-foot altitude to ground (feet).. 199 200 180 
Time, 50-foot altitude to ground (seconds).... 2.6 2.5 2.6 
Average vertical velocity from 50 feet to ground 

(feet per seconds)..... 19 20 19 
Corrected distance, 50-foot altitude to ground, no 

wind (feet)_____ 224 226 226 
Brakes used...... 0) (2) (2) 
Ground run (feet).---- 487 327 270 
Corrected ground run, no wind (feet)__ 513 380 352 
Total distance, wind as measured (feet).. 686 527 450 
Total distance, no wind (feet)—. 737 606 578 
Maximum acceleration at c. g., (g)_ 5.5 4.6 0 
Maximum acceleration at tail, (g)___ 3.5 5.5 0 

1 No. 
2 P artly. The brakes were not applied over the first half of the ground run be¬ 

cause the tendency to nose over seemed too great. 
3 No record. 

The horizontal distance required to get from a height 
of 50 feet to the ground, when corrected to the condi¬ 
tion of no wind, was only about 225 feet for each of 
the three landings. This is just about half of the 
distance required for the shortest landing with the 
unmodified airplane, which was 434 feet. (Table 1.) 
The ground runs are also much shorter with the glide- 
type landings, but the percentage reduction is not 
quite so great. Without brakes the ground run was 
513 feet as compared with 860 feet for the shortest 
landing with the unmodified airplane. 

The average vertical velocity from a height of 50 
feet to the ground, it will be noticed, was in the neigh¬ 
borhood of 19 feet per second as obtained from the 
measured time intervals. Although this is not an 
accurate method of finding the velocity, it is an indi¬ 
cation that the rate of descent at the time of landing 
was somewhat higher than the average value of 16 
feet per second found in the steady glides with the 
stick back at the limited position. This fact can 
probably be explained by the fact that the wind 
velocity was no doubt appreciably less near the ground 
than at altitudes greater than 50 feet, and conse¬ 
quently as the airplane approached the ground its air 
speed became less than the minimum required for a 
steady glide and its rate of descent became somewhat 
greater. 

The glide landings with brakes are not representa¬ 
tive of proper braking conditions, for the pilots did not 
feel it safe to apply the brakes until about half the 
ground run had been completed. This is particularly 
disadvantageous with this type of landing, for it 
would be expected that the greatest braking effect 
would be obtained during the first few yards of contact 
where, on account of the vertical acceleration, the force 
pressing the wheels onto the ground is much greater 
than just the weight of the airplane. As shown by the 

maximum accelerations recorded in the preceding table, 
this pressure against the ground rose to an instan¬ 
taneous value of four or five times the weight of the 
airplane in the test landings. In addition to the tend¬ 
ency to nose over which caused the landing runs in 
these tests to be longer than those which could have 
been obtained with a properly located landing gear, 
the landings were accompanied by a bounce in which 
the wheels were off the ground by as much as a foot 
or a foot and a half for a distance as great as 80 feet. 
Over this distance the brakes could obviously have had 
no effect. The bounce is thought to be due to the 
unchecked rebound of the large low-pressure tires, and 
could probably be reduced, if not entirely eliminated, 
either by the use of high-pressure tires or with the 
proper coordination of tires and shock-absorber struts. 

Even with these unfavorable braking conditions, the 
corrected ground runs in the two measured glide land¬ 
ings with partial use of the brakes were only 352 feet 

| and 380 feet as compared with the braked run of 445 feet 
in the shortest landing with the unmodified airplane. 

The accelerations of about bg which were measured 
in these landings are probably somewhat higher than 
desirable from a structural standpoint, although the 
landings were not so uncomfortable as an ordinary bad 
bump in an automobile. These accelerations can be 
reduced to a smaller value by providing the shock¬ 
absorbing gear with a longer or more effective stroke. 

In these landings the front shock-absorber struts 
deflected about 10% inches out of a possible 13 inches, 
as shown by grease marks on the telescoping tubes, and 

' the tail strut deflected about 7 inches out of a possible 8 
inches. 

A comparison of Figures 5 and 6 reveals the fact 
that the tread increases a large amount as the struts 
are compressed, this change being about 3 feet. Since 
tracks on the ground after one of the landings showed 
that this change of tread took place with a forward 
movement of only about 4 feet, it is apparent that the 
tires must have been subjected to very large side 
loads, and that the particular landing gear used is 
unsatisfactory for this type of landing. A few feet 
farther along marks in the landing surface made by 
the brake levers indicated that the tires were completely 
depressed. Apparently the tires were not damaged in 
any way. In fact, the landings were made repeatedly 
with no failures of any kind, and with a properly 
designed landing gear there seems no reason why such 
landings could not be made a regular procedure under 
smooth air conditions if desired. 

Other forms of landings.'—The above glide-type 
landing with the control stick held full back to the 
limited position throughout the entire maneuver 
represents one extreme of the range of landings which it 
is possible to make with an airplane so modified. 
Although it is the shortest form of landing, it is accom¬ 
panied by a rather high acceleration which could easily 
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be eliminated in the general run of landings, where 
sufficient space is available, by flattening out some¬ 
what in the usual manner. The glide landing with 
the stick full back would then be used mainly as an 
emergency measure, and fortunately would be not only 
the shortest landing but would be properly made by 
the natural reaction of the pilot; i. e., by pulling the 
stick all the way back. This is in contrast to the 
present conditions in which many experienced pilots 
have serious accidents apparently because this natural 
tendency overcomes their training and they pull the 
stick too far back. 

In order to investigate the gentler landings which 
would probably be made under ordinary conditions, 
tests were made in which the airplane was glided in at a 
series of different air speeds somewhat above the mini¬ 
mum and then at a few feet above the ground was 
leveled off as much as possible by moving the stick 
back. The accelerations, which were measured in 
each case as a measure of the severity of the landing, 
are listed here: 

Sr w 
above mini- tion at c' 

mum 

Maximum 
accelera¬ 

tion at tail 

3 3.0 4. 7 
0 2.7 3.5 
9 1.6 1.1 

12 2.2 2. 2 
15 1.8 1.4 

For the cases in which the approaching glide was 9 
miles per hour or more above the minimum gliding 
speed, the accelerations were within the range of those 
obtained in ordinary conventional landings with pres¬ 
ent-day airplanes. The landings in these tests, how¬ 
ever, were appreciably shorter and had higher rates of 
descent than average conventional landings, the low 
accelerations and smooth landings being due to the 
long-travel shock-absorbing gear. 

Several conventional-type landings were also made 
with the elevator travel limited, and these were quite 
satisfactory as ordinary 2-point landings—with the 
tail wheel between 1 and 2 feet above the ground as the 
main wheels touched. 

In connection with the glide-type landings it was 
thought desirable to find the effect of gliding straight 
in to the landing surface at speeds somewhat higher 
than the minimum. As shown by Figure 7, the verti¬ 
cal velocities are below* 20 feet per second in glides up 
to about 80 miles per hour, so that it should be pos¬ 
sible to make landings by gliding straight in without 
leveling off at speeds well above the minimum, and to 
absorb the shock satisfactorily. With sufficient excess 
speed, however, the airplane would leave the ground 
again, possibly in a dangerous manner. The tests 
showed that glide landings could be satisfactorily made 
in this manner up to a speed about 10 miles per hour 

above the minimum. The landings in this range were 
always accompanied by a bounce, sometimes as high 
as 2 feet, but the accelerations were not high, ranging 
from 1.9<7 to 4.3$. In a landing with the gliding speed 
15 miles per hour above the minimum, however, the 
bounce seemed dangerously high and uncontrolled, 
although no damage was done to the airplane. 

Summarizing, these series of preliminary landing 
tests indicate that an airplane having this combina¬ 
tion of limited control and long-travel landing gear 
can not only be landed in a shorter distance and with 
somewhat less skill than a conventional airplane but 
that ordinarily it can be landed as gently and in a 
much shorter distance; furthermore, a safe if not 
always graceful landing is made almost regardless of 
the manner in which the airplane is brought to the 
ground as long as the air speed is within about 15 
miles per hour of the minimum, the airplane is held 
level laterally, and the controls are not used violently. 
(Smooth air conditions are assumed.) If the glide 
landings are to be made with the minimum of skill, the 
airplane should have good longitudinal as well as 
lateral stability in a glide, with the stick fixed back at 
the limited position. It should glide in a smooth path 
without an appreciable tendency to oscillate or hunt. 

More detailed tests on the flying characteristics of 
the Verville “AT” with limited elevator travels— 
Since the landings were satisfactory with the upward 
elevator deflection limited to 10° and the provision of 
a long-travel shock-absorbing gear, it was thought 
desirable to investigate in somewhat greater detail 
the flying characteristics with the limited control. 
The first preliminary tests had shown only that in a 
glide with the stick full back to the limited position 
the lateral stability was satisfactory and the aileron 
control was just about as effective as in ordinary 
cruising flight. These later tests comprised three main 
groups: A series of glides at different air speeds to find 
the effect on the flight path of suddenly pulling the 
control stick full back in a glide and holding it there; 
a series of turns of different degrees of sharpness in 
glides with the stick held full back, to find the vertical 
velocity in the turns and the altitude required for 
recovery to a straight glide suitable for landing; and, 
finally, tests to show the effect of the limited control 
on acrobatic maneuvers. 

Abrupt pull-up tests in glides.—These are extreme 
examples of the effect of one kind of violent handling 
of the controls in landing. They are of interest mainly 
in showing what kind of landing could be expected if 
the stick were pulled back suddenly at any altitude in 
the approaching glide and then held full back. Each 
test was started from a steady glide during which, at 
a signal from the observer, the stick was suddenly 
pulled full back and held there. The maneuver was 
performed twice at each of several different air speeds. 
The first time the manuever was performed, the verti- 
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cal velocity in the steady glide and then throughout 
the pull-up was obtained by getting the time interval for 
each 50 feet of descent by means of a sensitive alti¬ 
meter and a bank of six stop watches, all of which could 
be started at once. (See reference 2.) The second 
time, the air-speed variation was noted. 

In each case after the stick was pulled back the air¬ 
plane lost some of its rate of descent and the flight 
path was leveled off to some degree, the amount de¬ 
pending on the speed in the original glide. When this 
speed was 15 miles per hour greater than the minimum 
gliding speed, the flight path was flattened out to the 
point where it was approximately level at one portion. 
At the end of this flattening-out process the speed of 
the airplane in each case went below the minimum 
steady gliding speed, the amount depending on the 
speed in the original glide, and in regaining its mini¬ 
mum flying speed the vertical velocity and the air 
speed both increased to values above those for a steady 
glide. Thus an oscillating motion took place, which, 
although it became less with each oscillation, was still 
appreciable after the third, even in the mild cases. 
In this connection it will be recalled that this airplane 
sometimes oscillated mildly even in as steady a glide 
as could be maintained with the elevator held fixed 
in this position. This degree of dynamic stability is 
not uncommon in present-day conventional airplanes, 
and it is thought that the oscillations following a sud¬ 
den pull-up are probably common to all of them. 

The main results of these tests are given in the fol¬ 
lowing table: 

Speed in glide (miles per hour)_ 
Speed in glide (miles per hour 

above minimum).... 
Vertical velocity in glide (feet per 
second)... 

Minimum air speed in pull-up 
(miles per hour).. 

Minimum vertical velocity in pull- 
up (feet per second). 

Maximum airspeed following pull- 
up (miles per hour)... 

Maximum vertical velocity follow- 

Altitudeloss from start of pull-up to 
maximum vertical velocity (feet). 

59 62 64 66 68 70 74 101 

o
 

C
O

 

5 7 9 11 15 42 

14-18 14 14 15 15 15 16 

.. 58 58 58 58 57 53 40 

. . 10 8 7 5 3 0 

... 30 30 30 30 30 30 

.. 59 60 60 60 61 64 75? 

_ 18 24 40 45 35 60 84 

_ 100 120 125 120 80 80 0 

The first column gives the conditions in a steady glide 
with the control stick held back at the limited position. 
The air speed varied within a range of about 1 mile per 
hour and the vertical velocity varied from 14 to 18 
feet per second, or ±2 from the mean value. This 
variation was probably due partly to the tendency to 
oscillate and partly to the condition of the air which 
was a little gusty, for the variations were not entirely 
regular. The last column is for the other extreme, for 
it was made from a glide of 101 miles per hour, and the 
nose went up until the fuselage was vertical at an 
altitude about 80 feet above the pull-up. The first 
oscillations in this case were very severe and the air¬ 
speed values could not be accurately determined, but a 
maximum vertical velocity of about 84 feet per second 

was reached as the airplane passed the level at which 
the pull-up had been started. 

In the pull-ups made from glides between 3 and 15 
miles per hour faster than the minimum, it is interesting 
to note that in each case the minimum rate of descent 
occurred at about 30 feet below the level at which the 
stick was pulled back. This is an indication that still 
gentler landings could have been made in the flattened- 
out landings reported in the preceding section if the 
leveling-off process had been started at 30 or 40 feet 
instead of about 10 feet above the ground. In apply¬ 
ing these results to possible landings, however, it 
should be kept in mind that the tests were made at an 
altitude of about 2,000 feet, and that they do not 
include the effect of the reduction of the wind velocity 
near the ground due to surface friction. 

An appreciable reduction in the vertical velocity 
was obtained by pulling the stick back even in the 
glides which were only slightly faster than the mini¬ 
mum. In the cases where the original glide was not 
over 5 miles per hour above the minimum, a landing 
could probably have been made at any point before or 
after the pull-up without damaging the airplane if 
the stick were pulled back and held there. With the 
faster glides, however, the airplane falls off more 
rapidly after the pull-up, and at altitudes 50 or GO feet 
below the point where the stick was pulled back the 
vertical velocities begin to get dangerously high. 
These high vertical velocities can, of course, be avoided 
by the use of the elevator control after the pull-up, but 
they are included here to show what might be expected 
in the worst case where the stick is suddenly pulled 
full back and held there. Even this could apparently 
be done without damage if the original glides were not 
more than 15 miles per hour faster than the minimum 
and the sudden pull-up were made at a height of 50 
feet or less above the field. If the pull-up were made 
at a height greater than 50 feet, however, the airplane 
would hit the ground in a dangerous manner. 

The flight paths of the Verville AT throughout two 
of these pull-ups are given in Figure 8 as worked up 
from the data measured. They are of a more or less 
approximate nature, but are thought to represent the 
conditions sufficiently well to show how the two cases 
compare. In the one which started with a steady 
glide 5 miles per hour faster than the minimum gliding 
speed, the best point to make a landing would be at 
about 30 feet below the pull-up, where the vertical 
velocity would be about 8 feet per second, or half that 
in the steepest landings made in a steady glide with 
the stick full back. The worst point at which to 
touch the ground would be at about 120 feet below 
the pull-up, where the vertical velocity would be about 
24 feet per second. This is probably about the maxi¬ 
mum which could be withstood by the present long- 
travel landing gear, and inasmuch as the fuselage was 
about level at that point, it probably represents about 
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the extreme condition in which a landing without 
damage could be made. In the other pull-up shown 
in Figure 8, which was made from a glide at 15 miles 
per hour above the minimum speed in a steady glide, 
the flight path became horizontal at about 30 feet 
below the pull-up. At the worst point, however, the 
airplane was nosed down 20° in what amounted to a 
dive at 35° below the horizontal, and its vertical 
velocity was about 60 feet per second. Striking the 
ground in that condition would undoubtedly result in 
a very serious crash. As stated before, however, this 
condition can easily be avoided by the proper use of 
the elevator control and is only included here as an j 
example showing the limits outside of which the con¬ 
trols can not be used improperly with safety, even with 
the combination of limited longitudinal control and 

long-stroke shock absorbers. 

Turns of various sharpness with stick held full back 
to limited position.—These tests were made to inves¬ 
tigate the possibilities of making turns satisfactorily 

The radius of each turn has been found from the 
relation, 

2t 
where 

R—radius in feet. 
t—time for one turn (360°) in seconds. 
I7—velocity along flight path in feet per second. 
v—vertical component of velocity in feet per 

second. 

The main results for the various turns are tabulated 
in the following table. 

Radius of turn (feet)..... 1,340 910 510 310 240 230 
Angle of bank (degrees)... 6 10 18 34 48 63 
Longitudinal attitude (degrees).. +6 +6 +7 +7 -5? -5? 
Altitude lost per 360° turn (feet)... 1,440 1,270 740 490 480 465 
Airspeed (miles per hour)__ 60 60 60 67 72 95 
Vertical velocity (feet per second)_ 
Approximate altitude required to 

15 19 20 24 32 43 

straighten path (feet)... 
Vertical velocity as path becomes 

20 30 40 60 80 110 

straight (feet per seconds)__ 
Maximum vertical velocity in the fol- 

19 19 18 24 23 22 

lowing oscillation (feet per second)_ 19 25 18 25 25 45 
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Figure 8.—Flight paths following sudden pull-ups from glides at 5 and 15 miles per hour above minimum gliding speed 

in glides with the stick full back to the limited position. 
This information is of interest from the standpoint of 
maneuvering into a difficult forced landing, or of 
quickly deflecting the course, just before landing, in 
order to avoid an unforeseen difficulty. Steady turns 
of various degrees of sharpness, ranging from very 
mild to as sharp as possible, were made and the air 
speed, rate of descent, time for one complete turn, 
angle of bank, and longitudinal attitude were measured. 
Then at a signal from the observer the airplane was 
taken out of the turn and put into a straight glide as 
rapidly as possible, the stick being held full back to the 
limited position throughout. The variation of the 
vertical velocity in the recovery from the turn was 
obtained by means of the sensitive altimeter and bank 
of stop watches used in the previous tests on pull-ups. 
The lateral and longitudinal attitudes in the steady 

turns were found by sighting over pivoted straight¬ 
edges and adjusting them to be parallel to the horizon. 

The radii, it will be noticed, varied from a quarter 
mile to a minimum of about 230 feet, and the corre¬ 
sponding angles of bank from about 6° to 63°. The 
longitudinal attitude was about the same in all the 
turns having angles of bank up to 34° as in a straight 
glide with the stick full back; i. e., the nose was up 
about 6° or 7°. With the steeper banks the straight¬ 
edge could not be sighted against the horizon, but the 
attitude appeared to be about 5° nose down in each 

case. 
The altitude lost during each complete 360° turn 

diminished as the turns became sharper, although the 
rate of descent increased. The minimum height re¬ 
quired for one complete turn was found to be 465 

feet. 
For the turns with angles of bank of 18° or less the 

air speed, vertical velocity, and longitudinal attitude 
were about the same as in the straight glide with the 
stick full back in the same fore-and-aft position. 
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In each recovery to a straight path, the quick 
change started an oscillation in pitch similar to those 
following the pull-ups. In all the cases except that 
of the sharpest turn the airplane could probably have 
been landed without damage at any time during the 
oscillations. Following the sharpest turn, however, 
the oscillations were much more severe and the 
maximum value of the vertical velocity rose to the 
excessively high magnitude of 45 feet per second. 

In addition to the above series, two other turns 
were measured. In both of these the airplane was 
first put into a straight glide with the stick back at 
the limited position, and then at a signal from the 
observer the direction of flight was changed approxi¬ 
mately 90° as quickly as possible and the path straight¬ 
ened out again. The purpose of these was to show 
the ability to maneuver rapidly as if avoiding an 
obstacle while in a glide with the stick full back. 
The first turn was performed satisfactorily except 
that the familiar longitudinal oscillation was set up 
with a maximum vertical velocity of about 36 feet 
per second. The normal amount of bank was used 
in this turn. In the second trial the amount of bank 
was slightly lower and was reduced more gradually 
before straightening out. In this case there was no 
appreciable oscillation and the maximum vertical ve¬ 
locity was 28 feet per second. The altitude required 
to make the complete 90° turn and recover was 
approximately 200 feet. 

The tests showed that the airplane can be satis¬ 
factorily maneuvered in turns with the elevator fixed 
at its maximum limited upward position, but that, 
unless the control movements are made gently, 
undesirable oscillations will occur in the recovery. 
These oscillations can be immediately stopped by use 
of the elevators, but would be dangerous under certain 
conditions near the ground if the stick were held hard 
back following a violent maneuver. 

Oscillations such as these, which are the result of 
rather poor dynamic longitudinal stability (insufficient 
damping) at high angles of attack, are apparently 
common to many present-day aircraft. Although 
this condition is not troublesome in the operation of 
these airplanes as they are now controlled, the con¬ 
dition is undesirable and should be eliminated in 
connection with airplanes having a limited amount of 
elevator deflection if they are expected to be flown 
in glides with the stick full back. 

Effect of the elevator limitation on acrobatic maneu¬ 
vers.^—In order to find whether acrobatic maneuvers 
would be hindered or made impossible by the limited 
elevator deflection, tests were made of loops, rolls, 
and minimum-radius turns. 

Loops were made quite satisfactorily with the 
limited control and did not require the full amount of 
the limited control available. 

The minimum-radius turns with power were also 
made satisfactorily, the full amount of control avail¬ 
able not being necessary except with the engine 
throttled below 1,200 revolutions per minute. 

Satisfactory rolls could not be obtained on this 
airplane even with the full original elevator deflection 
available. The maneuver was apparently the same 
with the limited elevator deflection. 

Effect of gusty air conditions.—A short time after 
the foregoing tests had been completed, the temporary 
shock-absorber struts installed on the Verville AT 
airplane were replaced by a new pair of shock-absorbing 
struts having a usable stroke of 12 inches. (The re¬ 
duction of 1 inch from the original 13-inch stroke was 
necessary on account of new end fittings.) With this 
equipment additional glide landings were made. 
Finally, three were made with the elevator-limiting 
device removed on a day in which the wind happened to 
be particularly gusty. It had an average velocity of 
from 12 to 15 miles per hour as found by means of 
an anemometer at a height of 5 feet, but the speed 
at any instant apparently varied widely, probably 
from about 5 to 25 miles per hour. Two satisfactory 
glide landings were made under those conditions, but 
in the third approach to the ground the glide path was 
exceptionally steep and the vertical velocity was 
obviously high, although the fuselage and wings 
apparently had their normal attitudes. In this 
landing one side of the landing gear failed, and the 
airplane slid along on one wing tip and the opposite 
wheel for a distance of about 90 feet to a stop. 

The two bags of white powder were fortunately being 
used in this landing, and their markings showed that 
the horizontal distance required to get from a height 
of 50 feet to the ground was only 100 feet. Allowing 
for a 40-foot wind correction, this gives an average 
flight path angle with respect to the air of just under 
20°, and assuming that the airplane was traveling 
along the flight path at its minimum speed of 59 miles 
per hour, the average vertical velocity from a height 
of 50 feet to the ground may be calculated as just 
under 30 feet per second. This is about 10 feet per 
second, or 50 per cent higher than that measured in 
previous landings. 

A glide landing of this type with a normal attitude 
and a high vertical velocity can be accounted for in 
two wTays. It could be caused either by pulling the 
control stick somewhat back of the position corre¬ 
sponding to a vertical velocity of 16 feet per second 
in a steady glide or by the gusty air conditions. The 
explanation of the pilot is as follows: 

During the approach from approximately 600 feet the airplane 
passed into a gust which caused it to accelerate rapidly to a 
high vertical velocity. This gust condition started at 75 to 
100 feet from the ground and apparently continued up to the 
point of landing. Fortunately, this gust was of such a nature 
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that no appreciable local forces were evident tending to disturb 
the attitude of the airplane, and the first indication of the effect 
of the gust was a sensation of the airplane dropping away. 

This statement from an experienced test pilot makes 
it seem probable that the high vertical velocity was 
caused entirely by the gusty air conditions and that it 
would have been attained whether or not the longi¬ 
tudinal control had been limited. 

The investigation is being continued along two lines. 
The Verville AT airplane is being fitted with a landing 
gear having a substantially longer travel, and the 
fuselage is being strengthened to enable the airplane 
to withstand landings at higher vertical velocities. 
Further glide landings will then be made under various 
air conditions. A study is also being made of the 
variation of the wind velocity and direction under 
gusty air conditions. 

CONCLUSIONS 

1. This preliminary investigation indicates that 
most present-day conventional airplanes, if modified * 
by (1) limiting the uptravel of the elevators to the 
point where they could not be made to spin without 
the aid of power; and (2) providing them with long- 
stroke shock-absorbing landing gears which would 
satisfactorily absorb the shock of landing in a steady 
glide with the control stick held full back, would 
make possible: 

a. Glides with satisfactory lateral stability and 
control throughout the entire range of angles of 
attack possible to maintain. 

b. Landings without power under normal condi¬ 
tions without the possibility of falling into a spin. 

c. Landing over average obstructions and com¬ 
ing to a stop in one-half to two-thirds of the dis¬ 
tance required for the shortest present-day 
conventional landings. 

2. The above-mentioned control limitation on the 
Verville AT airplane had no appreciable effect on the 
ability to perform acrobatic or ordinary maneuvers 
in flight. 

3. Investigations should be carried on having the 
aim of decreasing the tendency to bounce in landings 
with high vertical velocity, of improving the dynamic 
longitudinal stability at high angles of attack, and of 
determining the effect of gusty air conditions on glide 
landings. 

National Advisory Committee for Aeronautics, 

Langley Memorial Aeronautical Laboratory, 

Langley Field, Va., January 25, 1982. 
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TABLE I 

RESULTS OF CONVENTIONAL LANDING TESTS 

Airplanes Doyle 
0-2 

Fleet 
XN2Y-1 

Consolidated 
PT-1 

Verville 
AT 

Boeing 
PW-9 

Curtiss 
Falcon A-3 

Fairchild 
FC2W-2 

Fairchild 
FC2W-2 

Wing loading (pounds per square foot)_ 8.2 8.2 8.9 9 .5 

Slow 

11.6 12.3 13.0 15.9 

Type of landing___ Medi¬ 
um Slow i Medi¬ 

um Slow Medi¬ 
um Slowa Medi- 

um 
Medi¬ 
um Slow 3 Medi¬ 

um Slow Fast Slow Fast Slow ‘ 

Wind speed (miles per hour)_ 
Distance, 50-foot altitude to ground (feet)_... 
Time, 50-foot altitude to ground (seconds)_ 
Corrected distance, 50-foot altitude to ground, no 

wind (feet)... 
Ground run (feet)_ 
Probable ground run with brakes (feet)_ 
Corrected ground run with brakes, no wind (feet). 
Corrected ground run without brakes, no wind 

(feet) .... 

6 
760 
9.3 

841 
455 
266 
300 

545 

5 
354 
4.3 

386 
482 
282 
314 

570 

7 
670 
9.4 

768 
440 
264 
306 

550 

7 
440 
6.3 

505 
440 
264 
306 

556 

6 
542 
6.4 

597 
410 
242 
272 

495 

6 
360 
4.8 

400 
430 
254 
286 

520 

5 
483 
5.6 

527 
840 
480 
534 

970 

5 
400 
4.5 

434 
730 

3 400 
445 

860 

7 
936 

1,036 
690 
415 
480 

875 

475 
5.4 

533 
730 
438 
510 

930 

6 
900 
9.1 

980 
625 
375 
425 

775 

7 
710 
6.4 

777 
625 
375 
425 

775 

5 
1,070 
10.0 

1,149 
950 
520 
567 

1, 026 

6 
700 
5.9 

752 
740 
407 
460 

825 

3 
1,500 
13.0 

1,559 
910 
500 
527 

954 

5 
580 
6.0 

628 
1,000 

550 
597 

1, 076 

With wind 
as measured 

Total distance without brakes 
(feet).. 1,215 836 1,110 880 952 790 1,323 1,130 1,626 1,205 1,535 1,335 2,020 1,440 2,410 1,580 

Total distance with brakes (feet). 1,026 636 934 704 784 614 936 800 1,351 913 1,275 1,085 1, 590 1,107 2,000 1,130 

Corrected 
to no wind 

Total distance without brakes 1 
(feet)____ 1,386 956 1,324 1,061 1,092 920 1,497 1,294 1,911 1,463 1,755 1,555 

— 

2,175 1,577 2,513 1,704 

Total distance with brakes (feet). 1,141 » 700 
1 

1,074 , 811 869 3 686 1, 061 880 1,516 < 1, 043 1,405 1,202 1, 716 1,212 2,086 1, 225 

1 Bad bounce. 2 Pancake with bad bounce. 3 Very slow, needed burst of power. * Very hard landing. 3 Actual test with brakes. 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, 
PARTICULARLY AT HIGH ANGLES OF ATTACK 

I—ORDINARY AILERONS ON RECTANGULAR WINGS 

By Fred E. Weick and Carl J. Wenzinger 

SUMMARY 

This report is the first of a series in which it is in¬ 
tended to compare the relative merits of all ordinary 
and some special forms of ailerons and other lateral 
control devices in regard to their effect on lateral con¬ 
trollability, lateral stability, and airplane performance. 
The comparisons are based on wind-tunnel test data, 
all the control devices being fitted to model wings having 
the same span, area, and airfoil section, and being 
subjected to the same series of force and rotation tests. 

In this particular report the results are given for ordi¬ 
nary ailerons of three different sizes. The medium-sized 
ailerons, which with egual upward and downward defec¬ 
tion are used as a standard for comparison, had a 
chord, 25 per cent of the wing chord and a span If) per 
cent of the semispan of the wing. Of the other two 
sizes, one was long and narrow and the other short and 
wide. The results are given for five different aileron 
movements: One with egual up-and-down deflection, 
one with average and one with extreme differential mo¬ 
tion, one with upward deflection only, and one with the 
ailerons arranged to float with respect to the wing. 

The results showed that although the ailerons of 
medium size with either the egual up-and-down or the 
commonly used differential motions gave very unsatis¬ 
factory control above the stall, satisfactory control was 
obtained with the short, wide ailerons with upward deflec¬ 
tion only, and was closely approached by the same 
ailerons with extreme differential motion. The short, 
wide and the medium ailerons with upward deflection | 
only also gave powerful yawing moments which at all 
angles of attack would aid the rolling, although with 
small deflections above the stall slight adverse yawing 
moments occurred. The only ailerons which gave no 
adverse yawing moments at any deflection or angle of 
attack were the short, wide ones arranged to float. 

INTRODUCTION 

GENERAL 

One of the most promising methods of increasing 
the safety of airplanes is the provision of adequate 
lateral control and lateral stability at the low speeds 
and high angles of attack. Conventional ailerons as 

used at the present time are satisfactory for the usual 
flight range up to angles of attack just below that for 
maximum-lift coefficient (the stall), but they are very 
poor at the angles above the stall. This condition 
is one of the greatest dangers in present-day flying, 
and is often the cause of airplanes falling out of control 
and into spins. At the relatively low angles of attack 
below the stall the flight-path angle in a glide is usually 
not as steep as is desirable for a short approach to a 
landing. The flight path can be made steeper by 
flying at a higher angle of attack; hence it is desirable 
to fly and to have good lateral control and stability 

at the higher angles of attack. 
Many devices, such as slots and floating wing-tip 

ailerons, have been devised for improving the lateral 
control at these high angles. While most of these 
devices have previously been tested in individual 
isolated cases, it is not possible to get a good com¬ 
parison between them because the individual tests 
were made under different conditions in several 
different wind tunnels or in isolated flight tests, and 

with various degrees of completeness. 
As part of a general investigation of safety in flight 

the N. A. C. A. has undertaken a series of tests in 
which it is hoped to compare all types of lateral 
control devices which have been satisfactorily used or 
which show reasonable promise of being effective. 
It is planned first to test the various types of ailerons 
and lateral control devices on rectangular wings of 
aspect ratio 6. Later the best controls are to be 
tested on wings of different shape. Throughout the 
entire investigation all the devices are being subjected 
to the same series of wind-tunnel tests which, it is 
hoped, include all the factors directly connected with 
lateral control and lateral stability that can be satis¬ 
factorily handled in a routine manner in a wind 
tunnel. These tests cover the relative merit of the 
various control devices in regard to lateral controlla¬ 
bility, lateral stability, and general usefulness. They 
include regular 6-component force tests with the 
ailerons, or other control devices, both neutral and 
deflected various amounts, rotation tests in which 
the model is rotated about the wind-tunnel axis and 

357 
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the rolling moment is measured, and free rotation 
tests showing the range and rate of autorotation. 
Because of the large effect of yaw on the stability in 
roll, the tests are made not only with an angle of 
yaw of 0°, but also with one of 20°, which represents 
the conditions in a fairly severe sideslip. 

Throughout the entire investigation it is intended 
in so far as possible to use model wings having a span 
of 60 inches, an aspect ratio of 6, and the Clark Y 
airfoil section. The first wing has ailerons of medium 
dimensions (25 per cent wing chord by 40 per cent 
semispan) representing the average found from a 
number of conventional airplanes and, with the 
average maximum deflection of ± 25°, will be taken as 

Station 0.00 1.25 2.50 5.00 7.50 10 !5 20 30 40 50 60 70 80 90 95 too 
Upper 3.50 5.45 6.50 7.90 8.85 9.60 10.69 II .36 11.70 /1.40 10.52 935 7.35 5.22 2.80 1.49 032 
Lower 3.50 1.93 1.47 0.93 0.63 0.42 0./5 0.03 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0.00 

Figure 1.—Details of ailero ns on Clark Y wings 

the standard with which all the others will be com¬ 
pared. Since it has been found through simple flight 
tests made for the purpose (reference 1) that ailerons 
of this size and form will ordinarily give satisfactory 
lateral control just below the stall, all of the other 
ailerons and control devices will be designed to give 
approximately the same amount of control under those 
conditions. 

Because of the large number of factors involved in 
this investigation, a clear and complete comparison 
of the various devices is difficult. To facilitate this 
comparison a number of standard criterions will be 
used throughout the entire investigation. All the 
tests will be made in the 7 by 10 foot wind tunnel of 

the National Advisory Committee for Aeronautics. 
(Reference 2.) 

PRESENT PORTION OF INVESTIGATION 

This particular report describes the tests on three 
rectangular model wings with ordinary ailerons of 
different sizes. Tests of this same general nature 
have been previously made at the Bureau of Stand¬ 
ards. (References 3, 4, and 5.) They do not, however, 
include all of the factors included in the present 
investigation. 

In addition to the first wing with medium-sized 
ailerons, which will be used as the standard of com¬ 
parison, a second was provided with long, narrow 
ailerons and a third with short, wide ones, both pro¬ 

portioned to give ap¬ 
proximately the same 
rolling moments as the 
medium ailerons, with 
the same deflection at 
angles of attack below 
the stall. The results 
are given for several 

different kinds of aile¬ 
ron movement; namely, 
equal up-and-down de¬ 
flection, two different 
differential movements, 
upward movement 
only, and one with the 
ailerons arranged to 
float. Control forces 
have been computed 
from the Bureau of 
Standards tests (refer¬ 
ence 5) and are given 
with the present results. 

APPARATUS 

Model wings.—The 
model wings were made 
of laminated mahogany 
and the ordinates were 
held accurate in con¬ 
struction to within 
±0.005 inch of those 

ailerons are shown on specified. The sizes of the 
Figure 1. The medium ones are 25 per cent of the 
wing chord by 40 per cent of the semispan. The long, 
narrow' ones are 15 per cent of the chord by 60 
per cent of the semispan and the short, wude ones 
are 40 per cent of the chord by 30 per cent of the 

semispan. 
The ailerons, wdien allowed to float, were both rigidly 

mounted on a shaft supported in bearings in the wring. 
For the floating condition they were constructed so as 

to balance statically about the hinge axis, by means of 
a balsa-wood trailing edge and a brass nose piece. 

Wind tunnel.—The 7 by 10 foot wind tunnel has an 
open jet and a single closed return passage. The tunnel, 
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the balances, and auxiliary apparatus are described in 

detail in reference 2. 
For ordinary force tests the model is mounted on a 

vertical spindle attached to a rectangular frame sur¬ 
rounding the test section of the air stream. The 
balances are arranged to measure all six components 
of the aerodynamic forces and moments about the 
tunnel axis directly in coefficient form. For the tests 
with floating ailerons an optical sighting device is 

used to measure the angle 5af, at which the ailerons 

float. 
For both the free-autorotation and the forced-rota¬ 

tion tests the models are mounted on an apparatus 
which replaces the force-test model support. The ap¬ 
paratus consists essentially of a shielded shaft mounted 
on ball bearings at the center line of the air stream. 
This shaft is either allowed to rotate freely or is driven 
through reduction gearing by an electric motor. The 

rolling moment due to rolling is measured directly 
in coefficient form on the regular rolling-moment 

balance. 
TESTS 

All the tests were made at a dynamic pressure of 
16.37 pounds per square foot, corresponding to an air 
speed of 80 miles per hour at standard sea-level 
atmospheric conditions. The Reynolds Number was 

609,000. 
Aileron movements.—Four different aileron move¬ 

ments were investigated with the rigid ailerons. One 
of these was with equal up-and-down deflection, one 
with average and one with extreme differential move¬ 
ment, and one with upward deflection only. If tested 

individually the several different movements would 
have required a very large number of tests. It seemed 
that a great many of these could be eliminated by 
testing the ailerons individually with up-and-down 
deflection separately, and then adding the results to 

get the combined effect. Although theory indicates 
that this is not a rigorously accurate procedure, be¬ 
cause of the different wing-load distribution, prelimi¬ 
nary tests were made which showed good agreement 
within the accuracy of the investigation. The final 

tests were made with the ailerons deflected equal and 
opposite amounts, and also with one aileron at a time 
deflected first upward and then downward. The 
moments for the differential deflections were then 
computed from the results of the tests with one aileron 
deflected at a time. 

The medium differential arrangement was taken 
from a study of several conventional airplanes, the 
maximum aileron deflections averaging 35° up and 
15° down. The extreme differential movement was 
selected to give as nearly as possible the up-only 
movement which seemed desirable from previous tests. 
With the assumed maximum deflection for this differ¬ 
ential movement one aileron is 50° up and the other 
is 7° down. Table I gives the relative deflections of 

149900—33-24 

the right and left ailerons throughout the range of 
displacement with the two differential arrangements. 
These are illustrated in Figure 2, which also shows the 
assumed linkage systems used for making control- 
force computations for all the aileron movements. 

A, Equal up-and-down 

D, Up-only 

Figure 2.—Aileron linkage systems—assumed maximum deflections 

TABLE I 

ASSUMED DIFFERENTIAL AILERON 
ARRANGEMENTS 

Average differential (No. 1) Extreme differential (No. 2) 

Drive 
crank 
angle ° 

from 
39° 

Aileron deflection 6 Drive 
crank 

angle « 
from 
46° 

Aileron deflection « 

Up Down Up Down 

0° 0.0° 0.0° 0° 0.0° 0.0° 
10° 8. 0° 7.0° 10° 7. 5° 5. 5° 
20° 17. 0° 12.0° 20° 16. 0° 10.4° 
30° 28.0° 14. 8° 30° 25.5° 13. 6° 
40° 40. 0° 15.2° 40° 35. 5° 13.1° 
50° 60.0° 13. 5° S0° 55. 7° 3.3° 

« Drive crank initial angle from vertical. (See fig. 2.) 
» Aileron crank angle 90° to aileron chord. 
« Aileron crank angle 65° to aileron chord. 
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Force tests.—Complete series of force and moment 
tests were made on each wing model with the ailerons 
neutral and with the ailerons deflected various 
amounts, both while attached rigidly to the wing and 
while floating with respect to the wing. The aileron 
deflections tested in the fixed condition were: 

(a) Left aileron deflected downward and right 
deflected upward 0°, 10°, 20°, 30°, 40°, 50°. 

(ib) Left aileron deflected downward 0°, 10°, 20°, 
30°, 40°; right aileron 0°. 

(c) llight aileron deflected upward 0°, 10°, 20°, 
30°, 40°, 60°, 80°; left aileron 0°. 

When floating with reference to the wing, the total 
deflections of one aileron with respect to the other, 
left aileron down and right up, were 0°, 20°, 40°, 60°, 
80°, 100°. 

The angle-of-attack range for the force tests with 
the ailerons neutral was from — 10° to +60°, and with 
the ailerons deflected, from 0° to 40°. A complete 
series of tests was made at both 0° yaw and —20° yaw. 

In the yawed tests the ailerons were deflected in a 
manner to oppose the rolling moment due to the yaw j 
of the wing. 

Rotation tests.—A series of free autorotation tests 
was made on each wing model with the ailerons neutral, 
first in the fixed condition and then floating. The 
reduction gearing was disengaged so that the model 
could rotate freelv about the tunnel axis. Starting 
well below the stall, the angle of attack was increased 
in small steps until the model would just start to 
rotate when given a slight impulse by hand. This 
angle of attack denoted the starting point of auto- 
rotation. The whole range of autorotation was then 
covered and the angles of attack and rates of rotation 
were noted. These tests were made only at 0° yaw 
because the rotational velocities became excessively 
high at 20° yaw, with possibilities of damage to the 
testing apparatus. 

A series of rotation tests to obtain the coefficient of 
the rolling moment due to rolling wras made on each of 
the wings with the ailerons neutral, both locked and 
floating. The angle-of-attack range was from 0° to 
40°, and the tests were made at both 0° and — 20° vaw'. 

Rotations in both clockwise (+) and counterclock¬ 
wise ( —) directions were made at a rate representing 
the maximum rolling motion likely to occur in flight 
in gusty air vrhen the pilot is attempting to hold the 
airplane level. This maximum rate of rolling was found 
by special test flights to be such that the coefficient of 
rotation has the value 

where p is the angular velocity in radians per second, 
6 is the span of the wing, and V is the velocity of 
advance 

Accuracy.—The dynamic pressure w'as maintained 
constant to within ±0.25 per cent. The angle of 
attack was accurate to within ±0.1°, and the angle 
of yaw to ±0.2°. The minimum-drag values, which 
are the averages of several readings, are thought to 

be accurate within ±3 per cent. The lift may be 
relied upon to within ± 1 per cent and the rolling and 
yawing moment coefficients, in general, to within ±3 
per cent. 

The foregoing accuracy applies to angles of attack 
up to and through the stall and also to angles above 
25°. At some of the angles betvreen 20° and 25°, 
however, critical flow conditions apparently exist in 
which burbling does not occur with exact symmetry 
over the wdng. This dissymmetry sometimes causes 
two or more different values of the rolling and yawing 
moments to be obtained. The results are consequently 
rather unreliable for the angles of attack between 20° 
and 25°. The same turbulent condition probabh^ 
exists also in flight at the corresponding angles and it 
can not be certain there either that the same control 

moments will be obtained repeatedly within the above 
range of angles of attack. 

Oscillation of floating ailerons.—Although all the 
ailerons were constructed in such a manner as to have 
static inertia balance about their hinge axes, wrhen 
allowed to float they fluctuated or wavered slightly at 
certain speeds and deflection settings at certain angles 
of attack above the stall. The oscillation was not 
violent and in most cases wras not steady, apparently 
being associated with the turbulent air flow over the 
wdngs. However, it is a condition which might be un¬ 
desirable in flight at certain angles of attack above the 
stall. 

RESULTS 

Coefficients.—The force-test results arc given in the 
form of absolute coefficients of lift and drag and of 
the rolling and yawing moments: 

r 
°L <1 S 

CD = 

Cl 

drag 
q S 

, = rolling moment 
qb S 

n < _ yawing moment 
qbS 

where S is the total wing area, b is the wing span, and 
q is the dynamic pressure. 

The coefficients as given above are obtained directly 
from the balance and refer to the wind (or tunnel) axes. 
In special cases in the discussion where the moments 
are used with reference to body axes, the coefficients 
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are not primed. Thus, the symbols for the rolling and 

yawing moment coefficients about body axes are C\ 
and Cn. 

The results of the rotation tests are given, also about 

the wind axes, in terms of the rotation coefficient 
p'b 
2V 

— 20° yaw. Rolling and yawing moment coefficients 
for the ailerons floating, right aileron up and left down 
various amounts, are given against angles of attack 
for 0° yaw in Figure 10, and for — 20° yaw in Figure 11. 

p'b 
Curves of free autorotation, J0y against angle of 

and an absolute coefficient of rolling moment due to 

rolling, 

where X is the rolling moment measured while the 
wing is rolling, and the other factors have the usual 

significance. 
Tables.—Tables II and III list the coefficients of 

CL, Cd, Ci', and Cn' for 0° and —20° yaw, respectively, 
obtained from the force tests on the wing with medium¬ 
sized ailerons (25 per cent chord by 40 per cent semi¬ 
span) having the ailerons both neutral and deflected 
and in both the locked and floating conditions. The 
angles at which the left aileron floated with respect 
to the wing chord are also tabulated, the negative sign 
denoting aileron up and the positive sign denoting 
aileron down. Table IV gives the values of C\ at 
j)' b p'b 
2y= 0.05, and values of y over the free-rotation range 

for the same wing at 0° yaw with the ailerons neutral 
in both the locked and floating conditions. Table V 

^-^-=0.05 obtained at —20° lists the values of C\ at 2V 
yaw. Tables VI to IX, inclusive, give the results 
corresponding to the above conditions for the wing 
with long, narrow ailerons (15 per cent chord by 60 
per cent semispan); and Tables X to XIII, inclusive, 
list the results for the wing with short, wide ailerons 
(40 per cent chord by 30 per cent semispan). 

Figures.—The test results are also given in the form 
of curves for the wing with medium-sized ailerons, 
these ailerons representing the standard of comparison 
for the entire investigation. The curves for the other 
ailerons are not given because the shapes of the corre¬ 
sponding curves for the three wings are roughly similar 
and the essential results are all compared in a table of 

criterions. 
Figure 3 gives the curves of the lift and drag co¬ 

efficients against angle of attack for the wing with 
ailerons neutral, botl locked and floating, and for both 
0° and —20° yaw. Rolling and yawing moment co¬ 
efficients for the ailerons locked with equal up-and- 
down deflection and 0° yaw are plotted against angle 
of attack in Figure 4. Figure 5 gives the rolling and 
yawing moment coefficients for ailerons locked with 
the right aileron neutral and the left deflected down 
different amounts at 0° yaw. Similar coefficients with 
the left aileron neutral and the right deflected up 
different amounts at 0° yaw are given in Figure 6. 
Figures 7, 8, and 9 give the rolling and yawing moment 
coefficients for the corresponding conditions, but at 

attack, for the wings with ailerons neutral, both in 
the locked and floating conditions, are given for 0° 
yaw in Figure 12. Coefficients of rolling moment due 

. p'b 
to rolling at 0.05 are given in Figure 13 for the 

wing with ailerons neutral, both locked and floating 
| at 0° yaw, and in Figure 14 for —20° yaw. 

CRITERIONS FOR COMPARING RELATIVE MERIT OF 
AILERONS 

A number of criterions are used for comparing the 
effect of the various ailerons on the general airplane 
performance, on the lateral controllability, and on the 

| Figure 3.--Lift and drag coefficients-, 25 per cent chord ailerons neutral; 0° and 
—20° yaw 

lateral stability. These are explained below and the 
values are listed in Table XIV for the 15 aileron 
combinations tested. 

GENERAL PERFORMANCE 

To compare the relative merit of the ailerons in 
regard to their effect on airplane performance charac¬ 
teristics, three simple criterions are used. 

Wing area required for desired landing speed.—The 

first criterion is the maximum lift coefficient CLmax 
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Figure 4.—Rolling and yawing moment coefficients due to 25 per cent chord 
aileron up and down. Ailerons locked; 0° yaw 

Figure 6.—Rolling and yawing moment coefficients due to 25 per cent chord 
aileron up. Ailerons locked; 0° yaw 

Figure 5.—Rolling and yawing moment coefficients due to 25 per cent chord 
aileron down. Ailerons locked; 0° yaw 

Figure 7.—Rolling and yawing moment coefficients due to 25 per cent chord 
ailerons up and down. Ailerons locked; —20° yaw 
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Figure 8.—Rolling and yawing moment coefficients due to 25 per cent chord 
aileron down, Ailerons locked; —20° yaw 
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Figure ll.—Rolling and yawing moment coefficients due to 25 per cent 
chord ailerons up and down. Ailerons floating; —20° yaw 

Figure 9.—Rolling and yawing moment coefficients due to 25 per cent chord 
aileron up. Ailerons locked; —20° yaw 

Figure 10.—Rolling and yawing moment coefficients due to 25 per cent 
chord ailerons up and down. Ailerons floating; 0° yaw 
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which is used as an indication of the wing area required 

for the desired landing speed. 

a 
Speed range.—The second is the ratio which 

^Drain 

is an indication of the speed range and which, for a 

a 

Figure 12.—Effect of floating 25 per cent chord ailerons on stable autorota¬ 
tion. Ailerons neutral; 0° yaw 

Figure 13—Effect of floating 25 per cent chord ailerons on rolling-moment 

coefficient due to rolling at 0.05. Ailerons neutral; 0° yaw 

given minimum speed, shows the suitability of the 

wing for high speed. 
Rate of climb.—The third general performance 

criterion, which is an indication of relative merit in 
climbing flight, is the ratio LjD taken at a value of the 
lift coefficient <7r, = 0.70. In a series of performance 
computations made for airplanes with a number of 
different wing loadings and power loadings, and with 

both plain and slotted wings, this criterion was found 
to be satisfactory throughout the entire range. 

LATERAL CONTROLLABILITY 

Rolling criterion.—The rolling-moment coefficient 
accompanying maximum aileron deflection could be 
used as a simple criterion of the lateral controllability, 

a 
Figure 14.—Effect of floating 25 per cent chord ailerons on rolling-moment 

coefficient while rolling at ^y=0.05. Ailerons neutral; -20° yaw 

but it does not include all the factors involved and it 
is not independent of the air speed nor the angle of 
attack. A criterion is desired which expresses the 
ability to roll an airplane quickly a slight amount 
while attempting a smooth gliding course in gusty air, 
particularly at the angles of attack required for landing. 
This requirement is different from that of good maneu¬ 
verability in that maneuverability depends mainly on 



ORDINARY AILERONS ON RECTANGULAR WINGS 365 

the rate of roll obtained through large angles, while the 
controllability as used here depends on the acceleration 
with which the rolling is initiated. This acceleration 
exists throughout a displacement in roll of 5° to 20°, 
depending on the type of airplane, after which the rate 
of roll is approximately constant. (References 6, 7, 
and 8.) The acceleration obtained at the start has 
therefore more effect on the controllability than has 
the final rate of roll. 

Considering these points, a criterion of lateral con¬ 
trollability has been chosen to represent the tangential 
acceleration at the wing tip for a given airplane regard¬ 
less of the speed of advance. This acceleration is 
dependent upon the mass moment of inertia of the 
whole airplane about its longitudinal, or X axis, as 
well as upon the rolling moment due to the ailerons. 
The mass moment of inertia is, of course, not available 
for use in a general criterion, but it is almost entirely I 
due to the wing, and if a constant weight per unit 
area is assumed for the wing structure, the area moment 
of inertia of the wing about the longitudinal axis can 
be used with reasonable accuracy. This method then 
takes into account the plan form of the wing. 

A rolling criterion R C filling the above requirements 
may be expressed by the formula 

R C= 
ct sb2 

12 CL L 

where Ci is the coefficient of rolling moment due to 
ailerons with respect to the body axis (which axis for 
the wing alone is taken as the midspan chord line), 
and Ix is the area moment of inertia about the mid¬ 
span chord line. 

As an illustration of the effect of plan form, if a 
wing has the extreme amount of taper possible, the 
tip being a point, the value of Ix is half that of a 
rectangular wing having the sarnie area and span, and 
Ci need be only half as large to give the same value of 
R C or the same controllability in roll. The factor 
12 in the denominator of the above formula is in- 

of 

becomes unity and the rolling criterion becomes 

serted so that for a rectangular wing the value 

Sb2 
12 Ix 
simply 

a 
R C= 

Cl 

C 
From another viewpoint gives the position of the 

O'L 

lateral center of pressure in terms of the span; since 
for steady flight the lift is always constant and prac¬ 
tically equal to the weight, the above ratio is always 
proportional to the actual rolling moment, and there¬ 
fore to the tangential acceleration of the wing tip, 
regardless of speed, either above or below the stall. 

Values of the lateral controllability criterion are 
given for four representative angles of attack: 0°, 10°, 
20°, and 30°. The 0° value represents the condition 

for high speed. The 10° value represents the highest 
angle of attack, just below the stall, at which present- 
day ailerons give satisfactory lateral control on con¬ 
ventional airplanes. An angle of attack of 20° is well 
above the stall with the Clark Y airfoil and represents 
approximately the worst range in regard to turbulence 
and instability. The 30° angle is included here mainly 
for comparison with later tests on wings and control 
systems which are satisfactory at higher angles of 
attack. 

A recent survey of a number of conventional air¬ 
planes showed that most of them had ailerons with 
equal up-and-down deflection, and that the average 
maximum deflection was about 25°. A maximum de¬ 
flection of ±25° has therefore been assumed for the 
data on ailerons with equal up-and-down deflection in 
Table XIV. For the othei aileron movements the 
maximum deflections have been selected to give sub¬ 
stantially the same rolling control as the standard 
ailerons at an angle of attack of 10°. 

Lateral control with sideslip.—The aileron control 
in a sideslip is important because the sideslip itself 
causes a rolling moment which, in all ordinary cases, 
will overpower the ailerons at very high angles of 
attack. The criterion which has been taken to cover 
this condition is the maximum angle of attack at 
which the ailerons can balance the rolling moment 
due to an angle of sideslip, or yaw, of 20°. Above this 
angle of attack this amount of sideslip will cause the 
airplane to roll against the ailerons at their assumed 
maximum deflection. 

Yawing moment due to ailerons.—In the ideal case 
in which the rudder, the elevator, and the ailerons 
perform their main functions independently and 
without mutual interference, the ailerons should give 
only a rolling moment about the body axis and no 
tendency to yaw or pitch the airplane. The pitching 
moment is ordinarily negligible, but the yawing 
moment due to the ailerons is often large and in such 
a direction that it tends to make the airplane take a 
yawing motion against that which would normally 
accompany the roll given by the ailerons in a turn. 
This yawing motion causes a rolling moment oppos¬ 
ing that due to the ailerons, and in some cases, par¬ 
ticularly at high angles of attack just above the stall, 
this rolling moment due to yawing becomes stronger 
than that due to the ailerons, and the airplane rolls 
in the opposite direction. 

If it is unavoidable that the ailerons cause some 
yawing as well as rolling moment, it is desirable that 
it be in such a direction that the secondary rolling 
effect aids the ailerons instead of opposing them. In 
fact, for general flying, it is probably advantageous 
to have an appreciable yawing moment accompany¬ 
ing the aileron deflection, if it is in the direction tend¬ 
ing to aid the ailerons and make the airplane turn in 
the proper direction to avoid sideslip. A yawing 
moment of the opposite sense, however, is always 
undesirable at high angles of attack where it can 
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often overpower the rudder and induce a rolling 
moment which will make the airplane roll against the 
ailerons themselves, sometimes starting into a spin. 

This yawing tendency, if present, can be overcome 
only by the rudder, and the criterion used for it is 
simply the yawing moment coefficient with respect 
to the body axes Gn- The value of this coefficient 
on any particular airplane is approximately propor¬ 
tional to the rudder deflection required to overcome 
it, regardless of the angle of attack or the air speed. 
It is essential that the yawing moments be taken about 
the body axes, for they are often negative with respect 
to the wind axes but at the same time positive or 
favorable with respect to the body axes, these being 
the only ones upon which the pilot bases his maneuvers. 
The values of Cn given in the table of criterions 
(Table XIV) are with respect to the vertical body 
axis, taken as perpendicular to the midspan chord 
line and one-fourth of the chord back from the leading 
edge. They are given a negative sign if the secondary 
rolling effect opposes the rolling moment due to the 
ailerons, and a positive sign if the secondary rolling 
moment aids the ailerons. For acrobatic purposes it 
is desirable that this yawing moment be zero, but for 
ordinary flying it is likely that a positive yawing 
moment would be desirable. 

The yawing moments do not always increase as the 
aileron deflection is increased, but sometimes reach 
a maximum negative value with partial deflection, 
after which they may become positive before the as¬ 
sumed maximum deflection is reached. For these 
cases both the positive value at maximum deflection 
and the maximum negative value at partial deflec¬ 
tion are given in Table XIV, and if the deflection is 
other than the maximum it is indicated by letters and 
footnotes. 

LATERAL STABILITY 

slightly lower than those at which they will start by 
themselves. As stated previously, flight tests have 
shown that under extremely gusty air conditions, even 
though an airplane is held as level as possible, it is 

likely to roll to the extent that 
p'b 
2 V 

= 0.05. This has 

been taken as the worst case likely to be encountered; 
in the present investigation, tests have been made in 
which the wings have been forced to rotate at such a 

rate that 
p'b 
2V = 0.05, and the rolling moments due to 

rolling have been measured. A second and more severe 
lateral stability criterion obtained from these tests has 
been taken as the angle of attack below which the 
rolling moment tends to damp out the rolling. 

This critical angle below which the wing is stable is 
i also used as a criterion for the condition of 20° yaw and 

fb_ 
2V 

0.05. 

The above-mentioned angles show the critical range 
below which the stability is such that any rolling is 

damped out and above which the range of instability 
may be large or small, and the instability weak or 
intense. In order to show the degree of this insta¬ 
bility, the maximum unstable rolling moment while 

rolling, C\, which occurs at anj^ angle of attack and in 
either direction of rotation is given as a criterion for 

p'b 
both 0° and 20° yaw, at ^7= 0.05. The maximum 

values of C\ occur at angles of attack just above the 
stall and are greatly influenced by very slight imper¬ 
fections in the form of the models. They should 
therefore be taken as indications only, rather than as 

absolute values. 

In flight the lateral stability is dependent upon many 
factors, but the present wdnd-tunnel tests are confined 
to the tendency to roll caused directly either by rolling 
or by sideslip. Ordinarily, wingg at angles of attack 
below' the stall when rotated about the longitudinal 
axis are subjected to a damping moment tending to 
stop the roll. At the higher angles of attack beyond 
the stall they tend to rotate by themselves with the 
slightest disturbance, this of course being autorotation. 

Angle of attack above which autorotation is self¬ 

starting.—The criterion that is used to compare the 
various ranges of autorotation is the angle of attack 
below which the wing is stable with respect to rolling 

in that it will not start to roll by itself. Below this 
angle of attack the lateral stability is satisfactory, but 
above it the wing is unstable in roll, which is an 
unsatisfactory flight condition. 

Stability against rolling caused by gusts.—If given 

a rotational motion to start with, the wing models will 
sometimes continue to autorotate at angles of attack 

CONTROL FORCE REQUIRED 

A coefficient representing the force required on the 
control stick has been computed from the results of 
previous tests on hinge moments (reference 5) made 
with ailerons of different sizes on a Clark Y model 
wing. On account of the fact that various types of 
linkage are required for the different differential 
aileron movements, the hinge moments could not be 
used directly to indicate the relative values of the 
control force required, and it was necessary to assume 
certain control linkages. The linkages chosen are 
shown in Figure 2. The control force criterion is then 

given by the equation 

GF= 
Fxl 

qXcXSXCL 

where F is the control force required and l represents 
the length of the control lever. As in the case of the 
rolling criterion, the CL in the denominator gives the 
values of the coefficient the proper relation regardless 
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of the angle of attack or air speed, steady flight being 

assumed. Values of the control force coefficient are 
given for the assumed maximum aileron deflection, 

the top of the control stick being given the same 
maximum travel in all cases. 

DISCUSSION OF RESULTS 

GENERAL PERFORMANCE 

Referring to Table XIV, it will be noted that the 
maximum lift coefficients for all three wings with 
locked ailerons are within 2 per cent of the average 
value, 1.25. The slight differences are due to experi¬ 
mental errors in the construction and testing of the 
models. The minimum drag coefficients with the 
ailerons fixed neutral have the same value throughout, 

C 
and so the speed-range ratio, is also essentially 

C/) min 

the same throughout. 
With the ailerons allowed to float the lift coefficient 

falls off from 6 to 14 per cent, the great drop being 
with the short, wide ailerons. With the medium and 
the long, narrow ailerons the minimum drag also is 

C 
less with the ailerons floating, so that the ratio U max 

C z> min 

is about the same as with the fixed ailerons. With the 
short, wide ailerons allowed to float, however, the mini¬ 
mum drag is appreciably greater and the speed-range 
ratio falls off substantially. 

The rate-of-climb criterion is also the same for all 
three wings with fixed ailerons. It is slightly higher 
for the medium and narrow ailerons arranged to float, 
but is somewhat lower for the wide floating ailerons. 

LATERAL CONTROLLABILITY 

Rolling criterion.—It has been found from flight 
experience with several conventional airplanes that 
with average-sized ailerons having equal up-and-down 
deflections the lateral controllability is adequate up to 
angles of attack just below the stall, but that at the 
higher angles of attack it is unsatisfactory. Upon this 
basis the value of the rolling criterion R C for the me¬ 
dium-sized ailerons of the present tests, with a maxi¬ 
mum deflection of ±25° at an angle of attack of 10°, 
is taken as a basic standard value representing the 
minimum value of the criterion for satisfactory con¬ 
trol. For these conditions, (7* = 0.079 and R (7=0.075. 
For the other aileron chords the spans were selected 
to give about the same value of R C at the 10° angle of 
attack. As is shown by Table XIV, the short, wide 
ailerons give a value about 3 per cent higher and the 
long, narrow ailerons a value about 6 per cent lower, 
all of these being taken with the same maximum 
deflection, ± 25°. 

Although the values of (7j are reasonably constant 
for the various angles of attack below the stall (fig. 15), 
the effective rolling control as shown by R C is much 
greater for an angle of attack of 0° (high speed) than 

for 10°; that is, Ci is 0.075 at 0°, compared with 0.079 
at 10°, while R C is 0.204 at 0°, nearly three times its 
value of 0.075 at 10°. Thus, the actual rolling con¬ 
trol is much greater than necessary at the high speed 
or 0° angle-of-attack condition. 

As stated previously, the angle of attack of 20° 
represents the condition of maximum instability. It 
also happens to be about the highest angle of attack 
which can be maintained in a glide with conventional 
present-day airplanes having slightly more than aver¬ 
age longitudinal control. The lateral controllability 
is in every case less at an angle of attack of 20° than 
the satisfactory values obtained at 10°. 

The highest value of R C at an angle of attack of 
20° was obtained with the short, wide ailerons with 
upward travel only which have within 3 per cent of the 
satisfactory value at an angle of attack of 10°. The 20° 
angle of attack does not happen to be a good represen¬ 
tative angle for these particular ailerons, as can be seen 
from Figure 16, which gives the variation of R C with 
angle of attack. Between the angles of 20° and 23° 
the rolling control is in excess of the assumed satis¬ 
factory value. Between 10° and 20°, however, it 
falls about 15 per cent below, although even this value 
is probably satisfactory within the accuracy of our 
knowledge of what is required. 

The peculiar increase of the values of R C with angle 
of attack which occurred with the short, wide ailerons 
with up-only deflection is evident to a lesser extent 
with the differential movements of the same ailerons. 
It is also noticeable but of very small magnitude with 
the medium-sized ailerons. It is not apparent in the 
case of the long, narrow ones. 

With the short, wide ailerons, the extreme differ¬ 
ential movement was the next best at a = 20°, followed 
by the floating arrangement, differential movement 
No. 1, and finally by the equal up-and-down move¬ 
ment which gave a rolling criterion only 59 per cent of 
the assumed satisfactory value at an angle of attack 

of 10°. 
The long, narrow ailerons gave the poorest control¬ 

lability at an angle of attack of 20°, the values of R C 
with the various movements being around one-third 
of the satisfactory value. The standard, or medium¬ 
sized, ailerons gave values in between those of the 
extreme sizes. The best value was found with the 
extreme differential movement and was about three- 
fourths of the satisfactory standard value. 

With all the ailerons the equal up-and-down move¬ 
ments gave the poorest rolling moments at an angle 
of attack of 20°, and in each case the best moments 
were obtained with the extreme differential and up- 
only movements. As previously stated, at the high 
angles of attack above the stall, particularly those 
between 20° and 25°, the air flow over the wings was 
very turbulent, which makes the accuracy of the data 

somewhat doubtful. 
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At the 30° angle of attack, which was included 
mainly to enable later comparisons with slotted wings 
etc., the values of R C were very low for all the ailerons. 
The highest, strangely, occurred with the long, narrow 
ailerons having equal up-and-down deflection, al¬ 
though these gave the lowest values at an angle of 
attack of 20°. 

lateral control with sideslip.—The order of merit of 
the various ailerons with respect to the lateral control¬ 
lability at an angle of attack of 20° and with 20° 
sideslip is approximately the same as without the 
sideslip at the same angle of attack. The short, wide 
ailerons with the assumed maximum deflection gave a 
rolling moment sufficient to overcome the rolling 
moment due to an angle of yaw of 20° up to an angle of 
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Figure 15.—Relation between rolling-moment coefficient (body axes) and 
rolling criterion for 25 per cent chord ailerons fixed up-and-down 25° 

attack of 25° with upward movement only, 24° with 
the ailerons arranged to float, and 22° with the extreme 

differential movement. The medium-sized ailerons 
with upward movement only and the extreme differ¬ 
ential arrangement are next in order. Above the stall 
none of the ailerons with the equal up-and-down or 
with the ordinary differential movements gave an 
appreciable amount of control against 20° sideslip. 
Below the stall, all the ailerons have an increased 
margin of excess control moment as the angle of attack 
is reduced. 

Yawing moment due to ailerons.—It is interesting to 
compare the yawing moments due to ailerons with the 
average values which can be obtained with rudders on 
conventional airplanes. These rudder values range 
from Cn = 0.005 to 0.015, the average value being about 

0.01 for the angles of attack below the stall and 0.007 
for an angle of attack of 20°. As shown in Table XIV, 
negative (or undesirable) yawing moments are obtained 

with all three sizes of ailerons with the equal up-and- 
down deflections, and at the angles of attack just above 
the stall they are greater than can be obtained with the 
average rudder. With the average differential move¬ 
ment (No. 1) the conditions are somewhat better, but 
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Figure 16.—Rolling criterion, 40 per cent c by 30 per cent 5/2 ailerons with 
various movements 

there are still some rather large undesirable negative 
values. 

The ailerons of all three sizes with extreme differ¬ 
ential movements gave very strong positive yawing 

moments with full deflection, but with partial aileron 
deflection at angles of attack above the stall they gave 
negative yawing moments about equivalent to those 
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obtained with an average rudder. The ailerons with 
up-only movement gave very strong positive yawing 
moments below the stall with all three sizes, and also 
well above the stall with the medium and the short, 
wide ailerons. The greatest yawing moments were 
obtained with the short, wide ailerons, and at an angle 
of attack of 20° these reached values about four times 
that obtained with the average rudder. The ailerons 
with up-only movement when deflected about 10° had 
small negative or adverse yawing moments at angles of 
attack above the stall, but had positive values with 
full aileron deflection. This condition suggests the 
possibility of eliminating the negative yawing moment 
entirely by rigging the ailerons with about 10° upward 
deflection to start with and then giving them upward 
movement only or possibly an extreme differential 
arrangement. 

The only aileron condition tested which gave no 
adverse yawing moments at any angle of attack was 
that with the short, wide ailerons arranged to float. 
The positive yawing moments were small at the low 
angles of attack corresponding to high speed and 
cruising flight, but were high above the stall, where 
they should be a great help in obtaining good control. 
The medium and the long, narrow floating ailerons had 
relatively small positive and negative yawing moments 
at all angles of attack, even above the stall. 

LATERAL STABILITY 

Angle of attack above which autorotation is self¬ 
starting.—The angle of attack for initial instability 
in rolling, that is, the angle at which the airfoil will 
start to rotate by itself if mounted on a ball-bearing 
spindle parallel to the air flow, was very nearly the 
same for all the ailerons tested. In every case, allow¬ 
ing the ailerons to float reduced both the rate and 
range of autorotation, the effect being greatest with 
the wide, short ailerons. The wing with the narrow 
floating ailerons was stable up to an angle of attack 
2° higher than with fixed ailerons. The wing with the 
widest floating ailerons had only a weak rotation 
throughout tvro small ranges, 19° to 21° and 28° to 31°. 

Stability against rolling caused by gusts.—The angle 
of attack above which the rolling moment due to 

v'b 
rolling C\ is unstable with a rotation such that ~y= 0.05 

is a more severe criterion of the lateral stability, and 
the values are slightly lower. In each case the range 
of stability was raised slightly by allowing the ailerons 
to float. This effect was small, however, and it may 
be stated with sufficient accuracy that all cases tested 
were found to be stable against rolling below the stall 
and unstable above. With 20° yaw, the angle of 
attack at which Cx becomes unstable is 5° to 7° lower 
than with 0° yaw. 

v'b 
The maximum unstable value of Cx at 2y= 0-05 is3 

rather high with all the fixed ailerons, the values 
differing slightly for the different wing models on 
account of small imperfections in form. These 

unstable values were reduced to less than half by 
allowing the medium ailerons to float, and to one- 
fourth by allowing the short, wide ailerons to float. 

7)/ b 
At 20° 37aw and y= 0.05 the maximum unstable value 

of Cx is great in one direction in every case, being 
appreciably greater than the value of 0/ due to the 
ailerons. The maximum unstable values of Cx occur 
at very high angles of attack, however, and could be 
overcome up to angles of attack of at least 20° by the 
short, wide ailerons with extreme differential move¬ 
ment, upward movement only, or arranged to float. 
With the floating ailerons the unstable value of Cx is 
reduced approximately to half. 

CONTROL FORCE REQUIRED 

In general the control force required to deflect the 
ailerons the assumed maximum amount is largest for 
the ailerons having the widest chord. It is about 
three times as great for the short, wide as for the long, 
narrow ones, and is nearly twice as great for the short, 
wide ones as for the medium ones. For any particular 
size the control force is greater for the up-only, extreme 
differential, and floating arrangements than for the 
ordinary differential and equal up-and-down systems, 
both of which had about the same values. 

SUMMARY OF RESULTS 

Comparison of the best ailerons.-—The most promis¬ 
ing ailerons are compared with reference to the stand¬ 
ard ones having a chord of 25 per cent and equal 
up-and-down deflection. One of the outstanding 
features of the standard ailerons is that at angles of 
attack of 20° to 30° the values of the rolling criterion 
R C are only 50 per cent or less of the assumed mini¬ 
mum satisfactory value which is obtained at an angle 
of attack of 10°. They have good control against 20° 
sideslip at low angles of attack, but this control de¬ 
creases as the angle of attack goes up until at an angle 
of 20°, or just as the wing becomes well stalled, the 
ailerons just balance the rolling moment due to yaw. 
Above this angle of attack the ailerons are overpowered 
by 20° yaw. The yawing moment due to the standard 
ailerons is negative or unfavorable at all angles of 
attack, and for the assumed full deflection at angles of 
attack above the stall the yawing moments due to the 
ailerons are greater than the yawing moment which can 
be obtained with the average rudder. Just below the 
stall the yawing moments are about one-half of the 
value of those obtained with the average rudder. The 
lateral stability as shown by the tendency to damp 
out a rolling motion is satisfactory at the low angles 
of attack, even with sideslip as great as 20°, but above 
the stall the wing is very unstable and tends to roll at 
a rapid rate. The control force required for the stand¬ 
ard aileron may be taken as a satisfactory average 
value for airplanes of medium size and speed. This 
control force is more than twice as great at high speed 
as it is near the stall, but complete deflection is not 
ordinarily required at the high-speed condition. 
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Ailerons of about the standard size are frequently 
used with a differential motion similar to the No. 1 
movement in this series of tests. With this differen¬ 
tial movement the ailerons are somewhat better than 
the standard in regard to controllability at the high 
angles of attack but are nearly as bad in their unfavor¬ 
able yawing moments. At the low speeds where 
complete deflection is often necessary, the control 
force required for the assumed complete deflection is 
slightly less than that required for the equal up-and- 
down movement. 

If suitable operating mechanism were developed, 
the best all-around ailerons of those tested for light 
and small airplanes are probably the short, wide ones 
with upward deflection only. This combination gives 
exceptionally good control at the high angles of attack, 
the value of R C at 20° being 97 per cent of the satis¬ 
factory value at 10°. With maximum aileron deflec¬ 
tion the yawing moments have strong positive values 
at all angles of attack, the only adverse values being 
small and occurring with small aileron deflection. 
Also, the control against sideslip is the most powerful 
of any of the aileron combinations tested, it being 
effective up to an angle of attack of 25° as compared 
with 20° for the standard ailerons. The forces re¬ 
quired on the control stick at medium and low speeds 
are slightly more than double those for the standard 
(25 per cent chord) ailerons with equal up-and-down 
deflection. 

For somewhat larger airplanes the short, wide aile¬ 
rons with extreme differential motion are probably the 
best of those tested. With this arrangement the force 
required on the control stick at low speeds is about the 
same as that with the standard ailerons. The yawing 
moments are mainly favorable, the adverse negative 
values being confined to small aileron deflections and 
the rolling control at high angles of attack is relatively 
good, the value of R C at 20° being 88 per cent of the 
value at 10°. 

For an acrobatic airplane, in which case it is desir¬ 
able to have each control independent and therefore 
to have zero yawing moment due to the ailerons, the 
medium or the long, narrow ailerons arranged to float 
would probably meet the requirements best. Con¬ 
sidering angles of attack below the stall only, very 
small yawing moments are produced by the long, 
narrow ailerons with the average differential movement 
(No. 1). 

CONCLUSIONS 

1. Ailerons of average size with the commonly used 
differential and equal up-and-down movements gave in¬ 
adequate controllability at angles of attack above the 
stall, the rolling moments being only one-half to two- 
thirds of the assumed minimum satisfactory value. 

2. At angles of attack above the stall, rolling mo¬ 
ments closely approaching the minimum desirable were 
given only by the short, wide ailerons, either with ex¬ 
treme differential movement or with upward movement 
only. 

3. The only arrangement with which no adverse 
yawing moments were obtained was with the short, 
wide ailerons arranged to float. These gave rather 
large favorable yawing moments at the high angles of 
attack and very small ones at the low angles of attack. 

4. The ailerons giving the smallest positive or nega¬ 
tive yawing moments at all angles of attack were, in the 
order named, (1) the medium-sized floating ailerons, 
(2) the long, narrow floating ailerons, and (3) the 
medium-sized ailerons with the average differential 
movement. These latter medium-sized ailerons with 
the average differential movement, at an angle of 
attack of 20°, gave an adverse yawing moment equal 
to that which can be obtained with an average rudder. 

5. Large yawing moments aiding the rolling were 
given with the assumed maximum deflection by the 
short, wide and the medium-sized ailerons with up¬ 
ward movement only. Small aileron deflections at 
angles of attack above the stall, however, gave small 
adverse yawing moments. 

6. The results indicate that the adverse yawing 
moments could be entirely eliminated by rigging both 
ailerons up about 10° for the neutral position and then 
giving them an upward movement only or an extreme 
differential movement. It is recommended that further 
tests with these conditions be made. 

7. When floating, the ailerons gave a substantial 
improvement in the lateral stability, the effect being 
greater with the short, wide ailerons. 

8. Allowing the ailerons to float reduced the maxi¬ 
mum lift coefficient but slightly improved the charac¬ 
teristics in regard to climbing performance with all 
except the widest chord ailerons. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., December 10, 1981. 
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TABLE II 

FORCE TESTS. 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
YAW=0° R. N. = 609,000 VELOCITY-80 M. P. II. 

a -10° -5° -3° 0° 5° 10° 12° 13° 14° 15° 16° 17° 

O O
 

cs 25° 

O
 
o

 
1 

C
O

 

_
 

40° 
o o 
o

 60° 

&A AILERONS LOCKED- NEUTRAL 

Cl. 0° -0. 325 0.018 0.161 0.365 0.724 1.037 1.145 1.187 1.232 1. 260 1.266 1. 270 1.020 0. 790 0. 845 0.785 0.693 0. 578 
Co. 0° .032 .016 .016 .021 .046 .086 . 106 . 117 . 127 . 139 . 157 .174 .314 .416 .543 .713 .876 1.042 

LEFT AILERON DOWN. RIGHT AILERON UP 

Cl'. 10° 0.038 0.034 0. 033 0.032 0.029 0. 012 -0. 003 -0 003 
Cn'. 10° -.003 -.008 —.009 -.010 -.011 - 012 —.003 — 006 
C|'. 20° . 065 .069 .066 .06-4 .058 .026 .005 .009 
Cn'. 20° -.006 -.016 -.017 -.019 -.020 -.020 -.011 —. 015 
Cl'... 30° .084 .085 .088 .088 .081 .042 .011 .015 
Cn.. 30° -.007 -.020 -.023 — .025 -.028 —. 026 — .018 —. 023 
Cl'. 40° . 100 .099 .098 .095 .087 . 034 .009 .023 
Cn'. 40° -.007 -.021 -.024 -.026 -.028 -.026 -.018 - 028 
Cl'... 50° . Ill . 109 . 108 . 106 .097 .049 . 001 .005 
Cn. 50° -.006 -.021 —.024 -.027 -.030 —. 029 -.021 -.024 

LEFT AILERON DOWN. RIGHT AILERON 0 

Cl’..... 10° 0.018 0.015 0.014 0.014 0. 005 -0. 007 0.001 
Cn'-. 10° -.002 -.005 -.005 -.006 -.005 0 -.003 
Cl'.. 20° .029 .030 .028 .024 .002 —.009 0 
Cn'. 20° -.006 -.011 —.012 -.013 -.009 -.004 -.007 
Cl'_ 30° .038 .036 .036 .030 .003 —.016 -.002 
Cn'.. 30° -.011 -.016 -.018 -.019 -.012 -.005 -.011 
Cl'. 40° .045 .039 .037 .031 .002 —.011 -.004 
Cn'.. 40° -.015 —. 020 -.022 -.023 -.016 -.012 -.015 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl'.. 10° 0. 019 0.019 0.017 0.016 0.006 -0. 005 0. 002 
C„'. 10° 0 -.003 -.004 -.005 -.005 0 -.003 
C|'. 20° .037 .041 .038 .036 .025 .003 .007 
Cn'. 20° .001 -.005 -.007 -.009 -.011 -.005 -.007 
Cl. 30° .046 .049 . 050 . 049 . 039 .013 .015 
Cn'. 30° .004 —.003 -.006 -.008 -.013 -.007 -.010 
Cl’... 40° .056 .059 .058 . 055 .042 .007 .023 
Cn'. 40° .008 -.001 -.004 . -.006 -.009 -.002 -.013 
Cl'... . 60° .072 .077 .076 .071 . 056 .001 .009 
Cn'.... 60° .016 .005 .001 -.002 -.007 -.002 -.006 
Cl'... 80° .077 .084 .082 .078 .063 .001 . 007 
Cn' ... 80° .022 .010 | .005 .003 -.002 -.002 -.006 

.1 

AILERONS FLOATING-NEUTRAL 

Cl. 0° -0. 323 -0. 049 0.087 0.293 0.647 0. 951 1.051 1.103 1.138 1.166 1.168 1. 161 1.120 0.630 0.618 0.626 0.572 0.486 
CD... 0° .017 .015 .018 .038 .071 .088 .096 . 103 .113 . 129 . 143 . 192 .341 .412 .585 .759 .917 

t>AF- 0° -3° -5° -6° -6° -4° -9° -10° -10° -10° -12° -12° -13° -16° -30° -34° -32° -39° -43° 

LEFT AILERON DOWN. EIGHT AILERON UP 

Cl' . 10° 0.038 0.038 0. 036 0.034 0.018 -0.010 0.016 
C,.' 10° - 001 —. 006 -.006 -.007 -.009 -.005 -.004 

10° 16° 12° 10° 9° 3° -28° -29° 
Cl’ 20° .062 . 062 .059 .054 .033 “-.015 “-.008 
Cn' 20° — 002 -. 009 -.011 -.012 -.014 “.005 “. 005 

20° 14° 14° 11° 9° 6° 1° -7° 
Cl' 30° . 081 .085 .080 .073 “.039 “-. 008 -.008 

Cn' 30° -.003 —.012 -.015 -.017 o—. 017 “. 005 .005 
30° 23° 19° 19° 19° 14° 25° 

O C
O

 

Cl 40° . 100 . 103 .100 .093 o. 045 K 002 .003 

Cn' 40° - 003 -.014 -.019 -.020 o —. 018 0-.001 -.001 

40° 36° 31° 27° 27° 23° -14° -15° 
C|'. 50° . 113 .112 . 108 “. 101 b. 052 .009 .009 

Cn' 50° - 003 —.016 -. 020 “. 021 »-.018 -.007 -.009 

50° 48° 42° 38° 35° 28° 6° 5° 

Ailerons fluctuate ±1° to ±2° under these conditions, 6 Ailerons fluctuate ±3° to ±4° under these conditions. 
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TABLE III 

FORCE TESTS 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
YAW = — 20° R. N. =609,000 VELOCITY = 80 M. P. H. 

a -10° -5° -3° 0° 5° 10° 12° 13° 14° 15° 16° 17° 20° 25° 30° 

O o
 

O o 60° 

5a AILERONS LOCKED—NEUTRAL 

Cl----.. 0° -0. 302 0.010 0.138 0.333 0. 654 0.943 1.040 1.082 1.110 1. 153 1.164 1.194 1. 176 0.888 0.872 0. 796 0. 734 0.616 
Cd-.- - 0° .031 . 010 .017 .021 .043 .079 .094 . 103 . 112 . 123 . 132 . 146 .217 .416 . 507 .666 .866 1.035 
Cl'..-. 0° .001 .004 .005 -.007 -.009 -. 013 -.016 -.017 -.020 -.025 -.031 -.040 -.068 -. 100 -. 100 -.057 -.048 -.045 
C.. 0° .002 .002 .002 .002 .002 .006 .008 .008 .010 .011 .013 .015 .019 .046 .053 .046 .050 .059 

LEFT AILERON DOWN. RIGHT AILERON UP 

C\ .. 10° 0. 034 0.031 0. 032 0. 031 0.030 0.024 0.006 0. 003 
cy... 10° —. 003 -.007 -.009 -.011 -.011 -.012 -.011 -.010 
Ci.. 20° .063 . 063 .063 .062 .061 . 050 .017 . 005 
CY ... 20° -.005 -.015 — .017 -.020 -.020 -.023 -.024 — .016 
Cl' _ 30° 

_ 
. 0.84 .088 .088 .088 .087 .076 .030 .006 

GY.. 30° -.006 -.023 -.027 -.030 -.031 -.035 -.038 -.020 
Ci' .. 40° .096 . 101 . 101 . 102 . 103 .092 .046 .011 
CY._.. 40° -.006 —.022 -. 026 -.030 -.031 —. 035 -.048 —. 026 
Ci’..._ 50° . 104 . Ill . 112 . 113 . 116 

. 
. 102 .050 .015 f 

CY ... 50° 
_ 

-.007 -.023 -.027 -.031 -.033 -.036 -.048 -.026 

LEFT AILERON DOWN RIGHT AILERON 0° 

Cl’-.. 10° 0.014 0.013 0.012 0. 012 0.006 0.003 0.002 
Cn'. 10° -.002 -.003 -. 005 -.005 -.004 -.005 -.005 
Cl'__ 20° .026 .024 .023 .021 .012 . 005 .003 
CY 20° -.006 -.009 -.011 -.010 -.009 -.009 -.009 
Ci’... 30° .034 .032 . .032 .030 .016 .006 .003 

1 Cn'....- - 30° -.010 -.015 -.017 -.017 -. 015 -.014 -.014 
Cl'-... 40° .037 .035 .036 . 035 .018 .005 .002 
Cn'. 40° -.014 -.020 -.023 -.022 -.020 -.017 — .017 

| 
_ 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl'... 10° 0. 019 0.019 
1 

0.018 0.018 0.017 0.002 0. 001 
Cn' .. 10° -.001 -.003 -.006 -.006 —. 007 —. 005 -. 004 
Cl'.. 20° . 038 . 039 .040 . 010 . 038 .011 .003 
Cn'. 20° :::::::: .001 005 -.009 -.010 -.013 -.014 -.007 
Cl... 30° .051 .056 .057 i _ .021 .007 
Cn'. 30° 

_ 
.004 -. 005 -.010 -.012 -.016 1. -.022 -.010 

Cl'. 40° 
_ 

| ! .058 .065 i_ .066 .067 .066 .035 .015 
Cn'.. 40° .009 -.001 1 -.007 -.009 -.013 -.025 -.010 
Ci'.. 60° .067 .079 .083 .086 .087 .047 .014 
Cn'.. 00° .014 . 004 002 -. 004 -.008 -.023 -.010 
Cl’.. 80° .072 .085 ] .090 .093 .098 .053 .013 
Cn'..-. 80° .020 .01)9 | .003 0 004 -.021 -. 010 

1 | 1 .i. 

AILERONS FLOATING—NEUTRAL 

Cl... 0° -0. 329 -0. 027 0.101 0. 283 0. 576 
| 

0. 858 
1 

0.919 1 0. 993 1.028 1.053 1.076 1.081 1.054 0. 788 0. 764 0. 674 0. 615 0.512 
Cd-... 0° .032 .017 .015 .019 .035 . 065 .080 .087 .095 .101 .112 . 119 .173 . 355 .443 .586 .750 .897 
Ci'... 0° -.001 -.005 -.007 -.1X18 -.009 -.011 -.013 -.014 -.017 -.018 -. 023 -.029 -.056 -.088 -.089 -.059 -. 045 -.037 
GY.. 0° .002 .001 .001 .002 .003 . 00.5 .006 .007 .008 .009 .010 .010 .021 .027 .040 .047 .047 .052 
Saf. 0° 0° -2° . -3° -5° -7° -10° -11° -12° -12° -13° -14° -16° -22° -25° -31° —42° -43° -46° 

LEFT AILERON DOWN. RIGHT AILERON UP 

Cl'.... 10° 0.034 0.031 0.029 0.028 0. 021 0.013 0.010 
Cn'.-. 10° -.001 —.004 -.005 —. 005 -.005 -.006 -.003 

10° 18° 10° 6° 4° 7° 0° -7° 
Cl’... 20° i... .061 .060 .058 .040 .028 “.016 
Cn'. 20° -.002 -.009 -.011 -. 011 -.011 -.014 “-.007 

20° 17° 12° 9° 9° 4° —31° -30° 
Cl'..__ 30° .083 .083 .081 .078 .059 .039 “. 007 
C„’ 30° -.002 —.012 —.015 —. 017 -.026 -.022 “-.002 

30° 26° 22° 20° 21° 21° 16° 20° 
Cl'. 40° .093 .099 .099 .095 .073 <’.046 .009 
Cn'.. 40° -.002 — .014 -.019 -.021 

_ 
-.0.31 i—. 029 -.005 

40° 36° 32° 31° 26° 32° 28° -18° 
Cl'.. 50° .103 . 109 . Ill “. 109 “.084 “.052 <■.017 
Cn.- 50° -.003 -.015 -.021 “-.023 “—. 034 o—. 034 b—. 014 

50° 
. 

45° 40° 41° 41° 44° 39° 6° 

Ailerons fluctuate ±1° to ±2° under these conditions. b Ailerons fluctuate ±3° to ±4° under these conditions. 
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TABLE IV 

ROTATION TESTS. 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT b/2 

Cx is given for forced rotation at 
j/b 
~2V =0.05{ 

(+) aiding rotation 
(—) damping rotation 

2 y values are for free rotation 

Yaw=0° Velocity=80 m. p. h. JR. N. =609,000 

CL 0° 12° 14° 16° 18° 19° 20° 22° 23° 25° 26° 27° 28° 30° 32° 35° i 38° 40° 

AILERONS LOCKED—NEUTRAL 

(+) Rotation 
(clockwise).. 

(—) Rotation 
(counter 
clockwise)... 

( Cx 
\ P'b 
[ 2V 
1 Cx 

p'b 
\ 2 V 

-0.0220 -0. 0190 -0.0160 -0. 0030 

(a> 
-.0050 

(•) 

0. 0065 

.310 

.0065 

.310 

0.0125 0. 0370 

.331 

.0400 

.328 

0. 0480 

.336 

.0230 

.352 

0.0440 0.0020 

. .366 

-0.0015 -0. 0020 

0.361 0.398 (•) 

-.0210 -. 0190 -.0160 .0115 . 0150 . 005u 

.365 

-.0010 -.0015 

.375 .389 (•) 

AILERONS FLOATING—NEUTRAL 

(+) Rotation 
(clockwise).. 

(—) Rotation 
(counter 
clockwise)... 

( Cx 
p’b 

\ 2V 

( Cx 
P'b 

-0.0233 -0. 0250 -0. 0237 -0. 0194 -0.0094 -0.0048 

.219 

-.0005 

0.0166 

.228 

.0033 

.242 

. 0. 0045 -0. 0002 

.380 

-.0022 

1 
-0.0053 

0. 237 .286 

. .0098 

0. 362 0. 054 

-.0170 -.0167 -.0153 0105 -.0036 -. 0028 

.238 1 .291 .278 
[ 2V —-. 

° Not self-starting. 

TABLE V 

ROTATION TESTS. 10 IN. BY GO IN. CLARK Y WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT 5/2 

Cx is given for forced rotation at =0.0oj 
(+) aiding rotation 
(—) damping rotation 

Yaw = —20° Veloeity=80 m. p. h. R. N. = 609,000 

a 0° 12° 14° 16° 18° 19° 20° O 
| 

23° 25° 26° 28° 29° 30° 32° 35° ( 38° 40° 

AILERONS LOCKED—NEUTRAL 

(—) Rotation (counter¬ 
clockwise)-.... 

(+) Rotation (clock- 
Cx 

Cx 

-0. 0135 

noAfi 

0.0014 0.0082 

-.0398 

0. 0192 

— 0484 

0. 0394 

— flKQfi 

0.0602 

-. 0668 

0.0930 

-.0728 

0. 0832 

-.0820 

0. 0742 

-. 0760 

0. 0468 

-. 0530 

AILERONS FLOATING—NEUTRAL 

(—) Rotation (counter¬ 
clockwise).. 

(+) Rotation (clock¬ 
wise) ... 

Cx 

Cx 

-0. 0162 

-. 0212 

-0. 0078 

-.0275 

-0. 0036 

-. 0302 

0.0026 

-. 0356 

0. 0156 

-.0450 — 

0. 0350 

-.0536 

0.0667 

-. 0795 

0.0710 

-. 0738 
.1.1 

0. 0700 

-. 0756 ! 

0. 0552 

-.0542 
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TABLE VI 

FORCE TESTS. 10 BY 60 IN. CLARK Y WING WITH AILERONS 15 PER CENT c BY 60 PER CENT 5/2 
0° YAW R. N. = 609,000 VELOCITY = 80 M. P. H. 

a -10° -5° -3° 0° 5° 10° 12° 14° 16° 17° 18° 

O o 
CM 22° 25° CO

 
O

 O O O
 

O O
 

lO
 60° 

Sa AILERONS LOCKED- NEUTRAL 

Cl___ 0° -0. 328 -0.015 0. 125 0. 326 0. 674 1.013 1. 122 1. 194 1. 222 1.215 1.215 1.029 0. 897 0. 780 0. 860 0. 770 0. 680 0. 553 
Cd_ 0° .066 .017 .016 .020 .042 .082 . 103 . 122 . 151 .170 . 186 .290 .341 .411 .533 .701 .868 1.032 

RIGHT AILERON UP. LEFT AILERON DOWN 

CiC... 10° 0. 037 0. 039 0.035 0. 028 0. 007 0. 005 0.019 0.011 0. 006 
CV 10° —.003 —. 009 -.010 —. 010 - 010 -.007 -.010 —.009 -.008 
Ci'-. 20° . 064 . 063 .058 . 047 .018 . 007 .028 .030 . 014 
Cn'. 20° -.005 —. 014 —.016 —. 020 - 018 —. 014 —. 017 —.019 -.016 
Cl’-.. 30° .077 .075 .068 .053 . 012 .011 .037 .043 .023 
Cn'. 30° -.006 -. 007 -.020 —. 023 -. 020 -.017 -.022 —. 026 —.023 
Cl’-... 40° .097 .093 .083 .060 . 017 .005 . 026 .022 .012 
Cn'... 40° -.008 -. 020 -. 024 —.025 -. 023 -.019 -.021 -.022 -.020 
Cl'-. 50° . 112 . 106 .095 .066 .021 .006 .024 .018 .009 
C ' 50° -.008 -.022 -.026 —.026 -.024 -.021 -.022 —.025 -.022 

"1 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Cl'... 10° 0. 016 0. 020 0. 014 0. 012 0. 004 0.001 -0.007 0. 004 0. 003 
Cn'.. 10° —.002 -.005 —.005 —.005 -.005 -.003 —.003 -.004 -.005 
Cl’.... 20° .026 .031 .028 .018 .001 —. 001 —.004 .008 .003 
Cn’. 20° -.005 

_ — 

-.009 — .010 -.010 -.009 —.006 —.007 -.010 -.009 
Cl’-__ 30° .036 .034 .033 .025 -.002 —.004 -.002 .010 .004 
Cn'. 30° —.008 

. 
-.013 -.014 —.015 -.011 -.009 -.010 —.014 —.013 

Cl'-.. 40° .044 .039 . 036 . 024 -.006 —. 006 .002 .014 .007 
Cn'.. 40° — .012 —.017 -.018 —.018 —.014 -.012 -.015 -.020 —.016 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl'.. 10° 0. 020 0.019 0.018 0.018 0.004 0.005 0.017 0. 006 0.004 
Cn'. 10° -.001 —. 004 — .005 —. 006 —.005 -.004 -.007 -.004 —.004 
Cl'-.-... 20° .037 .033 .037 .031 .015 .011 .024 . 020 .009 
Cn' 20° -.001 — .005 —.006 -.009 -.009 -.008 -.009 -.010 -.008 
Cl' . 30° . 043 . 039 .034 .029 .010 . 015 .023 .017 .019 
Cn'.. 30° .002 -.004 -.006 -.007 -.007 -.007 —.007 —.007 -.011 
Cl'.... 40° .055 .053 . 045 . 039 .018 .013 .017 .011 .008 
Cn’. 40° .004 —.003 —.006 -.007 -.008 —.007 -.007 —.005 -.005 
Cl'... 60° :::::::: .067 .066 .058 .047 .029 .017 .018 .007 .007 
Cn’.-.. 60° .010 0 —.003 —.005 -.007 —.006 -.006 —.005 —.006 
Cl’__ 80° .072 .072 .063 .052 .035 .021 .017 .007 .007 
Cn' 80° .015 .004 0 -.002 -.005 -.004 -.004 —.005 —. 005 

AILERONS FLOATING —NEUTRAL 

Cl... 0° -0. 366 -0. 047 0.092 0. 285 0.635 0. 957 1.063 1.122 1.120 1. 110 1.090 1.045 0. 760 0.640 0.660 0. 635 0. 582 0.472 1 
Cd.. 0° .058 .016 .014 .017 .036 .071 .087 . 102 . 129 . 139 . 152 . 183 .288 .342 .426 .589 .767 .917 
Sap___ 0° — 2° -7° -5° -3° -2° -8° -6° -8° -9° -12° -14° -16° -18° -20° -21° -23° -28° -33° 

RIGHT AILERON UP, LEFT AILERON DOWN 

Ci'... 10° 0.037 0. 036 0. 028 0.015 0. 002 0.011 0.014 0.021 0.003 
Cn'.-. 10° —.002 -.006 — .006 -.003 -.002 -.004 —.004 -.008 .001 
Sap_ .. 10° 8° r 4° -2° -7° -7° -5° -6° -11° 
Ci’.. 20° .056 .058 .045 .032 .015 -.013 °—. 003 "-.009 . 004 
Cn’. 20° — .003 -.010 -. 010 —.008 -.007 —.006 « .002 “ .002 - .004 
Sap__-__ 20° 15° 12° 8° 3° -1° -3° -15° -21° -23° 
Ci'... 30° .075 .079 .066 .049 .026 -.015 “-.004 “-. 009 «—. 005 
Cn’. 30° -.004 -.014 —.014 —.012 -.010 -.007 ° .003 « .003 “ .005 
Sap__ 30° 25° 23° 18° 13° 6° 3° -15° -22° —23° 
Ci'.... 40° .095 .093 .086 .064 .034 -.015 -.004 -.008 .001 
Cn'. 40° —. 005 -. 015 —.018 —.015 -.011 -.007 .003 .002 0 
5af_ _ 40° 36° 32° 29° 22° 12° 6° 
Cl'-... 50° . 112 . 106 .094 .074 .039 .021 .005 .003 .013 
Cn'. 50° -.005 -.017 — .018 -.016 -.010 -.007 -.002 -.004 -.005 
8 A F_ _ _ 50° 47° 41° 37° 29° 16° 4° 

. 

0 Ailerons fluctuate ±1° to ±2° under these conditions. 
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TABLE VII 

FORCE TESTS. 10 BY 60 IN. CLARK Y WING WITH AILERONS 15 PER CENT c BY 60 PER CENT 6/2 
YAW = —20° R. N. = 609,000 VELOCITY=80 M. P. H. 

ot -10° -5° -3° 0° 5° 
i 

10° 12° 14° 16° | 17° 18° 20° 22° 1 25° 

O O
 

CO 

O o 50° 60° 

Sa AILERONS LOCKED- -NEUTRAL 

Cl- 0° -0. 318 -0. 013 0.115 0. 306 0.614 0.909 1. 010 1.072 1. 121 1. 133 1. 136 1.020 0.945 0. 875 0. 859 0. 777 
I 

0. 715 0.592 
Co.—-- 0° .048 .018 .016 .020 .039 .074 .091 . 108 . 128 . 142 . 159 . 182 .335 .403 .503 .663 .851 1.032 
Cl'--... 0° .0 -.004 -.005 -.006 -.007 -.011 -.012 -.020 -.029 -.039 -.050 i-. 075 -.098 -.094 -. 079 -. 055 -.048 -.044 
Cn'-- 0° .001 .004 .003 .003 .005 .007 .009 .009 .012 .013 .015 .017 .025 .037 .047 .044 .049 .060 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' .. 10° 0. 031 0.030 0. 029 0. 028 0. 014 0. 017 0 013 0 007 0 014 
Cn 10° -.004 -. 009 —. 009 -.009 —. 010 —. 014 —. 012 —. 009 —. 008 
Cl'... 20° .055 .057 . 058 . 057 . 049 . 048 . 028 . 020 . 015 
Cn'.. 20° 1 -.006 -.015 -.016 —. 017 -. 018 —. 026 —. 032 —. 022 — 018 
Cl'-..---. 30° .070 . 068 . 069 . 066 . 059 . 045 . 039 . 032 . 034 
Cn'.. 30° -.006 -.016 -.019 —. 019 —. 023 —. 029 —. 037 —. 030 —. 026 
Cl'___ 40° .087 . 082 . 083 . 079 . 070 . 051 . 047 . 033 . 020 
C„'... 40° -.008 -.020 —. 022 -. 023 —. 026 —. 033 —. 041 —. 033 —. 024 
Cl'-.-.- SO0 .097 _ .095 _ .091 .092 . 081 . 079 . 055 . 036 . 014 
C„'.-. 50° -.008 -. 020 —.023 -.025 -.029 -.033 —. 046 -.037 -.024 . 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Cl'...-. 10° 0. 011 0.012 0. 008 0.009 0.008 0. 005 0. 005 0.003 0. 003 
Cn' .. 10° -.003 -. 005 -. 003 —. 003 -.003 -. 005 —. 004 -. 006 —. 005 
Cl'__-. 20° . 018 . 020 .020 . 017 .012 . 007 . 009 .005 . 004 
Cn'_ 20° -. 005 -. 008 -. 007 -. 006 —. 007 -.008 -. 008 —.008 —. 008 
Cl'. .. 30° .026 .024 . 027 . 022 . 015 .010 .011 . 006 . 004 
C„’ ____ 30° -.008 —.011 -.011 -. OLO —. 011 -. 012 -. 013 -. Oil —. 011 
C|'_ 40° . 034 .029 . 029 . 027 .018 . 012 . 015 .006 . 005 
Cn' _ 40° -.011 -.015 —.014 -. 013 -. 015 -. 015 -. 015 -. 014 -. 015 

RIGHT AILERON UP. LEFT AILERON 0° 

C|' -__ 10° _ 0.019 0. 017 0. 018 0. 018 0. 019 0. 013 0. 011 0. 003 0. 006 
Cn' - 10° -. 003 —. 005 -.005 —. 005 —. 006 -. 008 -. 006 -. 005 —. 005 
Cl'.... 20° .034 .032 .034 .036 . 036 .023 .022 . 014 .012 
Cn'__ 20° -.002 —. 007 -. 007 -. 009 -. 011 -.014 -.014 -.012 -. 102 
Cl' - 30° . 044 .041 .040 .039 . 040 .031 .029 .022 .022 
Cn’ 30° 0 -. 006 

_ 
—. 007 -. 008 -. 011 - 025 -.015 —.016 -.014 

Cl' . 40° . 054 .051 . 049 . 048 .049 .053 .032 .022 .013 
Cn’.. 40° .003 -.005 -. 007 -. 008 -. Oil -.014 -.035 -. 015 -.008 
Cl . 00° . 062 .065 . 062 . 062 . 062 . 065 .043 .025 . 008 
Cn 60° . 008 -. 001 —. 004 -. 006 -.008 -.011 -.023 -. 016 -.007 
Cl 80° . 067 .068 .068 . 067 . 067 . 070 .046 .026 . 007 
Cn' 80° .013 . 002 0 -. 003 -.006 -. 008 -.021 -.015 -.007 

AILERONS FLOATING- -NEUTRAL 

Cl_ 0° -0. 337 -0. 046 0.078 0. 262 0. 574 0.863 0.960 1.012 1.024 1.025 1.020 1.015 0.850 0.790 0.755 0. 672 0.621 0. 495 
Co--.-. 0° .049 .017 .016 .018 .035 .065 .080 .093 . 110 . 118 . 131 . 170 .286 .341 .444 .583 .764 | .897 
Ci'.__ 0° 0 -.003 005 -.004 -.008 -.009 -.012 -.016 -.027 -.032 -.040 -. 054 -.083 -. 100 -.080 -. 055 -.045 ! -.036 
Cn'.__ 0° .003 .002 .001 .001 .002 .004 .006 .008 .010 .011 .011 .011 .012 . 029 .039 .045 .050 : .053 
Sap— - 0° -2° -3° -4° -5° -4° -6° -7° -9° -10° -14° -16° -19° -19° -19° -23° -27° -30° : -34° 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci' 10° 0.030 0. 029 0. 029 0. 022 0.012 0.011 0. 019 0.014 0.014 

Cn 10° -. 001 -.005 -. 006 -.005 -.002 -.002 -.002 -.003 -.008 
10° 11° 6° 3° 0° -5° -5° -5° -10° -10° 

Ci' 20° . 047 .049 . 042 .037 .025 .034 .028 “ .018 b—. 004 

Cn 20° -.002 -.008 -. 009 -.008 -.006 -.004 -.006 <■-.008 *’-.004 

20° 18° 13° 11° 8° 5° 5° 4° 2° -13° 
Cl’ 30° .066 .067 . 065 .056 .071 .047 .038 “ .022 “-. 008 

Cn 30° —. 003 —.011 -. 014 -.012 -.010 -. 009 -.021 “-.009 “ .002 

30° 27° 25° 22° 18° 17° 16° 19° 7° -24° 
Cl' 40° .081 .080 .079 .071 .053 .057 .045 .027 -.002 

Cn' 40° —. 004 -. 013 -.017 -. 016 -.014 -. 013 -. 026 -.012 -.001 

40° 37° 33° 35° 32° 30° 29° 31° 14° -16° 
Cl’ 50° . 093 .092 . 088 .083 .063 .067 .053 “ .029 .008 

Cn 50° —. 004 -. 015 -. 019 -. 01S -.016 -. 015 -.031 “-.014 -.010 

50° 50° 46° 44° 43° 40° 40° 45° 20° 

0 Ailerons fluctuate ±1° to ±2° under these conditions. b Ailerons fluctuate ±3° to ±4° under these conditions. 

149900—33-25 
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TABLE VIII 

ROTATION TESTS. 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 15 PER CENT c BY 60 PER CENT b/2 

Ox is given for forced rotation at §p=0.05{((j:j iSpin^rotetion 

p'b , 
2 y values are for free rotation 

Yaw=0°. Velocity=80 m. p. h. R. N. = 609,000 

a 0° 12° 14° 16° 18° 19° 

O o 
C

M
 

O C
N

 24° 25° ! 26° 
1 

So 
<N 29° 

O O
 

CO 

O (N
 

CO 35° 

O G
O

 
CO O

 
o

 

AILERONS LOCKED—NEUTRAL 

(+) Rotation 
( Cx 

P'b 
l 2 V 

-0.0203 -0. 0182 -0. 0148 -0. 0056 0.0032 

.294 

0.0242 

.320 

0.0264 

.335 0. 350 

0. 0026 

.361 0. 367 0. 378 — 

0.0097 

.390 0.311 

-0.0018 

(—) Rotation 
(counterclock-l 
wise)...1 

\ Cx 
p'b 

l 2V 

-.0216 0170 -.0160 -. 0050 .0032 

.290 

. 0280 

.312 

. 

.0215 

.337 .355 

-.0125 

“ .361 

—. 0027 

“0.068 “0.065 

-.0005 

AILERONS FLOATING—NEUTRAL 

(+) Rotation 
('clockwise) 

( Cx 
p'b 

-0. 0213 -0. 0210 -0.0174 -0.0131 -0. 0068 0. 0102 

.299 

0. 0240 

.310 

0.0048 

.331 0. 338 0.088 — 

0. 0008 

.092 0. 073 

-0. 0041 

l 2V 

(—) Rotation : 
(counterclock-; 
wise)..J 

1 

( Cx 
•I P'b 
l 2V 

-.0200 -.0184 -.0158 -.0100 — .00*15 

0. 287 

.0190 

.299 

.0240 

.317 

.0065 

.347 a.349 

—. 0036 -.0002 

— 

“ Not self-starting. 

TABLE IX 

ROTATION TESTS. 10 IN. BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 15 PER CENT c BY 60 PER CENT b/2 

Cx is given for forced rotation at ^A= 0.05 f(+) aiding rotation 
U—) damping rotation 

Yaw=—20° Velocity=80 m. p. h. R. N.=609,000 

a 0° 12° 14° 16° 18° 19° 20° 22° 23° 25° 26° 

O QO 29° 30° 32° 35° CO
 

OO
 o o o

 
TT 

AILERONS LOCKED—NEUTRAL 

(—) Rotation (counterclockwise). Cx— -0.0173 0.0036 0.0122 0.0247 0.0438 _ 0.0822 0.0847 _ 0.0871 0.0772 0.0464 

(+) Rotation (clockwise).__ Cx_. .0275 .0375 .0430 . 0525 .0672 .0718 .0800 .... .0868 .0705 .0535 

AILERONS FLOATING—NEUTRAL 

(—) Rotation (counterclockwise). Cx— -0.0138 -0.0018 0. 0044 0.0140 0.0282 _ 0. 0662 0.0762 ---- 0.0798 0. 0723 0.0440 

(+) Rotation (clockwise). Cx... .0245 .0330 .0355 .0415 . 0515 —— .0620 .0738 .0788 .0690 .0498 
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TABLE X 

FORCE TESTS. 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 40 PER CENT c BY 30 PER CENT b/2 
YAW-0° R. N.-609,000 VELOCITY = 80 M. P. H. 

a Ba -10° -5° -3° 0° 5° 10° 12° 14° 15° 17° 18° 20° 22° 25° 30° 40° 50° 60° 

AILERONS LOCKED—NEUTRAL 

Cl. 0° -0.316 -0.003 0.140 0.350 0.714 1. 043 1.152 1. 225 1.252 1.230 1.210 1.070 0.805 0. 788 0.850 0.790 0. 698 0. 585 
Cd.-. 0° .075 .017 .016 .021 .046 .087 . 105 . 125 . 139 . 173 . 196 .290 .353 .411 .536 .713 .868 1.035 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci'. 10° 0.031 0.035 0. 032 0.022 0. 015 0.005 l 0.002 0. 004 0 
Cn. 10° -.003 -. 010 -. 013 -. 014 —. 014 -. 013 i —.010 —. 008 —. 008 
Ci'-. 20° .070 .067 . 062 .052 . 032 . 016 . 003 . 006 . 005 
Cn'. 20° -.007 -. 019 -. 022 -.025 -.023 -.021 —. 017 -.015 —. 017 
Cl'-. 30° .086 . 090 .086 .075 .052 . 030 . 009 . 010 . 009 
Cn'. 30° -.006 -.022 —.028 -.031 —. 028 -.027 —.027 —.021 —. 025 
Cl'. 40° .098 . 102 .099 .088 . 070 .042 . 020 . 014 . 015 
Cn’. 40° -.005 -.020 

----- 
-.026 -. 029 -.028 -.028 —.031 -.026 —.033 

Cl' -. 50° . 108 .110 . 108 .094 .078 .044 . 028 .013 . 017 
Cn. 50° -.006 -.019 -.025 -.027 —.026 -. 026 —. 033 —.028 —. 037 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Cl'---.. 10° 0.018 0.014 0.014 0.007 0.002 -0.002 -0.001 0. 001 0 
Cn’. 10° -.002 -.006 -.007 -.008 -.006 -.005 —.005 —.003 -.004 
Cl’.-. 20° .033 . 028 .025 .017 .001 -.005 —.004 -.002 —.001 
Cn’.. 20° -.008 -.014 -.015 -.015 -.011 -.008 -.008 -.007 -.011 
Cl'. 30° .038 .032 . 028 .023 . 001 -.011 -.006 -.006 -.005 
Cn'... 30° -.013 -.019 -.022 -.022 -.014 -.011 -.013 —.010 -.014 
Cl' . 40° .040 .031 .026 .019 .001 -.015 -.011 -. 009 -.008 
Cn'. 40° -.017 -.023 -.025 -. 024 -.018 -.015 -.016 -. 015 -.018 

« 
RIGHT AILERON UP. LEFT AILERON 0° 

Cl'---. 10° 0. 019 0.019 0.017 0.014 0.009 0.004 0 0.004 0.001 
Cn. 10° 0 -.004 -. 005 -.005 -.006 -.007 -.005 -.004 —.003 
Cl'. 20° .037 

. 
.039 .037 .034 .029 .021 .005 .009 .006 

Cn'-.- 20° .002 -.005 -.007 -.009 -.012 -.013 -.009 -.007 -.008 
Cl'. 30° .048 .055 .054 .050 .048 .038 .009 .014 .012 
Cn'_ 30° .007 -.002 -.006 009 -.013 -. 015 -.011 -.009 -.011 
Cl'_ 40° .058 .071 .072 .008 .066 .054 .019 .019 .020 
Cn 40° .012 .004 .001 -.005 -.009 -.012 -.010 -.010 -.014 
Cl'-. 50° .064 .080 .083 .079 .079 .066 .035 .018 .027 
Cn’. 50° .016 .009 .005 0 -. 005 -.007 -.008 -.006 -.015 
Cl'. 60° .070 .083 .087 .083 .085 .082 .042 .024 .022 
Cn'. 60° .021 .012 _ .008 .004 0 -.002 -.006 -.004 -.011 
Cl'-. 80° .076 .092 .095 .088 .091 .077 .043 .032 .016 
Cn'. 80° .031 .020 .015 .012 .006 .004 .001 .002 -.010 

AILERONS FLOATING— NEUTRAL 

Cl... 0° -0. 377 -0. 096 0.035 0.228 0. 568 0.875 0.981 1.060 1.083 1.071 1.053 1.008 “ 0. 972 “0. 653 0.626 0.607 0. 563 0.488 
Cd---. 0° .079 .021 .019 .020 .036 .066 .082 .097 . 108 . 133 . 151 . 186 “.216 “. 330 .410 . 577 .743 .892 
BaF----- 0° _ r;o 

5 
-8° -9° -10° -13° -16° -18° -19° -21° -21° -20° -21° -22° -30° -42° -44° -50° -52° 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' 10° 0. 037 0. 039 0.038 0.040 0.030 0.037 ‘ 0. 016 0. 007 0. 14 _ . 

Cn' 10° .002 -.001 -.003 -.004 -.006 -.007 <■-. 003 .002 -.003 

10° 0° -6° -9° -11° -13° -31° -19° -32° -31° 
Cl'.. 20° .073 .074 .071 .064 .059 .058 “.028 “. 012 .002 

Cn’- 20° -.002 -.005 -.008 -.010 -. 012 -.012 -.001 .002 .002 

20° 15° 8° 5° 5° 2° 0° -3° -18° -36° 
Cl' 30° .091 . 101 . 101 .085 .073 .062 “.041 “.026 ‘. 011 

Cn' 30° .002 -.006 -.010 -.015 -.017 -.017 o—. 009 “-.003 ‘-.002 . 

30° 22° 17° 17° 15° 15° 16° 13° -1° -20° 
Cl' 40° . 103 . 114 . 116 . 106 .079 .064 o. 046 .034 .013 

Cn' 40° .005 -. 006 -.011 -.017 -.019 -.019 o-.014 -.009 -.007 

40° 28° 24° 23° 24° 27° 28° 25° 13° -2° 
Cl' 50° . Ill . 122 . 121 . 108 .082 .062 “.045 “036 .014 

Cn'. 50° . 002 -.006 -.011 -.016 -.020 -.020 o—. 016 “-.012 -.016 f 

50° 41° 32° 31° 32° 40° 42° 39° 25° 18° . 

° Ailerons fluctuate ±1° to ±2° under these conditions. ‘ Ailerons fluctuate ±3° to±4° under these conditions. 
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TABLE XI 

FORCE TESTS. 10 BY 60 IN. CLARK Y WING WITH AILERONS 40 PER CENT c BY 30 PER CENT 6/2 
YAW--20° R. N. = 609,000 VELOCITY-80 M. P. H. 

a -10° -5° -3° 0° 5° 10° 12° 14° 15° 17° 18° 

O O
 22° 25° CO

 
o

 o O o Cn
 

O
 O 60° 

6a AILERONS LOCKED—NEUTRAL 

Cl.-. 0° -0.307 -0. 005 0.126 0.313 0.645 0. 939 1.030 1.102 1.125 1.155 1.160 1.160 0.917 0.888 0.878 0. 787 0. 736 0. 617 
Cn.. 0° .033 .019 .018 .022 .042 .080 .096 .113 .122 .146 .164 .209 .345 .411 .503 .664 .851 1.014 
Cl'...... 0° -.001 -.005 -.000 -.008 -.010 -.015 -.018 -.024 -.029 -.040 -.048 -.068 -.093 -.103 -. 090 -. 056 -.048 -.044 

Cn'... 0° .003 .002 .002 .002 .003 .006 .007 .009 .012 .015 .017 .021 .030 .039 .051 .044 .049 .058 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' . 10° 0. 035 0. 025 0.031 0.028 0.023 0. 010 0.015 0.007 0.002 
Cn - - 10° -.003 -.009 -.012 —.012 —.014 -.017 -.015 -.013 -.010 
Cl' 20° . 068 .069 .065 .059 .032 .030 .033 .019 .002 
Cn . 20° -.005 -.020 -.024 -.024 -.025 -.033 -.033 -.029 —.017 
Cl' . 30° . 102 . 103 . 098 .088 .076 .069 .053 .038 .005 
Cn 30° -.008 -.032 -. 039 -.034 —.034 -.042 -.045 -.043 -. 026 
Cl' 40° . 106 . 114 . 116 . 115 . 102 .090 .069 .056 .010 
Cn’. ^0° _ _ -.004 -.026 -.037 -.038 —. 037 -.047 -.051 -. 052 —.063 
Cl’ . 50° . 110 . 121 . 133 . 134 .126 .113 .088 .073 .017 
Cn'.. 50° -.004 —.019 -.033 -.036 -.036 -.045 -.051 -.055 -.043 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Cl' . 10° 0.016 0.015 0.014 0. 011 0. 007 -0. 006 0.003 0.002 0.001 
Cn 10° -.002 -.004 — .006 —.005 -.005 -.006 -.004 — .004 -.005 
Cl' . 20° .032 .034 .030 .022 .014 -.003 .005 -.002 .002 
Cn .. 20° -.007 -.014 -.016 —.012 -.012 -.012 -.008 -.009 -.009 
Cl'. 30° .046 .049 .014 .031 .018 -.002 .006 —.001 0 
Cn' 30° -.016 -.028 -. 030 -.021 -.017 -.017 -.014 —.012 —.012 
Cl' .. 40° .040 .038 .051 .034 .019 -.002 .005 -.003 —.003 
C„'.. 40° -.018 -. 023 -.043 -.028 -.023 -.029 -.014 -.017 -.015 

RIGHT AILERON UP. LEFT AILERON C ° 

Cl' 10° 0.018 0.018 0.017 0.017 0. 016 0.005 0. 009 0. 001 0. 001 
Cn'.-.. 10° 0 -.004 -.006 -.007 -.009 -.013 -.011 —.007 — .005 
Cl'. 20° .036 .036 .036 .039 .036 . 023 .027 .015 0 
Cn' 20° .002 -.005 -.009 -.011 —.015 -.023 -.021 -.019 -.008 
Cl'. 30° .058 .054 .053 .054 .056 .040 .044 .032 . 006 
Cn’ 30° .008 -.004 -.008 -.011 -.017 -.034 —. 028 -.027 —.013 
Cl'.. 40° .066 .078 .077 .079 .077 .076 .061 .051 .013 
Cn'.- 40° .015 .003 —.004 -.008 —.015 -.024 -.030 -.032 —.017 
Cl' . 60° 

. 
.066 .099 .098 .099 . 102 . 101 .082 .072 .024 

Cn 50° .018 .013 .005 0 -.008 —.018 -. 026 —.032 —.019 
Cl’.. 60° .069 .092 . 115 .117 .118 .119 .099 .091 .039 
C„'. 60° .021 .016 .016 .010 .001 -.010 -.019 —.028 —.021 
Cl'. 80° .072 .092 . 102 . Ill . 119 . 120 .094 .082 .048 
C„'. 80° .030 .020 .017 .016 .009 —.001 —.011 —.021 —.012 

AILERONS FLOATING—NEUTRAL 

Cl. 0° -0.338 -0.074 0.041 0.208 0. 503 0.774 0. 870 0. 944 0.973 1.018 1.016 “0. 900 “ 0.840 0.725 0. 734 »0.688 “0.610 “0.500 
CD-- 0° .035 .020 .019 .021 .036 .062 .074 .089 . 096 .116 . 130 “.231 “. 261 .331 .418 o. 593 “. 736 “.890 
Ci’. 0° 0 -.003 -.004 -.006 -.007 -.010 -.012 -.017 -.020 -.027 -.034 “—.049 “—. 051 -.055 -.061 0 — . 050 “-.035 “-.034 
Cn'. 0° .002 .002 .001 .001 .002 .003 .005 .006 .007 .009 .021 “.012 “.015 .023 .029 0.039 “.041 “.048 
Sap- 0° -3° -6° -7° -10° -15° -20° -22° -22° 

O
 <N

 

1 -25° -25° -30° -35° -38° -40° -60° -65° -65° 

- 
RIGHT AILERON UP. LEFT AILERON DOWN 

Ci'.. 10° 1 0.034 0.035 0.033 0.029 0.027 0.006 0.006 *>0.009 0.005 
Cn'.-. 10° .001 -.001 -.002 -. 003 -.004 -.012 —.002 *>—.002 —.001 

10° 2° -7° -10° -11° -13° -18° -15° —18° —35° 

Ci'__ 20° .070 .068 .066 .059 .049 .036 .020 .026 “.017 
Cn'. -.. 20° 0 —.004 —.006 -. 007 —.008 .010 —.007 —. 009 “ —. 005 

20° 18° _ 10° 7° 5° 1° 0° -1° -4° -17° 

ci.- 30° . 106 . 109 . 103 .092 .076 .060 .035 .042 “.032 
Cn'.. 30° -.001 -.007 -.010 -.012 —.014 —.016 —.014 -.017 “—.015 

30° 29° 20° 19° 20° 18° 16° 15° 13° 0° .1 

Ci. 40° . 108 . 144 . 140 . 122 .098 .077 .047 .053 .043 
Cn'.. 40° .002 -.008 -.011 -.015 -. 019 -.022 -.020 -.025 -.023 

40° 36° 30° 26° 27° 28° 29° 30° 26° 18° 
ci.. 50° . 107 . 126 . 148 . 143 . 112 .086 .055 .060 “.045 
Cn'.. 50° .002 -.007 -.016 —.015 -.021 —.025 -. 025 —.031 “-.027 

50° 43° 32° 32° 40° 43° 42° 41° 40° 28° 

Ailerons fluctuate ±1° to ±2° under these conditions. *> Ailerons fluctuate ±3° to ±4° under these conditions. 
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TABLE XII 

ROTATION TESTS. 10 BY 60 IN. CLARK Y WING WITH PLAIN AILERONS 40 PER CENT c BY 30 PER CENT 6/2 

„ . . . , .... , p'b .../(+) aiding rotation 
Cx is given for forced rotation at 2f'=0-051(-) damping rotation 

p'b 
values are for free rotation. 

Yaw=0° Velocity=S0 m. p. h. R. N.=609,000 

a 0° 12° 14° 16° 17° 18° 19° 

O o
 21° 22° 123° 25° 26° 27° 28° 29° g

 O ©
 

o
 

1 

AILERONS LOCKED—NEUTRAL 

(+) Rotation 
(clockwise). 

(—) Rotation 
(counter¬ 
clockwise)-. 

( Cx 
P'b 

{ 2V 
I Cx 

P'b 
l 2V 

-0. 0223 -0. 0210 -0. 0143 0.0010 
“0. 264 

“.'258~ 

0. 0144 
.311 

0. 0217 0. 0220 
.334 

.0200 

.334 

0. 0147 
.349 

.0200 

.338 

0.0067 
.361 

.0200 

.361 — 

-0. 0148 
.378 

.0190 

.374 — 

6.374 

.378 

0. 408 

.408 

“0.408 

“.415 

-0.006S -0. 0016 

0222 0203 -.0121 -. 0043 .0012 
.321 

.0075 .0170 . 0065 

AILERONS FLOATING—NEUTRAL 

\ C\ 
(4-) Rotation wh 

-0. 0231 -0. 0236 -0. 0210 -0.0098 -0. 0023 0. 0044 
. 138 

-. 0026 
. 140 

0.0062 
. 136 

. 0082 

. 130 

-0. 0023 
“. 100 

.0030 
“. 108 

-0.0049 -0.0042 
0.065 

.052 

0.0006 
.070 

.0020 

.062 

-0.0046 

(clockwise). 

(—) Rotation 
2 V 

| Cx 
v'b 

0180 0192 -.0158 -. 0092 .0010 0034 — -.0020 -.0030 

clockwise)l 2 V 

“ Not self-starting. 

TABLE XIII 

ROTATION TESTS. 10 IN. BY 60 IN. CLARK Y' WING WITH PLAIN AILERONS 40 PER CENT c BY 30 PER CENT 6/2 

Cx is given for forced rotation at 
P'b n /(+) aiding rotation 
2V~) damping rotation 

Yaw= — 20° Velocity=80m. p. h. R. N. = 609,000 

a 0° 12° 14° 16° 18° 19° 20° 22° 23° 25° 26° 28° 29° 30° 32° 35° 38° 40° 

AILERONS LOCKED—NEUTRAL 

(—) Rotation (counterclockwise). 
(+) Rotation (clockwise).. 

Cx 
Cx 

-0. 0152 
-. 0262 

0. 0012 
-.0352 

0. 0084 
-. 0391 

0. 0220 
-. 0486 

0.0408 
-.0625 

0. 0798 
-.0668 

0. 0847 
-.0802 

—— 0.0822 
-.0820 

0.0724 .... 
-.0707 .... 

0.0458 
-.0526 

AILERONS FLOATING—NEUTRAL 

(—) Rotation (counterclockwise)_ 
(+) Rotation (clockwise)-- 

Cx 
Cx 

-0. 0170 
-.0226 

-0. 0058 
-.0312 

-0.0020 
-. 0336 

0.0042 
-.0398 

0. 0162 
-.0514 — 

0. 0392 
-. 0586 

0.0410 
.0560 

0.0440 
-. 0532 

_]_ 

0.0468 
-. 0566 

0. 0402 
-. 0438 
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TABLE XIV 

CRITERIONS SHOWING RELATIVE MERIT OF AILERONS 

Subject Criterion 

Plain ailerons 15 per cent chord by 60 
per cent semispan 

Plain ailerons 25 per cent chord by 40 
per cent semispan (assumed standard 
size) 

Plain ailerons 40 per cent chord by 30 
per cent semispan 

Stand¬ 
ard, 

25° up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° up, 
15° 

down 

Differ¬ 
ential, 
NTo. 2, 
50° up, 

7° 
down 

Up 
only, 
60° 

Float¬ 
ing, 

50° dif¬ 
ference 

Stand¬ 
ard, 
25° 
up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° up, 
15° 

down 

Differ¬ 
ential, 
No. 2, 
50° up, 

7° 
down 

Up 
only, 
60° 

Float¬ 
ing, 

50° dif¬ 
ference 

Stand¬ 
ard, 
25° 
up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° up, 
15° 

down 

Differ¬ 
ential, 
No. 2, 
50° up, 

7° 
down 

Up 
only, 
60° 

Float¬ 
ing, 
50° 

differ¬ 
ence 

Wing area or min- Maximum Cl...) f 1.222 1.222 1.222 1.222 1.140 1.270 1.270 1.270 1.270 1.168 1.258 1.258 1.258 1.258 1.083 
imum speed. 1 

Speed range. Max Cl/M in Cd 1 ~ 1 76.4 76.4 76.4 76.4 76.0 79.4 79.4 79.4 79.4 77.8 78. 5 78. 5 78. 5 78. 5 57.0 
Rate of climb_ HD at Cl=0.70.J 1 15.9 15.9 15.9 15.9 16.3 15.9 15.9 15.9 15.9 16.3 15.9 15.9 15.9 15.9 14.9 

(RC a=0°_ .218 .233 .233 .203 .230 .204 .202 .214 .196 .243 .226 .234 .226 .202 .366 
Lateral control- ) RC a = \0°._.. .071 .071 .075 .064 .073 .076 .074 .074 .072 .083 .078 .084 .083 .076 . 101 

lability. ]-RC' a = 20°.. .020 .018 .032 .029 .021 .038 .051 . 055 .054 .035 .046 .058 “.073 k f)74 .068 
1 RC a=30°.. .054 .027 .013 .009 -. 015 .017 .005 .002 .002 -. 018 .019 .025 .026 .022 .025 

Lateral control Maximum a at which 19° 18° 19° 19° 18° 20° 20° 21° 22° 19° 19° 20° 22° 25° 24° 
with sideslip. ailerons will balance 

Ct' due to 20° yaw. 

Cn sy — 0° /_ .005 .010 .002 .010 .016 . 005 .016 . 021 “. 002 
1-.006 b-. 003 b —. 003 “-.001 -.003 -.007 b-. 003 b—. 002 -.002 —.007 b—. 002 “—.001 

Yawing moment Cr, n —10° /_ .002 .009 .012 .004 .013 .018 .002 . 006 .020 . 026 . 009 
due to ailerons, 1 —. 003 “-.002 “-.001 “-.001 -.004 b—. 002 b—. 001 -.007 b—. 003 “—.002 
(+) favorable (7n ct—20° .003 .008 .013 . 001 .019 .029 . 010 
(—) unfavorable. •-.009 •-.008 “-.004 b-. 002 -.010 *-. 007 b—. 006 “-.003 -.002 -.010 »-. 008 b—. 007 “-.003 

<7„ /v—an° f- ■'.001 d. 003 “.004 .002 .002 . 003 . 009 . 000 
l“—.002 “-.002 -.002 -.001 '-.003 -.008 -.008 b—. 007 b—. 004 '-.003 -.012 >'-.009 “—. 005 “-.002 

a for initial instability in 18° 18° 18° 18° 19° 18° 18° 18° 18° 21° 18° IS0 18° 18° 19° 
rolling. 

a for initial instability at 
v'b 

17° 17° 17° 17° 19° 17° 17° 17° 17° 21° 17° 17° 17° 17° 18 0 

2y=0.05 Yaw =0°. 

Lateral stability , <x for initial instability at 10° 10° 10° 10° 13° 11° 11° 11° 11° 15° 12° 12° 12° 12° 15° 
(3 a=0°). p'b 

2y-=0.05 Yaw=20°. 

Maximum unstable C\. .028 .028 .028 .028 .024 .048 .048 .048 .048 .016 .022 .022 .022 .022 .008 
Yaw=0°. 

Maximum unstable C\. .087 .087 .087 .087 .080 .093 .093 .093 .093 .071 .085 .085 .085 . 085 .047 
Yaw=20°. 

(CF «=0°.. .010 .012 .015 .021 .012 .017 .019 .028 .041 .022 .030 .032 .052 .079 .046 
Control force re- J CF a=10°.. .003 .002 .003 .006 .004 .006 .005 .005 .010 .007 .010 .007 .007 .014 .012 

quired. CF a=20°_ .003 .002 .006 . 003 009 004 
(CF a=30°_ .003 .002 .007 .003 .011 .004 

---L 1 

d_ °}° ^Where the maximum yawing moment occurred below maximum deflection, the letters indicate the deflection of the up aileron as follows: “ = 10°, »= 15°,« 20 
— t *—<50 , '—40 » 

" RC has a minimum value of 0.066 at <* = 17° and a maximum of 0.079 at <*=22° 
h RC= 0.064 at a=17° and 0.094 ata=22°. 
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AIRCRAFT SPEED INSTRUMENTS 

Bv K. Hilding Beij 

SUMMARY 

This report presents a concise survey oj the measure¬ 
ment of air speed and ground speed on hoard aircraft. 
Special attention is paid to the Pitot-static air-speed, 
meter which is the standard in the United States for air¬ 
planes. Air-speed meters of the rotating vane type are 
also discussed in considerable detail on account of their 
value as flight test instruments and as service instruments 
for airships. Methods of ground-speed measurement 
are treated briefly, with references to the more important 
instruments. A bibliography on air-speed measure¬ 
ment concludes the report. 

INTRODUCTION 

PREFATORY NOTE 

In 1922 the National Advisory Committee for Aero¬ 
nautics issued Report No. 127, Aircraft Speed Instru¬ 
ments, by F. L. Hunt and H. 0. Stearns. The rapid 
progress of aviation, both military and civil, since 
that time has brought about so many changes in the 
technique of measuring the speed of aircraft, particu¬ 
larly the speed with reference to the air, that the report 
is now largely of historical value only. The evident 
need for another presentation has resulted in this new 
report which was prepared at the aeronautic instru¬ 
ments section of the Bureau of Standards under a 
research authorization and with the financial support 
of the National Advisory Committee for Aeronautics. 

The primary purpose of the report is to present in 
concise form a complete summary of the art of measur¬ 
ing the speed of an aircraft, both with reference to the 
air and with reference to the ground. To this end, 
data now widely scattered in various publications, 
many of which are not easily obtainable, are brought 
together, and available new material is included in so 
far as possible. Although attention is devoted 
chiefly to American instruments and methods, fre¬ 
quent references to foreign practice have been required 
in order to cover the subject. 

The speed of the aircraft with reference to the air 
is designated simply the air speed; the speed relative 
to the ground, the ground speed. The ground speed 
can be obtained from the air speed by applying a cor¬ 
rection for the wind velocity, if the wind velocity is 
known. 

The major portion of the report is devoted to air¬ 
speed measurement, and in particular, to the Pitot- 
static type of instrument. Owing to the inherent 
difficulties involved, ground-speed measurement is 
still in a very incomplete stage of development. Con¬ 
sequently, only a brief resume of this subject is given. 

Previous publications have been freely consulted 
and acknowledgment is made in most instances to 
the source publications listed in the bibliography. 
Much material was made available through the cour¬ 
tesy of the Bureau of Aeronautics of the Navy De¬ 
partment and of various instrument manufacturers. 

The appended bibliography does not pretend to be 
exhaustive. Nevertheless, it is believed that the list 
is complete enough to be of great service to anyone 
who may desire to study the subject in detail. 

HISTORICAL OUTLINE 

The development of air-speed indicators has closely 
followed progress in heavier-than-air flying. On the 
first flight, Orville Wright carried a Richard anemom¬ 
eter, primarily, it is true, to measure the air distance 
flown, in order to furnish data required for checking 
propeller computations. Speed was determined from 

i the anemometer reading and the time of flight meas¬ 
ured by a stop watch. Toward the end of the first 
decade of mechanical flight, various forms of instru¬ 
ments began to appear. Some of these were hardly 
more than stalling indicators, consisting of a pressure 
plate deflecting against a spring. The scale was 

i merely a red mark indicating the proper speed of 
flight. In England the Pitot-static tube with a liquid 
manometer as indicator, in Germany the Robinson 
cup anemometer driving a centrifugal tachometer as 
an indicator, and in France and Italy the pressure- 
plate indicators all appeared several years before the 
outbreak of the World War. The British, who have 
consistently adhered to the Pitot-static type, soon dis¬ 
carded the liquid manometer indicator and introduced 
mechanical pressure gauges with nonmetallic dia¬ 
phragms of rubber or oiled silk in order to obtain the 
necessary sensitivity. The French and Germans 
attacked the problem in another way. With single 
and double Venturi tubes they were able to obtain 
higher differential pressures and hence had no diffi- 
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culty in usinv metallic diaphragms. The Pitot- 
Venturi, of the type largely developed by Zahm, 
was favored in the United States. 

Since 1922, when Report No. 127 was issued, there 
have been a number of outstanding changes in the 
methods of measuring air speed. The disappearance 
of the huge war stocks, the results of research con¬ 
ducted during and after the war, and commercial com¬ 
petition, stimulated by increasingly rigid specifications 
by the Army and Navy air services, have brought 
rapid advances. 

A major change has been the virtual abandonment 
of the use, in the United States at least, of the Ven¬ 
turi head in all its forms and the acceptance in its 
place of the Pitot-static head. A number of factors 
have contributed to this change. Most important, 
it was shown toward the end of the World War that 
the Venturi was not satisfactory at low speeds. The 
need for close tolerances in the manufacture of Ven¬ 
turi heads in order to obtain tubes with the same cali¬ 
bration characteristics has been a great disadvantage 
in comparison with the Pitot-static tube. Another 
factor in the elimination of the Venturi has been the 
improvement of metallic diaphragm indicators so that 
the measurement of the lower differential pressures 
delivered by the Pitot-static head is no longer a serious 
problem. 

The calibration and the computation of altitude 
corrections for differential pressure instruments have 
been affected by the adoption in 1925 of a new stand¬ 
ard atmosphere. A “standard atmosphere” is an 
arbitrary altitude-pressure-temperature relation which 
is so chosen as to more or less correspond to the yearly 
average of actual atmospheric conditions. The con¬ 
stants of the standard atmosphere for zero altitude 
are used in the calibration of air-speed indicators (of 
the common types), and the relation itself in computing 
“true” air speeds at other altitudes. Previous to 
1925 the standard atmosphere used for calibrating 
altimeters in the United States was based on the as¬ 
sumption of an isothermal atmosphere at a temperature 
of + 10° C. This was satisfactory for use at altitudes 
of less than about 12,000 feet. In the new standard 
atmosphere adopted in 1925 the atmospheric tempera¬ 
ture is assumed to decrease linearly with altitude up to 
the commencement of the isothermal layer at a tem¬ 
perature of —55° C. This relation has been found to 
represent very closely the average annual conditions 
for a latitude of 40° in the United States. 

Another change, which affects the calibration of air¬ 
speed indicators of the commonly used types, has been 
necessitated by the increased speeds of airplanes. 
As long as the speeds did not exceed 150 miles per hour 
it was unnecessary to take into account the compressi¬ 
bility of the air. Much higher speeds are not uncom¬ 
mon at present and, accordingly, the adiabatic formula 
for pressures of air coming to rest has been adopted. 

Other developments affecting indicators are of in¬ 
terest. The first is the vertical-scale indicator designed 
with a view to economizing space on the instrument 
board. It has not met with much favor as regards 
air-speed indicators. The second is the adoption by 
the United States Army and Navy of two new standard 
dial and case sizes for all aircraft instruments. This 
change, initiated by the Navy, has involved a reduc¬ 
tion in the size of the case of the air-speed indicator 
from 3 /s to 3% inches in diameter. The advantages 
of uniformity and interchangeability of mountings are 
obvious. Nonmetallic cases have also come into 
general use. 

TYPES OF AIR-SPEED METERS AND THEIR USES 

Aircraft air-speed meters are, in general, composed 
of two distinct parts—an operating element which is 
exposed to the stream of air flowing past the aircraft, 
and an indicating element which is mounted on the 
instrument board. In certain cases where distant 
indication is impracticable on account of the character¬ 
istics of the operating element, both element and 
indicator are built into one unit. Since the operating 
element must necessarily be mounted in an exposed 
position, usually at some distance from the pilot’s 
seat, such combined instruments operate under serious 
disadvantages. Further the indicator must be very 
carefully housed and protected from rain, ice, and 
dust; and the scale must be large and open so as to 
be readily legible. Illumination for night flying is 
complicated. Finally, the instrument is bound to 
offer greater head resistance and introduce mounting 
difficulties. Such instruments, therefore, are not in 
common use at the present time although occasionally 
employed for special purposes. 

Air-speed meters may be conveniently classified 
according to the type of operating element, as follows: 

1. Differential pressure. 
(a) Pitot-static. 
(b) Venturi. 
(c) Pitot-Venturi. 

2. Mechanical. 

(<x) Rotating element. 
(o) Deflecting element. 

3. Thermal (hot-wire). 
For the purposes of this report, the above classification 

will be followed. 
In the first type of instrument, which is most com¬ 

monly used in aircraft, the differential pressures pro¬ 
duced by the airstream in tubes of special forms, 
called pressure heads or nozzles, furnish a means for 
determining air speed. The pressures produced are 
measured by sensitive gauges calibrated in speed 
units. The second type comprises instruments with 
rotating fans or windmills of various forms, the speed of 
rotation giving a measure of air speed; and instru¬ 
ments in which the impact pressure of the moving air 
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causes an element to deflect against a restraining spring, 
the amount of deflection being a function of the air 
speed. In the third type, the heat loss from a hot wire 
placed in the air stream furnishes a measure of the 

air speed. 
It is often convenient to classify air-speed meters 

according to the effect of variations of the air density 
on the operating element. The mechanical type of 
instrument with a rotating element is the only type j 
which is unaffected by air density, and that only when 
the element rotates with a negligible resisting torque. 
The indication corrected for instrumental errors is 
known as the true air speed. Vane and cup anemom¬ 
eters with very little friction are examples. The 
indications of other types given above are affected by 
the air density, including instruments with a rotating 
element which rotates against considerable torque, 
bridled anemometers, pressure-plate instruments, and 

the thermal types. 
The instruments unaffected by the air density are of 

especial value for flight testing, for navigation, and for 
use in airships. The instruments affected by the air 
density, especially the commonly used differential 
pressure type, are of particular value on airplanes. 
The indication of the instruments of the latter type 
in which the differential pressures are proportional to 
the product of the air density and the square of the air 
speed, at least within certain limits, is frequently called 
the ‘‘indicated speed.” It so happens that the forces 
supporting an airplane in flight are also functions of the 
same quantity and hence the indicated speed is of 
unique value for airplanes. The stalling speed, for 
example, is always given by the same value of the indi¬ 
cated speed regardless of the altitude of flight. 

The aircraft air-speed meter may be used as a 
service instrument to indicate the speed of flight, as 
one of the testing instruments for evaluating the 
performance characteristics of aircraft, or as a navi¬ 
gating instrument. The most suitable type depends 
not only on the purpose for which data on air speed 
are desired but also to some extent on the type of 

aircraft on which it is to be used. 
In service use on airplanes the chief function of the 

air-speed meter is to assist the pilot in securing the 
desired performance of his airplane, whether it be maxi¬ 
mum speed, most economical speed, or speed for great¬ 
est duration of flight. Also, in connection with other 
instruments, it helps the pilot to maintain level flight 
under unfavorable weather conditions or at night, and 
warns him of any dangerous loss of speed which might 
result in a stall or of excessive speeds in diving which 
might overstress the airplane. The differential pres¬ 

sure type is ideally suited for this function. 
The importance of accurate measurement of the air 

speed in flight testing is obvious. Here the true air 
speed is desired. On account of its otherwise desirable 
characteristics the Pitot-static type is most frequently 

used, although density corrections are required for 
evaluating the true speed. Air logs (vane-type ane¬ 
mometers) giving true air distance, and with the aid of 
a stop watch true air speed, offer many advantages, 
particularly when slow speeds, as those in the neighbor¬ 
hood of the stalling speed, are to be measured. 

For navigation true air speed is required in order to 
determine wind speed and hence ground speed. Air 
logs are a useful aid to dead reckoning in long-distance 

flights. 
On airships a true air-speed indicator is the most suit¬ 

able for all purposes. On account of interference effects 
in the neighborhood of the airship, a suspended operat¬ 

ing element is very desirable. 

DIFFERENTIAL PRESSURE AIR-SPEED METERS 

OPERATING ELEMENTS 

A. GENERAL THEORY OF PRESSURE HEADS 

Certain general conclusions regarding the perform¬ 
ance of pressure heads of any type may be conven¬ 
iently derived by the method of dimensional analysis. 
(Reference 61.) It is assumed that the axis of the 
pressure head is in the line of the air flow. It can 
be shown that the differential pressure is given by the 

following equation: 

(1) 

where 
p—total pressure. 

p0—static pressure. 
p — p0—differential pressure developed by the 

head. 
K—dimensionless constant depending on 

the form of the pressure head. 

p—air density. 
V—air speed. 
/x—air viscosity. 
E—modulus of compressibility of air. 
D—characteristic linear dimension of the 

pressure head, e. g., the throat diam¬ 
eter of a Venturi tube. 

$—a functional symbol. 

For an ideal gas, 
E='ypo 

where 7 is the ratio of the two specific heats of the gas. 

Also, TPo _ a2 

P 

where a = speed of sound in the undisturbed medium. 
Hence, equation (1) may also be written in either of the 
following two equivalent forms, assuming the air to 

have the properties of an ideal gas. 

p-Po=K„V*-<l>(P^,^ (la) 

p-Po = KPV>-*(P^,(fy1) (lb) 
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Equation (1) states that the differential pressure is 
proportional to the product of the air density and the 
square of the speed, and that the factor of propor¬ 
tionality (K) depends on the geometrical shape of the 
pressure head. It is evident, also, that an instrument 
of this type will read true air speed only for the one 
particular density p which is adopted for calibrating 
the indicator. Hence, the readings will vary with air 
density and thus with altitude. 

Further, the equation states that the differential 

pressure is some function <£ of the variables (pN) 

and 
E \ 

pV2/ 
The form of the function <f> is not given 

by the dimensional analysis and must be determined 
either from theoretical considerations, or if this is 
not possible, by experiment. 

The quantity - — p is called the Reynolds Number. 

Since the air viscosity p enters the equation only 
through this factor, it may also be called the viscosity 
factor. Also, the absolute size of the pressure head, 
as specified by the linear dimension D, enters only 
through this factor so that it gives a measure of the 
scale effect. An examination shows that its effect on 
the differential pressures developed is nil if changes 
in either the air viscosity or the absolute size of the 
head for geometrically similar pressure heads do not 
affect the differential pressure for a given air density 
and air speed. Thus a viscosity effect and a scale 
effect are always associated and if changes in viscosity 
do not influence the differential pressure, then nothing 
which enters only in the Reynolds Number can have 
any effect and it may be omitted from the equation. 
In this case, equations (1), (la), and (lb) become 

p-pQ = KpV2-\[/ (2) 

l)-R = ffpP^(®) (2a) 

2>-2>o = KpV*-*(jj (2b) 

The quantity or its equivalents and (% 

may be termed the compressibility factor because the 
air compressibility appears here only. If the effect of 
the compressibility can be neglected, then the equa¬ 
tions reduce to the familiar simple form 

p-p^KpV* (3) 

In the left-hand members of equations (1) to (3), the 
total pressure head p, represents the pressure developed 
in a device such as a Pitot or a Venturi tube placed 
in a moving stream of air. This pressure is the 
algebraic sum of the static or barometric pressure of the 
undisturbed air and a pressure which is developed 

only as a result of the relative motion of the air and 
the tube. Since it is the second of these pressures 
only which is a function of the air speed, it is necessary 
to measure the static head independently in order to 
evaluate the difference. This is the purpose of the 
static tube. 

In the case of a combined Pitot and Venturi, the 
expression (p—p0) becomes (P + p0) — (S+p0) = P — S 
where p0 is the static pressure, P the impact pressure or 
velocity pressure in the Pitot tube, and S the differ¬ 
ential pressure (suction) of the Venturi. Since the 
Venturi tube produces a suction, S' is less than the 
static pressure, and it is evident that the combined 
Pitot-Venturi head produces a greater differential 
pressure than can be obtained by either tube used with 
a static head. 

B. PITOT TUBES 

Theory of the Pitot Tube 

(a) The pressure developed.—Neglecting the air- 
viscosity term and making certain assumptions as to 
the nature of the air flow, Buckingham (reference 32) 

has derived for the Pitot tube the relation 

V= 2y Vo 
7-1 p 

which may be written in the form 

V~Vo = V o 1 + (7 — I )pv2 

2yp0 
(4) 

The symbols are defined in the preceding section. 
The validity of neglecting the effect of viscosity on 
heads intended for use on aircraft has been verified by 
experiments (reference 53) which show that the vis¬ 
cosity effect is inappreciable except for very small 
tubes (less than 0.01 inch in diameter) at very low 
speeds. The inclusion of the compressibility factor, 
however, has been justified experimentally. (Refer¬ 
ence 45.) The formula is, therefore, applicable to the 
Pitot tubes of aircraft air-speed meters. For speeds 
greater than the speed of sound, the formula does not 

hold. 
If the right hand member of equation (4) is expanded 

by the binomial theorem, the equation becomes 

p-Po = V2py^+{^o+ • • ’] (4a) 

which is of the same form as equation (2a) if we put 

The factor in brackets may therefore be regarded as a 
correction factor which takes into account the effect of 
air compressibility. Computation will show that the 
correction amounts to less than 1 per cent for speeds 
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less than about 150 miles per hour, so that with this 
restriction we may use the simple formula 

p—po = 1ApV2 (3) 

In aeronautics the quantity KpT/a is generally called the 
impact or velocity pressure rather than the differential 
pressure given by formula (4). 

(ib) Calibration formulas.—In 1925 the Air Services 

of the United States Army and Navy adopted the j 
adiabatic formula (4) for calibration of air-speed meters. | 
As the indicators can be calibrated to be accurate at 
but one air density p and static pressure p0 which can 
be arbitrarily selected, the sea-level values fixed by the 
standard atmosphere are used. These and other con¬ 
stants of the standard atmosphere are given in Table I. j 
(See reference 17.) The subscript (s) will be used to 
denote standard sea-level values and the subscript (i) 
to denote indicated values. Then from (4) 

V ~Ps=P^_ 
(y -1) psVi%-i 

9 7 pi -] (5) 

or, if we put 

F=\- -P-s and 7 = 1.40 
2 7 Ps 

P~Pt = Ps[(l + F V^) 3-50-l] (5a) 

In this equation the quantity F V2 is dimensionless 
so that the numerical value of the factor F depends on 
the units in which the speeds V{ are to be expressed. 
The units of the differential pressure (p—ps) depend 
only on the units adopted for ps. Values of F and of 
ps are given in Tables II and III. (See reference 57.) 

From the data given above the differential pressures 
expressed in terms of inches and centimeters of water 
corresponding to air speeds expressed in miles per 
hour, knots, and kilometers per hour have been 
computed. These are given respectively in Tables 
IV, V and VI in the columns headed “Adiabatic.” 
These tables, presented at the end of this report, give 
pressure values for small intervals of speed for a con¬ 
siderably higher range than any previously published. 

TABLE I 

CONSTANTS OF THE STANDARD ATMOSPHERE 

Standard pressure_ 760 mm = 29.921 in. of mercury. 
Standard temperature_ 15° C = 59° F. 
Standard absolute tempera- 288° C = 518.4° F. 

ture. 
Standard gravity_ 9.80665 m/s2 = 32.1740 ft./sec.2 
Standard specific weight_ 1.2255 kg/ms = 0.07651 lb./ft.3 
Standard density_ 0.12497 = 0.002378 
Standard temperature gradi- 0.0065° C/m = 0.003566° F./'ft. 

ent. 
CONVERSION FACTORS 

1 meter = 39.3700 in. = 3.280833 ft. 
1 kilogram = 2.204622 lb. 

TABLE II 

NUMERICAL VALUES OF THE FACTOR F FOR AIR 
SPEEDS V EXPRESSED IN VARIOUS UNITS 

Air speed V expressed in: 
Miles per hour_ 
Knots_ 
Kilometers per hour. 
Feet per second_ 
Meters per second_ 

Numerical value of F 

0. 345259X10-0 
0. 457884X1O-0 
0. 133313X10-0 
0. 160513X10-0 
1. 727735X10-8 

TABLE III 

VALUES OF STANDARD STATIC PRESSURE ps 

Values of standard 
Differential pressure p — pa expressed in: static pressure p. 

Inches of water at 15° C_ 407. 2 
Cm of water at 15° C_ 1, 034. 3 
Inches of mercury at0°C_ 29. 9212 
Mm of mercury at0° C_ 760. 000 
Pounds per sq. in_ 14. 696 
Grams per sq. cm_ 1, 033. 23 

The values have been checked against several other 
tables, particularly those of Zahm (reference 56), and 
Zahm and Lowden (reference 57), as far as these ex¬ 
tended, and by the method of second-order differences. 

For reference, the values of the differential pressure 
have also been computed from the relation 

2>-i>. = fp»V (3a) 

in which p — psis the differential pressure, ps the stand¬ 
ard density (given in Table I), V the speed and K a 
constant depending only on the units chosen for ps, V, 
and p—ps■ The values are given at the end of this 
report in Tables IV, V, and VI in the columns headed 

“Incompressible.” The values of \Kp$ are given in 

Table VII for V and p — ps in various units. 
(c) Density effect.—For densities and pressures dif¬ 

fering from the standard sea-level values, the indicated 
air speed will obviously not be the true air speed. If 
we substitute the actual values of the density, pressure, 
and the differential pressure in equation (4) the true 
air speed may be computed. To determine the differ¬ 
ential pressure from the indicated air speed which is 
observed, formula (5a) may be used or convenient 
tables such as Tables IV to VI. However, for practical 
purposes a much simpler method may be adopted. 

TABLE VII 

NUMERICAL VALUES OF THE FACTOR \kp. IN THE 

FORMULA (3a) IN VARIOUS UNITS 

Air speed V expressed in— 
Differential pressure p—p. 

expressed in— 
Kp. 

2 

Inches of water... _ 4.9207 X10-* 
Do . Centimeters of water_ 12.499 X10-‘ 
Do __ Centimeters of mercury_ . 91843X10—1 

Fpp.t, ppr spoond__ _ Inches of water... _ 2.2875 X10-* 
Do _ Centimeters of water_ 5.8104 X10-J 

Inches of water_ 6.5258 X10-‘ 
Do ... Centimeters of water_ 10.576 X10~‘ 

Inches of water__ 1.9000 X10-‘ 
Do Centimeters of water_ 4.8261 X10~« 

TVTfit.ftrs ppr sp.cond_ _ _do___ 62.544 X10-‘ 
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In equation (4a) the terms of the series after the 
first are quite small within the present range of air¬ 
craft speeds. Consequently, the part of the density 
correction derived from these terms may be regarded 
as a small quantity of the second order which can be 
neglected. The correction, therefore, may be com¬ 
puted for the first term only; that is, we may use 
equation (3). 

For standard conditions, equation (3) becomes 

P~Vs=^PsVi2 (6) 

Under conditions other than standard, say at an 
altitude 11, we have 

V ~~Vh ~ 2 H2 (6a) 

where VH is the true air speed. If the differential 
pressures of (6) and (6a) are equal, 

\p«VH*=\p,V? 

or 

The factor —- is then the correction factor which 
V Pa 

reduces indicated to true air speed. Assuming the air 
density to be proportional to the static (barometric) 
pressure and inversely proportional to the absolute 
temperature, then 

P S _ Vs 1\{ 

Ph Vh 1 s 

where T= absolute temperature. Equation (7) be¬ 
comes 

Va = J^Vt = CVt (7a) 

The errors resulting from the use of the correction 
factor C in equation (7a) in place of equation (4) 
are very small, except for high speeds and for high 
altitudes (low densities). At 250 miles per hour with 
an altitude of 30,000 feet the error is approximately 1 
per cent. At 300 miles per hour the error is about 1 
per cent at 17,000 feet, and about 1.6 per cent at 30,000 
feet. These altitudes are given in terms of the stand¬ 
ard atmosphere. 

A chart giving the correction factor C for various 
values of the air pressure pH and air temperature TH 
is given in Figure 1. The diagonal lines give the value 
of the correction factor. A somewhat similar chart 
is given as Figure 19 in reference 62 in which the cor¬ 
rection factors differ slightly from those in Figure 1, 
owing to the adoption of a new standard atmosphere 
since its publication. To use the chart, enter on 

the left with the air pressure and from the bottom 
with the air temperature. At the intersection of these 
ordinates follow the diagonal thus determined upward 
and to the edge of the chart where the correction 
factor can be read. The indicated air speed (corrected 
for scale errors if necessary) multiplied by this factor 
gives the true air speed. For example, given an air 
pressure of 560 mm of mercury, an air temperature of 
— 12° C., and an indicated air speed of 180 knots, to 
find the true air speed. The given air pressure and air 
temperature are found to determine an intersection on 
the chart very close to a diagonal which is read on the 
right edge as correction factor 1.11. The true air¬ 
speed is 1.11 X 180 or 200 knots. 

The chart given in Figure 2 differs only in that the 
ordinate is in terms of the standard altitude instead of 
air pressure. It is convenient to use when an alti¬ 
meter is used to determine the air pressure, avoiding 
the necessity of converting from standard altitude to 
air pressure. In addition to correcting the altimeter 
for scale error, it is necessary that the dial of the in¬ 
strument be adjusted at the time of take-off to read the 
altitude corresponding to the atmospheric pressure. 
For many instruments now available this adjustment 
is made by setting the dial so that its zero corresponds 
to the fixed reference mark provided for the purpose. 
This adjustment, or an equivalent but less conveniently 
made correction, is essential in order to have the indi¬ 
cation correspond to the pressure in the standard at¬ 
mosphere. The procedure of using this chart is similar 
to that given for Figure 1. Thus, assume as before, a 
standard altitude of 8,200 feet (corresponding to 560 
mm of mercury), an air temperature of —12° C., and 
an indicated air speed of 180 knots, to find the true 
air speed. Entering the chart on the left with the 
altitude and from the bottom with the temperature 
gives an intersection about midway between two 
diagonals marked 1.10 and 1.12 on the right. As 
before, the true air speed is 1.11 X 180 or 200 knots. 

Another correction chart which is given in Figure 3 
is a graphical representation of equation (7). The 
relation between indicated air speed and air density 
is given in the chart for true air speeds in the range 
from 40 to 300 miles per hour in steps of 10 miles, 

j The abscissas are also given in terms of the altitude 
corresponding to the air density in the standard atmos¬ 
phere and for convenience the abscissa scale is evenly 
divided in altitude units. The standard values of the 
differential pressure corresponding to the indicated 
air speed are presented in the chart as an auxiliary 
ordinate. The chart can be used to determine true 
air speed (a) if the air density and indicated air speed 
are known and (6) if the altitude in the standard atmos¬ 
phere and indicated air speed are known. In the latter 
case the chart gives correct results only if the tempera¬ 
ture of the air at the standard altitude does not differ 
from the standard temperature. The true air speed 
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Figure 1.—Chart for obtaining true air speed from the indicated air speed at a given air pressure and temperature. The true air speed equals 
the indicated air speed times the correction factor obtained from the chart 
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Figure 2.—Chart for obtaining true air speed from the indicated air speed at a given standard altitude and air temperature. The true air speed 
equals the indicated air speed times the correction factor obtained from the chart 
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is in error about one-sixth of 1 per cent for each degree I the indicated air speed as 160 miles per hour. This 
centigrade deviation from the standard temperature. | altitude and air speed intersect in the chart at a point 
If an altimeter is used to determine the altitude it between two diagonals corresponding to 180 and 190 
must be set in the manner discussed in the preceding giving 189 miles per hour as the true air speed, 
paragraph. If so set and if the altimeter has reason- It is seen also that the density corresponding to this 
ably low scale errors (under 2 per cent), the error in altitude is 0.0548 pounds per cubic foot. 

the “true” air speed will remain of the same order of 
magnitude as that due to air temperature. 

To use the chart, enter at the left with the indicated 
air speed, pass horizontally to the vertical repre¬ 
senting the altitude or density, and then follow the 
diagonals to the scale in the center of the chart 
where the true air speed may be read off. As an ex¬ 
ample, take the standard altitude as 11,000 feet and 

Design of Pitot-Static Pressure Heads for 

Aircraft 

Many factors must be considered in the design of 
Pitot-static tubes for aircraft in order to obtain a 
pressure head which will give satisfactory service. 
The relative importance of the factors wall depend in 
great measure on the purpose for which air speed is 
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to be measured and whether it is to be measured on 
airplanes or airships. 

The ideal pressure head should— 

(a) Be of a design which produces the theoretical 
difference in pressure. 

(■b) Produce a pressure difference large enough to 
be readily and accurately measurable. 

(c) Be easily reproducible without the necessity 
for individual calibrations. 

(d) Be insensitive to yaw or pitch. 
(e) Be insensitive to gusts; that is, indicate the 

true average air speed. 
(/) Have low head resistance. 
(g) Be easily mounted without interfering with 

other equipment. 
(h) Be unaffected by atmospheric conditions, 

dust, rain, etc. 

(i) Be sufficiently rugged to withstand the wear 
and tear incident to service. 
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Figure 4.—Distribution of normal pressure along a tube heading into the wind. 
The pressure at any point is p, the static pressure p0, and the impact pressure is 
Yt p V> 

With obvious modifications in some of these require¬ 
ments, the list applies to all types of operating ele¬ 
ments for air-speed meters and furnishes a basis for 
comparison in the selection of a type for any desired 
conditions of service. 

(a) Design to produce theoretical pressure.—The 
ratio between the differential pressure actually pro¬ 
duced by the tube, when mounted to align properly 
with the air stream, and the theoretical differential 
pressure is called the constant of the Pitot-static pres¬ 
sure head. It is desirable to have this constant equal 
to unity, which is practically equivalent to stating 
that the static tube measures the true static pressure 
as will appear later. 

As previously stated, viscosity and scale effects have 
been shown to be negligible for Pitot tubes of practi¬ 

cable dimensions within the range of aircraft speeds. 
Within wide limits the Pitot tube will accurately de¬ 
velop the total head as given by theory regardless of 
form or dimensions. That tubes of the sizes commonly 
used develop the theoretical pressure in turbulent flow 
is a fact based on the results of experience. 

The situation with regard to the static tube is quite 
different. In order to accurately measure the static 
pressure, an opening in the tube is required at a point 
where the air flow is undisturbed, and the opening 
must be set so there is no component of air motion 
perpendicular to its plane. If a tube is set in an air 
stream, parallel to the direction of flow, the distribu¬ 
tion along the length of the tube of the pressure normal 
to its surface is of the nature shown in Figure 4. 
(References 50 and 55.) The abscissas are given in 
terms of the tube diameter and are measured from the 
forward tip of the tube; the ordinates are the ratios of 
the difference between the actual pressure jp and the 
static pressure p0 of the air to the impact pressure 

(K p V). At the tip of the tube the total pressure is 
in excess of the static by the full velocity pressure. 
The pressure drops off very rapidly along the tube and 
reaches a minimum about one-third of a diameter back 
of the tip. Then it increases fairly rapidly at first, 
but more and more slowly until at about five or six 
diameters back from the tip it attains a nearly con¬ 
stant value very slightly below the true static pressure. 
The static holes, therefore, should be not less than five 
or six diameters back from the tip, for then the error 
is very small, and as the pressure gradient is very 
flat, a slight error in placing the holes wall have no 
appreciable effect. 

If the tube is supported by a cylindrical stem, then 
the increase in pressure upstream from the stem must 
be taken into account. This pressure increase is ap¬ 
proximate^ 1 per cent of the velocity head at 8 to 10 
diameters upstream and decreases to one-half of 1 per 
cent at about 15 diameters upstream. It is advan¬ 
tageous, therefore, to make the distance between the 
static holes and a stem or any bend in the tube in 
excess of the above amount, although occasionally the 
increase in pressure is used to counterbalance the small 
error referred to in the preceding paragraph. 

The size and shape of the static holes are of great 
importance. Circular holes and short circumferential 
slots, symmetrically placed around the tube, have been 
found the most satisfactory. The holes should be small 
and the edges sharp and clean. 

(b) Design to produce adequate pressure differ¬ 
ence.—At present there is no difficulty in securing 
reliable and accurate indicators which will operate on 
the differential pressures of a Pitot-static tube over 
the usual range of airplane speeds. For speeds under 
50 miles an hour the pressure difference is less than 1 
inch of water and very sensitive indicators are re¬ 
quired. These have been produced recently and are 
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now commercially available with indications down to 

20 miles per hour. 
(c) Reproducibility.—One of the chief advantages of 

the Pitot-static pressure head is that it can be readily 
duplicated so that individual calibrations are not re¬ 
quired. It is, therefore, suitable for use not only as a 
primary standard but also as a general-service instru¬ 

ment. 

Figure 5.—Effect of yaw on performance of Pitot-static tube. The pressure de¬ 
veloped is p$, the static pressure p0, and the impact pressure y> pVK The curve 
S is for the static tube, the curve P for the Pitot tube, and the curve PS is for a 

combination of both 

(d) Effect of inclination.—Inclination of the pressure 
element to the direction of the wind stream effects the 
performance of both the Pitot tube and the static 
tube. The effects are shown qualitatively by the 
graphs in Figure 5. (See references 39, 47, and 50.) 
The curve marked P represents the ratio of the pres¬ 
sure in excess of static pressure (p0) developed by a 

149900—33-26 

typical Pitot tube at various angles of inclination or 
yaw to the impact pressure at zero inclination, and 
the curves marked S and PS pertain in a similar man¬ 
ner to a static tube and a Pitot-static tube. 

It will be noted that the change in the Pitot pres¬ 
sure due to yaw is very small for angles less than about 
15 degrees, and then as the angle of yaw increases the 
Pitot pressure decreases at an accelerated rate. The 
effect depends to some extent on the form of the tube. 
In Prandtl’s work (reference 50) on tubes with hemi¬ 
spherical ends, a minimum yaw effect was observed 
when the diameter of the opening was about three- 
tenths that of the tube itself. 

Figure 0.—Performance of a Pitot-static tube suspended from an airplane 

As might be expected, the static tube is consider¬ 
ably more sensitive to inclination than the Pitot. The 
curve S shows, qualitatively, the decrease in the pres¬ 
sure as the angle of inclination increases. As this de¬ 
crease is at first more rapid than for the Pitot tube, 
the result is that the differential pressure increases for 
small inclinations as shown by curve PS. At a certain 
angle depending on the form of the tubes, the differ¬ 
ential pressure reaches a maximum and then decreases 
at a gradually increasing rate as the inclination be¬ 

comes greater. 
Slotted openings have a number of advantages. 

Those made circumferentially on the tube are not so 
much affected by inclination (yaw) as slots cut parallel 

to the axis of the tube. 
Since the static holes are disposed symmetrically 

about the tube, it follows that when inclined to the 
direction of the wind stream, there must be flow into 
some and out of other openings. Anything which dis¬ 
turbs this flow such as a bend in the tube or the attach¬ 
ment of the supporting tube in close proximity to the 
static openings will in general increase the error due to 

inclination. 
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Inclination to the wind stream of a pressure element 
mounted on an airplane may be caused by yaw or 
pitch of the airplane. Any irregular small changes 
in yaw or pitch will be of minor moment. A steady 
angle of yaw will only be experienced when side¬ 
slipping and turning, but ordinarily the air speed need 
not be determined at such times. The angle of pitch, 
however, is a function of the speed and of the load. 
The pressure element is, or should be, installed so that 
its axis is parallel to the fore-and-aft axis of the airplane 
when it is hying level at normal speed under normal 
loading. At low speeds, and with heavy loading, the 
increased angle of incidence may result in a perceptible 
inclination error amounting to as much as 5 per cent. 

Length of suspended cable, feet 

Figure 7—Performance of a Pitot-static tube suspended from an airship 

For flight testing it may be preferable to use either 
a swiveling pressure element or a suspended head. 
The swiveling element is rotatable about a transverse 
horizontal axis and is furnished with directive vanes. 
It corrects for changes in angle of incidence only. 
The suspended head automatically faces into the wind, 
as will appear from the descriptions given later. 

(e) Gusts.—Under service conditions gusts may 
cause some unsteadiness in the indications of air 
speed, but the errors in the mean speed shown are 
so small that they need not be considered. In 
flight testing the question should not arise, since the 
work will be done only under very favorable weather 
conditions. 

(f) Head resistance.—The added head resistance due 
to a Pitot-static tube rigidly mounted to an aircraft 
is less than that of any other differential pressure tube 
and also small compared with other types of operating 
elements. 

(g) Installation.—The mounting of a Pitot-static 
head presents no difficulties from the mechanical 
standpoint. Care must be taken, while the airplane 
is on the ground, not to strike and damage the tube. 

(h) Blocking of tubes.—A commercial air line must 
maintain a regular schedule of flights independent of 
any save the most extreme weather conditions. This 
is particularly true as regards the air mail services. 
Military flying must also be accomplished under very 
adverse conditions. Hence it is of the greatest im¬ 
portance that the performance of the air-speed pres¬ 
sure head, which of necessity must be mounted in an 
exposed position, shall be influenced by the weather 
to the smallest possible degree. The chief weather 
factors which may affect the pressure head are rain, 
freezing rain or ice accumulations, snow, and spray. 
These may on occasion block the tubes and render the 
air-speed meter inoperative. A further accumulation 
of data from actual experience is desirable, particularly 
data concerning ice formation. 

Some data of considerable value have been obtained 
from flight tests made by the National Advisory Com¬ 
mittee for Aeronautics and from laboratory tests 
made by the Engineering Division of the United 
States Army Air Service. (References 24 and 38.) 

The Air Service tests were made on Pitot-static and 
Venturi pressure heads at an air speed of about 60 
miles per hour. A special 6-inch wind tunnel mounted 
in a temperature chamber was used. A fine spray of 
water was introduced to simulate rain, and at a 
temperature of — 15° C. this spray formed ice coatings 
on the pressure heads under tests. 

As regards Pitot tubes, it was found that the larger 
the diameter, the longer the time required to freeze 
over and block the opening. Beveling the edge of the 
tube on the outside seemed to have no effect, but 
beveling inside (15° to 20° bevel) delayed the freezing 
over. As long as even a fine hole existed in the ice cap 
on the nose of the tube, the Pitot pressure appeared 
to be unaffected. An electrically heated tube did not 
freeze over. The tubes froze over at the tip before 

any ice accumulation at a bend inside was sufficient 
to block the tube. On Venturi tubes, even a slight 
amount of ice seriously affected the pressure head. 
Rain had practically no effect on either Pitot or Ven¬ 
turi tubes, though Pitot tubes required a bend of at 
least 30° upward not more than five diameters from 
the tip in order not to become clogged. (See fig. 10 
B.) Drain holes with total area not exceeding one- 
seventeenth of the Pitot tube cross-sectional area did 
not appreciably affect the differential pressure. 

No freezing over was found at the static holes if 
these were at least five diameters from the tip of the 
tube. Where the static openings were circular holes, 
there was a tendency for water films to form which 
were sufficient to affect the readings appreciably. 
Slotted openings were not so affected. Very little 
water or ice accumulated inside of the static tube. 
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It was recommended that for protection against 
rain Pitot-static tubes should have an upward bend of 
30° or more not over five diameters from the tip, drain 
holes in the Pitot tube, and slotted static openings 
(circumferentially placed) not less than one-thirty- 
second inch by three-sixteenths inch in size. For 
protection, it was recommended that the Pitot tube 
should be heated or made so large that it does not 
freeze over under the conditions of use, and the static 
openings should be located at least five diameters from 
the tip. It is obvious that a compromise is neces¬ 
sary, and that the upward bend recommended will 
have to be placed more than five diameters from the 
tip on pressure heads where the tubes are concentric. 
Heated tubes are expensive and require additional 
equipment. Probably a minimum diameter can be 
adopted on the basis of service data such that the tube 
will not freeze over before the airplane is forced down. 

The data obtained from the flight tests by the 
National Advisory Committee for Aeronautics confirm 
the laboratory results. On Pitot-static heads the ice 
accumulated in practically the same way as in the 
wind-tunnel tests. 

Trouble lias been experienced occasionally on ac¬ 
count of clogging of the pressure element by sand or 
dust as the airplane takes off. Coutinho reports such 
an incident at the start of his transatlantic flight. The 
Badin Venturi was choked with sand so that the indi¬ 
cator was useless during the flight across the ocean. 
If much flying is to be done under these conditions, a 
long trapped Pitot tube may be required. 

The choking of Pitot tubes by insects has been re¬ 
ported from tropical countries. A modified design and 
regular inspection should prevent any difficulties. 

(i) Ruggedness.—Pressure heads, since they have-no 
moving parts, are not subject to wear. However, 
damage may result from corrosion or striking the tube 
while the airplane is on the ground. The possibility 
of serious damage is slight in either case. Corrosion, 
if very severe, may affect the static holes, but with 
ordinary commercial tubes under ordinary conditions 
of service the corrosion will be negligible. If the edge 
of the Pitot tube is bent over, or the tube is dented or 
bent in any way affecting the static holes, the pressures 
will be in error. Reasonable care will eliminate the 
possibility of any such accident. 

(j) Interference.—As an aircraft moves through the 
air, air currents are set up near the aircraft. If a Pitot- 
static head or any type of air-speed meter is to indicate 
accurately the speed relative to the undisturbed air, 
it must be located in undisturbed air. No position 
can be found on an airplane where the pressure ele¬ 
ment will not be affected by disturbances due to the 
wings, struts, or other parts of the airplane. The 
errors caused by these disturbances depend not only on 
the location of the element but also on the design of the 
airplane and must be determined by experiment for 

each particular case. In general it has been found that 
the errors are likely to be greater on monoplanes of the 

internally-braced-wing type where the most convenient 
and practicable location for the pressure head is im¬ 
mediately in front of the leading edge of the airplane. 

On biplanes the most satisfactory position for mount¬ 
ing the pressure head (reference 14) is about one-third 
to two-thirds of the gap above the lower wing, forward 
and slightly to the side of a strut. The interference is 
less in this position than in any other which is con¬ 
venient and practicable. 

On internally braced monoplanes the pressure ele¬ 
ment has in the past been usually mounted 2 to 4 feet 
forward and above the leading edge of the airplane. 
The interference is considerable in this position. The 
velocity field in the neighborhood of a wing has re¬ 
cently been investigated by Lapresle. (Reference 26.) 
His data indicate that the theoretically correct speed 
is obtained at all angles of attack up to the stalling 
angle in a position from 0.2 to 0.3 chord length back 
of and about 0.4 chord length above the trailing edge 
of the wing. The distance back is measured along the 
chord extended, and the distance up, at right angles to 
the chord. Flight tests were conducted by the Pioneer 
Instrument Co. on an airplane with a Gottingen No. 
387 wing in which a Pitot-static tube was mounted 0.2 
chord back and 0.4 chord above the trailing edge of the 
wing. The indications of the air-speed meter were 
compared with a calibrated trailing Pitot-static tube 
and were found to have no error in excess of 1.5 miles 
per hour. This may point to the solution of the prob¬ 
lem of where to mount the tube on a monoplane. 

For special purposes on airplanes and for service use 
on airships, the operating element is oftern suspended 
below the aircraft at such a distance that the inter¬ 
ference (or position) effect is negligible. 

The magnitude of the interference effect may be 
determined by the following procedure. The over-all 
errors of an installed instrument may be determined by 
calibrating it on a speed course. The over-all error 
will include errors (a) due to the fact that the tube 
constant may not be unity, (b) due to varying angles of 
incidence of the tube, (c) due to scale errors of the 
indicator, and (d) those caused by the interference of 
the aircraft. The tube constant and indicator errors 
can be determined in the laboratory. It is difficult to 
separate the other two factors since the inclination of 
the air stream to the axis of the commonly used tube 
is affected by the aircraft structure. Due to this fact 
the interference error, or perhaps more exactly, the 
error due to both factors, ordinarily varies with the 
speed of flight of a given airplane. 

The mounting position of the tube for minimum posi¬ 
tion error at selected speeds for each design of airplane 
is determined by flight tests usually made over a speed 
course. The interference error can not ordinarily be 
reduced below from 1 to 5 per cent. 
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Description of Pitot-Static Pressure Heads 

The forms of “standard” Pitot-static tubes adopted 
by the National Advisory Committee for Aeronautics, 
the Bureau of Standards, and the National Physical 
Laboratory (England) for use in wind-tunnel investi¬ 
gations are illustrated in Figure 8. The originals have 
been calibrated with all possible accuracy, and dupli¬ 
cates are made to the exact dimensions of the originals 
in order to avoid any possibility of scale effect. The 
Bureau of Standards type follows quite closely the 
dimensions of the National Physical Laboratory tube. 
It has been found that this form of tube is quite sensi¬ 
tive to variations in the shape of the nose and to slight 
variations in the position of the static holes. (Refer¬ 
ence 55.) The third tube is very similar to that de- 

i,,, 2 rows, 4 holes each 
fT ’ ' 
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I 1 N.A.C.A. 

3 rows, 7 holes each 

3 rows, 7 holes each 

Figuke 8.—Diagram showing the standard Pitot-static tubes of the National 
Advisory Committee for Aeronautics, the Bureau of Standards and the 
National Physical Laboratory 

veloped by Prandtl except that static holes are used 
instead of a slot. These tubes are not suitable for 
general service on aircraft. 

An early form of Pitot-static head is that shown in 
Figure 9C. This was developed in England during the 

World War and is still in extensive use. It is known as 
the Mark IV A pattern. This head has been shown to 
develop accurately the theoretical pressure difference 
and it is not greatly affected by inclination. Possible 
disadvantages are the method of mounting immediately 
in front of a strut (forward and to one side is better), 
the small size of the static holes, and the insufficient 
provision for excluding water from the Pitot tube. I 
A modification of this pressure head known as the 
Mark V A is available for use in localities in which 
insects get into the pressure tube. The Pitot tube 
connects to the pressure tubing through a number of 
small holes and is removable for cleaning. 

A pressure head which has been and still is widely 
used in the United States is the Pioneer head shown in 
Figure 9A and IOC. It differs from the Mark IV A 
head in an important respect, in that there is an up¬ 

ward bend of a considerable portion of the head which 
effectively prevents any water from entering the 
pressure lines. Also the static holes are somewhat 
larger and therefore not so likely to be clogged by water 
films. 

The pressure head now specified by the Bureau of 
Aeronautics of the Navy Department is of particular 
interest since it has been designed with due regard to 
all the factors which might influence its performance 
under the severe service conditions encountered in 
naval aviation. Dimension drawings of the head are 
given in Figure 9B and a photograph in Figure 10A. 
The concentric tube form has been adopted and the 
dimensions reduced to the minimum consistent with 
other considerations in order to keep down the head 
resistance. The upward bend is to prevent the pas¬ 
sage of water. The horizontal offset permits mounting 
against the side of a strut and at the same time brings 
the dynamic and static openings forward and to the 
side of the strut at a point where interference is a 
minimum. The Pitot tube is of the trapped type. 
The main tube is one-half inch outside diameter with 
a slight inside bevel at the opening. This form and 
size were chosen to delay the effects of ice formation. 
The main tube is stopped by a rigid diaphragm 2 
inches back of the opening and a closed inner tube pro¬ 
jects forward through this diaphragm. A small slot is 
cut in the side of the inner tube to transmit the pressure. 
Three small weep holes are provided in the outer tube 
to permit the escape of the trapped moisture, which is 
facilitated by the excess pressure of the air in the inside 
of the tube over that at the outside at this point of the 
tube. The static openings comprise two rows of three 
slots each, slots being chosen to prevent stoppage or 
interference by films of water during a rain. The 
curvature of the head starts less than two diameters 
back of the static holes, which would lead one to ex¬ 
pect that the static pressure would indicate a little too 
high, or in other words the differential pressure would 
be slightly low. A concomitant scale effect is to be 
expected so that the exact placing of the static slots 
with respect to the bend in the tube must be con¬ 
sidered. 

The results of wind-tunnel calibrations of two 
pressure elements of this type are plotted in Figures 
11 and 12. The differential pressures delivered by the 
heads are expressed as a proportion of the true differ¬ 
ential pressure. It should be noted that here, as else¬ 
where, the proportional errors in pressure are twice 
those in air speed. The difference in performance in 
the two heads is mainly due to differences in the static 
holes, those of the laboratory model being the more 
carefully made. 

Two Pitot-static tubes now being used to some ex¬ 
tent are the Kollsman tube shown in Figure 10B and 
the Pioneer tube, Figure 10D. Both designs show 
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especial attention to the prevention of stoppage by 
rain and freezing rain. Note that no static hole is 
placed directly in the rear of the connecting tubing of 

the head shown in Figure 10D. 
The Badin Pitot-static tube shown in Figure lOFis 

part of the Badin air-speed recorder to be described 
later. The static pressure is secured from the hole in 
the center of the disk which is kept 
parallel with the air stream by the 

vane. 
The pressure heads so far mentioned 

are designed for biplanes, although 
they are used on monoplanes also 
whenever it is convenient or possible 

to install them in positions where 

satisfactory performance is obtained. 

The Aircraft Control pressure head, 

Figure 9D and the Pioneer head, Fig¬ 
ure 10E are in common use on many 
monoplanes. These are intended for 

mounting on the leading edge of the 
wing, ordinarily about 2 feet forward. 
The extended tube reduces to some 
extent the great interference due to 
the wing. The Pitot static head is set 
3 or 4 inches below the supporting 
tube so that water can not enter the 
pressure lines. One theoretical dis¬ 
advantage of the form illustrated is 
that the vertical tubes cause interfer¬ 
ence at the static openings. This in¬ 
terference has been reduced somewhat 
by eliminating the openings at the top 
of the head. However, a static tube 
asymmetrical about the horizontal 
plane would be expected to have an un¬ 
usually large inclination error in pitch. 
Consequently, the speed factor would 
vary considerably with angle of inci¬ 
dence, that is with speed and loading. 

It is believed that considerable im¬ 
provement both in performance and 
construction would be secured in tubes 
adapted for mounting on the leading 
edge of a monoplane if a tube such as Figlre9' 
shown in Figure 9A or 9B, but of 
proper length, were bent so as to project forward and 

downward. 
Electrically heated tubes (fig. 13) have been 

introduced in order to prevent formation of ice. 
Undoubtedly these tubes will not be clogged but suf¬ 
ficient data from experience are not available to de¬ 
termine whether the increased complexity due to 
wiring and electrical connections are warranted by 
the results obtained. It must be remembered in this 

connection that when ice of the dangerous form has 
accumulated, the aerodynamic characteristics of the 
airplane are changed considerably so that the air¬ 
speed indicator is no longer to be relied upon to indi¬ 
cate stalling speed. The value of the new stalling 
speed may be very different from the normal value 
when the airplane is ice-free. 

Pitot-static tubes used on airplanes. A, the Pioneer tube; B, the Navy head; C, British Mark IV 

A head; and D, Aircraft Control head for monoplanes 

The suspended head developed by the National 
Advisory Committee for Aeronautics is shown in 
Figure 14A. The over-all length is about 28 inches. 
The head is connected to the recording instrument 
by rubber tubing of one-eighth inch inside diameter. 
The rubber tubes are inclosed in a flexible metal con¬ 
duit of circular cross section. The conduit supports 
the weight of the head. Suspension lengths varying 

from about 30 to 70 feet have been used. 
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Figure 10— A number of commonly used Pitot-static tubes. A, Navy head; B, Kollsman head; C and D, Pioneer heads; E, Pioneer head for monoplanes; and F, 
Badin head with swivelling static head (obtained from hole in center of disk) 
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The committee has also developed a combined 
flight-path-angle and air-speed recorder, all self-con¬ 
tained within a suspended head. (Reference 19.) 
The over-all length is 41.8 inches and weight about 
18 pounds. A round-nosed Pitot-static tube with 
an annular slot for the static opening is used. 

miles per hour. Lag, due to the small bore of the 
tubing, is rather large but this fact is considered of 
minor importance for the particular uses for which 
this head is designed. For general use a somewhat 
larger head of similar design with a modified suspension 
cable is under consideration. 

1.03 

1.02 

10/ 

.o' 
< LOO 
L 
to.39 

<0 

ZO-98 

q; 
0.97 

0.96, 

A Manufaci 
Laborato 

urer’s p. 
ry tube 

-odu 

_
 

B, 

0 o O Tub e-B 
0 o 

□ 
o 

X 

o 

X 

Tubt 3 A 
X 

X 

X 

X 

0 / 2 3 4 5 6 7 
Standard differential pressure, inches of water 

Figure 11.—Wind tunnel calibration of two Navy Pitot-static tubes 

The new head recently designed at the Bureau of 
Standards for the flight test section of the Bureau of 
Aeronautics at Anacostia is shown in Figure 14B. 
This head was made as light as possible and designed 

The Pioneer Instrument Co. has constructed a 
similar cable for use with its suspended head except 
that it is of circular cross section. This is shown in 
Figure 14C. The theoretically greater head resistance 

Figure 13.—Pioneer electrically heated Pitot-static tubes 

for use with a special suspension cable in an effort to 
minimize the extra drag. Its over-all length is 18 
inches. The cable is made of rubber, has a stream¬ 
lined section, and contains a stranded steel wire and 
two air tubes. Flight tests have shown that the 
assembly is satisfactory up to speeds of about 80 

of the circular cable is offset by the greater care needed 
in lowering the stream-lined cable. 

An early English suspended head is a Pitot-static 
tube suspended in a frame so as to be free to rotate 
about a horizontal axis. The frame is prolonged 
downwards to support a 10-pound weight. This head 
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lias been used in airship tests. A later form, shown in 
Figure 15, is considerably simplified and consists of a 
static tube only. (Reference 52.) It is to be used in 
conjunction with a swiveling Pitot head mounted in 
the conventional position. 

Figure 14.—Suspended head Pitot-static tubes designed by A, National Advisory 
Committee for Aeronautics; B, Bureau of Standards; C, Pioneer 

C. VENTURI TUBES 

Theory of the Venturi 

A satisfactory derivation on theoretical grounds of 
the differential pressure-speed relation Ur Venturi air¬ 
speed pressure heads has not been achieved beyond 
that presented in equation (1). The simplifying as¬ 
sumptions usually made in the mathematical treat¬ 
ment of the problem are such that the final results rep¬ 
resent actual conditions only to a limited extent. 

Hence, it is necessary to resort to experiment to deter¬ 

mine the form of the function </> ^ Jy2^ of equa¬ 

tion (1) and the value of the constant K. 
For a certain range of moderate speeds, which varies 

according to the particular tube under consideration, 
the differential pressure may be expressed in the form 
of equation (3): 

Pv~Po = KpV2 (8) 

where K is a constant depending only on the form of 
the pressure head, pcis the pressure at the throat of the 
Venturi; and p0 is the static pressure. This relation 
may also be applied to double Venturi tubes and to 
the Pitot-Venturi except that in the latter case p0 must 
be replaced by the Pitot pressure. The approximate 
speed range within which the equation holds is given 
in Table VIII for a number of types which have been 
used to a considerable extent in the United States. 
The lower limit of the speed range is determined by the 
viscosity effect. At speeds below this minimum the 
differential pressure falls off sharply. The upper limit 

Figure 15.—British suspended static head 

of the speed range depends on a number of factors, 
including the magnitude of the compressibility effect. 
Available data (references 62 and 63) indicate that at 
least within the speed range given in Table VIII, 
equation (3) applies with approximately the same 
accuracy as for Pitot-static tubes. Deviation from 
this relation may be expected at greater speeds as 
well as at lower speeds. 

Since the differential pressure developed by a 
Pitot static head in the same speed range is given by 

P-P0=)2pV2 

the ratio of the differential pressures of a Venturi 
head to a Pitot static head is given by 

PiZ&> = 2K=C (9) 
P-'Po 

where C is called the “efficiency” of the Venturi or 
Pitot-Venturi tube. Values of C are given in Table 
VIII. The approximate differential pressure de¬ 
livered by any of the tubes listed for any given speed 
(within the proper limits for the tube) may be found 
by multiplying the differential pressures for Pitot- 
static tubes in Table VIII by the constant C. For 
accurate work with the Zahm types, reference should 
be made to the original calibration tables. (Refer¬ 
ence 33.) For high accuracy with other types indi¬ 
vidual calibrations are necessary. 
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Density Effect 

Within the speed ranges given in Table VIII 
density corrections may be applied to the indicated 
speeds of Venturi and Pitot-Venturi instruments by 
using the same correction factor as for Pitot-static 

indicators. 
TABLE VIII 

at various indicated air speeds without appreciable 
error. If the point corresponding to the air speed 
and altitude for which a correction is desired falls 
above or to the left of the curve for the tube in ques¬ 
tion, then a calibration is required to determine the 
correction. Curves are given by Eaton and MacNair 
for the Zahm Pitot-Venturi tubes. (Reference 62.) 

[Speed range i in which Venturi and Pitot-Venturi pressure heads follow the pF2 
law. (Ellicieucy C is constant)] Descriptions of Venturi Pressure Heads 

Pressure head Type 

For de¬ 
tails see 

Fig. 
No. 1 

™\DJ; Maximum 
mum onp,.d 

Jtt “ b- 

Effi¬ 
ciency 

C 

Navy Zahm_ 
Army Zahm.... 
Toussaint-Lepere_ 
Badin.... 
Dadin 

Pitot-Venturi_ 
Pitot-Venturi... 
Pitot-Venturi_ 
Single Venturi. _ 
Double Venturi_ 

17(a) 
17(b) 

17(c) 

40 Above 150 
70 Above 200 
50 Above 240 
90 Above 200 

Over 110 _ 

6. 35 
6. 35 

24. 52 
2 4.98 

Bruhn__ Double Venturi_ 17(d) 120 150-180 2 13.6 

1 The values of speed are given to the nearest 5 miles and for zero altitude in the 
standard atmoshpere. (Reference 62 and 63.) 

2 Based on experimental results for very few heads. 

Figure 16—Minimum air speed at which simple density correction factor can be 
used for various Venturi tubes 

For low speeds, however, this procedure is not 
sufficient since the air density p also enters into the 

viscosity variable The curves in Figure 16 

show the minimum air speed at various altitudes for 
which the simple density correction factor may be used 

Venturi heads are still in common use in Germany 
and France. The Brulin double Venturi, Figure 17D, 

Figure 17.—Diagrams of typical Venturi and Pitot-Venturi tubes. A, Zahm 
Pitot-Venturi, Navy type; B, Zahm Pitot-Venturi, Army type; C, Badin 

Venturi, French; D, Bruhn double-Venturi, German 

is the usual form adopted for all ranges of speed in 
Germany although a single Venturi tube appears to 
be coming into favor. In France the Badin head, 
Figure 17C, is employed for speeds up to 200 kilometers 
per hour and Pitot-static heads for higher speeds. 
Typical calibration curves for these heads are given in 
reference 62. For accurate work it is necessary to 
calibrate each head individually since slight variations 
in dimensions may have appreciable effects on the 
calibration characteristics, especially when low speeds 

are to be measured. 
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The American Zahm Pitot-Venturi was made in 
two forms differing in size and materials. The Navy- 
type, which was the larger, is shown in Figure 17A, 
and the smaller Army type in Figure 17B. For both 
of these tubes the calibration is closely represented by 
the relation 

1W7.89VS 

when the air pressure is 760 mm of mercury and the 
temperature is 16° Centigrade. V{ is the velocity in 
miles per hour and hi is the differential pressure in 
inches of water. (See reference 62.) 

The characteristics of the Zahm pressure heads at 
low speeds have been investigated in detail by Eaton 
and MacNair, who give curves for the density effect. 
(Reference 62.) 

Advantages and Disadvantages of Venturi and 

Pitot-Venturi FIeads 

The single Venturi was first introduced for the 
reason that it gives considerably higher differential 
pressures than the Pitot-static and, consequently, a 
satisfactory indicator with metal diaphragm was more 
easily constructed. The Pitot-Venturi and the double 
Venturi were natural developments of this same idea. 
The double Venturi was also adopted for the purpose 
of measuring low speeds on airships, and for airplanes 
because the very high differential pressures produced 
made it possible to neglect the small static pressure 
variations in the cockpit and so dispense with a static 
tube. 

However, these advantages are no longer of any 
significance and in the United States pressure heads 
with Venturi tubes are practically obsolete. Satis¬ 
factory indicators for use with Pitot-static tubes are 
available for the whole range of airplane speeds. 
The supposed advantages of the Venturi, and in 
particular the double Venturi, for measurement of 
low speeds have been shown to be largely illusory. 
The viscosity effect at low speeds is large and varies 
greatly with the design of the tube so that individual 
calibrations of the tubes are required. The magni¬ 
tude of the effect is shown by the tube efficiency 
(C in equation (9)) which decreases very rapidly 
with decreasing speed. The Badin double Venturi 
tube, for example, has an efficiency of nearly 13 at 
65 miles per hour which drops to 2 at 5 miles per 
hour. The decrease in efficiency is considerably less 
for Pitot-Venturi heads but is still quite large. 

In the range of speeds for which the differential 
pressure follows the law expressed by equation (8), the 
advantage of higher pressures is outweighed by the 
sensitiveness of Venturi tubes to relatively small 
changes in dimensions. This necessitates either very 
careful manufacturing methods to produce tubes of 
exactly the same size and shape, or else individual 
calibrations. In either case it is obvious that the cost 
will be increased. This same sensitivity is also appar¬ 

ent under conditions where ice may form on the tube. 
Even a small quantity of ice, which would have no 
effect whatever on a Pitot tube, will cause such great 
errors in the Venturi pressure that the air-speed 
meter will be useless. 

At high speeds the compressibility and other factors 
affect the calibration in a practically unknown manner 
so that pressure heads with Venturi tubes should not 
be used for the upper ranges of airplane speeds. 

It is clear from the above discussion that at the 
present time there is no warrant for using pressure 
heads with Venturi tubes on aircraft. There does not 
seem to be any advantage in their use except, possibly, 
for experimental purposes under unusual conditions 
and only then if a complete calibration of the pressure 
head can be made over the speed and density range for 
which it is to be used. 

D. CALIBRATION OF PRESSURE HEADS 

Laboratory Calibration 

V hen the question of calibration is considered, the 
great superiority of the Pitot-static tube over all other 
types of operating elements for general service is 
strikingly evident. Only in special cases do other 

types offer compensating advantages of sufficient 
value to warrant their use. In the first place, for a 
given design of Pitot-static tube one calibration suffices, 
since it has been demonstrated that duplicates can 
be made with ordinary machine-shop methods which 
will have the same calibration characteristics as the 
original to a high order of accuracy. But even a 
single calibration is not required unless the pressure 
head is to be used for test work, or the yaw errors are 

required. For by following well-established principles, 
a Pitot-static head can be designed which will produce 
the theoretical differential pressure with errors con¬ 
siderably less than those due to interference. In 
practice, therefore, the calibration errors of the pressure 
head are included in the speed factor which must 
necessarily be determined for each type of air plane 
and mounting if air speed is to be measured with any 
pretension to accuracy. 

Calibrations may be made in the wind tunnel or on a 
whirling-arm apparatus, the latter probably being the 
more accurate at low speeds. Wind tunnel calibra¬ 
tions may be extended to cover a greater speed range 
by towing the tube in a water channel. The results 
are reduced to equivalent values for air by the princi¬ 
ple of dynamical similarity. 

A high order of accuracy may be obtained by the 
whirling-arm apparatus but only at the expense of 
careful and painstaking experimental work. The 
chief source of error is due to the swirl of air set up by 
the movement of the arm. For a detailed description 
of the method of testing, the reader is referred to an 
early paper by Bramwell, Relf, and Page describing 
the calibration of the N.P.L. standard head. (Refer¬ 
ence 43.) 
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Flight Calibration 

The methods which have been used to determine the 
errors of an air-speed meter unit as installed in an 
airplane are— 

(a) Comparing the indicated air speed with the 
speed of the airplane as determined by timing over a 
speed course. 

(b) Comparing the indicated air speed with that 
given by an instrument suspended from the airplane 
at a sufficient distance to make the interference errors 
negligible. 

(c) Flying in formation with an airplane whose 
speed factor has been previously determined. 

(d) By comparison with an element mounted on a 
rod projecting far forward from the wing or strut. 

(a) Calibration over speed course. (See reference 
29).—A speed course consists merely of two ground 
stations, easily identified from the air, at an accurately 
known distance apart. The course should be marked 
by some prominent topographical feature such as a 
straight highway or railway. The time of flight may 
be measured either from the ground stations or on 
board the airplane. Measurement of time of flight 
from the ground stations requires an observer at each 
station, electrical or visual intercommunication, and 
appropriate timing apparatus. If wind corrections 
are also to be determined from the ground, additional 
equipment is necessary. 

When all measurements are made on the airplane 
itself, no additional personnel and no equipment other 
than markers are required. Therefore, this procedure 
is generally adopted. 

The length of the speed course should be sufficient 
so that the unavoidable slight errors in fixing the time 
of transit will be negligible in comparison with the 
total time of flight. For average use a length of about 
2 miles is satisfactory. The course should be level 
and chosen to have a direction such that the probability 
of cross winds is a minimum. 

The weather is usually the controlling factor as re¬ 
gards accuracy. The effect of a wind, steady in direc¬ 
tion as well as intensity, can be readily determined, 
but such a wind is rare in nature. Generally it is 
necessary to wait for a favorable opportunity. 

In making a run at one indicated air speed, the time 
of traverse is measured in both directions. When ob¬ 
tained by the pilot or an observer in the airplane a stop 
watch is used, which to insure accuracy should be 
rated. The traversing flight is made at low altitude, 
so that the air density, determined by the air pressure 
and air temperature, is practically that at the ground 
level. Sighting is more accurately done at low alti¬ 
tudes both by the pilot and by ground observers. 
The ground speed is obtained by dividing the length of 
the course by the time of traverse. The average 
ground speed in the two directions eliminates the effect 
of a head wind provided the wind speed remains con¬ 

stant. If there is a component of the wind perpendic¬ 
ular to the course, the airplane should be flown so that 
its longitudinal axis is always parallel to the course. 
The cross wind will then drift the airplane off the course 
but correct results will be obtained if the time interval 
of the traverse is measured in the usual way. 

The average ground speed thus determined is the 
true air speed VB of the airplane for zero wind. The 
true indicated air speed Vt is given by equation (7a), 

(7a) 

in which, as before stated, ps and Ts are the standard 
values of the air pressure and air temperature and 
and Th the values at the altitude of flight. The two 
latter quantities may be observed on instruments in 
the airplane or at a ground station if its elevation and 
the altitude of flight do not differ more than 100 feet. 
The factor C may be computed or more conveniently 
obtained from a chart such as Figure 1. 

The correction to be applied to the reading Vr of the 
air-speed meter is given by the difference Vt — Vr. 
This correction includes the effect of all errors of the 
air-speed meter. 

Air-speed meters are not usually calibrated on a 
speed course at speeds near the stalling speed of the 
airplane owing to the danger involved in flying at the 
required low altitude. Usually method (6) or (c) 
is used. 

The French have developed methods and equipment 
for measuring the air speed from ground stations. 
(Reference 22.) Somewhat similar arrangements were 
used on a speed course for high-speed trials laid out on 
Kent Island during the summer of 1929 by the Bureau 
of Aeronautics with the cooperation of the Bureau of 
Standards. The method consists essentially of photo¬ 
graphing the airplane at each end of the course, includ¬ 
ing markers to indicate the position of the airplane 
with reference to the start and finish of the course. 
The moment of taking the photographs is recorded 
upon a chronograph by means of contacts in the 
shutter of the cameras. The speed is determined from 
the time interval thus measured and the length of 
the course, corrected for the deviation of the air¬ 
plane from the start and finish line as shown by the 

photographs. 
(b) Suspended head method.—In this method of 

calibrating an air-speed meter an instrument is used as 
standard in which the operating element is suspended 
below the airplane such a distance that interference is 
nil or at least negligible. This method compared to the 
speed course method is less dependent on weather con¬ 
ditions, requires no particular terrain, and, most impor¬ 
tant of all, it can be used even at low speeds. 

Several types of suspended heads have been used. In 
England the suspended static head (reference 52) has 
been developed for this work. (See fig. 15.) As long 
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as a Pitot tube faces accurately into the wind stream 1 
and there are no disturbing eddies ahead of it, it meas¬ 
ures the true total head. Hence, it is necessary only to 
suspend the static tube, thus eliminating the necessity 
of an additional suspended tube. To avoid inclination 
errors, a swiveling Pitot tube is required. In the 

United States, a combined Pitot-static suspended head 
is favored. TheN. A. C. A. head, shown in Figure 14 A, 
and the Pioneer head, Figure 14 C, are examples. 
Recently, the Bureau of Standards has constructed a 
suspended head (fig. 14 B) for the Flight Test Branch 
of the Bureau of Aeronautics. 

Other instruments which have been used for the same 
purpose are the Barr and Stroud air log (fig. 40) and the 
Bureau of Standards electric air-speed meter (fig. 42). 

The length of the suspending cable is important. 
The relation for one airplane (reference 52) between the 
percentage increase in indication and the length of the 
suspended cable is shown in Figure 6. The indication 
becomes greater as the length of suspended cable 
increases, a result that may be considered as typical for 
airplanes. Note that the error becomes practically 
zero for a length of about 30 feet; this is usually con¬ 
sidered the minimum for accurate work. 

On airships the position error varies considerably 
according to the distance of the air-speed element 
from the nose of the airship. Experiments on the R33 
(reference 4) gave the results shown in Figure 7 for a 
Pitot-static head suspended from the control car. 
Roughly, all disturbances are avoided by using a sus¬ 
pension about 40 feet long. 

(c) Flying in formation.—This method is practically 
independent of weather conditions and easily carried 
out. The airplane is flown in close formation for sev¬ 
eral minutes with one containing a calibrated air¬ 
speed meter. Simultaneous readings of the speed 
on each airplane are obtained. The accuracy of the 
result is, of course, limited by the original calibration of 
the reference instrument. Errors from other sources 
can be kept quite small. 

(d) Instrument mounted on forward projecting 
rod.—Mounting a Pitot-static tube or the element of 
other types of air-speed meters forward of the airplane 
is similar in principle to the use of a suspended head. 
The use of a suspended head is preferable for mechan¬ 
ical reasons, since in the former method the element 
must be mounted from one and one-half to two wing 
chord lengths in front of the leading edge of the wing. 
It is used whenever the supended head type is not 
practicable, as in obtaining readings when very close 
to the ground. 

PRESSURE TUBING 

In the United States copper tubing of one-fourth 
inch, or more commonly, three-sixteenths inch, out¬ 
side diameter is used for connecting the pressure head 
to the indicator. Brass fittings of the type illustrated 

in Figure IS are soldered to the tubes wherever con¬ 
nections are required. Aluminum tubing is favored in 
England and is sometimes used in the United States. 
Its only disadvantage is that the type of fittings now 
standard can not be used on account of the fact that 
soldering is not possible. Rubber tubing should never 
be used except for temporary installations as in flight 
testing. 

Figure 18.—Standard fitting used to connect tubing to air-speed indicator. The- 

tubing fits into and is soldered to Part C. Part A is screwed into the instru¬ 
ment case 

Connecting tubing may get out of order on account 
of leaks or stoppage. With carefully made connec¬ 
tions and tubing well supported so that it can not 
vibrate or chafe, no trouble should be encountered 
with leakage. Stoppage usually results from water in 
the lines, either blown in through the pressure head or 
formed by condensation. To avoid trouble from 
this cause, the tubing should lead upward from the 
pressure head and then steadily downward to a low 
point at the fuselage under the instrument board. A 
tee fitting at the low point fitted with a removable 
cap or a valve serves as a drain. 

Inspection of the tubing is a relatively simple matter 
and should be done periodically. Provided the indi¬ 
cator case is air-tight, leaks in the lines may readily 

be detected. The tubes are disconnected at the fit¬ 
tings adjacent to the pressure head and a slight pres¬ 
sure is maintained on the Pitot line sufficient to make 
the indicator read about half of its maximum range. 
If the reading drops off, there is a leak in the tubing. 
Similarly, by applying a slight amount of suction, the 
static line may be tested. Pressure or suction must 
be applied with extreme care, as it is very easy to ruin 
an indicator merely by blowing too hard in the tubes. 

By disconnecting the tubing near the indicator and 
blowing through from this point any stoppage may be 
detected. It is well to try the drain first, so that if 
any water has accumulated it will not be spread 
through the lines. 

The time lag in indication with tubing of the diameter 
now standard and of the lengths commonly used is 
negligible under the usual conditions of use. (Refer¬ 
ence 20.) The use of tubing of a diameter less than 
one-eighth inch should be avoided. 
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INDICATORS FOR DIFFERENTIAL PRESSURE INSTRU¬ 
MENTS 

A. DESCRIPTION OF TYPES OF INDICATORS 

The indicating element of the differential pressure- 
type air-speed meter is essentially a sensitive pressure 
gauge. Indicators may be either liquid-column manom¬ 
eters or mechanical pressure gauges. In the mechan¬ 
ical gauges, pressure is measured by the deflection of a 
diaphragm or combination of diaphragms which may 
be metallic or nonmetallic. 

Liquid-Manometer Type 

Before and during the early part of the World War 
the liquid manometer was extensively used in Great 
Britain. A few years after the war it was revived for 
a brief time in the United States. In its simplest 
forms it consists of a U-tube with the columns con¬ 
nected to opposite sides of the pressure nozzle. A 
scale graduated in speed units is mounted adjacent to 
one column and the height of the liquid column is an 
indication of the air speed. 

These indicators are now obsolete except for occa¬ 
sional special test work. Obvious disadvantages are 
their fragility, large size, and susceptibility to accel¬ 
eration errors. 

Nonmetallic Diaphragm Type 

In an effort to secure sufficient sensitivity when 
using a Pitot-static tube, the nonmetallic diaphragm 
gauge was introduced by the British. Favorite ma¬ 
terials were rubber and varnished or doped silk. In 
instruments with rubber diaphragms, the deflection of 
the diaphragm was utilized to provide a measure-of 
the air speed exactly as with metallic diaphragms 
(Ogilvie). The oiled-silk diaphragm on the other 
hand was used merely as a sort of scale pan to trans¬ 
fer the load to a flat spring which formed the measur¬ 

ing element. (Clift.) Nonmetallic diaphragms are 
no longer used, in the United States at least, as me¬ 
tallic diaphragms of ample sensitivity are available. 
Their chief disadvantages were the rapid deteriora¬ 
tion of rubber with age, and the generally very large 
temperature errors. (Reference 12.) 

Metallic Diaphragm Type 

(a) Diaphragms.—The metallic pressure element 
may be in the form of a bellows in a single piece such 
as the sylphon or hydron type or made up of single 
corrugated diaphragms fastened together alternately 
at the center and at the rim. The simplified form 
consisting of two corrugated diaphragms joined at the 
rim is most commonly used in present-day air-speed 
meters except in more or less special instruments of 
low range. 

The form of the corrugated diaphragm is based on 
experience rather than theory since the problem of its 

elastic action has not been solved. One theory indi¬ 
cates that the depth of the corrugations should vary, 
the flatter or shallower ones being located at the 
center and the edge of the diaphragm. So far as 
known, however, there is no instrument in production 
with a diaphragm of this form. The shape of corru¬ 
gation varies considerably, each manufacturer ap¬ 
parently having his own ideas as to what the proper 
shape should be. 

Nickel silver and phosphor bronze have been found 
by experience to be the most suitable material for 
diaphragms. Other materials (steel, brass, silver, 
etc.) have been used to a very limited extent, chiefly in 
experimental instruments. 

Diaphragms may be made by spinning or by stamp¬ 
ing (pressing). The latter method is preferred when 
the number required warrants the expense of a stamp¬ 
ing machine, not only because it results in a more uni¬ 
form product but also because of its relative cheapness. 
In the nature of the process it is obvious that dia¬ 
phragms made from the same sheet material will vary 
greatly in elastic characteristics. Some method of 
selection is necessary. One method in use by manu¬ 
facturers is to make up a large stock of diaphragms 
of form and material shown by experience to be satis¬ 
factory, and then to sort these into groups, depending 
on their deflection for a given load. When dia¬ 
phragms are desired for a specific purpose, selection is 
made from the group most nearly approximating the 
desired characteristics and the mechanism is adjusted 
to compensate for any deviations from the desired 
performance. Although this method may seem crude 
it works very well in practice. No matter what opera¬ 
tions may be used to form a diaphragm, internal 
stresses are necessarily introduced and the diaphragm 
is not usable without further treatment. Essentially 
this treatment consists of low-temperature annealing 
for a fairly long time, or mechanical seasoning in com¬ 
bination with it. Manufacturers have developed these 
methods empirically in the effort to meet increasingly 
stringent specifications and the processes used are 
regarded more or less as trade secrets. The results 
are “seasoned” diaphragms whose characteristics are 
not subject to changes with time, to any appreciable 

extent. 
The present method of joining and soldering the 

diaphragms to form a capsule is a decided improve¬ 
ment. The two rims are held in contact at a point 
near the edge and solder applied to the rim between 
this point of contact and the outer edge. (See fig. 
20.) This reduces the amount of solder required and 
eliminates stresses normal to the rim, due to the differ¬ 

ential pressure. 
The suitability of a diaphragm depends on its elastic 

properties, as evidenced by the pressure-deflection 
relation, and the effect of temperature, hysteresis, 
drift, etc. These will be discussed later in connection 
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with the testing of indicators. The elastic properties 
depend on the material used, the treatment of the 
material in manufacture, and the form of the dia¬ 

phragm. 

Figure 19.—Mechanism of typical air-speed indicator 

(b) Mechanism.—The mechanism serves a threefold 
purpose; it converts the linear motion of the center of 
the diaphragm capsule to circular motion of a pointer, 
it provides magnification, and it secures an evenly 
or nearly evenly divided scale. Also there may be 
added arrangements for adjustment and temperature 
compensation. With the introduction of the present- 
day improved diaphragms, it has been possible to 
avoid complications in the mechanism, and conse¬ 
quently, this part of the instrument is standardized, 
at least in its general aspects, as far as the circular- 
dial type of indicator is concerned. A special form 
of mechanism is required for vertical-dial instruments. 

Figure 19 shows the parts of an indicator mechanism 
of the circular dial type in diagrammatic form and 
Figure 20 a photographic view. Photographs of three 
typical instruments are shown in Figure 21. A wire 
bridge or metal lug B, attached to the center of the 

hairspring. Balance is secured by proper proportion¬ 
ing of the parts with added weights (W, for example) 
when required. Sometimes one of the bell-crank 
arms is made of a bimetallic strip to secure tempera¬ 
ture compensation. On indicators of high range a 
restraining spring may be added, operating directly 
on the diaphragm through the lug B. 

This simple mechanism has proved itself satisfactory 
both from the manufacturer’s and the user’s standpoint. 
It provides many possibilities for initial adjustment 
(by bending the bridge or any one of the lever arms) 
and does not get out of order easily. 

Figure 20.—Mechanism of a typical air-speed indicator 

In the vertical dial type of instrument (fig. 22) the 
mechanism is the same as far as the bell crank. This, 
however, instead of driving a sector drives a second 
bell crank to which is attached the link arrangement 
for changing rotational motion into the straight line 
motion of the tip of the pointer. The hairspring is 

Figure 21—Dial view of three air-speed indicators. Note the low speed at which indications are obtained in the instrument on the left 

diaphragm presses against the short arm SA of a bell 
crank. The long arm LA, of the crank works against 
what is essentially a cam surface on the sector S. 
This surface may be the curved arm of the sector, or a 
slot of suitable form. The sector engages a pinion on 
the pointer shaft on which is also fixed a restraining 

inserted on one of the staffs of the link motion. The 
link arrangement is a potential source of weakness 
since it must be comparatively large and light and 
therefore is apt to be flimsy. 

The development of instruments having a uniform 
dial size of 2% inches in diameter (fig. 21) was initiated 
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by the United States Navy and adopted as standard 
by the Army and Navy air services. These instru¬ 
ments have met with great favor and are extensively 
used. The use of dials 3% inches in diameter is also 
common. Instruments with larger dials are available 
for passenger cabins of transport airplanes. The 
vertical scale instrument (fig. 22) has not definitely 
established itself and is not in general use. The scale 
is approximately 5 inches long, the face of the dial 
being 6 by l}{ inches in size. 

Common ranges are 120, 140, and 100 miles per hour 
with lowest speed of 40 miles per hour. Higher (250 
miles per hour) and lower ranges (80 to 100 miles per 
hour) are available but are usually considered special. 
The Navy has standardized on ranges of 30 to 1G0 
and 40 to 260 knots and the Army on ranges of 30 to 
180 and 40 to 300 miles per hour. American practice 
tends toward scales of a single revolution or slightly 

Figure 22.—Air-speed indicator with a 
vertical scale 

less, divided in 5-mile or 5-knot intervals, whereas the 
English tendency is toward scales as long and open as 
possible even though more than one complete revolu¬ 
tion of the pointer may be required. Night illumina¬ 
tion is provided by radium paint on the major scale 
divisions, on the pointers, and on the figures, or by 

indirect instrument panel lighting. 

One idea resulting from the more general attention 
paid to instrument-board arrangement is of consider¬ 
able merit if the air-speed meter is being used to in¬ 
dicate level flight. That is to graduate the dial so 
that at normal flying speed the pointer will be level 
and pointing toward the right. Then the instrument 

Connectors 

Figure 23.—Air-speed recorder developed by the Xational Advisory 

Committee for Aeronautics 

- L amp 

Film-' 

will indicate more conveniently as a flight-attitude 
indicator, since if the airplane is diving the pointer 
moves down, and if nosing up the pointer also will 

move up. 
The composition case, of bakelite or similar material, 

has almost entirely displaced the metal case with the 
resulting advantages of cheapness, light weight and 

noncorrosiveness. 

Air-Speed Recorders 

At present air-speed recorders are used in flight 
testing to a limited extent, and in flight research. All 
of those described below are designated for use with a 

Pitot-static tube. 
The air-speed recorder developed by the National 

Advisory Committee for Aeronautics for use in flight 
investigations is shown in Figure 23. The diagram 
shows the details of the pressure element and of the 
method of recording, which is optical. The drum 
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containing the recording film is rotated by an electric 
motor, the speed of which is kept sufficiently constant 
by means of a centrifugal governor. 

Figure 24.—Badin air-speed recorder 

In the Badin air-speed recorder (fig. 24), the metal 
diaphragm capsules are inclosed in an air-tight case so 

as to subject them to the differential Pitot-static 
pressure. The stuffing box through which the motion 

the lower set of capsules and the static tube to a like 
set above. A rigid rod connects the two sets. Relative 
motion of the capsules is transmitted to the recording 
arm through a lever pinned to the stiff rod. The 
record is made on a smoked chart which is attached 
to a clock-driven drum. 

An air-speed recorder constructed at the Bureau 
of Standards is shown in Figure 26. The instrument 
is similar in principle to the Badin recorder just de¬ 
scribed. The stuffing box consists of a shaft in a long 
bearing but with the shaft bearing only at three narrow 
surfaces. It is leak-tight for differential pressures up 
to one inch of water. The sensitivity varies; the 
motion of stylus is 0.06 inch for the speed interval 0 
to 20 miles per hour and 0.35 inch for 150 to 160 miles 

1 per hour. The height of the recording drum is 3% 
inches and the weight of the instrument, 4% pounds. 

Indicators of True Air Speed 

As has been explained, in order to obtain the true 
air speed, the indication of a Pitot-static meter must 
be corrected for deviation of the density of the air 
from the standard density. This in general involves 
measurement of the air pressure and temperature 
and the computation of the density and the correction, 
or more simply the use of a chart such as shown in 
Figure 1. Two types of differential pressure instru- 

Figure 25.—Toussaint-Lepere air-speed recorder modified by substituting metallic for the nonmetallic diaphragms 

of the capsules is transmitted is a shaft in a long bear¬ 
ing. The record is made on a clock-driven drum. 

A Toussaint-LePere type recorder modified for the 
Bureau of Aeronautics by the Bureau of Standards is 
shown in Figure 25. The Pitot tube is connected to 

ments have been constructed which indicate the true 

air speed approximately. 
A dial view of one of these instruments due to 

Dugit is showm in Figure 27. The instrument has two 
pointers; the one marked A in the figure is actuated 
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by a Venturi tube and the one marked B by an 
aneroid barometer mechanism. 

It will be seen that the pointer B has a spiral¬ 
shaped wire fastened to it. The indicated air speed 
is indicated as usual by pointer A on the graduations 
at the outer edge of the dial. The true air speed is 
indicated on the dial at the intersection of pointer 
A and the spiral part of pointer B. 

read through a hole in the dial. When the adjustment 
is such that the drum indicates zero altitude, a reading 
of the indicated air speed is obtained. For any other 
indication of the drum the true air speed corresponding 
to that altitude is indicated. It is thus evident that 
to obtain true air speed with this instrument, the 
standard altitude above sea level must be known and 
then the drum adjusted by hand to this altitude. 

Figure 26.—Bureau of Standards air-speed recorder 

The second instrument was developed at the Bureau 
of Standards in 1927. It consists of common type 
Pitot-static air-speed meter with a modified indicator. 
As shown in Figure 28, lever 13 which connects the 
diaphragm capsule with the multiplying mechanism 
is movable along its length by means of thumb knob 
3. This motion changes the indication of the pointer 
in the same proportion for any given reading. The 
drum marked 18 is rotated at the same time lever 
13 is moved. This drum is graduated in units of 
standard altitude on its cylindrical surface and it is 

149900—33-27 

The indication of true air speed of both instruments 
is that based on the standard atmosphere for which 
values are given in Figure 3. Correct results, neglect¬ 
ing instrumental errors, are obtained if the temper¬ 
ature of the air at the standard altitude as measured 
by an altimeter does not differ from the standard 

temperature. 

B. LABOKATORY TESTS OF INDICATORS OF THE DIFFERENTIAL 
PRESSURE TYPE 

The purpose of testing air-speed meters is twofold. 
In the first place the accuracy of the instrument is to 
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be evaluated and a table of corrections determined. 
In the second place, tests furnish a measure of the 
mechanical fitness of the instrument as regards design, 
construction, and ability to withstand the conditions 
of service. 

The three general categories of tests which may be 
applied to air-speed meters are (1) flight tests, (2) 
wind-tunnel or whirling-arm tests, and (3) static or 
laboratory tests. 

(1) The chief purpose of flight tests is to determine 
the characteristics of the pressure head as mounted on 

Figure 28.—Diagram of Bureau of Standards indicator of true-relative air speed 

the airplane. The methods of conducting the tests 
have been previously described. The effects of inter¬ 
ference by structural parts of the airplane can be 
determined in this way only. The tests, however, 

give the total errors including those due to angle of 

incidence (pitch), the calibration errors of the tube, 
and errors in the indicator in addition to the inter¬ 
ference errors. In order to separate the errors the 
other types of tests are required. 

(2) Wind-tunnel or whirling-arm tests, as previously 
discussed, are made to determine the calibration errors 
of the pressure head and the errors due to yaw or 
pitch. 

(3) Laboratory tests are designed to evaluate the 
performance of the indicator as a pressure gauge. 
The following pages, in which the discussion is limited 
to metallic-diaphragm indicators for use with Pitot- 
static pressure heads, will be concerned exclusively 
with this type of test. With minor changes, which are 
obvious from the context the same testing methods 
may also be used for Venturi and Pitot-Venturi in¬ 
struments, as the indicators are fundamentally the 
same. 

Figure 29.—Method of testing air-speed indicators for scale errors 

Testing Equipment 

(a) Manometers.—The errors of the air-speed indi¬ 
cator are determined by comparing its readings at 
various pressures with those of a suitable water 
manometer. A typical arrangement for the purpose is 
shown diagrammatically in Figure 29. The Pitot 
opening of the instrument is connected to a common 
header which is connected to the manometer. The 
pressures corresponding to air speed may be obtained 
by a hand-operated pump or by reducing the volume 
of the closed system by means of a metal bellows 
arrangement, all as indicated in the figure or by the 
rubber tubing and roller shown in Figure 30. 

The simplest and most convenient manometer is a 
single glass tube open at the top and connected at the 
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bottom to a reservoir as shown in Figure 29. The 
cross section of the reservoir should be large compared 
to the bore of the tube. Water is commonly used as 
the filling liquid, but as explained below benzol is more 
satisfactory if the necessary additional precautions are 
taken. The manometer is equipped with a scale 
which for convenience should be graduated both in 
inches and in speed units. 

The indicators can be read to about 0.5 mile per 
hour. If an accuracy of this amount is to be obtained, 

Figure 30.—Pioneer manometer for use as standard in calibrating air-speed 
indicators 

the manometer must be read to 0.015 inch of water at 
30 miles per hour, 0.02 inch at 40 miles, and 0.10 inch 
at 200 miles. This sensitivity equals 3.3, 2.6, and 0.5 
per cent, respectively, of the differential pressures at 
these speeds. 

The effect of changes in temperature of the manom¬ 
eter and of variations in the acceleration of gravity 
are ordinarily neglected. The error due to variation 
from the standard value of gravity will usually not 
exceed 0.2 per cent. The standard temperature for 
the manometer is + 15° C. For a temperature of 

+ 30° C. the error is 0.3 per cent of the differentia] 
pressure and for +40° C., 0.7 per cent. Thus these 
errors are usually within the over-all error of calibra¬ 
tion of ordinary indicators. 

It is desirable to increase the sensitivity of the 
manometer for calibrating low-range indicators. In 
most cases it is sufficient to use a manometer with the 
tube tilted 60° from the vertical. The sensitivity is 
thus doubled. Using benzol instead of water increases 
it somewhat more and at the same time gives a better 
defined meniscus upon which to sight. The variations 
in the density of benzol make it necessary to determine 
the density of each lot. 

The Pioneer water manometer for testing air-speed 
indicators is shown in Figure 30. The air pressure is 
controlled in this apparatus by varying the volume of 
the closed system by means of the rubber tubing and 
roller shown at the side of the cistern. 

(b) Temperature control apparatus.—The current 
Army-Navy specifications require that the indicators 
be given scale error tests when at temperatures of 

— 35° and +45° C. The higher temperature is easily 
secured in a temperature chamber by means of an 
electrical heater. The lower temperature may be 
obtained by using (a) an ammonia compressor, (b) 
a carbon dioxide compressor, (c) solid carbon dioxide 
(“dry ice”) or (d) liquid carbon dioxide. For occa¬ 
sional tests the use of solid carbon dioxide is very con¬ 
venient provided a source of supply is available. This 
refrigerant is put into the temperature chamber in the 
same manner as ice in a refrigerator. The temperature 
is controlled by a variable-speed fan blowing directly 
on the solid carbon dioxide. A temperature chamber 
of this type constructed and in use at the Bureau of 
Standards is shown in Figure 31. 

In using an ammonia compressor it is found that the 
rate of cooling at temperatures below about —25° C. 
can be substantially increased if an auxiliary blower is 
used in the low-pressure line just ahead of the main 
compressor. This arrangement as used at the Bureau 
of Standards practically doubles the amountof ammonia 
flowing through the coils. 

Equipment for using liquid carbon dioxide economi¬ 
cally was developed at the Langley Memorial Aero¬ 
nautical Laboratory and is described in reference 15. 

(c) Vibration board.—The instrument board of an 
airplane is under continuous vibration while the engine 
is running. The mode of vibration varies widely on 
airplanes of different types. Even on one and the same 
instrument board there may be great variations as an 
instrument is added or removed, or if the engine of the 
airplane is changed. Accordingly, the best procedure 
for a laboratory test is to specify a certain mode of 
vibration and require that all instruments be able to 
withstand this vibration for a specified time. This 
may be called the “standard vibration” and is a trans¬ 
lational motion in a circular path in a plane 45° from 
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throughout except for the ball bearings and races. 
The motor drives an eccentric which is adjustable so 

as to secure double amplitudes up to one-eighth inch. 
The eccentric rotates in a ball bearing which is attached 
to an aluminum plate. The motion of this plate is 
restrained at two parallel edges by a similar plate 
directly beneath through ball bearings in linear races 
so as to obtain a linear motion in the 45° plane with 
respect to the lower plate. The motion of the lower 
plate is restrained with respect to the base of the 
apparatus by similar ball bearings at the two remain- 

Temperature chamber for testing aircraft instruments. Solid carbon 
dioxide (“dry ice”) is used as a refrigerant 

the horizontal with a diameter (or double amplitude) ! with nonferrous reinforcement to eliminate magnetic 
of Is2 inch and frequencies varying from 1,000 to 2,000 disturbances. The motor is mounted in the base of 
per minute. the pedestal, as shown, and drives the board by means of 
____ a long leather belt. Nonmagnetic materials are used 

In cooperation with the Bureau of Aeronautics of the 
Navy Department, the Bureau of Standards has de¬ 
signed a vibration board for general use in testing air¬ 
craft instruments including the indicators of air-speed 
meters. A photograph of the apparatus is shown in 
Figure 32. It is mounted on a heavy concrete pedestal 

Figure 32.—Vibration board for subjecting instruments to the standard vibration 

ing edges, thus obtaining a linear motion in the 45° 
plane, at right angles to that of the upper plate. The top 
plate has a motion with respect to the base which is 
the resultant of the linear motion of the bottom plate 
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and its own motion with respect to the bottom plate, 
which is the desired vibration. Two stiff brass brackets 
are shown in Figure 32 mounted on the top plate to 
which panels containing instruments can be attached. 
Amplitudes are measured by an Ames dial (shown in 
tig. 32) and frequency by a tachometer. 

Test Methods 

(a) Order of tests on indicators.—In making com¬ 
plete tests on an indicator it is essential that a pre¬ 
scribed order or sequence be followed so that the effects 
of one test on the mechanical behavior of the instru¬ 
ment will not influence the following test. Also when 
possible, the first tests should be those concerning 
mechanical features which are adjustable so that the 
instrument can be readjusted if required, without the 
necessity of following through the entire testing pro¬ 
cedure. For example, it would not be advisable to run 
temperature tests until after scale errors had been 
determined at room temperature. The various tests 
will be described in the sequence in which it is usually 
preferable that they be made. 

(b) Scale error.—This test is made to determine 
whether the instrument is properly adjusted and cali¬ 
brated so that it indicates according to the standard 
pressure—speed relation, data on which are given in 
Table IV. Errors may be due to incorrect zero setting, 
poor adjustment of the multiplying mechanism, incor¬ 
rect graduation, or an unsuitable diaphragm. Errors 
due to the first two sources are comparatively easily 
eliminated by simple adjustments. Those from the 
last sources can not be removed by adjustment. 

The test is made by comparing the indication of the 
instruments at various pressures with the correspond¬ 
ing reading of a standard manometer at a normal or 
room temperature, usually about 20° C. (See fig. 29.) 
A common procedure is to obtain readings of the instru¬ 
ment at the pressures corresponding to even 10-mile 
intervals for increasing and if desired, also decreasing 
pressures. With pressures increasing or decreasing the 
the pressure should be brought up to, or down to, the 
desired value without passing it. The instrument 
should be tapped before each reading. 

A satisfactory instrument should have no errors 
greater than 1 / per cent of the maximum scale reading 
and over the central part of the scale the errors should 
not exceed 1 per cent. Figure 33 shows typical scale 
errors for a satisfactory instrument and also for one 
with excessive errors. Average scale errors (signs dis¬ 
regarded) for 52 instruments tested during 1929-30 
at the Bureau of Standards are shown by the lowest 

curve. 
(c) Friction test.—A slight amount of friction is of 

little importance because air-speed indicators are always 
subject to vibration in service. An excessive friction 
error, however, would indicate poor adjustment of the 
mechanism, which might result in sticking or jamming 

or, more likely, in excessive wear. On decreasing pres¬ 
sures an excessive frictional error might indicate a wTeak 
hairspring. 

Friction errors may be determined while the scale 
error test is being carried out by reading the instrument 
before and after tapping. The difference in readings at 
any point of the scale should not be over 1 per cent of 
the maximum reading of the instrument. A second 
indication of friction is furnished by the motion of the 
pointer. The pointer should move smoothly while the 
pressure is being changed at a uniform rate. 

(d) Position error.—In order to avoid errors due to 
acceleration effects, the mechanism of the indicator 
must be statically balanced for all positions. The 
position error test furnishes all needed data. First, the 
instrument is read while in the normal position. Then 

Figure 33.—Scale errors of air-speed indicators 

without changing the pressure the indicator is tipped 
90 degrees to the right or left and a second reading 
made. It should be tapped before each reading. The 
maximum difference in reading at any point of the scale 
due to change in position should be less than 1){ per 

cent of the maximum reading. 
This test may also be run with the scale error test if 

only one or two instruments are being tested at the 
same time. Readings need be taken only at 30-mile 

intervals on the scale. 
(e) Leak test.—The purpose of this test is to check 

the sealing of the instrument case and fittings. The 
case is tested by applying suction to the static connec¬ 
tion sufficient to produce full-scale deflection and then 
sealing off the instrument. Any noticeable decrease 
in reading indicates leakage, usually at the rim of the 
glass dial cover. Navy specifications permit a maxi¬ 
mum change of 2 per cent of the reading in one minute. 
The connections to the diaphragm capsule are tested 
in the same manner by applying pressure to the Pitot 
connection. There should be no appreciable change 
in reading during a period of one minute. 
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It is advisable to apply these tests to the indicator 
periodically while it is in service. The connecting 
tubes are disconnected at the indicator and a short 
length of rubber tube connected to the instrument. 
By sucking or blowing, according as the tube is con¬ 
nected to static or Pitot side, a full-scale deflection of 
the instrument is produced and the rubber tube is 
sealed as closely as possible to the instrument by means 
of a pinc-hcock. It is essential that the rubber tubing 
be connected leak-tight, and caution must be taken 
not to damage the instrument by applying excessive 
pressure or suction. 

After testing the indicator the connecting tubes 
should be blown out and drained if necessary. They 
are then reconnected to the indicator and the leak 
test is again applied, this time from the point where 
the pressure head is connected to the tubing. In this 
manner leaks or breaks in the tubing may readily be 1 
detected. 

(f) Vibration test.—Air-speed indicators are tested 
for vibration on the vibration board previously de¬ 
scribed. They are mounted with their dials in the 
vertical plane and oriented so as to be in the normal 
operating position. Thus, in the plane of the instru¬ 
ment dial, the instrument is subjected to the full 
amplitude of the board horizontally and to seven- 
tenths of the amplitude vertically. In the horizontal 
direction, perpendicular to the dial, it receives seven- 
tenths of the full-board amplitude. 

The vibration tests of air-speed indicators at the 
Bureau of Standards conform to those specified in 
type tests by the Bureau of Aeronautics. The scale 
errors are determined before and after the vibration 
test. Each instrument is subjected to three hours 
of vibration at a total amplitude of one-thirty-second 
inch and one frecpiency, usually 1,500 vibrations per 
minute. During the first hour no differential pressure 
is applied. During the next two hours a pressure ! 
corresponding to approximately one-half to two-thirds 
full-scale reading (100 and 150 knots for the Navy 
standard 160 and 260 knot instruments, respectively), 
is applied. During the test the pointer of the instru¬ 
ment should not oscillate more than about 1 per cent 
of the maximum scale reading (2 and 3 knots, respec¬ 
tively, for the Navy instruments mentioned above). 
Also the average change in scale error due to vibra¬ 
tion should not be more than one-half of 1 per cent of 
the maximum-scale reading. Lastly, no screws or 
other parts of the mechanism should be loosened by 
the vibration. 

(g) Seasoning test.—This test and the drift test de¬ 
scribed below furnish measures of the elastic qualities 
of the diaphragms or pressure element. The impor¬ 
tance of properly seasoning diaphragms—that is, re¬ 
ducing the internal stresses so that their characteris¬ 
tics will not change with use—has been previously 
discussed in the paragraph on the Metallic Diaphragm. 

The test consists simply of 100 successive applica¬ 
tions of differential pressures sufficient to cause full- 
scale deflection. A scale-error test is made previous 
to and not less than an hour after the pressure appli¬ 
cations. The average change in scale error should 
not exceed one-half of 1 per cent of the maximum 
scale reading for instruments with properly seasoned 
diaphragms. 

(h) Drift test.—Drift is a phenomenon associated 
with elastic after working and manifests itself as an 
increase in deflection of an elastic body under constant 
load with time. In an air-speed indicator, drift would 
be evidenced by an increase in reading with time while 
the indicator was subjected to a constant differential 
pressure. An excessive drift indicates unsuitable 
diaphragm material or poor design or workmanship 
of the diaphragm capsule. 

The test is made by subjecting the instrument to a 
pressure causing nearly full-scale deflection (usually 
to an indication 10 miles less than the maximum) for 
one hour. The reading during this time should not 
increase by more than two-thirds of 1 per cent. 
An interval of at least one hour should follow before 
any other tests are made. 

(i) Temperature tests.—The change in reading of an 
air-speed indicator due to a change in temperature is 
partly caused by changes in the elastic moduli of the 
diaphragm material and partly by changes in the 
dimensions of the mechanism resulting from the linear 
expansion of its parts. By proper design the effect 
of linear expansion on the mechanism can be reduced 
to a negligible amount. In an uncompensated instru¬ 
ment, therefore, the change in calibration due to tem¬ 
perature variations is almost wholly the result of the 
change of the elastic moduli of the diaphragm material, 
and the effect of this can be predicted with a fair de¬ 
gree of approximation. Several methods of compensa¬ 
tion have been used, none of which are entirely 
satisfactory, as evidenced by changes in design from 
time to time. One method consists of mounting the 
diaphragms on a boss of a metal with dissimilar tem¬ 
perature characteristics. The differential expansion of 
diaphragm and boss changes the form of the dia¬ 
phragm and therefore its load-deflection curve. This 
method has not proved satisfactory, up to the present 
time at least, since the form of the calibration curve is 
changed and also an excessive zero shift may result. 
A more successful method is to introduce a bimetallic 
element into the mechanism. For example, the longer 
lever arm of the bell crank may be made of a bimetallic 
strip. The curvature of the bimetallic arm with tem¬ 
perature variations is utilized to change the multiph7- 
ing ratio of the mechanism in the amount required. 

The tests required are scale-error tests at minus 35° 
C. and plus 45° C., in order. The average change in 
scale reading should not exceed 1 per cent of the maxi¬ 
mum scale reading. 
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The error in the reading of an indicator caused by 
the change with temperature of the elastic moduli of 
the diaphragm material can be calculated approxi¬ 
mately. For this purpose it is sufficiently accurate to 
assume that the relation between the differential 
pressure, P, and the reading of the indicator, V, is 
given by 

p=yiPv2=KV2 (io) 

(indicated on the graph) will be very nearly equal to 

AVIV. From the graph, 

which should be equal to 

0.0002 T= (0.0002) (76) = 0.015 

Also, the deflection, D, of the diaphragm element 
may be taken as proportional to the differential 
pressure and inversely proportional to Young’s 
modulus, E, of the diaphragm material; that is, 

(id 

Combining these equations, the relation between 
the deflection and the indication is found to be 

V2 = c/E (12) 

where c is a constant. 
Hence, 

2FA V=-cjji (13) 

It may be concluded, therefore, that the temperature 
errors of this instrument are due solely to the effect 
of temperature on the elastic properties of the dia¬ 
phragm capsule. 

In Figure 35 are given the scale-error curves for an 
instrument which did not meet specifications. The 

where AV represents the change in V due to a small 
change AE in E. Dividing equation (13) by equation 
(12), we find 

AF_ a e 
V ~ 2 E 

(14) 

The temperature coefficient n of Young’s modulus is 

defined as 
1 A E 

n~E AT 
(15) 

in which AT is the change in temperature. By sub¬ 
stitution equation (14) becomes 

06) 

This shows that the proportional change in indication 
due to change in the elastic modulus is proportional 
to one-half of the temperature coefficient. 

For diaphragms made of the usual materials, the 
temperature coefficient of Young’s modulus is about 
— 0.0004 per degree centigrade. (Reference 31.) 

Equ ation (16) then reduces to 

+0.002AY 

A ^ ^ 

value of -ff in this case is = 0.060 which is to be 
V 110 

compared with the computed value of 0.015. It is 
evident that the design of the instrument is faulty. 
The most probable source of an excessive temperature 
error of this type is a differential expansion of the parts 
of the mechanism such that the shape and thereby 
the pressure-deflection relation of the diaphragm is 
changed or that the position of the diaphragm at zero 
pressure is changed so as to affect the action of the 
multiplying mechanism. 

Reading of indicator in knots, V 

Figure 35.—Illustrating an instrument with an excessive change 
in scale errors with temperature 

AIR-SPEED METERS OF THE MECHANICAL TYPE 

OPERATING ELEMENTS 

where AY is in degrees centigrade. 
It. will be of interest to compare this result with 

data obtained from instrument tests. Figure 34 shows 
the scale errors at two temperatures of a typical air¬ 
speed indicator which passed the specifications of the 
Bureau of Aeronautics of the Navy Department. As 
the slopes of the curves are small, the ratio A/B 

A. CLASSIFICATION OF TYPES 

The second class of air-speed meters includes those 
instruments in which the motion of the air stream is 
utilized directly in operating some mechanical device. 
Both on the basis of design principles and of practical 
value, this class must be subdivided into two groups 
of quite dissimilar characteristics. 
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The first and most important group includes all 
instruments having an element which is set into 
rotation by the air stream. The name anemometer 
is frequently used in the restricted sense for these 
instruments. The axis of rotation of the element 
may be perpendicular to the direction of the air 
stream, as in the Robinson cup anemometer, or it 
may be parallel to the direction of the air stream, 
as in the vane or windmill form of anemometer. 
The unique value of these anemometers lies in the 
fact that, under certain conditions easily determin¬ 
able, their indications are practically independent of 
air density and hence are directly proportional to the 
true air speed. 

In the second group are instruments with a member 
or element which is deflected against a restraining 
spring (or gravity) by the direct impact of the moving 
air. Many of the very earliest forms of aircraft 
air-speed meters were of this type. They are usually 

Figure 36.—Diagram of velocities of vane with zero-resisting torque 

known as pressure-plate instruments. The Robinson 
cup or the vane anemometer may be converted into 
a deflection instrument by restraining the motion of 
the element by a spring. Such instruments are known 
as bridled anemometers. 

The vane or propeller type anemometer is used on 
airplanes only to measure the air speeds in the lower 
speed range (below 40 miles per hour) in which it is 

difficult to measure the pressure developed by a Pitot- 
static tube, and then only in flight testing or for some 
special purpose. This type of instrument is especially 
useful on powered lighter-than-air craft both because 
of the lower speeds at which they can be operated and 
the fact that the indicated speed is practically inde¬ 
pendent of air density. 

The cup anemometer and the pressure-plate instru¬ 
ment are at present but little used on aircraft. The 
design of the latter type of instrument is usually such 
as to give only a qualitative indication. 

B. THE VANE ANEMOMETER 

General Remarks 

In any discussion of the vane anemometer two cases 
must be sharply distinguished. In the first case there 
are no forces opposing the rotation of the vanes. Prac¬ 
tically this condition can not be completely realized, 
but it can be very closely approximated if the bearing 
friction is reduced to a very low value and if the ane¬ 
mometer is not required to do any work such as driving 
a mechanism. In the second case there exists a resist¬ 
ing torque. The greater part of this torque is due to 
some mechanism driven by the anemometer. The 
bearings under these conditions must necessarily be 
more rugged and consequently their frictional resist¬ 
ance will be greater. 

Theory of the Vane Anemometer 

The following theoretical treatment of the vane 
anemometer is due to Ower and Duncan (references 21, 
79, and 81), whose papers should be consulted for a 
more detailed presentation. The ideal anemometer 
to which the discussion applies is made up of two or 
more thin vanes set symmetrically around the axis of 
rotation. At any section of a vane taken parallel to 
the axis of rotation, the tangent of the angle between 
the vane element and the axis is proportional to the 
distance of the section from the axis. It is assumed 
that the direction of the air stream is parallel to the 
axis of rotation. 

(a) Case I. Zero resisting torque.—It is evident that 
the anemometer will rotate without slip and therefore 
the relative wind will be directed along the vane. 
Referring to Figure 36, RR is the axis of rotation and 
AA is a section of one vane by a plane parallel to the 
axis at a distance r. 

Let 6 = angle between vane element and a line parallel 
to the axis. 

n=number of vanes. 
Ar= number of revolutions in unit time. 

co = angular velocity at section AA. 
V=wind speed. 
v = peripheral speed at section AA. 

VR = relative wind speed at section AA. 
Then from the figure it is evident that 

and 

so that 

But 

v = cor = 2-irrN 

v= V tan 6 

V=2 tv rN cot d 

2irr cot d = p, 

where p is the pitch of the vane. 

Hence 
V=pN (17) 
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Accordingly, for this case, the number of revolutions 
in unit time is directly proportional to the air speed, or 
in other words, the total number of revolutions in any 
given time is directly proportional to the air distance 
traveled. This result is independent of the air den¬ 
sity. The graph for equation (17), a straight line 
passing through the origin, is represented by curve I 
in Figure 37. 

Figure 37.—Typical relations between vane speed and 
air speed. Curve I is for a vane with zero-resisting 
torque; Curves II illustrate the relation for a vane 
with a resisting torque 

(b) Case II. Resisting torque not zero.—In this 
case the section AA of a vane, Figure 38, is taken 
through the center of pressure of the vane, which with 
sufficient precision may be assumed to coincide with 
the geometrical center. Since the anemometer ro¬ 
tates with slip, the resultant wind VR will make an 

Figure 38.—Diagram of velocities for vane with a resisting 
torque not zero 

angle 0 with the vane element. The resulting wind 
force F will be at an angle 7 with the normal N to the 
resultant wind. Assuming the equivalence of the 
vane to a flat plate, the value of 7 as a function of 
0 may be determined from the results of wind-tunnel 
tests on flat plates. 

On the basis of such experimental results, the result¬ 
ant force F on the vane in a steady air stream may be 
written 

F=k<t>APVR-2 > (18) 
where k = a coefficient, known when 0 is known. 

A = area of the vane. 
p = air density. 

It is assumed that there is no mutual interference 
between the blades, that the slowing up of the air 
entering the vane circle may be disregarded, and that 
0 is sufficiently small so that it may be taken equal to 
tan 0. 

The component of F in the direction of rotation of 
the vane (v in fig. 38) times r, the radius of the center 
of pressure is the torque T. Hence, since there are 
m vanes, 

T— mk<t>ArpVR2cos (0 — 0 + 7) 

and substituting (F2 + y2) for VR2 

T=mk^Arp (V2 + y2)cos (0 — 0 + 7) (19) 

Also, from the velocity triangle, it is found that 

v = V tan (0 — 0) (20) 

The relation between vane speed v and air speed V 
at one air density for a typical anemometer is given 
as curve II in Figure 37. The upper portion of the 
curve is practically a straight line which very nearly 
passes through the origin if extended. At the lower 
portion of the curve, the frictional torque is no longer 
negligible and the curve bends downward and inter¬ 
sects the horizontal axis. The point of intersection 
corresponds to the lowest air speed at which the 
anemometer will rotate. 

Since the angle 0 is a constant of the instrument 
which can be measured, the angle 0 can be determined 
from equation (20) and the curve of v against V. It 
is seen that 0 = 0 at the air speed Tr0 when the vane 
speed v is just zero, that 0 is large compared to 0 at air 
speeds just greater than V0, and that, for the straight 
line portion of the curve, 0 is small compared with 0. 

To compute the frictional resisting torque T from 
the above equations it is further necessary to know the 
values of k and 7 as functions of 0. These are ob¬ 
tained from the results of wind-tunnel tests on flat 
plates. (See reference 21 or 79 for details.) 

Density Effect 

When instruments of this type are to be used on 
aircraft it is necessary to consider the effect of change 
in air density. Ower and Duncan (reference 81) have 
shown that if air speeds at two densities are chosen 
for a given anemometer so that the torques T are 
equal, it follows that the angle 0 is the same in the 
two cases and that the values k and 7 are also equal 
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since they are functions of 0 only. At air densities 

Pi and p2 and air speeds Vx and V2 the torques equal 

Ti = mkx<f>xArpx(T r’ + vx2) cos (9 — <f>x-\-yx) 
To = mk24>2Arp2(\ r22 + v22) cos — 02 + 72) 

When 7\= T2, then 4>x = <f>2, kx = k2, and 

Pi(l r + ^i2) =p2(l 2' +v2') (21) 

From equations (20) and (21) it follows that 

These equations can be used to obtain the air speed- 

vane speed relation at any density px if the relation is 

known at density p2. The general procedure will be 

described after considering the case where a straight 

line relation exists between the two speeds. 

The straight line portion of a curve of the vane 

speed v against the air speed V (curve II Figure 37) 

can be represented by the equation 

v—p+qV 

in which p and q are constants. For a calibration at 

density px the straight line portion of the curve is 

vx=pxAqxVx (23) 

and for density p2 

V2 = P2+q*V2 (24) 

Substituting for vx and Vx in equation (23) the values 

from equation (22) there is obtained 

i'2=P^i^ + qiV2 (25) 

from which it follows that 

q2 = qx 

Thus if the relation between v and V is known at 

one air density, the straight line portion of the curve 

can be easily obtained for other values of the density 

by means of equations (23) and (25). To carry this 

out graphically, extend the straight line of the known 

v-} relation at density px so as to obtain the intercept 

Pi on the F-axis. For density p2 the intercept is 

Pi\ ~ and the straight line part of the curve is a line 
\ P 2 

through this intercept, parallel to the one for 

density px. 

For the nonlinear portion of the curve at low speeds 

the effect of change in air density must be determined 

by the general relations given in equation (22). The 

values at low speeds so determined are of somewhat 

uncertain accuracy since it has not been definitely 

established that all of the assumptions underlying 

equation (22) are valid at such speeds. However, 

for practical purposes, in aeronautics at least, the 

curve so determined is useful in order to show the 

lower limit of the speed to which the linear relation 

between air speed and vane speed extends. An 

inspection of equation (22) shows that 

F = x - Vi (2G) 
V P -2 

From equation (26) it follows that a straight line 

through the origin of coordinates and a particular 

value of vx also passes through v2. Further, since the 

slopes of the lines determined by equations (26) and 

(27) are the same for corresponding values of i\ 
and Fx, this line also passes through V2. Computing 

v2 or V2, using either equations (26) or (27), then fixes 

their position on the line. In a similar manner, corre¬ 

sponding values of v2 and V2 are determined for other 

corresponding values of vx and Vx. 
Curve II, Figure 37 for density p2, ( = 0.5 px) was 

constructed in the manner just outlined. 

Since the calibration curve depends on the friction 

in the instrument, each instrument must be individu¬ 

ally calibrated. As the friction may change with 

time, due to aging of the lubrication or wear in the 

bearings, repeated calibrations may be required at 

intervals. The vane anemometer is ordinarily used 

as an aircraft instrument only within the range for 

which the calibration curve is linear. 

C. ROBINSON CUP ANEMOMETER 

Since 1846 when the cup anemometer was developed 

by Robinson as an instrument for measuring wind 

speed, it has been the subject of continued and exten¬ 

sive research. This interest has been due to the fact 

that the cup anemometer, since its inception, has been 

the standard instrument for meteorological observa¬ 

tion. Despite all efforts, only a limited success has 

been attained in developing the theory of the anemom¬ 

eter, for the complexity of the problem has prevented 

a complete solution. The torque required to set the 

anemometer in rotation is furnished by the greater 

resistance of the cups with concave faces toward the 

wind than those with convex faces toward the wind. 

As the anemometer rotates the cups are continually 

changing their orientation with respect to the wind 

so that the torque on any given cup, and on the 

instrument as a whole, is continually varying. On 

a single cup the torque varies irregularly between a 

maximum positive value and a minimum negative 

value in each revolution. The relative velocity varies 

from the inner to the outer edge of the cup, disturb¬ 

ances are set up by each cup and its arm which change 

the forces on the other cups, frictional resistances 

affect the motion, and at high rotational speeds the 
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supporting system may be deformed by the stresses 

set up so that the shape of the anemometer is changed. 

Accordingly, it has been found necessary to determine 

by calibration the characteristics of each form and 

size of cup anemometer. Even so, appreciable dif¬ 

ferences in performance may be found for instruments 

of the same design and size if there is any considerable 

difference in friction. 

References to some of the more important papers on 

the Robinson cup anemometer are given in the bibliog¬ 

raphy. Attention is directed particularly to the re¬ 

cent work of Patterson (reference 78) in Canada, and 

Fergusson and Covert (reference 76) in the United 

States on the three-cup anemometer. 

The ratio of the air speed V to the linear speed v of 

the cup centers of a Robinson cup anemometer is 

known as the anemometer factor /. Obviously it is 

desirable to make the factor a constant, if possible, so 

that 

V=jv (28) 

The calibration curve would then be a straight line 

passing through the origin, as curve I in Figure 38. 

Conceivably an anemometer with constant factor 

might be constructed if the proper geometrical form 

and dimensions could be ascertained and if the friction 

could be made negligible. Actually, it has been found 

that neither condition can be satisfied exactly. For 

example, for four-cup instruments of certain propor¬ 

tions, a relation of the form 

V=a + bv (29) 

or 

f=V/v = b + i (30) 

is found by experiment. That is, the factor varies, 

with the speed of the cups approaching the value b 
asymptotically as the speed attains large values. This 

relation does not hold for low air speeds. The calibra¬ 

tion curve is similar to curve II in Figure 37, for the 

vane anemometer with friction, but usually with a 

curvature upward at low speed instead of downward. 

At the present time (1931) the three-cup form of 

anemometer, whose design is based on the work of 

Patterson and Fergusson, is used by the Weather 

Services of the United States and Canada, while in 

Europe the four-cup form is used. In aircraft only 

the four-cup form has been used. The relative advan¬ 

tage of the two forms as to degree of constancy of 

factor / is debatable, but it appears that a constant 

factor f is not obtained with either. 

As an aircraft air-speed meter the cup anemometer 

is less desirable than the vane type chiefly because it 

is more difficult to construct and its axis of rotation 

is perpendicular to the air stream which leads to 

difficulties in mounting on the aircraft. 

Variation in air density causes a shift in the relation 

between cup speed and air speed which may be repre¬ 

sented by that shown in Figure 37, curve II for px 
and p2. Wilke (reference 73) has derived a relation 

for the effect of density based on the asumption that 

the friction in the mechanism and the coefficients of 

wind resistance of the cups are independent of speed. 

This gives a difference in the slope of the straight line 

portion of the relation at two densities between cup 

speed and air speed. The data obtained by Pinkerton 

(reference 82a) on the effect of density on an anemom¬ 

eter driving a magneto indicates a reduction of about 

5 per cent in indication for a reduction in air density 

to two-thirds of the normal value. The data are 

insufficient to establish the validity of any theoretical 

relation such as Wilke’s but they sustain the opinion, 

however, that the effect for a cup anemometer driving 

a revolution counter is of the same order of magnitude 

as for the vane anemometer. 

D. PRESSURE-PLATE INSTRUMENTS 

In the early days of aviation the air speed indicator 

commonly used consisted of a hinged, flat plate exposed 

perpendicularly to the air stream. The force acting on 

the plate was balanced by means of a spring and the 

deflection of the plate used to indicate the air speed. 

The difficulty of obtaining distant indication is the chief 

reason for its disappearance from airplanes. At the 

present time, however, instruments of this type are 

being used to some extent on gliders, since they are 

reasonable in cost, sufficiently accurate for glider 

operation and are more suitable than the Pitot-static 

type instrument since indications can be obtained at 

much lower air speeds. 

TRANSMITTING AND INDICATING ELEMENTS 

A. GENERAL REMARKS 

Cup and vane anemometers are essentially air logs: 

that is, one revolution of such an anemometer corre¬ 

sponds to a definite travel of the anemometer in the 

air stream. For an ideal anemometer this travel or 

distance per revolution is a constant, while for a vane 

anemometer with friction or a cup anemometer not 

having a constant factor the travel is a function of the 

air speed and also of the air density. If an air log is 

desired, a revolution counter will serve as the indicator, 

which preferably should be connected to the cup or 

vane shaft through gearing so that the indication is 

directly7 ia miles (or other units of distance) rather than 

number of revolutions. Air logs for aircraft must be 

distant-indicating since the cups or vanes must be 

mounted in a position where they will not be affected 

by the propeller slip stream, or aircraft structure, 

which ordinarily means some distance away from the 

cockpit or cabin. Further, it is desirable that the 

wind-driven element do as little work as possible in 

order to reduce the effect of changes in air density. 
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This requires the use of an outside source of power for 

operating the revolution counter or indicator. 

In order to indicate air speed, an anemometer must 

be connected with some form of tachometer or its 

equivalent. The necessity for distant indication and 

for drawing no power from the cups or vanes is the 

same as for the air logs. Although a variety of methods 

have been used, mostly electrical in nature, distant- 

indicating tachometers of a suitable type are difficult 

to design. 

A number of air logs and air-speed indicators will 

be described which differ almost entirely in the method 

of obtaining distant indication. The choice of the 

type of wind-driven element is largely based on the 

relative ease in installation and simplicity in mechan¬ 

ical design. 

additional mile. A cam on the pointer shaft operates 

the counter once every revolution; that is, every 100 

miles. The weight of a typical installation is approxi¬ 

mately 2.5 lbs. 

The indication is given in true air miles; i. e., prac¬ 

tically independent of air density since the amount of 

work done by the vane is very small. It is, of course, 

obvious that in order to obtain distance flown relative 

to the ground the indication must be corrected for the 

effect of the wind velocity. In addition to possible 

| scale errors, the indicated air miles may be in error due 

to the fact that it is difficult or impractical to install 

the transmitter in a position where it is subjected to an 

air stream undisturbed by the proximity of the air¬ 

craft structure. This difficulty is common to all air 

logs and air-speed instruments and has been dis- 

Figure 39.—Pioneer air log 

B. AIR LOGS 

Pioneer Air Log 

The common form of the Pioneer air log is shown in 

Figure 39. The transmitter shown in the upper part 

of the figure is intended to be mounted at a point where 

the vane is operated by an air stream undisturbed by 

the aircraft structure. The indicator is mounted on 

the instrument panel. Its pointer indicates in air 

miles and the counter in hundreds of air miles. The 

reading is obtained by adding the indication of the 

counter to that of the pointer. 

In operation, the suction produced by the Venturi 

tube normally holds a piston in a cylinder in the 

indicator down against a compressed spring. The 

rotation of the vanes of the instrument opens a valve 

through suitable reduction gearing at intervals of 1 

air mile. The opening of the valve relieves the suction 

and thus the spring causes the piston to move upward 

which, through a lever system and pawl, causes a gear 

to move one tooth and thus the pointer to indicate 1 

cussed in the section on the “Design of Pitot-static 

pressure heads for aircraft.” The best solution is in 

general to calibrate the instrument in flight for each 

particular type of installation. 

At low air speeds such as are obtained in airships 

the Venturi does not develop sufficient suction. The 

air log has been modified for this case so that electrical 

instead of pneumatic transmission is used. In this 

form of the instrument the vane makes an electrical 

contact every air mile by means of suitable reduction 

gearing. When the contact is made, a solenoid in the 

indicator is energized which forces a gear forward one 

tooth by means of a pawl. The pointer or revolution 

counter giving the indication is operated by this gear. 

This type of instrument is not self-contained since it 

requires the use of a battery. 

Barr & Stroud Air Log 

This instrument, although strictly an air log (since 

time must also be measured in order to obtain the air 

speed) is designed for use in measuring the air speed 
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of aircraft during tests at speeds below that at which 

the use of the Pitot-static tube is possible. The instru¬ 

ment is shown in Figure 40 and is of substantially the 

same design as that developed by IT. L. Stevens and 

D. A. Jones of the Royal Aircraft Establishment. 

(Reference 25.) The instrument is of the suspended 

head type. Distant indication is secured electrically by 

means of a revolution counter operated by a solenoid. 

By means of a 20 to 1 reduction gear an electrical 

contact is made at the head at intervals of 20 revolu¬ 

tions of the windmill or vanes. The head is kept into 

the wind by a 6-inch ring and cross vanes. 

planes. The disadvantages of this type of instrument 

in comparison with the Pitot-static or Venturi instru¬ 

ment are obvious. Ordinarily the “indicated” and 

not true air speed is desired in the operation of air¬ 

planes and further the dial is of necessity integral with 

the instrument and hence is out on a strut at some 

distance away from the pilot, out of his direct line of 

vision, and difficult to read under many circumstances. 

For use in measuring true air speeds at low speeds 

this design is not desirable since true air speed is not 

indicated under all conditions on account of the varia¬ 

tion in the power required to operate the tachometer. 

Figure 40—Barr & Stroud air log 

Tests made on this instrument illustrate a point 

which is of importance on all vane-type instruments 

when used in aircraft. The instrument was tested in a 

wind tunnel at two temperatures differing by 26° C. 

and was found to have practically no change in the 

number of contacts per minute at an air speed of 40 

miles per hour but had about 3 per cent less at 30 and 

7 per cent less at 20 miles per hour at the lower tem¬ 

perature. This difference is most probably due to 

congealing of the lubricating oil, and not to the 

difference in the air density as in this case the number 

of contacts per minute would have been increased at 

the lower temperature. 

C. CENTRIFUGAL TYPE 

Examples of this type in which the wind-driven 

element operates a centrifugal mechanism are more or 

less obsolescent. In the Morell instrument (refer¬ 

ences 6 and 8) the centrifugal element is directly 

driven by a four-cup anemometer, and in the Horn 

instrument, by a propeller. The complete instrument 

forms an integral unit. The Morell air-speed meter 

was used prior to about 1922 to a very considerable 

extent in Germany as a service instrument on air- 

D. COMMUTATOR TYPES 

Commutator-Condenser Type 

In this instrument the indication depends essentially 

upon the rate of charge and discharge of an electrical 

condenser through a milliammeter. The rate is con¬ 

trolled by means of a commutator rotated by a pro¬ 

peller in the air stream. The instrument is of the 

suspended head type, that is, the propeller, commutator, 

and condenser are installed in, or attached to, a stream¬ 

lined body arranged to be lowered into a region of air 

which is undisturbed by the aircraft. 

It is perhaps interesting to note that Robinson cups 

wrere used as the windmill in the first model of this 

instrument constructed at the Bureau of Standards. 

(Reference 80.) 

The wiring diagram of the latest model of this t\7pe 

of air-speed meter constructed by the Bureau of Stand¬ 

ards for the Bureau of Aeronautics of the Navy De¬ 

partment for use on the airship Los Angeles is shown in 

Figure 41. The instrument consists essentially of a 

battery, an indicator, and an electrical condenser 

E, all electrically connected in series. The commuta¬ 

tor reverses the polarity of the mica condenser eight 
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times per revolution of the vane, the entire resulting 
charge and discharge passing through the milliammeter 
which serves as the indicator. The mazda lamps M 
and resistances B and C form an automatic voltage 
regulator. Resistance A serves to adjust for the proper 
voltage, the indication of which is obtained on the 
indicator when the switch is in the “check” position. 
Resistance D is added to bring the voltage indication 
within the range of the indicator. 

Current 

Figure 41.—Diagram of electrical connections of suspended commutator-condenser 
type air-speed meter 

A view of a complete instrument is shown in Figure 
42. The suspended head contains the condenser as 
well as the vane and commutator. The head is held 
by a cable which is attached to a reel provided with 
a brake and holding pin. The cable also contains the 
two electrical wires connecting the suspended head 
to the indicator and battery. The other parts except 
the battery are contained in the indicator box. 

The automatic voltage regulator is of some interest. 
It is seen in Figure 41 that the regulator is a network 
composed of two tungsten lamps and twro resistances. 
The resistance characteristic of the tungsten filament 
lamps is taken advantage of in a unique way. In one 
particular arrangement, the output voltage w~as 5 
volts plus or minus 1.2 percent for a variation in input 
voltage from 9 to 15 volts. The output voltage is lowr 
at 9 volts input, goes to a maximum at 12 volts input, 
and is low again at 15 volts input. The variation in 
output voltage is proportional to the square of the j 

range in input voltage, thus for a range of 10.5 to 13.5 
volts the output would have a variation of plus or 
minus 0.3 per cent. The power efficiency, defined as 
the power output divided by power input, is very low 
in the circuits thus far devised, not exceeding 2 per 
cent. It has been possible to raise the ratio of output 
to input voltage by the use of nickel filament ballast 
resistances, but unfortunately the change caused a 
sharper top on the curve of output against input 
voltage. 

Since the contact resistance at the brushes may 
vary, the effect on the indication of changes in resist¬ 
ance in the circuit is of importance. Neglecting the 
inductance in the circuit, which is largely due to that 
of the moving coil in the indicator, the charge passing 
through the indicator as the commutator revolves 
from segment to segment is given by the well-known 
expression for the flow of electric charge in an electrical 
circuit containing a capacity and a resistance. This is 

q = CE^l—e~ (31) 

in which q is the charge transferred in the circuit in the 
time t, C is the capacity of the condenser, r is the re¬ 
sistance in the circuit, and E is the voltage applied at 
the instant from which time t starts. If t is the time 
interval of contact on the commutator, q is the charge 
passing through the indicator per contact. It should 
be noted that the effective voltage, E, applied to the 
condenser is twice the voltage output of the regulator, 
as the polarity of the condenser is changed from com¬ 
plete charge in one direction to complete charge in the 
opposite direction. Equation (31) shows that if the 
quantity of charge transferred through the indicator 
per contact is to be practically the same for variations 
in the time of contact t with the speed of the oornniu- 

tator, e Cr must be small. If this condition obtains 
the calibration curve plotted between revolutions per 
minute and milliamperes will be practically a straight 
line. It is important that even a small deviation from 
the straight line should not be caused bv variable 
contact resistance, as this would cause a variable cali¬ 
bration. It has been found possible to construct the 
commutator so that its resistance does not exceed 50 
ohms as determined by actual measurements during a 
250-hour duration test. In addition to this resist¬ 
ance there is also in the circuit, 33 ohms in the moving 
coil of the instrument and 100 ohms added resistance 
to prevent sparking at the commutator when the 
contact is made. The total circuit resistance is thus 
less than 200 ohms. Assuming r = 200, f = 2X10"3, 
and C— 0.5 X 10-6, 

t 

e Cr-2X10~9. 

If the resistance should increase to 750 ohms, 
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t_ 

e ~ Cr = 0.005 and the indication would be one-half of 1 

percent low. It is easily possible for carbon brushes with 
low-contact pressure on a silver commutator to develop 
a resistance as high as 4,000 ohms. Silver brushes on a 
silver commutator have a tendency to streak a silver 

which the operating element in the wind stream 
drives a commutator and the power for operating 
the indicator is furnished by a battery. In the de¬ 
sign due to Lavet-Berly and Favre-Bulle (reference 3) 
the commutator is of special design which changes 
direct current into a current which is virtually three- 

Figure 12.—Commutator-condenser type air-speed meter. The reel is shown in the upper left, the indicator at the upper right, and the suspended head in the 
lower part of the figure 

deposit across the insulation short-circuiting the com¬ 
mutator. A combination of one silver brush and one 
carbon brush running in the same track on the com¬ 
mutator has eliminated both of these difficulties. 

Other Commutator Types 

Two types of air-speed meters, other than the com¬ 
mutator-condenser type, have been constructed in 

phase. This current drives a synchronous motor in 
the indicator unit, which in turn operates a centrif¬ 
ugal mechanism similar to that in the Morell indi¬ 
cator. As the windmill has to overcome the resistance 
of at least four brushes bearing on the commutator 
and a slip ring, two sets of Robinson cups are used to 
furnish the power so as to minimize the effect of 
changes in air density. The indication is sensibly 
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independent of changes in electrical resistance at the 
brushes, provided that there is sufficient power avail¬ 
able to drive the motor and centrifugal mechanism. 

In the Stover-Lang instrument the commutator 
driven by the windmill closes an electric circuit once 
in every revolution. The current actuates a solenoid 
in the indicator, which by means of a pawl operates a 
chronometric tachometer mechanism. This adds up 
the number of contacts for uniform short-time inter¬ 
vals, usually one second. The number of the contacts, 
which is proportional to the speed, is indicated on the 
dial of the instrument. This mechanism has been 
extensively used for measuring the speed of aircraft 
engines in which, of course, the commutator is directly 
connected to the engine. 

Neither the Favre-Bulle nor the Stover-Lang type 
of instrument has advanced much beyond the ex¬ 
perimental stage. This is partly due to the small 

demand for a true air-speed indicator and partly due 
to the relative complication of the design as compared 
to other types. 

E. MAGNETO TYPE 

There is the possibility of obtaining a distant indi¬ 
cating air-speed meter by having the wind-driven 
element operate a direct-current generator or magneto. 
The voltage developed is proportional to the air speed 
and is indicated on a suitable voltmeter. In addition 
to the necessity of keeping the brush friction low, there 
is the added disadvantage of the effect of change in 
the contact resistance between the brushes and com¬ 
mutator. A circuit with a large amount of electrical 
resistance must be used in order to minimize this effect, 
and as a result a comparatively sensitive voltmeter is 
required. This type of instrument has the advantage 
over the electrical instruments previously described in 
that the use of a battery is not required. The magneto 
instrument is being used at present to measure the 
wind velocity at a number of meteorological stations. 
The standard-type Robinson cups are used to turn 
the generator and a rather large-size voltmeter is used 
as the indicator. At the present time generators of 
comparatively small size and weight and voltmeters 

with an extreme pointer motion of 270° are available, 
which may make this type of instrument a practical 
possibility for use on aircraft. 

F. FREQUENCY TYPE 

An electrical frequency type air-speed meter was 
constructed by the Bureau of Standards in 1926 for the 
Air Corps of the United States Army. The instrument 
is shown in Figure 43. The transmitter consists of a 
permanent magnet type 3-phase alternating-current 
generator. The indicator is designed so that the 
alternating current produces a rotating magnetic field 
which exerts a torque on an aluminum rotor. This 
torque is balanced by a hairspring. The design has 
the advantage of eliminating the use of the trouble¬ 
some brush and commutator arrangement, but it 
appears that an indicator of this type has the inherent 
disadvantage of requiring the use of a rotor which has 

an excessive inertia compared to 
the operating torque obtained at 
all but the very highest air speeds. 

G. MISCELLANEOUS TYPES 

One of the disadvantages of 
moving surface instruments is the 
difficulty in measuring gusts owing 
to their relatively large inertia. 
A reduced time lag in the indica¬ 
tion can be obtained by using a 
pressure plate and spring combi¬ 
nation having as high a natural 
frequency as possible and at the 
same time having the proper amount 

of damping. An instrument of this type has been 
constructed by Sherlock and Stout (reference 83) 
for studying wind gusts of comparatively high velocity. 
In order to obtain the indication, the motion of the 
pressure plate varies the air gap in a magnetic circuit 

i in which the field is produced by an alternating cur¬ 
rent. The resulting changes in current must be meas¬ 
ured in an oscillograph in order to obtain the minimum 
time lag, but as finally arranged a direct-current indi¬ 
cating instrument was used, the alternating current 
being first rectified by means of copper-oxide rectifiers. 

An interesting method of obtaining distant indication 
of wind velocity was developed by Friez. A multiple 

blade rotor consisting of 32 aluminum blades is exposed 
| to the wind and is restrained from rotating more than 

one revolution for the desired range of wind velocity 
by means of a suitable helical spring. The transmitter 
consists of a Selsyn motor arrangement. In order to 
obtain an indication the well-known property of motors 
of this type is utilized; i. e., that electrically connected 
rotors move in synchronism. The Selsyn motor used 
as the indicator is equipped with a dial graduated in 
wind velocity and its rotor with a pointer. It is diffi¬ 
cult to reduce friction in the instrument so that its 

Figure 43.—Frequency type air-speed indicator 
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effect is not excessive, and further, the indication for a 
given wind speed varies periodically with the direction 
of the wind in angular steps equal to the angle between 
two blades. In order to operate the instrument, alter¬ 
nating current must be available, the motors ordinarily 
available being designed for 110-volt, 60-cycle, single¬ 
phase current. 

THE HOT-WIRE ANEMOMETER 

GENERAL REMARKS 

Since the hot-wire anemometer was first proposed 
about 25 years ago by a number of investigators work¬ 
ing independently, the instrument has been success¬ 
fully applied to the measurement of slowly moving 
air currents and fluctuations in the velocity which are 
too rapid to measure by other devices owing to their 
greater inertia. The hot-wire anemometer is essen¬ 
tially a research instrument. Its lack of ruggedness 
and other characteristics bar it from consideration as 
a service instrument on aircraft and even as a research 
instrument if the differential pressure or moving sur¬ 
face types of instruments are suited for the purpose. ! 

THEORY 

The rate of cooling of a heated wire in an air stream 
depends, among other things, upon the relative speed 
of the air stream and the wire, and hence the heated 
wire may be used to measure this speed. The con¬ 
vective cooling of wires has been studied extensively, 
in particular by L. V. King. (References 85, 87, and 
88). As a result of his work, King derived two ap¬ 
proximate formulas for the heat loss, the formulas 
being valid for different speed ranges. The following 
notation will be used: 

74= heat lost per unit length of wire 
K= thermal conductivity of air 

s = specific heat of air 
p = density of air 
V = speed of air stream 
T— temperature difference between the wire 

and the unheated air 
r = radius of wire 
7 = Euler’s constant = 0.5771 

Then King’s formulas are (a) for low speeds: 

H=2tK 
T 

log b/a (32) 

where b = Kel~y(SPV) 

and (b) for high speeds: 

74= [74+ 2 V irKrS(pV) 'A\ T (33) 

For values of Vr greater than 0.00935 cm2/sec., accord¬ 
ing to King, the high-speed formula is to be used, and 
for smaller values the low-speed formula. If we as¬ 
sume that the smallest wire which can be used on 
aircraft has a radius of 0.0005 inch, then the critical 

149900—33-28 

value of the velocity V is about one-sixth of a mile 
per hour. Therefore the high-speed formula is the 
only one which need be considered as far as aircraft 
speeds are concerned. The speed V represents the 
total speed of the air stream past the wire, neglecting 
the effects of convection currents set up by the heated 
wire itself. These convection currents need only be 
considered when very low speeds are to be measured. 

If we assume that the specific heat s and the thermal 
conductivity K of the air are independent of air tem¬ 
perature and density, then equation (33) may be 
written: 

H=A + B (p yy/2 (34) 

where A and B are constants depending upon the tem¬ 
perature difference T, the characteristics of the wire, 
and physical properties of the air. This equation 
brings out clearly one of the characteristics of the hot¬ 
wire anemometer which is that the heat loss is a func¬ 
tion of the product of the air density by the air speed. 

METHODS OF MEASUREMENT 

There are a number of methods of measurement 
which may be used with the hot-wire anemometer. 
In one of the simplest methods, the electrical resist¬ 
ance, and therefore the temperature of the wire, is 
maintained constant by means of a Wheatstone bridge, 
and the consequent variations in the current furnish 
the measure of air speed. The essentials of the elec¬ 
trical circuit are shown in Figure 44 A. The hot wire, 
44, is connected as one arm of a Wheatstone bridge, the 
other three arms of which are adjusted so that the 
bridge is balanced when the resistance (temperature) 
of the wire is at the desired value at zero air speed. 
Any change in the air speed will change the tempera¬ 
ture and hence the resistance of the hot wire and the 
change in current required to again balance the bridge 
is the measure of the air speed. The change in current 
may be measured by an ammeter in series or a high- 
resistance voltmeter in parallel with the wire, or by 
the measurement of the current in the external circuit 
as shown in Figure 44 A. The accuracy can be greatly 
increased by using a potentiometer in the manner 
described by Simmons and Bailey. (Reference 97 
and 98.) If i is the current necessary to maintain a 
constant wire temperature, then as the resistance is 
constant in this method, equation (34) reduces to 

i2 = KxAK2 (p vyv (35) 

since the heat loss is proportional to the square of the 
current. Putting i0 equal to the current necessary to 
maintain the temperature when V= 0, then i02 = Ki 
and hence, 

i2 = fo2 + K2 (p Vyi* (36) 

In this formula iQ is readily measured, and a second 
measurement at a known air speed V will furnish all 
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the data needed to determine the value of the con¬ 
stant I<2. Note that the current i, and therefore the 
deflection of the indicator is proportional to the fourth 
root of the air speed. The result is that the scale is 
very much compressed at the upper end. 

In the second, or constant-voltage method (often 
erroneously called constant-current method) the hot 
wire also forms one arm of a Wheatstone bridge with a 
constant voltage impressed upon the bridge. The 
circuit is essentially the same as that shown in Figure 
44 A except that the indicator / is omitted and an 

Figure 44.—Typical electrical circuits of hot wire anemometers 

indicator for checking the applied voltage must be 
provided. At zero air speed the bridge is balanced. 
Any change in the forced convection changes the tem¬ 
perature of the wire and throws the bridge out of 
balance. The “out of balance” current is a measure 
of the air speed. 

Huguenard, Magnan, and Planiol (references 94 and 
96) have developed a hot-wire anemometer for meas¬ 
uring wind velocities based on the electrical circuit 
shown in Figure 44 B. The hot wire II is exposed to 
the wind stream while the galvanometer G is shunted 
by a shielded fine platinum wire S. When F is ex¬ 
posed to air of zero velocity, the voltages Bx and B2 are 
adjusted so that no current flows through S. The 
resistance R is large compared with the resistance of S 

so that the current in S due to voltage B2 is substan¬ 
tially constant. When II is exposed in an air stream 
its temperature falls, and therefore its resistance de¬ 
creases and the electric current increases. At the 
same time the additional current heats the wire S, in¬ 
creasing its resistance and thus shunts proportionally 
more of the current through the galvanometer G than 
that due to the change in air speed. The advantage 
of this method of measurement is that if II, S, lh, and 
B2 are properly chosen, the current through G is ap¬ 
proximately proportional to the air speed instead of 
the 4th root of the air speed. An evenly divided air¬ 
speed scale is thus obtained. 

Dryden and Kuethe (references 99 and 100) used the 
circuit shown in Figure 44 C in order to measure the 
integrated fluctuations in air speed in a wind tunnel in 
the frequency range 1 to 100 cycles per second. The 
hot wire is at II in the figure and has a resistance which 
is small compared to that of the rest of the circuit so 
that the current through it is very nearly constant at 
all speeds. The potential drop across the fixed re¬ 
sistance R is measured by a potentiometer and serves 
to control the current in the circuit. The alternating 
change in potential across the hot wire due to variations 
from the mean wind speed is amplified by a resistance- 
coupled amplifier and finally measured by an alternating 
current milliammeter. This current is proportional to 
the square root of the mean square deviation of the 
resistance from its mean value. The amplitude of the 
sine curve of resistance giving the same square root 
of the mean square value was computed and converted 
to amplitude of fluctuation in air speed by means of a 
calibration curve of electrical resistance against air 
speed. The parts of the circuit not shown are de¬ 
scribed in reference 99. 

SOURCES OF ERROR 

One inherent defect of hot-wire anemometers is the 
progressive change or aging of the wire which neces¬ 
sitates frequent recalibration. This defect is very 
troublesome in many cases. The aging depends upon 
the material of the wire, its dimensions, and the 
temperature at which it is used. Satisfactory mate¬ 
rials are platinum, nickel, and gilded iron. Platinum 
has been used more extensively than other materials 
since it is practically unaffected by atmospheric con¬ 
ditions even at high temperatures. Nickel in a pure 
form is suitable for lower temperatures. The purity 
appears to be an important consideration. Thorough 
annealing is necessary. 

The effect of aging is greater for fine wires. How¬ 
ever, the fundamental advantage of the hot wire in 
measuring air speed is its comparatively low lag which 
has led to its use in measuring wind speed and to 
fluctuations in air speed in wind tunnels as described 
above. The lag decreases with decrease in the diam¬ 
eter of the wire, which has required in the latter case 
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at least that the wire diameter be as small as prac¬ 
ticable (0.0007 inch). The necessity of low lag means 
a maximum aging effect. It is of interest to note that 
welding the wire to the support, instead of soldering, 
greatly reduces the variation in the calibration with 

time. (Reference 100.) 
Since the heat loss of the hot wire depends upon 

the difference between the temperature of the air and 
the hot wire, equation (33), it is obvious that the effect 
of variation in the air temperature is minimized by 
using high wire temperatures. This method of cor¬ 
rection is objectionable since sufficiently high wire 
temperatures greatly increase the aging effect and 
also increase the free-convection currents which is 
undesirable. It is feasible and preferable to provide 
compensation in the electrical circuit. (References 
21 and 98.) Wire temperatures in the range 150° to 
500° C. appear to be the most satisfactory. 

It is seen by referring to equation (33) that the 
indication of the liot-wire anemometer is also a func¬ 
tion of the air density. Changes in air density from 
that at the calibration require the application of a 
correction. No means of compensating for changes 
in air density have been developed as yet. 

GROUND-SPEED METERS 

INTRODUCTION 

A. APPLICATIONS OF GROUND-SPEED MEASUREMENT 

The speed 1 of an aircraft measured relative to the 
earth’s surface is called its ground speed. The ground 
speed may be measured from fixed stations on the 
ground or by means of instruments carried on the air¬ 
craft itself. The determination of ground speed from 
ground stations finds limited application in connection 
with flight testing, air races, and military purposes 
such as range finding, etc. The methods and instru¬ 
ments which can be used on board aircraft are of prac¬ 
tical importance in flight testing and in navigation. 
The methods of measuring ground speed in flight 
testing have been described previously with reference 
to the calibration of air-speed meters. The following 
discussion will be limited to the measurement of ground 
speed on board aircraft for navigation purposes. 

B. PRESENT STATUS 

From the standpoint of navigation, the subject of 
ground-speed measurement is in a very unsatisfactory 
state. This condition of affairs is due to the fact 
that a general method, applicable under all or nearly 
all circumstances, has not yet been devised, and there 
are no indications that the problem will be solved in 
the near future. The methods in use are not only 
limited in application but are cumbersome and inac¬ 
curate. Even in the case of the most commonly 

1 Note that the word speed is here used to denote a scalar, arid the word velocity 
a vector quantity. 

adopted methods, there is no general agreement 
either as to the procedure to be followed or the instru¬ 
mental equipment to be used. Although the ideal 
ground-speed meter appears to be unattainable for 
the present, it is greatly to be desired that by common 
agreement some procedure and instrumental equip¬ 
ment be accepted as standard to serve until something 

markedly better can be produced. 

C. CLASSIFICATION OF INSTRUMENTS AND METHODS 

It is convenient to group the methods of ground- 
speed measurement in two classes according as the 
methods are dependent on ground visibility (optical 
types of instruments) or independent of ground 
visibility (absolute types). Each class is further 
divisible into indirect methods which require the 
computation of ground speed from the results of 
observations on other quantities, and methods per¬ 
mitting the use of indicating instruments which show 
the ground speed on a dial or scale as soon as the 
observation is completed in the case of optical types, 
or continuously in the case of absolute meters. 

DESCRIPTION OF INSTRUMENTS 

A. OPTICAL TYPES 

General Remarks 

Instruments falling under this classification are 
based on two general methods. The first consists 
essentially of means for determining the time of flight 
over a known distance. The angle of drift is usually 
measured simultaneously. The second method, known 
as the wind-star method, is based on the solution of 
the velocity triangle from the angles of drift on two 

courses and the air speed. 

Timing Method, Indirect 

(a) Theory.—The obvious procedure, which is very 
useful on many occasions, is to measure the time of 
flight between two points on the ground whose dis¬ 
tance can be scaled from a map, and hence derive the 
value of the average ground speed. It is evident 
that a fairly long distance must be chosen in order 
to reduce errors in scaling from the map. Therefore 
the time of flight is appreciable so that both air speed 
and wind speed may vary during the measurement 
and considerable errors may result. In order to 
reduce the time required to make an observation it 
is necessary to project a base line of known length 
from the aircraft to the ground and measure the time 
of flight over this base line. In the case of an airship 
such a base line is projected whenever the sun is 
bright enough to cast a sharp shadow of the airship 
on the ground. Since the sun for all practical pur¬ 
poses is at an infinite distance, the shadow will be 
the same size as the airship. Thus from the known 
length of the shadow and the time required for it to 
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pass a given point, the ground speed may be derived 

as follows: 

Ground speed (in. p. h.) = 
length of shadow (feet) 3600 

time in seconds 5280 
or 

Ground speed (knots) 
length of shadow (feet) N/ 3600 

time in seconds 'A 6080 

The method which is generally followed in project¬ 
ing a base line may be illustrated as follows: Suppose 
that A in Figure 45 represents a peep sight and B and 
C two sighting beads mounted on a frame in an air- 

A 

Figure 45.—Principle of an optical type ground-speed indicator 

craft. The points A, B, C lie in a vertical plane, and 
for convenience it is assumed that the angle ABC is 
a right angle, although this is not essential. It is 
essentia], however, that the points B and C lie in the 
same horizontal plane. Let E and F be the points 
on the ground determined by the projections of the 
lines AB and AC, respectively. Then from the figure, 
by similar triangles, 

D H 
d h 

and, hence, 

n = dhII (37) 

d 
The ratio ^ is fixed by the dimensions of the sight¬ 

ing device and the distance II is the altitude of the 
airplane, which we may suppose can be determined 
by an altimeter, so that the timing distance D is com¬ 
pletely determined. 

Obviously, the ratio ^ must vary for each altitude 

II in order to provide a fixed timing distance. The 
ratio may be changed by varying either h or d. The 

usual method in instruments is to make A (or C) 
movable and to provide a scale on AB (or BC) which 
is graduated directly in altitude. 

In order to obtain ground speed, the time t is ob¬ 
served for the line of sight on an object on the ground 
to change from AF to AE. If G is the ground speed, 

r^D = dH 
h t h t 

(37a) 

It is essential to maintain a constant air speed while 
measuring the time t. 

(b) Instruments.—Many instruments varying in 
design details have been based on this principle. 
The Pioneer speed and drift meter shown in Figure 
46 is a typical modern instrument. To measure 
ground speed, the frame is first turned so that the 
long wire is parallel to the track of the aircraft over 
the ground. The angle between this wire and the 

I heading (fore-and-aft axis) of the aircraft is the drift 
angle, which is also indicated by the instrument. 
The movable slider carrying a cross wire is adjusted 
to indicate the altitude of the aircraft so that the 
backward drift of an object on the ground from the 
front wire to the rear wife always corresponds to a 
fixed distance. The drift of a selected object is 
viewed in the eyepiece and time interval is measured 
by a stop vratch. The particular instrument here 
shown is provided with two altitude scales, the one 
in thousand feet giving a traverse of one mile, and the 
other in hundred feet, a traverse of four-tenths mile. 
Dividing this distance by the time interval gives the 
ground speed. 

In other designs lateral compactness has been ob¬ 
tained by using lenses and mirrors so that observa¬ 
tions can be made through a small hole in the bottom 
of the airplane and thus obviate the necessity of lean¬ 
ing over the side. The instruments are in general 
relatively bulky and heavy. See references 16 and 30 
for descriptions. 

A modification of the foregoing method, but iden¬ 
tical in principle, has also been used. Referring again 
to Figure 45, it is evident that 

D^H=IIUn a (38) 
h 

Therefore we may replace the frame ABC by a tele¬ 
scope pivoted about a horizontal axis through A and 
sight first in the direction AC and then in the direction 
AB. The angle of rotation a is measured on an arc 
graduated in altitude units. Or, more conveniently 
the telescope may be fixed and a rotatable reflector 
placed in front of its objective. An instrument of the 
latter type for airship use, the Goerz-Boylunv drift- 
and-ground speed meter, is shown in Figure 47. In 
operation the instrument is adjusted for the drift and 
a reflecting prism, rotatable by knob A, is set at a 
predetermined angle. When a suitable object appears 
in the field of view of the eyepiece E, the stop watch W 
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is started and the prism reset to an angle dependent 
on the initial setting. When the object reappears 
in the field of view, the stop watch is stopped. The 
ground speed is obtained from the altitude of the air¬ 
craft and the time interval with the aid of the computer 
C. The instrument is inherently bulky and heavy. 
See reference 16 for further details. 

Timing Method, Indicating 

(a) Theory.—Any instrument of the types de¬ 
scribed in the previous section may be, and in many 

across the field. Knowing the rate of this “artificial 
drift,” we can determine by timing when a given 
distance on the ground has passed a crosswire in the 
telescope. If now the aircraft is moving, we observe 
the resultant of the drift due to the ground speed of 
the aircraft superimposed on the artificial drift. From 
the rate and direction of this resultant and the arti¬ 
ficial drift, ground speed can be determined. 

Four special cases will be considered. 
First, let the artificial drift be at right angles to the 

ground-speed drift. Then if the magnitude of the 

Figure 46.—Pioneer drift and ground-speed indicator 

cases are, converted to the indicating type merely by 
graduating the stop-watch dial in speed units. If 
more than one length of base line is to be used, then 
the stop watch must have a scale for each length of 

base line. 
An indicating instrument may also be obtained in 

still another way. Suppose an aircraft is equipped 
with a telescope pointing vertically downward. If, 
for the moment, we think of the aircraft as stationary 
over a point on the ground, then by a suitable device 
such as a rotating reflector or refractor, we can make 
objects in the field of view of the telescope drift 

artificial drift is adjusted until the direction of the 
observed drift is at an angle of 45° with that of the 
ground-speed drift, the artificial and ground-speed 
drifts will be equal. Hence by attaching a properly 
graduated tachometer to the mechanism producing 
the artificial drift, an indication of ground speed may 
be obtained. 

Second, let the artificial drift be applied to one point 
(any suitable marker fixed relative to the aircraft) 
in the field of view and a means be provided for also 
observing the ground-speed drift. Then the apparent 
motion of this point may be made to coincide with the 
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drift of any ground object due to the motion of the 
aircraft and a tachometer connected to the mechanism 
producing the artificial drift can be used to indicate 
the ground speed. 

As a third and perhaps more practical case, suppose 
that an artificial drift equal in magnitude but opposite 
in direction to the ground-speed drift is produced in 
the telescope. Then the resultant drift will be zero; 
that is, objects seen on the ground will appear to stand 

son, was developed by the Bureau of Standards for the 
Army Air Corps in 1924. (Reference 80.) The arti¬ 
ficial drift is obtained by rotating a hexagonal prism 
about a horizontal axis at right angles to the track. 
The manner in which the drift is produced is shown in 
Figure 48 in which AB represents the ground below 
the aircraft and A'B' the image seen in the eyepiece. 
The complete instrument is shown in Figure 49. The 
hexagonal prism is driven by a motor and the speed of 

Figure 47— Goerz-Boykow drift and ground-speed indicator 

still. A tachometer, as before, suitably connected will 
indicate the ground speed. 

In the fourth case, proposed by Gatty, the artificial 
drift is kept constant in rate and a simple optical sys¬ 
tem provided for obtaining equality of it and the 
ground-speed drift. The details of the arrangement 
are given below. 

Obviously, some method of adjusting for the altitude 
of the aircraft must be an integral part of any artificial- 
drift instrument. 

(b) Instruments.—An experimental instrument of 
the third type, based on a suggestion by S. H. Ander- 

rotation measured by a tachometer graduated in 
ground-speed units. A gear box and associa ted mech¬ 
anism form part of the instrument for the purpose of 
adjusting the speed of the prism and correcting for the 
altitude error by independently adjusting the speed of 
the tachometer. 

A similar instrument, except that rotating mirrors 
are used instead of a rotating prism, has been suggested 
by H. M. Sylvester. 

In the Gatty instrument (reference 31a) a peri- 
scopic view of the ground is obtained from the aircraft 
by means of two prisms arranged as shown in Figure 
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50. This obviates the necessity of leaning over the 
side in order to make an observation. An endless 
celluloid or transparent strip, shown in section at A 
and B in Figure 50, is turned at a constant rate of 

speed by clockwork. The upper half of this strip is 
between the prism and the eye of the observer which is 
at E. The entire strip is marked by equally spaced 
crosslines. The observation is made through a peep 
hole C which is adjusted up or down until the artificial 
drift, produced by the moving strip, and the ground 
speed drift are equal. A knowledge of the altitude of 
the aircraft, the distance AC, and the horizontal speed 
of the strip A then serves to give the ground speed. 

The principle of operation is shown in Figure 51. 
In order to neutralize the ground-speed drift G b}7 the 
constant artificial drift S, the angular rate of drift as 
viewed at C must be the same for both. If d is the 
distance from C to the moving strip and II the altitude 
of the aircraft, the ground speed G is given by the 
relation, 

G=-dIi (39) 

In the arrangements so far produced the component 
of the ground speed along the axis of the aircraft is 
measured, and not the ground speed. By means of a 
rotatable reticule the drift angle is also measured. 
Knowing the measured component of ground speed 
and the drift angle, the true ground speed may be 
obtained from a table. 

Equation (39) shows that for a given ground speed 
the ratio Ilfd is a constant. A minimum value of d 
is about 8 inches. If the minimum altitude at which 
observations are to be made is 500 feet, d will be 16 
inches at 1,000 feet and 24 inches at 1,500 feet. This 
limitation may be met by having two or three speeds 
for the moving strip. 

Sources of Error in Timing Methods 

The timing methods of determining ground speed 
are subject to errors arising from numerous sources, 
some of which may be very large even under ordinary 
conditions of flight. 

The altitude error is undoubtedly the most trouble¬ 
some. Referring again to the formula for the speed 

g4t <37a> 
and also equation (39) for the Gatty instru¬ 
ment, it is evident that any error in esti¬ 
mating the altitude II of the aircraft leads 
to an error of equal relative magnitude in 
the ground speed. The altitude II is the 
tapeline altitude or the vertical distance 
of the aircraft above the surface of the 
ground. This can be derived from the in¬ 
dication of the ordinary aneroid altimeter 
only approximately and the process requires 
considerable computation. To perform the 
computations requires a knowledge of the 

altimeter characteristics, the setting of the altimeter 
and the barometric pressure at the point of depar¬ 
ture, and the ground elevation under the aircraft or 

Figure 49.—View of artificial drift type ground-speed indicator 

the barometric pressure at the ground. An addi- 
I tional correction for the deviation of the mean air tem- 

Figure 48.—Principle of artificial drift type ground-speed indicator 
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perature from the standard value must also be com¬ 
puted and applied. Necessarily the usual procedure 
will be to make as good an estimate as possible on the 
basis of the altimeter reading only. With a sonic 
altimeter, or its equivalent, the procedure is simplified 
since correction for the instrumental errors of the alti¬ 
meter itself is all that is necessary. 

In addition to the altitude error, large errors may i 
arise on account of irregular movements of the air- 

c 
<0 

Wind-Star Method 

(a) Theory.—If the air velocity (defined by the true 
air speed and the aircraft heading) and the wind 
velocity (defined by the strength and direction of the 
wind) are known, the velocity triangle can be solved 
and the ground velocity determined. The fundamen¬ 
tal diagram is shown in Figure 52A. Ordinarily the 
wind velocity is not known, so that the method pri¬ 
marily involves its determination and receives its name, 
the wind-star method, from the procedure used in its 
measurement. For this purpose observations of the 
drift of the aircraft on two or more courses are in 
general required. 

Referring to Figure 52A, let ax, gx, and Dx represent 
the air velocity, ground velocity, and drift angle, 
respectively for the first course, and a2, g2, and D2 the 
same elements for the second course. If the wind 
velocity is the same in each case, then the third side 
of each velocity triangle is represented by the same 
wind-speed vector, w. Then in the first triangle 

w2 = a 2 + gx2 - 2axgx cos Dx (40) 

and in the second triangle 

to2 = a2 + g22 - 2a2g2 cos D2 (41) 

Since the directions of the vectors ax and a2 are 
known, the angle A is known, and hence 

G+D2 = A + Dx 
or 

G=A + Dx-D2 

from which we obtain 

m2 = a2 + a2 — 2axa2 cos A 

m2 = t/i2 + ()2 ~ 2<7i</2 cos G 

and eliminating m 

ax2jra22 — 2cixa2 cos A=gx2 + g22 — 2gxg2 cos G (42) 

We have, therefore, three equations (40), (41), and 
(42) to determine the three unknowns, w, gx, and g2. 
In order to determine the wind direction with respect 
to the heading of the aircraft, (C or A+ C) in Figure 
52B, a further computation must be made. 

Figure 50.—(Upper) Gatty ground-speed indicator. Peephole C is adjusted 
until the uniform motion of strip A and the ground appear equal 

Figure 51— (Lower) Principle of Gatty ground-speed indicator. The distance 
d is adjusted until the observed angular motion of S and G are equal 

craft during the observation, such as changes in the 
air speed and deviations from a straight-line course. 
These appear to be a maximum w-hen observing verti¬ 
cally below the airplane. Errors due to the instrument 
itself or the stop wTatch are negligible in comparison 
to these two sources of error. 

To summarize, the direct-timing methods are inher¬ 
ently inaccurate chiefly on account of uncertainty in 
the altitude of the aircraft. 

C=B + DX (43) 
in which 

sin = —sin Dx 
w 

The wind velocity w being thus determined, the ground 
velocity can be calculated for any desired air velocity. 

Practically, the problem can be solved much more 
conveniently by a graphical construction. First, we 
lay off the air-velocity vector ax, and after measuring 
the drift Dx, draw a line MN of indeterminate length to 
represent the direction of the ground-velocity vector 
gx. (See fig. 52C.) Then draw the air-velocitj' vector 



AIRCRAFT SPEED INSTRUMENTS 431 

a2 for the second course and the line mn in a similar 
manner. The wind-velocity vector is then represented 
by the line connecting the intersection P of the lines 
MN and mn with the common origin of the vectors ax 
and a2. To obtain the proper heading for any desired 
course, draw the line PQ in the proper direction to 
represent the desired course. With radius a equal to 
the air speed (true) to be flown, and center 0, swing an 
arc intersecting PQ at R. Then the direction of OR 
gives the heading to be flown, and the length of PR 
gives the ground speed. In practice, the air speeds are 
maintained constant on both courses, and the courses 
differ by about 90 degrees. 

The above method of determining the wind velocity 
can be further modified in order to eliminate the neces¬ 
sity of flying off the course, provided the drift is not 

true air speed, and a compass are available for deter¬ 
mining air velocity.) 

Drift sights vary a great deal in details of construc¬ 
tion, but all are designed to measure the angle between 
the heading of the aircraft and the direction of drift of 
objects or an object on the ground. The principle is 
illustrated in Figure 46. 

Computers are available for determining graphically 
the wind speed by the wind-star method (fig. 52C) and 
the ground speed by means of the primary velocity 
diagram (fig. 52A). In some forms of instruments the 
drift sight, either recording or indicating, and the 
graphical computer are combined. All of these instru¬ 
ments are primarily navigation instruments and are 
therefore not described in detail here. (See references 
7 and 16.) 

Figure 52.—A, vector diagram for determining ground speed from a knowledge of the drift, air velocity, and wind velocity; B, wind-star method of determining 
wind velocity; C, graphical method of determining both wind velocity and the ground velocity by the wind-star method 

zero. Observations of the air velocity cq and the drift 
angle Dx are obtained as just described. Then, the air 
speed is changed, but the same aircraft heading is 
retained, and a2 and D2 are measured. A graph 
similar to that shown in Figure 52C is obtained, except 
that oq and a2 coincide. The method is inherently less 
accurate owing to the smaller angle formed by the lines 
mp and MP and thus the greater uncertainty in the 
location of P. The difference in the air velocities cq 
and a2 must be as large as possible. 

(b) Types of instruments.—A number of varied in¬ 
struments based on the wind-star method have been 
devised. The simplest instrumental equipment consists 
of a drift sight for measuring the drift angles and a 
plotting board or a computer for determining the wind 
velocity and then the ground speed. (It is assumed 
that an air-speed indicator, a correction chart to obtain 

(c) Sources of error.—The outstanding advantage of 
the Wind-Star method, compared to the timing method, 
is its independence of the altitude of flight. The- 
troublesome and usually large errors due to incorrect 
altitude estimation are thus completely wiped out. 
Errors in measuring drift due to motion of the air¬ 
plane and errors in measuring the air velocity are the 
same as for the other optical methods of measuring 
ground speed. The disadvantages, as compared with 
the other optical methods, are two. In the first place,, 
the customary necessity of flying on two separate 
courses results in some loss of time and is an annoy¬ 
ance to both the pilot and navigator; secondly, a great 
deal more computation is required in order to obtain 
the ground speed. There is further the possibility of 
a greater error due to variation in wind strength and 

velocity on the two courses. 
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On the whole, the advantages of the method over¬ 
balance its defects. It is regarded as the most accu¬ 
rate available means for determining ground speed. 

B. ABSOLUTE TYPES 

The inherent limitation on all optical methods of 
measuring ground speed is that ground visibility is 
required. A number of ways of avoiding this limita¬ 
tion have been proposed, but no satisfactory substi¬ 
tute for the optical type of instrument has appeared. 

Several indirect methods are used to a slight extent. 
Position may be determined astronomically or by radio 
bearings at successive intervals and the average ground 
speed for each interval thus evaluated. Errors in 
determining position, errors due to changes in the 
wind, and the difficulties of observation make these 

methods impracticable except under unusual condi¬ 
tions. A more useful procedure is to obtain radio 
reports of wind conditions and compute the ground 
speed in the manner indicated in Figure 52A. This 
method of obtaining wind velocity also has obvious 
disadvantages. 

As part of a system for the blind landing of aircraft 
short distances from a radio beacon are indicated by 
measuring the drop in the plate current of a radio 
receiving set equipped with automatic volume control 
when flight is toward the beacon. (Reference 28.) 
The rate of change in indication gives the ground 
speed. This method may have a limited application. 

Direct methods, involving the use of instruments 
indicating ground speed continuously have not been 
successful. Methods have been proposed depending 
(a) upon the measurement of the time integral of the 
fore-and-aft horizontal accelerations, (6) upon the elec¬ 
tromotive force apparently obtained by cutting the 
vertical component of the earth’s magnetic held, and 
(c) upon the distance determined by the interference 
pattern of radio waves set up between two stations 
transmitting at two different frequencies. Many of 
the arrangements which have been suggested are in¬ 
genious, but thus far all have proved to be either 
impractical or unsound theoretically. 
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TABLE IV 

DIFFERENTIAL PRESSURES FOR AIR SPEEDS IN MILES PER HOUR 

Air speed Differential pressure 

Miles per 
hour 

Feet per 
second 

Incompressible Adiabatic (standard 
values) 

Inches 
water Cm water Inches 

water Cm water 

0... 0 0 0 0 0 
10..... 14.7 .049 .13 .049 .13 
20.. 29.3 .197 .50 . 197 .50 
30__ 44.0 .443 1.13 .443 1.13 
40.. 58.7 .787 2. 00 .788 2.00 
50__ 73.3 1.230 3.12 1.231 3.13 
GO.. 88.0 1.771 4.50 1.774 4. 51 
70... 102.7 2.411 6.12 2.416 6.14 
80.. 117.3 3. 149 8. 00 3.158 8. 02 
90_ 132.0 3. 986 10.12 4.000 10.16 

100__ 146.7 4.921 12. 50 4. 942 12.55 
110_ 161.3 5.954 15.12 5.985 15.20 
120__ 176.0 7.086 18. 00 7.130 18. 11 
130__ 190.7 8.316 21.12 8. 377 21.28 
140.. 205.3 9. 645 24. 50 9. 726 24. 70 
150_ 220.0 11.072 28.12 11. 179 28. 39 
1G0.. 234.7 12.597 32.00 12. 736 32. 35 
170__ 249.3 14. 221 36. 12 14. 399 36. 57 
180_ 264.0 15. 943 40. 50 16.167 41.06 
190_ 278.7 17. 764 45.12 18.042 45.83 

200__ 293.3 19. 683 50. 00 20.025 50.87 
210.. 308.0 21.700 55.12 22. 117 56.18 
220..... 322.7 23. 816 60. 49 24.318 61.77 
230__ 337. 3 26. 030 66. 12 26. 630 67. 64 
240.. 352.0 28.343 71. 99 29. 054 73.80 
250.. 366.7 30. 754 78.12 31. 592 80. 25 
200__ 381.3 33. 264 84.49 34. 245 86.99 
270.. 396.0 35. 872 91. 11 37. 014 94. 02 
280_ 410. 7 38. 578 97. 99 39. 901 101.35 
290.. 425.3 41. 383 105.11 42. 907 108. 98 

300.. 440.0 44. 287 112. 49 46. 033 116.92 
310.. 454.7 47.29 120. 11 49.28 125.17 
320.. 469.3 50. 39 127. 99 52.65 133. 74 
330... 484.0 53, 59 136.11 56. 15 142. 63 
340.. 498.7 56.88 144. 49 59. 78 151.84 
350.. 513.3 60.28 153.11 63. 54 161.37 
300__ 528.0 63. 77 161. 98 67.42 171.24 
370.. 542. 7 67. 36 171.11 71.44 181.45 
380.. 557.3 71.05 180. 48 75. 59 192. 00 
390_ 572.0 74. 84 190.10 79. 88 202. 91 

400_ 586.7 78.73 199. 98 84.32 214. 17 
410__ 601. 3 82. 72 210. 10 88. 89 225. 79 
420. 616.0 86. 80 220. 47 93. 61 237. 77 
430__ 630.7 90. 98 231.10 98. 48 250. 13 
440_ 645. 3 95. 26 241.97 103. 49 262. 87 
450__ 660.0 99. 64 253. 09 108. 66 275. 99 
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TABLE V TABLE VI—Continued 
DIFFERENTIAL PRESSURES FOR AIR SPEEDS IN KNOTS 

1 

Air speed Differential pressure 

Knots Feet per 
second 

Incomjjressible Adiabatic (standard 
values) 

Inches 
water Cm water Inches 

water Cm water 

0__ 0 0 0 0 0 
10.. 10.9 .005 .17 .065 •17 
20.. 33.8 .261 .66 .261 .66 
30. 50. 7 .587 1.49 .588 1.49 
■10_ 07. 6 1.044 2. 65 1.045 2. 65 

1 50.. 84.5 1.031 4. 14 1.634 4.15 
I 00.. 101.3 2. 349 5. 96 2. 354 5.98 

70.. 118.2 3.198 8.12 3.207 8.14 
80... 135.1 4. 177 10.61 4. 192 10. 65 
90.. 152. 0 5. 280 13.43 5. 310 ]3. 49 

100.. 108.9 0. 520 16. 58 6. 563 16.67 
no_ 185.8 7. 890 20.00 7. 951 20. 20 
120. 202. 7 9.397 23. 87 9.475 24.07 
130.. 219.0 11.029 28.01 11. 136 28.28 
140_ 230. 5 12. 791 32. 48 12. 935 32.85 
150. 253.3 14.083 37. 29 14. 873 37. 78 
100_ 270.2 16. 706 42.43 16.952 43. 00 
170.. 287. 1 18. 800 47. 90 19.173 48. 70 
180_ 304. 0 21.144 53. 70 21. 538 54. 71 
190.. 320.9 23. 558 59.83 24. 049 61.08 

200. 337.8 26.103 66. 30 26. 706 67.83 
210_ 354. 7 28. 779 73. 10 29. 512 74. 96 
220_ 371.0 31.585 80. 23 32. 469 82. 47 
230.. 388.5 34. 522 87.69 35. 579 90.37 
240._... 405.4 37. 589 95.48 38. 844 98.66 
250... 422.2 40. 786 103. 00 42. 200 107.35 
200. 439. 1 44.114 112.05 45. 847 116. 45 
270. 456.0 47. 573 120.83 49. 591 125.96 
280__ 472.9 51. 102 129. 95 53. 499 135. 89 
290__ 489.8 54. 882 139. 40 57. 574 146. 24 

300__ 506. 7 58. 732 149. 18 61. 820 157. 02 
| 310..... 523.6 02. 71 159. 29 66.24 168. 25 
320__ 540. 5 60. 82 109. 73 70. 83 179. 92 
330__ 557.4 71.07 180. 50 75.61 192. 04 
340.. 574. 2 75.44 191.61 80. 56 204.63 
350_ 591.1 79. 94 203. 05 85. 70 217.69 
300__ 008. 0 84. 57 214.82 91.03 231. 23 
370_ 024. 9 89. 34 220. 92 96. 56 245.20 
380__ 041.8 94. 23 239. 35 102. 28 259. 79 
390__ 058. 7 99. 26 252. 11 108.20 274. 83 
400_ 675. 6 104.41 265. 21 114. 33 290. 39 

TABLE VI 
DIFFERENTIAL PRESSURES FOR AIR SPEEDS IN KILOMETERS 

PER HOUR 

Air speed 

Differential pressure 

Incompressible Adiabatic (standard 
values) 

K ilometers per 
hour 

Meters per 
second 

Inches 
water Cm water 'S? Cm water 

0_ 0 0 0 0 0 
H).. 2.78 . 019 .05 . 019 .05 
20_ 5. 56 .076 . 19 . 076 .19 
30.. 8.33 . 171 .43 .171 .43 
40.. 11. 11 .304 .77 . 304 .77 
50 .. ... 13.89 .475 1.21 .475 1.21 
60_ 16. 67 .684 1.74 . 684 1 74 
70..- 19. 44 .931 2. 37 . 932 2. 37 
80. 22. 22 1. 216 3 09 1.217 3.09 
9C_ 25.00 1. 539 3. 91 1.541 3.91 

DIFFERENTIAL PRESSURES FOR AIR SPEEDS IN KILOMETERS 
PER HOUR—Continued 

Air speed 

Differential pressure 

Incompressible Adiabatic (standard 
values) 

Kilometers per 
hour 

Meters per 
second 

Inches 
water 

Cm water Inches 
water Cm water 

100.. 27.78 1.900 4.83 1.903 4. 83 
110. 30. 56 2. 299 5. 84 2.304 5.85 
120..... 33. 33 2. 736 6. 95 2. 743 8.97 
130... 36. 11 3.211 8. 16 3. 220 8.18 
140-.. 38.89 3. 724 9.46 3. 736 9.49 
150.. 41.67 4. 275 10. 86 4. 291 10. 90 
160—.. 44. 44 4.864 12.36 4.885 12.41 
170_ 47. 22 5. 491 13. 95 5. 517 14. 01 
180_ 50.00 6.156 15. 64 6. 189 15. 72 
190__ 52. 78 6. 859 17. 42 6. 900 17. 53 

200... 55. 56 7. 600 19 30 7 051 19 43 
j 210. 58.33 8. 379 21.28 8. 441 2l! 44 

220-.. 61.11 9.196 23. 36 9.270 23. 55 
230... 63. 89 10. 051 25. 53 10. 140 25. 76 
240.. 66. 67 10. 944 27. 80 11.019 28.07 
250-.. 69. 44 11.875 30. 16 11. 999 30.48 
260_ 72. 22 12. 844 32. 62 12. 989 32.99 
270_ 75. 00 13. 851 35.18 14. 020 35.61 
280..... 77. 78 14.896 37. 84 15. C91 38. 33 
290.. 80. 56 15. 979 40.59 16. 201 41.16 

300.. ... 83. 33 17.100 43. 44 17. 358 44. 09 
310... 86. 11 18. 259 46. 38 18. 553 47.12 
320___ 88. 89 19. 456 49. 42 19. 790 50. 27 
330.... 81.67 20. 691 52. 56 21. 069 53. 52 
340—.. 94.44 21. 964 55. 79 22. 390 56. 87 
350_ 97. 22 23. 275 69. 12 23. 754 60.33 
360_ 100. 00 24. 624 62. 55 25. 160 63. 91 
370... 102. 78 26. 011 66. 07 26. 609 67. 59 
380__ 105. 56 27. 436 69. 69 28. 102 71.38 
390.. 108. 33 28. 899 73.41 29. 638 75.28 

400... 111. 11 30.400 77.22 31.219 79. 30 
410_ 113.89 31. 939 81.13 32. 843 83. 42 
420.. 116. 67 33. 516 85. 13 34. 512 87. 06 
430—.- 119. 44 35. 131 89.23 36. 226 92. 01 
440_ 122.22 36. 784 93. 43 37. 985 96.48 
450_ 125. 00 38. 475 97. 73 39. 790 101. 07 
460_ 127. 78 40. 204 102.12 41.641 105. 77 
470_ 130. 56 41.971 106.61 43. 538 110. 59 
480. 133. 33 43. 776 111. 19 45. 482 115. 52 
490.. 136. 11 45. 619 115. 87 47. 473 120. 58 

500___ 138. 89 47.500 120. 65 49. 511 125. 76 
510__ 141.7 49. 42 125. 52 51.60 131. 06 
520.. 144. 4 51.38 130. 49 53.73 136. 48 
530_ 147.2 53. 37 135. 56 55.92 142. 03 
540....- 150.0 55. 40 140. 73 58.15 147. 70 
550_ 152.8 57.47 145. 99 60. 43 153. 50 
560_ 155.6 59. 58 151. 35 62. 76 159.42 
570__ 158.3 61. 73 156. 80 65.15 165.47 
580.. 161. 1 63. 92 162. 35 67. 58 171.65 
590_ 163.9 66.14 168.00 70.06 177. 96 

600.. 166.7 68. 40 173. 74 72. 60 184.41 
610. 169.4 70 70 179. 5S 75.19 190. 99 
620-.- 172. 2 73.04 185. 51 77.83 197. 70 
630.. 175.0 75. 41 191. 54 SO. 53 204. 55 
640_ 177.8 77. 82 197. 67 83.28 211.53 
650.. 180.6 80. 27 203. 90 86. 09 218. 07 
660. 183.3 82. 76 210. 22 88.96 225. 95 
670__ 186. 1 85.29 216. 64 91.88 233. 36 
680... 188. 9 87. S6 223. 15 94. 85 240. 90 
690_ 191.7 90.46 229. 76 97. 87 248.58 

700.. 191. 4 93. 10 236. 47 100.95 256.41 
710__ 197.2 95. 78 243. 28 104.09 264. 39 
720_ 200.0 98. 50 250. 18 107. 30 272. 53 
730_ 202.8 101.25 257. 18 110. 56 280. 82 
740_ 205. 6 104.04 264. 27 113.88 2S9. 27 
750__ 208.3 106. 87 271. 46 117. 27 297. 87 
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MEASUREMENT OF THE DIFFERENTIAL AND TOTAL THRUST AND TORQUE OF 
SIX FULL-SCALE ADJUSTABLE-PITCH PROPELLERS 

By George W. Stickle 

SUMMARY 

Force measurements giving total thrust and torque, 
and 'propeller slip stream surveys giving differential 

thrust and torque were simultaneously made on each of 
six full-scale propellers in the 20-foot propeller-research 
tunnel of the National Advisory Committee for Aero¬ 
nautics. They were adjustable-pitch metal propellers 
9.5 feet in diameter; three had modified Clark Y blade 
sections and three had modified R.A.F. 6 blade sections. 
This report gives the differential thrust and torque and 
the variation caused by changing the propeller tip speed, 

V 
—j), and the pitch setting. The total thrust and torque 

obtained from integration of the thrust and torque dis¬ 
tribution curves are compared with those obtained by 
direct force measurements. 

In the above comparison the torques measured by the 
two methods were directly comparable but the thrusts 
derived from the slip-stream survey differed from those 
obtained from the force measurements by two factors, 
the drag of the hub and the increase of body drag due to 
the slip stream. Since single values of two coefficients 
used to obtain the factors brought all the thrust curves 
measured by the two methods into very good agreement, 
it is believed that the factors represent accurately the drag 
of the hub and the increase of body drag due to the slip 
stream. 

INTRODUCTION 

An investigation of propeller characteristics, con¬ 
ducted in the 20-foot propeller-research tunnel of 
the National Advisory Committee for Aeronautics, 
included tests on six full-scale propellers, three having 
modified Clark Y blade sections and three modified 
R.A.F. 6 blade sections. Simultaneous readings were 
taken of the total thrust and torque and of the differ¬ 
ential thrust and torque at six stations along the blade. 
The results of the total force measurements are given 
in references 1 and 2. The present report gives the 
results of measuring the differential thrust and torque 
at six stations along .the blade and derives factors for 
hub drag and increase of body drag due to the pro¬ 
peller slip stream. A later report will give the airfoil 

characteristics of the propeller sections deduced from 
the measurements given in this report. 

The differential thrust and torque for each station 
along the blade was determined by measurements of 
the total head and the twist of the propeller slip 
stream. The thrust and torque distribution along 
the blade for any operating condition was obtained 
by plotting the elementary thrust and torque for each 
section against the radius of the propeller. Since it 
was impossible to survey the air stream behind the hub 
portion of the propeller, that part of the distribution 
curves was undetermined. This made it necessary 
to find a hub-drag coefficient that could be used to 
account for the negative thrust of the hub. 

The total thrust (integrated thrust corrected for 
hub drag) obtained in the above manner differs from 
that obtained in the force tests of references 1 and 2 
by an amount equal to the effect of the propeller 
slip stream on the drag of the body, since only the net 
force was measured on the thrust balance in the force 
tests. From a comparison of the thrust curves 
obtained by the two methods the value of the increase 
of body drag due to the slipstream was obtained. 

APPARATUS AND METHODS 

The measurement of total head and angular twist 
at a series of points in the slip stream, which are the 
essential quantities required in computing the propeller 
thrust and torque, was accomplished by the use of 
yawmeters of the type used by G. P. Douglas, of the 
British Aeronautical Research Committee. (Refer¬ 
ences 3 and 4.) The term “yawmeter” is used to 
designate the combination of a yaw head and a record¬ 
ing manometer. A suitable yawmeter for the purpose 
is one that gives a differential pressure, proportional 
to the resultant dynamic pressure multiplied by the 
sine of twice the angle of twist of the slip stream, or 
HyK = pW2 sin 2f. (See list of symbols.) A yaw 
head constructed of three small tubes (fig. 1) with the 
forward ends of the two outside tubes turned 45° to 
the central tube, was found to have a calibration that 
conformed to the above standard up to approximately 
40° of yaw. This angle is much greater than the angle 
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Figure 1.—Yaw-head bank assembly and detail 
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of yaw (twist) encountered in the slip stream of ordi¬ 
nary propellers. The center tube was used to measure 
the total head. 

Six of these yaw heads were clamped at intervals of 
6 inches on a tube (fig. 1) which was mounted vertically 
below the crankshaft center in the rear of the propeller 
as shown in Figure 2. The vertical position of the 
tube was such that the yaw heads were 24, 30, 36, 
42, 48, and 54 inches from the center of the crankshaft. 

This distance was chosen to allow a sufficient clear¬ 
ance (0.3 inch) for the 24-inch station yaw head with 
the propeller set 27° at the 42-inc.h radius. The 
yaw heads were connected by small copper tubes to 
a photographically-recording multiple-tube manom¬ 
eter, located in a dark room under the entrance 
cone of the tunnel. Pressures were recorded simul¬ 
taneously with the readings for the force tests reported 
in references 1 and 2. The yawmeters were calibrated 
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Figure 2.—Set-up in propeller-research tunnel with yaw-head bank in place 

The yaw head at the 54-inch station was thus 3 inches 
above the propeller tip. 

The tube supports were arranged to allow a fore- 
and-aft adjustment of the tube position. The model 
experiments of reference 3 indicated that the readings 
might be seriously affected by the distance between 
the tip of the yaw head and the trailing edge of the 
propeller. A few position trials showed no appreciable 
effect up to 3 inches between the trailing edge and the 
yaw heads. Therefore the tube was fixed with a 
maximum distance from the trailing edge of the pro¬ 
peller to the tip of the yaw heads equal to 2.5 inches. 

with the yaw heads in front of the body for angles of 
yaw from 5° to the left to 15° to the right for use with 
right-hand propellers. 

The propeller-research tunnel and its equipment are 
described in reference 5. A Curtiss D-12 engine 
rated at 435 hp. at 2,300 r. p. m. was mounted in a 
tractor fuselage (fig. 2) to drive the propellers. 

Results from tests on six 9.5-foot adjustable-pitch 
metal propellers, three having modified Clark Y blade 
sections, and three having modified R.A.F. 6 blade sec¬ 
tions, are presented in this report. The outer third 
of all six propeller blades have sections of constant 

149900—33—29 
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thickness/chord ratio. This ratio is used to designate 
the propellers, as shown in the following table: 

PROPELLER DESIGNATION 

R.A.F. 6 Clark Y Thickness/ 
chord ratio 

R-6.... C-6 0.06 
R-8_ C-8 .08 
R-10_ C-10 .10 

The blade-form curves for these propellers are given in 
Figure 3. Section characteristics may be obtained 
from reference 1. Each propeller was tested at five 
pitch settings (11°, 15°, 19°, 23°, and 27° at 42-inch 
radius) to cover the range ordinarily used. The pro¬ 
peller tip speed for these tests was kept below 900 feet 
per second in order to minimize the compressibility 
effects of high tip speeds. In addition, an investiga- 

Now 

Therefore 

dT^dCrprfD* 

dCT_ ttHx 
dz 2 pri2D2 

d CT 
The values of —r^ for each propeller section behind 

V 
which a yaw head is located are plotted against and 

faired curves are drawn through the points. An ex¬ 
ample of these curves is given for the C-10 propeller at 

x = 0.526 (30-inch radius) in Figure 4. Values of 

at even values of ^ are given in Tables I to 

to XIV. The thrust-gradient curves for even values 

of are plotted from these tables, as in Figures 5 

to 7. The curves are drawn through 0 at 0.2 of the 
radius because that is approximately where the pro- 

Figure 3.—Pitch distribution and blade form curves 

tion of the effect of high tip speed was made in which 
the pitch was set to 9.8° at 42-inch radius on all pro¬ 
pellers and also to 7° at 42-inch radius on C-6 and 
R-6. 

RESULTS 

Thrust distribution.—The thrust of a differential 
element of a propeller is equal to the increase in total 
head due to the thrust, multiplied by the differential 
annular area described by the element. 

dT=HdA 

Substituting, 

Therefore 

Let 

Then 

dT=ff(27rrdr) 

dT 
dr 

= 2 nr II 

r 2 r 
X~R~ D 

dr=Tr 
dx 2 

D2IIx 

peller changes to a circular section. It is impossible 
to determine exactly where this point of zero thrust 
along the blade occurs, but for convenience 0.2 of the 
radius was adopted as a standard. The total thrust 
is not very sensitive to a small shift of this point one 
way or the other, but whatever change does occur is 
taken care of in the correction for the increased drag of 
the body due to the slip stream. Graphical integra¬ 
tion of these curves gives the total thrust coefficient 
Cr uncorrected for hub drag, as shown in Figure 8. 

Inasmuch as the same hub was used for all the pro¬ 
pellers, it seems reasonable to suppose that a constant 
hub-drag coefficient could be applied to all propellers 
and all pitch settings. At zero thrust the CT curves 
from force measurements and total-head measure¬ 
ments should coincide since at this point the increase 
of body drag due to the slip stream should be zero. 
Therefore it is permissible to assume that the separa- 
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tion of the curves for force measurements and total- 
V 

head measurements as shown in Figure 8 at the -^for 

zero measured thrust is due to the negative area that 

sponding to zero thrust from the force measurements, 
were converted into this form they were found to be 
nearly constant; therefore an arithmetical mean was 
taken of them which gave: 

jr.-r/R 

Figure 5.—Thrust-gradient curves. Propeller C-10. Set 11° at 42-inch radius 

should be added to the distribution curves between 
T 

z = 0 and x = 0.2. If the thrust coefficient, Q 

is divided * (£)' 
T prrIP 

it becomes 
T 

To which is in the PV2D2 
form of a drag coefficient. When the values of CT from 

the total-head measurements, at values of —^ corre- nu 

Drag coefficient = 0.005 = 
Drag 
pV2D2 

CT correction = 0.005 

This hub-drag coefficient is approximately equal to 25 
per cent of that of a circular flat plate of a diameter 
equal to that of the hub. 
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Figure 9 gives a comparison of the total thrust 
computed from total-head measurements and the 
measured effective thrust from the force measurements. 

V 
The difference m the two values (ACT) at any may 

be accounted for by the increase in body drag due to 

the slip stream. In Figure 10, ACT is plotted against 
the total CT and a straight line determined by the theory 
of least squares is drawn through these points. Figures 
11 to 16 give a comparison of effective thrust coeffi¬ 
cients obtained by the two methods. 

Torque distribution.—From a consideration of the 
angular momentum in the wake of a propeller, the 
differential torque of a propeller element can be ex¬ 
pressed as: 

dQ = rVldM 
Substituting d M= p UdA = pU2 -irrdr 

__I i i\.\ \_ \ 

O .2 4 .6 .8 LO 1.2 1.4 
V/nD 

Figure 12.—Comparison of effective thrust coefficient from force measurements 
and corrected total-head measurements. Propeller C-8 

But 

Therefore 

Tq = W sin U= W cos i£ 

d Q 
dr 

= 2 ivpr2W2 sin \p cos \p 

or = rpr2W2 sin 2 \p 
From the calibration of the yawmeter, 

pW2 sin 2 \p = KHV 

Therefore 

Substituting 

dQ 2TSTJ 
= irr2KHy 

d Q irx2DzKHy 
dx 8 

Now 

Hence 

dQ = dCQpn2D5 

dCQ ttx2KHv 
dx 8 pri2D2 

Owing to the type of mounting and the sensitivity 
of the yawmeters, it was impossible to get them all 
to record zero differential pressure in the undisturbed 
air stream. This initial deflection for zero twist must 
be subtracted before the IIV can be used in the above 

formula. The amount to be subtracted is determined 
by plotting the yawmeter reading for each radius 
against total head from the 0° calibration run. This 
plot gives the yawmeter correction as a straight-line 
function of the total head. With the propeller run¬ 
ning, this function is theoretically in error by the 

0 .2 .4 .6 .8 1.0 1.2 1.4 
V/nD 

Figure 13.—Comparison of effective thrust coefficient from force measurements 
and corrected total-head measurements. Propeller C-10 

change in static pressure, but this error is much smaller 
than the experimental error, and consequently the 
method may be used with confidence. The only place 
the error could become appreciable is at low values 

of and in this range the yawmeter method of 
nV 

measuring torque is admittedly not very accurate. 

Figure 14.—Comparison of effective thrust coefficient from force measurements 
and corrected total-head measurements. Propeller R-6 

d(7 . V 
The values of are plotted against and faired 

curves drawn through them, as in Figure 17. Values 
V 

are read from tnese curves at even values of n D 
and 

are given in Tables I to XIV. 
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and corrected total-head measurements. Propeller R-8 

.12 

10 

.08 

Cr 

.06 

.04 

.02 

O 

— 
— 7 
■- Ti. 

—
 u
 o

'-
 

5^
 e mt 

hea 
=osl 
d m 

— 
jrerr 
ease 

rent. 
jren 

5 
lent 

1 1 J 
/. t r at 42 

s-2,—/5°- 
3, /9° « " 
At 0 0° ,, 

— 
“r 
— n- 

ii 

“s\ \\ 

~T 
5 i i° » 

i 
■' 

V 
4 \ v\ 

\\ 

2 
3 

s Jv \ 
\ 

\ 
^ - . \ nX 

/ VS. 

. 

\ 

i \ 

_1 1 \ 
_ 

V 
V 

V 

.2 1.0 1.2 

Figure 16.—Comparison of effective thrust coefficient from force measurements 
and corrected total-head measurements. Propeller R-10 



DIFFERENTIAL MEASUREMENT, TOTAL THRUST, AND TORQUE OF SIX FULL-SCALE PROPELLERS 445 

The torque-gradient curves are obtained by plotting j 

the tabular values against percentage radius, as in 

Figures 18 to 20. The integration of the torque- 

gradient curves gives the torque coefficient CQ which if 

multiplied by 2x, gives the power coefficient CP. The 

CP obtained in this manner is compared with the 

measured CP in Figures 21 to 26. 

DISCUSSION 

Differential thrust and torque.—A brief study of 

the thrust and torque gradient curves for different 

blade settings, Figures 5 to 7, and 18 to 20, shows the 

following: 

(1) As the blade setting is increased, the thrust of 

the outer sections increases more rapidly than the 

thrust of the inner sections, which causes the point of 

maximum unit thrust to shift toward the tip. This 

shift residts from the fact that the pitch increases more 

.040 

.036 

.032 

.028 

.024 
dCg 

dx.020 

.0/6 

.0/2 

.008 

.004 

O 

Figure 20.—Torque-gradient curves. Propeller C-10. Set 27° at 42-inch radius 

rapidly toward the tip of the blade than near the hub. 

V 
(2) As the is lowered from the point of zero 

thrust, the increments of thrust are large and nearly 

uniform, because the propeller sections are working on 

the straight-line portion of their lift curves. 

(3) As the propeller approaches maximum thrust for 

the high pitch settings, the tip sections begin to fall 

off in thrust, owing to the blade sections operating 

near their stalling angles. 

V . . 
(4) At the lowest ^ given for the 27° pitch setting 

(figs. 7 and 20), the blade is stalled from the 75 per cent 

radius to the tip, showing a pronounced decrease of 

thrust and an increase of torque. 

Effect of propeller speed on differential thrust and 

torque.—The change in the thrust and torque dis¬ 

tribution resulting from the variation of the rotational 

velocity of the propeller is given in Figures 27 to 30. 
y 

These curves are taken for the —■^ of maximum effi¬ 

ciency in order to show the results of most interest to 

the designer. For tip speeds up to 1,050 feet per second 

(2,100 r. p. m.), the ordinates of the thrust and torque 

O .2 .4 .6 .8 1.0 /.S 1.4 
V/nD 

Figure 21.—Comparison of power coefficient from force measurements and yaw 
meter measurements. Propeller C-6 

gradient curves are continually increasing. Above 

this speed, the outer sections begin to fall off in thrust 

and increase in torque, whereas the inner sections in¬ 

crease in thrust as before. At 1,250 feet per second 

(2,500 r. p. m.) and above, the outer 10 per cent of the 

blade for propeller C-6 is producing negative thrust 

V/nD 

Figure 22.—Comparison of power coefficient from force measurements and yaw- 
meter measurements. Propeller C-8 

and positive torque. At 1,350 feet per second (2,700 

r. p. m.), the whole outer 25 per cent of the blade is 

traveling above 1,050 feet per second, and showing a 

corresponding decrease in thrust along the blade. The 

R.A.F. 6 propeller does not drop off as much in thrust 

toward the tip above 2,500 r. p. m. as the Clark 5 
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propeller but otherwise shows very nearly the same 
characteristics. 

Total thrust and torque.—From a comparison of 

the total propeller thrust and torque from the force 

body drag caused by the slip stream. This difference 

in the ordinates of the two thrust curves at any — 
J n D 

is called A CT and is plotted against the total CT in 

Figure 23.—Comparison of power coefficient from force measurements and yaw- 
meter measurements. Propeller C-10 

tests and yawmeter tests, Figures 11 to 16, and 21 
to 26, respectively, the following may be noted: 

(1) The constant hub-drag coefficient brings all of 
the thrust curves like those shown in Figure 9 into 
very good agreement at the point of zero thrust. It 

Figure 24.—Comparison of power coefficient from force measurements and yaw- 
meter measurements. Propeller R-6 

should do this for ordinary propellers that have a 
washout of pitch toward the hub, since where there is 
zero thrust the slip stream should be negligible and 
consequently the drag due to the slip stream should 
be zero. 

(2) The thrust curves of Figure 9 have a very 
uniform separation which is due to the increase in 

Figure 25.—Comparison of power coefficient from force measurements and yaw- 
meter measurements. Propeller R-8 

Figure 10. The increase in body drag due to the 
slip stream is approximately equal to 8 per cent of the 
total thrust of the propeller for this particular type 
of body. This relationship is independent of pitch 
setting, provided that the propeller is set to have a 

Figure 26.—Comparison of power coefficient from force measurements and yaw- 
meter measurements. Propeller R-10 

washout of pitch toward the hub. If, as with the 9.8° 
and 7° settings (fig. 3), the geometric pitch is constant 
along the blade, or increases toward the hub, the 
curves of integrated and measured thrust do not go 

through zero at the same ^jy consequently this 

relationship does not hold. In such propellers, when 
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tho total thrust is zero, the velocity of the slip stream 
over the body is greater than the free-air velocity, 

because of the positive thrust on the inner sections 
and negative thrust on the outer sections of the 
blades. These low pitch settings are rarely used in 

Figure 27.—Variation of thrust and torque distribution due to change in r. p. m. 
Propeller C~6. Set 7° at 42-inch radius. Low r. p. in. 

Figure 28.—Variation of thrust and torque distribution due to change in r. p. m. 
Propeller C-6. Set 7° at 42-inch radius. High r. p. m. 

practice, consequently the above relationship is 
sufficiently accurate for practical purposes. 

(3) The agreement of the effective thrust coefficients 
obtained by the two methods indicates that the 

above factors are very satisfactory in predicting total 
thrust from total head measurements. 

Figure 29.—Variation of thrust and torque distribution due to change in r. p. mi 

Propeller R-6. Set 7° at 42-inch radius. Low r. p. m. 

Figure 30.—Variation of thrust and torque distribution due to change in r. p. m. 

Propeller R-6. Set 7° at 42-inch radius. High r. p. m. 

(4) The power curves are in good agreement. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., April 15, 1932. 
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LIST OF SYMBOLS 

IIv—recorded differential pressure in yaw head 
tubes due to the twist of the slip stream 

Ht—recorded total head behind the propeller with 
propeller running 

IITo—recorded total head at the same point with the 
propeller off 

II—total head added by the propeller =HT — HTo 
U—axial velocity through the propeller plane 

Vi—tangential velocity through the propeller plane 
W—resultant velocity through the propeller plane 

ip—angle of twist of the slip stream 
K—constant for each yawmeter 

p—mass density of the air 
r—radius of any blade element 

D—total diameter of the propeller 
R—tip radius of the propeller 
n—revolutions of the propeller per unit time 
P—propeller pitch 

h—blade thickness 
6—blade width 

V—free-air velocity 
M—mass of air passing through the propeller per 

unit time 

Q—torque of the propeller 
n Power 

T—thrust 
T 

Pn2Di 
a n _ propeller thrust-effective thrust 

Q 
pri2Dr° 
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TABLE I 

Values of and for propeller C-6» (From faired curves) 

Setting 
V 

nl> 

X = 0.421 X = 0.526 X = 0.631 X=0.737 x = 0.842 X = 0.947 

dCY 
dz 

d Cq 

dx 

d Ct 

dx 

dCq 

dx 

dCr 
dx 

dCq 

dx 

d Ct 

dx 

d Cq 

dx 
dCr 
dx 

d Cq 

dx 
dCt 

dx 

d Cq 

dx 

11°..__ 0.20 0. 0568 0.00354 0. 0795 0. 00570 0. 0961 0. 00550 0. 1086 0.00700 0.1112 0.00800 0. 0660 0.00506 
11°_ .30 .0480 . 00313 .0652 .00435 .0777 .00455 .0870 .00570 .0905 .00580 .0675 .00500 
11°_ .40 .0362 .00260 .0475 .00348 .0554 .00335 .0605 .00420 .0630 .00430 .0460 .00390 
11°_ .50 .0220 .00196 . 0275 .00240 .0300 .00300 . 0315 .00240 .0315 .00250 .0230 .00210 
11°__ .60 .0072 .00105 .0061 .00072 .0040 .00010 .0010 .00020 -.0020 .00025 -.0005 .00000 

15°..... .20 .0708 .00470 . 1001 .00708 . 1249 .00795 . 1427 .01250 . 1478 . 01565 
15°... .30 .0648 .00460 .0920 .00680 . 1147 .00730 . 1352 . 01075 . 1465 . 01225 .1128 . 01250 
15°___ .40 .0548 .00432 .0780 .00621 .0980 .00650 . 1142 .00900 . 1254 .01025 . 1057 . 01050 
15°... .50 .0421 .00374 .0588 .00510 .0738 .00560 .0862 .00720 .0954 .00835 .0811 .00811 
15° ___ .60 .0288 .00287 .0390 .00355 .0485 .00430 .0580 .00510 .0653 .00625 .0553 .00550 
15°.. .70 .0152 .00172 . 0193 .00168 .0231 .00235 .0298 .00280 .0350 .00380 .0295 .00265 

19°... .20 .0802 .00600 .1150 .00900 .1428 .01125 . 1482 . 01705 . 1320 .02520 
19°.__ .30 .0758 .00595 . 1092 . 00897 . 1375 .01090 . 1560 . 01450 .1500 .01800 . 1240 .01800 
19°.... .40 .0705 .00585 . 1012 .00873 . 1290 .01040 . 1530 .01310 . 1550 . 01550 . 1265 .01540 
19°... .50 .0600 .00550 .0881 .00814 . 1130 .00970 . 1350 .01190 .1460 . 01430 .1220 .01400 
19°___ .60 .0478 .00500 .0690 .00700 .0908 .00870 . 1090 . 01030 . 1200 .01250 . 1015 .01200 
19°___ .70 .0345 .00418 .0500 .00546 .0665 .00700 .0815 .00820 .0920 . 01050 .0783 .00970 
19°___ .80 .0213 .00295 . 0305 . 00345 .0425 .00430 . 0540 .00590 .0640 .00830 .0550 .00710 
19°_ .90 .0075 .00132 .0113 . 00102 .0180 .00080 .0263 .00310 .0363 .00570 .0315 .00410 

23°... .20 .0963 . 00780 . 1370 .01215 . 1484 . 01880 . 1323 . 03105 . 1325 .03570 
23°.. .30 .0900 . 00782 . 1295 .01185 . 1520 . 01635 . 1522 .02500 . 1432 . 02930 
23°. .40 .0830 .00775 . 1208 .01145 . 1515 . 01460 . 1620 .02040 . 1485 . 02420 . 1050 . 02210 
23°.... . 50 .0755 .00760 .1111 .01098 .1440 . 01380 .1612 .01790 . 1575 . 02130 . 1260 .02010 
23°.. .60 .0670 .00730 .0983 . 01028 . 1290 . 01290 . 1526 . 01660 . 1595 .01940 .1345 . 01880 
23°... .70 .0550 . 00668 .0822 .00920 . 1090 .01160 . 1340 .01520 .1425 .01750 . 1195 . 01690 
23°.__ .80 .0422 . 00563 . 0640 .00750 .0860 .01000 .1063 .01370 .1175 . 01550 .1000 .01440 
23°.. .90 .0293 . 00422 .0448 . 00550 .0625 .00820 .0810 .01180 .0925 .01340 .0810 .01160 
23°___ 1.00 .0163 .00255 .0253 .00330 .0388 .00590 .0540 .00910 .0675 .01080 .0612 .00850 
23°..__ 1.10 .0035 .00070 .0055 .00100 .0150 .00310 . 0280 .00500 .0425 .00750 .0415 .00540 

27°___ .30 .1049 . 01038 . 1495 .01648 . 1745 . 02600 . 1100 .03700 
27°... .40 .0970 . 01000 . 1428 . 01583 . 1840 . 02270 . 1360 .03450 . 1400 .03520 .1035 . 02990 
27°... .50 .0895 . 00980 . 1333 . 01497 .1735 . 01980 .1580 .03030 . 1490 . 03140 .1195 . 02760 
27°.... .60 .0814 .00960 . 1220 .01410 . 1590 .01750 . 1660 .02560 .1550 . 02810 . 1275 . 02570 
27°_ .70 .0724 .00930 .1095 .01314 .1430 . 01630 . 1625 . 02210 . 1600 . 02560 . 1315 . 02390 
27°_ .80 .0620 .00880 .0960 .01210 . 1260 . 01590 . 1520 . 02030 .1600 . 02380 . 1295 . 02210 
27°.. .90 .0500 .00795 .0798 . 01075 . 1080 . 01440 . 1340 .01840 . 1460 . 02160 . 1210 .02040 
27°_ 1.00 .0380 .00660 .0617 . 00888 .0870 .01170 . 1115 .01590 . 1258 . 01850 .1075 .01780 
27°.. 1. 10 .0260 .00485 .0423 . 00650 .0635 .00S90 .0865 .01250 . 1025 .01480 .0910 . 01460 
27°___ 1.20 .0140 .00285 . 0225 .00385 .0394 . 00570 .0600 . 00860 .0770 . 01070 .0720 . 01050 
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TABLE II 

Values of and for propeller C-8. (Prom faired curves) 

y 

£=0.421 £ = 0.526 £ = 0.631 £ = 0.737 £ = 0.842 £ = 0.947 

Setting 
nD dCV dCQ dCr dCQ dCr dCQ dCr dCa dCr d Cq dCY dC0 

dx dx dx dx dx dx dx dx dx dx dx dx 

11°___ 0.20 0. 0593 0. 00420 0.0815 0. 00550 0. 0995 0. 00672 0.1170 0. 00773 0.1145 0. 00848 0. 0820 0. 00590 
11°... .30 . 0508 . 00380 . 0683 . 00500 .0828 .00596 . 0968 . 00670 . 0980 .00752 .0730 .00585 
11°_ .40 .0390 . 00328 .0510 .00414 .0615 . 00505 .0720 . 00555 .0750 . 00610 .0580 . 00441 
11°__ .50 .0250 . 00242 .0317 .00285 .0375 .00378 .0442 .00410 . 0460 . 00408 .0345 . 00275 
11°--. .00 .0095 . 00130 .0102 . 00125 .0119 .00165 .0155 . 00200 .0150 . 00165 .0100 . 00101 

15°.. .20 .0709 . 00550 . 1019 . 00755 . 1284 .01014 . 1538 .01179 .1510 . 01595 .0790 . 01225 
15° .. .30 .0655 . 00539 . 0935 . 00730 . 1184 .00975 . 1420 .OHIO . 1500 . 01352 . 1080 .01215 
15°.-. .40 . 0558 . 00505 .0790 . 00680 . 1010 . 00915 . 1232 . 01025 . 1340 . 01234 .1040 .01045 
15°_... .50 .0435 . 00432 .0610 . 00588 .0790 . 00800 . 0975 .00900 . 1055 . 01065 .0840 .00830 
15°... .60 .0300 . 00322 . 0412 . 00435 .0545 . 00612 .0685 . 00700 .0740 .00805 . 0580 .00585 
15°. .70 .0150 . 00180 .0200 . 00225 .0282 . 00360 .0390 . 00442 .0410 .00470 .0310 .00325 

19°.. .20 .0792 . 00695 . 1121 . 00940 . 1410 . 01375 . 1545 . 01620 . 1280 02190 .01750 
19°... .30 .0755 . 00690 .1085 . 00940 .1378 . 01285 . 1620 .01468 . 1630 .01800 .0920 .01690 
19°_ .40 .0697 . 00870 . 1014 . 00930 1292 01232 . 1555 . 01410 . 1670 . 01690 . 1290 .01565 
19°__ . 50 .0805 . 00632 .0885 . 00882 . 1150 .01195 . 1400 . 01362 . 1510 . 01660 . 1280 . 01380 
19°_ .60 .0485 . 00560 .0710 . 00775 .0940 . 01092 .1185 . 01272 . 1280 . 01540 . 1080 .01150 
19° _ ___ .70 .0350 . 00442 .0520 .00614 . 0705 . 00922 .0935 .01100 . 1010 . 01300 .0860 .00885 
19°____ .80 .0215 . 00300 .0320 . 00412 .0465 . 00690 .0654 . 00838 . 0730 . 00980 .0620 .00610 
19°__ .90 .0076 . 00140 . 0120 . 00185 .0222 . 00420 .0370 . 00500 .0420 . 00580 .0370 . 00330 

23°_-_.-. .20 .0900 . 00840 . 1211 . 01272 . 1532 . 01990 . 1090 . 02540 . 1020 .03110 
23°..... . 30 . 0865 . 00840 . 1210 . 01260 . 1528 .01680 . 1470 . 02160 . 1330 .02820 
23°.... .40 .0821 .00835 . 1193 . 01237 . 1496 .01505 . 1705 . 01940 . 1550 .02555 . 1040 . 02040 
23°.__ . 50 . 0755 . 00827 . 1120 .01200 . 1425 . 01450 . 1705 . 01850 . 1660 . 02315 . 1220 .01960 
23°___ .60 .0660 . 00795 .0990 .01140 . 1300 . 01380 . 1588 . 01765 . 1640 .02120 . 1340 . 01780 
23°_ .70 .0548 . 00725 .0830 .01035 . 1120 . 01250 . 1395 . 01650 . 1490 . 01990 . 1250 . 01550 
23°... .80 .0422 . 00595 . 0650 . 00865 . 0905 .01030 . 1145 .01489 . 1250 . 01855 . 1050 .01290 
23°.. .90 .0290 .00435 .0460 . 00645 . 0670 .00780 .0890 .01215 . 0990 . 01620 .0840 .01015 
23°___ 1.00 .0152 . 00252 .0268 . 00400 .0422 .00490 . 0632 .00920 .0720 . 01290 .0630 . 00725 
23°_ 1.10 .0016 . 09058 .0075 . 00130 .0172 . 00190 .0375 . 00575 .0450 .00900 .0420 . 00435 

27°. _ .30 . 1029 . 01062 . 1395 . 01560 . 1660 .02590 . 03170 
27°.... .40 .0954 . 01003 . 1365 .01463 . 1733 . 02300 . 1225 .02840 .0720 . 03310 . 0640 . 02790 
27°....__ .50 .0878 . 00990 . 1282 .01452 . 1645 . 02095 . 1535 .02590 . 1240 . 03050 .0835 . 02480 
27°.... .60 .0800 . 00986 . 1190 . 01435 . 1552 . 01990 . 1762 .02430 . 1570 .02890 . 1020 . 02280 
27°.... .70 . 0713 .00970 .1085 . 01397 . 1440 . 01970 . 1738 .02370 . 1720 .02820 . 1180 . 02200 

27°_ .80 .0012 . 00915 .0950 . 01315 . 1281 .01915 . 1575 . 02290 . 1640 . 02720 . 1300 . 02130 
27°__ .90 .0492 . 00795 .0770 .01165 .1080 .01765 . 1370 . 02100 . 1450 . 02560 . 1225 . 01950 
27°.... 1.00 .0368 . 00635 .0580 . 00955 .0860 . 01520 . 1140 .01820 . 1235 .02290 .1062 . 01690 
27°_ 1. 10 . 0242 . 00442 .0390 .00695 .0635 . 01200 .0900 .01470 . 1010 . 01930 .0890 . 01370 
27°_ 1.20 .0115 . 00230 . 0205 . 00410 .0410 .00830 .0652 . 01090 .0790 . 01505 .0720 .01010 

TABLE III 

Values of ,7 and for propeller C-10. (From faired curves) 

£ = 0.421 £ = 0.520 £ = 0.631 £=0.737 £ = 0.842 £ = 0.947 

Setting 
V 

n D dCr dC<3 dCr dCo dCr d Cq dCV dCo dCY dC0 dCr dCQ 

dx dx d£ dx dx dx dx dx dx dx dx dx 

11°. 0. 20 0. 0610 0. 00425 0. 0855 0. 00579 0.1060 0. 00750 0.1256 0. 00850 0. 1260 0 01055 
11°-....- .30 .0530 . 00385 . 0725 . 00530 .0901 . 00670 . 1067 . 00760 . 1128 . 00750 0. 0860 0.00645 
11°. .40 .0411 .00332 . 0553 . 00452 .0693 . 00570 . 0823 . 00650 .0872 .00600 .0695 . 00475 
11°_ .50 . 0268 .00237 .0357 . 00320 .0452 .00435 .0541 . 00509 .0580 . 00480 .0480 .00270 
11°__ .60 .0112 .00103 .0140 . 00135 .0190 .00215 .0238 .00290 .0271 .00207 .0225 .00050 

15° . 20 . 0703 .00536 . 1005 . 00745 . 1288 . 01010 .1548 .01160 . 1412 .01715 
15°_ .30 .0647 .00505 .0923 .00728 .1195 . 00980 . 1435 .01130 .1449 .01410 . 1013 .01090 
15°--.— - .40 . 0556 .00482 . 0795 .00690 . 1038 . 00920 . 1255 . 01084 . 1330 .01212 . 1020 . 01020 
15°.. .50 .0440 .00430 .0630 . 00600 .0824 .00825 . 1023 .00992 . 1095 .01090 . 0875 . 00868 
15°... .60 .0308 . 00320 .0442 . 00451 . 0586 .00645 .0752 . 00830 .0823 . 00860 .0683 .00670 
15°--..... .70 .0170 . 00168 .0238 . 00258 .0345 . 00395 .0462 .00590 .0544 .00570 .0475 . 00425 

19° . 20 . 0815 . 00675 . 1140 . 00972 . 1478 . 01340 .1773 .01535 . 1738 .02180 
19°_ .30 . 0782 . 00658 . 1102 .00968 . 1430 . 01290 . 1749 .01535 .1830 . 01750 . 1250 . 01555 
19°__ .40 .0710 .00648 .1030 .00950 .1349 . 01262 .1650 . 01525 . 1747 .01670 . 1400 .01470 
19°-.... .50 .0612 .00635 .0910 .00910 . 1207 . 01260 . 1485 . 01504 . 1586 . 01660 . 1325 .01370 
19°_ .60 .0500 .00572 .0750 .00832 .1020 .01190 . 1266 .01467 . 1375 .01610 . 1155 . 01240 
19°.... .70 .0375 . 00466 .0569 .00685 .0800 .01010 . 1010 .01315 . 1123 .01420 .0955 .01050 
19°..... .80 .0245 .00315 .0368 . 00475 . 0560 . 00750 . 0740 .01025 .0852 .01150 .0750 . 00818 
19°_ .90 .0112 . 00128 .0160 .00215 .0310 .00430 .0468 .00705 .0567 .00765 .0544 .00530 

23° .20 . 0916 .00879 . 1247 . 01312 . 1595 . 01970 . 1453 .02360 . 1124 . 03290 
23° . 30 . 0890 00855 . 1241 . 01261 . 1632 . 01800 . 1800 . 01975 . 1565 . 02690 
23°..__ .40 .0832 .00840 . 1212 . 01218 . 1590 . 01680 . 1860 .01870 . 1822 .02310 . 1275 .01860 
23°... .50 .0755 .00833 . 1130 .01189 .1496 . 01630 . 1802 .01840 . 1842 .02125 . 1500 .01790 
23°_ .60 . 0665 .00821 . 1015 .01172 .1360 .01640 . 1670 .01800 . 1753 .02100 . 1462 . 01700 
23°.. ___ .70 . 0560 . 00751 .0865 . 01094 .1182 .01550 . 1480 . 01720 . 1585 .02058 .1305 . 01535 
23°_ .80 .0442 .00625 .0695 .00945 .0973 . 01365 . 1252 . 01580 . 1360 .01870 .1135 .01320 
23°_ .90 .0315 .00452 .0508 . 00730 .0745 . 01095 . 1000 . 01320 . 1120 .01555 .0957 .01072 
23°__ 1.00 .0183 . 00270 . 0315 .00455 . 0512 . 00765 . 0736 . 00975 .0870 .01120 .0778 .00800 

to
 

CO
 o 1.10 . 0057 .00085 .0121 . 00145 .0277 .00400 . 0468 .00590 .0618 . 00620 .0598 . 00520 

27° 30 0990 01047 1428 . OlnfiO . 1517 .02245 . 1630 .02800 
27°... .40 .0940 .01002 . 1347 .01485 .1685 .02126 .1842 .02550 .0987 .03650 .1120 .02425 

27°___ .50 .0882 . 00998 . 1292 .01480 . 1693 . 02070 . 1945 . 02500 .1420 . 03105 .1135 .02245 

27°.... .60 . 0815 .01011 . 1226 . 01479 . 1630 . 02090 . 1920 . 02490 . 1782 . 02765 . 1213 .02190 
27°___ .70 .0732 . 00994 . 1118 . 01460 .1510 . 02100 . 1820 .02470 . 1830 .02630 . 1420 . 02195 

27°..... .80 .0630 . 00934 .0975 .01384 . 1344 . 02070 .1660 .02420 . 1718 .02605 . 1417 .02135 
27°_ .90 .0514 . 00820 .0810 .01240 . 1145 . 01950 . 1460 .02330 . 1553 . 02590 . 1324 .01975 

27°.. 1.00 .0388 .00660 . 0630 .01035 . 0925 .01730 . 1240 .02165 . 1360 . 02450 . 1173 .01735 

27°__ 1.10 .0260 .00470 .0441 . 00780 .0704 .01440 . 1000 .01880 . 1144 .02180 . 1010 . 01440 

27°.. 1.20 .0129 .00260 . 0254 .00495 .0482 .01105 .0760 . 01525 .0915 .01780 .0843 .01120 
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TABLE IV 

Values of and for propeller 06. Set 9.8° at 42-inch radius. (From faired curves) 

R. p. m. V 

n D 

£ = 0.421 £=0.526 

3
 

O
 II H
 £=0.737 £=0.842 x=0.947 

dCt 

dx 
dCQ 
d£ 

d Ct 
dx 

d Cq 

dx 
d CT 

Ax 

(\Cq 

dx 
dCY 
dx 

d Cq 

dx 
dCt 

dx 
d Cq 

dx 
dCY 
dx 

dCq 

dx 

1,200.. 0.10 0. 0600 0. 00300 0. 0787 0. 00430 0 0903 0 00482 0 0950 f) 00570 0 0885 n 00505 n nnndi 
1,200__ .20 .0546 .00276 .0693 .00375 .0797 .00442 .0844 . 00485 .0816 .00522 0. 0551 .00114 
1,200___ .30 .0450 . 00243 . 0556 . 00321 .0630 .00390 .0659 .00387 .0648 .00414 .0448 .00155 
1,200_ .40 .0323 .00203 .0385 . 00264 .0410 . 00322 .0410 .00273 .0400 .00290 .0270 . 00150 
1,200. .50 .0178 .00150 .0200 . 00202 .0180 .00215 .0104 .00143 .0153 .00145 .0064 .00120 
1,200_ .60 .0017 . 00067 .0000 .00131 0052 .00044 -. 0085 . 00000 -.0095 -.00017 -.0154 . 00060 
1,400... . 10 . 0618 .00310 .0802 . 00450 . 0920 .00502 0980 00039 0920 00773 nnia* 
1,400... .20 .0550 .00287 .0705 . 00400 .0805 .00443 . 0855 . 00532 ! 0854 1 00550 .0570 .00227 
1,400_ .30 .0444 .00240 . 0563 . 00340 .0628 .00377 .0660 . 00422 . 0656 . 00416 .0465 .00285 
1,400_ .40 .0310 .00215 .0384 . 00267 .0412 .00293 .0423 .00300 .0403 . 00270 .0284 . 00220 
1,400... .50 .0163 .00160 .0183 .00165 .0180 .00173 .0145 .00165 .0127 .00097 .0058 . 00070 
1,400_ .60 .0000 .00025 -.0030 .00000 -.0105 -.00033 -.0146 -.00010 -.0150 -.00133 -.0195 -. 00140 
1,600_ . 10 .0618 .00310 .0814 . 00457 . 0940 . 00543 . 1033 00538 0990 00772 nniQ* 
1,600_ .20 .0546 .00290 .0715 . 00410 .0815 .00467 .0875 .00530 ! 0886 100565 .0350 . 00227 I 
1,600.. .30 .0440 .00260 .0567 . 00353 .0634 . 00390 .0664 .00420 .0674 . 00436 .0481 . 00285 
1,600_ __ .40 .0309 .00211 .0387 . 00275 . 0413 .00298 .0420 . 00300 .0413 . 00295 .0282 . 00220 
1,600. . _ .50 .0163 .00135 .0184 .00166 .0166 .00172 .0152 , 00163 .0132 .00140 .0052 .00070 
1,600__ .60 .0005 00006 -.0033 -.00005 -.0094 -.00044 -.0122 -.00008 -.0154 -.00013 -.0193 -. 00140 
1,800...... .10 .0617 .00332 .0823 . 00490 . 0957 .00566 . 1060 . 00675 . 10G5 .00875 
1,800_ .20 .0546 . 00300 .0718 . 00434 .0834 . 00490 .0917 .00563 .0932 . 00585 .0365 .00465 
1,800__ .30 .0440 . 00255 .0565 . 00370 .0637 . 00406 .0687 . 00445 .0697 . 00422 .0506 .00297 ! 
1,800.. .. . ._ .40 .0308 . 00202 .0383 . 00283 .0414 .00310 .0430 . 00315 .0425 . 00308 .0302 .00205 
1,800___ . 50 .0162 . 00140 .0182 . 00162 .0172 . 00180 .0152 . 00158 . 0133 .00176 .0065 .00072 
1,800_ .60 .0003 . 00050 -.0030 -.00070 0125 -. 00030 -.0195 -. 00054 -.0160 .00030 -.0187 -.00084 
2,000. .10 .0600 .00340 .0803 .00500 .0960 . 00603 . 1096 . 00737 . 1115 
2,000.. .20 .0545 . 00305 .0727 .00442 .0865 .00507 .0977 . 00597 . 1023 .00693 .0390 . 00587 
2,000_ .30 .0445 . 00263 .0575 .00378 .0665 .00400 .0735 . 00460 .0757 . 00494 .0563 .00410 
2,000_ .40 .0312 . 00211 .0390 . 00297 .0427 .00290 .0453 . 00312 .0455 . 00318 .0333 .00226 
2,000_ .50 .0156 .00136 .0180 . 00183 .0170 .00177 .0170 . 00150 .0140 . 00120 .0040 .00026 
2,100.. . 10 .0618 .00358 .0858 . 00520 . 1067 .00590 . 1182 . 00765 00115 
2,100__ .20 .0549 .00313 .0748 . 00457 .0893 .00500 .1020 .00625 . 1107 .00804 .0400 . 00703 
2,100.... .30 .0447 . 00262 .0591 . 00382 . 0684 .00407 .0757 . 00482 .0812 .00561 . 0640 . 00497 
2,100_ .40 .0320 . 00203 .0402 . 00298 .0455 .00316 .0482 . 00340 .0500 .00347 .0385 . 00288 2,100__ .50 .0180 .00143 .0195 . 00210 .0205 .00270 .0198 . 00196 .0156 .00140 .0063 .00217 
2,200__ . 10 .0592 .00340 .0803 . 00490 . 1035 .00522 . 1145 . 00757 01540 00673 
2,200_ .20 .0552 . 00306 .0747 . 00447 .0895 .00464 . 1035 .00628 . 1107 . 00870 .0365 .00612 
2,200_ .30 .0444 . 00255 .0583 .00380 .0680 . 00388 .0770 .00477 . 0830 .00565 .0595 .00483 
2,200_ .40 .0313 .00202 .0395 . 00297 .0443 . 00305 .0475 . 00313 .0500 . 00346 .0361 .00303 
2,200_ .50 .0172 .00148 .0195 . 00206 .0201 . 00215 .0100 . 00138 .0140 . 00146 .0040 .00093 
2,300_ .20 . 00312 . 00482 . 00483 00512 00916 
2,300__ .25 .0502 . 00288 . 0673 . 00440 .0795 . 00441 .0915 .00548 .0960 00806 .0642 . 00592 
2,300_ .30 .0450 . 00264 .0590 . 00396 .0696 . 00397 .0797 .00482 .0826 .00680 .0548 . 00505 
2,300_ .35 .0390 .00236 . 0498 . 00348 .0580 . 00352 .0052 .00410 .0662 .00535 .0424 . 00416 
2,300_ .40 .0322 .00207 .0400 . 00300 .0451 .00303 .0488 .00337 .0490 .00387 .0269 . 00326 
2,300_ .45 .0246 .00176 .0296 .00250 . 0318 .00255 .0310 .00264 .0300 .00236 .0080 . 00236 

TABLE V 

Values of and for propeller C-8. Set 9.8° at 42-inch radius. (From faired curves) 

R. p. m. JV 

nD 

£ = 0.421 £ = 0.526 £=0.631 x—0.737 £=0.842 £=0.947 

dCt 
dx 

dCo 
d£ 

d Ct 

dx 
dCq 
d£ 

dcy 
d£ 

dCq 

dx 
dcy 
dx 

dCQ 
d£ 

(\CT 
dx 

d Cq 

dx 
dCr 
dx 

dCo 
d£ 

1,200___ 0.10 0. 0612 0. 00385 0. 0815 0. 00430 0.0950 0.00525 0.1053 0. 00540 0. 0950 0. 00600 -0. 0600 0. 00026 
1,200.... .20 .0550 . 00345 .0720 . 00380 .0842 .00463 .0932 . 00483 .0883 .00507 . 0394 .00175 
1,200_ .. .30 .0460 . 00300 .0578 .00330 .0678 . 00393 .0748 . 00420 .0726 .00408 .0543 .00222 
1 _ .40 .0335 . 00240 .0403 .00265 .0466 .00310 .0516 . 00336 .0491 . 00301 .0347 . 00200 
1,200_ .50 .0192 .00160 .0205 .00176 .0225 . 00200 .0213 .00227 .0227 . 00182 .0142 .00118 

1,400__ .10 .0610 .00390 .0810 . 00452 .0955 .00544 . 1068 .00575 . 0990 .00646 -.0140 .00536 
1,400_ .. .20 .0553 . 00350 .0717 . 00400 .0844 . 00481 .0943 .00515 .0922 .00537 .0395 .00436 
1,400.. .30 .0452 . 00300 .0561 . 00344 .0665 . 00410 .0740 . 00445 .0723 .00426 .0514 .00340 
1,400_ .40 .0324 .00240 .0382 . 00274 .0446 . 00325 .0497 . 00360 .0482 .00315 .0338 .00235 
1,400__ _ .50 .0183 . 00155 .0190 .00175 .0206 . 00203 .0236 . 00243 .0217 .00197 .0137 .00121 

1,600_ .10 .0624 . 00390 .0840 .00467 .0996 .00542 . 1102 00595 1040 O0700 02Q0 
1,600_ .20 .0556 . 00350 .0727 .00412 .0860 . 00478 . 0962 . 00530 ! 0957 .00576 . 0340 .00490 1,600_ . .30 .0447 .00300 .0572 .00345 .0671 .00407 .0747 .00458 .0738 . 00455 .0523 . 00382 
1,600.__ .40 .0322 .00240 .0391 .00270 . u447 . 00320 .0500 . 00375 .0488 .00333 . 0343 . 00270 
1,600__ .50 .0180 . 00155 .0192 .00170 .0207 .00197 .0232 .00260 . 0215 .00210 .0145 . 00150 
1,800_ .10 .0602 . 00390 .0817 . 00484 .0984 . 00576 . 1115 . 00650 1100 f00890 
1,800... .20 . 0542 .00348 .0724 .00420 .0865 .00510 .0985 . 00573 .0988 .00625 .0385 . 00575 
1,800_ .30 .0444 . 00300 .0563 .00350 . 0673 .00410 .0763 . 00488 .0775 .00475 .0545 .00432 
1,800___ .40 .0316 .00240 .0383 . 00275 .0458 .00327 .0517 . 00395 .0514 . 00356 .0367 .00300 
1,800__ .50 .0173 .00154 .0194 .00180 .0223 .00167 . 0256 .00273 . 0238 . 00253 .0160 .00176 
2,000_ . 10 .0590 .00407 .0805 . 00494 . 1000 . 00610 . 1152 .00711 . 1040 
2,000... .20 .0555 .00360 .0741 . 00430 .0890 . 00527 . 1030 . 00623 . 1071 . 00750 .0415 . 00665 
2,000_ .30 .0452 .00310 .0580 . 00358 . 0696 .00435 .0813 .00523 .0845 .00556 .0617 .00500 
2,000_ .40 .0321 .00245 .0398 . 00278 .0467 .00325 .0543 . 00413 .0558 . 00403 .0410 . 00362 
2,000... . 50 .0170 .00160 .0196 .00180 .0211 . 00185 .0236 . 00285 .0235 . 00267 .0150 . 00240 
2,100.. .10 .0600 .00400 .0830 . 00506 . 1026 .00640 . 1190 . 00745 .0920 
2,100.. .20 .0560 . 00355 .0747 . 00440 .0905 . 00550 . 1065 .00652 . 1056 . 00855 .0390 .00700 
2,100_ .30 .0450 .00303 .0590 . 00366 .0707 . 00450 .0833 . 00550 .0874 .00623 . 0596 .00570 
2,100__ .40 .0323 .00240 .0407 . 00285 . 0486 . 00335 .0565 . 00440 .0597 .00440 . 0446 . 00435 
2,100.. .50 .0182 . 00154 .0211 . 00180 .0244 . 00185 .0264 .00300 .0247 . 00270 .0196 . 00286 
2,200.. .15 .0587 .00470 .0811 .00550 .0982 . 00665 . 1175 . 00775 . 1000 . 01230 -.0400 .00646 
2,200. .25 .0516 . 00330 .0681 .00400 .0830 .00492 . 0975 .00597 .0962 .00844 .0522 .00567 
2,200_ .35 .0400 .00297 . 0507 . 00361 . 0610 .00425 .0715 . 00527 .0747 . 00604 . 0425 .00487 
2,200_ .45 .0250 .00190 .0305 .00240 .0373 .00282 .0432 . 00366 .0425 .00393 .0205 .00405 
2,300__ . 15 
2,300.. .25 .0508 . 00340 .0663 .00435 . 0803 .00522 . 0960 . 00607 . 0850 .00946 .0580 .00595 
2,300... .35 .0397 . 00298 . 0514 . 00350 .0622 .00417 .0725 . 00505 .0715 .00748 .0445 .00560 
2,300... .45 .0225 .00210 .0273 .00225 . 0330 .00250 .0365 .00327 .0330 .00150 .0075 .00320 
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TABLE VI 

Values of 
dC’r 
dz 

and for propeller Cl¬ io. Set 9.8° at 42-inch radius. (From faired curves) 

R. p. m. 
V' 

nD 

1=0.421 Z=0.526 Z = 0.631 z=0.737 Z = 0.842 Z = 0.947 

dCr 
dx 

dCa 
dx 

dCr 
dz 

dCa 
dz 

dCr 
dx 

dC0 
dx 

dCr 
dx 

dCQ 
dx 

dCz 
dx 

dCQ 
dx 

dCr 
dx 

dCo 
dx 

o 10 0 0610 0. 00377 0- 0842 0. 00456 0.1007 0. 00588 0.1130 0. 00640 0. 1040 0.00070 
1200_ .20 .0555 . 00340 . 0743 . 00420 . 0895 .00519 .0997 . 00567 .0946 0. 00480 0.0630 .00168 
1200__ .30 .0460 . 00297 . 0603 .00377 .0732 .00442 .0811 . 00486 .0795 . 00387 . 0575 .00213 
1200__ .40 .0340 . 00240 .0434 .00318 .0527 .00354 .0585 . 00395 . 0590 . 00290 . 0442 . (XI184 
1200__- .50 . 0202 . 00166 .0245 .00229 . 0300 . 00245 .0335 . 00286 .0347 .00173 .0267 . 00080 
1200_ .60 .0054 . 00047 .0045 .00082 .0055 . 00090 . 0070 . 00137 .0083 .00003 .0066 -. 00100 

1400 10 0610 . 00380 . 0830 . 00450 . 1001 .00614 . 1140 . 00668 . 1068 .00817 -. 0200 
1400___ .20 . 0552 . 00353 .0738 . 00413 .0892 . 00545 . 0995 . 00587 .0982 .00558 .0440 .00420 
1100 .- .30 . 0456 . 00320 . 0593 . 00370 .0717 . 00470 .0800 . 00500 . 0794 .00424 .0585 .00331 
1400... .40 . 0330 . 00247 .0421 . 00323 .0506 . 003S0 . 0570 . 00405 .0565 . 00322 .0440 . 00235 
1400_ .50 .0192 . 00180 .0237 .00220 . 0275 . 00260 . 0320 . 00293 .0320 . 00198 .0260 .00118 
1400 00 0040 . 00051 . 0031 . 00112 . 0045 . 00070 . 01X50 . 00148 .0075 . 00030 

1000 . 10 0610 .00380 . 0842 .00468 . 1019 . 00625 . 1175 . 00685 . 1135 -. 0245 
1600__ .20 . 0554 .00353 .0741 .00433 .0899 .00555 . 1012 . 00610 .1005 . 00530 .0425 .00465 
1600._. .30 . 0458 .00320 .0598 . 00390 .0730 .00480 .0810 . 00528 . 0820 . 00446 .0603 .00370 
1600.. .40 . 0.332 .00247 .0433 . 00330 . 0522 .00394 .0588 . 00435 . 0592 . 00348 .0462 . 00265 
1000.. .50 . 0193 .00180 .0245 . 00242 .0295 . 00278 . 0345 . 00322 .0340 . 00228 . 0278 . 00145 
1000 . 60 0042 . 00051 .0040 . 00135 . 0055 . 00098 .0060 . 00166 . 0075 .00050 . 00018 

1S00 . 10 0620 . 00380 . 0860 . 00474" . 1040 . 00643 . 1222 .00732 . 1180 -. 0245 
1800_ .20 . 0560 . 00353 .0762 . 00440 . 0923 .00571 .1055 .00645 . 1075 .00590 .0435 . 00535 
1800_ .30 .0460 . 00320 . 0617 .00400 .0743 .00493 .0845 .00554 .0874 . 00495 . 0658 . 00420 
1800... .40 . 0333 . 00247 .0437 .00340 . 0535 .00402 .0605 .00450 . 0625 . 00382 .0490 . 00300 
1800_ .50 .0191 . 00180 .0242 . 00252 .0293 .00285 .0340 . 00330 . 0355 .00250 .0273 . 00162 
isno . 60 . 0037 . 00051 .0029 . 00148 . 0050 . 00104 .0050 .00169 .0050 .00062 . 0030 

2(X)0 10 0612 00380 . 0850 .00484 . 1050 . 00657 . 1208 .00776 . 0880 —.0185 
2000... .20 . 0558 .00353 . 0765 . 00450 .0930 . 00585 .1080 .00683 . 1050 .00808 .0435 . 00645 
2000__ .30 . 0463 .00320 . 0625 .00410 .0770 . 00505 .0892 .00583 . 0924 .00590 .0018 . 00502 
2000. .40 .0336 . 00247 .0437 .00352 . 0548 .00415 .0638 .00475 .0700 .00423 .0545 . 00350 
2000__ .50 . 0195 .00180 .0226 . 00262 .0280 .00298 . 0335 .00345 .0395 .00275 .0272 . 00186 

2100 . 10 .0600 .00380 .0845 .00505 . 1037 .00680 . 1222 .00806 .0773 -.0127 
2100__ .20 . 0556 .00353 .0773 . 00463 .0940 . 00608 .1093 . 00710 .0925 . 01040 .0315 . 00685 
2100_ .30 .0465 . 00320 .0636 . 00416 .0775 .00530 . 0905 . 00608 .0885 . 00760 . 0540 . 00555 
2100.. .40 .0337 . 00247 .0450 . 00354 . 0557 . 00438 .0652 . 00495 .0683 .00502 .0455 .00415 
2100- .50 .0187 .00180 .0245 .00263 .0307 . 00317 .0367 . 00351 .0338 . 00295 .0102 . 

| 2200...- .20 . 0555 .00342 .0760 . 00453 .0936 .00581 .1097 .00676 .0720 . 01064 .0320 .00420 
2200.- .25 .0517 . 00350 .0706 .00460 .0865 . 00576 . 1015 .00664 .0830 . 00980 .0490 . 00506 
2200__ .30 .0467 .00338 . 0634 . 00440 . 0775 .00547 .0913 .00629 .0820 . 00874 .0465 .00537 
2200-___ .35 . 0403 .00310 . 0545 .00404 .0666 .00500 . 0785 . 00572 .0757 . 00745 .0403 .00520 
2200_ .40 .0334 .00266 .0445 .00353 . 0547 .00434 . 0633 . 00496 .0634 .00596 .0300 . 00486 
2200.. .45 .0250 .00210 .0330 .00285 .0413 .00350 .0480 . 00400 .0466 . 00433 .0150 . 00412 

\ 2300..- .30 . 0460 .00320 . 0620 .00433 .0765 .00570 .0890 . 00662 .0734 . 00807 .0473 .00577 
2300... .35 . 0404 .00303 . 0544 . 00396 . 0673 .00522 . 0788 . 00607 . 0646 .00728 .0365 .00574 
2300... .40 .0334 .00260 . 0445 . 00343 . 0540 .00457 . 0643 .00534 .0534 .00605 .0223 . 00493 

1 2300-.. .4.5 .0248 .00196 .0325 .00276 . 0390 . 1X1372 .0450 .00440 . 0404 .00516 .0055 .00400 
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TABLE VII 

Values of <~^r and for propeller C-6. Set 7° at 42-inch radius. (From faired curves) 

R. p. m. V 

nD 

1 = 0.421 x = 0.526 £ = 0.631 1=0.737 £ = 0.842 £ = 0.947 

dCr 
dx 

dCg 
d£ 

d Cr 

dx 

dCQ 
dx 

dCr 
dx 

dCg 

dx 
dCr 
dx 

! d CQ 

dx 
dCr 
dx 

dCQ 

dx 
dCr 
dx 

d CQ 

dx 

1200_ 0.10 0.0511 0. 00226 0. 0638 0. 00290 0.0681 0.00315 0. 0662 0. 00320 0. 0584 0.00328 -0. 0215 -0. 00048 
1200 .20 .0441 . 00199 .0528 . 00260 . 0545 . 00299 . 0533 .00292 .0478 . 00240 .0240 .00121 
1200_ _ .30 .0334 . 00161 .0375 . 00215 . 0365 .00240 .0337 . 00201 .0303 .00130 . 0162 .00050 
1200... .40 .0201 .00107 .0193 .00141 . 0154 .00130 .0096 .00070 . 0060 -.00025 .0048 -.00105 
1200_ .45 .0128 .00070 .0093 .00086 .0040 .00057 -.0038 -. 00022 -. 0080 -.00140 -.0160 -. 00190 

1400_ .10 .0515 .00240 . 0645 .00300 .0685 .00335 . 0688 .00331 . 0630 .00380 -.0190 -. 00016 
1400_ .20 .0440 . 00196 . 0529 .00275 .0560 . 00283 . 0562 .00269 .0496 . 00237 . 0323 . 00116 
1400.. .. .30 .0339 .00180 .0370 . 00213 .0370 . 00212 . 0345 . 00197 .0300 . 00159 .0164 . 00071 
1400.. _ .. .40 . 0197 .00130 .0190 .00132 .0147 . 00106 . 0090 . 00103 . 0053 . 00052 -.0045 -. 00024 
1400_ . 45 .0122 .00090 .0085 . 00085 .0020 .00026 -.0040 . 00042 -.0084 -.00023 -.0155 -. 00090 

1600_ .10 .0515 .00240 . 0644 . 00310 . 0705 .00312 .0720 . 00346 . 0660 .00405 -.0210 -.00016 
1600_ ... .. .20 .0436 .00196 .0533 . 00284 . 0563 . 00274 .0560 . 00278 .0518 .00226 .0335 . 00150 
1600_ .30 .0325 .00180 .0375 . 00223 .0370 .00213 .0340 . 00200 .0310 . 00147 .0180 .00100 
1600.. ... _ .40 .0190 .00130 .0185 . 00140 .0140 .00110 .0083 . 00096 .0048 .00002 -. 0050 .00021 
1600_ .45 .0118 .00090 .0085 .00094 . 0016 .00030 -.0060 . 00028 -.0100 .00012 -.0178 -.00032 

1800_ . 10 .0505 .00240 . 0640 .00327 .0710 .00374 .0740 . 00363 .0690 .00416 -. 0200 .00020 
1800_ .20 .0432 .00196 .0530 .00288 .0573 . 00312 . 0580 .00292 .0548 . 00253 . 0333 . 00155 
1800_ .30 .0322 .00180 .0375 00222 .0380 .00232 . 0355 .00207 .0310 . 00161 .0190 .00116 ! 
1800_ .40 .0185 .00130 .0175 .00135 .0138 .00110 .0080 .00090 .0025 . 00060 -.0058 . 00044 | 
1800_ .45 .0112 . 00090 .0078 .00087 .0005 .00017 -. 0070 .00010 -.0125 .00002 -.0183 -. 00010 j 

2000_ .10 .0510 .00240 .0647 .00325 .0730 . 00374 .0780 .00384 .0770 .00515 -.0125 . 0002.5 
2000_ .20 .0435 .00196 .0538 .00295 .0582 .00305 .0610 .00308 . 0598 .00313 . 0360 . 00250 
2000_ .30 .0325 .00180 .0380 .00228 .0380 .00235 . 0360 . 00215 .0330 .00194 .0205 . 00110 
2000_ ... .40 .0185 .00130 .0180 .00144 . 0145 .00120 .0075 .00083 .0025 . 00065 -. 0065 . 00060 
2000_ .45 .0110 .00090 .0075 .00095 .0012 .00028 -.0072 -.00010 -. 0140 -. 00014 -.0210 . 00012 

2100_ . 10 .0518 .00261 .0662 .00338 .0755 . 00378 .0825 . 00406 . 0823 . 00578 -. 0400 .00050 
2100_ . .. .20 .0440 .00201 . 0550 .00295 .0600 .00283 . 0642 .00311 . 0640 .00362 .0380 .00273 
2100_ .30 . 0328 .00182 .0387 .00237 .0390 .00221 . 0385 . 00195 . 0363 .00201 .0223 .00122 
2100.... . .40 .0190 .00132 .0188 .00145 .0150 .00120 .0075 . 00095 .0010 . 00088 -. 0090 .00055 
2100_ .45 .0116 .00087 . 0075 .00040 . 0020 .00000 -.0090 -.00032 -.0185 -.00040 -.0250 .00015 I 

2200__ . 10 .0508 .00252 .0663 . 00335 .0755 .00400 .0822 .00425 .0815 .00700 -. 1000 .00025 
2200_ .20 .0440 .00211 . 0550 . 00301 . 0600 .00277 .0640 .00330 .0665 .00378 .0410 .00327 
2200 _ .30 .0328 .00183 .0385 .00241 .0388 .00225 .0383 .00223 . 0351 .00230 .0228 .00193 
2200_ .40 .0183 .00128 .0180 .00137 .0140 .00103 . 0080 . 00073 -.0010 . 00066 -.0100 . 00120 
2200_ . 45 .0100 .00079 .0066 .00047 .0002 -.00020 -.0085 -. 00028 -.0210 -. 00039 -.0288 .00108 

2300_ . 10 .0518 . 00266 .0677 . 00356 . 0777 .00371 . 0860 . 00430 0800 noofii 00071 
2300__ .20 .0445 .00216 .0556 .00310 .0613 .00300 .0656 .00328 .0660 .00443 .0318 . 00311 
2300_ .30 .0328 .00186 .0384 .00238 .0392 .00208 .0380 .00215 .0340 .00210 .0125 .00205 
2300_ ..... . .40 .0183 .00128 .0177 .00115 .0131 .00068 .0046 .00067 -. 0052 .00075 -. 0205 . 00135 
2300_ .45 .0103 .00068 .0065 .00017 -.0010 -. 00026 -.0133 -. 00100 -.0260 .00010 -.0386 .00110 

2400 _ . 10 .0520 .00275 .0683 . 00375 .0795 .00416 .0880 .00485 .0640 . 00950 -. 0385 .00113 
2400_ . 20 .0448 .00211 . 0560 .00306 .0625 .00315 . 0670 . 00340 .0604 .00578 +. 0200 .00260 
2400. _ .30 .0324 .00190 .0382 .00245 .0390 .00215 . 0375 .00238 . 0310 . 00263 +.0033 . 00218 i 
2400_ . 40 .0172 . 00116 . 0170 . 00096 .0110 .00035 .0018 .00015 -. 0098 .00015 -. 0285 .00040 

2500... . 15 .0492 .00264 .0634 .00366 .0723 . 00373 .0804 .00447 .0640 . 00865 -.0136 . 00103 | 
2500.__ .20 .0448 .00220 . 0566 . 00323 .0628 .00300 .0683 .00356 . 0540 . 00622 . 0025 . 00207 ; 
2500___ .30 .0328 .00185 .0390 .00245 .0393 .00188 .0377 .00225 .0263 .00316 -. 0050 . 00128 
2500 _ .35 .0252 .00160 .0273 . 00205 .0260 .00141 .0200 . 00182 . 0087 .00202 -. 0173 .00073 

2600.__ .20 .0450 .00220 .0571 .00310 .0645 .00278 .0688 .00343 .0512 . 00625 . 0075 .00104 ! 
2600_ .25 .0398 . 00207 .0488 .00280 .0525 . 00243 .0537 .00298 .0365 .00492 . 0022 .00125 
2600_ .30 . 0333 . 00188 . 0392 . 00242 .0400 .00202 .0374 .00235 .0204 . 00368 -. 0052 . 00135 
2600_ .35 .0255 .00163 .0285 .00195 .0263 .00158 . 0203 .00155 .0030 .00255 -. 0147 .00137 

2700__ .20 .0438 . 0565 . 0635 . 0654 .0465 CKKIO 
2700__ .25 .0392 .00211 .0486 .00290 . 0532 .00278 . 0530 . 00306 .0340 . 00518 . 0022 . 00132 
2700_ .30 .0332 .00189 .0394 .00247 .0412 .00204 .0378 .00245 . 0192 . 00414 -. 0055 . 00135 
2700_ .35 .0261 . 00158 . 0290 . 00194 .0277 .00122 . 0202 .00182 .0025 .00310 -.0138 .00132 
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TABLE VIII 

Values of ancj for propeller It-6. (From faired curves) 

V 

nl) 

1 = 0.421 x = 0.526 X = 0.631 x = 0.737 x = 0.S42 x = 0.947 

Setting 
dCr 
dx 

dCQ 

dx 
d Ct 

dx 

dCq 

dx 

dO 
dx 

d Cq 

dx 

dCt 

dx 

d Cq 

dx 

d Ct 

dx 

dCa 
dx 

d CT 

dx 

d Cq 

dx 

11°.__ 0.20 0. 0581 0.00403 0.0813 0.00541 0. 0974 0. 00640 0.1096 0. 00702 0. 1098 0. 00855 0. 0785 0. 00780 
11°... .30 .0496 .00372 .0658 . 00501 .0780 .00560 .0869 .00590 .0892 . 00590 .0725 .00535 
n°~.-.. .40 .0379 .00310 .0475 .00426 .0555 .00465 .0605 .00470 .0633 . 00425 .0511 . 00400 
n°__ .50 .0231 .00222 .0273 .00324 .0307 . 00350 .0320 .00335 .0338 .00315 .0272 .00302 
n°__ .00 .0063 .00119 .0063 .00205 .0054 . 00235 . 0033 .00180 .0032 . 00165 .0030 .00150 

15°.. .20 .0715 . 00533 . 1020 .00768 . 1276 .00960 . 1490 .01125 .1489 . 01530 . 0700 .01400 
15°.-.— .30 .0661 .00510 . 0925 . 00743 . 1149 .00915 . 1377 .01045 . 1440 . 01250 . 1130 . 01205 
15°.. .40 . 0565 . 00475 .0780 .00700 .0967 .00845 . 1171 .00945 . 1253 . 01060 . 1118 . 01020 

15°..-. . 50 .0438 . 00401 .0600 .00617 . 0742 .00730 . 0880 . 00790 .0945 .00845 .0865 .00810 
15°.—. .60 .0290 .00298 .0402 .00490 .0490 .00570 .0570 . 00590 .0624 . 00603 . 0578 .00580 
15°__ .70 .0130 .00175 .0180 . 00337 .0229 . 00385 .0261 .00360 .0303 . 00340 .0291 .00325 

19°.. .20 .0800 . 00660 . 1190 .00973 . 1525 . 01260 .1725 .01680 . 1735 . 02370 .0800 .02040 
19°.... .30 . 0762 . 00652 . 1128 .00969 . 1438 . 01230 .1668 .01510 . 1705 . 01725 . 1180 . 01720 
19°.. .40 . 0695 .00630 . 1020 . 00949 . 1296 . 01195 . 1540 . 01375 . 1622 . 01460 . 1304 . 01510 
19°...... .50 .0602 .00582 .0870 .00898 . 1111 .01120 . 1339 . 01290 . 1454 . 01365 . 1230 . 01390 
19°.. .60 .0488 .00502 .0695 .00812 .0898 . 01020 . 1075 . 01180 . 1185 .01210 . 1030 .01190 
19°___ .70 .0359 .00411 .0504 .00700 .0661 .00860 .0790 . 00985 .0885 .01000 .0768 .00940 
19°.... .80 .0211 .00280 . 0302 .00542 .0422 . 00650 .0505 .00720 .0589 .00740 .0541 . 00660 
19°.. .90 .0042 .00082 .0100 .00352 .0180 .00400 .0240 .00430 .0305 .00435 .0340 .00360 

23°... 
23°..__ 

.20 

.30 
.0910 
.0876 

. 00812 

.00811 
. 1309 
. 1295 

.01130 

.01180 
. 1720 
. 1670 

.01645 

.01600 
. 1760 
. 1895 

.02440 

.02065 
. 1470 
. 1570 .03240 

.0130 

.0780 . 02460 
23°.... .40 .0832 .00805 . 1245 . 01205 . 1595 . 01560 . 1885 .01870 . 1720 . 02470 . 1185 . 02250 
23°___ . 50 .0768 .00787 . 1140 .01215 . 1477 . 01540 . 1770 . 01850 . 1850 . 02060 . 1415 . 02060 
23°.... .60 .0675 .00753 .0996 .01198 . 1310 . 01480 . 1575 . 01820 . 1730 . 01920 .1404 . 01910 
23°__ .70 .0570 .00687 .0828 .01135 . 1111 . 01340 . 1335 . 01690 . 1460 . 01750 . 1240 .01705 
23°__ .80 .0449 .00570 .0643 .00990 .0889 .01130 . 1075 .01465 . 1190 .01500 . 1030 .01460 
23°.... .90 .0309 .00410 .0452 . 00795 .0650 .00890 .0815 .01170 .0915 .01200 .0831 . 01200 

23°... 1.00 .0148 .00218 .0258 . 00565 .0410 .00625 .0550 .00820 .0650 .00880 .0650 . 00910 
23°__ 1. 10 -. 0028 .00005 .0062 .00310 .0170 .00340 .0295 .00450 .0405 .00530 .0490 . 00620 

27°_ 
27°.__ 

.30 

.40 
.1001 

.0956 
.01040 
. 01028 

. 1470 

. 1430 
.01536 
. 01548 

. 1850 

. 1841 
. 02250 
. 02030 

. 1950 

.2105 
. 03130 
. 02790 

.1430 

. 1665 . 03630 
.0695 
.1070 . 03130 

27°... .50 .0891 . 01010 .1346 . 01552 . 1750 . 01948 .2055 . 02540 . 1840 . 03050 . 1315 . 02850 
27°_ .60 . 0820 .00983 . 1230 .01545 . 1609 . 01920 . 1920 . 02870 . 1920 . 02650 . 1425 . 02630 
27°__ .70 .0740 .00933 . 1102 . 01513 . 1448 . 01860 . 1750 . 02290 . 1850 . 02420 . 1460 . 02490 
27°.. .80 .0647 .00847 .0960 . 01440 . 1277 . 01750 . 1550 . 02190 . 1680 . 02250 . 1427 . 02310 
27°__ .90 .0538 .00727 .0797 . 01305 . 1084 . 01560 . 1340 . 02040 . 1455 . 02090 . 1275 . 02070 
27°.... 1.00 .0414 .00565 .0615 .01115 .0872 . 01320 . 1115 . 01770 . 1230 . 01840 . 1097 .01800 
27°.... 1. 10 .0276 . 00391 .0424 . 00885 .0662 .01050 . 0890 . 01400 . 1010 . 01500 . 0945 .01500 
27°_ 1.20 .0118 .00205 .0233 .00625 .0455 . 00760 .0670 .00980 .0795 .01100 .0815 .01200 

27°.. 
i 

1.30 -.0055 .00015 .0040 .00350 .0255 .00450 .0443 . 00530 .0600 . 00650 .0695 .00890 

TABLE IX 

Values of and for propeller R-8. (From faired curves) 

Setting 
V 

71D 

x=0.421 x=0.526 x = 0.631 X = 0.737 X = 0.842 

r>- 
•rp 
O

i 
O

 II H
 

dCt 
dx 

d[Cq 
dx 

dCt 

dx 
dCq 

dx 
d Ct 
dx 

d Cq 
dx 

dCr 

dx 
dCq 
dx 

dCV 
dx 

dCp 
dx 

dCt 
dx 

dCq 
dx 

11°__ 0. 20 0. 0582 0. 00417 0. 0808 0. 00553 0. 0998 0.00662 0.1160 0. 00800 0.1190 0.00845 0. 0825 0.00645 
11°.. .30 .0495 .00377 .0664 .00512 .0810 . 00573 .0942 .00682 .0990 . 00670 .0755 .00645 
11°. .40 .0370 . 00315 .0485 .00443 .0590 .00470 .0690 .00550 .0710 .00565 .0561 .00535 
11°..... .50 .0218 . 00232 . 0285 . 00332 .0345 .00345 .0410 .00410 .0430 .00426 .0342 .00400 
11°..... .60 .0046 .00134 .0071 .00187 .0098 .00211 .0120 .00250 .0141 .00260 .0118 .00225 

15°. .20 .0720 . 00538 . 1047 .00740 . 1310 .00970 . 1550 .01153 .1525 .01530 .0800 .00980 
15°.. .30 .0645 . 00522 .0935 .00712 . 1185 .00927 . 1420 . 01051 . 1510 . 01265 .1095 .01120 

15°.. .40 .0543 .00485 .0777 .00657 . 1005 .00S46 . 1220 . 00921 . 1330 . 01055 . 1075 . 01070 
15°...... .50 .0411 . 00411 .0588 . 00562 .0770 .00710 .0930 . 00773 . 1040 . 00846 .0870 .00900 
15°___ .60 . 0259 . 00305 .0381 .00427 .0495 .00535 .0610 .00615 .0665 .00630 .0555 .00664 
15°...... .70 .0091 .00181 .0162 .00266 . 0260 .00341 .0335 .00440 .0405 .00420 .0357 .00395 

19°__ .30 .0775 .00670 .1133 .00936 .1490 .01220 . 1770 .01483 .1795 . 01750 .1270 .01610 
19°.. .40 .0695 .00640 . 1025 .00904 .1335 .01170 . 1610 .01410 . 1695 . 01630 . 1338 .01575 
19°__ .50 .0591 .00600 .0875 . 00855 . 1140 .01100 .1390 . 01223 .1500 . 01475 . 1245 .01410 
19°.... .60 .0472 .00541 .0696 .00774 .0920 .00984 . 1140 .01192 . 1255 . 01265 . 1062 .01180 
19°...... .70 .0328 .00450 .0497 .00645 .0685 .00820 . 0867 .00995 .0980 . 01027 .0820 .00930 
19°_ .80 .0167 .00320 .0288 .00470 .0445 .00620 .0600 . 00747 .0700 .00768 .0605 .00678 
19°.. .90 -.0010 .00165 .0075 .00270 .0195 .00395 .0322 .00465 .0425 .00500 .0405 .00405 

23°. .40 .0821 .00809 .1225 . 01135 .1640 .01506 . 1955 . 01835 . 2020 . 02075 .1474 .01986 
23°.. .50 .0731 .00802 . 1108 .01117 . 1490 .01492 . 1805 .01792 .1900 . 02015 . 1538 . 01895 
23°.. .60 .0638 . 00780 .0962 . 01077 . 1305 . 01441 . 1610 .01726 . 1725 . 01920 . 1453 .01760 
23°.. .70 . 0537 .00729 .0811 .00990 . 1102 . 01333 . 1390 .01615 . 1510 . 01750 . 1275 . 01575 
23°. .80 .0425 .00650 .0648 .00853 .0890 .01167 . 1140 . 01430 . 1280 .01500 .1061 . 01364 
23°__ .90 .0277 .00517 .0460 .00683 .0666 .00945 . 0S90 . 01184 .1025 . 01218 . 0851 .01130 
23°__ 1.00 .0100 .00333 .0250 .00490 .0445 . 00712 .0635 .00900 .0765 .00910 .0670 . 00880 
23°.... 1. 10 -.0106 .00119 .0020 .00280 .0220 . 00462 .0375 .00590 .0504 .00600 .0501 . 00625 

27°.. .40 .0958 . 01027 . 1410 . 01449 .1845 . 01950 .2145 .02370 .1705 .03350 .1275 . 01910 
27°.. . 50 .0908 .01017 . 1372 . 01443 . 1803 . 01947 .2145 . 02345 .2003 .02826 . 1460 . 02030 
27°. . 60 .0828 .01000 .1267 . 01422 . 1690 . 01940 .2045 . 02318 .2125 . 02600 . 1580 . 02315 
27°.... .70 .0727 .00967 . 1128 . 01379 . 1530 .01900 . 1867 . 02260 . 1980 . 02570 .1642 . 02366 
27°__ .80 . 0613 . 00905 .0967 . 01294 . 1335 .01782 . 1650 .02170 . 1780 . 02458 . 1520 . 02295 
27°_ .90 .0488 .00798 .0790 . 01144 . 1122 . 01610 . 1415 . 02020 .1555 . 02240 . 1300 . 02145 
27°... 1.00 .0360 . 00635 .0608 .00958 .0890 .01400 . 1170 . 01760 . 1320 . 01962 . 1115 . 01920 
27°. 1. 10 .0230 .00437 .0422 .00750 .0665 .01166 .0925 . 01440 . 1082 .01645 .0945 . 01655 
27°. 1.20 .0100 . 00216 .0235 . 00526 .0430 .00920 .0680 . 01075 .0850 .01290 .0775 . 01362 
27°... 1.30 -.0033 -. 00073 .0048 .00301 .0200 .00670 .0430 .00685 .0610 .00925 .0605 . 01050 
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TABLE X 

Values of and for propeller R-10. (From faired curves) 

Setting 
V 

nD 

1 = 0.421 X=0.526 1=0.631 1=0.737 2 = 0.842 2=0.947 

dCr 

dx 

dCg 
dx 

dCr 
dx 

d Cq 
dx 

d Ct 

dx 

dCp 
dx 

d CT 

dx 

d Cq 

dx 

dCr 
dx 

d Cq 

dx 
dCr 
dx 

dCQ 
dx 

11°... 0.20 0. 0585 0.00402 0. 0813 0. 00530 0.1023 0. 00663 0.1200 0. 00S10 0.1170 0. 00970 0.0860 0. 00860 
11°. .30 .0492 .00371 .0681 . 00490 .0860 . 00610 . 1020 .00726 . 10S5 .00779 .0330 . 00790 
11°.... .40 .0373 .00326 .0510 . 00430 .0652 .00540 .0785 .00625 .0840 . 00650 . 0695 . 00670 
11°... .50 . 0235 .00257 .0313 .00343 .0415 .00456 . 0520 .00530 . 0550 . 00590 .0470 . 00520 
11°.. .60 .0083 . 00149 .0095 .00224 .0155 .00320 .0225 . 00390 .0230 . 00490 .0190 . 00360 

15°. .20 .0696 . 00532 . 1038 .00742 .1333 .00960 . 1570 .01130 . 1323 . 01620 .0750 . 01000 

15°_ .30 .0626 .00505 . 0934 .00710 .1200 . 00933 . 1140 .01070 . 1440 .01310 . 0960 .01100 

15°... .40 .0540 .00470 .0791 . 00664 . 1022 . 00900 . 1250 .00992 . 1345 . 01210 . 1030 . 01080 
15°.. .50 .0427 .00416 .0616 . 00596 .0822 . 00830 . 1020 .00900 .1125 .OHIO .0920 .00980 
15°. .60 .0295 .00340 .0426 . 00493 .0596 . 00690 .0765 . 00790 .0830 . 00960 . 0692 .00820 
15°... .70 .0144 . 00266 .0223 . 00354 .0362 .00500 .0493 . 00626 . 0556 . 00720 . 0482 . 00613 

19°. .20 .0812 . 00672 . 11S6 .00962 . 1590 . 01260 . 1875 . 01565 . 02170 
19°. .30 .0767 .00663 . 1143 .00945 . 1515 . 01250 . 1800 .01535 . 1750 . 01820 . 01600 
19°. .40 . 0690 .00647 . 1045 . 00915 .1375 . 01230 . 1655 . 01482 . 1705 . 01620 . 1270 .01590 
19°.... .50 .0590 . 00620 .0904 . 00864 . 1195 . 01200 . 1465 . 01420 . 1560 . 01530 . 1265 .01510 
19°.. .60 .0476 . 00570 .0730 . 00782 .0990 .01120 .1240 .01326 . 1360 .01460 . 1120 .01355 
19°... .70 .0350 . 00485 . 0535 . 00662 .0765 . 00990 .0995 .01183 . 1125 . 01350 .0950 .01150 
19°... .SO .0208 .00350 . 0330 . 00495 .0530 .00785 .0742 . 00980 .0865 .01180 . 0760 .00900 
19°_ .90 .0023 .00160 .0118 . 00295 .0300 .00536 . 0485 . 00710 .0600 .00905 .0555 .00630 

23°. .20 . 0943 .00844 . 1390 .01193 . 1800 . 01622 .2100 . 020S0 .02520 
23°... .30 .0905 . 00833 . 1371 . 01200 . 1790 .01622 .2110 . 02060 . 2000 .02280 
23°.... .40 .0845 .00823 .1298 . 01200 .1700 . 01620 .2036 . 02037 .2060 .02110 .1410 . 01900 
23°.. .50 . 0757 .00810 . 1177 . 01180 .1550 .01590 . 1885 .02000 . 1962 .02015 . 1470 .01900 
23°.. .60 . 0653 .00780 . 1022 .01136 .1370 .01558 .1695 . 01950 . 1802 .01967 . 1450 .01885 
23°... 70 . 0510 . 00736 . 0845 .01060 . 1185 . 01490 .1475 .01880 . 1602 .01920 . 1320 .01830 
23°... .80 .0423 . 00660 .0654 .00910 . 0950 . 01375 .1235 .01770 .1380 .01830 .1140 .01683 
23°. .90 .0287 .00540 . 0457 .00782 . 0722 . 01202 . 0985 .01592 . 1130 .01670 . 0960 .01490 
23° 1.00 . 0108 .00355 .0259 . 00600 .0495 . 00960 .0730 .01312 . 0875 .01390 .0775 .01230 

27°. .40 .0986 .01040 .1461 . 01558 . 1890 . 02020 . 2225 .02490 .1610 . 02S20 . 1570 . 02280 
27°.. .50 .0905 .01030 . 1363 . 01551 . 1815 . 02020 .2200 .02540 . 2180 . 02740 . 1710 . 02460 
27°__ .60 .0311 .01007 . 1247 .01538 . 1700 . 02010 . 2090 .02550 . 2155 .02720 .1750 . 02570 
27°.. .70 .0712 .00975 .1117 .01512 . 1535 .01985 . 1930 .02530 .2015 . 02670 . 1665 . 02590 
27°__ .80 .0610 .00922 . 0930 . 01465 . 1355 . 01930 . 1730 . 02470 . 1855 .02540 .1550 . 02490 
27°... .90 .0496 .00832 . 0823 . 013S0 . 1156 .01840 . 1515 .02350 . 1655 .02370 .1405 .02310 
27°.. 1.00 .0363 .00682 .0637 .01225 .0952 . 01670 . 1280 . 02170 . 1435 .02170 .1242 .02050 
27°.. 1.10 .0227 . 00467 .0430 .01005 .0740 . 01440 . 1010 .01910 . 1195 .01930 .1070 . 01760 
27°. 1. 20 .0057 .00180 .0211 . 00753 .0522 .01170 .0800 .01590 .0962 .01690 .0900 .01440 

TABLE XI 

Values of 
dCr 

dx 
and for propeller R-6. Set 9.8° at 42-inch radius. (From faired curves) 

R. p. ra. 

x=0.421 1 = 0.526 z=0.631 2 = 0.737 X — 0.842 2=0.947 

n D d Ct 

dx 

dCp 

dx 

dCt 

dx 

dCq 

dx 

dCV 

djr 

dCQ 

dx 

d Ct 

dx 

d Cq 

dx 
dCt 

dx 

d Cq 

dx 
d Ct 

dx 

dCq 

dx 

1,200.. 0.15 0.0572 0. 00330 0.0742 0.00399 0.0845 0.00442 0.0870 0.00482 0.0828 0.00495 
1,200_ .25 . 0486 .00296 .0612 .00368 .0689 . 00380 .0700 . 00400 .0673 . 00327 0.0505 0. 00265 
1,200. .35 .0337 .00280 .0465 .00345 . 0515 .00346 .0510 .00338 .0493 .00224 .0370 .00204 

| 1,200__ .45 .0256 .00242 .0290 . 00308 .0300 .00278 .0271 . 00265 .0254 .00150 .0181 .00138 
1,200... .55 .0094 .00158 .0085 .00235 .0054 .00167 .0000 . 00165 -.0017 .00090 -.0040 .00035 

1,400_ . 15 . 0575 .00350 . 0753 .00430 .0863 .00502 .0903 . 00485 .0878 .00510 
1,400..:. .25 . 0485 .00294 .0613 .00368 . 0690 .00402 . 0721 .00393 .0710 .00338 . 0522 . 00288 

! 1,400.__ .35 .0375 . 00263 .0457 .00339 .0493 . 00343 .0500 .00350 . 0485 .00257 .0384 .00213 
i 1,400...... . 45 . 0251 . 00222 .0285 .00298 . 0279 .00281 .0251 .00292 .0241 .00181 .0193 .00128 
1,400_ .55 .0100 .00130 .0086 . 00215 .0060 .00180 .0000 .00195 -.0008 .00085 -. 0030 .00040 

1 1,600.... .15 .0571 . 00360 .0753 . 00434 .0800 .00523 .0917 .00510 .0912 . 00485 _ 
1,600_ .25 .0487 . 00308 .0630 .00381 .0714 . 00409 .0743 .00392 .0747 . 00345 .0547 .00327 
1,600_ .35 .0382 .00283 .0467 .00361 .0518 .00348 .0523 .00350 .0510 .00270 .0402 .00230 
1,600_ .45 .0248 . 00235 . 0281 .00320 .0293 .00303 .0275 . 00305 .0248 .00224 .0200 .00167 
1,600_ .55 .0078 00145 .0066 .00235 .0048 .00208 .0000 .00228 -.0028 .00164 -.0043 .00118 

l.SOO__ . 15 .0564 .00359 .0757 .00435 0878 .00528 .0955 .00535 .0955 . 00590 
1,800__ .25 .0488 .00325 .0630 . 00404 .0726 .00443 .0770 .00445 .0781 .00400 .0574 .00408 
1,S00... .35 .0382 .00282 .0468 . 00363 .0525 .00368 . 0532 .00390 .0535 . 00285 . 0425 .00295 
1,800___ . 45 .0243 .00221 . 0280 .00295 .0297 .00271 .0265 .00295 .0248 .00202 .0202 .00209 
1,300...... . 55 .0065 .00130 . 0075 .00178 .0050 .00145 .0015 .00118 -.0060 .00116 -.0048 .00115 

2,000... . 15 . 0575 .00373 .0773 .00468 .0908 .00560 . 1023 .00581 . 1060 .00710 
2.000... .25 .0491 .00330 .0643 .00427 .0741 .00484 .0830 .00470 .0842 .00465 . 0632 .00500 
2,000.. .35 .0384 .00280 .0482 .00375 .0542 .00391 . 0570 . 00409 .0580 .00392 .0455 .00360 
2,000_ .45 .0245 .00225 .0282 .00300 .0300 .00282 .0270 . 00325 .0272 .00300 .0203 .00261 

2,100. . 15 . 0580 .00374 .0780 .00471 .0932 .00566 . 1053 .00612 .1094 .00815 
2,100___ .25 .0501 . 00333 .0660 .00421 .0773 .00482 .0864 .00498 .0913 . 00540 .0683 . 00620 
2,100_ .35 .0387 . 00284 .0487 .00363 . 0554 .00392 .0596 . 00406 . 0618 . 00428 . 0525 .00450 
2,100 ... . 45 .0249 .00230 .0285 .00300 .0302 . 00300 .0270 .00313 .0265 .00293 .0205 .00275 

2,200.. . 15 .0585 .00380 . 0795 .00485 .0950 . 00585 . 1096 .00650 . 1113 . 01040 
2,200... .25 .0496 .00333 . 0657 . 00434 .0771 . 00485 .0874 .00510 .0927 . 00590 .0590 . 00590 
2,200... .35 .0392 .00281 .0492 .00381 . 0568 . 00393 .0604 .00411 . 0634 .00410 .0478 . 00450 
2,200... .45 .0250 .00230 .0298 .00328 .0302 . 00305 .0303 . 00338 .0280 .00310 .0200 . 00310 

2,300_ .20 .0532 .00347 .0712 .00451 .0846 . 00510 .0973 . 00548 .1012 . 00790 .0400 .00680 
2,300...... .25 .0497 .00335 . 0658 .00437 .0773 . 00490 .0880 .00530 . 0922 . 00690 .0567 .00611 
2,300..... .30 .04,50 .00318 .0587 .00416 . 0680 . 00455 . 0760 . 00490 . 079S . 00585 .0522 .00535 
2,300-.. .35 . 0389 . 00293 .0497 . 00387 . 0565 .00410 .0010 . 00435 .0636 . 00475 .0385 .00451 
2,300.. .40 .0316 .00268 .0390 . 00348 .0435 00353 .0441 . 00363 .0430 . 00360 .0220 .00360 

2,400__ .30 .0449 .00325 . 05S4 .00472 .0690 .00502 .0767 . 00545 .0759 . 00680 . 0480 .00500 
2,400_ .35 .0337 .00290 . 0495 .00403 .0568 .00424 .0610 . 00450 .0590 . 00530 .0330 .00430 
2,400.. .40 .0315 .00252 .0390 .00330 .0428 .00338 .0420 . 00340 .0400 . 00360 .0170 . 00350 
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TABLE XII 

Values of <1^'7' and for propeller R-8 set 9.8° at 42-inch radius. (From faired curves) 

R. p. m. 
V 

7ID 

2 = 0.421 2=0.526 
1 

2 = 0.631 2=0.737 2=0.842 2 = 0.947 

d Ct 

dx 
d Cq 

dx 
dCt 

dx 

d Cq 

dx 

d Ct 

dx 

d Cq 

dx 
dCt 

dx 

dCo 
d2 

dCt 

dx 
d Cq 

dx 
dCt 

dx 
d Cq 

dx 

1200 0.15 0. 0585 0. 00360 0. 0766 0. 00408 0.0900 0. 00507 0. 0935 0. 00562 0. 0940 0. 00605 

1200 .25 .0508 .00350 .0652 .00387 .0762 .00450 .0837 .00495 .0824 .00468 0. 0570 0. 00330 

1200 . 35 .0394 .00305 .0498 .00338 .0569 .00385 .0626 .00420 .0618 .00371 .0462 . 00285 

1200 . 45 .0250 .00247 .0315 .00264 .0335 .00308 .0370 .00330 .0370 .00293 .0270 . 00233 

1200... .55 .0083 .00165 .0082 .00185 .0075 .00203 .0081 .00211 .0088 . 00225 .0060 .00177 

1400 . 15 .0585 .00360 . 0766 . 00430 .0898 . 00539 .0994 .00585 .0964 .00652 
1400 .25 .0497 .00340 .0640 .00395 .0750 .00478 .0827 .00521 .0824 .00510 . 0572 . 00405 

1400 . 35 . 0376 .00308 .0474 . 00352 .0551 .00405 .0605 .00449 .0600 .00397 . 0445 • 00318 

1400 . 45 .0234 . 00258 .0283 .00294 .0320 .00322 . 0350 .00368 .0341 .00327 .0253 . 00280 

1400_ .55 .0079 .00174 .0075 .00205 .0070 .00235 .0070 .00267 .0070 .00275 .0048 .00243 

1600 . 15 .0582 .00369 .0775 .00446 .0911 .00543 .1022 .00577 .0998 .00653 

1000 .25 .0493 .00330 .0645 .00401 .0748 .00460 .0833 . 00500 .0835 .00490 . 0585 . 00443 

1000 . 35 .0370 . 00303 .0475 .00365 .0539 .00405 .0600 .00443 . 0600 .00418 . 0450 . 00356 

1000 . 45 .0233 .00255 .0282 .00291 .0318 .00323 .0338 .00364 .0350 .00338 .0260 .00300 

1600. .55 .0070 . 00159 .0075 .00181 .0065 .00220 .0060 .00235 .0075 . 00248 . 0050 . 00263 

1800 . 15 .0583 . 00358 .0780 .00435 .0930 . 00560 .1057 . 00592 . 1058 . 00720 

1800 . 25 .0485 .00341 .0645 .00408 .0765 .00500 .0862 .00532 .0874 .00523 . 0611 .00505 

1800 . 35 .0378 .00308 .0475 .00363 .0555 .00423 .0620 .00460 .0627 .00461 .0480 .00400 

1800 . 45 .0238 .00243 .0283 . 00290 .0318 .00333 .0350 .00369 .0348 .00400 . 0270 . 00352 

1800.i. .55 .0063 .00140 .0058 .00165 .0055 .00235 .0055 .00240 .0055 .00315 .0035 . 00332 

2000 . 15 .0580 .00383 .0787 .00470 . 0950 .00583 .1100 .00633 .1121 .00881 

2000 .. .25 .0495 .00343 .0660 .00417 .0787 .00505 .0905 .00545 .0967 .00610 . 0690 . 00630 

9000 . 35 .0377 .00304 .0488 . 00369 .0579 . 00443 . 0655 .00490 . 0705 ■ 00512i . 0560 . 00515 

2000....__ .45 .0232 .00242 .0290 .00298 .0338 .00352 .0364 .00375 .0382 .00447 . 0305 . 00438 

2100 . 15 .0578 .00386 .0787 .00480 .0955 .00604 . 1114 .00658 . 1073 .00995 _ 

2100 .25 . 0500 .00350 .0667 .00428 .0803 .00522 .0940 . 00558 .0987 .00708 . 0598 . 00675 

2100 . 35 .0383 .00307 .0500 .00371 .0595 .00438 .0684 .00480 .0752 .00554 . 0543 . 00586 

2100__ .45 .0243 .00253 .0300 .00307 .0345 .00351 .0375 .00368 .0411 .00439 . 0325 . 00494 

2200 . 15 .0570 .00404 .0790 .00504 .0960 .00602 .1138 .00693 .0955 .01270 

2200 . 25 .0498 .00340 .0670 .00436 .0804 .00513 .0945 .00558 .0965 .00845 . 0529 . 00614 

2900 . 35 .0382 .00314 .0500 .00387 .0594 .00446 .0683 . 00472 .0730 .00623 .0408 »00o20 

2200.. .45 .0235 .00226 .0297 .00293 .0350 .00350 .0373 . 00408 .0380 .00440 .0169 .004/0 

2200 .25 .0483 .00340 .0650 .00432 .0791 .00510 .0908 .00565 .0858 .00920 .0520 .00505 

2-200 . 35 .0383 .00300 .0505 .00373 .0603 .00451 .0691 .00498 .0670 . 00665 . 0365 . 00605 

2300.. .45 .0223 .00208 .0273 .00240 .0320 .00262 .0320 .00300 .0285 .00370 .0000 ■ 003y5 

TABLE XIII 

Values of d^- and for propeller It-10 set 9.8° at 42-inch radius. (From faired curves) 

R. p. m. 
V 

n D 

X = 0.421 X = 0.526 1=0. 

dCr 
dx 

dCq 

dx 
d Ct 

dx 
dCq 

dx 
d Ct 

dx 

1000 _ 0.15 0.0588 0. 00335 0. 0795 0. 00318 0. 0954 

1000 .. .25 .0495 .00318 .0665 .00385 . 0802 

1000 _ .35 .0393 .00285 .0510 .00355 .0610 

1000 ... . 45 .0269 .00218 . 0322 00295 .0390 

1000.. .55 .0092 .00122 .0054 .00198 .0151 

1200 .. . 15 .0585 .00342 .0792 .00430 .0954 

1200 _ .25 .0496 .00319 .0668 .00385 .0800 

1200 .. .35 .0394 .00288 .0522 .00361 .0622 

1200 _ .45 .0253 .00242 .0335 .00329 .0406 

1200__ .55 .0084 .00165 .0118 .00231 . 0168 

1400 .. .15 .0577 .00339 .0780 .00431 .0942 

1400 .. .25 .0498 .00316 .0665 .00408 .0809 

1400 .- .35 .0388 .00281 .0505 .00375 .0623 

1400 _ .45 .0245 .00227 .0313 .00322 .0401 

1400___ .55 .0082 .00135 .0100 .00233 .0153 

1600 .. .15 .0572 .00355 .0790 .00438 .0952 

1600 _ .25 .0490 .00320 .0670 .00405 .0811 

1600 .. .35 .0380 .00273 .0508 . 00382 .0620 

1600 .. .45 .0242 .00213 .0318 .00306 .0402 

1600__~ .55 .0085 .00120 .0109 .00175 .0163 

1800 _ . 15 .0580 .00366 .0812 .00468' .0980 

1800 .. .25 . 0500 .00328 .0680 .00420 .0830 

1800 _ .35 .0385 .00282 .0508 .00392 .0635 

1800 .45 .0244 .00223 .0320 .00310 .0415 

1800.- .55 .0088 .00138 .0130 .00162 .0175 

2000 . _ .15 .0580 .00374 .0820 .00478 .0992 

2000 .25 .0498 .00338 .0688 .00448 .0845 

2000 _ .35 .0380 .00294 .0520 .00388 .0648 

2000_ . 45 .0243 .00233 .0332 .00308 .0420 

2100 _ .15 .0583 .00385 .0816 .00511 .1006 

2100 .25 .0503 .00343 .0694 .00460 .0860 

2100__ .35 .0387 .00295 .0527 .00400 .0660 

2100__ .45 .0246 .00235 .0333 .00335 .0428 

2200 .25 .0488 .00342 .0677 .00463 .0860 

2200 .. .35 .0383 . 00297 .0523 .00388 .0650 

2200.-. 
1 

.45 .0234 .00235 .0311 .00307 .0400 

d Cq 

dx 

0. 00482 
.00460 
.00418 
.00360 
.00278 

.00568 

.00480 

.00436 

.00400 

.00272 

.00557 

.00504 

.00444 

.00372 

.00272 

.00578 

.00518 

.00460 

.00368 

.00252 

.00595 

.00532 

.00494 

.00400 

.00256 

.00643 

.00570 

.00484 

. 00395 

.00660 

.00576 

.00483 

.00385 

.00590 

.00483 

.00350 

1 = 0.737 

d Ct 

dx 

0.1058 
. 0895 
.0683 
.0445 
.0195 

.1069 

.0911 

.0723 

.0485 

.0216 

.1059 

.0914 

.0710 

.0470 

.0202 

.1095 

.0938 

.0720 

.0472 

.0205 

. 1130 

.0966 

.0748 

.0494 

.0218 

. 1162 

. 1000 

.0773 

.0505 

.1185 

. 1020 

.0792 

.0513 

.0998 

.0774 

.0475 

dCQ 
dx 

0. 00564 
.00521 
.00475 
.00422 
.00360 

.00608 

.00527 

.00489 

.00445 

.00368 

.00615 

. 00556 

.00522 

.00473 

.00395 

.00640 

.00558 

.00526 

.00452 

.00326 

.00678 

.00582 

.00556 

.00461 

. 00282 

.00728 

.00625 

.00548 

.00480 

.00767 

.00662 

.00553 

.00443 

.00695 

.00560 

.00404 

1=0.842 X=0.947 

dO dCQ d Ct dCQ 

dx dx dx dx 

0. 0991 0. 00620 0. 0380 
.0873 . 00555 .0600 0. 00365 
.0685 . 00495 .0510 .00320 
.0464 .00428 .0360 .00266 
.0223 .00345 .0200 . 00195 

. 1024 .00675 .0215 

.0905 .00560 .0610 .00440 

.0728 .00495 .0553 .00380 

.0502 .00427 . 0336 .00315 

.0248 .00355 .0226 .00248 

1040 00690 
1 0925 .00570 .0633 .00506 
.0727 .00526 .0562 .00440 
.0490 .00477 .0395 .00370 
.0229 .00425 .0210 .00298 

. 1060 .00725 .0050 .00650 

.0942 .00594 .0618 .00595 

.0737 .00550 .0590 .00510 

.0493 .00493 .0400 .00410 

.0225 .00395 .0192 .00295 

1133 . 00830 
1 0990 .00643 .0654 . 00692 
.0708 .00578 .0600 .00570 
.0515 .00480 .0410 .00450 
.0240 .00350 .0185 .00328 

1037 . 01165 
! 1045 .00738 .0650 .00721 
.0823 .00604 .0630 .00618 
.0550 .00530 . 0456 00530 

08*4 01350 
.0963 .00962 .0527 .00730 
.0809 .00670 .0452 .00575 
.0548 .00544 .0263 . 00512 

.0836 . 01040 .0480 .00690 

.0690 . 007S0 .0327 . 00600 
| . 0470 .00550 .0110 .00520 

149900—33-30 
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TABLE XIV 

.r . , dCt , dCg 
v alues of -j— and -j-5 

dx dx 
for propeller R-6 set 7° at 42-ineh radius. (From faired curves) 

V 

<N 
O

 II H
 X=0.526 X = 0.631 

!>- 

©
 II N
 X = 0.842 X=0.947 

R. p. m. 
nD dCY dCQ dCY dCQ dCY dC<j dCY dCQ dCY dC0 dCx dCQ 

dx dx dx dx dx dx dx dx dx dx dx dx 

1000__ 0.15 0.0480 0.00255 0.0579 0.00283 0.0605 0. 00290 0. 0582 0. 00292 0. 0510 0.00311 0.0130 0. 00077 1000...... .25 .0385 .00235 .0450 .00250 . 0450 .00215 .0420 .00208 . 0355 . 00203 .0180 .00092 1000_ .35 .0255 .00192 .0275 .00193 .0242 .00135 .0191 .00116 .0135 . 00082 .0070 .00040 1000-_ .45 .0104 .00113 .0075 .00095 .0000 .00050 -.0082 .00015 -.0135 -.00040 -.0125 -.00135 

1200__ .15 .0479 .00260 .0585 .00284 .0608 .00280 .0598 .00215 .0542 . 00302 .0250 .00110 1200_ .25 .0385 .00233 .0450 .00248 .0454 .00225 .0425 .00205 .0373 . 00205 .0260 .00090 1200_ .35 .0261 .00191 . 0280 .00201 . 0260 . 00168 .0208 .00141 .0155 .00130 .0093 .00000 1200_ .45 .0115 .00118 .0088 .00137 .0040 .00080 -.0040 .00062 -.0095 .00040 -.0115 -.00140 

1400_ .15 .0485 .00285 .0595 .00300 .0610 . 00330 .0610 .00305 .0560 . 00295 .0205 . 00078 
1400_ .25 .0388 .00245 .0452 .00256 .0458 . 00252 .0435 .00215 .0385 .00200 .0275 .00073 
1400 _ .35 .0260 .00196 .0279 .00204 .0254 .00177 .0195 .00161 .0145 .00133 .0090 .00040 
1400_ .45 .0110 .00135 .0082 .00140 .0020 .00102 -.0078 .00098 -.0140 .00090 -.0142 -.00012 
1600.__ .15 .0472 .00258 .0590 .00292 .0615 .00305 .0612 .00283 .0582 . 00260 .0320 .00080 
1600._ .25 . 0382 .00235 .0152 .00260 .0466 . 00250 .0440 . 00202 .0400 . 00193 .0302 .00081 
1600_ .35 .0270 .00195 .0287 . 00218 . 0270 .00205 .0205 . 00183 . 0152 . 00172 .0096 .00075 
1600._ .45 .0122 .00128 . 0090 .00148 .0015 .00131 -.0082 .00127 -.0146 .00131 -.0150 .00055 

1800.... .15 .0468 .00264 .0590 .00300 .0630 .00331 .0645 .00310 .0620 .00313 .0320 .00120 
1800_ .25 .0380 . 00235 .0455 .00260 .0470 .00250 .0450 .00220 .0415 . 00214 .0308 .00100 
1800_ .35 .0260 .00200 .0280 .00212 . 0260 .00197 .0200 . 00181 .0150 .00169 .0082 .00093 
1800.... .45 .0103 .00132 .0075 .00146 .0005 .00125 -. 0088 .00118 -.0152 .00125 -.0155 . 00079 

2000_ .15 .0470 .00275 .0595 .00318 .0648 .00340 .0677 . 00345 .0665 .00402 .0215 .00210 2000_ .25 .0381 .00240 .0455 .00273 .0480 .00275 .0461 .00255 .0440 . 00260 .0325 .00179 2000_ .35 .0255 .00196 .0275 . 00218 .0260 .00221 . 0195 . 00215 .0152 . 00190 .0078 .00145 2000_ .45 .0095 .00100 .0070 .00150 .0005 .00145 -.0105 .00132 -.0168 .00115 -.0165 .00089 

2100_ .15 .0483 .00280 .0612 .00328 .0668 .00345 .0720 .00345 .0740 .00418 . 0250 .00318 2100_ .25 .0387 .00242 .0470 . 00287 .0490 .00290 .0482 . 00270 .0455 .00282 .0345 .00214 2100_ .35 .0258 .00200 .0282 .00230 .0260 .00231 .0190 .00228 .0140 . 00202 .0070 .00164 2100._ .45 .0103 .00125 .0065 .00143 .0000 .00132 -.0112 .00148 -.0182 .00122 -.0218 .00093 

2200. .15 .0478 .00277 .0602 .00318 .0675 .00345 .0730 .00352 .0747 .00490 2200... .25 .0375 .00240 .0460 .00275 .0480 .00277 .0475 .00250 .0470 . 00300 .0325 .00243 2200__ .35 .0245 .00198 .0274 . 00222 .0250 .00222 .0178 .00210 .0120 .00210 .0042 .00190 2200._ .45 .0093 .00128 .0053 .00138 -.0018 .00145 -.0148 .00150 -.0230 .00111 -. 0252 .00100 
2300__ .15 .0479 .00283 .0615 .00331 .0682 .00358 .0742 . 00362 .0733 .00670 
2300-_ .25 .0380 .00245 .0463 .00282 .0490 .00296 .0485 .00285 .0443 .00330 .0197 . 00260 
2300_ .35 .0249 .00195 . 0269 .00231 .0242 . 00229 .0175 .00228 .0090 .00244 -. 0070 .00215 
2300_ .45 .0098 .00124 .0050 .00130 -.0042 .00130 -. 0170 .00148 -.0280 .00138 -.0340 .00130 

2400_ .15 .0478 .00286 .0613 .00338 .0682 .00360 .0750 .00385 .0642 .00752 
2400_ .25 .0380 .00253 .0462 .00288 .0492 .00290 .0482 .00282 .0400 .00410 .0132 .00278 
2400___ .35 .0246 .00200 .0268 .00238 .0242 .00222 .0155 .00212 .0058 . 00250 -.0150 .00141 
2400_ .45 .0088 .00111 .0042 .00142 -.0048 .00127 —.0210 .00133 -.0310 .00128 

2500.... . 15 .0481 .00296 .0628 .00338 .0702 .00371 .0765 .00388 .0565 . 00792 -.0130 .00165 
2500...___ .25 .0383 .00247 .0470 .00292 .0500 .00305 .0483 .00304 .0310 .00470 .0028 .00195 
2500_ .35 .0245 .00195 .0275 .00220 .0240 .00228 .0155 .00227 .0015 .00313 -.0166 . 00125 

2600.. .20 .0434 .00271 .0548 .00335 .0600 .00358 .0612 .00357 .0410 .00665 .0098 .00125 
2600_ .30 .0320 .00226 .0375 .00262 .0375 .00272 .0325 .00267 .0120 .00395 -.0058 .00170 
2600.... .40 .0178 .00150 .0165 .00167 .0097 .00150 -.0018 .00167 -. 0180 .00224 -. 0225 .00125 

2700__ .25 .0390 .00253 .0483 .00310 .0521 .00316 .0480 .00341 .0245 .00595 .0010 .00181 
2700_ .30 .0323 .00233 . 0385 .00275 .0383 .00285 .0325 .00309 .0110 .00448 -. 0060 .00165 
2700... .35 .0178 .00209 .0278 .00238 .0241 .00248 .0160 .00265 -.0035 .00333 -. 0138 .00145 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, 
PARTICULARLY AT HIGH ANGLES OF ATTACK 

II.—SLOTTED AILERONS AND FRISE AILERONS 

By Fred E. Weick and Richard W. Noyes 

SUMMARY 

Three model wings, two with typical slotted ailerons 
and one with typical Frise ailerons, have been tested as 
part of a general investigation on lateral control devices, 
with particular reference to their effectiveness at high 
angles of attack, in the 7 by 10 foot wind tunnel of the 
National Advisory Committee for Aeronautics. Force 
tests, free-autorotation tests, and forced-rotation tests 
were made which show the effect of the various ailerons 
on the general performance of the wing, on the lateral 
controllability, and on the lateral stability. In general, 
the slotted and Frise ailerons tested were inferior in 
rolling control at 20° angle of attack to plain ailerons of 
the same size. The adverse yawing moments obtained 
with the slotted and Frise ailerons were, in most cases, \ 
slightly smaller than those obtained with plain ailerons 
of the same size and deflection. However, this improve¬ 
ment was small as compared to the improvement obtain¬ 
able by the use of suitable differential movements with 
any of the ailerons, including the plain. 

INTRODUCTION 

This report is the second of a series giving the results 
of an investigation in which it is hoped to compare all 
types of lateral control devices which have been satis¬ 
factorily used or which show reasonable promise of 
being effective. In this program it is planned first to 
test the various types of ailerons and lateral control 
devices on rectangular wings of aspect ratio 6. Later 
the best ones are to be tested on wings of different 
shape. While these items have previously been tested 
in isolated cases, it is not possible to get a good com¬ 
parison between most of them because the individual 
tests were made under different conditions in different 
wind tunnels or in isolated flight tests and with various 
degrees of completeness. In this investigation the 
various devices are subjected to the same series of 
wind-tunnel tests which, it is thought, include all the 
factors directly connected with lateral control and 
lateral stability that can be satisfactorily handled in a 

routine manner in a wind tunnel. The tests are de¬ 
signed to show the relative merit of the various control 
devices in regard to lateral controllability, lateral 
stability, and general usefulness. They include regu¬ 
lar 6-component force tests with the ailerons or other 
control devices both neutral and deflected various 
amounts, rotation tests in which the model is rotated 
about the wind-tunnel axis and the rolling moment 
measured, and free-rotation tests showing the range 
and rate of autorotation. The tests are made not 
only at 0° yaw, but also with an angle of yaw of 20°, 
which represents the conditions in a fairly severe sideslip. 

The first report of this series (reference 1) dealt 
with three different sizes of ordinary ailerons. One of 
these ailerons was of medium size taken from the 
average of a number of conventional airplanes, one 
was extremely short and wide, and the other was ex¬ 
tremely long and narrow. All the ailerons were pro¬ 
portioned to give approximately equal controllability 
at angles of attack below the stall and with equal up- 
and-down deflection. The results were analyzed to 
show the relative merits of the three sizes of ailerons 
when set in the above manner and also in accordance 
with two differential movements, upward movement 
only, and with the ailerons arranged to float. 

This report covers similar tests with typical slotted 
ailerons of two of the above-mentioned sizes (the 
medium and the short, wide ones) and one typical 
Frise aileron of the medium size. The long, narrow 
type was omitted in both these designs as the previous 
tests with ordinary ailerons indicated that ailerons of 
this shape would not give satisfactory control at high 
angles of attack. The results are given for the same 
five deflection movements as were used with the 
ordinary ailerons except that the Frise aileron was not 
tested in the floating condition. Inasmuch as the 
characteristics of slotted and Frise-type ailerons are 
somewhat sensitive to the exact shape and axis loca¬ 
tion, these tests are not necessarily representative of 
all designs of slotted or Frise ailerons. 
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METHODS AND APPARATUS 

Wind tunnel.—All the present tests were made in 
the 7 by 10 foot open-jet wind tunnel of the National 
Advisory Committee for Aeronautics. In this tunnel 
the model is supported in such a manner that the 
forces and moments at the quarter-chord point of the 
mid section of the model are measured directly in coef¬ 
ficient form. For autorotation tests the standard force 
test tripod is replaced by a special mounting permit¬ 
ting the wing to rotate about the longitudinal wind axis 
passing through the midspan quarter-chord point. 
This apparatus is mounted on the balance, and the 
rolling-moment coefficient may be read directly during 
forced-rotation tests. A complete description of the 

above equipment is given in reference 2. 
Models.—Three wing models, each having a 10-inch 

chord and a 60-inch span, were tested. Two of these 
models were equipped with slotted ailerons and the 

Slotted aileron 
25 per cent chord by 40 per cent sen: span 

rAx/s of 
~~y ■ rotation 

0,8.77. b, 12.27 cj.337 d, 6.57 'fej d 

8.337 . A4—.2t.7%-- 
2rise- type aileron -25.07-a 
25 per cent chord by 40 per cent semispan 

Figure 1.—Profiles of slotted and Frise ailerons on Clark Y airfoil. (All dimen¬ 
sions are in terms of the wing chord) 

third one with Frise ailerons, as illustrated in Figure 1. 
The small slotted ailerons and the Frise type had the 
same span and chord (measured from the trailing edge 
to the axis of rotation) as the average-sized plain 
aileron discussed in reference 1, and the large slotted 
aileron had the same dimensions as the short, wide, 
plain aileron of reference 1. 

The models were constructed of laminated mahogany, 
except for the slotted ailerons which were built prin¬ 
cipally of balsa wood. The latter material was neces¬ 
sary in order that these ailerons could be mass bal¬ 
anced about their axis of rotation and consequently be 
capable of floating at an attitude of zero resultant air 
force. 

For the above-mentioned floating condition the 
slotted ailerons were connected by a torque rod run¬ 
ning through the wing. The ailerons were adjustable 
in angle of pitch relative to this rod, and the rod could 
be locked to the wing for normal aileron tests. 

TESTS 

This series of tests was conducted in accordance 
with the standard procedure and at the dynamic pres¬ 
sure and Reynolds Number employed throughout the 
present research on lateral control. (See reference 1.) 
The dynamic pressure was 16.37 pounds per square 
foot, corresponding to a speed of 80 miles per hour at 
sea level under standard atmospheric conditions, and 
the Reynolds Number was 609,000. 

Aileron movements.—Four types of aileron deflec¬ 
tion were used in these tests—equal up-and-down, up¬ 
ward movement only, downward movement only, and 
floating (except for the Frise type), with various rela¬ 
tive angles of deflection between the ailerons. The 
rolling and yawing moments for the differential ar¬ 
rangements were assumed to be the sum of the mo¬ 
ments obtained separately on the up-only and down- 
only tests at the simultaneous angles of attack given 
in Table I. This assumption is not rigorously cor¬ 
rect owing to the difference in the effect of the ailerons 
on the span load distribution of the wing when they 
are deflected separately or together. However, check 
tests comparing the moments as obtained by either 
simultaneous or separate deflection show that the error 
due to this method of computation is small for the 
cases under discussion. 

TABLE I 

SIMULTANEOUS AILERON DISPLACEMENTS WITH 
ASSUMED DIFFERENTIAL ARRANGEMENTS 

Average differential Extreme differential 

1 Upward Downward Upward Downward 
displace- displace- displace- displace- 

ment ment ment ment 

Degrees Degrees Degrees Degrees 
0.0 0.0 0.0 0.0 

10.0 8.5 10.0 7.0 
20.0 13.0 20.0 12.0 
30.0 15.0 30.0 14.0 
35.0 15.0 40.0 11.5 

50.0 7.0 

All the aileron arrangements are illustrated in Figure 
2 and are identical with those discussed in relation to 
the plain ailerons in reference 1. The maximum de¬ 
flections represent either normal practice or the phys¬ 
ical limit to the aileron travel due to interference with 
the wing. Thus, 25° up and 25° down is the average 
maximum travel of ordinary-sized plain ailerons hav¬ 
ing no differential action and 35° up and 15° down is a 
conventional differential linkage giving approximately 
the same rolling moment at 10° angle of attack. The 
more extreme differential, 50° up and 7° down, was 
also designed to give the same rolling effectiveness at 
an angle of attack of 10° as the equal up-and-down 
arrangement of the plain ailerons. The up-only type 
of deflection is limited in some cases by interference 
between the aileron and the wing and in other cases 
by the deflection giving approximately the same rolling 
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moments as the standard, plain ailerons with a de¬ 

flection of ± 25°. 
Accuracy.—The accuracy of the results presented in 

this report is the same as that obtained in Part I. 
(Reference 1.) It is considered satisfactory at all 
angles of attack except in the burbled region between 
20° and 25° when the rolling and yawing moments 
are relatively unreliable owing to the critical, and often 

/ 
I 

\ 

k-/ <-4--—>k-/ >■ 

A. Equal up-and-down and floating 

B, Average differential 

C, Extreme differential 

Dj Up-only 

Figure 2.—Aileron linkage systems 

unsymmetrical, condition of the burbled air flow around 

the wing. 
Oscillations of floating ailerons.—The wide, short, 

slotted ailerons show a tendency to oscillate when the 
wing is at angles of attack between 22° and 25°. This 
condition, which might give trouble in practice, is not 
a true flutter but appears to be due to the ailerons 
following the pattern of irregular, turbulent flow past 

the wing. 

RESULTS 

Coefficients.—The force-test results are given in the 
form of absolute coefficients of lift and drag and of 

rolling and yawing moments: 

n Lift 
qS 

i _Drag 
75 qS 

Rolling moment 
qbS 

C n 
, _ Yawing moment 

qbS 

where S is the total wing area, b is the wing span, and q 
is the dynamic pressure. The coefficients as given 
above are obtained directly from the balance and refer 
to the wind (or tunnel) axes. In special cases in the 
discussion where the moments are used with reference 
to body axes the coefficients are not primed. Thus the 
symbols for the rolling and yawing moment coeffi¬ 
cients about the body axes are Ct and Cn. 

The results of the forced-rotation tests are given, 
also about the wind axes, by a coefficient representing 
the rolling moment due to rolling: 

where X is the rolling moment about the wind axis due 
to the asymmetric distribution of load along the span 

when the wing is rolling. 
This coefficient may be used as a measure of the 

degree of lateral stability or instability of a wing under 
various rolling conditions. In the present case it is 
used to indicate the characteristics of a wing when it is 
subjected to a rolling velocity equal to the maximum 
that is normally encountered in controlled flight in very 
gusty air. This rolling velocity may be expressed in 
terms of a coefficient, incorporating the span and the 
air speed at the center section of the wing as follows: 

Tables.—The complete results of these tests are pre¬ 

sented in Tables II to X, inclusive. 
Table II covers the following data obtained on the 

unyawed wing having slotted ailerons of average size 
(25 per cent of the chord by 40 per cent of the semi- 

span) : 

1. CL and CD at zero aileron deflection, both rigid 

and floating. 
2. Ci' and Cn' for each aileron setting, both rigid 

and floating. 
3. The floating angle of the left aileron relative to 

the wing (5AF). 
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Table III contains the same set of coefficients as 
those in Table II except that the wing is yawed —20°. 
Table IV contains the results of the autorotation and 
torque tests on the above wing. 

Tables V, VI, and VII are similar to Tables II, III, 
and IV but cover the results obtained on the wing 
fitted with short, wide, slotted ailerons (40 per cent 
of the chord by 30 per cent of the semispan). 

Tables VIII, IX, and X are also similar to II, III, 
and IV. In this series the data cover the results ob¬ 
tained on the wing with Frise-type ailerons. 

DISCUSSION IN TERMS OF CRITERIONS 

Table XI contains a series of criterions that were 
developed in reference 1 for the purpose of comparing 
the effect of various ailerons or other lateral control 
devices on the general performance of an airplane, on 
its lateral controllability, and on its lateral stability. 
Values of these criterions are given for the two sizes of 
slotted ailerons and the Frise-type ailerons of this 
report, and also for the average-sized plain ailerons 
previously reported. The latter are an example of 
normal present-day aileron design and are taken as a 
standard of comparison throughout the entire investi¬ 
gation. 

GENERAL PERFORMANCE 

Wing area required for desired landing speed.—If 
an airplane is equipped with a Clark Y wing having 
any of the slotted or Frise aileron systems discussed 
in this report, except the floating arrangements, the 
wing area required for a given weight and landing speed 
is essentially the same as that necessary when plain 
ailerons are used. In the floating condition, the 
maximum value of CL is cut down about 10 per cent 
for average-sized slotted ailerons and 14 per cent for 
short, wide, slotted ailerons. This reduction requires 
a corresponding increase in wing area to satisfy the 
assumed condition of constant minimum speed. 

Speed range.—The ratio CLmax/CDmin is a convenient 
figure of merit for a comparison of the relative speed 
range obtainable with various wings. On this basis 
a Clark Y wing with average-sized slotted ailerons 
shows about the same range as one with plain ailerons. 
Frise ailerons of normal size or short, wide, slotted 
ailerons are somewhat worse in this respect than 
ordinary-sized plain ailerons. If the slotted ailerons 
of ordinary size are allowed to float, the wing has a 
somewhat lower speed-range criterion than if they 
were locked. The short, wide, slotted ailerons ar¬ 
ranged to float decrease the speed range very markedly. 

Rate of climb.—In order to establish a suitable cri¬ 
terion for the effect of the wing and ailerons on the 
rate of climb of an airplane, the performance curves of 
a number of types and sizes of airplanes were calcu¬ 
lated, and the relation of the maximum rate of climb 
to the lift and drag curves was studied. This com¬ 

parison showed that the L/D at Ci = 0.70 gave a con¬ 
sistently reliable figure of merit for this purpose. 

A comparison of the various slotted and Frise aileron 
arrangements on the basis of this criterion shows that 
there is no appreciable difference between them, either 
locked or floating, except for the wide, short, slotted 
ailerons arranged to float, which are poor. 

LATERAL CONTROLLABILITY 

Rolling criterion.—The rolling criterion upon which 
the control effectiveness of each of the aileron arrange¬ 
ments is judged is a figure of merit that is designed to 
be proportional to the initial acceleration of the wing 
tip, following a deflection of the ailerons from neutral, 
regardless of the air speed or wing-plan form of an 
airplane. Expressed in coefficient form for a rec¬ 
tangular monoplane wing the criterion becomes 

CL 

where C\ is the rolling-moment coefficient about the 
body axis due to the ailerons. The numerical value 
of this expression that has been found to represent 
satisfactory control conditions is approximately 0.075. 
A detailed explanation of the derivation of RC and its 
more general form which is applicable to any wing plan 
form is given in reference 1. 

The comparison of the ailerons on the basis of this 
criterion is given in Table XI at four representative 
angles of attack; namely, 0°, 10°, 20°, and 30°. The 
first angle represents the high-speed attitude; a-=10° 
represents the highest angle of attack at which entirely 
satisfactory control with ordinary ailerons can be 
maintained; a = 20° represents the condition of greatest 
instability in rolling and is probably the greatest 
attainable angle of attack with most present-day 
airplanes; and finally, a = 30° is given only for com¬ 
parison with controls for possible future types of 
airplanes. 

At o = 0° the control produced by any of the aileron 
arrangements is much more than is necessary. 

At a =10° and with the ailerons deflected equally 
up-and-down 25°, the following relations exist: The 
short, wide, slotted ailerons give slightly higher values 
of the rolling criterion, RC, than the average-sized 
plain ailerons; the average-sized slotted ailerons give 
slightly lower values of RC than the average-sized 
plain ailerons; the Frise-type ailerons give distinctly 
lower values. These differences do not represent 
inherent characteristics of the types of ailerons dis¬ 
cussed, because, by the simple expedient of changing 
slightly the assumed maximum up-and-down deflec¬ 
tions, any of these ailerons may be arranged to give the 
same moment at maximum deflection. 

For all differential systems, including up-only, the 
slotted and Frise ailerons give a smaller moment than 
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the standard-sized plain ailerons, by an amount that j 

can not be readily compensated for by increased 

maximum deflections except, perhaps, in the case of 

the short, wide ailerons. 

The slotted ailerons arranged to float give moments 

that are equal to those of the standard ailerons ar¬ 

ranged to float, but in the case of the short, wide 

design, give moments that are less than those produced 

by the plain ailerons of the same size. 

At a = 20° the average-sized slotted or Frise ailerons 

give moments for equal up-and-down deflection that 

are comparable with the standard, or about 50 per cent 

of the satisfactory value. The slotted aileron gives, 

likewise, only about 50 per cent of the satisfactory 

moment for any differential or for the floating arrange- 

ment. Both differential settings and the up-only 

arrangement of the Frise ailerons give about 75 per 

cent of the corresponding values of the criterion at 

10° angle of attack, but as the controllability at this 

angle is very low for all these arrangements of the 

Frise-type aileron the possibility of bringing up the 

moments to a satisfactory value by increasing the 

deflection is small. 

The short, wide, slotted ailerons show the best char¬ 

acteristics at 20° angle of attack of any of the types 

tested thus far. Equal up-and-down deflection of 

these ailerons gives an appreciably higher rolling 

moment than the average-sized plain ailerons rigged 

this way and a slightly higher moment than the short, 

wide, plain ailerons. Differential arrangements are 

consistently better than the equal up-and-down, the 

extreme differential (50° upward, 7° downward) being 

the best. With this arrangement the value of R C 
at a = 20° is only 15 per cent less than that at a= 10°. 

However, even this rigging is less satisfactory than the 

corresponding plain aileron size and setting. 

At 30° angle of attack all of the plain, slotted, or 

Frise ailerons are very unsatisfactory when rigged in 

any arrangement. 

Lateral control with sideslip.—If a wing is yawed 

20° a rolling moment is set up that tends to raise the 

forward tip with a magnitude that is always greater, 

at very high angles of attack, than the available rolling 

moment due to ailerons. The limiting angle of attack 

at which the ailerons can balance the rolling moment 

due to 20° yaw represents the greatest angle of attack 

than can be held in a sideslip. This angle is tabulated 

for all aileron arrangements as a criterion of control 

with sideslip. 
It is apparent from Table XI that the controllable 

range in this attitude is about the same for all aileron 

arrangements tested and in all cases extends to, or 

slightly above, the angle of maximum lift in the yawed 

condition. 
Yawing moment due to ailerons.—The desirable 

yawing moment due to ailerons differs to some extent 

with the type of airplane that is being considered. 

For a highly maneuverable military or acrobatic ma¬ 

chine, complete independence of the controls as they 

affect the turning moments about the various body 

axes is no doubt a desirable feature. On the other 

hand, for large transport airplanes or machines to be 

operated by relatively inexperienced pilots, a favorable 

yawing moment of proper magnitude would be an 

appreciable aid to safe flying. Finally, it is obvious 

that a yawing moment tending to turn the airplane 

out of its bank is never desirable under any circum¬ 

stances. 
Comparing the various aileron arrangements from 

the standpoint of maximum favorable or maximum 

unfavorable Cn at the same representative angles of 

attack as were used in the comparison of R C, it may 

be seen from Table XI that the plain, slotted, or I rise 

ailerons when set up-and-down 25° give nothing but 

unfavorable moments at all angles of attack. Dif¬ 

ferential settings of the ailerons improve the yawing 

characteristics of the wing in all cases by decreasing 

the unfavorable moments and increasing the favorable. 

This effect increases with the degree of differential 

motion employed until up-only displacement gives 

practically no unfavorable moments for any aileron 

deflection and any angle of attack up to 20°. At 

angles of attack greater than 20° they give strong favor¬ 

able moments at large aileron deflections, but at small 

deflections give small unfavorable moments. The 

short, wide, slotted aileron in the up-only position is 

the best design of any tested in this group, but even 

this arrangement is less desirable than the plain ailerons 

of the same size and deflections. 

Except for the above case and the differential 

arrangements of the short, wide, plain ailerons, the 

i slotted and Frise aileron systems usually showed 

slightly improved yawing-moment characteristics when 

compared to plain ailerons of the same size and setting. 

It should be noted, however, that this improvement is 

small relative to the improvement obtainable with any 

of the ailerons by use of suitable differential movements. 

Like the average-sized plain ailerons arranged to 

float, slotted ailerons of average size arranged to float 

show small yawing moments, ranging from slightly 

unfavorable moments at low angles of attack and high 

aileron deflections to slightly favorable moments at 

high angles of attack. The wide, slotted ailerons 

when allowed to float show almost ideal moments from 

the standpoint of control as the yawing moments are 

favorable at all angles of attack, are small at low 

angles, and are of about the magnitude of normal 

rudder moments at high angles. 

LATERAL STABILITY 

Angle of attack above which autorotatiori is self¬ 

starting.—This characteristic was measured by free- 
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rotation tests of the wing with ailerons neutral. The 
angle at which it started to rotate without any appre¬ 
ciable initial rate of roll marked the theoretical limit 
to the useful angle-of-attack range in which the wing 
was laterally stable in smooth air. 

These tests indicated that the type of aileron or its 
arrangement had very little influence on the limiting 
angle for lateral stability. In all cases the limit was 
reached either at the stall or a degree or so beyond. 

Stability against rolling caused by gusts.—Test flights 
have shown that in severe gusts a rolling velocity such 

v'b 
that f^p = 0.05 is not uncommon. Consequently, the 

rolling moment of a wing due to rolling at this velocity- 
gives a measure of its stability characteristics in rough 
air. In the present case the angle at which this rolling 
moment becomes zero is used as a criterion to indicate 
the practical upper limit of the useful angle-of-attack 
range rather than the theoretical limit previously 
discussed. 

Under the above-mentioned conditions and with the 
wing at 0° yaw all the aileron arrangements become 
unstable at about 1° lower angle of attack than the 
neutrally stable point for zero rate of rolling. At 20° 
yaw all the arrangements become unstable at angles of 
attack from 4° to 7° lower than in the unyawed posi¬ 
tion. The floating, slotted aileron systems are the 
best in this respect. 

The above criterion shows the critical range below 
which stability is such that any rolling up to the maxi- ! 
mum rate likely to be caused by gusty air conditions is i 
damped out, and above which the instability may be 
weak or intense. The criterion, maximum C\, indi¬ 
cates the degree of this instability. 

If the slotted ailerons are arranged to float they | 
reduce instability substantially at both 0° and 20° yaw, 
but only in about the same proportion that floating 
plain ailerons accomplish the same result. 

CONTROL FORCE REQUIRED 

The hinge moments were not measured for the 
slotted or Frise ailerons, but it is likely that they would 
have consistently lower values than those for the plain 

ailerons, owing to the balance area ahead of the axis in 
each case. 

CONCLUSIONS 

1. None of the ailerons discussed in this report gives 
satisfactory rolling control above the stall. 

2. In general the slotted or Frise ailerons tested do 
not give as good control at an angle of attack of 20° in 
either the yawed or unyawed attitude as the same size 
of ordinary ailerons. 

3. Equal up-and-down deflection with the plain, the 
slotted, or the Frise ailerons gives adverse yawing 
moments at all angles of attack. The magnitude of 
the adverse moment produced by the Frise ailerons is 
about half of that produced by either the plain or 
slotted types. 

4. Any differential movements, including upward 
deflection only, of slotted or Frise ailerons produce 
yawing moments that are only a slight, if any, im¬ 
provement over those produced by the corresponding 
plain ailerons and settings. 

5. The use of differential aileron settings is much 
more effective in obtaining desirable yawing moments 
than the use of either slotted or Frise-type ailerons. 

6. The general performance characteristics of a wing 
equipped with short, wide, slotted ailerons arranged to 
float are distinctly below normal and the lateral con¬ 
trol available above the stall is not satisfactory. How¬ 
ever, this aileron arrangement gives apparently ideal 
yawing moments at all angles of attack and appre¬ 
ciably reduces the unstable rolling moment due to 
rolling at both 0° and 20° yaw. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 12, 1932. 
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TABLE II 

FORCE TESTS. 10 BY GO INCH CLARK Y WING WITH SLOTTED AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
R. N. = 609,000. VELOCITY=80 M.P.H. YAW=0° 

a 
degrees 

-10 -5 -3 0 5 10 12 14 16 17 18 19 20 22 25 30 40 50 59 

Sa 
de¬ 

grees 
AILERONS LOOKED—NEUTRAL 

Cl 0 -0. 362 0.006 0.147 0.355 0.715 | 1.041 1. 153 1.243 1.282 1.295 1. 296 1.308 1. 294 0.912 0. 803 0.853 0. 802 0- 682 0.595 
Cd . . 033 .016 .016 .021 .047 .087 . 106 .128 .161 . 179 .200 .231 .253 .287 .420 .540 .719 .879 1. 020 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Ci’ 10 0.023 
1 

. 0.022 0. 022 0. 019 0.015 0.002 0.000 -0. 001 0.001 
Cn' -.002 .!—. 006 -.007 -. 008 -.008 -.008 007 -.003 -. 004 
Cl' 20 
. 

.040 ..040 . 037 .033 .027 . 003 -.002 -.002 . 001 
Cn' 

... 
-.006 _-.013 -.016 -.016 -.016 -.015 -.013 -.006 -.009 

Cl' 30 .046 _ .044 .047 .045 .035 -.002 . 004 -.005 -.001 
Cn' -.012 .-. 019 -.022 -.024 —.025 -. 019 -.017 -. 010 -.013 
Cl' 40 .053 .__ .048 .046 .045 .041 .002 -.002 -.004 -. 003 
Cn' -.016 .. -.024 -.026 -.028 -.031 -.026 —.021 -.015 —.016 

1 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl' 10 0.019 . 0.022 0.023 0. 022 0.023 0. 018 0.008 0.003 0.002 
CJ .000 .-.004 -.006 -.006 -.007 -.008 -.007 -.004 -.004 
Cl' 20 .021 .028 .031 .031 .033 .024 .018 . 015 .010 
Cn' .001 .-.002 -.004 -.006 -.007 -.008 -.009 -.006 -.007 
Cl' 30 .024 _ .034 .037 .037 .040 .030 .022 .012 .016 
Cn' .006 .001 -. 002 -.004 —.005 —. 007 -. 007 -.003 -.006 
CV 40 .029 _1 .041 .043 .043 .046 . 036 .036 . 008 .013 
Cn .009 _ .003 .000 -.001 -.003 —.005 -.003 —. 001 -.003 
Cl' 54.25 .037 _ .048 .050 .050 .053 .044 .040 . 006 .008 : "i: 
Cn' .013 _ .006 .004 .002 . 000 -. 001 -. 001 .001 .000 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' 10 0.041 .0.044 0. 042 0.040 0.037 0.022 0.004 0.003 0.005 
Cn' -.002 __-.009 —.012 -.013 -.014 -.015 -.013 -.006 -.008 
Cl' 20 .064 .068 .068 .064 .058 .034 .016 .016 .013 
Cn' -.004 ..-.014 -.018 -.020 -.024 -.024 -.022 -.014 -.016 
Cl' 30 .068 .077 .082 .081 .075 .036 .021 .009 .017 
Cn’ —.006 -.018 -. 024 -.027 —.030 -.026 -.025 -.014 -.019 
Cl' 40 .082 ..088 .090 .090 .087 .048 .026 .006 .012 
Cn' -.007 .—. 021 -.026 —.029 -.034 -.030 -.026 -.017 -.019 
Cl' .094 .. .096 .094 .090 .090 .053 .030 .005 .005 
Cn' —.009 .. -.022 —.026 -.029 -.034 -.032 -.027 -.021 -.021 

i 

AILERONS FLOATING—NEUTRAL 

Cl 0 —0 382 —0 057 0 073 0 267 0 607 0 892 1 004 1 092 1.142 1.156 1.160 1.168 1.159 1.110 0. 676 0. 667 0.642 
Cd . 035 .019 . 017 . 020 .037 .069 . 086 . 104 . 129 . 146 .168 . 189 .207 . 244 .369 .444 .611 
Saf -6 -6 -6 -9 -11 -14 -12 -14 -13 -14 -14 -13 -14 -15 -19 -20 -21 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci' 10 0.038 . 0.037 0.036 0.035 0. 036 0. 020 0.011 -0.006 0.003 
Cn' .000 . -.004 -.006 -.006 -.007 -.007 -.005 .005 .004 

7 5 3 2 1 0 -5 -17 -20 
Cl' 20 .062 .061 .058 .054 _ .050 .035 .023 -.004 .002 

Cn’ -.003 -.009 -.010 -.011 . -.012 -.012 -. 010 .006 .005 
20 ... I 14 11 10 9 8 3 -15 -17 

Cl' 30 .069 .083 .081 .076 .065 .048 .023 .006 .OOS 
Cn' -.002 -.013 -.016 —. 017 -. 018 -.016 -.014 .000 -.001 

28 25 24 20 20 17 15 2 4 
Ci’ 40 . 081 . 091 .095 .092 .080 .043 .029 .006 .009 

Cn' —. 003 -. 013 -.019 -.022 -.023 -.019 -.018 -.007 -.010 

&AF 34 31 30 30 30 30 27 23 22 

1 
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TABLE III 

FORCE TESTS. 10 BY GO INCH CLARK Y WINGS WITH SLOTTED AILERONS 25 PER CENT c BY 40 PER CENT b/2 
R.N. = 609,000. VELOCITY = 80 M.P.H. YAW = -20° 

a 
degrees -5 -3 0 5 10 12 14 16 17 18 19 20 ; 22 25 j 30 40 50 60 

5a 
de¬ 

grees 
AILERONS LOCKED—NEUTRAL 

CL... -0. 319 0.001 0. 129 0.319 0. 647 0. 942 1.043 1. 120 1.181 1.204 1.213 1.226 1.219 : 1.197 1.007 | 0.886 0. 800 0.609 
Cn— .031 .018 .017 .021 .042 .080 .096 . 114 . 138 .153 . 166 . 187 .222 * .267 .408 .517 . 676 .866 1.029 
Ci'... —.001 -.005 -. 006 —.007 -.008 -.014 -.016 -. 020 -.032 -.043 -.051 -.072 -.054 -.047 -.095 -. 059 -.049 -.041 
Cn' . .003 .002 .001 .002 .002 .005 .007 .009 .011 .014 .015 .018 .030 .041 .052 .045 .051 053 

LEFT AILERON DOWN. RIGHl AILERON 0° 

Ci' 10 0. 017 0. 016 0.014 0.014 _ 0. 010 0. 006 0. 007 _ 0.003 0.003 
CY 1 -.002 -.004 - 005 -.005 . -.004 -.004 -.006 _-.005 -.005 
Ci' 20 .032 .031 .028 .024 _ .018 .012 .013 _ .003 .003 
Cn’ —.005 -.010 -.011 -.010 _ -.009 -.009 -.011 .. -.010 -.010 
Cl' 30 .045 .040 .038 .034 _ .026 .018 .016 _ .006 .003 
Cn' -.011 -.017 -.019 -.017 _ -.014 -.014 -.017 _-.015 -.014 
Cl' 40 

_ 
.051 .046 .044 .039 _ . 032 . 020 .019 _ .007 .002 

cv -.016 -.024 -.025 -.023 _ -. 020 -.019 -.022 _-.019 -. 018 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl' 10 0.019 0. 022 0.021 0.022 _ 0. 021 0. 020 0. 016 _ 0.006 0. 002 
Cn' .000 -. 004 -. 005 —.006 ___ -.007 -.007 -.011 ..-.008 -.004 
Cl' 20 .026 .024 .031 .034 _ .035 . 036 . 031 .. .017 .008 
Cn . 003 -.002 -.005 -.006 _ -.008 -.009 -.015 _-.015 -.007 
Cl' 30 .030 . 039 .041 .043 _ . 045 .046 . 040 _ .028 .015 
Cn .007 .000 -.003 -.004 _ .006 . 008 . 015 _ .017 .008 
Cl' 40 033 .044 .048 .051 .. .053 . 054 . 046 ..034 .014 
Cn .009 . 002 -. 001 -.003 _ -.004 -.006 -.014 .. -.016 -.006 
Cl' 54.25 .041 .053 .058 .062 _ .066 . 067 . 046 _ .039 .013 
Cn .014 . 006 .002 . (XX) -.003 -.003 -.017 .-.015 -.005 

1 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' 10 0.035 0.037 0.036 0.034 _ 0.033 0.027 0.023 _ 0.008 0.004 
Cn' -.002 - 008 -.010 -.010 .. -.010 -.011 -.016 _-.012 -.008 __ 
Cl' 20 .058 .062 .061 .060 .. .056 . 051 .044 _ .025 .011 
Cn' -.002 -.002 -.016 -.017 _ -.017 -.018 -.026 _-.026 -.015 
Cl' 30 .072 . 078 .078 .077 .. .073 . 066 . 047 _ .037 .017 
Cn' -.005 -.017 -.022 -.022 _ -.021 -.023 -.039 _-.033 -.021 
Cl' 40 .082 .091 .092 .092 _ .090 . 081 .060 _ .045 .016 
Cn' -.008 -.002 -. 026 -.027 _ -.025 -.025 -.043 .-.037 -. 023 
Cl' .087 . 098 . 099 .103 _ . 101 .092 . 050 ..047 .013 
Cn' -.007 -.025 —.029 -.031 _ -.028 -.028 -.039 .. -.039 -.034 

AIL E R O N S F L O A TIN G—N E U T R A L 

Cl -0. 334 -0. 050 0.067 0. 246 0. 546 0.810 0.905 0.985 1.049 1.062 1.087 1.092 1. 084 0.944 
1 

0.817 . 0.778 0. 702 
Cn .035 .020 .018 .021 .036 .066 .080 .096 .114 .125 1. 40 . 160 .190 .291 .359 , .465 .622 
Ci' .000 -.002 -.004 -.004 -.005 -.007 -.008 -.013 -.023 -.030 -. 036 - .047 -.054 -.051 -.052 -.089 -.060 
Cn .003 .002 .002 .002 .003 . 005 . 006 .008 .010 \ .011 .012 .012 .012 .021 . 032 . 042 .047 
5 A / -4 -6 -8 -12 -15 -16 -15 -15 ^ -18 -19 -18 -18 -18 -19 , -22 -28 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci' 10 0.032 0.031 0. 028 0.026 __ 0. 023 0.016 1 0.021 _ 0.016 0.004 . 
Cn' .000 -.003 -.004 -.005 j. -.004 -.002 -.005 _-.003 .002 

6 4 2 2 1. 0 — 9 ' —9 .| -7 -18 
Cl’ 20 . 055 .052 .051 .048 _ .042 . 034 . 036 _ .028 .005 
C„' -.003 -.009 -.011 -.011 .. -.009 -.008 -.012 .-.010 .002 

21 18 18 15 _ 15 13 15 _ 8 -15 
Cl' 30 . 068 .072 .070 .066 _ .059 . 049 . 047 __ .037 .013 
Cn' -.003 -.013 -.016 -.017 . -.014 -.012 -.018 ... —.017 -.005 

30 28 28 28 . 26 26 24 .. 22 4 
Cl' 40 . 079 . 082 

_ 
.084 .082 1_ .073 . 063 .050 _ .042 .016 

Cn' -.003 -.014 -.018 -.020 _ -.017 -.015 .028 .. -.022 -.014 
dAf 35 33 33 33 33 1 33 _I 31 21 . 34 |_ 



TABLE IV 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SLOTTED AILERONS 25 PER CENT c BY 40 PER CENT b/2. 
R. N. = 609,000. VELOCITY = 80 M. P. H. 

Cx is given for forced rotation at p'bl2V= 0.05. p'b/2V values are for free autorotation. (+) Aiding the rotation. (—) Damping the rotation 

a 
degrees 0 12 i 14 10 

1 | 
18 19 20 21 22 24 25 26 

1 
27 28 30 31 32 33 35 36 37 40 

(+) Rotation (clockwise). 

(—) Rotation (counterclock¬ 
wise) _ 

( Ca 

l 2V 

\ P'b 
I 2V 

YAW=0° 

AILERONS LOCKED—NEUTRAL 

-0. 027 -0. 024 -0. 020 -0. 012 0.000 

. 139 

.009 

.322 

-0. 001 

.354 

.039 

.349 

0. 011 

.349 

.024 

.362 

0.003 

.358 

.007 

.403 

-0. 001 

.376 

.001 

.408 

-0.003 

0. 332 0. 356 0. 349 0.358 0.367 0. 372 0.372 0. 208 0.072 0.054 0. 052 0. 047 

-.019 -.017 

.. 

-.014 -.004 .000 

.340 .356 .390 . 398 .394 

... . 

.398 . 157 .141 .076 .067 .063 .056 

(+) Rotation (clockwise)_ 

(—) Rotation (counterclock- 
w ise)__ _ 

1 
P'b 

l 2V 

( 
p'b 

1 2V 

Cx 

Cx 

Cx 

Cx 

AILERONS FLOATING—NEUTRAL 

-0. 025 -0. 024 -0. 024 -0. 022 -0. 017 0. 004 0. 010 0.004 

.313 

.012 

.362 

-0.001 -0.007 

0. 304 .318 

.021 

.313 

0.291 0. 284 0.284 0.300 

-.017 -.014 -.013 -.000 -.002 .001 

.296 

-.002 

1_ 

005 

.309 .326 .347 .331 f .347 
\ .087 

(4«) Rotation (clockwise) 

YAW=—20° 

AILERONS LOCKED—NEUTRAL 

-0. 017 

-.024 

-0. 002 

-.036 

0. 004 

-.039 

0.015 

-.048 

0.033 

-.059 

0.055 

-.071 

0. 082 

-.058 

0.086 

-.087 

0. 078 

-.076 

0.048 

-.054 
(—) Rotation (counterclock¬ 

wise) _ 

- ... - 

(-)-) Rotation (clockwise)_ 

AILERONS FLOATING—NEUTRAL 

-0.019 

-.021 

-0. 011 

-.025 

-0.000 

-.027 

0.002 

-.033 

0.016 

-.043 

0. 034 

-.054 

0.066 

-.050 

0.072 

-.074 

0. 070 

-.070 

0.050 

-0.52 
(—) Rotation (counterclock¬ 

wise) .. 

O 
Of 
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T
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TABLE V 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SLOTTED AILERONS 40 PER CENT c BY 30 PER CENT b/2 
R. N.-609,000. VELOCITY—SO M. P. H. YAW=0° 

a 
degrees 

Cl 
Cd 

C,' 
CY 
cy 
cy 
Ci' 
Cn' 
Cl' 
CY 

Ci' 
Cn' 
Cl' 
Cn' 
Cl' 
C„' 
Cl' 
C„' 
Cl' 
Cn' 

Cl’ 
Cn’ 
Cl’ 
Cn' 
Cl' 
Cn' 
Cl' 
Cn' 
Cl' 
Cn' 

Cl 
Cd 

Saf 

6 a 

degrees 

10 

-10 -5 -3 0 5 10 12 14 16 18 19 1 20 22 25 30 40 50 

AILERONS LOCKED—NEUTRAL 

-0. 306 
.070 

0.002 
.018 

0.144 
.017 

0. 358 
.022 

0. 714 
.046 

1.047 
.087 

1.163 
. 109 

1. 230 1. 240 
.130 .164 

1. 222 
. 185 

[ 
1. 207 j 1. 193 1.165 
.205 . 222 I .244 

1 ! 
1.119 
.283 

0. 801 
.418 

0. 895 
.552 

0. 834 
.747 

0. 709 
.874 

LEFT AILERON DOWN. RIGHT AILERON 0° 

20 

30 

40 

10 

~20' 

0.020 
-.003 

.038 
-.008 

.046 
-.015 

.050 
-.020 

0. 021 
-.006 

.040 
-.015 

.052 
-.025 

.055 
-.033 

0.020 
-. 008 

.035 
-.018 

. 046 
-. 02S 

.055 
-.039 

0. 015 _ 0.012 0 009 
-.008 _—.009 009 

.026 - .020 .on 
-.019 _-.019 —. 017 

.038 _ .023 . oos 
-.029 .-. 026 — 022 

.047 _ .027 . 004 
-.039 _-.030 - n?4 -1 - - j 

0.006 .-0.001 
-.008 .-.005 

. 002 .-. 004 
-. 012 .-. 009 
-.002 .-. 008 
-.016 .-.012 
-.007 .-.011 
-.020 .(-.017 

I I 

0. 001 
-.006 

.000 
-.011 
-.004 
-.015 
-.009 
-.018 

RIGHT AILERON UP. LEFT AILERON 0° 

30 

’40"-' 

53.5' 

0.019 0.022 ... .... 0.022 0. 022 _ 0.022 0. 020 0 014 0 001 0.003 
-.003 

.008 
-.007 

.018 
-.008 

.022 
-.006 

.016 
-.003 

.000 -.003 ... .... -.005 -.006 _ -. 007 — 008 -.008 ... 
.036 ... 

—. 012 

.... -.004 

.... .010 
OOf} 

.027 .038 ... .040 .040 . 042 041 

.005 -.001 ... .... -.004 -. 006 .. -.008 —. 010 

.027 .041 ... .... .044 .043 .047 . 047 043 014 

.008 .002 ... _-.001 -.004 —. 005 — nos -.010 ... 
047 

.... -.005 
014 .034 .050 ... .053 .052 . .055 . 053 

.012 — .005 ... .... .001 -.001 _ —. 003 — 005 -.007 ... 
.056 ... 

-.003 ... 

.... -.004 

.016 

.... -.002 

. 043 .062 ... .066 .062 _ .067 065 

.019 .012_ .007 .004 . 001 — 001 

RIGHT AILERON UP. LEFT AILERON DOWN 

10 0 044 0 049 0.036 
-.014 

.064 
-.025 

.081 
-.032 

.097 
-.038 

.098 
-.036 

—. 010 — 019 
20 _ .062 . 076 074 

_-.004 — 016 0?? 
30 _ .072 . 090 090 

_-.007 . -. 022 — 02K 
40 _ .083 _ .103 ..106 

_ -007 -. 027 — 030 
50 . 102 101 

_-.007 — 099 — 0-30 

0.034 _ 0.029 
-.015 _-.015 

.061 _ .052 
-.027 _-. 027 

.068 _ .055 
-.031 _-.028 

.082 _1 .058 
-.034 ... -.029 

.094 . 067 
-.035 _-.030 

f 

0.020 - 0.001 0.003 
-.015 _-.008 -.009 

.038 _ .007 . 008 
-.024 .-. 015 —. 017 

.042 _ .011 .017 
-.025 .. -.019 -. 024 

.031 .. .006 .016 
-. 026 _-.022 -.028 

.027 ..004 .007 
-.028 .. -.025 -. 028 

1 
AILERONS FLOATING—NEUTRAL 

-0.350 - 0.088 0.045 0.242 0. 568 0. 878 0. 974 1.047 
.075 ; .024 .023 .026 .043 .073 .089 . 104 
-5 1 -10 -11 -13 -15 -15 -15 -17 

1.067 
. 129 
-17 

1.052 
.145 
-17 

1.040 
.161 
-17 

1.032 1.017 0.963 0.667 
. 178 .194 .227 .362 
-18 -18 -18 -22 

0. 653. 0.624 0. 580 
.440 .600 . 765 
- 96 -33 -39 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci' 10 
Cn' 
5a r 
Cl' 20 
Cn' 1 
6af 
Ci' 30 
Cn' 
6af 
Ci' 40 
Cn' 
6af 

1 

0.036 — 0.037 0.034 0.033 _ 0. 035 0. 025 
-.004 

-7 

0.021 
-.005 

-10 
.033 

-. 006 
0 

0.002 
.003 
-24 
.010 
.002 

o-15 
.017 

-. 003 
7 

0 ooa 
.001 -.001 -.001 -.002 _ -.003 _ 001 

3 -2 —5 -7 —7 ... oa 
.058 .059 _ .058 .056 .045 ... .041 

-.006 
1 

019 
.000 -.003 -.094 -.004 -.006 _ OOR 

16 _ 7 5 3 2 L. 
.071 .087 .086 .077 .065 .. .058 

-.012 
10 

.063 
-.018 

“ 32 

.044 
-.012 

12 
.040 

-.016 
“ 32 

014 
.002 -.006 -.011 -.011 -.012 . 004 

21 17 16 13 13 
.087 . 108 .108 .101 .079 . .014 

-.012 
“ 32 

014 
.002 -.010 -.017 -.019 -.021 ... 015 
“ 32 “ 32 “ 32 « 32 0 32 _ a 39 

1 

Floating ailerons were in extreme position, against stop 
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TABLE VI 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SLOTTED AILERONS 40 PER CENT c BY 30 PER CENT 6/2. 
R. N. = 609,000. VELOCITY=80 M. P. H. YAW=-20° 

-■ 
a 

degrees 

1 
-10 -5 -3 0 

5 1 
10 12 14 16 

17 ! 18 19 
20 

1 
22 25 30 40 50 

Sa 
degrees 

AILERONS LOCKED—NEUTRAL 

Cl 0 -0. 306 -0.004 0.132 0.329 0. 647 0.940 1.038 1.105 1.158 1.174 1.178 1.184 1.188 0. 904 0.899 0. 894 0. 807 0.733 
Cn .033 .018 .017 .022 .041 .079 1 .096 . 113 . 136 . 150 . 170 . 190 . 217 .345 .412 .513 .667 .847 
Ci' -.002 -.006 -.007 -.008 -.009 -.013 -.017 -.023 -.039 -.045 -. 051 -. 060 -. 069 -.095 -.101 -.096 -.059 -.049 

Cn' .j .002 .001 .001 .001 .003 .006 | .007 .009 .012 .014 .015 .016 .017 .026 .038 .050 .045 .048 

LEFT AILERON DOWN . RIGHT AILERON 0° 

Ci' 10 0.017 0.016 0.014 0.014 0.011 0.009 0.006 0.004 0. 002 
Cn -. 002 -. 005 -. 005 -. 005 -.005 -.005 -.005 -.005 -. 006 
Ci' 20 . 034 ! .031 .028 .027 .021 .016 .010 .004 .002 
Cn' -. 006 -.012 -.013 -.013 -.011 -.011 -.011 -.010 -.011 
Ci' 30 . 049 . 048 .039 .035 .029 .020 .013 .003 .001 
Cn' j -.014 -.021 -.022 -.021 -.018 -. 017 -.018 -.015 -.015 
Cl' 40 ; .066 . 062 .047 . 042 . 033 .022 .013 .002 -.003 
CJ -.026 -.038 -.033 -.029 -.024 -.023 -.024 -.020 -.019 | 

.'| 1 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl’ 10 0. 018 0. 020 0. 019 0. 020 0. 022 0. 021 0.016 _! 0.005 0.001 

Cn .000 -.004 
. 

-. 005 -.006 -.007 -.008 -.011 .1 —. 010 -.006 
Cl' 20 . 034 .038 .040 .041 .042 .042 .034 _ .022 .007 
CJ . 005 -.003 -. 005 -.008 -.009 -.011 -.019 .-.020 -.011 
Ci' 30 .037 .050 .054 .058 .060 .060 .051 .1 .040 .017 
Cn' .009 .001 -.003 -.005 -.008 _ -.010 -.020 _-. 024 -.015 
Cl' 40 . 040 . 056 . 062 .066 .070 .070 .061 _i .054 .025 

Cn . 013 .004 .000 -.002 -.005 -.007 -.017 ..—. 025 -.015 
Cl' 53 5 .047 . 067 . 076 .081 .087 .087 .095 . .063 .030 
Cn' .019 .010 .006 .003 .000 

' 
-.002 -.011 _—. 021 -.013 

1 . 

RIGHT AILERON UP. LEFT AILERON DOWN 

Cl' 10 0. 035 0.036 0. 033 0.034 0.031 0. 028 0. 020 0.008 0.004 

Cn -.002 -.009 -.011 -.011 -.011 -.013 -.017 -.015 -.012 
Cl' 20 . 067 .068 . 067 .067 .064 .057 .043 .028 .009 

| Cn -. 002 -.014 -.019 -.020 -.020 -.022 -. 031 -.031 -.022 
Cl' 30 . 085 .093 .093 .094 .092 .082 .065 .048 .018 
Cn' -.005 -.020 -. 025 -.027 -. 026 -.027 -.038 -.042 -.030 
Cl' 40 . 105 .116 . 107 . 108 . 107 .095 .077 .060 .023 
Cn' -. 013 -.034 -.033 -.032 -.030 -. 030 -.042 -.047 -.035 
(V 50 . 095 . 130 . 121 .123 . 121 . 106 .083 . 066 .026 
CJ — nm -.044 -.040 -.037 -.033 -.033 -.047 -.049 -.037 

AILERONS FLOATING- NEUTRAL 

Cl 0 -0.318 -0. 066 0. 046 0. 214 0. 514 0. 783 0. 878 0.946 0.998 1.010 1.012 1.016 1.008 0. 874 0. 762 0. 760 0. 700 

Cd .036 .024 .024 .027 .043 .070 .083 .097 . 114 . 126 . 141 . 162 . 185 .283 .361 .448 .618 

Ci’ —. 002 -.004 -.004 -.005 -.006 -.010 -.011 -.017 -.026 -.033 -.042 -.051 -.055 -.077 -.068 -.071 —051 — 

C„' .003 .002 .002 .002 .003 .005 .006 .007 .009 .010 .010 .010 .011 .012 .020 .031 .038 L. 

Sap -3 -7 -10 -11 -14 -16 -17 -17 -20 -21 -21 -22 -23 -25 -26 -31 -40 
i 

RIGHT AILERON UP. LEFT AILERON DOWN 

Ci' 10 1 0. 032 0.034 ■ 0.032 0.030 0.026 0. 023 0.013 0.012 0.006 
CJ . 001 -.001 -.002 -.002 -.002 -.002 -.009 .000 .003 

5 -1 -4 _r -8 -10 -12 -12 -25 
Cl' 20 . . 064 . 065 .062 .059 .050 .043 .028 .027 .017 . 
CJ —.001 -. 006 i -. 008 -.007 -.006 -.006 -.014 -.007 .000 

20 15 12 9 10 7 5 2 -10 
Ci' 30 . 080 .083 .082 .079 .071 .060 .042 .037 .023 

CJ -. 001 -.009 -.013 -.014 -.012 -.012 -.014 -. 016 -.007 . 

28 26 22 22 22 23 20 19 6 .. 
Ci' 40 095 . 102 . 102 .098 . OSS .074 .051 .043 .024 .. 

CJ -. 003 -.013 -. 018 -.020 -. 017 -.016 -.027 -. 023 -.017 . 

Sap 36 « 32 o 32 “ 32 “ 32 “ 32 “ 32 - 32 ° 32 . 
1 1 

• Floating ailerons were in extreme position, against stop. 
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TABLE VII 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SLOTTED AILERONS 40 PER CENT c BY 30 PER 
CENT b/2. R. N. = 609,000. VELOCITY = 80 M. P. H. 

Cx is given for forced rotation at p'b/2V= 0.05. p'b/2V values are for free autorotation. (+) Aiding the rotation. (—) Damping the rotation 

degrees 0 12 14 16 17 i 18 19 | 20 21 22 24 25 26 30 35 37 

(+) Rotation (clock¬ 
wise)...__ 

(—) Rotation (coun¬ 
terclockwise). 

(+) Rotation (clock¬ 
wise)... 

(—) Rotation (coun¬ 
terclockwise) _ 

(+) Rotation (clock¬ 
wise) . 

(—) Rotation (coun¬ 
terclockwise)... 

(+) Rotation (clock¬ 
wise)_ 

(—) Rotation (coun¬ 
terclockwise)_ 

40 

Cx 
j/b 
2 V 
Cx 
p'b 
2V 

Cx 
tfb 
W 
Cx 
pn> 

2 V 

Cx 

Cx 

Cx 

Cx 

YAW=0° 

AILERONS LOCKED-NEUTRAL 

-0.025 -0. 023 -0.019 -0. 007 -0. 001 

0. 161 

. 143 

\ 
, 

O
 

to
 

0
 

-.017 -. 015 -.011 -.006 

— 

-0. 025 -0. 025 -0. 015 -0.002 __ 

0. 073 

-.020 -.018 -.015 -.008 _ 

1 

0. 005 .__ 0.029 0.019 0. 001 

.289 0. 296 . 305 0. 307 .318 _ .350 

-.001 . 006 . 000 

— 

.291 _ .300 .309 .325 .. .347 0.354 _ 
1 

-0. 001 

.363 

.001 

0.074 0.056 

-0.002 

-.001 

AILERONS FLOATING—NEUTRAL 

0.010 

. 164 

-.003 

. 137 

0.003 

. 164 

-.002 

0.003 

. 105 

-.001 

_ —0.003 

0. 164 0. 094 0. 065 __ 

_ —. 006 

_1__ _ 

-0.003 

-.001 

YAW=—20° 

AILERONS LOCKED-NEUTRAL 

-0.016 

-.026 

0.001 

-. 038 

0.010 0.025 

-.044 -.055 

0.046 ... ... 0.083 _ 0.082 0.083 

-.088 

0. 078 0 OfiO 

— -.070 ... ... -.079 _'-.086 —. 075 — 055 
1 1 

AILERONS FLOATING—NEUTRAL 

-0.017 -0.004 . 001 0. 009 _ 
I 

0.023 ... ... 0.047 .. 0.049 .. ... 0.051 0. 054 0 049 

J O
 

to
 

-.031 -.034 ! -.042 -.054 1... _—. 055 _ .058 _ .059 . 060 046 
_ _1_L_1_ 

TABLE VIII 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH FRISE AILERONS 25 PER CENT c BY 40 PER CENT H2 
R. N.-609,000. VELOCITY = 80 M. P. H. YAW = 0° 

a 
degrees -10 -5 -3 0 5 10 12 14 16 17 18 19 j 20 22 25 30 40 i 50 

1 
60 

6a 
de¬ 

grees 
AILERONS LOCKED-NEUTRAL 

Cl 
Cd 

0 -0.308 
.059 

0.014 
.017 

0. 158 
.017 

0.358 
.022 

0.723 
.046 

1.044 
.088 

1.153 
. 109 

1.240 
. 129 

1.265 
. 142 

” 1.278 
. 159 

1. 282 1. 280 1. 254 
. 175 1.95 .247 

1.157 
.290 

0. 792 
.416 

0. 855 
.537 

0. 803 
.723 

0.697 
.868 

0.680 
1.040 

LEFT AILERON DOWN. RIGHT AILERON 0° 

CY 
CV 
Ci' 
CY 
Ci' 
CY 
Ci’ 
CY 
CY 
CY 

Ci' 
CY 
Ci' 
CY 
Ci’ 
CY 
Ci’ 
CY 
Ci' 
CY 
Ci' 
CY 
Ci' 
CY 

Ci' 
CY 
Ci’ 
CY 
Ci’ 
CY 
Ci’ 
CY 
Ci’ 
CY 

10 

20 

‘36" 

40 

50' 

10 

20 

30 

16" 

50 

60 . 

"so" ." 

10 

20 . 

_30' ’ 

40 . 

’56" " 

.020 

.002 

.036 

.006 

.044 

.010 

.054 

.016 

.058 

.020 

0. 024 
000 
026 
004 
028 
007 
032 
011 
036 
014 
032 
018 
036 
022 

0.014 
-.004 

.027 
-.010 

.037 
-.016 

.045 
-.022 

.047 
-.026 

0.012 
-.005 

.025 
-.011 

.033 
-.018 

.040 
-. 023 

.042 
_ -.027 

I 

0.009 
-.005 

.019 
-.012 

.027 
-.018 

. 033 
-.023 

.034 
! -.028 

0.003 
-.005 

.020 
-.011 

.002 
-.015 

.004 
-.020 

.006 
-.025 

-0.003 
-.005 
-.001 
-.010 
-.002 
-.013 
-.004 
-.016 
-.007 
-.019 

0.001 
-.004 

.001 
-.007 

.000 
-.011 

.000 
-.015 
-.002 
-.018 

0.001 
-.003 

.000 
-.007 
-.003 
-.010 
-.002 
-.015 
-.003 
-.020 

0.000 
-.003 

.001 
-.009 
-.001 
-.012 
-.004 
-.014 
-.007 
-.018 

RIGHT AILERON UP. LEFT AILERON 0° 

0.025 . 0.023 
-.003 .i—.005 

.032 .034 
-.001 ..-.004 
.037 
.001 
.042 
.004 
.049 
.007 
.054 
.010 
.063 
.014 

.038 
-. 001 

.045 

.002 

.051 

.004 

.056 

.007 

.065 

.011 

0.019 
-.006 

.033 
-.006 

.038 
-.004 

.045 
-.001 

.051 

.002 

.056 

.004 

.058 

.009 

0.018 
-.007 

.034 
-.008 

. 038 
-.006 

.044 
-.004 

.054 
-.002 

.058 

.001 

.062 

.006 

0.005 
-.007 

.019 
-.009 

.024 
-.008 

.032 
-.006 

.040 
-.003 

.044 
-.001 

.053 

.005 

.0003 
-.003 
.011 

-.004 
.010 

-.002 
.008 
.000 
.009 
.002 
.010 
.003 
.016 
.005 

0.002 
-.002 

.012 
-.004 

.011 
-.003 

.006 

.000 

.003 

.001 

.004 

.003 

.012 

.001 

-0.001 
-.002 

.007 
-.006 

.014 
-.005 

.014 
-.003 

.012 

.000 

.007 

.001 

.004 

.003 

LEFT AILERON DOWN. RIGHT AILERON UP 

0.045 
-.002 

.062 
-.003 

.072 
-.004 

.086 
-.005 

.094 
-.007 

0.040 
-.008 

.060 
-.012 

.076 
-.016 

.088 
-.017 

.098 
-.018 

0.036 
-.010 

.059 
-.015 

.073 
-.019 

.087 
-.021 

.095 
-.024 

0.033 
-.011 

.057 
-.017 

0.060 
-.022 

.081 
-.024 

.089 
-.027 

0.020 
-.012 

.054 
-.018 

I 

0.019 0.003 0. 005 0.003 0.001 
-.013 -.014 -.007 -.006 -.007 

.034 .021 .013 .013 .009 
-.019 -.020 -.011 -.012 -.014 

.042 .025 .011 .012 .017 
-.023 -.023 -.013 -.015 -.019 

.052 .031 .011 .008 .014 
-.024 -.024 -.015 -.016 -.019 

.064 .037 .011 .007 .009 
-.028 -.025 -.018 -.020 -.020 
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TABLE IX 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH FRISE AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
R. N. = 609,000. VELOCITY = 80 M. P. H. YAW = 20° 

a 
degrees -10 -5 

-3 
0 5 10 12 14 

] 
16 17 18 19 20 22 25 30 40 50 60 

Sa 
de- AILERONS LOCKED—NEUTRAL 

grees 

Cl 0 -0. 296 0.004 0.135 0. 329 0.649 0.937 1.033 1.110 1. 138 1. 164 1.182 1.193 1. 200 0.980 0. 890 0.860 0. 793 0.734 0.621 
Cd .031 .018 .017 .020 .041 .076 .093 . Ill .120 . 131 . 144 . 160 .204 .353 .410 . 507 .664 .858 1.026 
Ci' -.002 -.005 -.007 -.008 -.010 -.015 -.018 -.023 -.028 -.033 -.042 -. 052 -.063 -.080 -. 103 -.088 -.055 048 -.044 
cv .002 .001 .001 .002 .003 .007 .009 .013 .014 .016 .016 .018 .022 .025 .042 .051 .046 .053 .063 

LEFT AILERON DOWN. RIGHT AILERON 0° 

Ci' 10 0.015 0.011 0. 010 0. 009 0.006 0. 000 -0.003 0. 002 0.003 ._J. 
cv -. 002 -.003 -.006 -. 004 -.004 -.004 -.006 -. 004 -.005 ..1. 
Ci' 20 .028 .023 .022 .019 .014 .001 . 007 .004 .003 ..1. 
Cn' -.005 -.008 -.011 -.009 -. 009 -. 008 —.010 -.008 -.010 _ _ 
cv 30 

_ 
. 038 .032 .030 .028 .019 . 000 . 009 .004 .003 ... 

Cn' -.009 -.014 -.017 -.018 
— 

-.015 -.013 -.019 -.012 -.013 .. 
Cl' 40 .045 .040 .038 .035 .023 . 001 .010 . 004 .002 ... 
Cn’ -.015 —.021 -. 024 -.020 -. 019 -.017 —.020 -.015 -.016 ... 
Cl' 50 .049 .045 . 044 .039 .025 . 000 .010 .001 .000 __ 
Cn’ -.009 —. 026 —.030 -.026 -.024 -. 020 -.030 -.019 -.024 ... 

RIGHT AILERON UP. LEFT AILERON 0° 

Cl' 10 ... 0. 023 .. 0.024 0. 024 0. 024 ...... 0. 022 0.017 0.011 0.000 0.000 . 
Cn' .001 .—.004 -. 008 -. 007 -.009 -.013 -.022 -.006 -.003 .. 
Cv 20 .030 _ .036 .038 . 039 .039 . 032 .027 .012 .003 _ 
Cn' .004 .—. 002 -.067 -.008 -. 012 -.018 -.019 -.013 -.006 _ 
Cl' 30 .032 _ . .043 .046 . 047 .048 . 042 .038 .026 .013 . 
Cn .008 . 000 -.005 -. 006 -. 010 -. 018 -. 020 -.016 -.008 _ 
Ci 40 .035 . 048 .052 .056 . 059 . 050 .046 .033 .014 _ 
Cn' .011 .003 -.003 -.004 -.008 -.017 -.020 -.015 -.006 _ 
Ci 50 .039 .054 .059 .066 .070 .052 .051 .038 .015 . 
Cn' . 015 _ .006 . 000 -.002 

_ 
-.006 -.008 -.019 -.014 -.002 .. 

Ci 60 .040 .060 . 066 .073 .076 .074 .056 .042 .017 .. 
Cn .018 _ .009 .002 .000 . -.004 -.006 -.017 -.012 -.005 _ 
Ci 80 .038 _ .063 .071 .078 . 085 .086 . 058 .045 .022 
Cn' .023 . 015 .009 .007 .003 .003 -.010 -.008 -.005 

LEFT AILERON DOWN. RIGHT AILERON UP 

Ci 10 0. 039 0. 036 0.034 0.033 0.034 0. 030 0.014 0.015 0.003 0. 002 
C„' —. 002 -.008 -. 011 -. 012 -.011 -. 013 -.017 -.017 -.010 COS 
a 20 

....... 
. 059 .059 .060 .061 .060 .055 .032 .037 .018 .004 _ 

Cn' -.001 -.011 -.017 -.018 -.018 -.020 -.027 -.030 -.023 -.014 . 
Ci 30 .070 . 076 .077 0.078 .071 .043 .050 .035 .014 _ 
Cn' -.003 -.015 -.021 -.022 -.025 -.031 -.036 -.032 -.020 
Ci 40 .080 .089 .090 .093 .087 .052 .060 .043 .016 
Cn' -. 004 -.016 -. 023 -.025 -.027 -.033 -.040 -. 035 -.022 
Ci 50 . 089 .099 . 104 . 108 . 100 .087 . 066 .048 .016 
Cn' —. 005 —. 021 -.028 -.029 -. 029 -. 039 -.044 -.037 -.024 .. 

TABLE X 

ROTATION TESTS. 10 by 60-INCH CLARK Y WING WITH FRISE AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
R.N. = 609,000. VELOCITY = 80 M.P.H. 

p'b 
Cx is given for forced rotation at =0 =0.05. 

p'b 
2 V 

values are for free rotation. (+) Aiding rotation. (—) Damping rotation 

| degrees 

(-f) Rotation (clockwise)_ 

(—) Rotation (counterclock¬ 
wise) _ 

(+) Rotation (clockwise)_ 
(—) Rotation (counterclock¬ 

wise) . 

Cx 
p'b 
2V 

Cx 
p'b 
2 V 

0 
“ 

14 16 

-0. 024 -0. 021 -0.019 -0.011 

-.018 -.018 -.016 -.009 

18 19 20 22 25 
l 

26 
I 

27 28 30 40 

YAW=0° 

AILERONS LOCKED—NEUTRAL 

0. 002 0.026 0.017 0.003 

. 102 0.332 .377 .386 

.001 .011 .027 .010 

. 166 .332 .361 .402 

0.414 0.050 

0.442 
/ .460 
\ .055 

}.. 

-0. 002 -0.001 

.000 .000 

YAW = —20° 

AILERONS LOCKED—NEUTRAL 

Cx -0.014 0.001 0.006 0.018 0.034 0.055 0.087 
Cx -.025 -.036 -.041 -.048 -.060 -.037 -.058 

0.084 0. 074 
-.071 

0.046 ! 
-.053 
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TABLE XI 

CRITERION'S SHOWING RELATIVE MERITS OF AILERONS 

Subject 

Wing area or minimum speed. 
Speed range. 
Rate of climb. 

Lateral controllability. 

Lateral control with sideslip... 

Yawing moments due to ailerons: 
(+) Favorable; (—) unfavor¬ 

able. 

Lateral stability (5^=0°). 

Criterion 

25 per cent c by 40 per cent 6/2 plain ailerons 25 per cent c by 40 per cent 6/2 slotted ailerons 

Stand¬ 
ard 

25° up, 
25° 

down 

Differ¬ 
ential 
No. 1, 

35° up, 
15° down 

Differ¬ 
ential 
No. 2, 

50° up, 
7° down 

Up-only, 
60° 

Float¬ 
ing, 
50° 

differ¬ 
ence 

Stand¬ 
ard 

25° up, 
25° 

down 

Differ¬ 
ential 
No. 1, 

35° up, 
15° down 

Differ¬ 
ential 
No. 2, 

50° up, 
7° down 

Up-only, 
54. 25° 

Float¬ 
ing, 
50° 

differ¬ 
ence 

Maximum Cl I f 1.270 1.270 1. 270 1.270 1.168 1.308 1.308 1.308 1. 308 1.168 
Max. Ct/min. Cd >5.4 = 0°... <79. 4 79.4 79.4 79.4 77.8 81.7 81.7 81.7 81.7 68.6 
LID at Cl=0.70 1 115. 9 15.9 15.9 15.9 16.3 15.5 15.5 15.5 15.5 15.5 

IRC a = 0°. .204 .202 .214 .196 .243 . 186 . 172 .146 .105 .251 
1 RC a = 10°......... .076 .074 .074 .072 .083 .072 .066 .058 .044 .085 
)RC a = 20°.... .038 .051 .055 .054 .035 .032 .031 .033 .032 .039 
IftC a = 30°... .017 .005 .002 .002 - 018 .022 .011 .007 .006 .002 
Maximum a at which ailerons will bal- 20° 20° 21° 22° 19° 19° 19° 19° 19° 19° 

ance Ci' due to 20° yaw. 

/. +.002 +. 010 +.016 +.C04 +. 011 +. 013 
Cn <* = 0°..... 1-. 007 -4. 003 — o. 002 -.002 -.005 001 - “. 001 - 4. 003 

C„ O£=l0°... 
/. +. 004 +. 013 +.018 +.002 +.004 +.011 +. 014 +.002 
i 004 002 - o. 001 -.003 -“.002 001 

Cn at = 20°.... 
/. +. 008 +.013 +. 008 +. 014 +. 001 
\- 010 -".007 -o. 006 -“. 003 -.002 -.012 -4.008 -“.007 -“. 001 
f_ +. 002 +.002 +. 004 +.003 Cn a=30 — - --- — 
1-. 008 - K 008 -0.007 — o. 004 003 -.005 -“.004 -“.004 -“. 002 

'a for initial instability in rolling_ 19° 19° 19° 19° 21° 18° 18° 18° 18° 20° 
a for initial instability at p'6/2F=0.05: 

Yaw=0°..... 18° 18° 18° 18° 21° 17° 17° 17° 17° 20° 
Yaw=20°_____ 11° 11° 11° 11° 15° 13° 13° 13° 13° 16° 

Maximum unstable Cx 
Yaw = 0°. ..... .048 .048 .048 .048 .016 .039 .039 .039 .039 .020 
Yaw=20°... .093 .093 .093 .093 .071 .085 .085 .085 .085 .072 

Subject 

Yawing moments due to ailerons: 
(+) Favorable; (—) unfavor¬ 

able. 

Lateral stability (5^=0°). 

40 per cent c by 30 per cent 6/2 slotted ailerons i 25 per cent c by 40 per cent 6/2 Frise ailerons 

Criterion Stand¬ 
ard, 

25° up, 
25° 

down 

Differ- Differ¬ 
ential ential 
No. 1, No. 2, 
35° up, 50° up, 

15° down 7° down 

Up-only, 
53.5° 

Float¬ 
ing, 
50° 

differ¬ 
ence 

Stand¬ 
ard, 

25° up, 
25° 

down 

Differ¬ 
ential 
No. 1, 
35° up, 

15° down 

Differ¬ 
entia] 
No. 2, 

50° up, 
7° down 

Float- 

Up-only, 

60° differ¬ 
ence 

Maximum Cl ) | 1.240 1. 240 1. 240 1.240 1.067 1.283 1.283 1.283 1.283 . 
Max. ClI min. Cd -5,1 = 0°_ ■ 72. 9 72. 9 72. 9 72.9 46. 4 75. 5 75. 5 
L/D at Cz,=0.70 j 1.15. 6 15. 6 ; 15. 6 15.6 13.0 15.9 15.9 15.9 15.9 . 

IRC a=0° __ . 188 . 166 .156 . 120 .271 . 187 . 163 . 140 .091 . 
IRC a=10° _ . 082 . 072 .069 .068' .083 .066 . 058 . 055 .050 . 
\RC a = 20°____ .052 . 055 . 058 . 053 .049 . 034 . 043 .043 .043 .. 
\RC a=30°..... . 019 . 019 .017 . 017 .020 .022 .012 . 004 .002 . 
Maximum a at which ailerons will bal- 20° 21° 22° 22° 19° 20° 20° 21° 21° ... 

ance Ci' due to 20° yaw. 

Cn «= 0°_ 
/_. +. 005 +. 016 +. 019 +.001 +. 004 +.012 +.018 . 

006 -“.002 -“.001 -.003 -“. 002 -“. 002 
/. +. 006 +. 019 +. 022 +.008 +.006 +. 014 +.019 . Cn a=10-_--...... — .....-- 1 -. 005 — “.001 .J_ -.002 / 
/. +. 002 +. 015 +.021 +.009 +. 005 +. 014 +.021 .. 

Cn a —20_ \-. 008 -“.005 -“.004 -.007 -“.004 -“.003 -“.001 . 
f. _ +.002 +.006 +.008 +.002 +.004 . 

Cn oc = 30_ 010 - 4. 007 - 4, 006 -“. 003 -. 005 -“. 003 -“.002 -“.001 . 

fa for initial instability in rolling.. _ 18° 18° 18° 18° 19° 19° 19° 19° 19° . 
a for initial instability at p'6/2 V=0.05: 

Yaw=0° _ 17° 17° 17° 17° 19° 18° 18° 18° 18° .| 
Yaw=20°...... 11° 11° 11° 11° 14° 11° 11° 11° 11° . 

Maximum unstable C>.: 
Yaw=0°_ .031 .031 .031 .031 .009 .027 .027 .027 .027 . 
Yaw=20°.-... . 083 . 083 . 083 .083 .054 .087 . 087 .087 .087 .... 

1 

“ to / Where the maximum yawing moment occurred below maximum deflection, the letters indicate the deflection of the up ailerons as follows: “ = 10°, 6 = 15°, «=20! 
■' = 25°, <=30°,/= 40°. 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, 
PARTICULARLY AT HIGH ANGLES OF ATTACK 

III—ORDINARY AILERONS RIGGED UP 10° WHEN NEUTRAL 
By Fred E. Weick and Carl J. Wenzinger 

SUMMARY 

Wind-tunnel tests have been made on three model wings 
having different sizes of ordinary ailerons rigged up 10° 
when neutral, the same models having previously been 
tested with the ailerons rigged even with the wings in the 
usual manner. One oj the wings had ailerons oj medium 
size, 25 per cent oj the wing chord by jO per cent of 
the semispan, one had long, narrow ailerons, and one 
had short, 'wide ones. These tests are part oj a general 
investigation on lateral control devices, with particular 
reference to the control at high angles oj attack, in which 
all the devices are being subjected to the same series oj 
tests in the 7 by 10 foot wind tunnel oj the National 
Advisory Committee Jor Aerona utics. Force tests oj the 
usual type, free-autorotation tests, and jorced-rotation 
tests were made showing the effect of the ailerons on the 
general perjormance oj the wing, on the lateral control¬ 
lability, and on the lateral stability. 

With the ailerons rigged up 10° when neutral, negligibly 
small yawing moments (body axes), at all angles oj attack 
which can be maintained by conventional airplanes, were 
given by the medium-sized aileron■< with equal up-and- 
down deflection. Large javorable yawing moments, and 
no adverse ones with any portion of the total deflection, 
were given at all angles oj attack by each oj the three sizes 
of ailerons with up-only movement, by the short, wide 
ailerons with a medium differential movement, and by the 
medium-sized ailerons with an extreme differential move¬ 
ment. The direct rolling control was best at high angles 
oj attack with the short, wide ailerons with an extreme 
differential movement, but this combination required 
exceptionally high control jorces. For neutral setting 
the lateral instability wasjound to be less with the ailerons 
rigged up 10° than with them rigged even with the wing. 

INTRODUCTION 

This report is the third of a series giving the results 
of an investigation in which it is hoped to compare all 
types of lateral control devices which have been satis¬ 
factorily used, or which show reasonable promise of 
being effective. It is planned first to test the various 
types of ailerons and lateral control devices on rectan- 

149900—33-31 

gular wings of aspect ratio 6. Later the best ones are 
to be tested on wings of different shape. The tests 
show the relative merit of the various control devices 
in regard to lateral controllability, lateral stability, and 
general usefulness as shown by the lift and drag 
characteristics. They include regular 6-component 
force tests with the ailerons or other control devices 
both neutral and deflected various amounts, rotation 
tests in which the model is rotated about the wind- 
tunnel axis and the rolling moment measured, and 
free-rotation tests showing the range and rate of 
autorotation. Because of the large effect of yaw on 
both lateral stability and control, the tests are made 
not only at 0° yaw, but also with an angle of yaw of 
20°, which represents the conditions in a fairly severe 

sideslip. 
The previous work in this investigation is reported 

under references 1 and 2. The first report covered 
ordinary ailerons of three different sizes. One of 
these was of medium size obtained from an average of 
several conventional ailerons; the second was long and 
narrow; and the third was short and wide. All were 
proportioned to give approximately the same rolling 
moments at angles of attack below the stall, and with 
equal up-and-down deflection. The results are given 
also for the ailerons set in accordance with two differ¬ 
ential movements, with upward movement only, and 
with the ailerons arranged to float. It was found that, 
with the exception of the floating ailerons, none of those 
tested were entirely free from adverse yawing moments. 
An examination of the results, however, indicated that 
improved aileron control with no adverse yawing 
moments might be obtained with ordinary ailerons if 
they were rigged so that both ailerons had a negative, 
or upward, deflection of about 10° when neutral and 
were given an up-only or an extreme differential 
movement starting from that point. In this case, it 
seemed that very good rolling control could be obtained 
at the high angles of attack just above the stall, and 
judging from the previous tests with the ailerons 
floating, the stability in roll would be improved. In 
addition, with upward movement only, the hinge 
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moments would practically all be in the same direc¬ 
tion, which is not true with the ailerons rigged even 
with the wing. 

The present report covers tests which have been 
made with the ailerons rigged up 10° when neutral. 

APPARATUS AND METHODS 

Wind tunnel.—All the tests were made in the 7 by 
10 foot open-jet wind tunnel of the National Advisory 
Committee for Aeronautics. In this tunnel, the model 
is supported in such a manner that the forces and 
moments at the quarter-chord point of the mid section 
of the model are measured directly in coefficient form, j 

semispan, the long, narrow ones are 15 per cent of the 
chord by 60 per cent of the semispan, and the short, 
wide ones are 40 per cent of the chord by 30 per cent 
of the semispan. 

Angle at which ailerons should be rigged when 
neutral.—In Figure 2 are given the yawing-moment 
coefficients (body axes) due to the ailerons of all three 
sizes when individually deflected. (These results were 
obtained from Part I.) Considering only the upward 
deflection, it will be noted that the yawing-moment 
coefficients reach maximum adverse (negative) values 
at about 10° for the angles of attack of 20° and below. 
It is therefore apparent that if both ailerons were 

51a tion \0.OO\l 25 2.50 5.00 7.50 10 15 20 30 40 50 60 70 80 90 95 too 
Upper 3.50\5.45 6.50 7.90\8.Q5 9.60 10.69 11.36 II. 70 11.40 10.52 9.15 7.35 5.22 2.80 1.49 042 
Lower 3.50\l93 1.47 0.93'0.63 0.42 0.15 0.03 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0.00 

Figure 1.—Details of ailerons on Clark Y wings. (Ventral position 10° up) 

For autorotation tests, the standard force-test tripod 
is replaced by a special mounting that permits the wing 
to rotate about the longitudinal wind axis passing 
through the midspan quarter-chord point. This 
apparatus is mounted on the balance, and the rolling- 
moment coefficient may be read directly during the 
forced-rotation tests. A more complete description 
of all the above equipment is given in reference 3. 

Models.—The same three models were used in these 
tests as in the original tests of Part I. (Reference 1.) 
They were made of laminated mahogany, each having 
a 10-inch chord and 60-inch span. The sizes of the 
ailerons are as shown in Figure 1. The medium ones 
are 25 per cent of the wing chord by 40 per cent of the 

deflected upward 10° when neutral, the adverse yawing 
moments should be practically eliminated over the 
full range of angles of attack and aileron deflection by 
using upward movement only. Also, since the varia¬ 
tion of yawing moment is greater for upward travel 
than for downward travel, by starting with 10° it 
seemed likely that the adverse yawing moments 
could be practically eliminated with the proper differ¬ 
ential movement. The results in Figure 2 have been 
replotted in Figure 3 on the basis of the ailerons neutral 
with 10° upward deflection. Figure 3 shows that the 
adverse yawing moments arc practically eliminated at 
all angles of attack for the upward aileron movement. 
From this point of view, the upward deflection of 10° 
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when neutral is apparently about as satisfactory a 
value as can be obtained for all three aileron sizes. 
The favorable yawing moments with upward deflection 
are in most cases as great as, or greater than, the 
adverse yawing moments with downward deflection, 
from which it would seem that within reasonable 
limits any desired amount of yawing moment can be 
obtained by the use of a suitable differential movement. 

downward displacement of 15°; the third is an extreme 
differential movement of which the maximum values 
are 50° up and 7° down, and the last is upward move¬ 
ment only with a maximum deflection of 60°. The 
various relative displacements with the two differential 
movements are given in Table I, and linkage arrange¬ 
ments which were assumed for control-force computa¬ 
tions are given in Figure 4 for all of the movements. 

Figure 2.—Yawing-moment coefficient due to ailerons deflected individually 
(body axes). Ailerons neutral 0° to wing chord 

Figure 3.—Yawing-moment coefficient due to ailerons deflected individually 
(body axes). Ailerons netural up 10° from wing chord 

Aileron movements.—Three types of aileron deflec¬ 
tion wrere used in these tests: Equal up-and-down, 
upward movement only, and downward movement 
only. From these settings data were obtained 
directly for the equal up-and-down and the up-only 
movements. For differential arrangements the rolling 
and yawing moments were taken as the sum of the 
moments obtained separately on the up-only and 
down-only tests. This assumption is not rigorously | 
correct, owing to the difference in the effect of the 
ailerons on the span load distribution over the wring 
when they are deflected separately or together. How¬ 
ever, check tests comparing the moments as obtained 
by either simultaneous or separate deflection show 
that the error due to this method of computation is 
small for the cases under discussion. Results have been 
computed for the same four series of deflections that 
were given in Part I. For the first of these, equal 
up-and-down, a maximum deflection of ±25° is as¬ 
sumed; the next is an average differential movement 
with a maximum upward displacement of 35° and a 

TABLE I 

ASSUMED DIFFERENTIAL AILERON 
ARRANGEMENTS 

[Ailerons neutral at 10° up from wing chord] 

1 Average differential (No. 1) 
i 

Extreme differential (No. 2) ! 
1 

Drive Aileron deflection 6 Drive Aileron deflection ' 
j crank crank 

angle a angle ° 
Up Down 

■ 
from 39° Up Down from 46° 

0° 0.0° 0. 0° 0° 0.0° 0.0° 
10° 8. 0° 7. 0° 10° 7. 5° 5.5° 
20° 17.0° 12.0° 20° 16. 0° 10.4° ! 
30° 28. 0° 14. 8° 30° 25. 5° 13.6° 
40° 40. 0° 15. 2° 40° 35. 5° 13.1° ; 
50° 60.0° 13.5° 50° 55. 7° 3.3° 1 

“ Drive crank initial angle from vertical. (See fig. 4.) 
b Aileron crank angle 80° to aileron chord. 
c Aileron crank angle 55° to aileron chord. 

The values of the rolling and yawing moment 
coefficients with the ailerons deflected various amounts 
were taken from the results of Part I of this investi¬ 
gation and recomputed for the condition with the 
ailerons up 10° when neutral. New tests were required, 
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however, in order to find the effect on the general per¬ 
formance of the wing and on the lateral stability for the 
neutral condition with the ailerons both set 10° up. 

New tests.—These tests were conducted in accord¬ 
ance with the standard procedure, and at the dynamic 
pressure and Reynolds Number employed throughout 
the entire series of investigations on lateral control. 
(Reference 1.) The dynamic pressure was 16.39 
pounds per square foot, corresponding to a speed of 

D, Up-only 

Figure 4.—Aileron linkage systems. Assumed maximum deflection with the neu¬ 
tral 10° up 

80 miles per hour in standard air, and the Reynolds 
Number was 609,000. 

The regular force tests were made at a sufficient 
number of angles of attack to determine the maximum 
lift coefficient, the minimum drag coefficient, and the 
drag coefficient at 67 = 0.70. Free-autorotation tests 

v'b 
were made in which the value *—■ was obtained for 

each wing throughout the entire angle-of-attack range. 
Forced-rotation tests were also made in which the 

rolling moment while rolling was measured at the 

• • . i)f b 
rotational velocity corresponding to — 0.05, and 

at angles of yaw of both 0° and —20°. 
Accuracy.—The accuracy of the results in this re¬ 

port is the same as that in Part I. (Reference 1.) It 
is considered satisfactory at all angles of attack except 
in the burbled region between 20° and 25°, where the 
rolling and yawing moments are relatively unreliable 
owing to the critical and often unsymmetrical con¬ 
dition of the air flow around the wing. 

RESULTS 

Coefficients.—The force-test results are given in 
the form of absolute coefficients of lift and drag and 
of the rolling and yawing moments: 

n Lift 
qS 

n _ Drag 
'D qS 

n, Rolling moment 
Ll ~ ' qbS 

p , _ Yawing moment 
Cn qbS 

where S is the total wing area, b is the wing span, and 
q is the dynamic pressure. The coefficients as given 
above are obtained directly from the balance and refer 
to the wind (or tunnel) axes. In special cases in the 
discussion where the moments are used with reference 
to body axes, the coefficients are not primed. Thus the 
symbols for the rolling and yawing moment coefficients 
about body axes are Ct and Cn. 

The results of the forced-rotation tests are given, 
also about the wind axes, by a coefficient representing 
the rolling moment due to rolling: 

where X is the rolling moment measured while the 
wing is rolling, and the other factors have the usual 
significance. 

This coefficient may be used as a measure of the 
degree of lateral stability or instability of a wing under 
various rolling conditions. In the present case, it is 
used to indicate the characteristics of a wing when it is 
subjected to a rolling velocity equal to the maximum 
likely to be encountered in controlled flight in very 
gusty air. This rolling velocity may be expressed in 
terms of the wing span as 

V'b 
2V 

0.05 

where V is the air speed at the center section of the 
wing. 
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Tables.—The results of these tests are given in 

Tables II to VII, inclusive. Table II contains the lift 
and drag coefficients at various angles of attack for the 
wing with long, narrow ailerons, and Table III gives the 
results of the rotation tests of the same wing. Tables 
IV and V give the results of the force and rotation 
tests, respectively, for the wing with medium-sized 
ailerons, and Tables VI and VII for the wing with 
short, wide ailerons. 

DISCUSSION IN TERMS OF CRITERIONS 

A series of criterions was developed in Part I for the 
purpose of comparing the effect of various ailerons or 
other lateral control devices on the general perform¬ 
ance of an airplane, on its lateral controllability, and 
on its lateral stability. The present ailerons with their 
various movements are compared with each other by 
means of these criterions in Table VIII. In addi¬ 
tion, the original values for the ailerons rigged even with 
the wing when neutral are given in Table IX for 
comparison. 

GENERAL PERFORMANCE 

Wing area required for desired landing speed.— 

The value of the maximum lift coefficient was used as 
a criterion of the wing area required for the desired 
landing speed, or conversely for the landing speed 
obtained with a given wing area. All three wings with 
both ailerons rigged up 10° gave maximum lift coeffi¬ 
cients about 6 per cent lower than with the ailerons 

rigged even with the wings. 
Speed range.—The ratio CLmax/CDmin is a con¬ 

venient figure of merit for comparison of the relative 
speed range obtained with various wings. Rigging 
both ailerons up 10° reduced the speed range 6 per 
cent for the long, narrow ailerons, and 17 per cent 
for the short, wide ones. The large reduction with 
the short, wide ailerons is mainly due to the increase of 
the minimum drag coefficient. This increase could 
probably be largely eliminated by the use of an air¬ 
foil section with fair lines and a turned-up trailing edge 
over the portion of the span covered by the ailerons. 

Rate of climb.—In order to establish a suitable 
criterion for the effect of the wing and the ailerons 
on the rate of climb of an airplane, the performance 
curves of a number of types and sizes of airplanes were 
calculated, and the relation of the maximum rate of 
climb to the lift and drag curves was studied. This 
investigation showed that the LIT) at CL = 0.70 gave a 
consistently reliable figure of merit for this purpose. 
All three sizes of ailerons, when rigged up 10°, gave 
values about 7 per cent higher than for the wings with 

the ailerons rigged at 0°. 

I. A TER A L CO N TROLL A BIL1TY 

Rolling criterion.—The rolling criterion upon which 
the control effectiveness of each of the aileron arrange¬ 
ments is judged is a figure of merit that is designed to 

be proportional to the initial acceleration of the wing 
tip, following a deflection of the ailerons from neutral, 

regardless of the air speed or the wing plan form of an 
airplane. Expressed in coefficient form for a rectangu¬ 
lar monoplane wing, the criterion becomes 

CL 

where Gx is the rolling-moment coefficient about the body 
axis due to the ailerons. The numerical value of this 
expression that has been found to represent satisfactory 
control conditions is approximately 0.075. A more 
detailed explanation of RC and its more general form 
which is applicable to any wing plan form is given in 
Part I. 

The comparison of the ailerons on the basis of this 
criterion is given in Table VIII at four representative 

angles of attack; namely, 0°, 10°, 20°, and 30°. The 
first angle, 0°, represents the high-speed attitude; 
a= 10° represents the highest angle of attack at which 
entirely satisfactory control with ordinary ailerons can 
be maintained; a = 20° represents the condition of 
greatest instability in rolling, and is probably the 
greatest attainable angle of attack with most present- 
day airplanes in a steady glide; and finally, a = 30° is 
given only for comparison with controls for possible 
future types of airplanes. 

At a — 0°, the rolling control produced by any of the 
aileron arrangements is much greater than necessary, 
it being even greater than for the corresponding 
arrangements with the ailerons rigged even with the 
wing when neutral. 

At a. = 10°, the control is also greater for all three 
aileron sizes, with the ailerons deflected 25° up and 
25° down, than for the corresponding arrangements 
with the original rigging. With the differential 
movements the control is about the same with both 
systems of rigging, and with the upward movement 
only, it is slightly lower with the ailerons rigged up 
10°. By the simple expedient of changing slightly the 
assumed maximum deflection of any of these ailerons, 
they could be arranged to give the same maximum 
moment at a = 10°, which would allow a more accurate 

comparison if such was desired. 
At a = 20°, which represents the region of greatest 

instability, all three aileron sizes and all movements 
give less control than the assumed satisfactory value, 
with the exception of the short, wide ailerons with the 
extreme differential movement. These give the satis¬ 
factory value of RC= 0.075. As shown by Figure 5, 
however, the value of RC is slightly lower at the angle 
of attack for maximum lift coefficient than at either 
10° or 20°. On the other hand, it reaches a peak 
value at a = 22° which is 13 per cent higher than the 

I assumed satisfactory value. The condition in which 
the values of RC became greater as the angle of attack 
was increased above the stall was true only for the 
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short, wide ailerons with at least a certain amount of 
differential movement. It will be noticed from 
Figure 5 that these ailerons with either differential 
movement or with up-only movement gave reasonably 
satisfactory control up to angles of attack 5° or 6° 
above the stall. 

At a = 30°, all of the ailerons gave very unsatis¬ 
factory control. 

lateral control with sideslip.—If a wing is yawed 
20°, a rolling moment is set up that tends to raise the 

Figure 5—Rolling criterion. 40 per cent chord by 30 per cent semispan 
ailerons with various movements. (Neutral position 10° up) 

forward tip with a magnitude that is always greater 
at very high angles of attack than the available rolling 
moment due to conventional ailerons. The limiting 
angle of attack at which the ailerons can balance the 
rolling moment due to 20° yaw represents the greatest 
angle of attack that can be held in an average sideslip. 
This angle is tabulated for all aileron arrangements as 
a criterion of control with sideslip. The controlla¬ 
bility obtained with the present aileron rigging was 
found to be slightly better than that with the original 
rigging. The best control against sideslip was obtained 

by the short, wide ailerons with the extreme differential 
movement, with which an angle of attack of 26° was 
reached before the rolling moment due to yaw over¬ 
powered the rolling moment due to the ailerons. 

Yawing moment due to ailerons.—The desirable 
yawing moment due to ailerons varies to some extent 
with the type of airplane that is being considered. 
For a highly maneuverable military or acrobatic 
machine, complete independence of the controls as 
they affect the turning moments about the various 
body axes is no doubt a desirable feature. On the 
other hand, for large transport airplanes or for machines 
to be operated by relatively inexperienced pilots, a 
favorable yawing moment of the proper magnitude 
would be an appreciable aid to safe flying. Finally, it 
is obvious that a yawing moment tending to turn the 
airplane out of its bank is never desirable under any 
circumstances. Any yawing tendency caused by the 
ailerons can be overcome only by the rudder, and the 
criterion used for it is simply the yawing-moment 
coefficient with respect to the body axes, Cn• The 
value of this coefficient on any particular airplane is 
approximately proportional to the rudder deflection 
required to overcome it regardless of the angle of 
attack or the air speed. It is, therefore, interesting 
to compare the yawing moments due to the ailerons 
with the maximum values of the yawing-moment 
coefficients obtained with average rudders, these being 
about 0.01 for the angles of attack below the stall 
and about 0.007 at an angle of attack of 20°. 

At either the 0° or 10° angles of attack with the 
ailerons rigged 10° up when neutral, no adverse yawing 
moments of appreciable magnitude were given by any 
of the aileron sizes or movements. At the 20° and 30° 
angles of attack, some gave adverse yawing moments 
but they were small for both the medium and the 
short, wide ailerons, and were smaller than with the 
original rigging for the long, narrow ailerons. With any 

of the ailerons, the differential movements gave higher 
favorable and lower adverse yawing moments, the 
up-only movements giving no adverse yawing mo¬ 
ments at any angle of attack for any of the three sizes. 
At angles of attack up to and including 20°, which 
covers the entire range that can be maintained in 
glides with most present-day conventional airplanes, 
no adverse yawing moments were given by the short, 
wide ailerons with either differential movement, or by 
the medium ailerons with the extreme differential. 
Further, no adverse yawing moments of serious mag¬ 
nitude were given by either the short, wide or the 
medium-sized ailerons with any deflection movement 
tried. The long, narrow ailerons, however, gave sub¬ 
stantial adverse yawing moments at a = 20° with all 
movements except the up-onlv. 

The ailerons giving the smallest values of Cn through¬ 
out the entire usable range of angles of attack were the 
medium-sized ones with equal up-and-down deflection. 
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These were closely approached by the short, wide 
ailerons, also with equal up-and-down deflection. 

LATERAL STABILITY 

wide ailerons as for the long, narrow ones, and is 
nearly twice as great for the short, wide ones as for the 

medium ones. 
CONCLUSIONS 

Angle of attack above which autorotation is self¬ 
starting.—This criterion is a measure of the range of 
angles of attack above which autorotation will start 
from an initial condition of practically zero rate of 
rotation. The limiting angle of attack was 19° for the 
long, narrow, and for the medium ailerons, and 20° 
for the short, wide ones, the value in each case being 
about 1° higher than with the original rigging. 

Stability against rolling caused by gusts.—Test 

flights have shown that in severe gusts a rolling veloc- 
7)'}) 

ity such that :?pr=0.05 may be obtained. Conse¬ 

quently, the rolling moment of a wing due to rolling at 

v'b 
this value of ^y gives a measure of its stability char¬ 

acteristics in rough air. In the present case, the angle 
at which this rolling moment becomes zero is used as a 
more severe criterion than the previously mentioned 
angle at which autorotation is self-starting, to indicate 
the practical upper limit of the useful angle-of-attack 
range. With either 0° or 20° yaw, all of the present 
arrangements became unstable at angles of attack from 
1° to 3° higher than with the original rigging. 

The above criterion shows the critical range below 
which stability is such that any rolling is damped out, 
and above which instability exists. The last criterion, 
maximum C\, indicates the degree of this instability. 
With both 0° and 20° yaw, all three sizes of ailerons 
save somewhat lower values of maximum unstable 

C\ than with the original rigging. 

CONTROL FORCE REQUIRED 

A coefficient representing the force required on the 
control stick has been computed from the results of 
previous tests on hinge moments (references 1 and 4), 
in accordance with the following formula: 

CF~ 
Fxl 

qXcX SxCl 
where F is the control force required, and l represents 
the length of the control lever. As in the case of the 
rolling criterion, the CL in the denominator gives the 
values of the coefficient the proper relation regardless 
of the angle of attack or the air speed, steady flight 
being assumed. Values of the control-force coefficient 
are given in Table VIII for the assumed maximum 
aileron deflection, the top of the control stick being 
given the same maximum travel in all cases. 

The control forces with both ailerons rigged up 10° 
when neutral are appreciably greater for all of the 
ailerons tested than for the corresponding sizes and 
movements with the original rigging. In general, as 
was the case with the original rigging, the control force 
required is largest for the ailerons having the largest 
chord. It is about three times as great for the short, 

The following conclusions have been drawn in regard 
to the ordinary ailerons rigged up 10° when neutral: 

(1) The short, wide ailerons with the extreme dif¬ 
ferential or the up-only movements were the only ones 
tested which gave the assumed satisfactory direct 
roiling control at angles of attack well above the stall 
(5° or 6° above). The rolling control with these 
ailerons, however, was slightly below the assumed satis¬ 
factory value just at the stall. It was better for the 
short, wide ailerons with the extreme differential 
movement than with any other aileron tested. 

(2) At an angle of attack of 20°, the short, wide 
ailerons gave from 85 to 100 per cent of the assumed 
satisfactory direct rolling control with all four aileron 
movements; the medium-size ailerons gave in the 
neighborhood of 60 per cent, and the long, narrow ones 
in the neighborhood of 40 per cent of the assumed 

satisfactory value. 
(3) Negligibly small yawing moments (bod}7 axes), 

at all angles of attack which can be maintained by 
conventional airplanes, were given by the medium¬ 
sized ailerons with equal up-and-down deflection. 

(4) Large favorable yawing moments (body axes) 
and no adverse ones with any portion of the total 
deflection were given at all angles of attack by each 
of the three sizes of ailerons with up-only movement; 
bv the short, wide ailerons with either differential 
movement; and by the medium-sized ailerons with the 
extreme differential movement. 

(5) The degree of the lateral instability as shown by 
the maximum rolling moment due to rolling is some¬ 
what less with both ailerons rigged up 10° than with 
the ailerons rigged even with the wing. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 5, 1932. 
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TABLE II 

FORCE TEST. 10 BY 60 INCH CLARK Y WING WITH ORDINARY 15 PER CENT c BY 60 PER CENT 6/2 
AILERONS 

R. N. —609,000. YAW=0°. VELOCITY=80 M. P. H. 

(Neutral with right and left 10° up) 

a Cl Cd 

-2° 0.091 0. 016 
0. 6° . 700 .041 

15° 1.152 ; . 114 
16° 1. H7 . 131 
17° 1. 145 . 145 
18° 1. 145 . 163 
20° . 945 .259 
30° .740 .470 

TABLE III 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH ORDINARY 15 PER CENT c BY 60 PER CENT b ■> 
AILERONS 

R. N. = 609,000. YAW = 0° AND -20°. VELOCITY=80 M. P. H. 

(Neutral with right and left 10° up) 

Cx is given for forced rotation at —=n nW'H aiding rotation 
2F U'U5U_) damping rotation 

p’b 
7yy values are for free rotation. 

a 0° 12° 14° 10° 1 18° 19° 20° 21° 22° 25° 26° 28° j 30° 32° | 35° 37° 39° 40° 

Yaw = 0° 

(+) 
Rotation 

(clockwise) 

Cx 
p'b 
2 V 

-0. 0190 -0. 0198 -0.0160 -0.0115 -0. 0020 0. 007 

. “. 279 

0. 0200 

. 294 

6.0240 0. 0250 

.301 

0.0030 _ 0.0096 

.330 0.334 0.366 .368 0. 276 0.372 “0.41$ 

. 0.0000 

“0.052 _ 

(-) 
Rotation 
(counter¬ 

clockwise) 

Cx 
p/6 

-.0235 -.0214 -. 0166 -.0100 -.0040 . 0100 .0205 

. 290 

. 0250 .0210 

.312 

.0040 _ 

. 346 

_-.0075 --- _ —.0005 

_ 

(+) 
Rotation 

(clockwise) 

Cx -.0210 -.0295 -.0350 -.0450 -.0580 -.0645 -.0740 -.0730 -.0785 -.0840 1 -.0720 .. __-.0530 

! (-) 
Rotation 
(counter¬ 

clockwise) 

Cx -.0183 -.0048 . 0042 . 0170 . 0352 . 0452 . 0737 . 0822 . 0842 .0852 .0777 ... ....0407 

“ Not self-starting. 

TABLE IV 

FORCE TEST. 10 BY 60 INCH CLARK Y WING WITH ORDINARY 25 PER CENT c BY 40 PER CENT 6/9 
AILERONS 

R.N. = 609,000. YAW=0°. VELOCITY=80 M. P. H. 

(Neutral with right and left 10° up) 

Cl CD 

-2° 0.110 0.017 
6. 3° .700 .041 

15° 1. 190 . 114 
16° 1.192 . 129 
17° 1. 195 . 148 
18° 1.205 . 165 
19° 1. 193 . 180 
20° 1. 140 .210 
30° .758 

1 
.472 
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TABLE V 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH ORDINARY 25 PER CENT c BY 40 PER CENT 5/2 
AILERONS 

R. N. = 609,000. YAW=0° AND -20°. VELOCITY = 80 M. P. H. 
(Neutral with right and left 10° up) 

Cx is given for forced rotation at f ,>=o 05^~H aiding rotation 
2V L(—) damping rotation 

p'b 
r>y values are for free rotation. 

a 0° 10° 12° 14° 16° ' 18° 19° 20° 21° 22° 23° ‘ 24° 25° 26° j 27° I 30° j 40° 

Yaw=0° 

(+) 
Rotation 

(clockwise) 

Cx 
p'b 
2V 

-0. 0200 -0. 0230 -0.0220 - 0.0200 - 0.0130 - 0.0055 - 0.0010 

. 282 

0. 0250 

. 279 

0. 0345 J 0. 0400 0. 0450 _ 0. 0400 

.302 _ 0.332 _ 

-0.0020 - 0.0020 

0.364 0.348 . 

(-) 
Rotation 
(counter¬ 

clockwise) 

Cx 
p'b 

-.0190 -.0210 -.0200 -.0180 -.0110 -.0035 . 0000 .0295 

. 28S 

.0355 . 0190 . 0150 . 0065 

_ .302 _ .302 _ 

... -.0015 -.0010 

.323 -.326 .. 
2 V 

Yaw= —20° 

(+) 
Rotation 

(clockwise) 

Cx -.0210 -.0290 -.0310 -.0360 -.0440 -. 0570 - 0760 -.0860 -.0720 -.0770 -.0830 -.0870 .. -.0800 — .0570 

(-) 
Rotation 
(counter¬ 

clockwise) 

Cx -.0170 -. 0085 —.0040 .0010 .0140 . 0340 ..0710 .0785 . 0840 . 0880 .0830 .0830 .0800 .0520 

° Not self-starting. 
TABLE VI 

FORCE TEST. 10 BY 60 INCH CLARK Y WING WITH ORDINARY 40 PER CENT c BY 30 PER CENT 5/2 
AILERONS 

R. N.-609,000. YAW=0°. VELOCITY=80 M. P. H. 
(Neutral with right and left 10° up) 

a Cl Cd 

__2° 0.125 0. 018 
6. 1° .700 .041 

16° 1.172 .131 
17° 1. 173 . 148 
18° 1.173 . 167 
19° 1.170 . 184 
20° 1.013 .242 
30° .752 .467 

TABLE VII 

ROTATION TESTS. 10 BY 60 INCH CLARK A' WING WITH ORDINARY' 40 PER CENT c BY 30 PER CENT 5/2 
AILERONS 

R. N. = 609,000. YAW = 0° AND -20°. VELOCITY = 80 M. P. H. 
(Neutral with right and left 10° up) 

p'b „ „r/(+) aiding rotation 
Cx is given for forced rotation at 2 i;,=0 0oR_) damping rotation 

n'6 
values are for free rotation. 

« 0° 12° 14° 16° 18° 19° 20° 21° 22° 23° 25° 28° 30° 40° 

• 
Yaw = 0° 

(+1 Cx -0.0203 - 0.0213 -0. 0178 -0. 0068 -0. 0018 0. 0002 0.0127 0. 0047 
i 

-0.0013 _ -0. 0108 -0. 0058 0. 0002 

Rotation p'b . 181 . 196 .296 .- 
(clockwise) 2 V 

- 

(-) Cx -.0205 -.0205 -.0165 -.0090 -.0070 -.0060 .0145 .0150 .0145 . .0140 .0140 .0000 

Rotation p’b .263 .276 . 292 0. 301 .312 0.303 .290 
(counterclock w ise) 2V 

Yaw = 

o O' 
<N 1 

(+) 
Rotation Cx -.0260 -.0350 -.0410 -.0510 -.0565 0505 -.0450 -. 0505 -.0535 .. -.0605 . -.0560 -.0480 

(clockwise) 

(-) Cx -.0175 -.0040 . 00S5 .0270 . 0455 .0530 .0640 .0715 .0690 _ .0670 .0590 .0400 

Rotation 
(counterclockwise) 
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TABLE VIII 

CRITERIONS SHOWING RELATIVE MERITS OF AILERONS 

Criterion 

Plain ailerons rigged 10° up 15 per 
cent c by 60 per cent 6/2 

Plain ailerons rigged 10° up 25 per 
cent c by 40 per cent 6/2 

Plain ailerons rigged 10° up 40 per 
cent c by 30 per cent 6/2 

Subject 
Stand¬ 

ard 
25° up 

25° 
down 

Differ¬ 
ential 
No. 1 

35° up 
15° 

down 

Differ¬ 
ential 
No. 2 
50° up 

7° 
down 

Up 
only 

60° up 
0° 

down 

Stand¬ 
ard 

25° up 
25° 

down 

Differ¬ 
ential 
No. 1 

35° up 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up 
7° 

down 

Up 
only 

60° up 
0° 

down 

Stand¬ 
ard 

25° up 
25° 

down 

Differ¬ 
ential 
No. 1 
35° up 

15° 
down 

Differ¬ 
ential 
No. 2 
50° up 

7° 
down 

Up only 
60° up 

0° down 

Wing area or min- Maximum Cl 1 f 1.152 1.152 1.152 1.152 1.205 1.205 1. 205 1. 205 1.173 1.173 1.173 1.173 
imum speed. 

Speed range_ Max CL/M in CdCa u - 1 72.0 72.0 72.0 72.0 70. 5 70. 5 70. 5 70. 5 65. 2 65.2 65.2 65. 2 
Rate of climb_ LID at CL=0. 70 J I 17.1 17.1 17. 1 17.1 17. 1 17. 1 17. 1 17.1 17. 1 17. 1 17.1 17. 1 

IRC «=0°...- .310 .291 . 266 . 217 . 249 .231 . 220 . 185 .305 .273 .248 . 210 
Lateral control- | RC a=10°_ .079 .070 .063 .052 .081 .077 .075 .063 .089 .084 075 .066 

I lability. RC a~ 20° . 022 . 019 . 030 . 029 . 044 .041 . 047 .046 . 063 . 064 4. 076 *. 070 
\RC a = 30°_ .031 .009 .009 .001 .005 .003 .004 .007 .029 .017 .027 .025 

Lateral control [Maximum a at which ailerons 
with sideslip. [ will balance Ci' due to 20° yaw. 19° 19° 19° 18° 20° 21° 23° ! 22° 20° 22° 26° 23° 

C„ a = 0°.... 
f- 
\«-. 001 

. 005 .010 .014 o. 002 . 009 .016 .020 .005 .013 .021 .026 

Yawing moment 
due to ailerons, Cn a= 10°_ 

j .002 .007 .012 .015 .004 .011 .018 .022 .005 .016 .026 .031 

(+) favorable, 
( —') unfavorable C„ a = 20° .. { -.008 i>-. 004 

.005 
*•-. 005 

.009 
002 

.006 
“—. 001 

.014 .017 .001 
b-. 001 

.015 .030 .037 

Cn « = 30°--... / “. 001 
l -. 001 

b. 002 b. 002 b. 003 
-. 005 . 002 002 

«. 004 
-. 004 

.002 
b-. 004 

.009 
<■-.001 

.014 

fa for initial instability in roll- 19. 0° 19.0° 19. 0° 19.0° 19. 0° 19.0° 19.0° 19. 0° 20.0° 20.0° 20.0° 20. 0° 
1 ing. 
a for initial instability at 18. 5° 18. 5° 18.5° 18.5° 18.5° 18. 5° 18. 5° 18.5° 19. 0° 19. 0° 19. 0° 19.0° 

t)'b 
2 v~ 0. 05; yaw=0°. 

Lateral stability a for initial instability at 13. 0° 13. 0° 13. 0° 13. 0° 13.5° 13. 5° 13.5° 1 13.5° 13.0° 13.0° 13.0° 13. 0° O o
 II *© n'h 

%v= 0.05; yaw = 20°. 

Maximum unstable C\; yaw .025 .025 .025 .025 .045 .045 .045 .045 .015 .015 .015 .015 
“ U • 

Maximum unstable Cx; yaw 
—20° 

.085 .085 .085 .085 .088 .088 .088 .088 .072 .072 .072 .072 

(CF a = 0°___ .016 .019 .027 .031 .021 . 029 . 045 .054 .041 .059 .097 . 124 
Control force re- 1 C'F a= 10°__ .004 .004 .005 .007 .007 .007 .009 .012 .011 .010 .012 .018 

quired. CF a = 20° . .. _ . 004 . 002 . 002 . 005 . 003 . 063 . 009 . 005 . 006 
lCF a=30°_ .004 . 002 .003 . 007 . 004 . 004 .012 .006 .008 :::::::::: 

_ 

a to “Where the maximum yawing moments occurred below maximum deflection, the letters indicate the deflection of the up aileron as follows: “ = 10°, l>=20o, “=30°. 
d RC has a minimum value of 0.003 at a= 17° and a maximum of 0.086 at a=22°. 
* RC=0.055 at a = 17° and 0.077 at a=22°. 

TABLE IX 

CRITERIONS SHOWING RELATIVE MERITS OF AILERONS 

Subject Criterion 

Plain ailerons 15 per cent c by 60 per 
cent 6/2 

Plain ailerons 25 per cent c by 40 per 
cent 6/2 (assumed standard size) 

Plain ailerons 40 per cent c by 30 per 
cent 6/2 

Stand¬ 
ard, 

25° up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° up, 
15° 

down 

Differ¬ 
ential, 
No. 2, 

50° up, 
7° - 

down 

Up 
only, 

60° 

Float¬ 
ing, 

50° dif¬ 
ference 

Stand¬ 
ard, 
25° 
up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° up, 
15° 

down 

Differ¬ 
ential, 
No. 2, 

50° up, 
7° 

down 

Up 
only, 

60° 

Stand- Differ- 
Float- ard, ential, 
ing, 25° No. 1, 

50° dif- up 35° up, 
ference 25° 15° 

down down 

Differ¬ 
ential, 
No. 2, 

50° up, 
7° 

down 

Up 
only, 

60° 

Float 
ing, 
50° 

differ¬ 
ence 

Wing area or min- Maximum CL—.1 ( 1.222 1.222 1.222 1.222 1.140 1.270 1.270 1.270 1.270 1.168 1. 258 1. 258 1.258 1.258 1.083 
imum speed. U k n° 1 

Speed range.. Max CL/Min Cd-F A_U - i 76.4 76.4 76.4 76.4 76.0 79.4 79.4 79.4 79.4 77.8 78. 5 78. 5 78.5 78.5 57.0 
Rate of climb.... LID at CL=0.70.j l 15.9 15.9 15.9 15.9 16.3 15.9 15.9 15.9 15.9 16.3 15.9 15.9 15.9 15.9 14.9 

(RC a=0°.. .218 .214 .233 .203 .230 .204 .202 .214 . 196 .243 . 226 . 234 .226 .202 .366 
Lateral control- 1 RC o = 10°.. .071 .071 .075 .064 .073 .076 .074 .074 .072 .083 . 078 . 084 .083 .076 . 101 

lability. IRC a = 20°___ .020 .018 .032 .029 .021 .038 .051 .055 .054 .035 . 046 .058 • .073 b .074 .068 
IfiC a = 30°_ .054 .027 .013 .009 -.015 .017 .005 .002 .002 -.018 .019 .025 .026 .022 .025 

Lateral control Maximum a at which 19° 18° 19° 19° 18° 20° 20° 21° 22° 19° 19° 1 20° 22° 25° 24° 
with sideslip. ailerons will balance 

Ci' due to 20° yaw. 

/. .005 .010 .002 .010 .016 _ .005 .016 . 021 “. 002 
Cn a = 0°... 1—.006 b—. 003 b—. 003 “-.001 -.003 -,66u b-. 003 b—. 002 -.002 -.007 b —. 002 “-.001 

Yawing moment /. .002 . 009 .012 .004 .013 . 018 . 002 . 006 .020 .026 .009 
due to ailerons, Cn <X— 10 —--— 1-. 003 “-.002 “-. 001 “-.001 -.004 b —. 002 b-. 001 -.007 b-. 003 “-.002 
(+) favorable /. .003 .008 .013 .001 .019 .029 .010 
(—/unfavorable Cn u —20 _ _ - —.. 

1 —. 012 “-.009 
. 
“-.008 “-.004 b—. 002 -.010 b —. 007 b—. 006 “-.003 -.002 -.010 ;b-.00S b —. 007 “-. 003 

j_ 4.001 4. 003 “. 004 . 002 .002 . 003 . 009 . 009 Cn u — 30 ........... l“ —.002 “-.002 -.002 -.001 t-. 003 -.008 -.008 b—. 007 b —. 004 f—. 003 - -.012 d—. 009 “-.005 “-.002 _! 

fa for initial instability in 18° 18° 18° 18° 19° 18° 18° 18° 18° 21° 18° 18° 18° 18° 19° 
rolling. 

a for initial instability at 17° 17° 17° 17° 19° 17° 17° 17° 17° 21° 17° 17° 17° 17° 18° 

|^=0.05 Yaw=0°. j 
Lateral stability a for initial instability at 10° 10° 10° 10° 13° 11° 11° 11° 11° 15° 12° 12° 12° 12° 15° 

(5 a =0°). 
|^=0.05 Yaw = 20°. 

Maximum unstable CX. 0.28 .028 .028 .028 .024 .048 .048 .048 .048 .016 . 022 .022 .022 .022 .008 
Yaw=0°. 

Maximum unstable CX. .087 .087 .087 .087 .080 .093 .093 .093 .093 .071 . 085 .085 .085 .085 .047 
Yaw=20°. 

(CF a — 0°_ .010 .012 .015 .021 .012 .017 .019 .028 .041 .022 .030 : .032 .052 .079 .046 
Control force re- J CF a= 10°.... .003 .002 .003 .006 .004 .006 .005 .005 .010 .007 . 010 .007 .007 .014 .012 

quired. \CF a = 20°... .003 .002 .006 .003 . 009 . 004 
[CF a=30°_ .003 .002 .007 .003 .011 | .004 

. 

“ to f where the maximum yawing moment occurred below maximum deflection, the letters indicate the deflection of the up-aileron as follows: “ = 10°, b=15°, “=20° 
<*=25°, '=30°, /=40°. 

• RC has a minimum value of 0.066 at c*=17° and a maximum of 0.079 at a=22°. 
* RC=0.064 at a = 17° and 0.094 at «=22°. 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, 
PARTICULARLY AT HIGH ANGLES OF ATTACK 

IV—FLOATING TIP AILERONS ON RECTANGULAR WINGS 
By Fred E. Weick and Thomas A. Harris 

SUMMARY 

This report is the fourth of a series on systematic tests 
«conducted by the National Advisory Committee for 
Aeronautics, which compare lateral control devices with 
particular reference to their effectiveness at high angles 
of attack. The present report covers tests with floating 
tip ailerons on rectangular Clark Y wings. Ailerons of 
two profiles were tested—symmetrical and Clark Y, both 
with adjustable trailing-edge flaps. Each form was tested 
at three hinge-axis locations, both with and without vertical 
end plates between the ailerons and the wing proper. The 
results from these tests are compared with the results 
from tests on a wing of the same over-all size equipped 
with average-sized ordinary ailerons. 

All the wing-tip floating ailerons tested had about the 
same characteristics throughout except for their effect 
on the general performance of the wing. The general 
performance was found to be definitely poorer for all of 
the rectangular wings with floating tip ailerons than 
with a wing having the same over-all dimensions and 
ordinary ailerons. At the stall and just above, the rolling 
control was less than an assumed satisfactory value, but 
was appreciably better than with the standard wing with 
ordinary ailerons. At angles of attack above 22° the 
control with the wing-tip ailerons was found to be greater 
than the assumed satisfactory value, whereas the ordinary 
ailerons on the standard wing failed almost completely. 
The wings with floating tip ailerons gave no appreciable 
adverse yawing moments (body axis), but gave large 
favorable ones at high angles of attack. The instability 
in. rolling was not as bad as for the wing with ordinary 

ailerons. 
INTRODUCTION 

This report describes the fourth of a systematic 
series of investigations in which it is hoped to compare 
all types of lateral control devices which have been 
satisfactorily used or which show reasonable promise 
of being effective. In this series of investigations it is 
planned first to test the various types of ailerons and 
other control devices on rectangular wings of aspect 
ratio 6. Later the best of these control devices are j 

to be tested on wings with various amounts of taper 
and with different tip shapes. Still later the best 
control devices are to be tested on wings designed to 
improve lateral stability by giving them such features 
as washout, dihedral, and sweepback. In the entire 
series of investigations the various devices are to be 
subjected to the same program of wind-tunnel tests 
which, it is thought, include all factors directly con¬ 
nected with lateral control and stability that can be 
satisfactorily handled in a routine manner in a wind 
tunnel. The tests include regular 6-component force 
tests with the ailerons or other control devices both 
neutral and deflected various amounts; rotation tests 
in which the model is rotated about the tunnel, or 
wind, axis and the rolling moment measured; and free- 
rotation tests showing the range and rate of autorota¬ 
tion. Because of the large effect of yaw on the lateral 
stability, the tests are made not only at 0° yaw, but 
also with an angle of yaw of 20°, which represents the 
conditions in an average sideslip. The tests show the 
relative merit of the various control devices in regard 
to lateral controllability, lateral stability, and general 
performance as shown by the lift and drag 

characteristics. 
The first report of this series (reference 1) deals with 

three sizes of ordinary ailerons. One of these is a 
medium-sized one taken from the average of a number 
of conventional airplanes and is used as the standard 
of comparison throughout the entire investigation. 
Other work that has been done in this series of inves¬ 
tigations is reported in references 2 and 3. 

The present report covers a similar, but preliminary, 
investigation on wings with floating wing-tip ailerons. 
A limited amount of work has been done previously 
on wings with floating ailerons (references 4 to 7), but 
the results are not sufficiently correlated and complete 
to cover all the main factors involved. The wings 
used in the present tests were rectangular in plan and 
the area of the ailerons was included as a part of the 
wing area. The tests were made with ailerons having 
two different airfoil sections, both forms being equipped 
with trailing-edge flaps. The ailerons were tested 
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with three different axis locations, both with and with¬ 
out two types of end plates. Subsequent tests will 
be made with narrow chord and tapered floating wing- 
tip ailerons. 

APPARATUS AND MODELS 

Wind tunnel.—The 7 by 10 foot wind tunnel of the 
National Advisory Committee for Aeronautics, which 
is being used for the entire investigation, has an open 
jet and a single, closed return passage. The tunnel, 
the balance, and the associated apparatus are de¬ 
scribed in detail in reference 8. 

For the force tests the model is mounted on a spindle 
attached to a floating framework surrounding the test 
section of the air stream. The balances are arranged 
to measure the six components of the aerodynamic 
forces and moments with respect to the wind axes. 
The floating angles of the ailerons are measured by an 
optical device mounted outside the air stream. 

For free-autorotation and forced-rotation tests the 
model is mounted on a shaft on the jet center line. 
This shaft is driven through reduction gears by a 
small electric motor. The spindle and driving appa¬ 
ratus are mounted on the balance floating framework. 
In the free-autorotation tests the rate of rotation is 
determined and in the forced-rotation tests the rolling 
moment, while the model is rolling, is measured directly 
on the regular rolling-moment balance. 

Models.—The wing models used were 10-inch chord 
Clark Y wings of aspect ratio 6. (Fig. 1.) Floating 
tip ailerons of 6-inch span were included as part of the 
wing. They were designed to give about the same 
rolling control at an angle of attack of 10° as the plain 
standard ailerons. (Reference 1.) The floating aile¬ 
rons were secured to an interconnecting shaft supported 
on bearings in the wing proper. They could be locked 
on this shaft while deflected with respect to each other, 
but free to move with respect to the remainder of the 
wing. The ailerons were statically balanced about the 
hinge axis at ail}' of the three axis locations; namely, 
10 per cent, 15 per cent, and 20 per cent of the chord 
from the leading edge of the wing. (Fig. 1.) The 
tests were made on ailerons of two different profiles, 
the symmetrical N. A. C. A. 0010 and the Clark Y. 
The ailerons were equipped with ad justable trailing- 
edge flaps 20 per cent of the chord in width. As 
shown on Figure 1, two types of end plates were used, 
one triangular and the other circular. 

The wing proper was constructed of laminated 
mahogany to an accuracy of ±0.005 inch. Metal 
bearings were set into the ends of the wing to support 
the aileron shaft. The ailerons were of composite 
construction. The leading edge nose piece ahead of the 
axis was made of lead or brass. The rest was built up, 
the ribs being of either mahogany or balsa wood and 
the covering of either paper or balsa wood. The form 
of the ailerons was not as accurately maintained as 
that of the remainder of the wing, owing to slight warp- 

age and looseness of the paper covering caused by 
changing atmospheric conditions. The end plates 
were made of X6-inch sheet aluminum. 

TESTS AND RESULTS 

All tests were made at a dynamic pressure of 16.37 
pounds per square foot which corresponds to an air 
speed of 80 miles per hour under standard atmospheric 
conditions. The scale of all tests is the same, the 
Reynolds Number being 609,000. 

Test to find the effect of axis location.—The first tests 
were made to determine the effect of the three axis 
locations. These tests were made on the wing with 
the symmetrical floating tip ailerons. The flaps were 
neutral and no end plates were used. The first tests 
on these models consisted of measuring the six com¬ 
ponents of aerodynamic forces and moments and the 
floating angles of the ailerons over an angle-of-attack 
range from -10° to +60°, with the ailerons floating 
with respect to the wing and locked neutral with respect 
to each other. These tests were made at both 0° and 

i —20° yaw. Force tests were next made with the aile- 
j rons deflected with respect to each other, over an 

angle-of-attack range from 0° to 40°. The right aileron 
was deflected up and the left down. The 0° yaw tests 
were made with the ailerons deflected ±10°, ±20°, 
and ±30°. At —20° yaw the tests were made with 
only one aileron setting, ± 20°. This aileron deflection 
is the maximum necessary to give the assumed satis¬ 
factory control, as determined from a number of 
flight tests (this subject is more fully discussed further 
on in this paper and in reference 1). 

Under most conditions the ailerons floated satisfac¬ 
torily; however, they fluttered violently at angles of 
attack between 9° and 14° when pivoted at the 20 per 
cent axis location and with the ailerons deflected ± 20°. 

The results of these tests are given in Tables I and 
II as absolute coefficients of lift and drag and rolling 
and yawing moments: 

n _ Lift 
Cl~clS 

n _ Drag 
Cd qS 

p, __ Rolling moment 

1 ' qb S 

C/ 
Yawing moment 

q b S 

where S is the total wing area, b is the wingspan, and q 
is the dynamic pressure. The coefficients as given 
above are obtained directly from the balance and refer 
to the wind (or tunnel) axes. In special cases in the 
discussion where the moments are used with reference 
to the body axes the coefficients are not primed. Thus, 
the symbols for the rolling and yawing moment coeffi¬ 
cients about the body axes are, respectively, Cx and Cn. 
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The rolling and yawing moments at 0° yaw with 
ailerons deflected are the respective moments due to 
ailerons alone. At 20° yaw with the ailerons neutral 
the moments as given are due to yaw alone, but with 
the ailerons deflected they represent only the effect of 
the ailerons. The floating angles of the left aileron 
with respect to the chord of the model, designated 8AF, 
are also included in these tables. 

Rotation tests were also made on these three models 
at both 0° and 20° yaw. First, free-autorotation tests 

instability were determined. The degree of the rolling 
instability is expressed in terms of the coefficient 

where X is the rolling moment due to the asymmetric 
distribution of the load along the span when the wing 
is rolling. The results of the free-autorotation tests 
are given in Table III and the results of the forced- 
rotation tests in Table IV. The coefficients as given 

Plan of wing b 

: —- - • ■- 

sro" . . _ . ic-n"-- 

< _ — _ __ - -GO"-*-——> 

were made at 0° yaw, in which the model was mounted 
on the spindle, which was free to rotate. In these tests 
the range of angles of attack at which rotary instability 
occurred was determined and also the rate of rotation. 

. P'b. 
The rate of rotation is expressed by the ratio-^y) where 

p' is the rate of rotation in radians per second, b is the 
span of wing, and Vis the velocity of air. Next, forced- 
rotation tests were made at a constant rate of rotation, 
with the model first at 0° and then 20° yaw. These 
tests were made at a rate of rotation corresponding 

wb 
to ' V7 =0.05 which value, according to special flight 

Z V 

tests, approximates the maximum rate of rolling caused 
by gusty air. (Reference 1.) In the forced-rotation 
tests the range of angles of attack at which rolling 
instability occurred and the intensity of the rolling 

above are with respect to the wind axis, which corre¬ 
sponds to the center line of the air stream. 

From a comparison of the results of these tests with 
the results of the tests on the wing with the standard 
ailerons (reference 1) it was found that the Cxmax speed- 
range ratio, and rate of climb of the wings with floating- 
tip ailerons were much poorer. The control at high 
angles of attack, however, was better for all cases with 
floating tip ailerons. With the ailerons hinged at the 
15 per cent axis location the results were superior to 

those at the other axis locations. 

Tests to find the effect of end plates.—The effect of 
end plates was determined b}T making a regular series of 
force and rotation tests on the wing with the symmetri¬ 
cal tip ailerons hinged at the 15 per cent axis location, 
first with the triangular and then with the circular end 
plates. (Fig. 1.) The results of these tests are given 
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in coefficient form in Tables V, VI, VII, and VIII. 
The triangular end plates increased the maximum 
lift slightly and decreased the minimum drag. They 

Figure 2—Variation of maximum lift and the ratio of max¬ 
imum lift to minimum drag with flap angle. Clark Y 
airfoil with N. A. C. A. 0010 symmetrical tip floating 
ailerons 

also improved the control at 20° yaw. The circular 
end plates increased the maximum lift, but also in¬ 
creased the minimum drag, and improved the control 
at 20° yaw somewhat more than the triangular end 
plates. It was decided not to continue the tests with 
circular end plates, however, owing to the increase in 
minimum drag. 

Tests with aileron flaps deflected.—Preliminary tests 
with the idea of improving the lift and drag character¬ 
istics with both types of floating tip ailerons were made 
with the aileron flaps deflected up various amounts. 
This flap deflection made the ailerons float at higher 
angles of attack. 

The tests were made to determine the maximum lift 
and minimum drag coefficients only. Inasmuch as the 

effect of the flaps on maximum lift was small, the flap 
settings were in most of the cases varied throughout a 
sufficient range to find the highest value of the speed- 
range criterion, CLm&x/CDmln. The tests were made 
with all three axis locations and both with and without 
the triangular end plates. 

The results are given in Figures 2 and 3. With the 
symmetrical tip ailerons (fig. 2) the maximum value of 
the ratio CLm&x/CDmin occurs in nearly all six tests at a 
flap setting of about 2° up. Above this angle of attack 
as the flap angle increases, this ratio decreases, although 
the maximum lift continues to increase very slightly. 
With the flaps up 12°, however, the ailerons flutter 
violently. With the Clark Y ailerons, Figure 3 shows 

Figure 3—Variation of maximum lift and the ratio of maximum lift to minimum 
drag with flap angle. Clark Y airfoil with Clark Y tip floating ailerons 

that the highest ratio of maximum lift to minimum 
drag occurs for all tests with the flap up about 11°. 

Tests were also attempted with the ailerons defi¬ 
nitely unbalanced statically, in order to make them 
float at a higher angle of attack and thus increase the 
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lift, but owing to excessive aileron flutter the tests could 

not be completed. 
Final tests with best flap settings.—Final tests were 

made with the best flap settings as found above, with 
both sets of ailerons and all axis locations, both with 
and without triangular end plates. These tests con¬ 
sisted of complete force and rotation tests with the 
ailerons neutral, and complete force tests with ailerons 
deflected ±10°, ±20°, and ±30°, all at both 0° and 
20° yaw. The test procedure and the angle-of-attack 
range were the same as for the first of the previously 
listed tests. The symmetrical tip ailerons with the 
flaps up 2° fluttered violently when deflected ±20°, 
from 9° to 14° angle of attack, when hinged at the 20 
per cent axis location, both with and without the 

triangular end plates. 
The force-test results with the symmetrical tip 

ailerons with the flaps up 2° and without end plates 
are given in Tables IX and X. The rotation-test results 
on the same models are given in Tables XI and XII. 
Likewise, the force and rotation test results on the j 
same model with triangular end plates are given in 
Tables XIII and XIV, and XV and XVI, respectively. 
The results of the force and rotation tests on the wings 
with the Clark Y tip ailerons with flaps up 11°, with 
and without triangular end plates, are given in Tables 

XVII to XXIV. 
Results of one of the tests with the symmetrical tip 

ailerons at the 15 per cent location, with flaps 0° and 
no end plates, are shown in Figure 4 for ailerons 
deflected ±20°. On the same figure, for comparison, 
the results are also given from the tests with the | 
standard wing with 25 per cent chord by 40 per cent 
semispan ordinary ailerons deflected ±25°. These 
curves show the variation of the coefficient of rolling 
moment due to ailerons, for a given aileron deflection, 
over an angle-of-attack range from 0° to 40°. A com¬ 
parative study of the curves shows that the rolling 
moment with the plain ailerons deflected ± 25" is about 
the same as the rolling moment with the floating tip 
ailerons deflected ±20° up to 15° angle of attack. 
Above this angle of attack the rolling moment drops 
very rapidly for the ordinary plain ailerons, whereas 
with the floating-tip ailerons the rolling moment in¬ 
creases to a maximum at 22° angle of attack. As the 
angle of attack is increased above 22° the rolling 
moment decreases, but not at a very rapid rate. The 
curve for the tip-aileron rolling moments shown in this 
figure is representative of all the tip ailerons tested. 

Compound floating-tip ailerons.—Tests were also tried 
with the ailerons floating independently of each other 
and controlled by varying the flap angle to obtain the 
rolling moments. This aileron arrangement is desig¬ 
nated compound floating tip ailerons. "With the flap 
set up 10° on one aileron and down 10° on the other a 
rolling-moment coefficient of about 0.040 was obtained. 

At higher flap settings the ailerons fluttered violently. 
Since the above-mentioned rolling-moment coefficient 
was not considered satisfactory these tests were not 

continued. 

Accuracy.—The accuracy of the results given in this 
report is the same as that obtained in Part I. (Refer¬ 
ence 1.) It is considered satisfactory at all angles of 
attack except in the burbled region between 20° and 
25°. In this region the rolling and yawing moments 
are relatively unreliable owing to the critical and often 

Figure 4.—Comparison of rolling moments due to ordinary ailerons 
with rolling moments due to floating tip ailerons. Clark Y airfoil 
Yaw=0° 

unsymmetrical condition of the burbled air flow around 

the wing. 

DISCUSSION OF RESULTS 

For a comparison of the different aileron effects the 
results of the tests are discussed in terms of criterions 
which are explained in detail in reference 1 and briefly 
in the following paragraphs. By use of these criterions 
a comparison of the effect of the different ailerons on 
the general performance, the lateral controllability, 
and the lateral stability may be easily made. The 
results of the above tests in terms of the criterions are 
given in Table XXV. The criterions for the following 
aileron arrangements are included in the table for com¬ 
parison : The wing with the 25 per cent chord by 40 per 
cent semispan ordinary ailerons, which is used as the 
standard; and the wing with the 40 per cent chord by 
30 per cent semispan ordinary ailerons rigged up 10° 
when neutral, which is the best of the previously 

tested ailerons. 
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GENERAL PERFORMANCE 

Wing area required for desired landing speed.—The 
criterion CLnmx is used to indicate the wing area re¬ 
quired for a given landing speed, or conversely, for the 
minimum landing speed obtainable with a given wing 
area. The coefficient as used herein is based on the 
entire wing area, including the ailerons. The use of 

this area in calculating the coefficients was considered 
a fair basis for comparing floating tip ailerons with 
ordinary ailerons as the ailerons represent additional 
structural weight and span. 

A comparison of the maximum lift coefficients ob¬ 
tained with the wings equipped with floating tip aile¬ 
rons and the maximum lift coefficient of the standard 
wing with ordinary ailerons (Table XXV) shows that 
the floating tip ailerons decreased the maximum lift 
coefficient by 10 to 15 per cent. The effects of the 
changes in aileron arrangements were small. Maxi¬ 
mum lift was increased by 3 to 6 per cent as the axis 
of the ailerons was moved back from the 10 per cent 
to the 20 per cent location. It was also improved 
from 1 to 2 per cent by putting the flaps up 2° on the 
symmetrical tip aileron. The triangular or circular 
end plates increased the maximum lift from 0 to 3 per 
cent. Figures 2 and 3 show that the maximum lift 
was increased still higher as the flap angle was increased 
beyond the setting for the highest ratio of maximum ; 
lift to minimum drag. 

Speed range.—The criterion for speed range was taken 
as the ratio of the maximum lift coefficient to the 
minimum drag coefficient. In all cases with the float¬ 
ing tip ailerons the speed-range ratio is lower than for 
the standard wing with ordinary ailerons. (Table 
XXV.) This lower value of the speed-range ratio is 
due to both the decrease in maximum lift and the 
increase in minimum drag with the floating tip aile¬ 
rons. The minimum drag, which varies with the float- ! 
ing angle of the ailerons, has the greater effect of the ' 
two. With the wing-tip ailerons the floating angle of 
the ailerons was different if the angle of attack of 
minimum drag was approached from a lower angle of 
attack than if approached from a higher angle. The 
value of minimum drag as obtained when the angle 
of attack was decreased to the angle for minimum drag 
was always the lower and is used in calculating the 
speed-range ratio in every case. This should be a fair 
basis of comparison, because in flight the low angle of 
attack, or high speed, condition is always approached 
from a high angle of attack, or low speed, condition. 

The highest value of the speed-range ratio, which is 
about 15 per cent lower than that for the standard 
wing, was obtained with the symmetrical tip ailerons 
hinged at the 15 per cent axis location, with the flaps 
neutral and the triangular end plates in place. The 
ratio was about the same with the symmetrical tip 
ailerons with the flaps up 2°, without end plates for 
both the 10 and the 15 per cent axis locations. The 

value for the 20 per cent axis location was worse in 
every case than for the 10 and 15 per cent locations. 
The ailerons with the Clark Y section gave results not 
quite as good as those obtained with the symmetrical 
tip ailerons, other conditions being the same. 

Rate of climb.—The criterion for the rate of climb as 
used in Table XXV is the ratio of lift to drag at a 
lift coefficient of 0.70. None of the wings with tip 
ailerons is as good as the standard wing with ordinary 
ailerons in this respect. With either set of tip ailerons 
at the 20 per cent axis with flaps up the best amount 
and triangular end plates, the rate-of-climb criterion 
is only 2 per cent less than for the standard wing. 
The value of the criterion decreases as the axis is 
moved ahead to the 10 per cent position. The lowest 
values are for the symmetrical tip ailerons with flaps 
0° and no end plates, in which case the average value 
for all three axis locations is about 20 per cent lower 
than for the standard wing. The rate-of-climb cri¬ 
terion for the wing with the ordinary short, wide 
ailerons rigged up 10° when neutral is about 10 per 
cent higher than the best of the wings with the float¬ 
ing-tip ailerons. 

LATERAL CONTROLLABILITY 

Rolling criterion.—The rolling criterion upon which 
the control effectiveness of each of the aileron arrange¬ 
ments is judged is a figure of merit that is designed to 
be proportional to the initial accelleration of the wing 
tip that follows a deflection of the ailerons from neu¬ 
tral, regardless of the air speed or the plan form of the 
wing. Expressed in coefficient form for a rectangular 
monoplane wing the criterion is 

UL~Cl 

where Ct is the rolling-moment coefficient about the 
body axis due to the ailerons. The numerical value 
of this expression that has been found to represent 
satisfactory control conditions is approximately 0.075. 
A more detailed explanation of the derivation of RC 
and of its more general form which is applicable to any 
wing plan form is given in reference 1. 

The comparison of the ailerons on the basis of this 
criterion is given in Table XXV at four representative 
angles of attack; namely, 0°, 10°, 20°, and 30°. The 
0° angle represents the high-speed attitude; a = 10° 
represents the highest angle of attack at which entirely 
satisfactory control with ordinary ailerons can be 
maintained; a = 20° is the condition of greatest lateral 
instability and is probably the greatest obtainable 
angle of attack in a steady glide with most present-day 
airplanes; and finally, « = 30° is given only for com¬ 
parison with controls for possible future types of 
airplanes. 

At 0° angle of attack or at high speed all the floating 
tip ailerons give very high values of RC. They are 
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like the standard plain ailerons in that at high speed 
they give more control than is necessary. 

At 10°, or the highest angle of attack at which the 
standard ailerons give entirely satisfactory control 
(and which is also the condition for which all ailerons 
were designed to give the same control), the values of 
RC for all floating tip ailerons fall within reasonable 
limits of that for the standard wing with ordinary 
ailerons. These ailerons may be arranged to give the 
same value of RC at this angle of attack by simply 
changing their maximum assumed deflection. 

At a = 20° none of the floating wing-tip ailerons 
gives entirely satisfactory control. The values vary 
from 67 to 87 per cent of the respective values at 10° 
angle of attack. End plates have an adverse effect 
on the control at this angle of attack for all tip ailerons. 

All the floating tip ailerons give better control at 
a. — 20° than the standard ailerons. The values of 
RC for the wing with the standard ailerons with equal 
up-and-down aileron displacement, and for the wing 
with short, wide ailerons rigged up 10° when neutral 
and having an extreme differential movement, are 
shown in Figure 5 along with a typical set of results 
for the floating tip ailerons (symmetrical tips with 
flaps 0°, 15 per cent axis location, and no end plates). 

If, as seems hardly probable, it is desired to fly at 
an angle of attack appreciably higher than 20°, floating 
tip ailerons will give satisfactory control. At an angle 
of attack of 30° all the floating tip ailerons give an 
excess of control over that considered satisfactory, 
whereas all ordinary ailerons fail almost completely. 

Lateral control with sideslip.—If a wing is yawed ap¬ 
preciably a rolling moment is set up that tends to 
raise the forward tip with a magnitude that is always 
greater, at very high angles of attack, than the avail¬ 
able rolling moment due to ordinary ailerons. The 
highest angle of attack at which the ailerons can 
balance the rolling moment due to 20° yaw is tabulated 
for all aileron arrangements as a criterion of control 
with sideslip. As previously mentioned 20° yaw 
represents the conditions in an average sideslip. 

Referring again to Table XXV it may be seen that 
without end plates the control against 20° sideslip is 
maintained up to about the same angle of attack (20°) 
with any of the floating tip ailerons as with the 
standard ordinary ailerons. With triangular end 
plates the tip ailerons give slightly better control than 
the standard ordinary ailerons, the critical angle being 
from 3° to 5° higher. The wing with the ordinary 
short, wide ailerons, rigged up 10° when neutral and 
having an extreme differential movement is still 
better, however, having control against sideslip up to 
an angle of attack of 26°. With the circular end 
plates the control is still better, being sufficient to 

give control at all angles of attack. 

149900—33-32 

Yawing moment due to ailerons.—The desirable yaw¬ 
ing moment due to ailerons depends to some extent 
upon the type of airplane that is being considered. For 
highly maneuverable military or acrobatic machines, 
complete independence of the controls as they affect 
the turning moments about the various body axes is 
no doubt a desirable feature. On the other hand, for 
large transport airplanes or for machines to be oper¬ 
ated by relatively inexperienced pilots, a favorable 

Figure 5.—Comparison of the values of RC for three aileron arrangements. 
Clark Y airfoil 

yawing moment of proper magnitude would be an 
appreciable aid to safe flying at high angles of attack, 
where the secondary rolling moment produced by the 
resulting yawing motion of the airplane would help 
the usually inadequate rolling moment of the ailerons 
alone. Finally, it is obvious that a yawing moment 
tending to turn the airplane out of its bank is never 

desirable under any circumstances. 
From an inspection of Table XXV it may be seen 

that none of the wings with floating tip ailerons give 
i appreciable adverse yawing moments, and the negli- 
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gible adverse yawing moments which do occur are at 
the high-speed condition only. All the floating tip 
ailerons give large favorable yawing moments about 
the body axes at high angles of attack. At 10° angle 
of attack the favorable yawing moment is about l}i 

times more than can be obtained with an average 
rudder, and at 20° angle of attack the ailerons give 
about four times as much yawing moment as an aver¬ 
age rudder. At all angles of attack the yawing 
moments about the wind axes are small, which explains 
the small yawing moments about the body axes at 
high speeds or low angles of attack where the two sets 
of axes tend to become the same. All wings with the 
floating tip ailerons are superior to the standard wing 
with plain ailerons in this respect. The yawing 

moment coefficients about the body axis, Cn, with the 
short, wide ailerons rigged up 10° and operated with 
extreme differential movement are, however, about the 
same as those with the floating tip ailerons. 

LATERAL STABILITY 

Angle of attack above which autorotation is self-start¬ 
ing.—The first criterion of lateral stability is the angle of 
attack above which the airfoil will start to rotate if 
mounted on a free shaft parallel to the jet axis. All 
the wings with floating tip ailerons are laterally stable 
up to an angle of attack within 1° of 19° which is the 
same as the standard wing with ordinary ailerons. 
This angle is about 3° greater than the angle of attack 
of maximum lift. 

Stability against rolling caused by gusts.—This is a 
more severe criterion than the preceding one. It rep¬ 
resents the condition of maximum rolling due to gusty 
air while attempting level flight. This rate of rolling 
was found from flight tests to correspond to approx- 

7)' b 
imately ^-y = 0.05. (Reference 1.) In all cases at 0° 

.... . . . 
yaw the angle of initial instability in rolling at ^y 

= 0.05 is from 1° to 2° less than that at which auto¬ 
rotation is self-starting. It is about the same as for 
the wing with standard ailerons. 

For 20° yaw and all cases without end plates the 
wings, like the one with standard ailerons, were un¬ 
stable at angles of attack greater than 9° to 11°. The 
triangular end plates increased these angles of attack 
for initial instability to from 12° to 16°, the largest 
angles being obtained with the Clark Y ailerons hinged 
at the rearmost axis location. 

The above criterion shows only the angle of initial 
instability in rolling. Another criterion that shows 
the degree of the lateral instability is the maximum 
unstable rolling moment while the model is rolling, 

C\. All the wings showed unsymmetrical conditions 
in the two directions of rotation. The highest value 
of unstable C\ in either direction of rotation is given 
in Table XXV. The values of C\ at 0° yaw for the 
wings with floating tip ailerons are about half as great 
as for the standard wing with plain ailerons and about 
the same as with the short, wide ailerons rigged up 10° 
when neutral. At an angle of yaw of 20°, the maxi¬ 
mum values of C\ with the floating tip ailerons were 
in all cases about one-third lower than with the ordi¬ 

nary standard ailerons, and were slightly lower than 
with the ordinary short, wide ailerons rigged up 10° 
when neutral. 

CONTROL FORCE REQUIRED 

In the tests herein reported the hinge moments were 
not measured. When the best floating tip ailerons 
have.been found the hinge moments will be determined 
if the ailerons are considered of sufficient interest. It 
is, of course, evident that the hinge moments will be 
less for the 20 per cent axis than for the 15 per cent 
axis, and less for the 15 per cent axis than for the 10 
per cent axis. 

AILERON FLUTTER 

At angles of attack above the stall all the floating 
tip ailerons showed slightly unsteady characteristics; 
that is, they fluctuated as much as a degree, but not 
at regular intervals. This fluctuation may have been 
caused by slight movements of the wing due to the 
burbled air flow above the stall. With the symmetri¬ 
cal tip ailerons hinged on the 20 per cent axis and the 
flaps 0° or up 2°, both with and without the triangular 
end plates, there was a very violent flutter with the 
ailerons deflected ± 20°. This flutter occurred over an 
angle-of-attack range from 9° to 14°. It had an 
amplitude of 3° or 4° and was so violent that balance 
readings could not be taken. 

POSSIBILITY OF CONTROL OF FLAPS ON TIP AILERONS 

If the flaps on the wing-tip ailerons were made to be 
controllable in flight the general efficiency of the wings 
with floating tip ailerons could be greatly improved. 
The maximum lift coefficient could be increased by 
moving the flaps up for the conditions of take-off and 
landing. The rate of climb and the minimum drag 
could likewise be improved by proper adjustment of 
the aileron flap angle. 

CONCLUSIONS 

1. The general performance, including the wing area 
required for a given minimum speed, the speed range, 
and the rate of climb, was found to be definitely poorer 
for the rectangular wings with floating tip ailerons 
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than with a wing having the same over-all dimensions 

and ordinary ailerons. 
2. With the flaps turned up a small amount the 

floating tip ailerons of symmetrical section gave a 
slightly higher maximum lift coefficient, speed-range 

ratio, and climbing criterion. 
3. None of the present floating tip ailerons on rec¬ 

tangular wings gave entirely satisfactory rolling con¬ 

trol just above the stall (a = 20°), but some gave within 
20 per cent of the assumed satisfactory RC. 

4. At an angle of attack of 20° the floating tip 
ailerons gave greater control than the standard ailerons, 
but less than the short, wide ailerons rigged up 10° 
when neutral and operated with an extreme differential 

movement. 
5. The wings with floating tip ailerons gave no 

appreciable adverse yawing moments (body axis), 
but gave large favorable ones at high angles of attack. 

6. Instability in rolling was not as bad with the 
floating tip ailerons as for the standard ailerons, but 
was slightly worse at 0° yaw than with plain short, 

wide ailerons rigged up 10° when neutral. 
7. End plates had relatively small effects. 
8. The differences between the results with the 

symmetrical and the Clark 4 tip ailerons, with the 
flaps in each case turned up the optimum amount, 

were small. 
9. The tests indicated that the following aileron 

arrangements are unsatisfactory because of excessive 

flutter. 
a. The ailerons of symmetrical section floating 

at the 20 per cent axis location with flaps 0° or up 

2°, either with or without end plates. 
b. Ailerons unbalanced statically to improve 

the genera] performance. 

c. Ailerons floating independently and controlled 

by flaps to give the desired rolling moments. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February IS, 1932. 
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TABLE I 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 20 
PER CENT 6/2 

R. N —609,000; VELOCITY = 80 M. P. H.; YAW = 0° 

Ci 10 
cv 10 
SaP 10 

Ci 20 
cv 20 
SaP 20 

Cl' 30' 
cv 30' 
Sap 30' 

a -10° -5° -3° 0° 5° 10° 12° 14° I 16° | 17° 18° 20° 22° 25° 30° 
1 

40° 50° 
1 

60° 

Sa ' AILERONS FLOATING, NEUTRAL- -10 PER CENT AXIS 

Cl 0° -0. 246 -0.053 0. 063 0.238 0.546 0.829 0.929 1.013 1.074 1.070 1.058 1.040 0.958 0. 635 0.635 0. 616 0. 488 C D o° 1 . 054 . 028 . 018 . 022 .042 .076 .091 .109 . 129 . 142 . 158 .187 .216 .321 .394 1 . 544 . 697 824 
Sap 

o° | 
13° — 2° -4° -8° — 12° -16° -18° -19° 

1 
-20° -20. 5° -21° —22° -23° -25° -28° 1 -39° -50° -57° 

R IGHT AIL ERON UP— -LEFT AILERON DOWN 

0.035 0.037 0.037 0.036 ... 0.037 
.005 

0.037 
. 005 

0.036 
.003 

-15° 

.078 

.004 
—4° 

0 034 0.023 
-.004 
-32° 

.002 .005 .005 .005 _ — no4 
6° -6° -10° -11° . -13° 

.075 

.007 
-1° 

.076 

.003 
12° 

-14° 

.075 

.007 
— 2° 

°3° 

.071 .074 .074 .073 ... 066 

.002 .005 .007 .CC7 ... -.006 
-17.5° 

.074 
-.006 
-14° 

19° 8° 3° 1° ... 13° 

.103 .091 .084 .081 ... .071 
.002 

11° 

.079 

.000 
10° 

091 
.002 .004 .004 .004 .. 004 
29° 19° 15° 13° .. -o 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 
Cd 
Sap 

0° 
0° 
0° 

-0.12*4 
.044 

18° 

0.032 
.017 

10° 

0.065 
.018 
-3° 

0. 237 
.022 
-7° 

0.556 
.041 

-10° 

0. 845 
.073 

-14° 

0.954 
.089 

-15° 

1.042 
.106 

-16° 

1.098 
. 125 

-17° 

1.094 
.139 

-18° 

1.085 
. 156 

-18.5° 

1.064 
.188 

-19. 5° 

0.982 
.215 

-20° 

0. 655 
.321 

—21° 

0.642 
.392 

-27° 

0.629 
.545 

-37° 

0.585 
.694 

-45° 

0.502 
.827 l 

-53° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci 10° 0.035 0. 037 0.038 0.038 0.039 
.004 

-10° 

.073 

.005 
-1° 

0. 039 
.003 

-12° 

.073 

. 005 
-3° 

.063 
-.001 

13° 

0.038 
.001 

-12° 

.080 

.002 
—4° 

0. 035 
-.004 
—21° 

.065 
-.004 
-13° 

.087 
-.002 

0. 024 
-.006 
-30° 

.049 
-.007 
_21° 

.071 
-.009 
-12° 

cy 10° .001 .004 .004 .004 
Sa p 10° _ 9° -4° _ -7° -9° 

Ci 20° .072 .073 .073 .072 cv 20° .C01 . 003 . 005 .005 
Sap 20° 20° 7° 3° 1° 

Ci 30° . 103 .088 .078 .074 .068 
.000 

14° 

.072 
-.002 

11° 

Cn’ 30° .001 .002 .001 .000 
Sap 30° 29° 20° 16° 15° 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 
Cd 
Sap 

0° 
0° 
0° 

-0.189 
.045 
21° 

0.084 
.022 
15° 

0.025 
.022 
-7° 

0. 212 
.025 

-10° 

0.537 
,(K3 

-13° 

0.855 
.071 

-13° 

0.962 
.088 

-14° 

1.056 
.103 

-15° 

1.112 
. 125 

-16° 

1.117 
.138 

-17° 

1.098 
.155 

-17° 

1.084 
.186 

-18° 

0.999 
.216 

-18° 

0.668 
. 326 

-20° 

0. 645 
. 393 

-28° 

0.637 
. 5^9 

-36° 

0.602 
.702 

-41° 

o. 521 ; 
.837 

-49° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Ci 10° _ 0. 036 0.036 0.037 0. 036 0.037 
.003 

-10° 

.071 

0.037 
.003 

-11° 

.072 

0.036 
• COO 

-11° 

.079 

0.034 
-.005 

— 21° 

.065 

0.024 
-.005 
-31° 

.049 

Cn' 10° .003 .004 .003 .003 
Sap 10° 8° -4° -7° -9° 

Ci 20° 
cy 20° 
Sap 20° 

. .073 
.001 

20° 

.071 

.002 
9° 

.071 

.004 
4° 

.070 

.004 
1° 

. 005 
0° 

.068 

.001 
14° 

.004 
—2° 

.001 
—4° 

-.005 
-13° 

.090 
-.001 

-.008 
—22° 

.070 
-.010 
-15° 

Cl’ 30° .105 .087 .080 .072 .064 
.C01 

13° 

.073 

.000 
11° 

Cn 30° .001 .003 .002 .001 
Sap 30° 30° 20° 16° 15° 

1 .1 
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TABLE II 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 20 
PER CENT 6/2 

R. N. = 609,000; VELOC1TY=80 M. P. H.; YAW= -20° 

a -10° -5° -3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° 40° 50° 60° 

Sa AILERONS FLOATING, NEUTRAL-10 PER CENT AXIS 

Cl 0° —0. 23' -0.002 0.075 0.226 0.499 0. 748 0.837 0.912 0 972 0.996 1. 014 1.031 1.011 0. 702 0. 653 0.633 0. 587 0. 490 
Ci> 0° .030 .017 .018 .023 .042 .072 .086 . 100 . 119 . 129 . 140 . 176 . 218 .335 .387 .533 . 681 .804 
Ci' 0° .009 -.001 -.005 -.011 -.017 -.022 -. 024 —. 027 -.033 -. 038 -. 043 -.062 -.063 -.064 -.042 -.028 -.024 -. 021 
Cn 0° . 001 . 002 .001 .002 .002 .004 .005 .006 .008 . 009 .010 .012 .014 .024 .024 . 026 .032 .033 
Sap 0° 14° 1° -4° -7° -11° -16° -19° -21° -22° 1 tO

 
CO

 o -24° -25° -27° -30° -36° -48° -57° -69° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 20° 0. 069 0. 071 0. 072 0. 071 0. 069 0. 067 0. 067 0.040 0.029 
Cn 20° —. 003 

— 
—. 000 . 000 . 001 .000 -.001 -.002 -.006 -. 006 

Sap 20° 24° 9° 3° .5° -. 5° -1. 5° — 9. 5° -5° -15° _ 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 0° -0. 028 0. 012 0.088 0. 232 0.507 0. 759 0.848 0.928 0. 992 1.012 1.032 1. 048 1. 017 0.714 0.657 0. 643 0. 597 0. 501 
Cd 0° .037 .017 .017 022 .040 .069 .084 .099 . 115 . 125 . 13S . 172 . 214 .335 .387 .536 .686 .811 
Ci’ 0° . 009 .002 —.003 —.009 —.015 —. 020 —. 022 —.025 —.033 —.037 —. 043 —.064 —.065 —. 064 —. 044 —. 030 —. 026 —. 024 
Cn' 0° .002 . 002 .002 .002 .002 .004 .005 .006 .008 .009 . 010 .013 .015 .024 .024 .026 .032 .035 
Sap 0° 17° -o 

i -2° -4° -9° -14° -16° -17° -18° -19° -20° -24° -25° -29° -33° -45° -55° -65° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Ci' 20° 0. 066 0. 069 0. 070 0. 067 0. 065 0. 064 0.059 0. 037 0.028 
Cn' 20° —. 004 -. 001 -. 001 . 000 -.001 -.003 -.004 -.008 -.008 
Sap 20° 24° 13° 4° 3° 2° 2° 1° -2° -11° . 

. .. 1. 1 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° -0.110 0. 007 0. 071 0. 226 0.504 0. 764 0.859 0.945 1.006 1. 022 1.045 1.054 1.023 0. 715 0. 655 0.637 0. 591 0.497 

Cn 0° .036 .017 .019 .023 .040 .068 .082 .097 . 114 . 122 . 134 . 170 . 214 .332 .386 .535 .687 .810 
Ci' 0° .008 .000 -.006 - 010 -.015 -.019 -.022 -.025 -.033 -.038 -. 045 -.066 -.068 -. 066 -.044 -. 031 -.026 -.026 

Cn' 0° .002 . 002 .002 . 002 .002 .004 .005 . 006 .008 .009 .010 .012 .014 .024 .026 . 026 .032 .035 

Sap 0° 16° 6° -1° -5° -10° -14° -16° -17° -18° -19° -20° -22° -23° -27° -33° -45° -56° -63° 

RIGHT AILERON UP—LEFT AILERON DOWN 

_
.
_

 

20° 
20° 
20° 

0 066 Flutter ... 0.068 0. 067 _ 0.065 0. 064 0.060 0.041 0.032 0. 025 1 
- 006 do _ -.001 .000 ..000 -. 002 -.004 -.009 -.010 -.008 

25° do 6° 4° oo 1° 0° 3° -2° -10° 
1 1 

TABLE III 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW = 0° 

AILERONS FLOATING AND NEUTRAL 

Cx is given for forced rotation at 2^=0.05, (+) aiding rotation, (-) damping rotation; ^ values are for free autorotation 

a 0° 12° 14° 16° 18° 19° 

1 
O O

 
<M 21° 22° 23° 24° 25° 30° 4*-

 
O
 

I 
° 

_
 

I 

10 per cent axis 

( Cx 
v’b 

-0. 022 -0.019 -0.017 -0. 014 -0. 004 0. 019 0.011 -0.004 -0.010 -0. 008 

(-» Rotation(clockwise) o. oeo . 163 0. 154 .149 0.123 0. 031 .031 
l 2U 

1 
i P'b 

-.023 -.020 -.018 -.015 -. 010 .010 -.001 -.007 -.008 -.007 
(—) Rotation (counter¬ 

clockwise). . 143 
i 2V 

15 per cent axis 

Cx 
p'b 

-0. 024 -0. 021 -0.019 -0.016 -0. 005 0. 016 0.008 -0. 005 -0.011 -0.009 

(T) Rotation (clockwise) • f 0.072 
1 -172 } . 167 0.158 .151 0.116 0. 022 

2V 
Cx 
p'b 

-.021 -.017 -.016 -.013 -.007 
J 

.010 -.001 -.006 -.00 7 -.005 
(—) Rotation (counter¬ 

clockwise) . .157 .147 
2 V 

20 per cent axis 

1 Cx 
P'b 

-0.025 -0. 021 -0.018 -0. 016 -0.006 0 017 0.005 -0. 007 -0.010 -0.009 

(+) Rotation (clockwise) 0.165 . 165 0. 160 . 149 
l 2 V 

I Cx 
P’b 

-.021 -.017 -.016 -.013 -.007 .011 -.001 -.007 -.007 -.005 
(—) Rotation (counter- ; 

clockwise). .154 .160 .149 
t 2U 

- 
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TABLE IV 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2 

R. N. = 609,000; VELOCITY=S0 M. P. H.; YAW= -20° 

AILERONS FLOATING AND NEUTRAL 

p'b 
Cx is given for forced rotation at -y^O.OS, (+) aiding rotation, (—) damping rotation 

OE 0° 12° 14° 16° 18° 20° 22° 25° 30° 40° 

10 per cent axis 

(—) Rotation (counterclockwise)_ Cx -0.011 0. 007 0.011 0.018 0. 028 0.043 i 0. 061 0. 053 0.028 0.016 
(+) Rotation (clockwise).... Cx -.031 -.045 -.048 

1 
-.054 -.063 -. 073 

1 
-.073 -.062 -.044 -.035 

15 per cent axis 

(—) Rotation (counterclockwise)_ Cx -0. 014 0.005 0.009 ! 0. 016 0. 026 0. 043 0. 061 0. 053 0. 032 0. 016 
(+) Rotation (clockwise).... C\ -.030 -.044 -. 048 -.051 -.060 -. 070 -.073 —. 063 -.043 -.035 

20 per cent axis 

(—) Rotation (counterclockwise)_ C\ -0. 015 0.004 0.008 ' 0. 015 0. 027 
I 

0.044 | 0. 062 0.054 0.032 0. 015 
(-)-) Rotation (clockwise).. Cx -.031 -.043 -.046 -. 051 -.061 -.070 1 -.074 -.062 -.045 -.034 

TABLE V 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW = 0°; 15 PER CENT AXIS 

. -10° -5° -3° 0° 
5" 

10° 12° 14° 16° 17° 18° 2C° 22° 25° 30° o
 O 50° 

i 
60° 

5.4 AILERONS FLOATING, NEUTRAL—CIRCULAR END PLATES 

Cl 0° -0.215 0.047 0. 158 0. 305 0.609 0. 885 0.982 1.055 1.102 1.080 1.066 0.989 0.925 0. 616 0. 620 0. 605 0. 540 0. 457 
Co 0° .059 .019 .018 .021 .042 .075 .092 . 109 .129 . 146 . 162 . 193 .220 .320 .390 .543 .701 . 854 

&AP 0° 19° 11° 7° -1° -9° -16° -18° -20° —22° _24° -26° -27° -29° -22° -28° -39° -50° -57° 

RIGHT AILERON HP—LEFT AILERON DOWN 

Ci' 10° 0. C32 0.030 0. 023 0. 030 0.029 0.028 0. 029 0.038 0.036 
Cn 10° .001 .002 .003 .003 .004 .003 .003 -.002 -.004 
Saf 10° 9° -3° -8° -10° -12° -14° -16° -20° -30° 

Cl’ 20° .069 .065 .064 .063 .063 .061 .063 .080 .076 
Cn’ 20° .001 .005 .006 .006 .006 .005 .004 -.003 -.005 

20° 20° 8° 3° 0° -1° -4° -6° -11° -20° 

Cl’ 30° .084 .080 .080 .079 .077 .069 .088 . 109 .092 
Cn' 30° .004 .003 .002 .602 .002 .003 .004 -.005 -.011 
&Ar 30° 29° 22° 18° 16° 14° 12° 8° -1° -7° 

AILERONS FLOATING, NEUTRAL—TRIANGULAR END PLATES 

Cl 0° -0.258 -0.009 0.087 0.263 0.580 0.863 0.956 1.047 1.103 1.098 1.075 1.043 0.960 0. 638 0.630 0.620 0. 579 0.500 
Cd 0° .045 .016 .016 .020 .040 .073 .090 . 10T .127 . 140 .156 . 187 .213 .314 .389 .538 .694 .825 
5.4 F 0° 

,s" 
7° 0° -5° -10° -15° -17° -19° —21° —21° -22° -25° -24° -22° -29° -34° -41° -48° 

RIGHT AILERON HP —LEFT AILERON DOWN 

Ci' 10° 0.032 0.033 0.033 0. 033 0.032 0.033 0.032 0.037 0.024 
Cn 10° . 001 . 003 .003 .004 .003 . 003 .002 -.005 —. 006 

10° 9° -4° -9° -11° -13° -14° -14° —2C° -29° 

Cl' 20° .069 .069 .065 . 064 .062 . 061 . 069 .071 . C49 
Cn' 20° .002 .005 . 005 . 005 . 004 .004 .002 -. 006 —. C07 

20° 20° 7° 2° 1° 0° -2° -4° -11° -20° 

Cl' 30° .098 .090 .086 .085 .084 .079 .083 . 095 .074 
C„’ 3C° .004 .004 . 004 .004 . C03 .003 . 000 -.003 -.010 
5 .4 F 30° 30° 20° 16° 14° 12° 10° 8° 1° -10° :::::::: 
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TABLE VI 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT b/2 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW= -20°; 15 PER CENT AXIS 

- -10° : -5° 

O O
 

o
 CO 1 5° 10° 12° 

o CO 

o
 17° 18° 

o
 o
 22° 25° 30° 40° 50° 05

 
o

 O 

_
 l

 

5.4 AILERONS FLOATING, NEUTRAL—CIRCULAR END PLATES 

Cl 0° -0. 258 0.004 0.123 0.289 0. 507 0. 789 0. 821 0. 885 0. 945 0.900 0. 972 0.985 0. 920 0. 034 0. 040 0.638 0. 592 0. 500 
Cd 0° . 100 .084 . 083 .087 . 104 .136 . 144 .158 .176 . 183 . 195 .238 .273 .372 .421 . 507 .724 .850 
Cl' 0° -.004 -.002 -.000 -.013 -.021 -.021 -.008 -.008 -.012 -.015 -.022 -.037 -.043 -.049 -.032 -.017 -.010 -.020 
CV 0° .003 .004 .003 | .003 . 003 . 0C7 .010 .011 .013 .014 .014 .010 .017 .018 .019 .022 .020 .027 
5a f 0° 10° 5° 2° —2° -7° -13° -15° -17° -19° -19° -20° -22° -23° -24° -30° -49° -58° -66° 

RIGHT AILERON UP.—LEFT AILERON DOWN 

Ci' 20° . _ 0.051 _ 0.072 0. 061 0. 057 0. 059 0. 074 0.073 0. 040 0. 019 
cv 20° .002 . .005 .004 .002 .004 .004 . 004 -.001 -.003 _ 
5.4 F 20° 18° _ 8° 3° 2° -1° -5° -8° -9° -12° 

1 

AILERONS FLOATING, NEUTRAL—TRIANGULAR END PLATES 

Ci. 0° -0. 248 0. C22 0.118 0.267 0.531 0. 742 0.822 0.899 0.954 0. 975 0.988 0.980 0.942 0. 090 0.632 0. 625 0. 591 0.500 I 
Co 0° .057 .035 .033 . 036 . 053 .076 .090 .104 .122 .132 .142 . 177 .217 .333 .384 .529 .682 .817 I 
Ci' 0° .000 -.004 -.000 -.013 -.018 -.012 -.014 -.010 -.024 -.030 -. 030 -.057 -.•059 -.063 -.045 -.031 -.024 -.023 
CV' 0° . 004 .004 . C05 . 005 .006 . 007 . COS .009 . 011 .012 .013 .015 .010 .022 .024 .026 .031 .034 l 
5.4P 0° 12° 6° 2° —2° -9° -13° 

1 
-15° -17° j -19° 

I 
-20° -21° -23° -27° -33° -38° -47° -56° -63° 

RIGHT AILERON UP.—LEFT AILERON DOWN 

Ci' 20° 0. 062 0. 049 0. 046 0. 045 0.009 0. 070 0. 072 0. 042 0. 028 j 

Cn 20° .002 . 007 .005 . 006 .002 .000 -.002 -.006 -.007 
5af 20° 20° 6° 3° 1 0° -1° -2° -3° -4° -10° . 
. 1 i 1 1 

TABLE VII 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW=0° 
AILERONS FLOATING AND NEUTRAL—15 PER CENT AXIS 

Cx is given for forced rotation at |^=0.05, (+) aiding rotation, (—) damping rotation; values are for free rotation 

a 0° 12° 14° 16° 18° 19° 20° 21° 22° 23° 24° 25° CO
 

©
 o 40° 

TRIANGULAR END PLATES 

0.008 

(+) Rotation (clockwise). 

(-) Rotation (counter- 

i Cx 
P’b 

l 2 V 

1 Cx 
P’b 

l 2V 

-0. 021 -0. 020 -0. 017 -0.014 -0. 002 _ 0.015 
0. 209 . 205 

_ .025 
. 172 . 219 

0.011 
.206 

.007 

.201 

0. 207 

. 133 

-0.001 
.048 

.008 

. 124 

-0.002 
.045 

-.002 
. 120 

-0.010 -0. 007 

-.020 -.017 -. 016 -.013 -.007 .006 -.007 -.006 

CIRCULAR END PLATES 

(+) Rotation (clockwise;. 

(—) Rotation (counter- 

\ Cx 
P'b 

[ 2V 

1 Cx 
p’b 

l 2 V 

-0. 023 -0. 021 -0.018 -0.013 0. 002 
.118 

-.002 

! 
0.008 0.014 0.011 

. 205 . 207 . 201 

.002 . 017 . 006 

.181 .219 .194 

0.005 
. 196 

.008 

. 156 

..-0.001 
0. 040 .040 

_ .007 
.118 .118 

-0. 003 -0. 012 -0.011 

-.021 -.017 -.014 -.008 -.003 -.006 -.007 

[ 

TABLE VIII 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c 
BY 20 PER CENT 6/2 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW= -20° 
AILERONS FLOATING AND NEUTRAL—15 PER CENT AXIS 

Cx is given for forced rotation at ^*=0.05, (+) aiding rotation, (-) damping rotation 

0° 5° 8° 9° 12° 14° 16° 18° 20° 22° 23° 25° 30° 

O O
 

T
 

TRIANGULAR END PLATES 

(—) Rotation (counter¬ 
clockwise) _i Cx 

(+) Rotation (clockwise).! Cx 
-0.010 
-.035 

. -0.002 
-.037 

0.003 
-.041 

0. 010 
-.047 

0.024 
-.057 

0.041 
-.067 

0. 062 
-.073 

0. 057 
-.069 

0. 047 
-.063 

0.028 
-.045 

0.017 
-.034 

CIRCULAR END PLATES 

(—) Rotation (counter¬ 
clockwise) .. _ - 

(+) Rotation (clockwise). 
Cx 
Cx 

-0.011 
-.034 

0. 002 
-.025 

0.005 -0. 008 -0.008 
-.023 

—0.006 
-. 024 

0.000 

-.027 
0.009 
-. 031 

0.034 
-.039 

0.042 
-.052 

0. 047 
-.049 

0.041 
-.041 

0.014 
-.034 

0. 007 
-.022 
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TABLE IX 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 20 
PER CENT 6/2; FLAPS UP 2° 

R, N. — 609,000; VELOCITY=80 M. P. H.; YAW=0° 

a -10° -5° -3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° o
 c 50° 60° 

Sa AILERONS FLOATING, NEUTRAL- -10 PER CENT AXIS 

Cl 0° -0. 224 0. 027 0.098 0. 267 0. 571 0. 854 0.957 1.040 1.090 1. 082 1. 070 1.047 . 0. 957 0.679 0.655 0. 625 0. 575 0. 500 
Cd 0° .047 .016 .016 .021 .041 .072 . 091 . Ill . 132 . 147 . 161 .191 .221 .323 .400 .552 .697 .832 
Sap 0° 17° 7° 1° -5° -10° -15° 

■ 
-16° -18° -18° -19° -20° -21° -22° -23° -28° -38° -48° -56° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci 10° 0.035 0.038 0.039 0.038 0.037 0. 035 0.036 0.034 0. 025 
C„' 10° . 001 . 003 . 004 . 004 . 003 . 002 -. 003 -. 005 —. 006 

10° 9° ... -4° -8° — 11° -12° -14° -17° -22° -30° 

Ci' 20° .070 .069 .070 . 070 . 070 . 073 .068 . 065 . 051 
Cn 20° -. 001 .003 .004 . 005 . 005 . 002 —. 006 -. 005 -. 008 

20° . 20° 7° 1° -2° -4° -5° -8° — 13° —22° .. 

Cl' 30° . 100 .085 . 080 . 072 . 066 . 075 . 086 . 087 071 
Cn' 30° .000 . 001 . 002 001 -. 001 —. 003 —. 004 — 003 —. 008 
Sap 30° 27° 17° 14° 11° 10° 8° 0° -6° — 10° 

. 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 0° -0. 193 0.068 0. 106 0.268 0. 574 0. 874 0. 978 1. 062 I. 115 1. 100 1.092 1. 063 0. 975 0. 700 0. 650 0.635 0.590 0. 502 
Cd 0° .044 .019 .018 .021 .041 .073 .090 . 106 . 129 . 144 . 160 . 190 .220 .326 .399 .552 .702 .830 

. 016 
Saf 0° 21° 13° 0° -5° -8° -13° — 12° -14° -15° -16° -17° -19° -18° -19° —24° -35° -42° -52° 

-1° 
1 

Cl 

Cd 

SaP 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 10° 
| 

C„' 10° ' | 

10° 
|. 

Ci' 20° 
Cn' 20° 

20° 

Ci' 30° 
Cn' 30° 
Sap 30° 

0. 034 0. 037 .. 0.037 |.. 0.037 0. 037 0. 036 0. 036 0.034 
. 000 . 002 .002 , _ .. . 002 . 002 . 000 —. 005 —. 005 

10° -2° . -6° _ -8° — 11° — 10° —13° -19° 

. 072 . 073 ..072 _ . 072 . 072 . 078 . 068 . 065 

. 000 . 002 . 003 . 003 . 003 . 000 —. 008 -. 007 
21° 8° .. 3° _ 0° -3° -3° -6° -12° 

. 103 .083 _ .075 . . 068 . 061 . 072 .077 .081 

. 000 -.001 _ -.001 _ -. 001 -. 002 — 003 —.006 -.007 
30° 20° .. 17° . 15° 13° 12° 5° -2° 

0.025 
007 

-20° 

. 049 
-.009 

.070 
-.011 
-11° 

AILERON’S FLOATING, NEUTRAL—20 PER CENT AXIS 

°° 

0° 

0° 

. 170 

.042 

24° 

0. 116 0. 230 0. 245 I 0.575 . 100 .051 .239 / 
.024 .023 .024 .041 

| .023 .019 . 022 ) 
19° 
17° 1 4-

 O
t 

o 
o 

[ -6° -9° 

0.898 1.000 1.098 

. 073 . 089 .105 

-9° -10° -11° 

1. 130 

. 129 

-13° 

1. 120 I 1.110 1. 085 
i 

. 143 . 159 . 189 

-13° -14° -14° 

0. 985 

. 220 

-15° 

0.713 0.656 0.645 ! 0.605 0.526 

.331 .402 .562 j .707 .846 

-17° -24° -32° ! -38° -46° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Cl' 10° 
Cn' 10° 
Sap 10° 

Ci' 20° 
Cn' 20° 
Sap 20° 

Ci' 30" 
Cn' 30° 
Sap 30° 

0. 035 
-.001 

11° 

.073 

.001 
21° 

. 104 

.001 
30° 

0 036 
.001 
-1° 

_ 0.036 
_ .001 

-4° 

.086 

.001 
21° 

.078 
_ .000 
_ 18°_ 

0.036 :.  0.033 
.001 ..000 
-6° .i -7° 

.070 . .078 

.003 ;.  003 
1° !.. —2° 

.070 .070 

. 000 _ . 000 
16° _ 14° 

0.036 0.035 0. 033 
-. 002 -. 006 -. 005 

-9° -12° -19° 

. 077 . 068 

.000 -.007 
-3° . -5° 

. 074 . 078 

.003 -.006 
12° 5° 

.064 
-.006 
-12° 

.087 
-.007 

0° 

0.024 
-.007 
-28° 

.048 
-. 010 
-20° 

.069 
-.011 

-9° 
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TABLE X 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 20 
PER CENT 6/2; FLAPS UP 2° 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW= -20° 

a -10° -5° 
f 

1 
-3° 

1 
0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° 40° o»

 
o

 o 60° 

5a AILERONS FLOATING, NEUTRAL- -10 PER CENT AXIS 

Cl 0° -0.217 0. 022 0.108 0. 249 0.518 0. 765 0. 850 C. 927 0. 994 1.007 1.019 1.045 1.009 0. 715 0. 652 0.638 0. 590 0.495 
Cd 0° .034 .018 .017 .022 .041 .071 .087 .104 . 120 . 129 . 141 .179 .219 .336 .386 .538 .688 .804 
Ci' 0° .009 .003 -.002 -.009 -.015 -.021 -.023 -.027 -.035 -.039 -.045 -.065 -. 066 -.074 -.044 -.029 -.025 -.022 
C„' 0° .001 .001 .001 .001 .002 .003 .004 .006 .008 .0)0 .011 .012 .014 .024 .025 .027 .032 .034 
5.4? 0° 13° 5° 1° -5° -10° -16° -18° -20° -21° -21° -22° -25° -25° -30° -35° -45° -55° -65° 

EIGHT AILERON UP- -LEFT AILERON DOWN 

Ci' 20° 0.063 0. 069 0. 072 0.066 0. 062 0. 06C 0.041 0.039 0.028 
Cn 20° —.003 -.008 —.014 — .021 -.002 -.004 -.007 -.008 -.007 

5 ap 20° 21° 7° 2° 0° 0° —2° -3° -5° -14° . 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 0° -0. 204 0.041 0.113 0. 255 0. 519 0. 777 0.863 0.944 1.008 1.025 1.039 1.050 1.009 0. 722 0. 650 0. 638 0.602 0.497 
Cd 0° .034 .017 .018 .021 . 040 .070 .084 .100 .118 . 125 . 139 . 177 . 219 .338 .389 .533 .691 .807 
Ci' 0° .010 .004 -.002 -.009 -.015 -. 019 -.022 -.026 -.034 -.039 -.047 -.066 -.067 -.075 -.044 -.030 -.026 -.026 
Cn' 0° .000 .001 .001 .001 .002 .003 .005 .006 .008 .010 .010 .013 .015 .023 .024 .026 .031 .033 

SaP 0° 16° 8° 2° -4° -10° -15° -17° -18° -20° -21° -22° -23° -25° -28° -33° -46° -55° -62° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Ci' 20° 0.065 0. 069 0. 059 0.062 0. 062 0. 056 0. 039 0. 034 0. 027 . 
Cn 20° -.005 — .004 -003 -.003 -.004 -.006 -.009 -.008 -.009 
Sap 20° 

_ 
25° 

— 

12° 5° . 4° 3° 1° 0° -2° -9° 

AILERONS FLOATING, NEUTRAL-20 PER CENT AXIS 

! Cl 0° -0. 200 0.050 0.118 0. 257 0.524 0.779 0.879 0.952 1.005 1.033 1.050 1.054 1.017 0.719 0. 655 0.626 0. 591 0.503 
Cd 0° .033 .018 .016 .021 .039 .069 .082 .097 . 116 .124 . 138 . 173 .217 .336 .390 .537 . 692 .812 
Ci' 0° .010 .005 -.001 -. 009 -.013 -.018 -.021 -.025 -. 033 -.037 -.046 -. 060 -.066 -.076 -. 046 -. 030 - 026 -.027 
Cn' 0° .003 .001 .001 .001 .002 .004 .005 .006 .008 .010 .010 .012 .015 .024 .025 .026 .031 .035 
Sap 0° 17° 10° 2° -3° -9° -13° -14° -16° -18° -18° -19° -20° -22° -27° -33° -45° -55° -61° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Cl' 9Q° 0.065 0.067 0. 062 0. 062 0. 056 0. 040 0. 032 0.023 
Cn 20° . 003 -.001 -.001 —. 004 -.006 -.010 -.008 -.008 
Sap 20° 

— 
25° 

— 
4° 
. 
_ 2° 3° 1° 4° 0° -10° — 

. 

TABLE XI 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c 
BY 20 PER CENT 6/2; FLAPS UP 2° 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW=0° 

AILERONS FLOATING AND NEUTRAL 
p'b __, __._. p'b 

Cx is given for forced rotation at ^>=0.05, (+) aiding rotation, (-) damping rotation; values are for free autorotation 

I 

“ 
0° 12° 14° 16° 18° 

| 
19° 20° 21° 22° 23° J 24° 25° 26° 97O ! 28° 30° 40° 

10 per cent axis 

| Cx 
p'b 

-0.022 -0. 019 -0.017 -0. 014 -0.002 0. 014 0. 018 _! _-0.013 _ -0.010 -0. 008 
(+) Rotation (clock¬ 

wise). 0. 108 . 120 0. 140 . 149 0. 165 
[ 2 V 

1 Cx 
p'b 

-.020 -.017 -.016 -.013 -.008 -.029 .004 .005 -.004 -.006 
Rotation (coun¬ 

terclockwise) . 

1 

.157 .061 0. 068 0.060 0. 032 
I 2 V 

_| .072 

1 

15 oer cent axis 

| Cx 
P'b 

-0. 022 -0. 020 -0.018 -0.013 -0.001 0.014 0. 01S _ -0.013 -0. 009 -0.007 
(+) Rotation (clock¬ 

wise). 0.115 .121 0. 140 . 154 0. 174 
1. 

[ 2 V 

1 Cx 
P'b 

-.019 -.017 -.016 -.013 -.007 -.029 .003 . 004 -. 004 -.006 
(—) Rotation (coun¬ 

terclockwise). .076 .059 .073 0.073 .- 0.059 0. 030 
( 2 V 

1 

20 per cent axis 

1 Cx J P'b 

-0. 022 -0. 020 -0.018 -0.014 0.000 0.015 

. 120 

0. 020 _-0. 010 -0.008 -0. 005 
(+) Rotation (clock¬ 

wise). 0.113 0.140 . 160 0.180 
I 2 V 

Cx 
J p'b 

-.021 -.017 -.016 -.014 -.006 -.030 000 _ .003 -.004 -.006 
(—) Rotation (coun¬ 

terclockwise) . .038 .040 .064 0.071 .. 0. 060 0. 034 0. 035 
l 2 V 
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TABLE XII 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c 
BY 20 PER CENT 6/2; FLAPS UP 2° 

R. N. = 609,000; VELOCITY=S0 M. P. H.; YAW= -20° 

AILERONS FLOATING AND NEUTRAL 

j)' b 
Cx is given for forced rotation at ^^=0.05, (+) aiding rotation, (—) damping rotation 

a j 
i 

0° 12° 14° 16° 18° 20° 22° 
1 

O o 
C4 CO

 
o

 o 40° 

10 per cent axis 

(—) Rotation (counterclockwise)- Cx s -0. 014 0.007 0. 011 0.018 0.028 0.045 0.064 0. 052 0.029 0.017 
(+) Rotation (clockwise)... Cx -.029 -.043 -.046 -.053 -.062 -.071 -.068 -.060 -.043 -.034 

15 per cent axis 

(—) Rotation (counterclockwise)... Cx -0. 016 0.005 0.010 0.017 0. 028 0.045 0. 061 0. 053 0.030 0.018 
(+) Rotation (clockwise)- Cx -.028 -.0-43 -.046 -.051 -.061 -.070 -.068 -.061 -.044 -.034 

20 per cent axis 

(—) Rotation (counterclockwise).. CX -0.017 0.003 0.009 0.013 0.027 0.046 0. 085 0. 053 0.031 0. 017 
(+) Rotation (clockwise)__.. CX -.031 -.042 -.045 -.050 -.060 -.069 -.068 -.061 -.044 -.033 

TABLE XIII 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c 
BY 20 PER CENT 6/2; FLAPS UP 2°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW=0° 

a -10° 5° 
1 

-3° 0° 5° 10° 12° 

1 
14° 

! 
16° , 170 18° 20° to

 
to

 o 25° 30° 40° 50° 60° 

&A AILERONS FLOATING, NEUTRAL- -10 PER CENT AXIS 

Cl 0° 
1 

-0. 236 | 0. 037 0. 145 0.310 0. 611 0.884 0. 978 1.059 
1 

1. 095 1. 084 

I 

1.068 1.040 0. 944 0. 777 0.662 0.618 0. 572 0. 493 

Cn 0° .044 . 018 .017 . 021 . 041 .076 .094 . Ill .132 .149 . 164 .194 . 222 .317 . 408 . 546 .697 .837 

Sap 0° 16° | 9° 4° 2° -8° -15° -17° -19° -21° -22° -23° -25° -26° -26° -30° -35° -43° -53° 

RIGHT AILERON UP- —LEFT AILERON DOWN 

Ci' 10° 0. 032 0. 033 1 0. 031 0.031 .. 0.031 0.028 0. 024 0.041 0 034 

Cn' 10° . 001 . 003 . 003 _ .003 _ .003 . 003 .002 —.007 -.006 
10° 10° -5° —9° _ -11° _ -13° -15° — 15° -20° -28° 

Ci' L20° . 067 . 062 _ .060 _ .069 . 063 . 080 .073 . 049 

cv 20° . 000 . 004 .004 _ .004 _ .003 . 001 -.005 -.009 -.008 
20° 20° 6° 2° __.1 -1° _ -4° -5° -8° -13° -21° 

Ci' 30° . 096 . 088 . 083 ..082 _ .087 . 080 .095 .098 .074 
Cn' 30° . 001 .002 .003 _ .002 _ .002 -.001 -.002 -.008 -.009 

Sap 30° 30° 20° 16° ...._ 13° . 10° 9° 3° -2° -11° 
1 ' I 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cz, 
Co 
Sap 

0° -0. 217 0. 062 0. 166 0.313 0.618 0.905 1. 002 1.083 1. 125 1. 114 1.098 1.055 0.968 0.690 0.640 0.627 0. 585 o. 500 ; 
0° .053 .019 .017 .021 . 040 .073 .089 . 109 . 130 . 144 . 160 . 190 . 218 .323 .392 .550 . 704 .837 

0° 18° 13° 8° -1° -6° -11° -13° -15° -17° -18° -19° -21° -21° -20° -27° -33° -39° -47° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 10° 0. 033 _ 0.034 0. 032 0.032 

Cn 10° .000 ..1 .001 .002 .003 
10° _ . _ 11° -3° -7° -10° 

Ci' 20° . 069 _ .067 . 062 . 060 
Cn 20° ... __ . 000 _ .003 .003 .003 _1 

20° 20° 7° 3° 0° 

Cl’ 30° . 098 . 087 .080 .077 

Cn 30° .002 .002 . 002 .002 

Sap 30° 29° 19° 15° 13° 
_ 

0.019 0.031 
.002 .001 

-12° -13° 

.059 .069 

.002 .001 
-3° -5° 

.072 .082 

. 000 -.003 
11° 10° 

0. 027 0.038 0.027 
-.004 -.006 -.007 
-14° -19° -26° 

.065 .072 .050 
-.006 -.008 -.009 

-8° -11° -20° 

.091 .097 .074 
-.005 -. 010 -.011 

3° 0° -10° 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° -0.197 0.100 
/ 0. 225 

1 .090 
} 0. 396 0.675 0.948 1.045 1.123 1.158 1.150 1. 140 1.098 0.999 0. 703 0. 643 0.638 0.602 0. 520 

Cd 0° .046 .024 
( .023 
( .018 

| .024 .042 .075 .090 . 109 . 130 . 145 . 160 . 191 .222 .325 .400 . 552 . 712 .843 

&AF 0° 21° 16° 
/ 13° 
\ -2° 

]■ 9° -1° -6° -8° -10° -12° -13° -13° -15° -16° -17° -26° 1 C
O

 
O

 o -35° I 4
*

. 
4
*
. O 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci’ 
Cn' 

10° 
10° 
.1. 0. 032 0. 033 _ 0.033 0.030 _ 0. 023 

. 000 .001 _ .001 .001 _ .001 
Sap 

Ci’ 
Cn 

10° 

20° 
20° 
20° 

■30° 
30° 
30° 

13° 0° -4° -7° .. -11° 

.070 .058 _ .061 

.000 .003 _ .002 
Sap 

Ci’ 
Cn 

21° 0° _ -2° 

. 098 .089 ..083 .079 .. .074 

.006 . 004 ... .005 .005 _ . 003 
Sap 

......... ........ 
28° 18° 16° 13° ... 11° 

0. 030 
.000 
-12° 

068 
.002 
-4° 

.079 

.000 
10° 

0. 031 
-.005 
-14° 

.066 
-. 006 

-5° 

.088 
-.004 

4° 

0. 036 
-.006 
-18° 

.071 
-.008 
-10° 

.094 
-.011 

1° 

0.025 
-.006 
-25° 

.050 
-.009 
-19° 

.073 
-.013 
-8° 
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TABLE XIV 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2; FLAPS UP 2°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW= -20° 

a -10° -5° _3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° 

O O
 50° 60° 

Sa AILERONS FLOATING NEUTRAL— -10 PER CENT AXIS 

Ci 0° -0.236 0.033 0. 133 0.284 0. 536 0.744 0.829 0.899 0. 950 0. 970 0. 973 0.848 0. 765 C. 748 0. 622 0. 618 0.578 0. 496 
Cn 0° .056 .037 .036 .037 .053 .077 .091 . 109 .126 . 136 . 147 .153 . 187 .328 .382 .530 .680 .807 
a 0° -.001 -.003 -.006 -. 012 -.018 -.612 -.015 -.019 -.028 -.033 -.040 -.059 -.070 -.070 -.038 -.029 -.023 -.022 
cv 0° .004 .004 .005 .005 .006 .007 .008 .010 .012 .013 .014 .013 .016 .017 .020 .025 .029 .032 
Sap 12° 7° 2° — 2° -9° -13° -15° -17° -19° -20° — 22° -25° -27° -33° -37° -47° -57° -64° 

RIGHT AILERON up—left aileron down 

1 cv 20° 0. 056 0.045 0.056 0.047 0.075 0.074 0.062 0.043 0.028 
Cn' 20° .000 -.005 .004 .005 .002 —.001 .003 —.005 -.006 

.. 

Sap 20° 20° 5° 1° -2° -4° -3° -4° -6° — 19° 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 0° -0.245 0. 037 0.138 0.284 0. 545 0. 760 0.848 0.918 0.965 0.984 0.996 0. 852 0.745 .690 0. 627 0. 622 0.583 0. 496 
Cd 0° .056 . 035 .035 .036 . 053 .075 .089 . 016 .123 . 132 . 143 .249 .289 .334 .385 .532 .677 .812 
Ci' 0° 0 -.003 -.005 -.011 -.017 -.010 -. 013 -.017 -.025 -.030 -. 037 -.063 -. 061 -.076 -.044 -.030 -.024 -.024 
Cn' 0° -.001 .004 .005 .005 .006 .007 .008 .009 .012 .013 .014 .016 .017 .022 .022 .025 .030 .033 
Sap 0° 11° 7° 3° -1° _yo -11° -13° -15° -17° -18° -19° -22° -25° -32° -37° -47° -56° -62° 

- RIGHT AILERON UP—LEFT aileron down 

Ci' 20° 0.060 0.046 0.044 0.043 .071 0.071 0.051 0.041 0. 027 
Cn' 20° .000 .006 . 004 .005 .000 -.004 -.003 -.005 -.007 
Sap 20° 21° 6° 2° —2° _2° _o° -2° -5° -9° _ 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° -0.245 0. 048 0.156 0.289 0. 552 0.803 0.864 0.938 0. 990 1.013 1.014 1.006 0. 963 0. 672 0. 630 0. 618 0.585 0.560 
Cn 0° .057 .038 .038 .038 .054 .081 .090 . 104 .120 . 129 . 1a2 .175 .219 .335 .390 .534 .688 .815 
Ci' 0° -.001 -.002 -.003 -.010 -.015 -.016 -.008 -.012 -.020 -.024 -.032 -.048 -.052 -.080 -.048 -.030 -.024 -.024 
Cn' 0° .002 .003 .004 .005 .006 .007 .007 .009 .011 .012 .014 .015 .017 .023 .024 .026 .031 .033 
Sap 0° 11° 8° 6° q° -6° -1C° -11° -12° -14° -15° -18° -19° -32° -37° -48° -57° -62° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci 20° 0.058 0.050 0. 036 0.0.58 0.059 0. COO 0.054 0.038 0. 025 
Cn' 20° -.005 .005 _ .005 .003 .000 -.005 -.004 -.006 -.008 
Sap 20° 24° 6° 2° —2° -2° -2° -2° —5° -10° 

TABLE XV 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT b/2; WITH FLAPS UP 2°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW = 0° 

AILERONS FLOATING AND NEUTRAL 
p'b . p'b 

Cx is given for forced rotation at ^=0.05, (+) aiding rotation, (—t damping rotation; jy values are for free autorotation 

a 0° 12° 14° 16° 18° 19° 

O o 
C9 21° 22° 

• 
23° 24° 

O 26° 27° 28° 30° 

— 

40° 

10 per cent axis 

i(+) Rotation (clock¬ 
wise). 

(—) Rotation (counter¬ 
clockwise). 

p'b 
-0. 021 -0. 018 -0. 017 -0. 013 0. 000 0.018 0. 022 -0. 008 .-0.009 -0. 007 

. 099 

— 

0.138 . 150 0. 196 .216 0.234 
gV 

1 Cx 
j P'b 

— 

-. 019 -. 018 -. 016 -. 014 -.007 —. 031 . 005 .008 -.007 -.007 

.234 .206 .163 .118 0.114 0. 096 0.39 
i gv 

— 

15 per cent axis 

(+) Rotation (clock¬ 
wise). 

(—) Rotation (counter¬ 
clockwise). 

1 

\ 
p'b 

-0. 021 -0. 018 -0. 017 -0. 013 0.000 

. 133 

0.018 0. 020 __ -0. 010 -0. 009 -0. 007 

0.133 . 159 0. 186 .225 0. 230 
l gv 
I Cx 

^ P'b 
020 -. 017 
. 
-.015 -.013 -.006 -.031 . 006 .007 -.005 -.005 

-1 .235 .208 . 159 

. 
. 109 0. Ill 0.093 0. 036 

l gv 
t‘ - 

20 per cent axis 

(+) Rotation (clock- 
wise). 

( C* 
1 P'b 

-0. 023 -0. 018 -0.017 -0.013 0. 002 

. 092 

0. 016 0. 019 -0.011 -0. 008 -0.006 

0. 139 . 154 0. 175 .223 
1 gv 
1 Cx 
{ P'b 

-. 021 -.019 -. 017 -.012 -.006 -.030 . 005 .006 -.004 -.006 
1 (—) Rotation (counter¬ 

clockwise). .201 . 109 0. 102 .096 0. 081 0.077 0. 035 
1 gv 1 
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TABLE XVI 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH SYMMETRICAL TIP AILERONS 100 PER CENT c BY 
20 PER CENT 6/2; FLAPS UP 2°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW= -20° 

AILERONS FLOATING AND NEUTRAL 

p'b 
C\ is given for forced rotation at ^y=0.0o, (+) aiding rotation, (—) damping rotation 

Ct 0° 12° 14° 16° 18° 20° 22° 25° 30° 

O O
 

10 per cent axis 

(—) Rotation (counterclockwise)_ Cx -0. 011 -0.001 0.004 0.012 0. 020 0.042 0.057 0. 040 0.028 0.018 ( 
(+) Rotation (clockwise)-- Cx -.034 -.037 -.041 -.046 -.056 -.064 -. 073 -.064 -.045 -. 030 

15 per cent axis 

(—) Rotation (counterclockwise).. Cx -0.012 -0.005 0.000 0.007 0. 021 0. 037 0.001 0. 046 0. 027 0. 017 
(+) Rotation (clockwise)___ Cx -.033 1 -. 034 

1 
-.038 -. 043 -.052 -. 061 -.069 -.062 -.045 035 | 

20 per cent axis 

(—) Rotation (counterclockwise). Cx -0. 015 -0. 000 -0. 004 0. 003 0.017 0.033 0. 056 0.057 0.032 0. 010 
(+) Rotation (clockwise)... Cx -.031 -.030 -.033 -.037 -.046 -.056 -.067 -.066 -.048 -. 034 j 

1 

TABLE XVII 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11° 

R. N. = 609,000; VELOCITY= 80 M. P. H.; YAW=0° 

a -10° -5° -3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° 

1 
o

 O
 

1 
^

 50° 60° 

SA AILERONS FLOATING, NEUTRAL- -10 PER CEN'l AXIS 

Cl 0° -0. 223 0.025 0. 115 0. 274 0. 572 0. 859 0. 970 1.052 1.093 1.091 1.076 1.044 0. 950 0. 688 0. 650 0. 631 0.582 0. 488 
Cd 0° .044 .017 .017 .022 .042 .075 .091 .111 . 131 . 146 . 162 . 192 . 222 . 326 .402 . 555 .704 .830 
Sap 0° 18° 8° 2° -6° -11° -16° -16° -17° -19° -20° -20° — 21° — 99° — 22° -28° -37° -46° -54° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Ci’ 10° 0. 034 0. 037 0.039 0.037 0. 036 0. 034 0. 035 0. 038 0.025 
CV 10° 

— 
. 001 .003 . 004 .004 . 003 .002 -.003 — .006 —.007 

10° 
_ 

9° -4° -7° — 10° -11° -13° — 16° -19° -29° 

Ci' 20° .070 .077 .077 .075 .075 .074 . 077 .065 .045 
CV 20° . . 001 . 005 . 007 .008 .007 .005 -. 001 —. 005 -.007 

20° 21° 8° 4° 1° — 9° -4° _y 0 -12° -21° 

Cl' 30° .099 . 102 . 103 .097 .089 .086 . 101 .087 .067 
Cn' 30° -.003 .004 . 006 . 008 .009 . OOS -. 001 -. 003 -.006 

30° 34° 22° 18° 15° 13° 10° 7° 2° -9° — 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 0° -0. 203 0.063 0. 096 0. 261 0.574 0. 872 0. 978 1.062 1.118 1. 099 1.085 1.055 0. 973 0.696 0.651 0.635 0. 587 0.503 
Cd 0° .044 .019 .018 .023 .044 .077 .092 . 109 .131 . 148 . 162 . 194 .222 .330 .402 .559 .710 .841 
Sap 0° 20° 10° -2° -6° -11° -15° -15° -16° -18° -19° -19° -20° -20° -21° -28° -36° -43° -51° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 10° 0. 035 0. 037 0.038 0.038 0.037 0. 036 0. C36 0.037 0. 025 
I 

Cn' 10° . 000 .002 003 .003 . 002 .000 -.003 -.006 -.007 _ 
10° 9° -4° _jO -9° -11° -12° -14° -20° -29° 

Cl' 20° .071 .076 .077 .075 .075 .073 .078 .065 .047 
Cn' 20° .000 .003 . 005 .006 .006 .004 -.002 —. 006 -.008 

20° 22° 10° 5° 2° 0° -2° -6° -11° -20° 

Cl’ 30° . 100 .085 .083 .081 .073 ( .059 1 .092 .088 .068 

Cn' 30° -. 003 .001 .002 .003 .003 
\ . 068 

.002 
1 

—. 0G3 -.001 -.006 
Sap 30° 33° 23° 19° 16° 13° 11° 9° -1° -10° 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° -0.173 0. 109 0. 222 0. 237 0. 564 0.883 1. 003 1.008 1. 129 1.122 1. 112 1.086 1.003 0. 712 0.657 0.644 0. 608 0.514 
Cd 0° .046 .024 .022 .023 .042 .074 .089 .106 . 131 .145 . 162 .191 .224 . 337 .407 .560 . 711 .842 
Sap 0° 22° 16° 14° -9° -11° -13° -14° -15° -16° -17° -18° -18° -18° -20° -28° -33° -40° -49° 

RIGHT AILERON UP- —LEFT AILERON DOWN 

Ci’ 10° 0. 034 0.036 0. 037 0.037 0.038 0. 036 0.035 0. 035 0. 024 
Cn' 10° . 000 . 002 . 002 . 001 . 000 * ; -.002 -.005 -.006 -.007 
Saf 10° 9° -3° -6° -8° -10° ] -10° -14° -20° -29° 

Ci' 20° .071 .075 . C74 .075 .075 .069 .078 .064 .047 
Cn’ 20° -.001 .002 . 004 .004 . 004 .002 -.002 -. 006 -.008 

20° 22° 10° 5° 3° 0° -1° -6° -11° -21° 

Cl' 30° . 102 . 085 .083 .080 .072 .057 .091 .086 . 068 
Cn' 30° -.003 .001 . 002 . 001 .001 .002 -.004 -.001 -.007 

30° 32° 21° 17° 14° 12° 11° 8° -2° -10° 
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TABLE XVIII 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11° 

R. N. = 609,000; VELOCITY = 80 M. P. H.; YAW= -20° 

Of -10° -5° -3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° o
 o O O

 60° 

Sa AILERONS FLOATING, NEUTRAL—10 PER CENT AXIS 

Cl 0° -0. 209 0. 034 0. 126 0.254 0. 512 0. 761 0. 858 0. 920 0. 984 1.003 1.016 1.038 1.032 0. 751 0. 670 0.639 0. 592 0. 503 
Cd 0° .035 .021 .019 .022 .041 .071 .086 . 100 . 118 . 127 . 137 . 176 .218 .340 .406 . 545 .697 .817 
Ci’ 0° .010 .004 -.000 -.007 -.016 -.022 - 025 -. 029 -.036 -.040 -. 046 -.060 -.086 -.065 -.046 -.031 -. 026 -.025 
cv 0° . 001 . 002 .001 .002 .002 .004 .005 .006 .008 .010 .010 .012 .015 .024 .026 .026 .031 .034 
Sap 0° 19° 11° 7° —2° -9° -14° -16° -17° -19° -19° -20° -23° -24° -27° -33° -44° -46° -58° 

RIGHT AILERON UP— -LEFT AILERON DOWN 

Ci' 20° 0. 069 0. 071 0. 071 0 071 0 065 0 060 0 043 0. 038 0 028 
CV 20° -.001 . 000 . 000 —. 001 - 002 -. 002 - 005 —. 006 —. 005 
Sap 20° 22° 9° 6° 3° 1° -1° 0° -5° — 12° — 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

CL 0° -0. 204 0.049 0. 152 0. 260 0. 518 0. 765 0. 864 0. 945 0.988 1. 020 1.034 1.047 1 045 0. 756 0. 668 0.664 0. 606 0. 505 
Cd 0° .037 .022 .021 . 022 , 041 .070 . 086 .099 . 117 . 125 . 138 . 175 . 218 .340 .408 . 547 . 704 .830 
C,' 0° .011 .006 .003 -. 007 -.014 -. 021 024 -.026 -. 034 -.039 -.045 -. 058 -.086 -.065 -.047 -. 030 -.027 -. 028 
cv 0° .001 .001 .002 001 .002 .004 .005 .006 .008 .010 .011 . 012 .015 .025 .026 .026 .030 .035 
Sap 0° 19° 13° 9° -1° -8° -13° -15° -16° -17° -18° -19° —21° -23° -28° -33° -45° -55° -61° 

RIGHT AILERON UP —LEFT AILERON DOWN 

Ci' 20° 0. 070 0. 071 0.069 0. 070 0 065 0 059 0 044 0. 036 0. 027 
C„' 20° -. 003 —.001 —. 001 -. 003 —. 003 - 004 -. 006 —. 006 -. 007 
Sap 20° 23° 10° 6° 5° 3° 3° 3° -2° -11° 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° -0. 199 0.0.50 0. 147 0. 262 0. 506 0. 787 0.882 0. 953 1.011 1. 022 1. 043 1. 054 1. 047 0. 752 0.680 0. 640 0. 595 0. 503 
Cd 0° .036 .022 .021 . 022 040 .070 .084 .099 . 116 . 124 . 138 . 171 . 216 .343 . 410 . 552 .712 .830 
Ci1 0° .009 . 003 .000 -.006 -.015 020 -.029 -.027 -.034 -. 038 -. 046 -.060 -.087 -.065 -.049 -. 028 -. 025 -. 028 
cv 0° . 001 .002 .001 .001 .002 .004 .005 .007 .008 .010 .011 .012 .015 .024 .027 . 026 .030 .034 
Sap 0° 1S° 12° 8° -1° -9° -13° -14° -15° -17° -18° -19° -21° -23° -28° -35° -47° -58° -64° 

RIGHT AILERON UP- —LEFT AILERON DOWN 

Ci' 20° 0. 070 . 0. 070 0. 070 0 069 0. 065 0. 059 0. 041 0. 029 0. 024 
cv 20° —. 005 —. 001 —. 003 —. 004 —. 005 -. 005 —. 007 —. 006 —. 008 

20° 23° 10° 6° 4° 4° 2° 2° -3° — 11° 

TABLE XIX 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT u BY 20 PER 
CENT 6/2; FLAPS UP 11° 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW=0° 
AILERONS FLOATING AND NEUTRAL 

b T)f b 
Cx is given for forced rotation at —.=0.05, (+) aiding rotation, (—) damping rotation; f'y values are for free autorotation 

a 0° 12° 14° 16° 
f 

18° 19° ! 20° 1 21° 
1 

22° : 23° 24° 
| 

25° i 26° 27° 1 28° 29° 30° 40° 

10 per cent axis 

(+) Rotation 
(clockwise). 

(—) Rotation 
(counter¬ 
clockwise). 

1 Cx 
p’b 

l 2 V 
1 Cx 

P'b 

-0. 023 -0.020 -0. 018 -0.015 -0. 026 

0.118 

0.014 

. 122 

-.028 

0.139 

. 167 

0.017 

. 152 

.003 

.062 

0.168 

.073 

-0. 013 -0.009 1-0.008 

-. 020 -.017 -.017 -.014 -.007 

0. 074 

.005 

0.068 

.1. 
0. 055 | 0. 036 

-.002 -.005 
1 

1 2 V ' 
| 1 

15 per cent axis 

(+) Rotation 
(clockwise). 

(—) Rotation 
(counter¬ 
clockwise). 

[ Cx 
p'b 

{ 2 V 
\ Cx 

p'b 
l 2 V 

-0. 024 -0. 020 -0. 018 -0.016 -0.002 

0. 128 

0.020 

. 149 

-.027 

0. 165 

0.027 

. 192 

-0. 014 — .i. -0.009 -0.008 

-.020 -.015 -.014 -.013 -.007 .004 

.069 0. 078 

.006 

.083 0.067 j_ 0.034 

-.002 -.005 

. 

20 per cent axis 

(+) Rotation 
(clockwise). 

(—) Rotation 
(counter¬ 
clockwise). 

I Cx 
\ p’b 

-0.023 -0.022 - 0.016 

! 

-0.014 0.003 0.012 

. 107 

-.020 

0.014 

.113 

-.028 

0.016 

. 141 

. 004 

. 186 

0.018 

. 156 

.004 

.075 

-0. 013 
1 1 

.i.i 
-0.009 -0.007 

l 2 V 
1 Cx 

p’b 
-.021 -.017 -.016 -.013 -.005 

0. 085 

.007 

.087 0.074 .. 0. 043 

.000 -.004 

y 2 v 
.1. 
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TABLE XX 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 
PER CENT 6/2; FLAPS UP 11° 

R. N. = 609,000; VELOCITY=S0 M. P. H.; YAW= -20° 

AILERONS FLOATING AND NEUTRAL 

Cx is given for forced rotation at ^=0.05, (+) aiding rotation, (-) damping rotation 

j 
1 a 0° 12° 14° 16° 18° 20° 

—
 

i 
o 

1 
cn 
<M 25° 30° 

O O
 

10 per cent axis 

(—) Rotation (counterclockwise).. Cx -0. 016 0.008 0.012 0.019 0.029 0. 047 0. 067 0. 055 0. 032 0.019 
(+) Rotation (clockwise).... C\ 029 —. 045 -. 048 -.054 -.064 -.073 -.072 -.064 -.046 -.036 

15 per cent axis 

(—) Rotation (counterclockwise). - - Cx -0.019 0. 006 0.010 0.016 0. 027 0. 046 0.066 0.055 0.031 0. 018 
(+) Rotation (clockwise)___ Cx -.028 -.044 -.048 -.053 -.063 -.072 -.070 -.062 -.044 -.034 

20 per cent axis 

(—) Rotation (counterclockwise).. Cx -0. 021 0. 005 0. 009 0.015 0. 029 0.048 0. 066 0.056 ! 0.033 0.020 
(+) Rotation (clockwise)..__ . 

a 
-.028 -.043 -. 047 -.053 -.063 -.072 -.071 -.062 -.046 -.034 | 

TABLE XXI 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY=80 M. P. H.; YAW=0° 

a 

Sa 

Cl 0° 

Cd 0° 

SaP 0° 

CL 
Cd 
Saf 

Cl 0° -0.105 0. 092 0. 216 
Cd 0° .047 .023 .019 
Sap 0° 21° 14° 13° 

-10° 

-0.256 
.047 

15° 

0. 015 
.018 

5° 

-3° 0° 5° 10° 12° 14° 16° 17° 18° 20° 22° 25° 30° 40° 50° 60° 

AILERONS FLOATING NEUTRAL—10 PER CENT AXIS 

0. 130 0. 301 0. 606 0.880 0.984 1. 065 1. 115 1. 100 1. 083 1.043 0. 950 0. 675 0. 612 0.623 0. 576 0. 493 
.018 .021 .042 .076 .093 .110 . 134 . 149 . 161 . 194 .222 .321 .378 .551 .698 .834 

9° -3° -9° -14° -17° -19° — 21° -21° — 22° -24° -25° —22° -28° -35° -40° -49° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 10° 
CY 10° 
Sap 10° 

Ci' 20° 
C„' 20° 
Sap 20° 

Ci' 30° 
Cn’ 30° 
Sap 30° 

0.032 I. 
.001 . 

10° _ 

.066 . 

.002 . 

20° I. 

.103 . 

.001 _ 

30° L 

0. 032 
. 002 
-4° 

.069 

.006 
7° 

.104 

.003 
20° 

0. 030 
.003 
-9° 

.070 

.006 
3° 

.086 

.003 
14° 

0.031 _ 0.019 
.003!....i .003 

-12° _ -13° 

.071 

. 006 
0° 

.086 

.003 
12° 

.057 

.005 
-2° 

.084 

.003 
8° 

0.031 
.002 ! 

-15° | 

. 067 | 

.003 
-3° 

.089 

.003 
6° 

0. 031 0. 037 0. 024 
-. 004 —. 006 —. 006 
-15° -19° -27° 

.064 
-.003 
-13° 

.089 

. 000 
1° 

.066 
-.005 
-12° 

.093 
-.003 
-3° 

.047 
-. 006 
-20° 

.070 
-. 006 
-12° 

AILERONS FLOATING, NEUTRAI^15 PER CENT AXIS 

-0.218 
.048 

19° 

0. 062 
.021 

12° 

0. 177 
.018 

4° 

0. 326 
.021 

0° 

0. 640 0.917 1.025 1. 098 1. 140 1. 123 1. 115 1. 048 0. 976 0. 693 0. 638 0. 634 
.042 .074 .093 . 109 . 130 .144 . 161 .191 . 220 .323 .394 .547 
-5°; -10° — 12° -14° -16° -17° 1 18° -20° -17° -19° -24° -31° 

0.590 
.707 

-37° 

0. 500 
.837 

-45° 

RIGHT AILERON UP—LEFT AILERON DOWN 

d 10 
cn' 10 
Sap 10 

Ci 20 
Cn' 20 
Sap 20 

a 30 
Cn' 30 
Sap 30 

0.032 0 031 
—. 001 . 000 

11° —3° 

.065 . 068 

. 001 . 004 
22° 8° 

. 103 109 

— .002 . 002 
1 38° 21° 

1 

0. 031 _ 0.030 
.001 _ .002 
-8° _ -11° 

.066 .062 

. 005 _ .005 
4° _ 1° 

.082 _ .084 

.002 ..001 
17° - 13° 

.002 
-14° 

.065 

.005 
-2° 

.088 

.002 
11° 

0. 028 0. 029 0. 036 0.025 1___ 
.001 -.004 -. 006 -.006 _ _ 

-15° -18° -20° -26° .... 

. 064 .062 . 067 .048 _ 

. 002 -. 004 -. 006 -.003 _ 
-3° -6° -10° -29° ___i 

. 085 .081 .091 .070 _1 

.002 -.003 -. 006 -. 007 _ 
7° 5° 0° -10° L__ 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

0. 383 
.024 

7° 

0.672 0. 951 1. 050 1. 126 1.159 1. 154 1. 142 1.065 1.003 0. 705 0. 643 0. 648 
. 043 .075 .091 . 110 . 132 . 147 .162 . 195 .224 .330 .400 . 560 
-1° -6° -8° -11° -13° -14° -15° -15° -17° -18° -25° -29° 

0. 610 | 0. 518 
.719 i .850 

-34° I -42° 

Ci 10° 

Cn' 10° 

Saf 10° 

Ci 20° 

Cn' 

O O
 

CN 

Sap 20° 

Ci 

O
 ©
 

CO 

Cn' 30° 
Saf 30° 

0. 031 

.000 
11° 

.066 

. 000 
22° 

. 103 

-.003 
31° 

RIGHT AILERON UP—LEFT AILERON DOWN 

0.031 

.000 
-1° 

.068 

.003 
10° 

.097 

.001 
21° 

0.031 

.000 
-4° 

.066 

.004 
6° 

.083 

-.001 
16° 

! 

0.031 

.000 
-7° 

.062 

. 005 
1° 

.081 

.000 
13° 

0. 021 
0. 030 

. 000 

j 0. 030 0.030 0. 034 0. 026 

-. 001 -.005 -.006 -.006 
-10° -11° -13° -18° -24° 

.062 .063 .062 .068 .048 

.004 .000 -.005 -. 007 -. 009 
-2° -4° -7° -12° -19° 

.080 

.090 

.000 
9° 

J .085 

.003 
5° 

.087 

-.009 
4° 

.091 

-.007 
0° 

.070 

-.008 
-10° .I.. 1. 
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TABLE XXII 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11°, TRIANGULAR END PLATES 

R. N. = 609,000; VELOCTTY = 80 M. P. H.; YAW= -20° 

a 

5a 

Cl 0° 
Cd 0° 
Ci' 0° 
Cn' 0° 
5.4 P 0° 

-10° -5° -3° 0° 10° 12° 14° 10° 17° 18° 20° 22° 25° 30° 40° 50° 

AILERONS FLOATING, NEUTRAL—10 PER CENT AXIS 

-0. 241 
.000 

-.003 
.003 

0. 033 0. 144 0.296 0. 554 0. 755 0.841 0.910 0. 967 0.982 0.994 0.990 0. 938 0. 688 0. 622 0. 621 0. 586 

. 038 . 037 .039 .055 .079 .093 . 109 . 128 . 137 . 148 . 185 . 224 .337 .387 .529 . 690 

-. 004 -. 007 -.011 -.020 -.013 -.016 -.020 -. 028 -.032 -.041 -.062 -. 062 -.079 -.045 -.033 -.027 

. 004 . 004 .005 .006 .007 .008 .010 .012 .013 .014 .016 .017 .022 .023 .026 .031 

6° : 3° -1° -9° -13° -15° -17° -19° — 20c -21° -23° -25° -33° -37° -47° -56° 

60° 

0. 492 
. 807 

-.024 
.033 

-64° 

RIGHT AILERON UP—LEFT AILERON DOWN 

Ci' 
Cn' 
5.4 P 

0 0G0 0.047 _ 
. 008 

0.070 _ 0. 074 0. 076 0. 076 0. 052 0.043 0. 028 
. 000 .006 ... .005 .003 .001 -.002 -.005 -. 005 

21° 5° 3° _ 1° -3° -4° -5° -6° -14° 

j _■ ' _!_ _ _ -1 

AILERONS FLOATING, NEUTRAL—15 PER CENT AXIS 

Cl 
Cd 
Ci' 
cv 
5.4 F 

0° -0. 242 0. 047 0. 162 0.315 
0° .058 .038 .039 .040 
0° -.004 -. 004 -.005 -. 009 
0° .002 .003 .003 .004 
0° 13° 8° 5° 1° 

0. 576 0. 774 0. 857 0. 934 0. 979 0.998 1.019 1.003 0.946 0. 672 0.616 
.055 . 076 .090 . 105 . 128 . 135 . 146 . 184 .222 .329 .385 

-.015 -.009 -.013 -.017 -.025 -.031 -.037 -.056 -.062 -.087 -.047 
.005 .006 .008 .010 .012 .013 . 014 .016 .018 .024 .023 
-4° -10° -12° -14° -17° -18° -19° -21° -23° -28° -38° 

.026 .031 

0.488 
.812 

-.025 
.034 

—62s 

RIGHT AILERON UP—LEFT AILERON DOWN 

0. 060 
-.002 

23° 

0. 052 
.008 

6° 

0. 045 
.007 

1° 

0. 070 
.003 

1° 

0.075 ! 0.075 
.001 ! .000 
-3° ; -4° 

0. 058 
-. 005 

-5° 

0. 040 
-.005 
-6° 

0. 027 
-.005 
-13 

AILERONS FLOATING, NEUTRAL—20 PER CENT AXIS 

Cl 0° 
Cd 0° 
Ci' 0° 
Cn' I 0° I 
5.4 p 0° 

.059 
-.005 

. 002 
13° 

.004 
8° 

0 162 0. 324 0. 575 0. 789 0.869 0. 943 0.999 1. 025 1.022 1. 023 0. 965 0. 682 0. 622 0.613 0. 577 0. 

. 039 . 040 .055 .078 .091 . 105 . 124 . 134 . 146 . 182 .222 .336 . 390 . 536 . 689 

— 006 —. 009 -. 015 -.007 007 -.012 -.019 -.024 -.032 -.044 -.054 -.087 -.047 —. 03 i —. 027 

. 004 .005 .006 .007 .008 .010 .012 .013 .015 . 016 .018 .025 .024 . 027 . 032 . 

6° 3° -6° -11° — 12° -14° -14° -15° -16° -18° -20° -25° -40° -50° — 58° — 

RIGHT AILERON UP—LEFT AILERON DOWN 

CV 
CJ 

20° ..._ 0.057 .. 
20° . _ -.003 _ 

h\F 20° ;.. .. 22° .j 
.001 . 

10° - 

0. 057 
.001 

5° 
.000 

2° 

0 065 0.064 
-.002 

-4° 

0.058 
-.005 

0. 036 
-.004 

0. 024 
— 001 -.007 

— 1° -4° -6° -9° 

TABLE XXIII 

ROTATION TESTS 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11°, AND TRIANGULAR END PLATES 

R. N. = 609,000; VELOCITY= 80 M. P. H.; YAWr = 0° 
AILERONS FLOATING AND NEUTRAL 

Cx is given for forced rotation at 0.05, (+) aiding rotation, (—) damping rotation; values are for free autorotation 

26° I 

p'b 1 

0° 12° 14° 16° 18° 19° 20° 

10 per cent axis 

21° 22° 23° 24° 25° 28° 30° 40° 

[ Cx 
(+) Rotation (clockwise)-\ P^b 

( 2V 

(—) Rotation (counterclock- I 

wise).-.1 2V 

-0. 022 -0. 020 -0.01S 

_ 
-.013 

-.020 -.016 -.016 -.012 

|.. 
. 099 ! 0.137 

0. 020 

. 149 

-.028 

0.204 

.209 

I 

0. 021 

.228 

.007 

. 167 

15 per cent axis 

(+) Rotation (clockwise). 

(—) Rotation (counterclock¬ 
wise)-- 

I C: 
V' 

l 21 

Cx 
p'b 
2V 
Cx 

b 
2V 

-0. 023 -0. 020 -0.018 '-0.014 .001 _ 0.016 

.096 0. 145 .144 

-.019 -.016 -.015 -.012 -.005 _-.030 

| ! 

.. .020 

0. 182 . 223 . 

.i .003 - 

.211 

-0. 010 _-0.010 -0.006 

.009 __J -.007 -.007 

0.123 0.117 .111 0.094 0.028 .... 

| 
-0.010 _ _—0.009 -0. 008 

.009 .. -.004 -.006 

. Ill 0 097 0.043 .- 

20 per cent axis 

(+) Rotation (clockwise). 

(—) Rotation (counterclock¬ 
wise)___ 

Cx 
p'b 
2V 
Cx 
p'b 
2V 

-0. 022 -0. 021 -0. 018 -0. 014 0.001 

n*7u 

0. 015 

124 

0.018 

. 225 

-0.010 ..-0.008 -0.006 

0 11G 

— 

0 170 

-. 020 -.017 -.014 -.011 -.005 -.028 .005 .007 _ -. 004 -. 005 
1 

.210 . 167 0.109 . 106 0. 100 0.050 _1.. 

— -f 
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TABLE XXIV 

ROTATION TESTS. 10 BY 60 INCH CLARK Y WING WITH CLARK Y TIP AILERONS 100 PER CENT c BY 20 PER 
CENT 6/2; FLAPS UP 11°, TRIANGULAR END PLATES 

R. N.=609,000; VELOCITY=80 M. P. H.; YAW= -20° 

AILERONS FLOATING AND NEUTRAL 

C'x is given for forced rotation at iyy— 0.05, (+) aiding rotation, (—) damping rotation 

a 0° 12° 14° 16° 18° | 20° 
i 

o CM 
CM 25° 30° 40° 

10 per cent axis 

(—) Rotation (counterclockwise)_ Cx -0. 013 -0. 002 0.003 0.011 0.025 0.041 0. 066 0. 052 o 030 0 01Q 
(+) Rotation (clockwise).. Cx 031 -. 037 -. 041 i -.046 —. 055 -. 063 -.073 -. 059 -.047 -.036 

15 per cent axis 

(—) Rotation (counterclockwise)_ Cx -0.014 -0.006 -0.001 0.006 0.022 0.038 0. 063 0. 057 0 028 n oik 
| (+, Rotation (clockwise)__ c>. -.030 -.033 -. 037 -.042 -. 052 -. 060 -.068 -.066 -.045 -. 034 ; 

20 per cent axis 

(—) Rotation (counterclockwise).. Cx -0.016 -0.006 -0. 004 0. 003 0.017 0. 033 0.001 0. 056 
i 

0. 031 0 018 
(+) Rotation (clockwise)_ Cx -.030 -.029 -. 033 -.038 -.047 —. 055 -.065 -.064 -.0-46 -.034 

TABLE XXV 

CRITERION'S SHOWING RELATIVE MERITS OF AILERONS 

| Plain ailerons 1 
Symmetrical floating tip 

ailerons 100 per cent c 
by 20 per cent 6/2; flaps 
0°, no end plates; float- 
ing ailerons 40° 
difference. 

Symmetrical 
floating tip aile¬ 
rons 100 per cent c 
by 20 per cent 6/2; 
15 per cent axis; 
flaps 0°; floating 
ailerons 40° diff¬ 
erence 

Symmetrical floating tip 
ailerons 100 per cent c 
by 20 per cent 6/2; flaps 
2° up, no end plates; 
floating ailerons 40° 
difference. Subject Criterion 

25 per cent c 
by 40 per cent 
b/i (assumed 

standard size) 

40 per cent c 
by 30 per cent 

b/i (rigged up 
10° when 
neutral) 

Standard 
5=25° up 

25° down 

Differential 
No. 2 

5=50° up 
7° down 

10 per 
cent 
axis 

15 per 
cent 
axis 

20 per 
cent 
axis 

Circular 
end plates 

Trian¬ 
gular 
end 

plates 

10 per 
cent 
axis 

15 per 
cent 
axis 

20 per 
cent | 
axis 

Wing area or minimum 
speed. 

Speed range_ 
Rate of climb_ 

Maximum Cl ] 

Max Ci/MinCnK1=0°- 
L/D at Cl=0. 701 

( 1.270 

81.9 
1 15.9 

1. 173 

65. 2 
17. 1 

1.074 

59.8 
12.1 

1.098 

64.6 
12. 7 

1.117 

50.8 
12. 5 

1.102 

61.2 
13.6 

1.103 

69.0 
13.5 

1.090 

67.7 
13.1 

1.115 

68.0 
13.3 

1.130 

60.4 
13. 7 

Lateral controllability. - 

RC a— 0°_ .. 
RC « = 10°___ 

RC a = 20°_ 
RC 30°.. .. 

.204 

.076 

.038 

.017 

.248 

. 075 

i .076 
.027 

. 299 

.086 

.065 

.092 

.304 

.085 

.065 

.091 

.342 
Ailerons 
flutter. 

.062 

.091 

.224 

.072 

.057 
. 115 

. 263 

.078 

.053 

.013 

.262 

.079 

.061 

.090 

.269 

.082 

.063 

.092 

-’] 
.294 

Ailerons 
flutter. 

.067 

.089 

Lateral control with 
sideslip. 

Maximum a at which ailerons will bal¬ 
ance Ci' due to 20° yaw. 

20° 26° 21° 20° 20° All 
Angles. 

25° 20° 20° 20° 

Yawing moments due 
to ailerons; (+) favor¬ 
able, (—) unfavorable. 

[c„ a= 0°.... ... -.007 

-.004 

-.010 

-.008 

.021 

.026 

.030 
/ . 009 
\ 2.001 

.002 

.018 

.033 

] .030 

.001 

.016 

.030 

.029 

.001 

Ailerons 
flutter. 

.02.8 

.029 

.001 

.016 

.026 

.037 

.002 

.017 

.025 

.030 

/ com 
l-.ooi 

.015 

.029 

.028 

-.001 

Ailerons 
flutter. 

.029 

.027 

C„ a= 10°_ 
. 

/ 
.014 

.027 

.027 

C\ a = 20°__.. 

C'n Of = 30°___ 

Lateral stability 
(5.4=0°). 

a for initial instabilitv in rolling.._ 18° 

17° 
11° 

.048 

.093 

20° 

19° 
13° 

.015 

.072 

20° 

18° 
10° 

.018 

.061 

20° 

19° 
10° 

.017 

.061 

19° 

18° 
10° 

.017 

.062 

19° 

18° 
3 40 

.017 

.047 

19° 

18° 
13° 

.025 

.062 

20° 

18° 
10° 

.018 

.064 

19° 

18° 
10° 

.018 

.062 

19° 

18° 
10° 

.020 

. 065 

a for initial instability at p'b/2 V=0.05: 
Yaw=0°_ ... 
Yaw=20°... 

Maximum unstable Cx: 
Yaw=0°__ 
Y aw = 20°____ 

Footnotes at end of table. 
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TABLE XXV—Continued 

CRITERIONS SHOWING RELATIVE MERITS OF AILERONS—Continued 

Subject Criterion 

Symmetrical floating tip 
ailerons 100 per cent c by 20 
percent 6/s; flaps 2° up; 
triangular end plates; 
floating ailerons 40° 
difference. 

Clark Y floating tip aile¬ 
rons 100 per cent c by 20 
per cent 6/s; flaps 11° up, 
no end plates; floating 
ailerons 40° difference. 

Clark Y floating tip aile¬ 
rons 100 per cent c by 20 
per cent bit; Haps 11° up, 
triangular end plates; 
floating ailerons 40° 
difference. 

10 per 
cent axis 

15 per 
cent axis 

20 per 
cent axis 

10 per 
cent axis 

15 per 
cent axis 

20 per 
cent axis 

10 per 
cent axis 

15 per 
cent axis 

20 per 
cent axis 

Wing area or minimum speed... 
Speed range... 

1 Rate of climb.. 

Maximum Cl 1 
Max ClIMin Cd 5.4=0°-- 
LID at Cl=0.70 I 

I 1.095 
•1 64.0 
[ 14.0 

1.125 
66.5 
14.7 

1.158 
63.2 
15.6 

1.093 
65.5 
12.8 

1.118 
61.1 
12.5 

1.129 
51.3 
13.2 

1.115 
63.0 
13.6 

1.140 
62.6 
14.6 

1.160 
59.8 
15.5 
— 

Lateral controllability...-- 

RC «= 0°..-. 
RC a-10°.... 

RC a-20°..... 
RC a —30°..—.- 

.216 

.072 

.061 

.104 

.220 

. 072. 

.051 

. 104 

.175 
Ailerons 

flutter. 
.052 
. 102 

.257 

.087 

.065 

.090 

.273 

.085 

.065 

.090 

.298 

.083 

.064 
. .089 

.218 

.075 

.050 

.096 

.203 

.071 

.056 

.095 

. 169 

.070 

.061 

.089 

Lateral control wdth sideslip.... Maximum a at which ailerons will bal¬ 
ance Ci' due to 20° yaw. 

23° 23° 21° 20° 20° 20° 23° 23° 23° 

Yawing moments due to aile¬ 
rons; (+) favorable, (—) un¬ 
favorable. 

[C„ a~ 0°__-... 

Cn a~ 10°...— 

Cn a —20°..---- 
Cn a—30°-.-.- 

8.001 

.015 

.026 

.029 

.015 

.022 

.029 

Ailerons 
flutter. 

.023 

.029 

.001 

.018 

.032 

.028 

.016 

.031 

.028 

-.001 

.015 

.029 

.027 

.002 

.017 

.025 

.029 

f .001 
\ 3-.001 

.015 

.027 

.028 

}-. 
.014 

.028 

.037 

Lateral stability (<5.4=0°)- 

a for initial instability in rolling... 
a for initial instability at p'b/2 V=0.05: 

Yaw—0°... 
Yaw—20°_____ 

Maximum unstable C\: 
Yaw=0°___ 
Yaw=20°..... 

19° 

18° 
12° 

.022 
. 057 

18° 

18° 
14° 

.020 

.061 

18° 

18° 
15° 

.019 

.059 

19° 

18° 
9° 

.017 

.067 

19° 

18° 
10° 

.027 

.066 

19° 

18° 
10° 

.018 

.066 

18° 

18° 
13° 

.021 

.066 

18° 

18° 
14° 

.020 

.063 

19° 

18° 
16° 

.018 

.061 

i UH. number 2 Meat* that the .Mention of the up .Heron TO 
3 This wing is unstable from a=4° to a=8° and is stable from a=9° to a = 16°, above a-16 the wing is unstable. 

10° 

149900—33-33 
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THE EFFECT OF NOZZLE DESIGN AND OPERATING CONDITIONS ON THE ATOMIZA¬ 
TION AND DISTRIBUTION OF FUEL SPRAYS 

, By Dana W. Lee 

SUMMARY 

The atomization and distribution characteristics oj 

fuel sprays from automatic injection valves for compres¬ 

sion-ignition engines were determined by catching the 

fuel drops on smoked-glass plates, and then measuring 

and counting the impressions made in the lampblack. 

The experiments were made in an air-tight chamber in 

which the air density was raised to values corresponding 

to engine conditions. 

The effects of the jet velocity, chamber-air density, 

orifice diameter, and the orifice length-diameter ratio on 

the fineness and uniformity of the atomization and on 

the distribution of the fuel in sprays from, plain cylin¬ 

drical nozzles were determined. The atomization and 

distribution characteristics of sprays from valves having 

spirally grooved stems, of sprays produced by the im¬ 

pinging of two fuel jets, and of sprays produced by a 

fuel jet striking a metal lip were also measured and 

compared with those of sprays from the plain nozzles. 

It was found that each spray is composed of several 

million drops whose diameters range from less than 

0.00025 inch to 0.005 inch, and sometimes to 0.010 inch. 

The experiments indicated that with a given fuel the 

fineness and uniformity of the atomization increase 

with an increase in the jet velocity, and with a decrease 

in the orifice diameter. Orifice length-diameter ratio and 

chamber-air density had no decided effect on the spray 

atomization. Centrifugal-type sprays, impinging-jets 

sprays, and sprays formed by a jet striking a metal lip 

were found to have no better atomization than sprays 

from plain nozzles, provided that the jet velocity was the 

same, but the distribution of the f uel within these sprays 

was found to be much better than for plain sprays. 

INTRODUCTION 

One of the most difficult problems encountered in 
the development of high-speed compression-ignition 
engines Inis been the proper atomization and distribu¬ 
tion of the fuel in the combustion chamber during the 
extremely short time available. Rapid combustion of 
the fuel does not take place as soon as it enters the 
combustion chamber, but a certain time, known as the 
ignition lag, elapses during which the temperature of 

the fuel is raised to its auto-ignition point by the 
absorption of heat from the compressed air. The 
rate of heat absorption by a fuel drop is directly pro¬ 
portional to its surface area; the rate of its temperature 
rise is inversely proportional to its volume. Because 
the surface area varies as the square of the diameter, 
whereas the volume varies as its cube, a small drop 
will have a shorter ignition lag than a large one. The 
time required for the complete combustion of small 
drops is also less than that for large ones; therefore 
the smallest drops are the most desirable if they can 
be obtained without sacrificing good distribution. 

Engine-performance tests made in connection with 
measurements of the atomization of the fuel (refer¬ 
ence 1) showed that a decrease in the mean drop size 
was not always accompanied by a better engine per¬ 
formance. The smaller drops probably did not pene¬ 
trate to all parts of the combustion chamber, and some 
of them failed to burn because of lack of oxygen. 
Conversely, a change in nozzle design which improves 
the distribution may also change the atomization. Tn 
the experiments described herein, these two spray 
characteristics have been studied together. 

A survey of most of the previously published work 
on the atomization and distribution of fuel sprays (see 
bibliography appended) showed that these problems 
have usually been studied separately. Kuehn in 1924 
published an account of an experimental investigation 
of the atomization of fuel sprays produced at rela¬ 
tively low pressures and injected into air at atmos¬ 
pheric pressure and temperature, lie caught the 
sprays on smoked-glass plates, counted the number of 
impressions made in the lampblack by the fuel drops, 
and very carefully determined the weight of the fuel 
caught on the plates. From these data he computed 
the mean drop size for each experimental condition. 

Woltjen in 1925 studied the atomizations of fuel 
sprays by injecting them into a gelatinous substance, 
which caught and held the drops. He then took 
photomicrographs of the drops, from which he de¬ 
termined the relative fineness and uniformity of the 
atomizations. He used injection pressures and cham¬ 
ber-air densities corresponding to those used in 
engines. 
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Sass in 1930 published the results of some atomi¬ 

zation experiments made by himself while using a 

variation of Woltjen’s method. He caught the 

drops on the surface of a pool of glycerin which was 

placed about 8 inches directly below the spray nozzle, 

and then took photomicrographs of them. 

The most direct method employed to study fuel 

atomization has been the spark photography of the 

drops while they are still in the spray. Scheubel has 

thus photographed the sprays from carburetor jets, 

and Sass has been able to photograph the drops in 

a high-velocity spray at a magnifying power of 10. 

Photomicrographs of fuel sprays have also been taken 

at this laboratory using the same magnification, and 

and nozzle dimensions. Wherever possible, the results 
have been compared with those obtained by other 
investigators. 

APPARATUS AND TEST METHOD 

FUEL-INJECTION SYSTEM 

The fuel-injection system used for an investigation 
of spray characteristics should be as nearly like those 
used on engines as possible. At the same time, there 
must be only a single injection, the duration and veloc¬ 
ity of which can be controlled and measured. The 
common-rail fuel-injection system which is used with 
the N. A. C. A. spray photography equipment ful¬ 
fills these requirements, and was used for these tests. 

T/-^7 

Initial p, •ssure control valve 

V'ZWtWw, 

Injection valve 

Timing 
valve 

From 
hand 
pump By-pass valve 

Figure 1.—Fuel-spray injection system 

the results will be published at a later date. . (See 

Bibliography.) 

The best known tests on the distribution of fuel 

in sprays are those made at the Pennsylvania State 

College using a “spiral staircase” of collecting pads. 

(References 2 and 3.) The results of these tests 

shownd that the fuel concentration was greatest along 

the axes of the sprays, and that it decreased rapidly 

toward the edges. 

The present report presents the results of a series 

of measurements of the atomizations and distributions 

of fuel sprays made in 1931 by the National Advisory 

Committee for Aeronautics, at Langley Field, Ya. 

Four different types of sprays were investigated, using 

different injection pressures, chamber-air densities, 

It is shown diagrammatically in Figure 1, and its 

action is fully described in reference 4. 

The steel injection tube that was used had an 

external diameter of 0.25 inch, an internal diameter 

of 0.125 inch, and a length of 100 inches. Previous 

experiments (reference 4) had shown that the fuel 

pressure at the nozzle was steadier when long tubes 

wnre used. 

The different types of nozzles used are shown in 

Figure 2. Figure 2 (a) shows a plain nozzle assembled 

in the end of the injection valve shown in Figure 1. 

The same type of nozzle in the same valve, assembled 

with an adapter and a valve stem having four helical 

grooves which gave the fuel a whirling motion as it was 

injected, is shown in Figure 2 (b). The orifice diameter 
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was 0.020 inch, the total area of the grooves and clear¬ 

ance space was 0.00052 square inch, and the rectified 

length of each groove was 0.204 inch. Figure 2 (c) 

shows a nozzle which directed the fuel jet against a flat 

roots of the instantaneous pressures against time, then 

integrating this curve with a planimeter, determining 

the mean square root, and squaring that value. 

The fuel used for all the tests made at this laboratory 

was a high-grade diesel fuel, having a specific gravity 

of 0.86, a viscosity of 38.5 Saybolt Universal seconds, 

and a surface tension of 0.000160 pound per inch at 

atmospheric pressure and at a temperature of 73° F. 

APPARATUS FOR MEASURING THE ATOMIZATION 
BUTION OF SPRAYS 

AND DISTRI- 

(b) Helically-grooved stem 

(cj Lip (d) Impinging-jets 

Figure 2.—Assemblies of the four types of nozzles tested 

lip set at an angle of about 45° to the jet. The fuel 

did not rebound after striking the lip, but continued in 

nearly the same direction as the lip surface. The 

injection valve used with this nozzle was very much like 

that used with the plain nozzles, the principal differ¬ 

ence being in the size of the stem and in the seat angle. 

Figure 2 (d) shows a nozzle in which two fuel jets im¬ 

pinged upon each other just after leaving their orifices. 

The angle between the jets was 74° and the diameter 

of each orifice wTas 0.028 inch. A complete descrip¬ 

tion of this valve and nozzle is given in reference 

5. Except where otherwise noted, all tests were 

made with the plain type of nozzle in the in¬ 

jection valve shown in Figure 1. 

In each case the valve opening pressure was 

500 pounds per square inch less than the reser¬ 

voir pressure. 

The apparatus used to obtain a record of the atom¬ 

ization and distribution of the injected fuel is shown 

diagrammatically in Figure 3. A cylindrical steel 

chamber 18 inches long and 6 inches in diameter had 

one end closed by a steel plate welded in place. The 

other end was fitted with a flange and a removable 

cover bolted to it, with air-tight packing between the 

flange and the cover. A threaded opening was made 

in the fixed end of the chamber to insert the injection 

valve. A similar opening (marked “Hole for lip 

nozzle” in fig. 3) wras made in the wall of the chamber 

and was used to insert the valve when using the lip 

nozzle. 

When a record was to be made, a glass plate was 

given a heavy coating of lampblack with a kerosene 

flame, and then placed in the bottom of the chamber. 

The end of the chamber was bolted in place, and com¬ 

pressed air was admitted to the chamber until the 

desired pressure was indicated by a spring gauge. A 

baffle plate in front of the incoming air stream was 

found necessary to prevent damage to the lampblack 

surface. Fuel sprays from all except the lip nozzle 

were injected with their axes parallel to and 2 

inches above the smoked plate. The spray from the 

lip nozzle was directed at an angle toward the plate, 

-Compressed-air connection 

Hole for Up nozzle 

MEASUREMENT OF INJECTION PRESSURE 

r n p 

f 

4— 
*8 

" Baffle plate 

-Id" 

I 
1 I 
I 

2^ /6 

Because of pressure-wave phenomena in in¬ 

jection systems, the pressure of the fuel at the 

nozzle is never constant during injection. The 

instantaneous variations in pressure wrere ob¬ 

tained for all the conditions used in these tests 

by analyzing the photographically recorded lift¬ 

time curves of the valve stem. The method 

of recording and analyzing the stem-lift curves 

is fully described in reference 4. Because the flow 

velocity through a nozzle varies as the square root 

of the pressure difference, the effective injection pres¬ 

sure for each test was obtained by plotting the square 

Smoked-glass plate 
1 
I 

Air exhaust 

Figure 3.—Chamber used to obtain atomization and distribution records on smoked-glass 
plates 

but did not reach it until it had penetrated nearly to 

the opposite end of the chamber. When the forward 

velocity of the fuel drops had become nearly zero, they 

slowdy descended toward the smoked plate. As each 
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Figure 4.—Sketch of smoked-glass plate used to catch fuel drops, 
showing system used for locating photomicrographs. The dots 
represent a typical distribution of the larger drops and the circles 
indicate the positions of a set of photomicrographs 

drop touched the surface a hole was made in the lamp¬ 

black, the diameter of which was a function of the 

diameter of the drop making it. 

These holes were studied with a microscope, and 

photomicrographs were taken of a number of repre¬ 

sentative regions, to be analyzed later. 

TEST METHOD 

In one of the preliminary trials made to find the 

best method of catching the drops, a tray divided into 

1,500 parts by thin partitions and filled with glycerin 

was placed at the bottom of the chamber. After the 
drops had settled, samples of the glycerin from differ¬ 
ent parts of the tray were transferred to microscope 
slides and examined. This method proved to be less 
satisfactory than the smoked-plate method, for the 
transfer of the samples to the slides was difficult, and 
disturbed the arrangement of the drops. 

The smoked-plate method required that the layer of 
lampblack have a smooth surface, and that its thick¬ 
ness be uniform and of such a magnitude that the fuel 
would be absorbed by it and not be allowed to reach 
the surface of the underlying glass, where it might 
spread. After many experiments it was found that 
smooth even coatings of lampblack could be applied 
to the plates by supporting them at the ends and 
smoking them with a lamp having a wick whose width 
was greater than the width of the plates. Experi¬ 
ments were made to determine the thickness of lamp¬ 
black best suited for catching the oil particles. If 
the coating was less than about 0.001 inch thick, 
severe spreading of the oil particles took place. 
However, thicknesses greater than about 0.003 inch 
showed little evidence of spreading. Two narrow plates 
smoked to a depth of 0.003 inch and 0.025 inch, respec¬ 
tively, and placed in the atomization chamber side by 
side showed very nearly the same sizes of drop impres¬ 
sions. Therefore, a thickness of from 0.006 to 0.012 
inch was considered sufficient, and in each case the 
depth of the lampblack was checked by means of a 
micrometer focusing screw on the microscope. 

Some of the records were made with the chamber 
vertical instead of horizontal. In these tests 6-inch- 
diameter glass plates were smoked and placed at the 
bottom of the chamber. Although the fuel was then 
sprayed directly toward the plate, in only a few cases 
did it retain sufficient velocity to damage the lamp¬ 
black coating. 

Different powers were tried with the microscope, 
and a magnification of 50 was found to be most suit¬ 
able. This magnification easily showed the smallest 
impressions that the lampblack was capable of re¬ 
cording, the granular structure of the lampblack being 
of such a magnitude that no impressions less than 
about 0.00025 inch in diameter were discernible. 
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Stokes’s formula for the terminal velocity of freely 
falling spheres was used to determine the time required 
for the drops to fall the height of the chamber; in each 
case the compressed air was not released and the plates 
removed until the smallest measurable drops had had 
time to settle to the lampblack. 

A preliminary test was made to determine whether 
the size of the drop impressions varied with time. The 
record was removed from the chamber as soon as 
possible, and a series of photomicrographs of the same 
area was made, the first one taken 2 minutes after 
the injection and the last one 16 hours later. No 
difference in the size of the impressions could be 

observed. 
Figure 4 shows the system used to designate the 

positions on the plates at which photomicrographs were 
taken. The position A O is directly under the fuel 
nozzle, and the various positions are all 1 inch apart. 
Before taking each photomicrograph the region within 
about 0.5 inch of the indicated position was examined 
carefully and a group of impressions selected which 
were most representative of the region. 

It was found that the best way to illuminate the 
surface of the lampblack for photographing was to 
throw two strong beams of light along the surface 
inclined slightly downward, the two beams being dia¬ 
metrically opposite each other. When this was done 
the surface appeared nearly white, but the holes were 
in dense shadow. Some typical examples of the 
photomicrographs are shown in Figure 5. The lines 
across the photographs were made by wires stretched 
in the camera, and were placed there as an aid to 
counting the drop impressions. 

COMPUTATION OF RESULTS 

All of the data on the atomization and distribution 
of fuel sprays that are presented in this report are 
based on the measurement and classification of the 
impressions made by the fuel drops in the lampblack 
coating of the receiving plates. Tests and computa¬ 
tions made especially for the purpose showed that no 
great error is introduced if the diameters of the 
impressions are assumed to be equal to the diameters 
of the drops that made them. The justification of 
this assumption will be discussed in greater detail 

later. 
To facilitate the work of classifying the drop, sizes, 

a series of small circles were drawn on a piece of cellu¬ 
loid, each one representing an impression of a certain 
diameter, magnified the same amount as the photo¬ 
micrographs. The smallest of these represented an 
impression 0.0005 inch in diameter, the next 0.0010 
inch, then 0.0015 inch, etc. By placing this celluloid 
sheet over prints of the photomicrograph negatives 
and moving it about by hand, the circle which most 
nearly fitted each impression was quickly found. 

This method divided all the impressions into a series 
of groups, the mean diameters in each group differing 
from the next by 0.0005 inch. During this investiga¬ 
tion about 180,000 impressions were thus measured. 

It was recognized that each impression except the 
very smallest must obscure a certain number of smaller 
ones. All results were corrected for these superposed 
impressions as follows: 

Let n—number of impressions counted with di¬ 
ameter d. 

N—corrected number of impressions with di¬ 

ameter d. 

A—surface area of lampblack included in the 
ph o t o mic rogr ap h. 

A'—sum of areas of all impressions with a 
diameter greater than d. 

Then 
n _N 

A-A7~ A 

or N= 
A n 

A^A7 

These corrected numbers were used for all subsequent 
computations. 

Both Woltjen and Sass expressed the results of their 
atomization experiments by plotting the diameters of 
the drops as abscissas and the number of drops, or 
their weight, included within a certain area, such as the 
field of a microscope, as ordinates. These curves were 
called “frequency curves,” since they expressed the 
frequency with which drops of any size might be 
expected to occur. In this report the same type of 
curves are used, but the ordinates are expressed in 
terms of percentages of the total number of drops, 
or of the total volume. Thus all the curves can be 
directly compared without confusion arising from the 
different amounts of fuel on which the curves are 
based. This method gave a series of independent 
points, rather than points on a curve, but curves were 
drawn through them to make comparisons easier. 
The curves given in this report will be referred to a- 
“atomization curves” rather than “frequency curves,” 
both because of the change made in the ordinates and 
because it is felt that the word “frequency” might be 
confusing. These atomization curves express both the 
degree of fineness and the uniformity of the atomiza¬ 
tion. The closer the curves are to the vertical axis the 
finer is the atomization, and the smaller the range of 
drop diameters included the more uniform is the 
atomization. Specific values can be obtained from 
the curves only at points for the “group mean diame¬ 
ters,” 0.0005 inch, 0.0010 inch, etc. For example, 
at a group mean diameter of 0.0010 inch the curves 
should be read: So many per cent of the total number 
(or volume) of the drops larger than 0.00025 inch in 

j diameter were found to be between 0.00075 and 0.00125 

inch in diameter. 
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(») Plain nozzle, 0.020-inch orifice. Effective injection pressure—4,120 lb. 
per sq. in. Position on record—A-2 (b) Plain nozzle, 0.020-inch orifice. Effective injection pressure—4,120 lb. per 

sq. in. Position on record—A-14 

(c) Plain nozzle, 0.020-inch orifice. Effective injection pressure—4,120 lb. 
per sq. in. Position on record—C-2 (d) Impinging-jets nozzle. Effective injection pressure—1,730 lb. persq. in. 

Position on record—A-15 

Figure 5. Photomicrographs of lampblack surface showing impressions made by fuel drops, X50 
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Atomization curves representing the average for the 
entire spray were obtained by combining the data 
from the various photomicrographs. The horizontal 
records were divided into sections by lines perpendicu¬ 
lar to the center line and halfway between the photo¬ 
micrograph locations. For the sections which included 
three photomicrographs the data for the section were 
obtained by taking the average of the data for the 

assuming that every drop in each group had a diam¬ 
eter equal to the group mean diameter. Now if, in 
each group, the various sizes were evenly distributed, 
the weights thus obtained would be too low because the 
volume varies as the cube of the diameter. However, 
it is known that there was always a greater number of 
the smaller sizes in any group, which would tend to 
compensate for this error. 

TABLE I 

TEST CONDITIONS AND COMPUTED RESULTS OF THE ATOMIZATION EXPERIMENTS 
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 Variable 

1 7,21_ 0.020 0.6 0.94 0.0041 450 Horizontal. 3,240 9, 580,000 0.000211 0. 000125 0.00112 0.00177 0.00271 0.00043 Injection pres¬ 
sure. 

2 7. .020 6 .94 .0049 880 _rlo_ 6, 225 18, 400,000 
8, 090, 000 

.000331 . 000210 .00112 . 00170 .00248 .00041 Ho. 
3 7,14,18, 21. .020 6 .94 .0046 2,280 _do_ 4. 108 .000441 .000303 .00113 . 00158 .00215 .00134 Do. 
4 6, 7_ .020 6 .94 . 0051 4, 160 _do_ 16, 572 16, 568,000 .000631 .000473 .00091 . 00128 . 00180 .00121 Do. 
5 7, 21. .020 6 .94 .0046 5, 700 .do_ 8, 547 16,800, 000 . 000574 .000491 .00095 . 00127 .00172 . 00121 Do. 

6 9, 22... .020 .5 .31 .0058 4,100 _do_ 5, 328 9,440, 000 .000378 . 000530 .00100 .00134 .00178 .00152 Chamber-air 
density. 

7 9, 22_ .020 .5 .67 .0058 4, 100 _do_ 5,601 11.020, 000 .000506 . 000526 .00104 .00142 .00189 .00143 Do. 
8 9, 22. .020 .5 1.30 .0058 4, 100 _do_ 6, 383 12, 570,000 . 000555 . 000517 .00103 .00150 .00213 . 00137 Do. 
9 10_ .020 2 .31 .0040 4, 140 _do__ 2,970 15, 300, 000 . 000337 . 000367 .00082 .00111 .00149 . 00114 Do. 

10 10,13,23... . 020 2 .94 .0040 4,140 _do- 2,316 11,900,000 . 000355 . 000362 .00088 .00123 .00169 .00124 Do. 
11 10_ .020 2 1.56 .0040 4,140 .do_ 2,388 12, 320, 000 . 000311 .000356 . 00083 .00116 . 00161 .00122 Do. 

12 12 . .008 f) .94 .0015 3,920 
3,920 

Vertical.. . 1,049 4, 060,000 
3, 590, 000 

. 000065 . 000021 . 00077 . 00100 .00129 .00069 Orifice diameter. 
13 12,17_ .020 6 .94 .0015 _do_ 5,005 .000084 .000132 .00094 .00115 . 00156 .00133 Do. 
14 12.. .030 6 .94 .0015 3,900 _do_ 4, 145 4, 520, 000 .000178 .000296 .00095 . 00134 .00183 .00161 Do. 

15 13, 23_ .020 .5 .94 .0040 4,140 Horizontal. 2,185 11,280,000 .000320 .000362 .00089 .00121 .00162 .00126 Orifice length/di¬ 
ameter. 

16 6,13,14, 23. .020 6 .94 .0040 4,120 .do_ 2,560 13, 200,000 .000351 .000361 .00085 .00118 .00162 .00119 Do. 

17 14,19,24... .020 6 .94 .0045 4,900 _do_ 4, 231 8, 330, 000 .000391 . 000175 .00094 .00143 .00214 .00115 Centrifugal spray. 
18 17_ .018 4 .94 . 0015 3, 600 Vertical_ 3, 077 3, 770, 000 . 000078 . 000102 .00079 .00109 . 00151 .00128 Lip nozzle. 
19 15,20,25... .028 1 .94 .0046 1, 730 Horizontal. 5,154 10,140, 000 . 01X1647 . 001020 .00096 .00158 . 00253 . 00188 Impinging jets. 
20 15. .028 1 .94 .0018 1.730 Vertical_ 3, 742 3, 540, 000 .000435 .000399 .00108 .00197 .00345 . 00190 Do. 
21 15.. .030 6 .94 .0015 1,730 .do_ 4, 609 4,970, 000 .000155 .000191 . 00086 .00125 .00181 .00132 Comparison with 

records 19 and 
20. 

photomicrographs, counting the center one once and 
each of the others twice. The data for the entire 
record were then obtained by adding the data for the 
various sections. When the test chamber was mounted 
vertically the distribution of the drops was fairly 
uniform, so that curves for the entire spray were 
computed by using the combined data from several pho¬ 
tomicrographs taken at even intervals over the record. 

In Table I are listed the data concerning the nozzles 
tested, the injection conditions, and a summary of the 
results obtained. Column 10, the total number of 
drops on the record, was computed by multiplying the 
number of drops classified (column 9) by the ratio of 
the area of the lampblack record to the area included 
in the photomicrographs. Column 11, the total 
weight of the drops on the record, was computed by 

Column 12, the computed weight of the fuel dis¬ 
charged, was obtained by substituting the proper 
values in the usual flow formula. 

W=a t c -\l 2Pgp 
where 

W—the weight of fuel discharged, in pounds. 
a—the area of the discharge orifice, in square inches. 
t—the time, in seconds. 
c—the coefficient of discharge of the nozzle. 
P—the effective injection pressure, in pounds per 

square inch. 
g—the gravitational constant, in inches/second.2 
p—the specific weight of the fuel, 0.0307 

pound/cubic inch. 

The discharge time was obtained directly from the 
stem-lift records, and the coefficients of discharge of 
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the nozzles used in this investigation had been previ¬ 
ously determined. (Reference 6.) 

In column 13 are given the arithmetical means of 
the drop diameters, and in column 14 are given the 
diameters obtained by taking the arithmetical means 
of the drop volumes. 

In column 15 are given the mean drop diameters 
computed by the method proposed by Sauter. (Ref¬ 
erence 7.) After studying the various ways that may 
be used to compute mean drop diameters, he concluded 
that for fuel sprays neither the arithmetic nor the 
volumetric mean value is as important as a value based 
on the ratio of the total volume of the drops to their 
total surface area. He therefore proposed that 
another method be used in which the actual mixture 
is assumed to be replaced by a uniform mixture in 
which the total surface area 0 and volume V of the 
drops are the same as for the actual mixture, but the 
number of drops is different. The value of the mean 
radius under these conditions he showed to be: 

3T/T 
Tm 0 

In the computation of columns 13, 14, and 15 the 
same assumption was made as for column 11—that all 
drops within a group had the same group mean diam¬ 
eter. 

To furnish a comparison between this work and that 
of Kuehn, the mean drop diameters were computed 
from the total number of drops, column 10, and the 
computed weight of discharge, column 12. These 
values are listed in column 16. 

ACCURACY 

The test method employed is subject to several 
possible errors. First, the assumption that the drops 
falling on the lampblack made impressions of the same 
diameter as the drops themselves needs justification. 
By a comparison of the results listed in columns 11 
and 12 of Table I, it will be seen that in nearly every 
case the weight of the discharged fuel as computed 
from the size and number of the drop impressions does 
not differ by more than 50 per cent from the weight as 
computed with the flow formula. When it is con¬ 
sidered that only 0.1 per cent or less of the drop im¬ 
pressions were measured, such a check seems surpris¬ 
ingly good. As smoked plates were placed only below 
the spray, it is likely that some of the fuel drops struck 
the top and sides of the chamber, and never reached 
the lampblack. One of the experiments was carried 
out with the spray surrounded by smoked plates 
arranged in the form of a hollow triangular prism and 
placed in the experimental chamber so that the spray 
was injected along the axis of the prism. The farther 
end of the prism was closed by fastening another 
smoked plate to the end of the chamber. Each of the 

four smoked plates was analyzed and the data com¬ 
bined. The results of this experiment are listed in 
Table I as Record No. 4. The weight of fuel as com¬ 
puted from the drop impressions is 0.000631 pound, 
whereas that computed from the orifice diameter and 
the effective injection pressure is 0.000473 pound, 
which is about the same degree of variation as found 
for all other experiments. 

The accuracy of the results computed from the 
orifice area and effective pressure has been reported in 
reference 4, in which the same equipment was used as 
for these atomization experiments, except that the 
discharge was caught in a small receptacle and weighed 
with an analytical balance. When the computed 

| values were compared with the measured ones, it was 
found that the former were about 10 per cent too great. 

Another chance for error lay in the choice of the 
drop impressions which were to be photographed. 
These were selected very carefully after studying each 
record through the microscope, but with millions of 
impressions on the plates the ones selected may not 
always have been truly representative. 

Figure 6 contains the results of two experiments 
made under the same conditions. The results were 
worked up independently of each other, and they show 
that the atomization curves can be reproduced fairly 

[ consistentlv. It will be noticed that the two curves for 
percentage by volume vary mostly in the end regions. 
This difference at the left of the curves is because the 

. smaller drops are hard to distinguish, and their 
visibility is considerably affected by the texture of the 
lampblack surface, which varies with the different 
records. At the right of the curves the variation is 
caused by the fact that a difference of one or two large 
drops makes large changes in the volume. The fuel 
pressure in the reservoir of the injection system was 
the same for each case; the difference in the effective 
injection pressures indicates the degree of error in the 
method of measuring these pressures. 

TEST RESULTS AND DISCUSSION 

EFFECT OF DIFFERENT FACTORS ON THE ATOMIZATION OF FUEL 
SPRAYS FROM PLAIN NOZZLES 

Operating conditions—Injection pressure.—The re¬ 
sults of the tests on the effect of injection pressure on 
the atomization are shown in Figure 7. As will be 
shown later, it is not the pressure that affects the atomi¬ 
zation, but the velocity imparted to the fuel by virtue 
of the pressure drop through the nozzle. However, 
with plain nozzles, the simplest means of obtaining an 
increase in the injection velocity is to increase the injec¬ 
tion pressure; for the sake of simplicity, the results 
have been plotted in terms of the injection pressure. 
This factor has the greatest effect on the atomization 
of sprays, and is also the one which varies between the 
widest limits. As Figure 7 shows, an increase in the 
jet velocity (injection pressure) results in a decrease in 
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the mean size of the drops and an increase in the uni¬ 
formity of the atomization. 

These results agree in general with those of previous 
investigators; but as to the magnitude of the effect of 
jet velocity on atomization and the sizes of the drops 

8.) According to this theory, the atomization is uni¬ 
form at all times. The size of the drops varies directly 
as the specific gravity and surface tension of the fuel 
and inversely as the specific gravity of the air, the jet 
velocity, and the coefficient of the air resistance. 

Figure 6-—-Atomization curves for two sprays produced under the same conditions, showing experimental variations 

found, the agreement between the investigators is not 
as good. A close agreement could hardly be expected 
in view of the different injection valves, injection sys¬ 
tems, nozzles, and fuels used, as well as the different 
methods of measuring the injection pressure and deter¬ 

mining the drop sizes. 

Chamber-air density.—Atomization curves showing 
the effects of the density of the air in the experimental 
chamber are shown in Figures 9 and 10. In these fig¬ 
ures, and in most of those referred to in the following 
discussion, frequency curves are given in terms of per¬ 
centage by volume only. Curves for percentage by 

Figure 7.—Atomization curves for sprays from a nozzle having a 0.020-inch orifice injected at different velocities 

Figure 8 shows a summary of the results of several 
investigations of the effect of the jet velocity on the 
mean drop size. The size is expressed on a volumetric 
basis in each case. Kuehn’s results were therefore 
used directly, but those of Sass and Woltjen had to be 
recomputed from their frequency curves. 

Figure 8 includes also a curve plotted from the theo¬ 
retical equation developed by Triebnigg. (Reference 

number were drawn for each case, but they did not 
express the results as clearly as the volume curves. 
The results shown in Figure 9 were obtained first, indi¬ 
cating that the drops became larger as the density W'as 
increased. These results are contradictory to those of 
Sass, whose frequency curves for this factor are given 
in reference 1. Because some combination of errors 
might have caused this reversal of results the series 
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was later repeated, using a different nozzle and injec¬ 
tion period. The range of air densities was also ex¬ 
tended. The curves for these tests (fig. 10) again indi- 

l xcess of injection pressure over chamber pressure, 
pounds per square inch 

Figure 8.—Comparison of the results of various investigators concerning the effect 
of injection pressure on mean drop size 

cated that the best atomization was produced at the 
lowest air density, but the poorest atomization was 
obtained at the intermediate density. 

___i__L__I__i_ 

O .00/ .002 .003 .004 .005 .006 .00 7 
Group mean diameter, inch 

Figure 9.—Effect of chamber-air density on fuel atomization. Effective injection 

pressure, 4,100 lb. per sq. in. 

Kuehn worked at atmospheric air pressure only, so 
that his data include no information on the effect of 
air density. Woltjen reported a series of tests at dif¬ 

ferent air densities, but was unable to detect any change 
in the atomization due to changes in the air densitju 

The effects of the chamber-air density on the volu¬ 
metric mean drop size as measured by Sass and by this 

Group mean diameter, inch 

Figure 10.—Effect of chamber-air density on fuel atomization. Effec¬ 
tive injection pressure, 4,140 lb. per sq. in. 

laboratory (records 9, 10, and 11) are shown in Figure 
11. Triebnigg’s theoretical curve, computed with the 
same constants used for Figure 8, is also included. His 
assumption that the drop size is inversely propor¬ 
tional to the air density is not supported by the experi¬ 
mental results. 

Figure 11.—Comparison of the results of various investigators concern¬ 
ing the effect of chamber-air density on mean drop size 

In view of these conflicting results and incomplete 
experimental work, the only conclusion to be drawn 
regarding the effect of air density on atomization is that 
it is not as great as has commonly been thought. 

Nozzle dimensions—Orifice diameter.—Next to jet 
velocity, probably the most important factor in fuel 
atomization is the orifice diameter. Figure 12 shows 
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the results of tests made with three nozzles, geomet¬ 
rically similar, but having different orifice diameters. 
These curves show that the atomization became finer 
and more even when smaller orifices were used. In 
these tests care was taken to have the effective injection 
pressure the same with all nozzles. Owing to the differ- 

O .00/ .002 .003 .004 .005 .006 .007 

Group mean diameter, inch 

Figure 12. Effect oforifi.ee diameter on fuel atomization. Mean effective injection 

pressure, 3,913 lb. per sq. in. 

ence in flow area, the same reservoir pressure could not 
be used with the different nozzles. Instead, it was 
varied for the second and third tests until the stem-lift 
records showed that the pressure at the nozzle was the 
same as for the first test. The experiments of Sass 
agree with these as to the effect of orifice diameter on 

Figure 13.—Effect of orifice length-diameter ratio on fuel atomiza¬ 
tion. Mean effective injection pressure, 4,133 lb. per sq. in. 

the atomization, but he again found the average drop 

size smaller. 
Orifice length-diameter ratio.—Figure 13 shows 

the results of atomization tests with orifices having 
different length-diameter ratios. No definite changes 
in the atomizations could be measured. 

ATOMIZATION OF SPRAYS FROM SPECIAL TYPES OF NOZZLES 

Although fuel sprays from plain nozzles have been 
found by many engine tests to be satisfactory whenever 

the shape of the combustion chamber will allow their 
use, there are many cases where greater dispersion and 
less penetrative power are desirable. These features 
are sometimes obtained by replacing the single hole by a 
number of smaller ones having the same total area. 
This case has been covered by the tests on the effect of 
orifice diameter on atomization. 

Centrifugal-type sprays.—The use of helical grooves 
in the valve stem through which the fuel must pass 
before going through the nozzle is another means of 
spreading out the spray. Many attempts have been 
made to use this principle in injection valves, but the 
engine test results have usually been disappointing. 

To determine what effect a spirally grooved stem had 
on the atomization of the fuel, the combination shown 
in Figure 2 (b) was tested, and the results were com¬ 
pared with those obtained with the same nozzle using a 
plain stem. As Figure 14 shows, a pressure of 2,280 

Figure 14.—Atomization curves for a helically grooved stem and a 
plain stem in the same injection valve 

pounds per square inch with the plain stem produced an 
atomization of the same degree of fineness but of greater 
uniformity than 4,900 pounds per square inch with the 
spirally grooved stem. The value of the coefficient of 
discharge for the centrifugal spray was only 0.37 as 
compared with 0.94 for the same nozzle without the 
grooved stem. Assuming no jet contraction, the com¬ 
puted discharge velocity for the centrifugal spray at a 
pressure of 4,900 pounds per square inch was found to 
be 342 feet per second, whereas that for the straight 
spray at 2,280 pounds per square inch was 590 feet per 
second. These results indicate that it is the jet velocity 
rather than the injection pressure that controls the 
fineness and uniformity of atomization. 

Impinging-jets sprays.—Another means of increasing 
the dispersion of fuel sprays is to have two fuel jets 
impinge upon each other immediately after leaving 
their orifices. To study the effect of such impinge¬ 
ment on the atomization and distribution of sprays, 
tests were made using the nozzle shown in Figure 2 (d). 
In Figure 15 curves are shown comparing the atomiza- 
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tion produced by this nozzle and by a plain nozzle 
having an orifice diameter nearly the same as that of 
each of the impinging-jets orifices. Here again care 
was taken to keep the pressure at the nozzle the same 

Figure 15.—Atomization curves for sprays from impinging jets and from a single Jet. 
Effective injection pressure, 1,730 lb. per sq. in. 

in all tests. The results of these tests showed a much 
poorer atomization for the impinging jets than for the 
single jet. However, the design of the impinging-j ets 
nozzle may partly account for this poorer atomization. 
The jet velocity of the impinging jets was probably less 

of flow as prevail in this impinging-j ets nozzle, so that 
the discharge velocities could not be computed. 
Another factor which probably caused the atomization 
to be poorer for this nozzle was the larger volume of 

fuel injected at low velocities during the secondary 
discharges, which are caused by the bouncing of 
the valve stem on its seat after cut-off. 

To determine whether these secondary discharges 
had a decided effect on the atomization, a test was 
made with the impinging-j ets nozzle and valve in 
which weights were added to the valve stem until 
its mass was increased to four times the normal 
value. Stem-lift records (fig. 16) showed a very 
pronounced increase in the bouncing of the stem, 
and the atomization was found to be much poorer. 
(Compare curves for records Nos. 19 and 20 in 

fig. 15.) 
Sprays from a lip nozzle.—The next nozzle to be 

tested was one having a steel lip placed in the path 
of the fuel jet. (See fig. 2 (c).) The results are shown 
in Figure 17, which also shows the curve for a plain 
nozzle under nearly the same conditions. The ori- 

fi c diameter of the lip nozzle was a little less than that 
of the plain nozzle, but the injection pressure was also 
a little lower. From the result^ of the tests on these 
two variables it was computed that the increase in the 
volumetric mean drop diameter due to the lower pres¬ 
sure nearly offset the decrease due to the smaller ori¬ 
fice, so that the results of this test are comparable. 
The curves are almost identical, so that it may be con- 

0 .003 .001 .002 

Time—second 

(a) Weight of the moving parts—7.07 grams 

0 .001 .002 .003 .004 

q’ime- second 
(b) Weight of the moving parts—26.51 grams 

Figure 16.—Stem-lift records made with the impinging-jets valve 

than that of the single jet, because of the long and angu¬ 
lar passage between the valve-stem seat and the orifices, 
and such a lowered velocity would make the atomiza¬ 
tion poorer. Unfortunately, the apparatus used at 
this laboratory to measure the coefficients of discharge 
of nozzles is not capable of handling such large rates 

Figure 17—Atomization curves for sprays from a lip nozzle and from 
a plain nozzle. Orifice diameter—lip nozzle, 0.018 inch; plain nozzle, 
0.020 inch. Effective injection pressure—lip nozzle, 3,600 lb. per sq. in.; 

plain nozzle, 3,920 lb. per sq. in. 

eluded that the lip had no measurable effect on the 

atomization. 
Visual observation of sprays.—When these various 

types of loiv penetration sprays are injected into the 
air for visual observation, they always appear to be 
more finely atomized than the sprays from plain noz¬ 
zles. They appear so because the drops distribute 
themselves more quickly throughout the air, soon 
losing their high velocity and then settling slowly 
downward. It is believed that these atomization 
experiments have shown the futility of attempting to 
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judge the relative atomization of fuel sprays by such 
observations. 

DISTRIBUTION OF THE DROPS IN FUEL SPRAYS 

Up to this point the discussion has been limited to 
the average atomization of the sprays. However, the 
atomization of different parts of the sprays may be 
studied by plotting the data obtained from each 
photomicrograph as separate curves, and arranging 
these in the same order as the positions on the lamp¬ 
black records at which the photomicrographs were 
taken. Figures 18 to 20 show atomization curves 
arranged in this manner, the letter and number beside 
each set of curves designating its location, according 
to the system shown in Figure 4. 

In the study of these figures it is necessary to keep 
in mind that they represent conditions in the sprays 
after the drops had lost most of their forward velocity. 
The records showed that this did not occur in many 
cases until they had reached a point 17 inches or more 
away from the nozzle. In an engine the drops would 
have struck the chamber walls or have been burned 
before they had traveled this distance, so that these 
figures do not picture the atomization as it would be 
at the time of combustion. The best that can be done 
with the present test method is to try to reason back¬ 
ward, being guided by the knowledge of spray char¬ 
acteristics gained bjr other means. 

Computations on the penetration of single fuel 
drops in compressed air made by Kuehn (reference 9) 
show that the energy possessed by them as they leave 
the nozzle is sufficient to enable them to penetrate the 
dense air of the combustion chamber only about 1 inch. 
The fact that they do travel much farther from the 
nozzle he attributed to the presence of the large num¬ 
ber of drops in each spray, all of which transmit their 
kinetic energy to the surrounding air, and thus estab¬ 
lish an air current in the direction of the jet. The 
drops soon lose their velocity with respect to the air, 
but continue to move forward, carried by the moving 
air. Experiments have been performed at this labora- 
tor}7- (reference 10) which indicate that this explanation 
is correct. Sprays were produced under a wide variety 
of conditions, their form was studied by taking spark 
photographs, and their penetrating power measured 
by injecting them against targets made of Plasticine. 
The results showed that in sprays from plain nozzles 
which were injected at high pressure (4,000 pounds 
per square inch) into compressed air (density = 1.1 
pounds per cubic foot) the fuel drops had lost most of 
their relative air velocity by the time they reached a 
point 4 inches from the nozzle. Until this penetration 
was attained the spray was composed of a central core 
containing drops which still had a high velocity rela¬ 
tive to the air, surrounded by an envelope of spray in 
which the fuel concentration was much less, and in 
which the fuel drops had little velocity relative to the 
air. Some of the drops in the outer portions of the 

core were torn off and entered the envelope, but the 
greater number of them remained in the core. Be¬ 

yond about 4 inches, there was no longer a distinct 
core arid envelope, but the entire spray was composed 
of drops in a swirling air current. 

The distribution of the drop impressions on the 
lampblack records furnished additional evidence that 
fuel sprays are formed in this manner. On the records 
made with the test chamber in the horizontal positiou, 
the portions representing the first few inches of spray 
penetration always showed a definite pattern, very 
narrow under the nozzle, but flaring out until it filled 
the width of the record at about 5 inches from the 
nozzle end. Beyond this region the records were never 
similar. The dots in the sketch of a typical lampblack 
record (fig. 4) show the distribution of the impressions 
that were visible to the unaided eye on this record. 
The photomicrographs shown in Figure 5 (a), (b), and 
(c) were made of the same record, and show how the 
size of the impressions varied in different parts of the 
records. 

When the test chamber was mounted vertically and 
smoked plates were placed at the bottom of the cham¬ 
ber perpendicular to the spray axis and 18 inches from 
the nozzle, the distribution of the impressions was 
usually very regular. There were often a few very 
large drops directly under the nozzle, probably due to 
dribbling of the valve. 

If the process of spray formation as outlined in the 
preceding paragraphs be kept in mind, the atomiza¬ 
tion curves for a spray from a plain nozzle (fig. 18) 
may be used to visualize the distribution of the drops 
at the start of combustion. If, for instance, it is as¬ 
sumed that combustion starts when the spray has be¬ 
come 4 inches long, all of the fuel represented by 
curves beyond this point must be thought of as com¬ 
ing from the inner core of the spray, and the curves 
which are in rows B and C and are 4 inches or less 
from the nozzle position represent fuel in the envelope. 
Curves A-1 to A 5 probably represent fuel leaving the 
nozzle at the end of the main injection, or during the 
secondary discharges. 

A comparison of Figure 18 and a similar plot for a 
spray from the same nozzle at 5,700 pounds per square 
inch injection pressure showed that the curves at posi¬ 
tions A-1 to A-5 had the greatest differences. This 
fact supports the supposition that these curves repre¬ 
sent the secondary discharges, for, as Figure 8 shows, 
equal pressure changes have a greater effect at low 
than at high injection pressures. The comparison also 
showed that the increase in the injection pressure had 
a greater effect on the fuel in the envelope than on the 
fuel in the core of the sprays. 

Sprays made with a helically grooved stem in the 
injection valve are quite different from those made 
with a plain stem. Both spark photographs and injec¬ 
tions against Plasticine targets showed that the spray 
in the former case was composed of a central core of 
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Figure 21.—Effect of injection pressure on spray penetration. Chamber-air 
density, 0.94 lb. per cu. ft. 

Distance from nozzle, inch 

Figure 22.—Effect of chamber-air density on spray penetration. Effective 
injection pressure, 4,100 lb. per sq. in. 

Distance from nozzle, inch 

Figure 23.—Spray penetration curves for nozzles with different orifice 
length-diameter ratios. Mean effective injection pressure, 4,133 lb. per 
sq. in.; chamber-air density, 0.94 lb. per cu. ft. 
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approximately cylindrical form surrounded by a thin 
sheet of fuel in the form of a hollow cone having an 
apex angle of about 50°. When injected into air at 
atmospheric density, this hollow cone was very dis¬ 
tinct and maintained its shape for several inches be¬ 
yond the nozzle. At an air density of 0.94 pound per 
cubic foot, however, the conical sheet of fuel was less 
distinct and lost its penetrative power much sooner 
than the central core. 

The atomization in different parts of such a spray is 
shown in Figure 19. Under the conditions used for 
this test the fuel drops lost their relative air velocity 
somewhere between 1 and 3 inches from the nozzle. 
The shapes of some of the atomization curves in this 
figure are different from any obtained with the other 
nozzles. At three positions near the nozzle there is a 
scarcity of drops from 0.0015 to 0.0025 inch in diam¬ 
eter, and at position C 3 the drops of the largest size 
contain the greatest percentage of fuel. This latter 
curve may be the result of photographing and measur¬ 
ing a nonrepresentative group, but the other abnormal 
type was found too many times to be accidental. The 
best explanation of the double peaks of these curves 
seems to be that they represent the two distinct parts 
of the spray. The peak showing the finer atomization 
was caused by fuel from the outer cone, and the other 
peak represents the fuel from the central core. A com¬ 
parison of the curves at positions A-1 and B-l sup¬ 
ports this explanation. This double-peaked type of 
curve appears most distinctly at the position A-2. At. 
2 inches from the nozzle the fuel from the outer cone 
had probably lost its relative air velocity and settled, 
together with that from the inner core, onto the lamp¬ 
black below. 

Sprays from the impinging-jets valve had the form 
of a semicircular disk, the plane of which was perpen¬ 
dicular to that through the two nozzles. The results 
from the tests with this valve illustrate the importance 
of investigating both the atomization and the distri¬ 
bution of sprays, although for this valve the atomi- I 
zation is very poor the distribution is excellent. (See 
fig. 20.) 

PENETRATION OF THE FUEL IN SPRAYS 

In the computations that were made for the curves 
of average atomizations of sprays, the lampblack rec¬ 
ords were divided into sections, and the average data 
for each section were first computed. To obtain 
curves which would show the penetrating power of 
the sprays, these data were converted to the average 
number of drops and their weight per square inch of 
record surface for each section, and these values were 
plotted against the distance from the nozzle to the 
center of the corresponding section. 

Figure 21 shows how the penetration increased with 
an increase in the injection pressure, and Figure 22 
shows how it decreased when the chamber air density 
was increased. Figure 23 shows the effect of the 
length-diameter ratio of the orifice on spray penetra¬ 

tion. As the ratio was changed from 0.5 to 6, the 
penetrating power increased slightly. The penetra¬ 
tion of a spray from the helically grooved valve was 
about the same as that from a plain valve injected at 
the same jet velocity (fig. 24), but the spray from the 
impinging-jets valve had a very low penetration. 
(See fig. 25.) 

CONCLUSIONS 

The experiments which were made during this in¬ 
vestigation furnish the basis for the following conclu¬ 
sions : 

1. Each spray is composed of several million fuel 
drops, whose diameters vary from less than 0.00025 
inch up to 0.0050 inch and sometimes more. By far 
the greatest number of drops have diameters of 0.0010 
inch or less, but those between 0.0015 and 0.0025 inch 
usually contain more than half the weight of the fuel 
charge. 

2. When the velocity of the fuel through the nozzle 
is increased, either by raising the injection pressure or 
by improving the design of the injection system, there 
is a reduction in the relative number of the large drops. 
The result is a more uniform atomization and a smaller 
mean drop size. 

3. A decrease in the orifice diameter also results in 
a more uniform atomization and a smaller mean drop 
size. 

4. The density of the air into which the fuel is in¬ 
jected has little effect on the final atomization attained. 

5. Within the range of orifice sizes and operating 
conditions commonly used, the variation in the mean 
drop size is small. The factor having the greatest 
effect on the atomization is the velocity of the fuel as 
it leaves the orifice, the increase in velocity resulting 
from an increase in the injection pressure from 2,280 
to 5,700 pounds per square inch causing a reduction of 
only 20 per cent in the volumetric mean drop diameter. 

6. W'hirling of the fuel as it is injected has, in itself, 
no decided effect on the atomization. However, the 
jet velocities for the same injection pressures are 
lower for centrifugal than for plain sprays, and the 
degree of atomization correspondingly less. 

7. Impinging of a fuel jet against a metal lip close 
to the orifice results in no measurable change in the 
atomization. 

8. Visual observation of sprays injected into the air 
can not be used to estimate their relative fineness of 
atomization. 

9. Centrifugal sprays and sprays produced by the 
impinging of two fuel jets have a more even distribu¬ 
tion of the fuel than those from plain nozzles, but their 
penetrating power is much lower. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 19, 1932. 
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REPORT No. 426 

THE EFFECT OF HUMIDITY ON ENGINE POWER AT ALTITUDE 

By D. B. Brooks and E. A. Garlock 

SUMMARY 

From tests made in the altitude chamber oj the Bureau 
oj Standards, it was found that the effect of humidity on 
engine power is the same at altitudes up to 25,000 feet 
as at sea level. Earlier tests on automotive engines, made 
under sea-level conditions, showed that water vapor acts 
as an inert diluent, reducing engine power in proportion 
to the amount of vapor present. 

By combining the effects of atmospheric pressure, tem¬ 
perature, and humidity, it is shown that the indicated 
power obtainable from an engine is proportional to its 
mass rate of consumption of oxygen. This has led the 
National Advisory Committee for Aeronautics to adopt a 
standard basis for the correction of engine performance, 
in which the effect of humidity is included. 

INTRODUCTION 

This report 1 covers work done at the Bureau of 
Standards as part of an investigation of the effect of 
humidity on engine performance, undertaken in 1929 
at the request of the Bureau of Aeronautics, Navy 
Department. Tests made on a 6-cylinder automobile 
engine at sea level (references 1 and 2) indicated that 
loss of engine power caused by humidity varied directly 
with pressure of water vapor. Later tests on a 4-cvlin- 
der truck engine (reference 3), and unpublished tests 
on the latter and on a single-cylinder variable com¬ 
pression C. F. 11. engine substantiated the results of 
the above tests. In all cases engine-indicated power 
was found to be proportional to dry air pressure over 

the narrow range available. 
To verify this latter observation, tests have been 

made in the altitude chamber on a 12-cylinder Curtiss 
D-12 engine at pressures corresponding to altitudes 
from sea level to 25,000 feet. At each “ altitude ” 
humidity was varied from the maximum likely to occur 
to the minimum attainable. To minimize experimen¬ 
tal error, all runs of the series were made at a constant 

air temperature of 30° C. 
The results of these additional tests show that engine- 

indicated power varies linearly with dry air pressure. 

■The problem was outlined and the experimental results were analyzed by the 
senior author. The horsepower versus mixture ratio data presented in Figure 2 
are the result of measurements and computations by the altitude laboratory staff 
under the direction of the junior author. The psychrometric measurements were 

made by Messrs. H. II Allen and N. R. White. 

This necessitates modifying the correction formula as 
follows: 

In correcting engine-performance data to standard 
conditions, indicated power and rate of fuel flow are 
multiplied by the correction factor F, 

Ps )T0+273 
B0-H0\TS+ 273 

where B0—observed total pressure (barometer), mm Hg; 
IT0—observed pressure of water vapor (humid¬ 

ity), mm Hg; 
T0—observed air temperature, °C.; 

and Ps and Ts are standard dry air pressure 2 and tem¬ 
perature—the values of these quantities being given 

below: 
Altitude 

(feet) P. T. 

Sea level. 
5,000 

10,000 
15,000 
20, 000 
25, 000 
30, 000 

750. 0 mm Hg 
627.7 
520.4 
427.8 
348.6 
281.7 
225.5 

+ 15.0°C. 
+5.1 
-4.8 

-14.7 
-24.6 
-34.5 
-44.4 

Test apparatus.—As the general design and method 
of operation of the Bureau of Standards altitude lab¬ 
oratory have been described (references 4 and 6), 
mention will be made here only of modifications re¬ 

quired by these tests. 
In the altitude laboratory, moisture is removed from 

the carburetor air supply by cooling this air to about 
— 40° C., before reheating it electrically to the desired 
temperature. To increase the efficiency of snow 
removal from the cooled air, additional baffles were 
installed in the settling chamber. These resulted in 
obtaining humidities as low as 0.3 to 0.5 mm mercury 
in the carburetor air supply when water vapor pressure 
in the external air was 5 to 15 mm mercury. 

Provision was made for injection of dry steam into 
the carburetor air supply, injection occurring subse¬ 
quent to the passage of the air through the heating 
grids and the altitude control valve. 

A sampling tube, inserted either in the header above 
the air horn or ahead of the air metering Venturi, was 

1 Adopted by the N. A. C. A. on October 22,1931. The dry air pressures, P„ are 
derived from the N. A. C. A. standard atmosphere by assuming that the mean 
humidity at sea level is 10 mm Hg, and that it varies with altitude approximately as 
indicated by Dr. J. Hann (Lehrbuch der Meteorologie). 
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used to withdraw air continuously. In the former 
case, proper correction was made to the measured 
value of total air flow for the quantity thus diverted 
from the engine, which was passed through a modified 
psychrometer for the purpose of humidity control, 
and was then rejected to the exhaust pump. Samples 
were also analyzed chemically in a modified Wolpert 
apparatus to verify the psychrometric formula used.3 

Test conditions and procedure.—From a study of 
available meteorological data, it was decided that 100 
per cent relative humidity might occur at the highest 
temperature recorded for each altitude. Runs there¬ 
fore were made at each altitude with this maximum 
and with the minimum attainable humidity. The 
variation of probable maximum humidity with altitude 
is indicated in Figure 1. On the same plot the ranges 
of humidity used in these tests are shown. 

In order to minimize the effects of factors other than 
humidity, all test conditions except air pressure were 

Figuke 1.—Variation of maximum humidity with altitude 

maintained at their respective sea-level values through¬ 
out the series of tests. The temperatures maintained 
were as follows: 

°c. 
Jacket water outlet_ 77 

Crankcase oil inlet_   60 

Carburetor air supply_ 30 

In all tests the fuel used was a blend of domestic 
aviation gasoline and motor benzol having a knock 
rating of approximately 82 octane number. 

Chamber and exhaust mainfold pressures were main¬ 
tained closely equal to air-horn pressure; corrections 
were applied to the observed power values for anv 
departures from equality. 

h or each test, the Curtiss D—12 engine was warmed 
up and was run at sea-level conditions until the in¬ 
ducted air reached -40° C. in the cooling chamber. 
During this period the engine power was observed to 
ascertain whether the engine was in proper condition 
throughout. 

* A similar psychrometer was subsequently studied at altitudes up to 30,000 feet. 
No departure from the standard psychrometric formula was observed. Results 
will be published later. 

When these conditions were attained, pressures were 
brought to the desired values, and air-horn air temper¬ 
ature was stabilized at 30° C. Complete measure¬ 
ments were then taken at seven air-fuel ratios, three 
giving practically maximum power and two each 
definitely richer and leaner than that for maximum 
power. (See fig. 2.) During each run, psychrometer 
readings were made, and during one run an air sample 
was drawn for chemical determination of humidity. 
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Figure 2.—Altitude chamber tests 

At the conclusion of this first set of runs, dry steam 
was injected into the air-horn air stream at a rate such 
as to maintain the desired higher value of humidity. 
When conditions had been stabilized, another set of 
runs was made in the manner described above. 

Subsequently, sufficient motoring runs were made to 
enable determination of the engine friction under all 
test conditions. 

TEST RESULTS 

I he test results are plotted as indicated horsepower 
versus air-fuel ratio in Figure 2. On the figure are 
listed the symbol, humidity barometric pressure, and 

| equivalent altitude for each test. 
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From Figure 2 the maximum power obtained during 
each test was estimated from the appropriate curve. 
The resulting values are plotted against dry air pres¬ 
sure in Figure 3. A summary of the series of runs is 
shown in Figure 4 in which the power loss, expressed 
in per cent of the total power, is plotted against humid¬ 
ity in per cent of total pressure. Sea-level tests on a 
C. F. R. (1-cylinder) test engine are plotted in Figure 5. 

Table I lists for each run the altitude, total pressure, 
humidity, dry air pressure, maximum indicated power, 
dry air fuel ratio for maximum power, the maximum | 
indicated horsepower computed from (A) dry air pres¬ 
sure and (B) humidity, as hereinafter explained, and 
the residuals, or differences between the observed and 
computed values of maximum power. Table II lists 

the results plotted in Figure 4. 

DISCUSSION OF TEST RESULTS 

Figure 5, presenting results of a sea-level test on the 
1-cylinder C. F. R. engine, is of interest in that it 

Dry am pressure, mm Hg 

Figure 3.—Variation of indicated power with dry-air pressure 

demonstrates that the variation of power with pressure 
of water vapor is linear within the precision of observa¬ 
tions. This is substantiated by the very close nega¬ 
tive correlation of power with pressure of water vapor.4 

Figure 3, summarizing all altitude tests, is the first 
instance in which the indicated power of an engine 
at altitude has been demonstrated to be linearly re¬ 
lated to dry air pressure. The agreement of the 
observed power with the straight line is quite good, 
as shown in the figure, and by the seventh, ninth, and 
tenth columns of Table I. The greatest deviation of 
any of the 14 observed values from the line is 1.5 
horsepower. A further demonstration of the close 
relationship of these observed power values to dry air 
pressure is their extremely high correlation. 

However, if the straight line fitting the points be 
extrapolated to zero pressure, the power value obtained 
is —6.75 horsepower. In view of the closeness of the 

correlation of power with dry air pressure, this suggests 
that the motoring method of measuring friction may 

5 

o I a 3 4 
Humidity, % of total pressure 

Figure 4.—Effect of humidity on power 

lead to a slightly erroneous result, and that true indi¬ 
cated power, defined as the integral of gas pressure on 

Humidity, mm Hg 
SO 40 30 20 10 0 

the piston throughout the cycle, varies in exact accord 
with dry air pressure over the range studied. 

In Figure 4, and in Table II the results of the alti¬ 
tude tests are presented in such form as to show that * See Xote 1, Appendix, for this and subsequent correlation coefficients. 



526 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

when the power loss is expressed in per cent of the 
total power, and the humidity in per cent of the total 
pressure, their values are equal. Because of the some¬ 
what unequal weighting of the data inherent in this 
form of comparison, exact equality is shown. (Fig. 
4 and bottom line of Table II.) By a different 
treatment, whereby each observation is given equal 
weight, the variation of indicated power is found to 
be 100.4 per cent of the variation of humidity, when 
both are expressed in per cent, as stated above. 

In Table I, the seventh column is computed from 
the linear equation deduced by least squares analysis 
of the results plotted in Figure 3. This equation is 

P = 0.585542? — 6.75 
where P = indicated horsepower, 

/? = dry air pressure, mm mercury. 

To compute the values listed in the eighth column of 
Table I, the line fitting the observed power values at 
each altitude was extrapolated to zero humidity, giving 
the value of power which would have been obtained 
by operating with dry air at that altitude. From this 
value indicated power at the observed humidities 
was computed by assuming power loss to vary with hu¬ 

midity (see B, Table I), as demonstrated in Table II. 
Columns 9 and 11 of Table I give the differences 

between observed and computed values of the power. 
In column 10 the differences given in column 9 are 
expressed in per cent of sea-level power; column 12 
similarly lists the differences given in column 11 ex¬ 
pressed in per cent of power at the dry air pressure 
corresponding to the altitude. At the bottoms of 
columns 9-12 the average and maximum deviations 
and probable errors are listed. It is apparent from 
these residuals that the indicated power is correlated 
about as well with dry air pressure as with humidity. 

In an attempt to determine whether the effect of 
humidity would differ materially at the low tempera¬ 
tures corresponding to high altitude conditions, several 
runs were made, at 25,000 feet, with air-horn air 
temperatures between —20° C. and —10° C., the 
intention being to operate first dry and later with air 
saturated at these temperatures. The dry runs were 
readily obtained, but in many cases a large drop in 
power, accompanied by irregular operation and often 
failure of the engine, quickly followed any increase in 
humidity. This was traced to ice formation in the 
carburetor. In one test, however, it was possible to get 
a “flash” reading of the power loss caused directly by 
increase of humidity. For an increase of humidity of 
% per cent expressed in terms of total pressure, the 
power loss was roughly 1 per cent, the power remaining 

constant for two or three minutes before irregular 
operation and a further sharp loss of power occurred. 
It was concluded that the effect of humidity on power 
is not appreciably affected by temperature, when 
operating at high altitudes. 

The fact that the magnitude of the effect of humidity 
is dependent on the vapor pressure rather than on the 
relative humidity is well illustrated by a series of tests 
on a class B engine. These tests were run under con¬ 
ditions of air temperature, pressure, and humidity 
selected at random within the available ranges. This 
was done to eliminate the necessity of applying correc¬ 
tions for deviations from selected values. 

Power readings were taken at each of six to eight 
values of spark advance for each of five values of fuel 
consumption at each atmospheric condition. As 
observations were made under 43 sets of atmospheric 
conditions, this test series comprised a total of about 
1,500 power readings. 

The observed values of power at a given rate of fuel 
consumption were plotted against spark advance; 
the peak values of these curves for a given atmospheric 
condition were then plotted against fuel consumption. 
The peak of the resulting curve was considered to 
represent the maximum power value for the given 
atmospheric condition. These power values were 
then converted to indicated torque by adding motor¬ 
ing friction. 

In developing results from these data a method was 
used which involved a minimum of assumption. It 
was assumed that the power was affected by total 
pressure and pressure of water vapor, and is an ex¬ 
ponential function of the air temperature, the equation 
used being 

P = a(B + bH)Tc (1) 

Where P = indicated power_ 
B = total air pressure_1 0 
TT , Ibame units. 
22 = pressure ot water vapor.) 
T= absolute temperature_ 

and a, b, c, are constants whose values are to be found. 
A solution by the method of least squares gave 
b = — 1.014. To fit the oxygen content hypothesis, the 
value of b should be — 1; the agreement is consequently 
very good, particularly in view of the quite general 

nature of (1). 
A much better means of deciding whether the agree¬ 

ment of the results with the oxygen content hypothesis 
is markedly superior to their agreement with the 
hypothesis that power is affected by relative humidity 
(reference 5) is afforded by evaluation of the respective 
correlation coefficients. 

This was done, using the data given in Table III. 
The correlation of power with relative humidity was 
such as would be obtained once in three times from 
uncorrelated material; hence there is no reason to be¬ 
lieve, from these data, that power is related to relative 
humidity. However, the correlation coefficient of 
power with vapor pressure of water, found from the 
same data is of such magnitude as would not occur in 
1015 times by chance from uncorrelated material. 
This amounts to complete confirmation of the oxygen 
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content hypothesis, together with rejection of the 
relative humidity hypothesis cited above. 

Since engine power depends on air temperature as 
well as on humidity, effects caused by the former tend 
to obscure results of variations of the latter. However, 
if the effects of temperature were wholly eliminated, 
correlations with relative and with absolute humidity 
would be equal, as, at constant temperature, relative 
humidity and pressure of water vapor are two measures 
of the same quantity. Partial correlation, which tends 
to eliminate temperature, consequently indicates a 
very close connection between power and either 

relative humidity or pressure of water vapor. 
It is concluded that the effect of humidity on engine 

power is not dependent on relative humidity, and hence 
is independent of temperature. All available data 

confirm this conclusion. 
A study of the data in Table I indicated no apparent 

variation of air-fuel ratio for maximum power with 
altitude. Correlation of the air-fuel ratios with alti¬ 
tude in feet, total pressure, and dry-air pressure indi¬ 
cates that there is no variation in air-fuel ratio for maxi¬ 
mum power with altitude over the range studied. 

Correlation of air-fuel ratio with humidity did not 
indicate any significant connection between these 
factors. However, the lower value 5 obtained for dry- 
air-fuel ratio is in agreement with the data presented in 
N. A. C. A. Technical Note No. 309, showing the desira¬ 
bility of plotting power against dry-air-fuel ratio for 

comparison purposes. 
A study of the class B engine data further reveals a 

dependence of optimum spark advance for maximum 

power on humidity, this dependence resulting in an 
increase of optimum advance with increasing humidity, 
as was found in the work reported in N. A. C. A. 
Technical Note No. 309. (Reference 1.) The rate of 
change of advance found was only 0.7° per centimeter 
mercury increase in pressure of water vapor, as com¬ 
pared with the value 2.1 found from the earlier work. 
However, the earlier value is more likely to be the 
better, as it was obtained under controlled conditions, 
while the later value was deduced from the tests made 
under random conditions. No evidence was found for 
change of spark advance with air temperature. 

CONCLUSIONS 

This research leads to conclusions as follows: 
1. The action of humidity on engine performance is 

not affected by change of air pressure (altitude) or air 
temperature. 

2. The effect of humidity is to decrease engine indi¬ 
cated power in proportion to the concomitant decrease 

of dry-air pressure. 
3. The maximum obtainable indicated power of an 

engine under any conditions is directly proportional to 
its mass rate of consumption of oxygen under these 

conditions. 
4. The findings reported in N. A. C. A. Technical 

Note No. 309 have been substantiated over more 
extended ranges of temperature and humidity and over 

a wide range of air pressure. 
5. Over the range covered by these tests the dry- 

air-fuel ratio for maximum power is invariant with 
altitude. 

5 See Note 1, Appendix. I 



APPENDIX 

CORRELATION COEFFICIENTS 

NOTE 1 

The use of correlation herein follows that of R. A. 
Fisher, “Statistical Methods for Research Workers/' 
in which the correlation coefficient r, is 

2 x y 
r ~ x/2g2 ly2 (1) 

and its probable error is found b}T transforming the 
correlation to 

(2) 

(3) 

„_loge (1 +r) — logo (1 — r) 
2 2 

evaluating the probable error of 2, 

1 

\/n — 3 

and transforming back to the units of (1). This 
treatment minimizes the effects of skew distribution 
and of small samples. 

ICE FORMATION 

NOTE 2 

Had the irregular operation and engine failure due 
to ice formation mentioned in this report occurred j 

only with near-freezing temperatures, these difficulties 
might be considered peculiar to the altitude chamber. 
However, in preliminary runs to determine the mini¬ 

mum temperature for satisfactory operation, failure 
from this source occurred with air-horn air tempera¬ 
tures as high as +20° C., when the humidity was 
increased nearly to saturation. 

This may occur also in flight. Thus, if the air 
humidity is near saturation, condensation will occur 
when operating at full throttle unless the air at the 
carburetor Venturi lias been heated about 20° C. 
above outside air temperature. If the outside air 
temperature is but little above freezing, ice formation 
will result. The possibility of ice forming increases 
with increasing volatility of fuel. The preventative 
is to insure enough heat transfer to the carburetor to 
counteract the cooling consequent upon vaporization 
of the fuel. 

Bureau of Standards, 

Washington, D. C\, February 24, 1922. 

I he coefficients found for the correlations referred to herein are as follows: 

Engine Correlation of— With— Coeilicient and error 

C. F. R. Indicated power- _Pressure of water vapor. 

D-12__ 

Class B _ 

Class B__ _ 

_do_ 

.do. 

. .do.* 1. 

D-12. 

D-12_ 
D-12. 

Class B 

. Dry-air pressure_ 
fRelative humidity. 
I. Pressure of water vapor 
f Relative humidity_ 

' \ Pressure of water vapor- 
.. . , , . , . fAltitude (feet)- 
Dry air fuel ratio for maximum power.. {Total pressure. 

lDry-air pressure. . 
mVi'-'V,...:-- Pressure of water vapor. - . 
1 otal air fuel ration for maximum power__do.__.... 

Spark advance fo> maximum power f.-.-do--- .. 
‘ ' \Temperatuie_ _ . . 

-0. 996 

+. 99996 
17 

. 885 
-.89 
-.96 
-. 02 
+.01 
+. 02 
-.09 
+.22 
+. 43 
+. 09 

-0.003 
+.009 
±.0002 
±. 16 
±. 035 
±.03 
±.01 
±.28 
±. 28 
±. 28 
±. 28 
±.27 
±. 16 
±. 16 

Random prob¬ 
ability 

Practically zeio. 

Do. 

Less than 
Do. 

Practical! 

0.3 
10-u. 

c zero. 
. 96 
.97 
.95 
.75 
.5 
.005 
.6 

1 Partial correlations. 

I he last column lHts the probability of obtaining from uncorrelated material a coefficient as large as that 
given in the fourth column. 
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TABLE I 

i. hp computed 
from— Residuals 

Altitude 
(feet) 

Total Humid- Dry air Maxi- Air fuel 
pressure ity (mm pressure mum ratio for Dry air From A From B 

(mm Hg) Hg) (mm llg) (i- bp) max. i.hp Humid- pressure 
A ity B 

hp % bp % 
1 2 3 4 5 6 7 8 9 10 11 12 

Sea level. 760. 0 2. 1 757. 9 438. 2 12.8 437.0 436.8 1. 2 0.27 1. 4 0 32 
Sea level. 760. 0 4. 9 755. 1 434. 4 12.4 435. 4 435. 1 1.0 . 22 . 7 . 16 
Sea level. 760.0 15. 6 744.4 428. 8 12.4 429. 1 428.9 . 3 .08 . i .02 
Sea level. 760. 0 17.7 742. 3 427. 0 12.5 427.9 427. 6 .9 . 21 .6 . 15 

5,000 632. 2 2.9 631. 3 361. 8 13.3 362.9 363. 0 1 1 . 25 1. 2 . 35 
5,000 632.2 29. 9 602. 3 347.3 12. 9 345.9 346. 1 1.4 .32 1.2 , 35 

10,000 522 7 .4 522. 3 299. 0 12. 4 299. 1 299.8 . 1 . 02 .8 . 26 
10,000 522.7 14. 0 508. 7 292. 6 12. 3 291. 1 291. 8 1.5 .33 .8 .26 

15, 000 428.8 .6 428. 2 244. 6 13. 0 214. 0 244. 5 .6 . 14 . 1 .05 
15, 000 428. 8 . 9 427. 9 213.8 244. 3 .8 . 18 . 3 . 11 
15,000 428. 8 8. 2 420.6 239. 7 12. 6 

239. 5 240. 0 9 . 01 . 3 . 13 
15, 000 428.8 8.6 420. 2 239.3 239. 8 .4 . 09 . 1 . 04 

20, 000 349. 0 . 6 348. 4 197.2 12. 2 197.3 196.8 . 1 .02 .4 .23 
20,000 349. 0 4. 3 344.7 194. 1 12.2 195.1 194.5 1. 0 22 .4 . 23 

25,000 281.9 . 5 281.4 157.4 12.8 158. 0 157. 6 *. 6 . 14 . 2 . 15 
25.000 281. 9 3.0 278.9 156.4 12.8 156. 5 156. 2 . 1 . 03 2 . 15 

Average deviation_ .70 . 16 . 57 , 18 
Maximum deviation_ 1.5 . 33 1. 4 . 35 
Probable error . 58 . 13 .49 .15 

TABLE II 

Altitude 

Humidity 
(% of to¬ 
tal pres¬ 

sure) 

Po wet- 
loss (Vo of 

total 
power) 

0 0. 27 0.12 
0 .65 .99 
0 2. 05 2. 16 

I o 2. 33 2.65 

5,000 . 15 . 12 
5,000 4. 74 4. 13 

10, 000 .07 .06 
10, 000 2. 67 2.20 

15, 000 . 17 . 18 
15,000 1. 96 2. 19 

20,000 . 16 .23 
20, 000 1.24 1.80 

25,000- . 19 . 13 
25. 000 1.08 .77 

Mean 1. 266 1.266 

1. Brooks, Donald B.: Correcting Engine Tests for Humidity 

T. N. No. 309, N. A. C. A., 1929. 
2. Brooks, Donald B.: Correcting Engine Tests for Humidity. 

Bureau of Standards Journal of Research. Vol. 3 (RP118), 

pp. 795-806, November, 1929. 
3. Brooks, Donald B.: Horsepower Correction for Atmospheric 

Humidity. S. A. E. Journal, Vol. 25, pp. 277-283, 

September, 1929. 
4. Dickinson, H. C., and Boutell, H. G.: The Altitude Labo¬ 

ratory for the Testing of Aircraft Engines. T. R. No. 44, 

N. A. C. A., 1920. 
5. Determination of Effect of the Aqueous Vapor Content in 

Air on Engine Performance. Aeronautical Engine Labo¬ 
ratory Report No. 275, April 25, 1930. 

6. Cummings, H. Iv., and Garlock, E. A.: Altitude Laboratory 
Tests of Aircraft Engines. Aeronautical Engineering 
(Trans. A. S. M. E.), Vol. 4, No. 2, pp. 53-60, April-June, 

1932. 

TABLE III 

CLASS B TEST DATA 

(Corrected to 760 min Ilg total pressure 

Hun 
No. 

Air tem¬ 
perature 

°K 

Hum 

% 

idit.v 

mm Hg 

Indicated 
torque 

i 325. 7 33.3 35. 3 161.25 
2 311.3 38.2 IS. 3 169.0 
3 323.7 17.7 17.0 166. 5 
4 302. 8 67.9 21. 4 169. 75 
5 304.7 67. 8 23. 8 169. 2 
6 306. 1 67.6 25. 7 168. 5 
7 307. 1 77.4 3,. 1 165.9 
8 313.6 40.7 23.3 167.5 
9 302. 1 65. 1 19.7 170.5 

10 304.5 56. 4 19.6 170.5 
11 301. 6 43.8 15. 3 171.6 
12 314. 4 25.0 14.9 168. 75 
13 323. 6 14.8 14. 1 167.3 
14 317.5 38. 2 26.8 166. 7 
15 305. 7 50. 4 18.7 170.0 
16 298. 6 35.7 8.8 173.9 
17 313.6 24.0 13. 7 168. 1 
18 299. 6 53. 2 13.9 170. 7 
19 301.0 73.6 20.9 169. 0 

20 298. 1 48. 5 11.8 171.8 
21 314.2 27.4 16.2 168.3 
22 313.9 49.7 28.9 167.0 

| 23 312. 2 16. 2 8.6 168.8 
i 24 313. 5 26.5 15.1 16S. 4 

25 314.3 47.2 28.0 164.5 
26 314. 7 65.6 39. 8 162. 0 
27 313. 0 93. 1 51. 6 160.35 
28 323.6 13.2 12. 6 168.0 
29 323. 2 55.4 51.8 158. 4 

30 316. 5 51.5 34.3 163. 8 
31 293.5 52.7 12.9 171. 2 
32 300.0 57.5 15.4 171.0 
33 302. 2 65. 1 19.8 169.1 
34 303.3 76.2 24.7 167.6 
35 303. 7 86.0 28.5 167. 8 

36 313.3 22.4 12.6 168.2 
37 324. 0 11.6 11.3 167. 0 
3S 323. 2 24. 3 22.7 164.9 
39 322.3 40.0 35.8 161.7 

40 323. 1 46.7 43.5 160.8 
41 301.9 22.5 6. 7 173.8 
42 307. 1 20. 2 8. 1 172. 5 
43 308.4 30. 1 13.0 170. 5 
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THE EFFECT OF MULTIPLE FIXED SLOTS AND A TRAILING-EDGE FLAP ON THE 
LIFT AND DRAG OF A CLARK Y AIRFOIL 

By Fred E. Weick and Joseph A. Shortal 

SUMMARY mum drag coefficient of the arrangement was high. 

Lift and drag tests were made on a Clark Y wing A relatively low-drag fixed slot near the leading edge 
equipped with jour fixed slots and a trailing-edge flap in of an airfoil has been recently developed by the Na- 
the 5-foot vertical wind tunnel of the National Advisory tional Advisory Committee for Aeronautics, with which 
Committee for Aeronautics. All possible combinations of the maximum lift coefficient of a Clark Y airfoil was 

the four slots were tested with the flap neutral and the increased from 1.30 to 1.75. (Reference 2.) 
most promising combinations were tested with the flap The present investigation was made to determine the 
down 45°. Considering both the maximum lift coefficient effect on its aerodynamic characteristics of equipping 
and the speed-range ratio CLmaxlCDmin, with the flap a Clark Y airfoil with several fixed slots similar in 

Figure 1.—Section of Clark Y wing with multiple fixed slots and trailing-edge flap 

neutral no appreciable improvement was found with the 
use of more than the single leading-edge slot. With the 
flap down 45° cl maximum lift coefficient of 2.60 was 
obtained but the particular slot combination used had a 
rather large minimum drag coefficient with the flap neutral. 

With the flap down 45° the optimum combination, con¬ 
sidering both the maximum lift coefficient and the speed- 
range ratio, was obtained with only the two rearmost 
slots in use. For this arrangement the maximum lift 

coefficient was 2.44• 

INTRODUCTION 

As an extension of the investigation of lateral stabil¬ 
ity and control at low speeds, the National Advisory 
Committee for Aeronautics has undertaken an investi¬ 
gation of devices intended to increase the maximum 
lift coefficient. In an investigation conducted by 
Laclimann (reference 1) a large increase in the maxi¬ 
mum lift coefficient was obtained with a highly cam¬ 
bered airfoil equipped with fixed slots but the mini¬ 

shape to the recently developed low-drag fixed slot. The 
tests were made with all possible combinations of the 
various slots. In addition, since it was know that a 
multislot wing could advantageously have greater 
camber than that of the Clark Y, tests were made with 
the rear portion deflected downward as a flap. 

APPARATUS AND METHODS 

The tests were made in the N. A. C. A. vertical wind 
tunnel which has a 5-foot open jet. (Reference 3.) 
In order to make the results comparable with results 
of tests in the 7 by 10 foot horizontal tunnel (reference 
4), the airfoil chord was fixed at 10 inches, which neces¬ 
sitated the use of a half-span model and “reflection 
plane” as described in detail in reference 5. The bal¬ 
ance arrangement and general test procedure are also 

described therein. 
Four fixed slots similar in shape to the previously 

developed leading-edge slot of reference 2 were cut 
through the Clark Y profile as shown in Figure 1. 
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The gaps indicated by the letter “a” in Figure 1 were 
all of the same size, 2 per cent of the wing chord. Be¬ 
cause of the small size of the leading-edge portion 
ahead of the front slot, it was made of aluminum alloy. 
The remaining portions of the wing were made of 
laminated mahogany. All live portions were rigidly 
fastened together by means of thin metal plates at 
both ends. To prevent excessive deflection of the 
leading-edge portion under load, a small metal clip was 
used to support it in the center. When not in use, the 
slots were closed by filling them with Plasticine and 
fairing to the Clark Y profile. 

With the flap neutral, lift and drag tests were made 
with all possible combinations of the four fixed slots. 
After these tests had been completed the flap was 
turned down 45° as shown with dotted lines in Figure 1. 
With the flap down the rear slot was obviously of poor 
shape, and in order to improve it a cover plate was 
provided which is also shown by dotted lines in Fig¬ 
ure 1 .* With the flap down and the improved rear slot 
in use, lift and drag tests were made with all possible 
combinations of the other slots. In addition, several 
combinations were tested with the rear slot closed, 
including that with all the slots closed, which gave 
the condition of an ordinary flap on a plain airfoil. 

To find the effect of the cover plate on the rear slot, 
further tests were made with the cover plate removed, 
first with all the other slots closed and later with the 
combination giving the highest maximum lift co¬ 
efficient. 

All tests were made at an air speed of SO miles per 
hour, giving a Reynolds Number of 609,000 based on 
the 10-inch chord. 

RESULTS AND DISCUSSION 

The results are given in terms of the standard 
absolute coefficients of lift and drag, CL and CD, un¬ 
corrected for tunnel-wail effect. These coefficients are 
plotted against angle of attack in Figures 2 to 8, 
inclusive. 

Flap neutral.—The effect of the fore-and-aft location 
of a single slot is shown in Figure 2 where the results 
are given for each of the four slots tested separately. 
From either Figure 2 or Table II, which summarizes 
the important results with the flap neutral, it can be 
seen that both the maximum lift coefficient and the 
minimum drag coefficient decrease as the slot is 
moved to the rear. The speed-range ratio CLmaxlCVmin 
increases as the slot is moved to the rear, the value 
with the rear slot open being slightly higher than that 
for the plain wing. (The values with all other slot 
conditions are lower.) 

The rear slot increases both the maximum lift co¬ 
efficient and the ratio CLmax/CDmin when used alone 
or with the leading-edge slot. With any other com¬ 

bination the rear slot has a detrimental effect on one or 
both of these factors. 

The highest maximum lift coefficient was obtained 
with the three foremost slots open and the rear one 
closed. With this condition the maximum lift coeffi¬ 
cient was increased from 1.29 for the plain Clark Y 
to 1.93. This value is not appreciably higher, however, 
than that obtained with the third slot also closed, 1.90, 
and is only 9 per cent higher than that obtained with 
only the front slot open. 

The highest speed-range ratio was that obtained 
with only the rear slot open. The value of the ratio 
with the arrangement giving the highest maximum lift 
coefficient was very low. Considering both the maxi¬ 
mum lift coefficient and the speed-range ratio, the best 
combination is probably that with the front and rear 
slots open, but it is closely approached by the arrange¬ 
ment with the front slot only open. These tests 
therefore indicate that with an airfoil having the low 
camber of the Clark Y no substantial gain would be 
obtained by fitting more slots than one and that at the 
leading edge. 

Flap down 45°.—With the rear portion of the wing 
used as a flap and turned down 45° the effective camber 
of the wing is considerably increased and multiple slots 
might be expected to have a more favorable effect. 
The important aerodynamic characteristics with the 
45° flap are summarized in Table III. 

With the rear slot closed the flap becomes a con¬ 
ventional one with a chord 30 per cent of the wing 
chord. With all the slots closed, making a plain wing 
with a flap, a maximum lift coefficient of 1.95 was ob¬ 
tained at an angle of attack of 12°, as compared with 
1.29 at 15° for the plain wing with flap neutral. With 
the rear slot closed, every combination of the three 
forward slots tested gave a maximum lift coefficient 
close to the value 2.20. 

With only the rear slot open without the cover plate, 
the maximum lift coefficient was reduced from 1.95 
with the slot closed to 1.77, while with the cover plate 
in place the maximum lift coefficient was increased 
slightly to 1.98. The lift curve for the latter case had 
two peaks—one at an angle of attack of 5° and a higher 
one at 12°. 

A comparison of Figure 6 with Figure 8 shows that 
with the flap down the use of the improved rear slot 
increased the maximum lift coefficient in every case 
tested. The highest lift coefficient found was 2.60, 
which was obtained with the first and third slots open 
also. In this case the use of the improved rear slot 
raised the value from 2.21 to 2.60. An interesting fact 
is that with the flap down and the improved rear slot 
open, opening the slot just ahead of it gave greater 
improvement than opening either of the two forward 
slots. In fact, in every case with the third slot open 
and the improved rear slot in use, the maximum lift 

1 In practice it would be necessary to make this cover plate flexible or to support it 
cn hinges, because of interference with the flap in the neutral position. 
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Figure 2.—Lift and drag coefficients for a wing with a single fixed slot in various 

fore-and-aft locations 

Figure 3—Lift and drag coefficients for a wing with a leading-edge fixed slot and 
one other fixed slot in various locations 

Figure 4.—Lift and drag coefficients for a wing with a leading-edge fixed slot and 
various slot combinations behind 
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coefficient was substantially higher than in any case 
with it closed. 

In every case with the improved rear slot open and 
the third slot closed the lift curve had two peaks. 
Opening the third slot eliminated the first peak and 
produced a high value of the maximum lift coefficient. 
Thus, with the flap down the two rear slots 
are the important ones, which is in contrast 
to the case with the flap neutral, for which 
the front slot is the important one. The 
highest value of the maximum lift coefficient 
was obtained, however, with the leading-edge 
slot open together with the two rear slots, 
the value in that case being 2.60. 

In computing the speed-range ratio 
CLmax/CDmin for the cases with the flap de¬ 
flected, the maximum lift coefficient was 
taken with the flap down and the minimum 
drag coefficient was taken with the flap neu¬ 
tral. The highest ratio was obtained by the 
plain unslotted airfoil, the value being in¬ 
creased from 85.0 for the plain Clark Y to 
128.2. The speed-range ratio for the com¬ 
bination giving the highest maximum lift 
coefficient was only 87.3. The optimum 
combination, considering both the maximum 
lift coefficient and the speed-range ratio, is 
probably the one with only the two rear¬ 
most slots open. For this combination 
the maximum lift coefficient was 2.44 and 
the speed-range ratio was 117.5. 

Application of optimum combination with 
flap.—On the basis of the coefficients ob¬ 
tained from these wind-tunnel tests, the 
effect of equipping an ordinary airplane with 
the optimum combination (the third slot and 
the improved slotted flap) has been calcu¬ 
lated. If the wing area is kept the same, 
the landing speed should be reduced about 
25 per cent and the maximum speed about 3 
per cent. If the wing area is reduced 25 
per cent the high speed should remain ap¬ 
proximately the same and the minimum 
speed should be reduced about 15 per cent. 
With a 50 per cent reduction in the wing area 
the landing speed should remain about the 
same and the maximum speed should be increased in the 
neighborhood of 3 per cent. The structure of the wing 
could be in accordance with customary practice, the 
rear spar being located just back of the third slot. 

CONCLUSIONS 

1. Adding more than a single leading-edge slot to 
the Clark Y airfoil, with its relatively low camber and 
without a flap, probably would not improve the aero¬ 
dynamic characteristics sufficiently to compensate for 
the increased structural difficulties. 

2. With the improved slotted flap down 45° and the 
best combination of fixed slots the maximum lift 
coefficient was increased from 1.29 with the plain 
Clark Y airfoil to 2.60. 
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3. The optimum combination tested with the flap 
down 45°, considering both the maximum lift coefficient 
and the speed-range ratio, was probably that with only 
the two rearmost slots open. 

4. Weick, Fred E., and Wenzinger, Carl J.: Wind-Tunnel 
Research Comparing Lateral Control Devices, Particularly 
at High Angles of Attack. I—Ordinary Ailerons on Rec¬ 
tangular Wings. T. R. No. 419, N. A. C. .4., 1932. 

5. Wenzinger, Carl J., and Shortal, Joseph A.: The Aerodynamic 
Characteristics of a Slotted Clark Y Wing as Affected by 
the Auxiliary Airfoil Position. T. R. No. 400, N. A. C. A., 
1931. 

TABLE I 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., April 6, 1982. 

REFERENCES 

1. Lachmann, G.: Results of Experiments with Slotted Wings. 
T. M. No. 282, N. A. C. A., 1924. 

2. Weick, Fred E., and Wenzinger, Carl J.: The Characteristics 
of a Clark Y Wing Model Equipped with Several Forms of 
Low-Drag Fixed Slots. T. R. No. 407, N. A. C. A., 1931. 

3. Wenzinger, Carl J., and Harris, Thomas A.: The Vertical 
Wind Tunnel of the National Advisory Committee for 
Aeronautics. T. R. No. 387, N. A. C. A., 1931. 

ORDINATES FOR CLARK Y AIRFOIL 
[All values in per cent airfoil chord] 

Ordinates 

o lauuu 

Upper Lower 

0 3. 50 3. 50 
1.25 5. 45 1. 93 
2. 50 6.50 1.47 
5.00 7. 90 .93 
7.50 8. 85 .63 

10.00 9. 60 .42 
15.00 10. 69 .15 
20.00 11. 36 .03 
30.00 11. 70 0 
40.00 11.40 0 
50.00 10. 52 0 
60.00 9. 15 0 
70.00 7.35 0 
80. 00 5. 22 0 
90.00 2. 80 0 
95. 00 1.49 0 

100.00 . 12 0 

Leading edge radius=1.50 

TABLE II 

AERODYNAMIC CHARACTERISTICS OF A CLARK Y 
WING WITH MULTIPLE FIXED SLOTS 

Cl max CDmin 
Cl max 

C-D min 
^ Ci '-'Lmax 

1. 291 0. 0152 85.0 
° 

15 

1. 772 .0240 73.8 24 

1. 596 .0199 80.3 21 

1.548 . 018S 82.3 19 

1.440 .0164 87.8 17 

1. 902 .0278 68.3 24 

1.881 .0270 69.7 24 

1.813 .0243 74. 6 23 

1.930 .0340 56.8 25 

1.885 .0319 59.2 24 

1.885 .0363 51.9 25 

1. 850 .0298 62. 1 24 

1.692 .0228 74.2 22 

1. 672 .0214 78.2 22 

1. 510 .0208 72.6 19 

1. 662 .0258 64.4 22 

Slot combination 

TABLE III 

AERODYNAMIC CHARACTERISTICS OF A CLARK Y 
WING WITH MULTIPLE FIXED SLOTS AND A SLOT¬ 
TED FLAP DOWN 45° 

Slot combination Cl max C-D min * 
Cl max 

Cpmin 
^ Ci y^Lmax 

1.950 0. 0152 128.2 

o 

12 

2.182 .0240 91.0 19 

2.235 .0278 80.3 20 

2.200 .0340 64. 7 21 

2.210 .0270 81.8 20 

1.980 .0164 120.5 12 

1. 770 .0164 108.0 14 

2. 442 .0208 117.5 16 

2.500 .0258 96.8 18 

2.185 .0214 102.0 18 

2.261 .0243 93.2 19 

2. 320 .0319 72.7 20 

2. 535 .0363 69.8 20 

2.600 .0298 87.3 20 

2.035 .0298 68.3 21 

1 Cd min with flap neutral. 
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WIND-TUNNEL TESTS OF A CLARK Y WING WITH A NARROW AUXILIARY 
AIRFOIL IN DIFFERENT POSITIONS 

By Fred E. Weick and Millard J. Bamber 

SUMMARY 

Aerodynamic force tests were made on a combination 
of a Clark Y wing and a narrow auxiliary airfoil to find 
the best location of the auxiliary airfoil with respect to 
the main wing. The auxiliary was a highly cambered 
airfoil of medium thickness having a chord 1^.5 per cent 
that of the main wing. It was tested in 1/+1 different 
positions ahead of, above, and behind the nose portion of 
the main wing, the range of the test points being extended 
until the best aerodynamic conditions were covered. 

A range of positions was found in which the combi¬ 
nation of main wing and auxiliary gave substantially 
greater aerodynamic efficiency and higher maximum lift 
coefficients (based on total area) than the main Clark Y 
wing alone. In the optimum position tested, consider¬ 
ing both the maximum lift and the speed-range ratio, the 
combination of main wing and auxiliary gave an increase 
in the maximum lift coefficient of 82 per cent together 
with an increase in the ratio CLmaxlCDmin of 21 per cent 
of the respective values for the main Clark Y wing alone. 

INTRODUCTION 

In an effort to provide means for obtaining lower 
landing speeds and greater speed ranges, many devices 
have been developed for increasing the maximum lift 
without excessive increase of the drag. These devices 
include pilot planes, slots, flaps, etc., most of which 
have movable parts entailing a certain amount of 
complication. In this field recent tests have been 
made by the National Advisory Committee for Aero¬ 
nautics on a Clark Y airfoil with Handley Page type 
slots, in which the slat portion was tested in a large 
number of different positions to determine the best. 
(Reference 1.) A series of tests has also been made to 
develop a fixed slot for the same airfoil giving a rea¬ 
sonably high maximum lift coefficient with the lowest 
possible minimum drag coefficient and having no 

movable parts. (Reference 2.) 
The present investigation consists of further tests 

of the same type on a Clark Y wing with a narrow aux¬ 
iliary airfoil tested in a sufficient number of locations 
and angular positions with respect to the main wing 
to determine the optimum one. These tests, as well 

as those previous'y mentioned, were made in the 
N.A.C.A. 5-foot vertical tunnel under the same 
conditions 

In addition, these tests were made at the same air 
speed and on a model having the same chord as that 
used in a standard series of controllability and stability 
tests (reference 4) which are being made in the 
N.A.C.A. 7 by 10 foot tunnel. Aileron tests on a 
wing with the auxiliary airfoil in the best position will 
be included in the series. 

APPARATUS AND METHODS 

Wind tunnel.—The N.A.C.A. vertical wind tunnel, 
which has an open jet 5 feet in diameter and a closed 
return passage, is described in detail in reference 3. 

A “reflection plane” and half-span model were 
used because a full-span wing of aspect ratio 6 and 10- 
inch chord could not be tested in the vertical tunnel. 

The drag forces were transmitted from the wing by 
two fine wires to a platform balance above the tunnel. 
The lift forces were transmitted by a system of bell 
cranks and rigid rods to two platform balances mounted 
on the tunnel test floor. A detailed description of the 
arrangement may be found in reference 1. 

Models.—The main wing, which had a Clark Y 
section, had previously been used in the fixed-slot 
tests of reference 2, and for the present tests the slot 
was filled with “Plasticine.” The auxiliary airfoil, 
because of its small size, was made of aluminum alloy. 
It was a highly cambered airfoil of medium thickness 
ratio (12 per cent) and had a chord 14.5 per cent of the 
chord of the main wing. It had previously been used 
during one stage of the fixed-slot development. For 
the present tests it was supported on the main wing by 
thin metal plates at each end and by a small bracket at 
midspan. The details of the supporting plates and 
the ordinates of both main and auxiliary airfoils are 

given in Figure 1. 
Tests.—The tests were made with the trailing edge 

l of the auxiliary airfoil in 24 different locations with 
respect to the main wing. At each location of the 
trailing edge tests were made with the chord line of 
the auxiliary at several different angles, 8, with respect 

537 
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to the chord line of the main wing, making 141 posi¬ 
tions in all. The first arrangement (pi. 1, fig. 1) in¬ 
cluded only 12 locations of the trailing edge. Others 
were then added until the optimum was found. 

In the main series of tests the lift and drag were 
measured at various angles of attack for each position 
of the auxiliary. Readings were taken at 1° intervals 
to cover the region of the minimum drag and maxi¬ 
mum lift coefficients and several points were taken in 
between to determine the shape of the lift and drag 
curves. Pitching moments, which required a slight 
change in the balances, were also measured for a few 
of the better positions of the auxiliary airfoil. 

"0.1450 0J5C 

I *C:A 

Plate No.2 A, Auxiliary airfoil 
Plate No. / B. Plate cut down. 
.Locations for j r phfe No , 

ofSrfTrff, j 1 • naie No.Z 

Plain Clark Y 
wing 

results for the various angles of the auxiliary at one 
location of its trailing edge, and also the curves for 
the main wing alone. 

The values of CLrn&x, CDmm, and the angle of attack 
for CLmax, are given in Table I along with the values 

of the latlOS Cimax/fYlmln and (Ckmax) /^Dmln for 

each position of the auxiliary airfoil. 
For facilitating the selection of the position of the 

auxiliary airfoil giving the highest values of <7imax, 
contours of equal values of the maximum lift coeffi¬ 
cient are given in Figure 26. The value at any point 
represents the maximum that can be obtained with 
any angular position 8. Similar contour charts 

for the equal values of the ratios CLmax/CDmin and 

(<?z,max)2/£5>min are given in Figures 27 and 28, respec¬ 
tively. 

Curves of the center of pressure plotted against 
angle of attack are given for a few of the better posi¬ 
tions of the auxiliary in Figures 7 and 8. The values 
for the Clark Y wing alone are also included for 

AUXILIARY ORDINATES CLARK Y ORDINATES 

Stations 
per cent 
chord i 

Upper, 
per cent 
chord 1 

Lower, 
per cent 
chord 1 

Stations, 
per cent 

chord 

Upper, 
per cent 

chord 

Lower, 
per cent 

chord 

0.00 2.88 2.88 0.00 3.50 3.50 
1. 25 5. 40 1.09 1. 25 5.45 1.93 
2. 50 6. 48 .65 2. 50 6. 50 1. 47 
5.00 8.02 .28 5.00 7.90 .93 
7. 50 9. 11 .08 7.50 8.85 .63 

10.00 9. 96 .00 10.00 9. 60 .42 
15.00 11.34 . 12 15.00 10. 69 . 15 
20.00 12.29 .44 20.00 11. 36 .03 
30.00 13. 35 1. 46 30.00 11.70 0 
40.00 13.42 3.08 40.00 11.40 0 
50.00 12.60 4. 78 50.00 10. 52 0 
60.00 11. 12 5. 63 60. 00 9. 15 0 
70.00 9. 15 5.79 70.00 7.35 0 
80.00 6. 68 4.68 80.00 5.22 0 
90.00 3. 95 2. 67 90.00 2. 80 0 
95. 00 2.51 1. 32 95.00 1.49 0 

100.00 1. 13 0 100.00 . 12 0 

1 Auxiliary chord. 

Figure 1.—Clark Y wing with auxiliary airfoil and mounting plates. (Best posi¬ 
tion for the auxiliary airfoil is shown) 

comparison. 
Effect of supporting plates.—The accuracy of the 

present tests was about the same as that of the previous 
tests with the same set-up (references 1 and 2) except 
for the effect of the rather large end plates which sup¬ 
ported the auxiliary airfoil. To find the effect of the 
plates on the results, the tests with one of the better 
locations were repeated with the supporting plates 
cut down (fig. 1, dotted lines). The results of these 
tests showed that the effect on the drag and center of 
pressure was within the limits of experimental error 
and therefore negligible. The effect on the lift co¬ 
efficients was noticeable but small, the values being 
about 2 per cent greater with the large end plates. 
This value was considered sufficiently small to be 
neglected in the present comparisons. 

The tests were made at a dynamic pressure of 16.37 
pounds per square foot, which corresponds to an air 
speed of 80 miles per hour under standard atmospheric 
conditions at sea level. The Reynolds Number with 
the above test conditions and the main wing chord of 
10 inches was 609,000, which is about one-third of 
that for an ordinary small airplane while landing. 

RESULTS 

The results are given in terms of the standard 
absolute coefficients of lift and drag, and center of 
pressure (CL, CD, and c.p.), the latter referring to 
the chord of the main wing. In the computation of 
these coefficients the total area of the main wing plus 
the auxiliary was used. 

Curves of the lift and drag coefficients plotted 
against the angle of attack for all positions of the 
auxiliary with respect to the main wing are given in 
Figures 2 to 25, inclusive. Each figure includes the 

DISCUSSION 

The contour lines in Figure 26 indicate that the 
position of the auxiliary airfoil giving the highest 
value of the maximum lift coefficient was that with 
the trailing edge about 3 per cent c ahead of the nose 
and 10 per cent c above the chord line of the main 
wing, c being the main-wing chord. The highest 
value actually measured (CL = 1.812) was found at 
the point with the trailing edge of the auxiliary 5 per 
cent c ahead of the nose and 6.5 per cent c above the 
chord line of the main wing, with 8 equal to —30°. 
Another region which gave a high maximum lift co¬ 
efficient was in the neighborhood of 17 per cent c 
ahead of the nose and 12 per cent c above the chord 
line, where the highest value of CLmg,x was about 1.73. 
The highest actual test point in this region was 15 per 
cent c ahead of the nose and 12 per cent c above the 
chord line with 8 equal to —2.5°, an angle which is 
obviously better for obtaining a low value of CDmio■ 
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Figure 6.—Characteristics ot combination of main and auxiliary wings with trail¬ 
ing edge of auxiliary 15 per cent chord ahead of leading edge and 4.5 per cent 
chord above chord line of main wing 

Figure 8—Characteristics of combination of main and auxiliary wings with trail¬ 
ing edge of auxiliary 15 per cent chord ahead of leading edge and 19.5 per cent 
chord above chord line of main wing 

Figure 7.—Characteristics of combination of main and auxiliary wings with trail¬ 
ing edge of auxiliary 15 per cent chord ahead of leading edge and 12 per cent 
chord above chord line of main wing 

Figure 9.—Characteristics of combination of main and auxiliary wings with trail¬ 
ing edge of auxiliary 10 per cent chord ahead of leading edge and 5 per cent 
chord above chord line of main wing 
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Figure 12.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 5 per cent chord ahead of leading edge and 6.5 per cent 

chord above chord line of main wing 

trailing edge of auxiliary 10 per cent chord ahead of leading edge and 15 per cent 

chord line of main wing 

cent chord above chord line of main wing 
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Figure 14.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 3 per cent chord ahead of leading edge and 4 per cent 
chord above chord line of main wing 

Figure 16.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 0 per cent chord ahead of leading edge and 15 per cent 
chord above chord line of main wing 

Figure 15.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 0 per cent chord ahead of leading edge and 10 per cent 
chord above chord line of main wing 

Figure 17.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 0 per cent chord ahead of leading edge and 20 per cent 
chord above chord line of main wing 
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Ficure 18.—Characteristics of combination of main and auxiliary wings Figure 19.—Characteristics of combination of main and auxiliary wings with trailing 
with trailing edge of auxiliary 5 per cent chord behind leading edge edge of auxiliary 10 per cent chord behind leading edge and 12 per cent chord above 

and 24.8 per cent chord above chord line of main wing chord line of main wing 

Figure 20—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 10 per cent chord behind leading edge and 17 per 
cent chord above chord line of main wing 

Figure 21.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 10 per cent chord behind leading edge and 22 per 

cent chord above chord line of main wing 
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Figure 22.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 15 per cent chord behind leading edge and 28 per 

cent chord above chord line of main wing 

Figure 24.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 20 per cent chord behind leading edge and 19 per 

cent chord above chord line of main wing 

Figure 23.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 20 per cent chord behind leading edge and 14 per 

cent chord above chord line of main wing 

Figure 25.—Characteristics of combination of main and auxiliary wings with 
trailing edge of auxiliary 20 per cent chord behind leading edge and 24 per 

cent chord above chord line of main wing 
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The ratio CLma,x/CDmlQ is an indication of the suita¬ 
bility of a wing for giving a high speed range, and for a 
given minimum speed and total weight shows the 
relative merits of different wing arrangements in the 
high speed obtainable. A chart having contour lines 
for even values of the ratio CLmax/CDmln is given in 
Figure 27. The maximum values of this ratio were 
obtained with the trailing edge of the auxiliary in the 

Per cent chord 

Figure 26.—Contours of equal values of Cl mac obtained with various settings of 
trailing edge of auxiliary airfoil. The value at any point represents the maximum 
that can be obtained with any angular position 

neighborhood of 17 per cent c ahead of the nose and 
14 per cent c above the chord line of the main airfoil. 
The best location actually tested was that with the 
trailing edge of the auxiliary 15 per cent c ahead of 
the nose and 12 per cent c above the chord line, equal 
values being obtained with the chord of the auxiliary 
parallel to and at an angle of +2.5° to the chord of 
the main wing. (This position, it will be noted, is in 

Figure 27.—Contours of equal values of CLm»x/CDmin obtained with various 
settings of trailing edge of auxiliary airfoil. The value at any point represents 
the maximum that can be obtained with any angular position 

the second best region for high maximum lift coeffi¬ 
cients.) The value of the ratio obtained at this point 
was 104.5, which is about 21 per cent higher than that 
for the main Clark Y wing alone (86.3) which seems 
remarkably fortunate considering that the maximum 
lift coefficient was 1.705 as compared with 1.295 for 

the main wing alone. 
At the position which gave the highest value of 

Cimax actually tested (5 per cent c ahead of the nose, 
6.5 per cent c above the main chord line, 8 = —30°), 

the ratio CLm&x/CDmm was 49.3—a value which would 
make the combination practically unusable if the 
auxiliary airfoil were fixed in position. 

Selection of optimum position of auxiliary airfoil.— 
In the selection of the optimum position of the auxil¬ 
iary airfoil with respect to the main wing, it is ob¬ 
viously advantageous to have a high value of the 
maximum lift coefficient, permitting the use of a rela¬ 
tively small wing with the lowest possible weight. It 
is also obviously an advantage to have the highest 
possible maximum speed with a given minimum and 
both of these points must be given consideration. 
The values of CLm&x and CLm&xICDmln given for any 
particular trailing-edge location in Figures 26 and 27 
do not usually represent the same angular setting 8, 
which makes the actual selection of an optimum 
position rather complicated. One method of making 

Per cent chord 

Figure 28.—Contours of equal values of (CLmax^/Cbmin obtained with various 
settings of trailing edge of auxiliary airfoil. The value at any point represents 
the maximum that can be obtained with any angular position 

such a selection is, of course, to base it on one’s judg¬ 
ment, having studied the values for each position 
given in Table I. In order to facilitate this selection 
a criterion has been arbitrarily chosen which contains 
both CLtnax and the ratio CLm&x/CDmln and gives them 
equal importance by taking the product of the two. 
The resulting criterion is the ratio (CLra&x)2ICDm{n. 

The contours in Figure 28 represent the values of this 
ratio for the best angular setting 8 at each location of 
the trailing edge of the auxiliary. On this basis the 
optimum location is about 17 per cent c ahead of the 
nose and 14 per cent c above the main chord line, 
which is the same as the location giving the highest 

value of Cimax/O'omin and at the same time is in the 
second highest region for CLm&x. Of the points actually 
tested, that giving the highest ratio of (CLm!iX)2ICDmln 
was 15 per cent c ahead of the nose and 12 per cent c 
above the chord line, the chord of the auxiliary being 
parallel to the chord of the main wing. A value very 
nearly as high was obtained with the same trailing- 
edge location and 5= +2.5°. In either of these posi¬ 
tions the angle of attack for the maximum lift coefficient 
was 24°, and the lift curve dropped sharply just above 

this point. 
Curves of the center of pressure against angle of 

attack are given for values of 5 of 0°, +2.5°, and —5° 
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for the optimum location of the trailing edge of the 
auxiliary, together with the lift and drag curves in 
Figure 7. The center of pressure in each case is 
practically constant at 20 per cent c back of the leading 
edge of the main wing for angles of attack from about 
3° to that of the stall. At the stall the center of pres¬ 
sure goes suddenly back, giving a stable pitching 
moment. As the angle of attack is reduced below 3° 
the center of pressure travels back in the normal 
unstable direction, but at zero lift the unstable pitching 
moment is much less than that of the Clark Y wing 
alone. It is evident that an airplane with a wing and 
auxiliary airfoil in the optimum position would require 
a smaller horizontal tail plane to have satisfactory 
static longitudinal stability and balance at all angles 
of attack than the same airplane with the same main 
wing but without the auxiliary. In order to find 
whether this range of center-of-pressure travel was 
confined to one location of the auxiliary, the values 
were also measured for one other location that gave 
high values of maximum lift coefficient and speed- 
range ratio. For this position the trailing edge of the 
auxiliary was 15 per cent c ahead of the nose and 19.5 
per cent c above the chord line and the chord of the 
auxiliary was parallel to the chord of the main wing. 
The center-of-pressure curve is given in Figure 8. The 
characteristics, it wall be noted, are the same as for the 

other location of the auxiliary. 
A matter deserving consideration in regard to the 

optimum position of the wing and auxiliary arrange¬ 
ment is the high value of the drag coefficient at the 
angle of attack for maximum lift. This high value 
makes possible steep glides, which are advantageous 
for making short landings. The value of LjD at maxi¬ 
mum lift is only about 3.5 as compared with 8 for the 
Clark Y wing alone. These correspond to glide-path 
angles for the wings alone of 16° and 7°, respectively. 
Since the optimum combination of main wing and aux¬ 
iliary has, in the climbing range, values of LID ratio 
nearly as high as the Clark Y alone, the favorable char¬ 
acteristic of a high drag at the higher angles of attack 
is probably due to the stalling of the auxiliary airfoil. 

Inasmuch as the first arbitrarily chosen combination 
of wing and auxiliary airfoil was found, when the aux¬ 
iliary airfoil wras put in the proper position, to give 
results substantially superior to those wdth single wings 
or previous combinations, it is very probable that still 
better combinations can be found. The present in¬ 
vestigation should therefore be considered as only a 
beginning and should be followed by further tests with 
several carefully chosen airfoil sections, in which the 
best relative size of the main wing and auxiliary 
airfoil, as well as the best location in each case, are 

determined. 
Comparison of optimum combination with slotted 

wings.—The earlier tests, including the best Handley 
Page type slot and the best fixed slot (references 1 and 

2) developed with the same basic wing under the same 
test conditions, give an opportunity to compare di¬ 
rectly the slots with the optimum combination of wing 
and auxiliary airfoil found in the present tests. The 
following table gives the data for the best combination 
in each set of tests as taken directly from the reports. 

C Dm in Clmax 
a for 

CLm ax 
CLm ax 
C Dm i n 

( OLm ax)2 
CDm in 

Clark Y wing alone_ 0. 0150 1.295 

o 

15 86.3 111.9 
Handley Page type automatic 

slot _ -- _ 1.0161 1. 840 28 114.2 210 
Fixed slot. _ .0229 1.751 24 76.4 134 
Wing with auxiliary airfoil. 2.0187 2 1.951 24 104.5 2 204 

1 Plain wing Cd increased 7.1 per cent to allow for imperfect form with slot closed. 
(Reference 5.) 

2 Coefficients based on area of main wing alone. 

In the computation of these coefficients the area of 
the original wing, assuming the slot closed, wras taken 
in the case of the Handley Page slot, although with 
the slot open the area wras actually greater. The area 
of the original wing wras used in the case of the fixed 
slot which wus in effect merely cut through the original 
profile. The values for the wing with the auxiliary 
airfoil are therefore also based on the area of the main 

wing alone. 
In order to enable a more accurate comparison to be 

made, the coefficients have been recomputed on the 
basis of the total wing area in each case, i. e., the area 
of the main wing plus the area of the auxiliary airfoil, 
or the slat, regardless of their positions with respect to 
each other. These recomputed coefficients are given 

in the following table. 

C^Dmin Oliubx 
a for 

Climax 

C^Lm nx 

ODm in 

((7z.max)2 

Cumin 

Handley Page type automatic 
slot - - _ 0. 0143 1.632 

o 

28 114.2 186.8 
Fixed slot_. _ . 02155 1.648 24 76.4 126. 1 
Wing with auxiliary airfoil_ .0163 1.705 24 104.5 178.3 

On this basis the highest maximum lift coefficient 
was obtained with the wing and auxiliary airfoil of the 
present tests. The speed-range ratio is not quite so 
high as with the movable Handley Page type slot, but 
it is much higher for either of these than for the fixed 
slot or the plain Clark Y wing alone. The ratio 
(Cimax)2/6Ymin for determining the optimum combina¬ 
tion gives the Handley Page slot a slight advantage, 
but for practical cases this might be insufficient to 
overcome the disadvantage of the extra mechanism 

required. 
Effect of adding auxiliary airfoil to conventional 

monoplane.—To obtain the best results with a com¬ 
bination wing and auxiliary airfoil they should, of 
course, be incorporated while the airplane is in the 
design stage. It is interesting, however, to estimate 
the effect of merely adding an auxiliary airfoil to an 
average conventional monoplane. It will be assumed 
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for simplicity that the gross weight remains unchanged 
and that the difference in balance can be taken care | 
of by shifting the load forward. If the minimum 
gliding speed of the original airplane were 50 miles per 
hour and the maximum speed in level flight 115 miles 
per hour, the addition of the auxiliary airfoil in the 
optimum position would decrease the minimum speed 
to about 41 miles per hour and the maximum speed 
to 112 or 113 miles per hour. Also the airplane with 
the auxiliary airfoil could glide at a much steeper angle 
without stalling, and the original tail would give 
somewhat greater static stability than before. If a 
new wing without the auxiliary were supplied having 
the same total area and span as the original wing plus 
the auxiliary, a larger tail would be required to give 
the same stability, the minimum speed wrould be about 
47 miles per hour, and the maximum speed about 113. 

CONCLUSIONS 

1. A position of the auxiliary wing with respect to 
the Clark Y main wing was found which gave a maxi¬ 
mum lift coefficient of 1.81, 40 per cent greater than 
that for the Clark Y wing alone. 

2. A range of positions of the auxiliary airfoil with 
respect to the main Clark Y wing was found which 
gave substantial gains in aerodynamic efficiency (effec¬ 
tiveness) as compared with that of the Clark Y wing 
alone. With the trailing edge of the auxiliary airfoil 
located 15 per cent of the chord of the main wing 
ahead of its leading edge and 12 per cent above the 
main chord line, and the chord lines parallel to each 
other, a value of the ratio CLm&x/CDmln of 104.5 was 
obtained, which is 21 per cent greater than that ob¬ 

tained for the Clark Y wing alone. 
3. The optimum position tested, considering both 

CLmax and the ratio CLma,xfCDm{n was the same as that 
giving the highest value of the ratio CLmaxfCDmin. 
This position gave a maximum lift coefficient of 1.705 
and a value of the ratio CLm&JCDmin of 104.5, which are 
increases of 32 per cent and 21 per cent, respectively, 
over the values obtained with the Clark Y wing alone. 

4. This investigation should be extended to include 
different sizes of the auxiliary airfoil with respect to 

the main wing and different airfoil sections, a suffi- 
I cient number of relative positions being covered to 

determine the optimum with each combination. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 23, 1932. 
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TABLE I 

IMPORTANT AERODYNAMIC CHARACTERISTICS AND CRITERIONS 
WING COMBINATION FOR EACH TEST POSITION OF 

OF A MAIN AND 
THE AUXILIARY 

AUXILIARY 

Position of trailing edge of auxiliary airfod is measured in per cent chord ahead of leading edge and above chord line of main wing 

S is the angle between chord lines of main and auxiliary airfoils 

Position of T. E. of 
auxiliary airfoil 

5 Cz)min CLm ax 

a for 
CLm ax 

CLm ax C-Lm ax^ 

Ahead Above 
Cd m in C Dm in 

Degrees Degrees 
Plain Clark Y. 0.0150 1.295 15 86.3 111.9 

25 6.5 -5 . 0240 1. 526 19 63.5 97.0 
0 .0191 1.590 21 83.2 132. 2 
2.5 .0178 1. 596 21 89.6 143.0 
5 .0173 1.588 21 91.7 145. 7 

25 13.0 0 .0179 1.480 19 82.6 122.2 
2.5 .0178 1.598 21 89.6 143. 1 
5 .0175 1.600 21 91.5 146.2 
7.5 .0195 1.635 22 83.8 137.0 

10 .0219 1.611 22 73.7 118.9 
25 19.5 0 .0179 1.390 18 77.7 108.0 

5 .0173 1.511 20 87.3 132.2 
7.5 .0191 1.571 21 82.2 129.3 

10 .0199 1. 563 21 78.5 123.0 
25 27.0 -5 .0224 1.342 16 60.0 80.5 

0 .0176 1.342 16 76.3 102.5 
2.5 .0183 1.360 17 74.2 101.0 
5 .0189 1.380 17 73.0 100.8 

15 4.5 -20 .0446 1.440 18 32.3 46.5 
-15 .0368 1.619 21 44.0 71.2 
-12.5 .0352 1.652 22 46.9 77.7 
-10 .0319 1.602 21 50.2 80.5 

0 .0168 1.495 20 88.9 133.0 
2.5 .0161 1.475 20 91.6 135.0 
5 .0161 1.448 20 89.8 130. 1 

15 12.0 -15 .0367 1.443 17 39.4 56.8 
-10 .0316 1.608 21 50.8 81.8 
-5 .0222 1.718 24 77.3 132.8 
-2.5 .0191 1. 722 24 90.2 155.2 

0 .0163 1.705 24 104.5 178.3 
2.5 .0163 1. 702 24 104.5 178.0 
5 .0174 1.677 24 96.2 161.3 

15 19.5 -10 .0298 1.399 18 46.9 65.5 
-5 .0222 1.440 19 65.0 93.5 

0 .0161 1.662 23 103.2 172.0 
2.5 .0166 1.662 23 100.2 166.3 
5 .0191 1. 661 23 87.0 144.8 

10 5.0 -25 .0424 1.490 19 35.1 52.4 
-20 .0398 1. 558 23 39.1 60.9 
-15 .0368 1.572 21 42. 7 67.2 
-10 .0319 1.500 21 47.0 70.5 
-5 .0240 1.458 21 60.7 88.5 

0 .0169 1.388 20 82.1 114.0 
2.5 .0161 1.360 20 84.5 115.0 
5 .0166 1.321 20 79.6 105.2 

10 10.0 -25 .0320 1.500 19 46.8 70.3 
-15 ,0304 1.690 23 55.6 94.0 
-12.5 .0298 1.702 24 57.2 97.5 
-10 .0300 1.702 24 56.8 96.6 
-5 .0215 1.640 23 76.3 125.1 
-2.5 .0179 1.606 23 89.8 144.1 

0 .0169 1.601 23 94.8 152.0 
2.5 .0176 1.578 23 89.5 141.0 
5 .0182 1.529 22 83.9 128.4 

10 15.0 -25 .0503 1.440 19 28.6 41.2 
-15 .0327 1.438 18 44.0 63.3 
-5 .0194 1. 550 24 80.0 124.0 

0 . 0164 1.600 22 97.5 156.0 
2.5 .0161 1. 592 22 98.8 157.5 
5 .0166 1.568 22 94.5 148.1 

5 6. 5 -40 .0432 1. 572 21 36.4 57.3 
-35 .0401 1.639 21 40.8 67.0 
-30 .0367 1.812 26 49.3 89.5 
-25 .0355 1.718 24 48.3 83. 1 
-20 .0336 1.625 24 48.3 78.6 
-10 .0288 1.446 24 50.2 72.6 

0 .0191 1.308 22 68.4 89.5 
5 .0186 1. 192 19 64.2 76. 5 

5 21.5 — 5 .0191 1.593 22 83.4 133.0 
0 .0163 1.612 23 98.8 159.7 
5 .0184 1. 572 22 85.4 134.2 

1 

Position of T. E. of 
auxiliary airfoil 

S CDm in CLm ax 
a for 
Chm ax 

C?Lm ax CLm ax^ 

Ahead Above 
Cdox in @Dm in 

Degrees Degrees 
3 4.0 -40 0. 0593 1.630 22 27.5 44.7 

-35 .0589 1.638 22 27.8 45.5 
-30 .0566 1.593 21 28.2 44.9 
-25 .0463 1.482 19 32.0 47.5 
-10 .0302 1.118 15 37.0 41.3 

0 .0191 .915 13 48.0 44.0 
5 .0172 .838 13 48.7 40.8 

0 10.0 -40 .0334 1. 800 31 53.8 97.0 
-35 .0292 1.768 27 60.5 107.0 
-30 . 0245 1.645 24 67.1 110.5 
-25 .0238 1.598 24 67.1 107.1 
-15 .0215 1. 360 20 63.2 86.0 
-5 .0207 1. 149 17 55.5 63.7 

0 15.0 -30 .0442 1.443 23 32.7 47.2 
-25 .0358 1. 555 23 43.4 67.5 
-22.5 . 0339 1.766 27 52.1 92.0 
-20 .0296 1.710 26 57.8 98.8 
-15 .0258 1.602 23 62. 1 99.5 
-10 .0225 1.498 21 66.6 99.8 
-5 .0179 1.400 20 78.2 109.5 
-2.5 .0158 1.370 19 86.7 118.8 

0 .0166 1.322 18 79.7 105.4 
0 20.0 -15 . 0279 1. 460 19 52.4 76.5 

-10 . 0233 1. 630 23 70.0 114.2 
-7.5 .0202 1.620 23 80.4 130.2 
-5 .0164 1.574 21 96.0 151.0 
-2.5 .0161 1. 526 21 94.8 144.8 

0 . 0168 1. 468 20 87.3 128.1 
5 . 0167 1. 382 19 82.8 114.4 

-5 24.8 -10 .0240 1. 382 18 57.7 79.8 
—5 .0166 1.432 19 86.3 123.6 

0 .0163 1.493 21 91.6 137.0 
5 .0181 1.388 19 76.7 106.2 

-10 12.0 -30 . 0216 1.300 22 60.2 78.3 
-25 .0201 1. 392 18 69.3 96.5 
-20 .0171 1. 180 14 69.0 81.5 
-15 .0173 1.008 10 58.2 58.6 
-5 .0168 .778 25 46.3 36.0 

-10 17.0 -30 .0458 1. 191 25 26.0 31.0 
-25 . 0392 1. 308 22 33.3 43.5 
-20 .0278 1.485 22 53.3 79.3 
-17.5 .0242 1.526 23 63. 1 96.4 
— 15 .0198 1. 452 21 73.3 106.8 
— 12.5 .0170 1.372 18 78.0 107. 1 
-10 . 0150 1.300 19 86.7 112.8 
-7.5 .0158 1. 222 17 77. 4 94.6 
—5 . 0262 1. 168 17 44.5 52.0 

-10 22.0 -20 .0364 1.408 22 38.6 54.4 
-15 .0265 1. 432 19 54. 1 77.5 
-10 .0181 1.430 19 79.0 113. 0 
-7.5 . 0161 1. 455 20 90.4 131.5 
-5 .0158 1. 432 20 90.7 130.0 

0 .0160 1.315 18 82.2 108. 0 
— 15 28.0 -7.5 .0178 1.398 17 78.5 109.8 

-5 .0158 1.332 17 84.3 112.2 
-2.5 .0161 1.320 17 82.4 108.9 

0 .0158 1. 360 18 86.0 117.0 
2.5 .0174 1.381 20 79.3 109. 8 
5 .0176 1.300 17 73.8 96.0 

-20 14.0 -15 .0252 1. 181 19 46.9 55.5 
-10 .0168 1.250 18 74.4 93.0 

—5 . 0158 1.088 12 68.8 74.8 
-20 19.0 -15 .0268 1. 281 19 47.8 61.3 

-10 .0166 1. 400 19 84.2 118.0 
-7.5 .0161 1.432 20 89.0 127.5 
-5 . 0163 1. 388 21 85. 0 118.0 

0 .0161 1. 135 16 70.5 80.0 
5 .0173 .941 13 54.4 51.2 

-20 24.0 -10 .0199 ■1. 398 19 70.3 98.3 
I -5 .0163 1.412 18 86.5 122.0 
1 -2.5 .0158 1.416 20 89.5 126.8 

1 o .0161 1.371 19 85.2 117.0 
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THE N. A. C. A. APPARATUS FOR STUDYING THE FORMATION AND COMBUSTION 
OF FUEL SPRAYS AND THE RESULTS FROM PRELIMINARY TESTS 

By A. M. Rothrock 

SUMMARY 

This report describes the apparatus as designed and 
constructed at the Langley Memorial Aeronautical Lab¬ 
oratory, for studying the formation and combustion of 
fuel sprays under conditions closely simulating those oc¬ 
curring in a high-speed compression-ignition engine. 
The apparatus consists of a single-cylinder modified test 
engine, a fuel-injection system so designed that a single 
charge of fuel can be injected into the combustion chamber 
of the engine, an electric driving motor, and a high-speed 
photographic apparatus. The cylinder head of the engine 
has a vertical-disk form of combustion chamber whose 
sides are glass windows. When the fuel is injected into 
the combustion chamber, motion pictures at the rate of 
2,000 per second are taken of the spray formation by 
means of spark discharges. When combustion takes 
place the light of the combustion is recorded on the same 
photographic film as the spray photographs. 

The report includes the results of some tests to determine 
the effect of air temperature, air flow, and nozzle design 
on the spray formation. The results show that the com¬ 
pression temperature has little effect on the penetration of 
the fuel spray but does affect the dispersion, that air 
velocities of about 800 feet per second are necessary to 
destroy the core of the spray, and that the effect of air 
flow on the spray is controlled to a certain extent by the 
design of the injection nozzle. The results on the com¬ 
bustion of the spray show that when ignition does not 
take place until after spray cut-off the ignition may start 
almost simultaneously throughout the combustion chamber 
or at different points throughout the chamber. When 
ignition takes place before spray cut-off the combustion 
starts around the edge of the spray and then spreads 
throughout the chamber. 

INTRODUCTION 

During the past five years the National Advisory 
Committee for Aeronautics has published considerable 
information on the formation of fuel sprays for high¬ 
speed compression-ignition engines. The majority of 
the investigations reported have dealt with the effects 

injection system, and of the density of the air into which 
the fuel has been sprayed. Only one report has been 
published by the committee (reference 1) on the effect of 

high air temperatures on the formation and penetra¬ 
tion of the fuel spray. The tests reported in this 
reference, although conducted by spraying the fuel 
into air at atmospheric pressure, indicated the neces¬ 
sity of extending the researches of the committee to 
include a study of the spray formation and penetration 
into air at the temperatures and densities in the com¬ 
bustion chambers of high-speed compression-ignition 
engines. 

In addition to studying the formation and penetra¬ 
tion of the fuel spray in the engine it is necessary to 
study the combustion of the fuel spray. Investiga¬ 
tions on the phenomena of combustion as applied to 
the compression-ignition engine have been conducted 
principally in England and Germany. Some of the 
earliest work was done by Moore. (Reference 2.) 
His tests were made to determine the auto-ignition 
temperatures of liquid fuels at atmospheric pressure. 
This work was extended by Wollers and Ehmcke (ref¬ 
erence 3) and by Alt (reference 4). The next step wras 
to investigate the effect of air density on the auto¬ 
ignition temperature of fuel sprayed into heated dense 
air. Such tests were conducted by Hawkes (reference 
5), Bird (reference 6), Tausz and Schulte (reference 
7), and Neumann (reference $). These same investi¬ 
gators also determined the effect of air temperature 
on the time lag of auto-ignition. Bird (reference 9) 
then extended the tests by photographing the combus¬ 
tion in a constant-volume chamber. Bird’s tests were 
the first in which ignition lags were recorded as low as 
0.004 second, a value of the same order of magnitude 
as that obtained in high-speed compression-ignition 
engines. Mader (reference 10), by means of a small 

| glass window placed in the combustion chamber of 
a compression-ignition engine, obtained stroboscopic 
pictures of the combustion of the fuel spray. Tizard 
and Bye (reference 11) and Fenning and Cotton (ref¬ 
erence 12) and Duchene (reference 13) conducted tests 
in which the auto-ignition lag of gases ignited by 
adiabatic compression wras measured. In addition, 
Duchene photographed the combustion in a small glass 
cylinder in which ignition was caused by adiabatic 
compression of the gases. 

As a result of an analysis of the preceding investiga¬ 
tions it was decided to extend the research on combus- 

549 
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tion by constructing an apparatus that would permit 
photographing the combustion of fuel sprays in a 
chamber in which the air was heated by adiabatic 
compression and in which the combustion continued 
during the expansion of the gases. This apparatus 
when used in conjunction with the photographic appa¬ 
ratus of the N. A. C. A. spray-photography equipment 
(reference 14) would permit photographs to be ob¬ 
tained of both the spray formation and combustion 
under conditions which closely simulate those in the 
combustion chamber of a compression-ignition engine. 

system, and driving motor is shown in Figure 1, and a 
sketch of the engine and the injection system in Figure 2. 

Test engine.—The combustion chamber of the 
engine has a diameter of 3 inches and a depth of seven- 
eighths inch. This shape was chosen because it per¬ 
mits the two sides of the chamber to be made of glass 
disks. There are two 1-inch thick windows on each 
side of the chamber separated by an air space which is 
connected to a tank of compressed air. Since the air 
temperatures of 2,000° to 3,000° F. absolute and pres¬ 
sures in excess of 800 pounds per square inch are 

Figure 1.—Engine unit, fuel injection system, and driving motor 

The purpose of this report is to describe the appa¬ 
ratus as designed and constructed by the National 
Advisory Committee for Aeronautics at Langley 
Field, Va., and to present some of the preliminary 
test results which are representative of the results 
that can be obtained with the apparatus. Unless 
otherwise stated, all tests were conducted with Diesel 
fuel. 

DESCRIPTION OF APPARATUS 

The apparatus consists essentially of a modified 
single-cylinder test engine, an electric motor for driving 
the test engine, a fuel-injection system driven from the 
crankshaft of the engine, and a high-speed photo¬ 
graphic system. A photograph of the engine, injection 

reached in the combustion chamber the conditions to 
which the inner windows are exposed are extremely 
severe. The maximum stress on the inner windows 
is reduced by maintaining an air pressure between the 
windows of approximately 450 pounds per square inch. 
The combustion chamber is connected to the displace¬ 
ment volume of the engine by a rectangular orifice of 
a size (0.695 square inch in area) to produce calculated 
air velocities of 300 feet per second in the chamber. 

There are two openings in the cylinder head for the 
injection valve so that the effect of air velocities can 
be studied with the spray directed normal to or counter 
to the air flow. The third opening is used for a maxi¬ 
mum pressure indicator. 
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The cylinder of the engine has a bore of 5 inches 
and a stroke of 7 inches. The volumetric compression 
ratio of the engine is 15.8. At the bottom of the stroke 
the piston uncovers ports in the cylinder wall. These 
ports are connected to a cam-operated poppet valve 
so adjusted that it is open when the piston is at bottom 
center. These ports and the valve permit air to enter 
the cylinder and compensate for air leakage around 
the piston rings. In addition, the inlet manifold may 
be connected to an air compressor so that the effect 
of increased air density on the fuel spray and on the 
combustion may be studied. 

Figure 2 the camshaft of the injection system makes 
a single revolution at a speed one-half the engine 
crankshaft speed. 

Injection system.—The injection system is of the 
type used on the N. A. C. A. spray-photography 
equipment. This system was chosen because its 
characteristics have been extensively investigated by 
Gelalles (reference 15), who determined the effect of 
the different variables in the injection system on the 
development of the fuel spray, and by the author 
(reference 16) who determined the effect of the different 
variables in the injection system on the instantaneous 

Cylinder 
pressure 
indicar 
for 

-To 
injection 

valve 

'Cut-off 
valve 

Clutch mechanism 

Spark 
discharge 
switch 

e, Serra ted coupling [_J 

Figure 2.—Test engine unit and fuel-injection system 

The cored passages in the cylinder head and the 
jacket around the cylinder are connected to an elec¬ 
trically heated tank containing glycerin. By means 
of this liquid, temperatures of 500° F. can be main¬ 
tained in the cylinder jacket and the cylinder head. 
A suitable pump is used to circulate the glycerin. 

One end of the crankshaft is connected to the elec¬ 
tric driving motor, and the other end to the timing 
gear through which the injection system is driven. 
The timing gear is calibrated so that the start of 
injection can be varied in increments of 1 crankshaft 
degree. The shaft connecting the timing gear to the 
injection system is separated by a clutch similar to 
those employed on press punches. When this clutch 
is engaged by means of the mechanism shown in 

149900—33-36 

pressures at the discharge orifice of the injection valve. 
The system consists of a high-pressure reservoir to 
which fuel is forced under pressures up to 10,000 pounds 
per square inch by means of a hand pump; a timing 
valve connected by suitable tubing to the injection 
valve; a b3r-pass valve for controlling the injection 
period; and a valve for controlling the initial pressure 
in the injection tube before the start of injection. The 
tube connecting the timing valve and the injection 
valve is 50 inches long so that the instantaneous pres¬ 
sures at the discharge orifice will not fluctuate because 
of the pressure-wave phenomena. (Reference 16.) 
A hand-operated needle valve in the top of the high- 
pressure reservoir allows air to be released from the 

reservoir. 
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25 Condensers 

. Figure 4. Reproducibility of fuel spray. Injection valve in horizontal position. Injection pressure, 4,000 lbs. 
per sq. in. Engine speed 1,500 r. p. m. 

TV hen the clutch mechanism is 
engaged by the operating lever the 
first cam opens the timing valve, 
which releases the fuel underpres¬ 
sure in the reservoir to the auto¬ 
matic injection valve. Injection 
continues until the second cam 
opens the by-pass valve, at 
which time the hydraulic pres¬ 
sure in the high-pressure reser¬ 
voir is released to atmospheric 
pressure and the injection is 
stopped. The period of injec¬ 
tion can be varied by means of 
the serrated coupling connecting 
the by-pass valve cam to the 
cam shaft. 

Photographic equipment.— 
Figure 3 shows a diagrammatic 
sketch of the high-speed pho¬ 
tographic system and the 
arrangement of the camera and 
the spark gap relative to the 
combustion chamber in which 
the injection valve is shown 
mounted in the horizontal posi¬ 
tion. In the operation of the 
electric circuit the rotary distri¬ 
butor is driven at a speed of ap¬ 
proximately 2,400 r. p. m. The 
primary circuit of the high-ten¬ 
sion transformer is closed charg¬ 
ing the electric condensers to 30,- 
000 volts through the kenotron 
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tube for rectifying the current. When the clutch for 
the fuel-injection system is engaged, the rotation of the 
cam shaft closes the spark-discharge switch grounding 
the condensers through the spark gap. The con¬ 
densers are therefore consecutively discharged as the 

Nozzle No. 18 

Orifice Diameter Length 
A 0.007 0.0/4 
B 0.0/8 0.036 
C O.OI 3 0.024 
D 0.0/0 0.020 

Nozzle No. 17 

C 0.005 0.0/0 

Figure 5.—Multiorifice nozzles 

contacts on the rotary distributor complete the con¬ 
denser circuits. With the four contacts as shown in 
Figure 3, the rate of discharge of the condensers is 
4,000 per second. For the present series of tests two 

of the contacts were removed, giving a rate of dis¬ 
charge of 2,000 per second. The light from each con¬ 
denser discharge is reflected from the parabolic mirror 
so that a converging beam enters the combustion 
chamber. The lens mounted in the camera then 
focuses the image of the chamber onto the film mounted 
on the rotating film drum. The drum has a diameter 
of 30 inches and turns at a peripheral speed of 2,000 
inches per second. By means of a serrated coupling 
connecting the spark discharge switch with the cam 
shaft, the time of start of the spark discharges can be 
synchronized with the start of the fuel injection into 
the combustion chamber. When the injection takes 
place the light from the spark discharges is intercepted 
by the fuel spray so that silhouettes of the spray are 
recorded on the photographic film. When combustion 
takes place the light of the combustion is focused onto 
the rotating film by the lens. Consequently, high¬ 
speed motion pictures are obtained of the spray but a 
continuous picture is obtained of the combustion. 
Standard commercial photographic film is used with 
satisfactory results. 

RESULTS FROM PRELIMINARY TESTS 

REPRODUCIBILITY OF FUEL SPRAYS 

The object of the first test conducted was to deter¬ 
mine the reproducibility of the fuel sprays. Figure 4 
shows three spray photographs taken with nozzle 
No. 18 (fig. 5) under the same conditions. There is 
little variation in the penetration of the sprays in the 
three photographs. There is, however, a difference in 
the dispersion of the sprays. In the top photograph 
the spray was well dispersed at 10° after top center. 

.007 .006 .005 JO 04 .003 .002 .001 0 
Time, Second 

Injection in engine at top center 

.008 .007 .006 .005 .004 .003 .002 
Time, second 

Injection in air at room temperature 

001 

to 
<a 
r. 
o 
c 

Figure 6.—Effect of temperature on fuel spray. Injection pressure, 4,000 lbs. per sq. in. Air density, 1.1 lbs. per cu. ft. Engine speed, 1,500 r. p. in. 
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In the second photograph the spray did not fill the 
volume of the chamber included between the windows 
until 20° after top center. In the third photograph 
the dispersion was about the same as in the second. 
The reproducibility of the sprays is considered satis¬ 
factory. 

EFFECT OF AIR TEMPERATURE ON THE FUEL SPRAY 

Photographs were taken of the fuel spray in the 
combustion chamber using nozzle No. 18 with the 
injection starting at top center so that the velocity 
of air flow in the chamber would be a minimum. With 
the same injection valve and nozzle, photographs were 
taken of the fuel sprays in the spray chamber of the 
spray-photography equipment at an air density of 1.1 
pounds per cubic foot and at room temperature. The 
results are shown in Figure 6. Both series of photo¬ 
graphs are silhouettes. The rate of penetration of the 
spray tips was slightly decreased in the hot air; and 
the fuel dispersed throughout the chamber to a greater 
extent than in the air at room temperature. In the 
cold air, after the cut-off of injection the spray diffused 
slowly throughout the chamber but at all times light 
was transmitted through the chamber. With injection 
into the hot air the spray completely blocked out the 
light after 0.004 second. Injection cut-off occurred at 
approximately 0.0038 second. Whether or not this 
diffusion throughout the chamber is accompanied by 
appreciable vaporization can not be told from the 

photographs. The photographs show that observa¬ 
tions of fuel sprays obtained in air at room temperature 
but at a density corresponding to that in the com¬ 
bustion chamber of a compression-ignition engine 
yield information on the spray characteristics which j 
is directly applicable to engine conditions. That 
Gelalles (reference 1) observed a decided decrease in 
penetration in hot air can be attributed to that fact 
that in his tests the fuel was considerably heated 
before injection. 

The results present a check on the tests made by 
Joachim and Beardsley which showed that it was the 
air density and not the air pressure that affects the 
spray penetration. (Reference 17.) In their tests it 
was shown that at room temperature increasing the j 

air pressure from 200 to 400 pounds per square inch ! 
decreased the distance of the spray-tip penetration j 

28 per cent at the end of 0.001 second. In the tests 
from which the photographs in Figure 3 were obtained 
the air pressure for injection into air at room tem¬ 
perature was 210 pounds per square inch, whereas the 
pressure in the engine with the piston at top center 
was 465 pounds per square inch. 

EFFECT OF AIR FLOW ON THE FUEL SPRAY 

The air velocity (fig. 7) through the orifice connect¬ 
ing the combustion chamber to the displacement 

volume was computed for an engine speed of 1,500 
r. p. m. by the method given in reference 7. The 

O 10 20 30 40 50 B.T.C 
Time, crankshaft degrees 

Figure 7.—Computed air velocity through orifice connecting combustion cham¬ 
ber with displacement volume at engine speed of 1,500 r. p. m. 

TABLE I (fig. 8) 

Injection 
start crank 

degrees 
Symbol 

Com¬ 
puted air 
velocity 
through 

jet 

Description 

50° 
Feet per 
second 

j B. T. C. a 270 Start of spray; note cylindrical shape 
as compared with figures in reference 
17. 

b 310 Core of spray deflected upward, fuel 
filling upper section of chamber. 

c 330 Fuel in first section of spray deflected 
downward by air whirls; remainder 
of spray deflected upward by main 
air jet. 

d 330 Remainder of core (after cut-off) blown 
diagonally across chamber. 

e 330 Slight secondary discharge. 
r Chamber clear for all successive photo¬ 

graphs. 
40° 

B. T. C. a 310 Core of spray and surrounding envelope 
blown upward filling upper part of 
chamber. 

b 340 Spray diffused so that core is not dis¬ 
tinct. 

c 330 Spray again distinct with fuel being 
blown awav from core. 

d Chamber clear for all remaining photo¬ 
graphs. 

30° 
B. T. C. a 340 See (c) for 50° B.T.C. 

b 300 See (b) for 40° B. T. C. 
c 220 Core of spray distinguishable but de¬ 

flected upward. 
d -90 Spray reflected from edge of chamber. 
e -90 See (d) for 50° B. T. C. 
f Chamber again fogging after having 

remained clear for 40°. 
20° 

B. T. C. a 280 End of spray blown upward to top of 
chamber. 

b 280 First section of spray unaffected by air 
flow. 

c Chamber almost completely fogged. 
Note.—No photographs show cham¬ 

ber clear after injection cut-off. 
10° 

B. T. C. a -90 Spray still deflected upward though 
air flow through orifice is reversed. 

b -270 Edge of spray blown downward by 
reversed air flow. 

c 
d I. Chamber becoming fogged from edge 

away from injection valve to edge in 
which injection valve is mounted. 

T. C. a -330 Edge of spray blown downward by 
reversed air flow. 

b -330 Do. 
c 
d 

-330 Spray reflected from edge of chamber. 

e 
f 
g 
h 

Chamber fogging as in (ed) 10° B. T. C. 
but process less rapid. 
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70 A.T.C. 60 50 < 40 30 20 10 0 B.T.C. 
Time, crankshaft degrees 

Time, crankshaft degrees 

0 

30 20 10 0 10 20 B.T.C. 
Time,crankshaft degrees 

A.T.C. 50 

A.T.C. 40 20 10 0 10 
Time, crankshaft-degrees 

30 B.T.C. 

A.T.C. 20 10 0 10 20 30 40 B.T.C 
Time, crankshaft degrees 

20 A.T.C. 10 0 10 20 30 40 50 B.T.C. 
Time, crankshaft degrees 

Figure 8.—Effect of air flow on the fuel spray. Injection valve in horizontal position. Injection pressure 4,000 lbs. per sq. in. Engine speed, 1,500 r. p. 
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curve is plotted from right to left to correspond with 
the spray photographs. From 38° to 14° B. T. C. 
the variation in velocity was only 40 feet per second. 
After being forced through the orifice the air jet 
strikes the top of the chamber and then is divided, 
forming whirls in each half of the chamber. 

Figure 8 (see also Table I) shows the effect of the 
air flow on the spray from a single 0.020-inch orifice 
with the injection valve mounted in the horizontal 
position so that the air flow is normal to the spray. 
With injection starting at 50° before top center the air 
velocity at the time when the spray had penetrated 
across the chamber was sufficient to blow the fuel 
away from the edge of the spray and to deflect slightly 
the main core of the spray. The fuel from the part of 
the spray in the center of the chamber was blown 
upward by the incoming air, and the fuel close to the 
injection valve was blown downward by the air whirls. 
At 21° before top center the deflection of the core of j 
the spray is shown. The succeeding exposures show 
no spray, indicating that the fuel is either well dis¬ 

persed or vaporized. 
With injection starting at 40° before top center the 

same tendencies are observed as in the previous photo¬ 
graph. With injection starting at 30° before top 
center the spray in the first spray exposure is shown 
being blown upward in the direction of the air flow. 
In the second exposure the spray has traversed beyond 
the middle of the chamber, but has been bent upward. 
Between 35° and 45° after top center the chamber 
becomes fogged. This extremely rapid fogging is 
observed in all the photographs with injection starting 
at or later than 30° before top center. The exact 
cause of it is not known. It is possible that it is 
caused by sudden condensation of fuel vapor when the 
partial pressure of the fuel vapors, on the down stroke 
of the piston, reaches the saturated vapor pressure of 

the fuel. 
The photograph for injection starting at 20° before 

top center shows the same general effects as those 
shown in the preceding photographs. However, with 
injection starting at 10° before top center the air flow 
had considerably less effect on the spray. It is inter¬ 
esting to observe that when the spray continued after 
top center the direction of the air flow was reversed; 
the spray was deflected downward although the main 
core of the spray was not destroyed. With injection 
starting at top center the spray after traversing the 
chamber was reflected from the chamber wall. 

A comparison of all the photographs shows that the 
air flow produced by the piston forcing the air through 
a narrow restriction between the displacement volume 
and the combustion chamber had a decided effect on 
the spray, the magnitude of the effect depending on 
the injection timing. The photographs and the com¬ 
putations show that air velocities of approximately 
300 feet per second were necessary to appreciably 

deflect the main core of the spray. (Compare with 
results published in reference 18.) 

TABLE II (Fig. 9) 

Injection 
start crank 

degrees 
Symbol 

Com¬ 
puted air 
velocity 
through 
orifice 

Description 

40° 
Feet per 
second 

B.T.C. a 290 Spray shows little effect of air flow. 
b 330 Decided effect of air flow particularly at 

top and bottom of spray. 
c 310 Large spray cone angle caused by air 

flow. Tip of spray just reaches bot¬ 
tom of chamber. 

d 280 After injection cut-off. Spray being 
blown to top of chamber. 

e Chamber clear for all successive photo¬ 
graphs. 

30° 
B.T.C. a 340 Spray similar to that at (a) 40° B.T.C. 

b 300 Air flow effectively distributing spray 
throughout chamber. 

c 0 Spray filling greater part of chamber but 
distribution uneven. 

d -220 Diffusion of spray continuing. Some 
light transmitted through all of cham¬ 
ber. 

e Chamber clear. 
f Chamber again almost completely 

fogged. 
20° 

B.T.C. a 260 Air flow affecting spray but not to same 
extent as (b) 30° B.T.C. 

b -120 Spray deflected more to one side of cham¬ 
ber than other probably because of 
uneveness of air flow. 

c -230 After cut-off. Spray diffusing through¬ 
out chamber. 

d Chamber clearing. 

10° 
B.T.C. 

e 
f i. 

Chamber becoming fogged from bottom 
to top. 

Note.— No photographs in which cham¬ 
ber is entirely clear. 

a 120 Slight effect of air movement on envelope 
of spray. No effect on main core of 
spray. 

b -120 Spray starting to diffuse unevenly 
throughout chamber. 

c -270 

l 
1. 
;. 

Spray formation similar to (b). 
d 
e 
f 
g 

Slight fogging throughout chamber. 

Chamber becomes almost completely 
h fogged. 

T.C. a -120 1 Spray shows little effect of air flow and 
b -300 }- no tendency to diffuse throughout 
c 
d 

-340 

1 
| chamber. 

(Spray diffusing throughout chamber. 
\ Chamber slightly fogged. e 

f 
g 

(- 
Chamber fogged throughout, fogging 

taking place very rapidly. 

Figure 9 (see also Table II) shows the effect of air 
flow on the fuel spray from a single 0.020-inch orifice 
with the injection valve mounted in the vertical posi¬ 
tion so that the air flow is counter to the spray. With 
injection starting at 40° before top center the spray 
penetrated across the section of the chamber included 
in the glass windows but was blown backward between 
10° before top center and top center, after which cut¬ 
off occurred. With injection starting 30° before top 
center the spray penetrated the depth of the chamber 
but the spray angle was considerably increased by 
the air velocity directed against the spray. With 
injection starting at 20° before top center the spray 
again penetrated the depth of the chamber and as 
before the spray angle was considerably increased. 
With injection starting at 10° before top center there 
was a decrease in the effect of air flow on the fuel 
spray. With injection starting at top center there 
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Time, crankshaft degrees 

Time, crankshaft degrees 

Time, crankshaft degrees 

Figure 9—Effect of air flow on the fuel spray. Injection valve in vertical position. Injection pressure, 4,000 lbs. per sq. in. Engine speed, 

1,500 r. p. m. 
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was no appreciable effect of the reversed air flow on the 
spray. The cone angle of the spray was approximately 
that observed when the fuel was injected into air at 
room temperature. (Reference 15.) 

The same general conclusions can be drawn from 
this figure as from Figure 8. The mixing of the fuel 
and air appears to be more uniform with the air flow 
directed counter to the spray than with the air flow 
directed normal to the spray. 

Figure 10 shows the effect of the direction of the air 
flow relative to the fuel sprays from nozzle No. 17, 
Figure 5. This nozzle is the same as nozzle No. 18 
except that the C orifices have a diameter of 0.005 
inch instead of 0.012 inch. In general, the results are 
the same as those obtained with the single 0.020-inch 
orifice. 

Figure 11 shows the effect of the air flow on the fuel 
sprays from nozzle No. 18. With injection starting 
at 50° before top center the air flow had no appreciable 
effect on the spray until after cut-off, which occurred 
between 30° and 20° before top center. At no time 
did the spray completely block out the light from the 
spark discharges. After cut-off, the moving air had 
considerable effect on the spray, dispersing the fuel 
unevenly throughout the chamber. With injection 
starting at 40° before top center the first spray ex¬ 
posure shows fuel being blown away from the tip of 
the spray. The air flow between 30° and 20° before 
top center blew the spray aside to a certain extent but 
the central sprays of the cores were little affected. 
After cut-off the light from the spark discharges was 
not completely blocked out but there was more 
blocking than was shown in the previous photographs. 
The distribution after cut-off was still very uneven. 
With injection starting at 30° before top center the 
fuel did not penetrate across the chamber. The 
individual sprays can not be distinguished after 15° 
before top center. Between 20° and 30° after top 
center the light from the spark discharges was com¬ 
pletely blocked out. With injection starting at 20° 
before top center the effect of the air flow was about 
the same as with injection starting at 30° before top 
center. Complete diffusion of the spray throughout 
the chamber occured between 20° and 30° after top 
center and apparently very soon after cut-off. 

With injection starting at 10° before top center the 
effect of the air flow was quite marked, but the pene¬ 
tration of the spray was greater than that obtained 
with injection starting at 20° before top center. 
Diffusion throughout the chamber occurred at cut¬ 
off. With injection starting at top center the air flow 
had little effect on the sprays. This photograph is 
the same as shown in Figure 4. 

The photographs in Figure 11 show that enlarging 
the C orifices from 0.005 inch diameter to 0.012 inch 
diameter had a decided effect on the spray when the 
air flow was directed normal to the spray. The re¬ 

sults indicate that the sprays from the larger orifices 
tended to stop the air flow so that there was no deflec¬ 
tion of the central core of the sprays. With low air 
velocities the distribution improved very rapidly 
following the cut-off of injection. The photographs 
show how the dispersion of the fuel during injection is 
improved by the use of high air velocities. 

Figure 12 shows the effect of air flow on the sprays 
from nozzle No. 18 mounted in the vertical position. 
The fuel used in this test was a hydrogenated fuel 
known as safety fuel, the properties of which will be 
discussed later. With the injection starting at 40° 
before top center the spray spread out, tending to fill 
the whole chamber. However, the moving air directed 

| against the spray prevented the fuel from reaching the 
bottom of the combustion chamber. Between 20° 
before top center and top center the fuel was blown 
backward, decreasing the penetration. The sprays at 
an angle to the center line of the combustion chamber 
were blown somewhat to one side. The exposure at 
top center shows the fuel principally in the center of 
the chamber. The next two exposures show the sprays 
reaching the bottom of the chamber and starting to 
diffuse throughout the chamber. The rest of the photo¬ 
graph shows the continuation of this diffusion. 

With injection starting at 30° before top center a 
maximum penetration was reached between 20° and 
10° before top center. The penetration then decreased 
until after top center, at which time the fuel started 
to diffuse throughout the whole chamber. Between 
20° and 30° after top center the combustion chamber 

! cleared considerably and then fogged again. With 
; injection starting at 20° before top center the penetra¬ 

tion across the chamber was slow until after to]) center, 
at which time the air velocity through the throat was 
reversed. The sprays then penetrated to the bottom 
of the chamber, but the air-fuel mixture throughout 
the chamber was not uniform. With injection start¬ 
ing at top center the penetration was slow until about 
10° after top center, at which time the sprays reached 
the bottom of the chamber. The succeeding exposures 
show the sprays gradually diffusing throughout the 
chamber. 

EFFECT OF PHYSICAL PROPERTIES OF THE FUEL OF THE FUEL 
SPRAY 

Figure 13 shows a spray photograph obtained with 
Diesel fuel and nozzle No. 18, and a series of photo¬ 
graphs obtained with safety fuel under the same con¬ 
ditions. Figure 14 shows the distillation curves of the 
two fuels and some of their physical properties are 
given in the following table: 

Diesel fuel Safety fuel 

Specific gravity at 100° F_ 
Viscosity at 100° F., poise_ 
Surface tension, lb. per in_ 

0.83 
.022 

1.6X10-< at 73° F. 

0.88 
.021 

1.7X10-1 at 85° F. 
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A.T.C. B .T. C. 
Timey crankshaft- degrees 

A.T.C. 20 10 0 10 B.T.C. 
Time, crankshaft degrees 

Injection valve in vertical position 

A.T.C, 20 10 0 10 B.T.C. c 
Time, crankshaft degrees .9 

20 A.T.C. 10 0 10 20 B.T.C. 
Time, crankshaft degrees 

Injection valve in horizontal position 

Figure 10.—Effect of position of injection valve on the fuel spray. Injection pressure, 4,000 lbs. per sq. in. 
Engine speed, 1,500 r. p. m. 
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A.T.C. 50 40 30 20 10 0 10 B.T.C. 20 
Time, crankshaft degrees 

A.T.C. 40 30 20 10 0 10 20 B.T.C. 
Time, crankshaft degrees 

40 A.T.C. 30 20 10 0 10 20 30 B.T.C. 
Time, crank shaft degrees 

A.T.C. 20 10 0 .10 20 30 
Time, crankshaft degrees 

40 B.T.C. 

20 A.T.C, 10 10 20 30 40 
Time, crank shaft degrees 

50 B.T.Q 

Figure 11.—Effect of air flow on the fuel spray. Injection valve in horizontal position. Injection pressure, 4,000 lbs. per sq. in. Engine speed, 1,500 r. p. m. 



A.T.C,60 50 40 30 20 10 0 10 B.T.C. 
TYme, crankshaft degrees 

A.TX. 30 20 10 0 10 B.T.C. 20 
Time, crankshaft degrees 

A.T.C.40 30 20 10 0 10 20 30 B.T.C. 

Time, crankshaft degrees 

Figure 12.—Effect of air flow on the fuel spray. Injection valve in vertical position. Injection pressure, 4,000 lbs. per sq. in. Engine speed, 1,500 r. p. m. Safety fuel. 
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50 A.TC. 40 30 20 10 0 10 20 30 B.T.C. 
Time, crank shaft degrees 

Diesel oil 

50 A.TC. 40 30 20 10 0 10 20 30 B.T.C. 
Time, crankshaft- degrees 
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Figure 13.—Effect of physical properties of fuel on spray formation. Injection valve in vertical position. Injection pressure, 4,000 lbs. per sq. in Engine speed, 1,500 r. p. m. 
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Figure 14.—Distillation curves of Diesel fuel and of safety fuel at 
atmospheric pressure 

The Diesel fuel penetrated faster than the safety 
fuel and was less affected by the air flow even though 
the Diesel fuel had the lower specific gravity. 
(See reference 17.) Because of its greater pene¬ 
tration the Diesel fuel spray formed the better 
mixture with the air. The general characteristics 
of the sprays are the same as those discussed in 
the preceding paragraphs. The fact that no light 
was transmitted through the windows after 27° 
after top center with the Diesel fuel and that light 
was transmitted through the windows until 50° 
after top center with the safety fuel, which had 
the lower boiling temperature range, is a further 
indication that condensation of the Diesel fuel 
vapors took place. However, further research 
is necessary before a definite conclusion can be 
drawn. The figures indicate that volatility is 
an important factor in the distribution of the 

fuel spray. 

COMBUSTION OF THE FUEL SPRAY 

When a single charge of air is repeatedly 
compressed and expanded, heat is given up to 
the cylinder during the first compression so 
that the compression temperature is less than 
that which would have been obtained had the 
compression been strictly adiabatic. During the 
first expansion more heat is given up to the cylinder 
wall so that the temperature at the end of the first 
expansion is less than the temperature at the begin¬ 
ning of the first compression. This action is repeated on 
the successive compressions and expansions until an equi¬ 
librium of heat transfer is reached in which the heat 
given up to the cylinder walls during the latter part 
of compression and the first part of expansion is equal 

to the heat absorbed from the cylinder walls during the 
first part of compression and the latter part of expan¬ 
sion. At this condition of equilibrium, the tempera¬ 
ture of the charge at the beginning, and consequently 
at the end, of compression is considerably lower than 
that existing when the air charge is continually renewed. 

In the present apparatus this phenomenon took 
place to some extent. However, since some air was 
taken in through the ports at the start of each stroke 
to compensate for the air lost through leakage around 
the piston rings, there was additional heat input to the 
engine at the start of each stroke. Exactly how low 
the final expansion temperature became during the 
approximately 1,500 revolutions between the starting 
of the engine and the photographing of the injection is 
not known. 

During the tests the results of which have just been 
presented, the temperature of the air in the combustion 
chamber was not sufficient to cause combustion. 
When the cylinder head and jacket were heated to 
190° or 200° F. combustion occurred several engine 
revolutions after the injection, provided that the 
air/fuel ratio was approximately 5. With smaller fuel 

IO 
Time, cronkshaft degrees 

30 20 10 O 
Time, crankshaft degrees 

30 20 10 0 
Time, crankshaft degrees 

Figure 15.—Combustion with ignition lag of several engine revolutions. Injection valve 
in vertical position. Injection pressure, 4,000 lbs. per sq. in. Engine speed, 1,500 r. p. m. 

quantities combustion occurred only after five or six 
injections. Combustion would not take place even 
with an excess of fuel unless the injection valve was 
mounted in the vertical position, showing that even 
with an ignition lag of several revolutions of the engine 
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the combustion was affected by the direction of the 
air flow relative to the fuel sprays. 

Three photographs of combustion under these condi¬ 
tions with nozzle No. 18 are shown in Figure 15. The 
top photograph shows rather weak combustion starting 
almost simultaneously throughout the combustion 
chamber. The end of combustion occurred in the 
center of the chamber before the burning died out along 
the edges of the chamber. The middle photograph 
shows strong combustion starting almost simultane¬ 
ously throughout the chamber and dying out in the 
center and then along the edges. The bottom photo¬ 
graph is particularly interesting because it shows com¬ 
bustion starting in different parts of the chamber, 
finally filling the whole chamber, and then dying out 
on one edge before the cessation of combustion at the 
center and outer edge. The exact number of engine 

revolutions between injection and combustion was not 
measured in obtaining the results shown in Figure 15. 
Visual observation indicated that the lag was about 
one second (25 engine revolutions). 

Following the completion of the tests the results of 
which are presented in Figure 15, the cylinder head and 
jacket were insulated and heated slowly to about 400° 
F. Photographs were taken during the heating. The 
film drum was run at a peripheral speed of 30 inches 
per second so that the ignition lag in engine revolutions 
could be recorded. At this drum speed the spark 
discharges and the combustion were each recorded as 
a single circle of light, that is, the image of the combus¬ 
tion chamber. As the ignition lag was decreased by 
the increasing engine temperature the circle caused by 
the combustion approached that caused by the spark 
discharges. When combustion took place with an 
ignition lag of less than one engine revolution, the ! 

two images were superposed. Photographs were then 
taken with the film drum running at 2,000 inches per 
second. When the ignition lag was such that combus¬ 
tion did not start until about 10° after the end of the 
fuel injection, the combustion photographs were similar 
to those shown in Figure 15. At the highest engine 
temperature, the combustion started during the injec¬ 
tion of the fuel. 

Two photographs of the process are shown in Figure 
16. With the exception of the engine temperature the 
conditions were the same as those under which the 
photographs in Figure 9 were obtained. The air/fuel 
ratio was about 15. In the upper photograph the 
combustion is seen to start around the edges of the 
spray (a) and to persist for about 60 crankshaft de¬ 
grees. Because of fogging of the window the sprays 
could not be distinguished clearly enough to accurately 

time the record with re¬ 
spect to the crankshaft 
position. Consequently, 
the zero position does not 
necessarily correspond to 
top center of the engine 

although it is probably 
within 10° of it. In the 

lower photograph with 
injection starting at 30° 
before top center the 
images of the fuel spray 
can be seen and the com¬ 
bustion is again shown 
to start around the edge 
of the spray (a) and 
then spread throughout 
the chamber. The com¬ 
bustion period is much 
shorter than that with 

the injection starting at 10° before top center. The 
exact cause of this is unknown. The phenomenon was 
repeated in a second series of tests. Comparison of 
Figure 16 with Figure 15 shows that when the ignition 
lag of the spray is greater than the injection period, 
combustion starts almost simultaneously throughout 
the whole chamber, but when the ignition lag is less 
than the injection period the combustion starts along 
the edges of the fuel spray and then spreads through¬ 
out the chamber. (See also reference 19.) 

CONCLUSIONS 

Although the tests, the results of which are presented 
in this report, were conducted primarily to determine 
the range of usefulness of the apparatus, there are a few 
conclusions that can be drawn from the photographs: 

1. The reproducibility of the fuel sprays under the 
same test conditions was satisfactory. 

Figure 16.—Combustion starting at fuel spray. Injection valve in vertical position. Injection pressure, 4,000 lbs. per sq 

in. Engine speed, 1,500 r. p. m. 
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2. High air temperatures slightly decrease the pen¬ 
etration and increase the dispersion of the fuel sprays. 

3. Air velocities of approximately 300 feet per 
second in the combustion chamber have a decided 
effect on the penetration and dispersion of the fuel 

sprays from single round-hole orifices. 
4. The effect of the air velocity on the fuel spray is 

dependent on the number, arrangement, and size of 

the discharge orifices. 
5. The physical properties of the fuel have an 

important effect on the dispersion and penetration of 

the fuel sprays. 
6. The rate of combustion of the fuel spray can be 

decreased by forcing ignition to take place before 

injection is completed. 
7. Ignition can be forced to take place before injec¬ 

tion is completed by increasing the temperature of the 
cylinder and the combustion-chamber jackets. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., August 26, 1931. 
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REPORT No. 430 

MEASUREMENTS OF FLOW IN THE BOUNDARY LAYER OF AT1/40-SCALE MODEL 
OF THE U. S. AIRSHIP “AKRON” 

By Hugh B. Freeman 

SUMMARY 

This report presents the results of measurements of 
how in the boundary layer of a l/40-scale model of the 

U. S. airship “Akron” (“ ZRS~4”) made with the 
object of determining the boundary-layer thickness, the 
point of transition from laminar to turbulent flow, and 
the velocity distribution in the boundary layer. 

The boundary-layer thickness was found to vary along 
the 19.62-foot hull from 0.08 inch at the most forward 
station, about 15 inches from the nose, to approximately 
10 inches at the tail. A marked increase in the rate of 
thickening of the boundary layer was found at the transi¬ 
tion from laminar to turbulent flow which occurred at 

/Va\ 
a Reynolds Number \ ~) of about 814,000, where (a) 

is the axial distance from the nose. The velocity dis¬ 
tribution over the greater part of the turbulent portion of 
the boundary layer was found to be fairly well approxi¬ 
mated by the seventh-power law. The frictional drag, 
computed from the loss of momentum in the boundary 
layer and also from Clark Millikan’s equations, was in 
good agreement with the measured drag. 

INTRODUCTION 

Measurements in the boundary layers of streamline 
bodies have shown that the flow, similar to that over 
flat plates placed edgewise to the air stream, is laminar 
for a certain distance from the nose, then becomes 
turbulent, and that the velocity distribution in the 
laminar and turbulent portions is similar to that 
deduced by Blasius and Von Karman, respectively. 
(References 1 and 2.) 

The point of transition from laminar to turbulent 
flow is of great interest in the study of the drag of 
streamline bodies since its variation with Reynolds 
Number and with the initial degree of turbulence in 
the air stream approaching the body has been shown 
by Jones (reference 3) and by Drjnien and Kuethe 
(reference 4) to be largely responsible for the wide 
difference found in measurements of the drag of 
different airship models and of the same model in 
different wind tunnels. The velocity distribution and 

149900—33-37 

the extent of the boundary layer are of interest in 
verifying equations, such as those of Clark Millikan 
(reference 5), derived to account for the skin friction 
of streamline bodies in axial flow. 

The subject tests, which were undertaken in con¬ 
junction with the measurements of (1) the forces and 
moments on the hull, (2) the elevator forces and hinge 
moments, and (3) the pressure distribution over the 
hull and fins of a 1/40-scale model of the Akron (refer¬ 
ence 6), were made with the object of determining the 
velocity distribution in the boundary layer, the extent 
of the boundary layer, and the point of transition from 
laminar to turbulent flow. The frictional drag, as 
computed from considerations of the changes of 
momentum in the boundary layer and from Millikan’s 
equations, is also presented and compared to the 
measured drag. 

Two advantages are offered by the large size of the 
model and by the N. A. C. A. 20-foot propeller- 
research tunnel in which the tests were conducted. 
The first is that the boundary-layer test apparatus 
may be rigidly attached to the interior of the model, 
allowing greater accuracy in the measurement of dis¬ 
tances than is possible by the method of mounting the 
apparatus separately and approaching the model 
through the wind stream from the outside. The 
second is that the tests may be made at a Reynolds 
Number considerably higher than any previously 
obtained in tests of a similar nature. 

APPARATUS AND TESTS 

The airship model, shown in Figure 1 mounted in the 
propeller-research wind tunnel, is of hollow wooden 
construction having 36 sides over the forepart of the 
hull that faired into 24 sides near the stern. The sur¬ 
face was given a fine sand finish, then varnished, paint¬ 
ed, and finallj* finished with fine sandpaper, giving a 
surface which was probably as smooth as that of a 
well-doped fabric surface. The length of the model is 
19.62 feet, the maximum diameter 3.32 feet, and the 

fineness ratio 5.9. 
The tube and accessory apparatus used in measur¬ 

ing the total head in the boundary layer are shown in 

567 
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Figure 2. The apparatus was bolted to the interior 
structure of the hull in a manner such that the total- 
head tube shaft, which passed through a small opening 
in the hull of the model, was normal to the surface. 
A motor-driven screw thread governed the distance of 
the total-head tube from the hull and operated, by 
means of an eccentric and contactor, an electric counter 
which gave this distance directly in thousandths of an 
inch. The end of the total-head tube, fashioned from 
a copper tube whose outside diameter was approxi- 

the surface of the hull at each station at which the 
measurements were made. 

A small hole, drilled into the brass plate, adjacent to 
the total-head tube, served as an orifice at which the 
static pressure was measured. Both the total-head 
tube and the static-pressure orifice were connected to 
micromanometers in the test chamber below. 

Measurements of the total head and of the static 
pressure were made at 10 stations along the hull 
spaced approximately 2 feet apart. The location of the 

_j 

Figure 1.—Airship model Akron mounted in wind tunnel 

mately 0.02 inch, was pressed into a rectangular shape 
with a depth of opening of 0.0034 inch. The wall thick¬ 
ness was ground down to 0.0032 inch so that when the 
tube was in contact with the surface of the hull the 
distance from the center of the opening to the hull was 
0.0049 inch. 

Contact between the total-head tube and the sur¬ 
face of the hull was indicated by the lighting of a neon 
bulb which was connected in series with the total- 
head tube and a brass plate set into, and flush with, 

stations is shown in Figure 3. A total-head survey, to 
determine the depth of the boundary layer only, was 
also made at an additional station near the tail of the 
model with a Js-inch copper tube supported from out¬ 
side the wind stream. 

The test procedure was to take the first reading with 
the tube touching the hull and then to move away from 

the hull in 0.001-inch steps, taking readings each time 
out to 0.015 inch from the hull. The length of the 
steps was then increased gradually until the tube 
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approached the limit of the boundary layer, where the 
distance between observation points was decreased 
again. Tests were made at three values of the dynamic 
pressure (q = 12.5, 19, and 25.6 pounds per square foot) 

Figure 2.—Apparatus used for measuring total head in the boundary layer—airship 
model Akron 

corresponding to velocities of approximately 70, 86, 
and 100 miles per hour, respectively. 

PRECISION 

The maximum departure of the observed wind- 
tunnel velocity from a mean value was about ± 0.6 
per cent. The accuracy in the outer portion of the 
boundary layer was about ± 1 per cent but decreased 
rapidly for values in the inner portion. 

A calibration of the total-head tube against a stand¬ 
ard Prandtl-type tube showed that its readings were 
about 2 per cent low over the range of speeds of these 
tests. The calibration, made with increasing speeds 
and again with decreasing speeds, showed no appre¬ 
ciable time lag. 

with the hull. A second error of ±0.002 inch is pos¬ 
sible because the brass plates set into the hull at each 
station may not have been exactly flush with the sur¬ 
face. A third small error is possible owing to the fact 
that the velocity computed from the pressure at the 
mouth of even a very small tube, placed in a velocity 
gradient, is not necessarily the same as that at the 
geometrical center of the tube. (Reference 7.) 

Although these inaccuracies eliminate the possibility 
of determining the intensity of friction from the slope 
of the velocity curve at the surface of the hull, they are 
negligible in the determination of this quantity from 
the changes of momentum in the boundary layer and 
in the determination of the boundary-layer thickness 
except at the most forward position, where the layer 

is very thin. 

RESULTS AND DISCUSSION 

The observed results of the measurements of the 
total head, the dynamic head, and the velocity in the 
boundary layer are presented in Table I. The total 
head and the dynamic pressure are given in terms of the 
dynamic pressure in the free air stream, the velocity 
as a fraction of the velocity just outside the boundary 
layer at the particular station in question. The values 
for the ratio of the velocity in the boundary layer to 
that just outside the boundary layer are plotted for all 
of the stations in Figure 4. 

The total head in the boundary layer increases with 
i the distance from the surface until it eventually ap¬ 

proaches a constant value. The distance from the 
hull (y) at which this occurred has been designated as 
the boundarv-laver thickness 8. An estimate of this 
value was made by fairing the results. The total-head 
values were first plotted against the distance from the 
hull and the limiting value to which the curve tended 
was determined. The value of y at which the total 
head became equal to this limiting value was then 
determined for each station and plotted against the 

The relative distances y of the total-head tube from 
the hull are considered in general as accurate as the 
screw which governed this distance. The absolute 
distance, however, ma3T be in error as much as +0.001 
inch because the electrical system was not sensitive 
enough to indicate exactly when the tube made contact 

distance along the axis. Since there appeared to be 
no consistent difference in the thickness for the three 
speeds a mean value was determined for each station. 
These values are plotted in Figure 4. The boundary- 
layer thickness varies along the 19.62-foot hull from 
0.08 inch at the most forward station to approximately 



570 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

10 inches at the extreme tail. The variation is approx¬ 
imately linear over about 60 per cent of the length, but 
increases very rapidly over the after portion of the hull 
as the cross section of the hull decreases. 

A sudden increase in the boundary-layer thickness 
was found to occur between stations 0 and 1. In 
experiments on flat plates such an increase in thick¬ 
ness was found to occur in the region of transition 
from laminar to turbulent flow. (References 8 and 9.) 
Previous experiments on airship forms, however, have 
not shown this phenomenon. (References 1 and 2.) 
Further evidence of a transition is shown by the plot 
of the curves of velocity distribution in Figure 5. 

The curve for the low speed falls closer to the laminar 
curve than the one for the high speed. The Reynolds 

Number ^^=814,000, where V is the free-stream 

velocity and a is the axial distance from the nose) 
for this position at the low speed is in agreement with 
the results of Ower and Hutton who found a transi¬ 
tion to occur between values of 570,000 and 940,000. 
(Reference 2.) 

The values of u/us are shown in Figure 6 plotted on 
logarithmic paper against values of y/8 for 5 stations. 
The points fall on a slightly sinuous curve which may 
be fairly well approximated by a straight line, that is, 

Figure 4.—Velocity distribution in the boundary layer and boundary-layer thickness along the hull—airship model Akron 

The curves for all of the stations, with the exception 
of the most forward position (station 0) approximate 
the form which is characteristic of turbulent flow. 
Curves for both the high and low speeds have been 
plotted for position 0. The results for the intermediate 
speed which are practically the same as those for the 
high speed are not shown. These curves resemble 
more closely that typical of laminar flow, the approxi¬ 
mate form of which is also shown. The form of these 
curves and the fact that the curves for the two speeds 
do not agree indicates that the flow at this position is 
not strictly laminar but has already started to change. 

by an equation of the form u/u5 = (y/S)1^ except 
for that portion of the curve for which the tube was 
very close to the hull. The values of n vary from 
6.4 at station 1 to 7.2 at station 5 and decrease again 
to 6.2 at station 9. For the stations 4 to 8, inclusive, 
the value of n is approximately 7. This region cor¬ 
responds to that of low curvature of the hull and of 
low static-pressure gradient in the tunnel. A small 
increase in the value of n was observed with an increase 
in velocity. 

The average values of the static pressure measured 
at the various stations are plotted in Figure 7 and 
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compared to the average pressures about the hull j 
determined by pressure-distribution tests (results 

not yet published). The two sets of values are in 
good agreement except in the critical region at station 
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Figure 5.—Velocity distribution for laminar and turbulent portions of boundary 
layer—airship model Akron 

0. The values plotted are the pressures measured 
with reference to the static pressure in the test chamber 
and have not been corrected for the tunnel walls or 

Figure 6.—Logarithmic plot of velocity distribution—airship model Akron 

the variation of the static pressure along the axis of 
the air stream. This variation is given in the follow¬ 

ing table. 

a/L 0 0.1 0.2 0.3 0.4 0.5 0.6 
I 
[0.7 0.8 0.9 1.0 

Pit o .032 I .025 .020 .017 .015 .013 .011 i .010 .010 .011 .013 

ESTIMATION OF SURFACE FRICTION FROM MOMEN¬ 
TUM IN THE BOUNDARY LAYER 

A consideration of the changes in momentum of the 
air in the boundary layer as it flows around the airship 
hull allows the surface friction to be evaluated. The 
equation for the frictional intensity is 

r-Y=^oj! Vs! a\ r (VsWi) riy 

where j—frictional intensity. 
H-—total head in the boundary layer. 

H$—total head just outside boundary layer. 
qs—dynamic pressure outside boundary layer. 
q—dynamic pressure inside boundary layer. 
r0—radius of hull. 
r = r0 + y cos a. 
a—inclination of hull to the axis. 
y—distance normal to hull. 
x—distance along surface measured from nose. 

The method of derivation of this equation is similar to 
that used by Von Kami an (reference 10, see also refer- 

Figure 7.—Average pressures about hull from pressure distribution tests com¬ 
pared to static pressure measured along one longitudinal in boundary-layer 

tests—airship model Akron 

ence 4) for the 2-dimensional case and has therefore 
been omitted. The form of the equation given above 
(suggested by Ira H. Abbott of this laboratory) is 
more convenient for the numerical computations than 
the alternate form for this equation derived by Clark 
Millikan (reference 5) in a different manner. It 
should be noted that, in the derivation of the equation 
given above, the assumption has been made that the 
pressure at any point in the boundary layer, for any 
given section, is the same as the pressure measured at 

the surface of the hull at that section. 
The results of the two integrations, determined 

graphically for each station, are plotted in Figure 8 
against the distance x and the resulting curves are 
designated A and B. These curves are differentiated 
graphically and the equation solved for the frictional 

intensity (J/q0) and for the frictional drag per foot 

run of surface ( 27rr°^cos a)- These values and the 



572 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

velocity coefficients (u&JV) for the different stations are 
also shown in Figure 8. The frictional intensity is a 
maximum at about 2 feet from the nose of the hull. 
A second smaller maximum occurs on the after portion 
of the hull about 14 feet from the nose. Because of the 
scattering of the test points on the after portion of the 
hull, however, the shape of the curve in this region is 
not at all certain. 

taneouslv. This is the reason for the discontinuity 
in curve D near the nose of the model. 

The frictional force on anv small element of surface 
area may be divided into two components normal and 
parallel, respectively, to the hull axis. The integrated 
components parallel to the axis constitute the fric¬ 

tional drag and enter directly into the forces measured 
on the wind-tunnel balances. The components of 

oc (ft.) = Distance from nose a/ong surface 

Figure 8.—Frictional drag determined from loss of momentum in the boundary layer—airship model Akron 

Because of the lack of experimental data over the the forces normal to the axis have equal and opposite 
nose of the hull, the portion of curve I) corresponding components on the opposite sides of the hull, at the 
to the laminar flow over the nose was computed from same section, and consequently the integrated resultant 
Clark Millikan’s equations which are discussed later of these forces is zero. However, since these frictional 
in this report and, as it is not known how the transition forces represent a loss of energy in the air stream, they 
actually takes place, it was assumed to occur instan- must give rise to a pressure drag. Pressure-distribu- 
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tion tests have shown that the measured drag on the 
present model is so small as to be negligible. 

The following table gives a comparison of the in¬ 
tegrated frictional drag and the measured drag for 
the three speeds tested. The values listed are the 
usual coefficients based on the volume to the two- 

thirds power. 

Dynamic pressure of 
free stream, q0_ 12. 5 19. 0 25. 6 

Integrated frictional 
drag, Cv_ .0219 .0214 . 0207 

Measured drag (from 
force tests), Cs_ • 0198 . 0193 . 0190 

COMPUTATION OF FRICTIONAL DRAG BY MILLIKAN’S 
EQUATIONS 

For the derivation and discussion of the equations 
used in the following computations the reader is 
referred to reference 5. In these equations for the 
boundary-layer thickness and the frictional drag of 
laminar and turbulent portions of the boundary layer 
the velocity distribution was assumed to be of the 

form 

u/u6 = a + b(j^ + c(^Q 

for the laminar flow, where a, b, and c were constants 
determined by the conditions at the boundaries, and 

the equation 

was assumed to hold for the turbulent portion. The 
first assumption, about which the data of the subject 
tests do not give any definite information, is of second¬ 
ary interest for Reynolds Numbers equal to or greater 
than those of the present tests because of the fact that 
only a small portion of the boundary layer is laminar. 
The second assumption, as far as the present tests are 
concerned, has been shown to be in fair agreement 
with the experimental results. 

The equations for the laminar flow are: 

boundary-layer thickness ==^='^T 

boundary-layer Reynolds Number R51 = V-~ - 

V30 

where M (W©<j) 
0 

H 

Ml) 

J J 
The frictional-drag coefficient for laminar flow is— 

Us _ ro 
/7 4.59 L2 r<Ic,L V L fa\ 

C'l'RZ (Vol)2'3.). 
(2) 

where a—distance from nose measured along the axis. 
L—length of model. 

81—thickness of laminar boundary layer. 
V—velocity of free air stream. 
ac—critical value of a at the transition point. 

Vol—volume of airship hull. 
/3 = cos a. 
a—inclination of hull to axis. 

Figure 9.—Contribution of laminar and turbulent portions of boundary layer to 
frictional drag (Millikan’s equations)—airship model Akron 

For turbulent flow: The boundary-layer thickness 
is- 

<5t_0.370 
L Rl/5 

Nl -r 
cl cl. 

L L 

and boundary-layer Reynolds Number R&t 
us8t 

where 

N 

= 0.370 Ri/B(jf) • N(j , 

(3) 

(f i )=(^y3,A Jz ( + 

3.46 R i a( ~cj 
\L 

8,t\5/Vuc\n5/2Vr 
L n 

/5 

(4) 

The frictional-drag coefficient for turbulent flow is— 

P — C'rt — 

0.3625 L2 

'VusV^ro 

r 
(5) 

Ei/5 (Vol)2'\ 

where 8t = turbulent boundary-layer thickness and sub¬ 
script. c indicates critical value at transition point. 

The total frictional-drag coefficient then equals— 

cv=cvi+a Vi 

In order to simplify the computations it has been 
assumed that the transition was instantaneous and 
that the flow behind the transition acted just as though 
the entire boundary had been turbulent from the nose 
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of the hull. The result of this assumption is that the 
second term in equation (4) disappears, leaving N as a 

function of one variable instead of two. The data 

used in these computations are given in the following 
table. 

ajL r„/L 0 UilV 

0 0 0. 655 0 
0.01 0. 0090 .655 0.480 
.02 .0210 .689 .710 
.03 .0297 .759 .855 
.04 .0367 .850 .947 
.05 .0423 .900 .995 
.06 .0470 .921 1.024 
.07 . 0508 .935 1.042 
.10 .0603 .965 1.076 
. 15 .0707 .987 1.093 
.20 .0781 .995 1.036 
.25 . 0812 .998 1.075 
.30 .0833 1.000 1.066 
.35 .0843 1.000 1.058 
.40 . 0345 1.000 1.053 
.45 .0845 1.000 1.053 
.50 .0841 1.000 1.054 
.55 . 0832 1.000 1.057 
.60 . 0812 .999 1.060 
.65 .0784 .998 1.061 
.70 .0743 .995 1.060 
.75 .0686 .992 1.053 
.80 .0613 .986 1.041 
.85 . 0522 .979 1.021 
.90 . 0408 .970 .986 
.95 .0277 .958 .931 

1.00 0 0 0 

L-19.62 feet. 
(Vol)2/3=23.65 sq. ft. 

The values of boundary-layer thickness computed 
from equations (1) and (3) are compared to the ex¬ 
perimental values in Figure 4. The computed value 
for position 0 is seen to be lower than the experimental 
value. This difference may, possibly, be accounted for 
by the fact, previously mentioned, that the flow at 
this position was not entirely laminar and the boundary 
had already begun to thicken. If the thickness is 
computed using the equation— 

5 = 5.5 

which is used to define the boundary for 2-dimensional 
laminar flow, a value is obtained (5 = 0.083 inch) which 
is in very good agreement with the experimental 
value. The values for the turbulent flow are in good 
agreement over the hull except near the tail where 
both the theoretical and the experimental results are 
less accurate. The boundary was also computed for 
the turbulent flow by use of the equation— 

5 = 0.37(x — xoy/5 (V-Y 
\us/ 

where x0 distance, along the surface, from the nose 
to the point of transition. This is an extension (Zijnen, 
reference 8) of Prandtks equation for flat plates. These 
values (fig. 4) are in close agreement with the experi¬ 
mental values up to 60 per cent of the length of the 
hull. Over the after portion of the hull, however, the 
computed values are much too low. 

The contributions of the laminar and turbulent flow 
to the frictional drag BViCvi and RViCvt were com¬ 
puted from equations (2) and (5), respectively, and 
are shown in Figure 9 plotted against the ratio ajL. 

' By assuming a value of at which the transition 
takes place, values of ajL, R'/2Cvh and R^5Cvt may be 

! taken from the curves and the frictional drag of the 
1 model computed for any range of the Reynolds 

Number, R. The transition curve for the Akron 
model was computed in this way, assuming a value of 
Rh =3,620 corresponding to the experimentally deter¬ 
mined value of ajL = 0.07 for the critical point at 
which the laminar flow breaks down. This curve and 
the curves for the limiting cases where the flow is 
entirely laminar and entirely turbulent are shown in 
Figure 10 compared to the measured drag of the model. 
For the limiting cases the equations Cvl= 10.95hP^and 
CN = 0.554 R~h, obtained by assuming critical values 

(Le dc 
ofy = land— = 0, respectively, were used. The 

t • A „ pVL , j „ pV(Vol)* 
abscissas here are not R =  but I?„ =- 

M 

since most of the experimental results are given in 
terms of the latter quantity. The computed transition 
curve is seen to be in very good agreement with the 
measured results. The fact that they are almost in 
exact agreement is probably fortuitous. 

The results of drag measurements in the variable- 
density tunnel on two models of the Akron are also 
shown in Figure 10. The wooden model, 1/200-scale, 
of polygonal cross section was similar to the model 
used for the subject tests. (See reference 11.) The 
second model, for which the results have not yet been 
published, was of circular cross section, metal, and 
1/250-scale. 

As previously mentioned in this discussion, the 
theoretical equations used in the above computations 
were based on the assumption that the velocity 
distribution, for the turbulent boundary layer, is 
approximated by the seventh-power law. Although 
this has been shown to be true for the present model 
tests, there are no experimental data available to shovr 
that it is true for the Reynolds Number of the full- 
scale airship. If it could be shown that the velocity 
distribution in the latter case was approximated by a 
simple power law, the above theoretical equations, or 
similar ones, would offer a reliable method of predicting 
the drag of full-scale airship hulls. It is therefore 
recommended that this research be extended to include 
boundary-layer tests, similar in nature to those of 
the present tests, on the full-scale airship. 

CONCLUSIONS 

1. The boundary-layer thickness was found to vary 
along the 19.62-foot hull from 0.08 inch at the most 
forward station to about 10 inches at the tail. 

2. A transition, evidenced by a marked increase in 
the rate of thickening of the boundary layer and by a 
change in the character of the velocity distribution v'as 
found to occur about 15 inches from the nose of the 
hull. 
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3. The velocity distribution was found to be ap¬ 
proximated fairly well by an equation of the form 
u/u& = (y/8y n where n is approximately 7 over the 
central portion of the hull but decreases to 6.4 and 6.2 
near the forward and after extremities, respectively. 

4. The frictional drag computed from the loss of 
momentum in the boundary layer and from Clark 

3. Jones, B. M.: Skin Friction and the Drag of Streamline 
Bodies. R. & M. No. 1199, British A. R. C., 192S. 

4. Dryden, H. L., and Ivuethe, A. M.: Effect of Turbulence in 
Wind-Tunnel Measurements. T. R. No. 342, N. A. C. A., 
1930. 

5. Millikan, Clark B.: The Boundary Layer and Skin Friction 
for a Figure of Revolution. A. S. M. E., Trans. Vol. 
54, No. 2, 1932. 

■Completely' turbulent; 

V. D. T. (metal model) 

V. D. T. (wooden mode!) ~ 

Completely Jaminar 

V(vot.)'/3 
Reynolds Number 

Figure 10.—Comparison of computed frictional drag (Millikan’s equations) and experimental results—airship model Akron 

Millikan’s equations was in good agreement with 
experimental results. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., April 27, 1932. 
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TABLE I 

BOUNDARY-LAYER DATA FOR MODEL OF U. S. S. “AKRON” 

STATION 0 

a/L= 0.066 

5=0.080 inch 

Average qa= 25.6 lb./sq. ft. <7 <, = 19.0 lb./sq. ft. 
1 

?o= 12.5 lb./sq. ft. 

V H g u y H g u y II q u 
inch go go Ui inch go go US inch go go Ui 

0.005 0.082 0.139 0.359 0.005 0.076 0.122 0. 335 0.005 0.066 0.113 0. 325 
.00(3 .088 . 140 .360 .006 .092 .145 .367 .000 .061 . 104 .311 
.007 . 102 . 158 .384 .007 .110 .168 .395 .007 .078 .131 .349 
.008 . 136 . 190 .421 .008 . 137 . 179 .407 .008 .086 .137 .358 
.009 .186 .233 .465 .009 . 174 .215 .446 .009 .135 . 163 .390 
.010 .221 .264 .495 .010 .236 .266 .497 .010 . 166 .195 .426 
.011 .258 .304 .532 .011 .248 .297 .525 .011 .203 .236 .471 
.012 .300 .347 . 568 | .012 .292 .344 .565 .012 .214 .250 .485 
.013 .318 .363 .581 .013 .314 .357 . 576 .013 .242 .279 .511 
.014 .362 .409 .617 j .014 .358 .408 .614 .014 .299 .330 .555 
.015 .397 . 445 .645 ! . 015 .394 .444 .641 .015 .301 .338 . 563 
.017 .480 .525 .681 .017 .459 .512 .689 .017 .365 .413 .622 
.021 . 602 .648 . 778 .020 .544 .593 .744 . 020 .468 .505 .686 
.025 .722 . 766 .848 .025 .694 .739 .828 .025 .600 .640 .775 
.035 .932 .971 .9.54 .030 .850 .889 .930 .030 .743 .774 .851 
.056 1.033 1.064 .999 .035 .921 .958 .944 .035 . 859 .888 .911 
.081 1.041 1.078 1.000 .060 1.025 1.060 .991 .047 .978 1.003 .970 
.105 1.041 1.077 1.000 .080 1.042 1.075 .999 .057 1.030 1.070 .999 
. 131 1.041 1.077 1.000 1 .105 1.041 1.075 .999 .067 1.030 1.061 .997 
.155 1.041 1.077 1.000 .131 1.040 1.076 .999 .080 1.032 1.057 . 995 
. 183 1.045 1.086 1.003 .155 1.044 1.077 1.002 . 105 1.038 1.067 . 999 
.207 1.041 1.077 1.002 .205 1.036 1.071 .997 .155 1.036 1.068 1.000 

.256 1.040 1.074 1.000 .213 1.036 1.073 1.001 

.305 1.038 1.074 .998 

STATION 1 

a!L = 0.121 

5=0.35 inch 

0.005 0.103 0.232 0.442 
1 
; 0.005 0.084 0. 217 0. 429 0.005 0. 072 0.207 0.417 

.006 . 106 .251 .438 .006 .121 . 255 .464 .006 .091 .226 .436 

.007 . 153 .284 .486 .007 . 136 .273 .480 .007 . 124 .260 . 473 

.008 . 198 .333 . 529 .008 . 192 .329 .528 .008 . 174 .307 .509 

.009 .243 .376 .562 .009 .225 .356 .547 .009 .216 .348 .541 

.010 .253 .385 .566 .010 .256 .391 .574 .010 .246 .378 .565 

.011 .277 .406 . 581 .011 . 276 .407 .588 .011 .265 .394 .575 

.012 . 297 .427 . 598 .012 .292 .419 .596 .012 .287 .409 .587 

.013 .302 .432 . 599 .013 .302 .434 .606 .013 .298 .423 .596 

. 015 .322 . 454 .615 .014 .313 .445 .612 .014 .310 .436 .605 

.017 .343 .473 .630 .015 .320 .452 .619 .015 .327 .463 .624 

.020 .369 .498 .645 .017 .332 .465 .627 .018 .345 .474 .634 

. 025 .392 .522 .660 .020 .370 .498 .650 .020 .365 .490 .643 

.035 .448 .582 .697 .025 .400 .529 .669 .025 .393 .525 .666 

. 055 .528 .659 .741 .035 .440 .571 .694 .035 .451 .577 .698 

.080 .622 .750 .789 . 055 .522 .652 .742 .056 .530 .660 .746 

. 105 .700 .835 .834 .087 .625 .758 .800 .080 .614 .746 .793 

. 155 .834 .966 .897 . 106 .690 .818 .831 .105 .705 .838 .840 

.205 .954 1.085 .948 . 130 .766 .895 .869 . 130 .761 .891 .865 

. 255 1.023 1.151 .979 .155 .831 .957 .900 .162 .850 .979 .911 

.280 1.040 1.172 .987 .181 .894 1.018 .928 . 180 .895 1.022 .929 

.305 1.051 1.182 .991 .205 .939 1.069 .952 .205 .951 1.080 . 955 

.330 1.060 1. 192 .996 .231 .987 1.108 .968 .230 .998 1.123 .974 

. 355 1.062 1.192 .998 .255 1.012 1.140 .983 .255 1.019 1. 146 . 981 

. 405 1.062 1.190 .996 .280 1.028 1.160 .989 .280 1.040 1.162 .992 

. 505 1.060 1.187 .995 .305 1. 043 1.172 .998 .305 1.059 1.186 1.000 

. 755 1.066 1.180 .994 .355 1.056 1.180 1.001 .355 1.060 1.183 1.000 
.406 1.054 1.177 .997 .406 1.064 1.181 1.000 
. 505 1.050 1. 164 .993 . 505 1.054 1.166 .993 
. 755 1.051 1.157 .991 .755 1.056 1.161 .990 

STATION 2 

a/L=0.224 

5 = 0.62 inch 

0.005 0.053 0.164 0. 375 0.005 0.040 0.153 0.360 ! 0.005 0.029 0.140 0. 345 
.006 . 061 .174 .386 .006 .046 . 159 .369 .006 .030 . 142 .350 
.007 .094 .206 .425 .007 .066 .179 .391 .007 .066 .179 .391 
.008 .137 .248 .461 .008 . 108 .219 .431 .008 .105 . 215 .428 
.009 .172 .284 .494 .009 . 149 .261 .470 . 009 . 140 .252 .464 
.010 .207 .317 .523 .010 .171 .283 .491 .010 . 175 .287 .495 
.011 .207 .318 .524 .011 .210 .328 .528 .012 . 196 .308 .513 
.012 .230 .340 .541 .012 .229 .347 .544 .013 .212 .324 .527 
.013 .244 .356 . 554 .013 .227 .339 .537 .014 .220 .331 .533 
.014 .246 .358 . 556 .014 .240 .352 .546 .015 .230 .341 .540 
.015 .258 .370 .564 .015 .251 .362 . 555 .017 .251 .362 .557 
.017 .272 .383 . 57 o .017 .262 .374 .564 .020 .271 .384 .575 
.020 .284 .395 .582 , .020 .281 .394 .578 .025 .301 .415 .595 
.025 .304 .417 .597 .025 .305 .414 .593 .035 .329 .442 .616 
.035 .346 .461 . 629 i .036 .349 .459 .624 .055 .396 .510 .661 
. 055 .415 .530 .675 .055 .399 .512 .659 .081 .455 .569 .698 
.080 .466 .581 . 706 .080 .462 .575 .698 . 109 .510 .624 .731 
. 105 .517 .635 . 736 ! . 105 .509 .625 .730 .131 .549 . 664 . 755 
.155 .598 .716 .784 | .130 .544 . 663 .749 . 155 .581 .698 . 775 i 
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TABLE I—Continued 

STATION 2—Continued 

Average q0- 25.6 lb./sq. ft. g<>=19.0 lb./sq. ft. 9o=12.5 lb./sq. ft. 

V H Q u V H 9 u V 11 Q u 
inch Qo Qo US inch 

Qo Qo US inch Qo Qo US 

0.205 0.680 0.800 0. 829 0.155 0.582 0. 700 0. 771 0.205 0. 660 0. 777 0.817 
.305 .826 .947 .904 .205 .677 .799 .824 .255 .739 .857 .856 
.356 .885 1.005 .928 .255 . 756 .877 .864 .305 .809 .928 .891 
.105 .943 1.061 .954 .305 .818 .939 .893 .355 .864 .981 .916 
.455 .992 1.112 .977 .355 .854 .982 .915 .405 .936 1.053 .950 
.505 1.023 1.143 .990 .405 .944 1.060 .950 .455 .981 1.097 .978 
.555 1.048 1.160 .999 .455 .993 1.111 .973 .505 1.017 1.133 .986 
.656 1.061 1.169 1.001 .505 1.031 1.136 .982 .555 1.044 1.159 .998 
.805 1.061 1.167 1.001 .555 1.046 1.161 .998 .605 1.046 1.159 .998 

1.005 1.061 1.162 .999 .617 1.059 1.173 .999 .661 1.053 1.163 .999 
.705 1.064 1.173 1.000 .706 1.057 1.166 1.001 
.805 1.060 1.167 .996 .805 1.058 1. 167 1.000 

1.005 1.059 1.163 .996 1.005 1.057 1.162 .998 

STATION 3 
a/L=0.317 

5=0.95 inch 

0.005 0.095 0.163 0. 379 0.005 0.093 0.160 0.375 0.005 0.065 0.136 0.346 
.006 . 101 . 169 .386 .006 .094 .162 .378 .006 .074 . 144 .349 
.007 . 134 .202 .422 .007 .120 .188 .405 .007 . 102 .172 .389 
.008 .162 .228 .449 .008 . 146 .214 .432 .008 .141 .209 .430 
. 009 .184 .248 .469 .009 .183 .248 .466 .009 . 149 .217 .439 
.010 .195 .262 .481 .010 .215 .281 .498 .010 .174 .239 .460 
.011 .212 .279 .498 .011 .213 .276 .497 .011 . 188 .254 .472 
.012 .223 .287 .505 .012 .221 .286 .503 .012 .203 .269 .488 
.013 .234 .300 .515 .013 .233 .298 .512 .013 .212 .281 .497 
.014 .235 .301 .516 .014 .240 .304 .520 .014 .214 .282 .501 
.015 .244 .311 .525 .015 .244 .309 .522 .015 .219 .289 .506 
.017 .261 .328 .539 .017 .257 .321 .534 .017 .242 .310 .523 
.020 .274 .341 .550 .020 .271 .335 .544 .020 .257 .325 .537 
.025 .290 .358 .561 .025 .285 .351 .556 .025 .278 .345 .552 
.035 .318 .386 .583 .036 .320 .389 .586 .036 .310 .380 .580 
.055 .367 .440 .624 .055 .367 .440 .624 .055 .357 .489 .616 
.080 .426 .500 .665 .080 .422 .498 .660 .080 .397 .471 .647 
.105 .479 . 555 .700 . 105 .453 .529 .680 .105 .437 .515 .675 
. 155 .531 .012 .735 . 155 .525 .605 .726 . 155 .505 .583 .705 
.205 .592 .672 .770 .205 .580 .661 .761 .205 .578 .655 .762 
.355 .743 .823 .852 .305 .674 .752 .815 .280 .650 .729 .803 
.505 .882 .960 .922 .405 .782 .860 .868 .355 .715 .794 .838 
. 555 .931 1.007 .944 .505 .858 .935 .907 .430 .799 .877 . S80 
.757 1.033 1.101 .986 .555 .905 .981 .924 .510 .861 .940 .908 
.807 1.041 1. 110 .991 .609 .955 1.027 .948 .555 .911 .986 .933 
.855 1.057 1. 127 .998 .655 .977 1.043 .958 .605 .935 1.006 .944 
.910 1.054 1.120 1.008 .705 .999 1.068 .968 .655 .982 1.051 .964 
. 955 1.062 1. 127 1.000 .755 1.031 1.102 .984 .708 .991 1.062 .970 

1.005 1.074 1.146 1.008 .808 1.041 1.111 .988 .759 1.020 1.092 .982 
.705 1.013 1.081 .978 .905 1.064 1.133 1.001 .808 1.046 1.117 .991 
.655 .980 1.052 .964 1.005 1.061 1.129 .997 .855 1.046 1.116 .991 
.605 .952 1.024 .955 1. 205 1.059 1.127 .998 .905 1.065 1. 132 .998 

1.506 1.061 1.123 .997 1.016 1.064 1.130 1.001 
1.205 1.067 1. 133 1.000 
1.505 1.065 1.131 .999 

STATION 4 

a!L=0.!fiO 

5=1.So inches 

0. 005 0. 110 0.175 0. 395 0. 005 0. 100 0.162 0.381 0.005 0.083 0.146 0. 366 
.006 . 124 . 194 .415 .006 . 118 . 181 .403 .006 .097 .159 .379 
.007 . 159 .216 .439 .007 . 140 .203 .427 .007 . 122 . 188 .412 
.008 . 175 .230 .455 .008 .165 .219 .441 .008 .137 . 196 .421 
.009 . 190 . 245 .466 .009 . 185 .241 .465 .009 .143 .206 .433 
.010 .211 .266 .488 .010 . 192 .248 .470 .010 . 170 .224 .451 
.011 .216 .274 .494 .011 .208 .262 .490 .011 .177 .229 .457 
.012 .230 .284 .504 .012 .220 .276 .498 .012 .199 .248 .474 
.013 .234 .291 .510 .013 .232 .286 .508 .013 .202 .256 .482 
.014 .236 .289 .508 .014 .228 .282 .504 .015 .216 .269 .479 
.015 .248 .304 .520 .015 .237 .291 .511 .019 .211 .265 .490 
.017 ..'59 .315 .530 .016 .245 .297 .516 .021 .236 .289 .511 
.020 .276 .331 .542 .017 .252 .308 .527 .025 .256 .311 .531 
.025 .297 . 352 .560 .018 .247 .306 .519 .030 .276 .328 .544 
.035 .326 .377 .579 .020 .268 .322 .539 .035 .288 .340 .556 
.050 .368 .420 .611 .022 .274 .330 .545 .045 .324 .375 .583 
.075 .411 .466 .645 .025 .286 .337 .550 .055 .357 .409 .610 
. 105 .451 .508 .674 .030 .303 .356 .564 .080 .387 .442 .633 
.205 .555 .609 .739 .040 .330 .382 .584 . 105 . 436 .488 .666 
.405 .730 .784 .838 .056 .374 .427 .617 .156 .470 .526 .691 
.605 .839 .889 .893 .080 .414 .468 . 650 .205 .531 .588 .730 
.805 . 975 1.017 .955 . 105 .440 .493 .666 .257 .575 .629 .745 
.905 1. 008 1.047 .966 .181 .526 .581 .723 .305 .654 .705 .800 

1.006 1.031 1.072 .983 .305 .630 .686 . 754 .405 .690 .742 .820 
1. 107 1.051 1. 093 .988 .455 .736 . 785 .839 .505 .700 .811 .855 
1.205 1.059 1. 097 .990 .605 .846 .895 .896 . 655 .871 .918 .908 
1.506 1.071 1.112 1.000 .855 .989 1.033 .963 .809 .955 1. 003 .952 
2.005 1. 064 1. 103 .994 .955 1.011 1.053 .971 1.005 1. 031 1.077 .990 
2.105 1.068 1. 108 .996 1.055 1.049 1.090 .990 1. 205 1.068 1.103 1.001 
2.205 1. 068 1. 106 .998 1. 305 1.071 1.109 .998 1.406 1.062 1. 103 1.000 

1.505 1.068 1. 102 .995 1.505 1.062 1.104 1.000 
1. 706 1.071 1. 106 .997 1.705 1. 058 1.095 .998 
.705 .906 .953 .924 1. 905 1. 062 1.104 1.012 
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TABLE I—Continued 

STATION 5 

alL=0.50S 

5 = 1.71 inches 

Average q„ = 25.6 ib./sq. ft. 5o=19.0 lb./sq. ft. g„=12.5 lb./sq. ft. 

y II Q u y II q u V II q 1 u 
inch Qo Qo us inch Qo Qo Ub inch Qo Qo ! us 

0.005 0.067 0.123 0. 334 0.005 0.054 0.107 0.310 0. 005 0.037 0.095 0. 294 
.000 .082 . 136 .351 .006 .077 . 132 .344 .006 .056 .113 .318 
. 007 . 129 . 183 .407 .007 . 105 . 160 .379 .007 .076 . 134 . 348 
.00,8 . 166 .220 .445 .008 . 136 . 191 .413 . 008 . 115 . 171 . 392 
.009 . 183 .237 .462 .009 . 160 .211 . 435 .009 .134 . 189 .413 
.010 . 193 .247 .472 .010 . 185 .238 .463 .010 .169 994 . 450 
.011 . 207 .260 .486 .011 .200 .254 . 477 .011 . 177 .232 . 457 
. 012 .218 .270 .495 .012 .208 .263 .486 .012 .192 . 251 .476 
.013 .224 .278 .500 . 113 .215 .270 .493 .013 .204 -.261 .485 
.014 .232 .284 .509 .014 .224 .281 .502 .014 .210 .269 . 492 
.015 .245 .299 .520 .015 .234 .289 .510 .015 .220 . 270 . 495 
.017 .252 .306 .525 .017 .245 .302 .521 .016 .228 .288 . 508 

| . 020 .272 .325 .543 .020 .257 .314 .531 .017 .236 . 295 
.025 .284 .339 .553 .025 .282 .340 .552 .020 .241 . 301 .522 
.035 .318 .375 .582 .035 .313 .372 .579 . 025 . 266 .326 . 542 
.045 .346 .405 .605 . 055 .356 .417 .611 .037 .294 . 354 . 565 
.055 . 362 .423 .618 .080 .397 .460 .644 .055 .341 .405 . 602 
. 105 .442 .507 .077 . 105 .431 .495 .666 .080 . 390 .455 . 640 
.155 .500 .565 .715 . 155 . 483 . 552 . 704 . 107 .415 .481 . 659 
. 205 .537 .602 .738 .205 .527 .595 .732 . 155 .473 .542 . 700 
.405 .662 .726 .810 .306 .593 .660 .770 .205 .519 . 586 .727 
.606 .780 .836 .870 .505 .698 .763 .828 .305 . 586 .652 . 768 
. 809 .873 .924 .914 .705 .808 .868 .881 .505 .694 . 827 

1.005 .943 .992 .917 .905 .910 .966 .933 .705 .800 .862 .882 
1. 206 1. 003 1. 059 .974 1. 105 .971 1.024 .955 .905 . S86 .944 . 923 
1. 405 1. 205 1. 021 1.077 .968 1. 105 .968 1. 020 .958 
1. 405 1.047 1. 089 . 992 1.306 1. 031 1.084 .977 1.205 .966 1.050 .972 
1. 505 1.049 1. 092 .993 1. 406 1.042 1. 097 .988 1.305 1.024 1.077 .986 
1. 605 1.060 1. 105 1.001 1.505 1.046 1. 097 .991 1. 405 1.040 1.094 . 992 
1. 705 1.063 1.107 1.001 1. 755 1.058 1.109 .998 1.505 1. 049 1. 100 .995 
1. 907 1.061 1.105 1.001 2. 005 1. 058 1. Ill .996 1. 755 1. 055 1.109 1.000 
2. 205 1.061 1. 102 . 999 2. 505 1. 059 1. 112 .996 2.005 1. 059 1. 113 1. 000 
2.505 1.061 1. 104 1.001 2. 505 1. 059 1. 115 1.001 
3. 005 1. 058 

I 
1. 101 1.000 ! 

STATION 6 

alL=0.590 

5=1.93 inches 

1 0.005 0. 063 0.136 0. 347 0.005 0. 051 0.121 0.331 0.005 0.033 0.105 0. 309 
.006 .066 . 140 .353 .006 .061 . 132 .344 .006 .040 . 113 .320 
.007 .082 , 155 .371 .007 .089 .161 .380 .007 .063 . 136 .351 
.008 .121 . 195 .416 .008 . 126 . 196 .419 .008 .093 . 166 .388 
.009 . 148 .221 .443 .009 . 141 .211 .435 .009 . 123 . 196 .421 
.010 . 157 .229 .451 .010 . 160 .231 .455 .010 . 141 .214 .438 
.011 .177 .249 .470 .012 . 183 .254 .476 .011 . 160 . 233 .455 
.012 . 189 .262 .483 .013 .199 .268 .490 .012 . 171 . 243 . 467 
.013 .200 .272 .493 .014 .201 .270 .490 .013 . 186 .257 . 480 
.014 .209 .281 .500 .015 .216 .288 .506 .014 .193 .265 .489 
. 015 .220 .292 .509 .016 .217 .290 . 509 .015 .200 .273 . 496 
.017 .231 .304 .520 .018 .226 .299 .516 .017 .207 .280 . 502 
.020 .244 .317 .530 .021 .238 .310 .526 .021 .230 .303 . 523 
.025 .259 .335 .545 .025 .254 .326 .540 .026 .248 .323 . 540 
.037 .290 . 366 .571 .038 .294 .367 .574 .035 .274 .348 . 560 
. 055 .345 .405 .612 .055 .330 .403 .601 .055 .315 .389 . 592 
. 085 .400 .478 .652 .083 .378 .454 .638 .080 .364 . 439 . 629 
.105 .424 .503 .667 . 106 .419 .496 .667 .107 .391 .469 . 650 
. 155 . 475 .554 .702 . 155 .458 .536 .693 .157 . 472 . 550 . 704 
.205 . 519 .600 .731 .205 .506 .586 .725 .209 .506 . 584 . 725 
. 305 . 584 .665 .769 .305 .579 .658 .766 .305 .543 .623 . 748 
. 505 .656 .733 .808 .505 .684 .759 .825 .508 .668 . 745 . 818 
.706 .778 .850 .871 .706 .772 .844 .868 . 705 . 753 .825 . 861 
.907 .856 .924 .907 .908 .836 .906 .900 .906 .833 . 904 .901 

1 1.215 .952 1.013 .951 1.105 .921 .986 .938 1.105 .915 .983 . 941 
1.405 1.009 1. 068 .977 1.305 .976 1.040 .962 1.358 .985 1. 050 . 972 
1. 505 1.020 1.086 .984 1.507 1.026 1.091 .987 1.455 1.003 1.068 . 981 1. 605 1. 028 1.019 .987 1. 605 1.027 1.091 .988 1. 557 1.039 1.101 .995 
1. 706 1.057 1.120 1.000 1. 708 1. 033 1.094 .988 1.655 1.044 1.110 .999 
1. 855 1.060 1. 125 1.000 1. 855 1.051 1. 116 .997 1.805 1.050 1.116 1.000 
2.005 1.060 1.124 .996 2. 005 1.055 1. 118 .999 2. 005 1.051 1.117 1. 000 
2.506 1.068 1.132 1.000 2. 505 1.058 1.119 1.000 2.505 1.064 1.128 1.007 

STATION 7 

alL= 0.679 

5=2.33 inches 

0. 005 0.038 0.110 0.313 
.006 . 049 .123 .331 
.007 .078 .153 .368 
.008 .117 .191 .413 
.009 .124 .198 .421 
.010 . 146 .220 .443 
.011 . 157 .232 .452 
.012 . 171 .246 .467 
.013 .182 .257 .478 
.014 . 190 .265 .486 
.015 .198 .272 .493 
.017 .210 .284 .503 

0. 005 0.031 0. 107 0. 309 
.006 .042 . 117 .320 
.007 .073 . 147 .362 
.008 .102 .176 .396 
.009 . 128 .202 .424 
.011 .150 .224 .446 
.012 .161 .235 .456 
.013 . 174 .248 .467 
.014 . 187 .261 .478 
.015 . 189 .262 .482 
.018 .202 .276 .494 
.020 .210 .283 .501 

0. 005 0.014 0.086 0. 276 
.006 .030 . 104 .304 
.007 .052 . 126 .336 
.OOS .083 . 157 .375 
.009 . 109 .184 .405 
.010 .119 . 192 .417 
.011 .137 .211 .436 
.012 . 152 .225 .452 
.013 . 159 .232 .460 
.014 . 168 .242 .467 
.015 .178 .251 .476 
.017 .190 .263 .487 
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TABLE I—Continued 

STATION 7—Continued 

Average qa~ 25.6 lb./sq . ft. ?o=19.0 lb./sq. ft. 12.5 lb./sq. ft. 

V 11 <1 u V II Q u V II q u 
inch <?■> 9o m inch q„ ?o m inch Qo q° Hi 

0.021 0. 226 0.300 0.518 0.025 0.228 0.302 0. 516 0.021 0.211 0. 284 0. 507 
.025 .241 .315 . 530 .035 .255 .330 .539 .026 .233 .306 .527 
.035 .272 .348 .556 .055 .315 .392 .591 .037 .253 .328 .546 
.056 .314 .390 .589 .080 .351 .428 .614 . 056 .300 .374 .582 
.085 .367 .445 .629 . 108 .390 .468 .641 .083 .341 .416 .612 
. 120 .407 .486 .659 .155 .420 .497 .665 . 106 .365 .441 .631 
.156 .437 .518 .680 .205 .478 .559 .703 . 156 .423 .502 .671 
.205 .480 .560 .707 .405 .586 .665 .768 .209 .461 .539 .697 
.405 .574 .653 .763 .656 .694 .764 .820 .405 .577 . 655 .766 
.656 .698 .772 .830 .911 .793 .861 .872 .607 .666 .742 .815 
.905 .804 .875 .886 1.205 .886 .953 .920 .905 .776 .847 .869 

1.205 .898 .967 .929 1.505 .971 1.039 . 956 1.205 .879 .948 .921 
1.605 .959 1.024 .955 1.605 .976 1.043 .963 1.505 .942 1.006 .951 
1.655 1.004 1.069 .978 1.705 1.007 1.073 .975 1.605 .987 1.052 .966 
1 805 1.024 1.090 .988 1.805 1.017 1.082 .984 1.705 . 986 1.051 .971 
2.005 1.045 1. 110 .998 2.005 1.034 1.103 .989 1.805 1.016 1.082 .978 
2.305 1.053 1.118 1.000 2. 309 1.058 1.125 .994 2.108 1.047 1.113 .991 
2.605 1.053 1.118 1.000 2. 609 1.068 1.137 .999 2.405 1. 056 1.123 1.000 
3.005 1.057 1.122 1.002 3.005 1.068 1.137 1.001 2. 705 1.060 1.124 1.000 

3. 005 1.062 1.126 1.000 

STATION S 

a/jL=0.775 

5=3.17 inches 

0.005 0. 057 0.095 0.295 0. 005 0. 055 0.091 0. 290 0.005 0. 032 0. 067 0. 260 
.006 .064 . 101 .303 .006 .058 .095 .296 .006 .047 .083 .290 
.007 .085 . 121 .333 .007 .073 . 110 .318 .007 .051 .088 .286 
.008 . 116 . 152 .373 .008 .099 . 136 .354 .009 . 101 . 136 . 355 
.010 . 146 . 183 .408 .009 . 123 . 160 .385 .010 . Ill . 146 .368 
.011 . 157 .194 .422 .010 . 136 . 173 .401 .011 . 125 .161 .385 
.012 . 165 .202 .429 .011 . 145 . 182 .411 .013 . 151 . 187 .416 
.013 .179 .215 .445 .012 .155 .190 .418 .014 .156 . 193 .422 
.014 .187 .224 .452 .013 . 165 .200 .430 .015 . 168 .204 .434 
.015 .191 .228 .456 .014 . 176 .213 .444 .017 . 179 .214 .446 
.017 .200 .236 .464 .015 .186 .224 . 454 .020 . 193 .220 .460 
.020 .210 .248 .475 .018 . 197 .234 .466 .027 .211 .246 .478 
.025 .233 .269 .497 .021 .211 .248 .479 .038 .230 .264 .495 
.035 .255 .293 .516 .027 .223 .261 .491 .055 .260 .296 .523 
.056 .288 .326 .546 .036 .244 .283 .510 .081 .294 .332 .555 
.082 .327 .366 .579 .055 .286 .325 .546 . 105 .326 .363 .581 
.105 . 355 .395 . 599 .080 .307 .347 .562 .165 .370 .409 .616 
. 159 .398 .439 .631 . 106 .354 .394 .605 .215 .408 .444 .643 
.206 .427 .468 .653 . 156 .386 .425 .627 .415 . 505 .545 .711 
.406 .551 .593 .734 .205 .416 .458 .651 .655 .594 .632 .767 
.655 .636 .672 .785 .405 .529 .570 .729 .905 .699 .730 .822 
.905 .727 .760 .836 .655 .621 .661 . 785 1.205 .766 .797 .861 

1. 205 .817 .850 .882 .905 .701 .734 .820 1.507 .850 .882 .903 
1.506 .883 .911 .913 1.305 .817 .850 .885 1.755 .876 .907 .917 
1.605 .907 .935 .925 1.507 .867 .897 .906 2.018 .954 .983 .955 
1.805 .948 .975 .947 1. 705 .935 .963 . 945 2. 255 .996 1.026 .978 
2. 005 .988 1.021 .965 1.905 .951 .979 .953 2.508 1.017 1.043 .987 
2.206 .992 1.020 .968 2. 105 .982 1.010 .969 2. 755 1. 041 1. 068 .994 
2.405 1.020 1.013 .980 2. 405 1.028 1.050 .983 3.013 1.053 1.070 .999 
2. 706 1.057 1.089 .997 2. 705 1.050 1.080 1.000 3.515 1.053 1.070 1.000 
3. 005 1.057 1.089 .997 3. 005 1. 050 1.079 .997 
3.506 1.056 1.088 1.003 3. 705 1.063 1.093 1.000 

STATION 9 

a\L=0.869 

5=4.67 inches 

0. 005 0.107 0. 062 0. 246 0. 005 0.103 0.059 0. 240 0. 005 0.082 0.041 0. 201 
.006 .118 .076 .273 .006 . 114 .071 .262 .006 .097 .056 .235 
.007 .134 .092 .299 .007 . 131 .090 .296 .008 .117 .078 .276 
.008 . 146 . 104 .318 .008 . 143 . 100 .313 .009 . 127 .083 .286 
.009 .168 . 126 .350 .009 .157 . 114 . 335 .011 . 157 .110 .331 

.010 . 174 . 132 .359 .010 .163 .120 .343 .012 . 163 .121 .344 

.011 .182 . 140 .372 .011 . 175 . 133 .360 .013 .168 . 126 .352 

.012 .187 .146 .378 .012 . 183 . 141 .372 .014 . 176 .137 .368 

.013 .198 .157 .392 .014 . 199 . 158 .398 .015 . 187 . 145 .378 

.015 .207 . 166 .403 .017 .206 .165 .402 .017 . 194 .152 .388 

.017 .212 . 171 .409 .020 .216 . 176 .416 .020 .203 .161 .399 

.020 .222 . 181 .424 .025 .221 . 179 .418 .025 .218 . 176 .417 

.025 .233 . 193 .434 .036 .247 .208 .451 .035 . 227 .190 .434 

.035 .246 .210 .452 .055 .264 .220 .470 . 065 .269 .234 .480 

.059 .284 .250 .494 . 105 .314 .279 .523 . 114 .289 .254 .500 

. 107 .325 .293 .540 .206 .371 .339 .576 .211 .377 .344 .584 

.205 .378 .348 .581 .410 .451 .419 .640 .407 .430 .398 .627 

.405 .464 .431 .649 .656 .528 .494 .698 .653 .510 .476 .686 

. 655 . 535 .502 .699 .905 .596 .558 .740 .906 .583 .548 .736 

.905 .610 .571 .748 1.206 .644 .604 .770 1.204 .668 .629 .789 

1.205 .679 .640 .790 1. 605 .750 .711 .834 1.605 .728 .687 .825 
1.705 .788 .748 .854 2. 005 .831 .793 .852 2. 005 .812 .772 .874 

2. 205 .872 .831 .900 2.506 .919 .878 .929 2. 507 .918 .876 .929 

2.711 .942 .902 .937 3.008 .997 .955 . 965 3.010 .983 .945 .966 
3. 205 .996 . 955 .964 3. 510 1.025 .985 .983 3. 605 1.038 1.001 .993 

3. 705 1. 055 1.012 .994 4.011 1.051 1.008 .994 4.006 1. 043 1.001 .995 

4. 005 1.053 1.012 .994 4. 302 1. 061 1.020 .998 4.305 1.048 1.002 .995 

4. 305 1.057 1.017 .996 4. 610 1.058 1.018 .996 4. 607 1.052 1.010 1.000 

4. 705 1.062 1.025 1.000 5.012 1.065 1.023 1.001 5. 005 1.055 1.017 1.002 

5.005 1. 061 1.025 1.000 5.405 1.065 1.023 1.001 5. 510 1.053 1.013 1.000 
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CHARACTERISTICS OF CLARK Y AIRFOILS OF SMALL ASPECT RATIOS 

By C. H. Zimmerman 

SUMMARY 

This report presents the results 0/ a series of wind- 
tunnel tests showing the force, moment, and autorotational 
characteristics of Clark Y airfoils having aspect ratios 
varying from 0.5 to 3. 

An airfoil of rectangular plan form was tested with 
rectangular tips, faired tips, and semicircular tips. 
Tests were also made on one airfoil of circular plan 

form and two airfoils of elliptical plan form. 
The tests revealed a marked delay of the stall and a 

decided increase in values of maximum lift coefficient 
and maximum resultant force coefficient for aspect ratios 
of the order of 1 as compared with the values for aspect 
ratios of 2 and 3. The largest value of CRmax was 2.17 
with a wing of circular plan form and an aspect ratio 

of 1.27. The same wing gave a Ci.max of 1.85 and an 
L/D ratio of 1.63 at 45° angle of attack. 

Wings having aspect ratios of about 1 were found to 
have moment characteristics more favorable to stability 
than those having larger aspect ratios. Decreasing the 
aspect ratio greatly reduced ranges and rates of autoro¬ 
tation based on a given span and air speed. Results, 
when reduced to infinite aspect ratio by conventional 
formulas, indicate that such formulas are not applicable 
for aspect ratios less than 1.5. It is apparent that the 
plan form and tip shape of the wing are of major im¬ 
portance among the factors affecting airfoil character¬ 
istics at aspect ratios of 1.5 and smaller. 

INTRODUCTION 

In recent years there has been an increasing demand, 
for an airplane suited to the needs of the private 
owner. Without going into a discussion of the problem 
it may be said that such an airplane should be capable 
of descending along a steep path at such a low rate 
of speed that it will be unnecessary for the pilot to 
alter the direction of the flight path or the speed 
when near the ground in order to make a satisfactory 
landing. 

The present tests were suggested by a study of 
means of obtaining such characteristics. It was 
immediately apparent that it is necessary to secure a 
high resultant force coefficient and a low lift/drag 
ratio at maximum resultant force coefficient. It was 
thought possible to derive benefit from the large 

induced drag of small aspect-ratio wings when at 
large values of lift coefficient. A survey of the results 
of previous investigations of the effects of varying the 
aspect ratio (references 1 and 2) and of the unpublished 
results of tests of flat plates with aspect ratios of 1 
and 2 in the original atmospheric wind tunnel of the 
National Advisory Committee for Aeronautics re¬ 
vealed a scarcity of data for aspect ratios less than 3, 
and suggested the possibility of obtaining high maxi¬ 
mum lift coefficients with wings having aspect ratios 

j of the order of 1. 
In order to determine characteristics of small aspect- 

ratio wings within the usable range, force tests were 
made on Clark Y airfoils with aspect ratios varying 
from 3 to 0.5. The airfoils were tested with rectan¬ 
gular, faired, and semicircular tips in order to determine 
the effect of tip shape upon the characteristics. In 
addition to force tests at 0° yaw, autorotational tests 
at 0° yaw and force tests at 20° yaw were made upon 
those airfoils having aspect ratios of approximately 3 
and approximately 1 to investigate the stability char¬ 
acteristics of low aspect-ratio wings. Test data on 
a rectangular Clark Y airfoil of an aspect ratio of 6 
were included for comparison. 

MODELS AND APPARATUS 

The models were constructed of laminated mahog¬ 
any; dimensions were held within 0.01 inch of those 
specified. The ordinates for the Clark Y airfoil section 
are given in Table I. An airfoil which was rectangular 
in plan form with a 42.43-inch span and a 14.14-inch 
chord was used as the basic model. Changes in 
aspect ratio were effected by cutting off the ends of 
the basic model. 

The faired-tip models were evolved from the basic 
model by attaching the faired tips to it. (Fig. 1.) 
The section of the faired tip is a semicircle when taken 
on the plane perpendicular to the mean camber line 

of the tip section of the basic model. 
The semicircular tips are also shown in Figure 1. 

The Clark Y profile was preserved from the section 
having a chord of 14.14 inches to the section having a 
chord of 5 inches. The remainder of the tip was 
faired. Points on the upper surface of the airfoil at 
the maximum thickness of the section were kept in a 
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plane parallel to tlie plane of the bottom surface of 
the basic model. The chord of each section of the tip 
was kept parallel to the chord of the basic model. 
Since the smallest aspect ratio possible with semicircu¬ 
lar tips (circular plan form) is 1.27, elliptical wings 
were made up with aspect ratios of 1 and of 0.75. 
Each half of the elliptical wings differed from the 
semicircular tips in plan form only. 

All tests were made in the N. A. C. A. 7 by 10 foot 
tunnel on the 6-component balance and the rotation 
apparatus described in reference 3. 

TESTS 

The force tests were made at a dynamic pressure 
corresponding to an air speed of 80 miles per hour 

RESULTS 

Results are presented in the form of absolute co¬ 
efficients. Pitching-moment coefficients are based on 
the central chord and refer to its quarter-chord point. 
Angles of attack and values of drag have been corrected 
for tunnel-wall effect by the method given in refer¬ 
ence 4. 

For tests at 0° yaw values of CL and CD are plotted 
against angle of attack in Figures 2, 3, and 4, and 
values of Cp and LjD are plotted against angle of attack 
in Figures 5, 6, and 7. • A summary of values of 

f'Lmax, CDrain the ratio C^max to CDrain> CRmax, LjD ratio, 
and LID at CRmax plotted against aspect ratio is given 
in Figures 8 and 9 and Table IX. Values of Om are 
plotted against CL in Figure 10. 

Faired tip Semicircular tip 

Figure 1.—Tip details of small aspect-ratio airfoils of Clark Y section 

under standard atmospheric conditions, giving a 
Reynolds Number of approximately 860,000 based on 
the chord of 14.14 inches. 

Rotation tests were made at the same air speed with 
the exception of tests of the airfoil with circular plan 
form, which, because of its small span, had a rotational 
velocity exceeding the capacity of the apparatus at the 
standard air speed. 

Lift, drag, and pitching moment were measured on 
each airfoil at 0° yaw. The aspect ratios of the air¬ 
foils tested were as follows: With the rectangular tips 
3, 2, 1.5, 1.25, 1.0, 0.75, and 0.5; for the faired tips 
3.15, 2.15, 1.65, 1.40, 1.15, 0.90, and 0.65; for the 
semicircular tips 3.23, 2.24, 1.74, 1.51, and 1.27; for 
the elliptical airfoils 1 and 0.75. All six components 
were measured at 20° yaw for the airfoils having the 
following aspect ratios: For the rectangular tips 3 and 
1; for the faired tips 3.15 and 0.90; for the semicircular 
tips 3.23 and 1.27. 

All airfoils given force tests with 20° yaw and the 
elliptical airfoil with an aspect ratio of 1 were tested 
for autorotation with 0° yaw. 

All six components for the wings tested at 20° yaw 
are given in Tables II to VIII, inclusive. Values of 
Cm, Ch and Cn are plotted against CL. (Figs. 11 and 
12.) The moments refer to chord axes. 

The rates of stable auto rotation are expressed in 
v'b 

terms of ~y and plotted against angle of attack in 

Figure 13. The symbol p' refers to angular velocity 
about the longitudinal axis of the tunnel. 

Profile drag and the angle of attack for infinite 
aspect ratio were calculated by the formulas given in 
reference 5. The correction constants for rectangular 
wings were used in making the computations for both 
rectangular airfoils and faired-tip airfoils. The con¬ 
stants for the very small aspect ratios were determined 
by extrapolation of the curves given in reference 5. 
The uncorrected formulas for elliptical wings were used 
in the calculations for the wings with semicircular tips. 
The values calculated are plotted against CL in Figures 
14, 15, and 16. 

The probable errors in measurements are as given 
in reference 3. 
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Figure 2.—Variations of lift and drag coefficients with angle of attack. Rectan¬ 
gular tips. 0° yaw 

Figure 3.—Variations of lift and drag coefficients with angle of attack. Faired 
tips. 0° yaw 

circular tips. 0° yaw attack. Rectangular tips. 0° yaw 

-38 149900—33 
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Figure 6.—Variations of LID ratio and center of pressure location with angle of 
attack. Faired tips. 0° yaw 

Figure 7.—Variations of LID ratio and center of pressure location with angle of 
attack. Semicircular tips. 0° yaw 

Aspect ratio Aspect ratio 

Figure 8.—Variations of maximum lift coefficient, minimum drag coefficient, 
and the ratio CpmaJCj)min with aspect ratio. 0° yaw 

Figure 9.—Variations'of maximum resultant force coefficients, maximum LID 
ratio, and LID ratio at maximum resultant force with aspect ratio. 0° yaw 
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Figure 12.—Variations of rolling-moment and yawing-moment coefficients with 
lift coefficient. — 20° yaw 

Figure 14. Variations of angle of attack for infinite aspect ratio and profile drag 
with lift coefficient. Rectangular tips. 0° yaw 
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DISCUSSION 

The reader should bear in mind that results herein 
discussed apply to airfoils alone and that in making 

Figure 15.—Variations of angle of attack for infinite aspect ratio and profile 
drag with lift coefficient. Faired tips. 0° yaw 

performance calculations the characteristics of the 
airplane as a whole must be very care¬ 
fully taken into account. 

In this discussion, effects of tip form 
and of aspect ratio will be considered 
concurrently to avoid repetition. The 
Clark Y airfoil, having a rectangular 
plan form and an aspect ratio of 6, 
will be referred to as a standard wing 
in making comparisons between the 
standard wing and the airfoils with 
small aspect ratios. 

The tests upon the standard wing 
were made at a Reynolds Number of 
approximately 609,000 (80 miles per 
hour, 10-inch chord). It is thought 
that the difference between this value 
and the value for the small aspect- 
ratio wings (860,000) is not enough 
to affect seriously the comparison 
given in this report. However, since 
nothing is known of the effect of 
an increase to a Reynolds Num¬ 
ber of the order of those common 
in flight upon the characteristics of 
small aspect-ratio airfoils, too much 
dependence should not be placed on the compari¬ 
son herein given in making performance calcula¬ 
tions. 

Slope of lift curve.—A survey of the curves of lift 
coefficient plotted against angle of attack (figs. 2, 3, 
and 4) reveals that the slope of the lift curve decreases 
with decrease of aspect ratio much as would be pre¬ 
dicted by theory. The discrepancies between results 
observed and theory are discussed later in the section 
on reduction to infinite aspect ratio. 

Maximum lift coefficient.—Previous tests have shown 
decreases of maximum lift coefficient with decreasing 
aspect ratios for aspect ratios in the range from 8 to 2 
(reference 1) and the present tests give similar results. 
The airfoils having rectangular tips revealed a decrease 
of maximum lift coefficient continuing to an aspect 
ratio of 1.5; similar decreases for the semicircular and 
the faired tips continued to aspect ratios of 1.74 and 
1.40, respectively. The minimum values reached were 
93 per cent for the rectangular tips, 79 per cent for the 
faired tips, and 95 per cent for the semicircular tips, 
based on the value for the standard wing. (See 
fig. 8.) 

Further decreases in aspect ratio gave increases in 
maximum lift coefficient. The maximum values 
reached were 111 per cent, 98 per cent, and 149 per 
cent, based on the value for the standard wing, at 
aspect ratios of 0.75 for the rectangular tips, 0.90 for 
the faired tips, and 1.27 for the semicircular tips, re¬ 
spectively. These increases are the results of the delay 
of the burble, caused probably by end flow. It is 
apparent that tip form plays an important part in 
this phenomenon. 

Figure 16.—Variations of angle of attack for infinite aspect ratio and profile drag with lift coefficient. 

Semicircular tips. 0° yaw 

Maximum resultant force coefficient.—Curves of 
CRmax plotted against aspect ratio (fig. 9) have the same 
general shape as curves of CLmax• Minimums of 93 per 
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cent, 82 per cent, and 98 per cent, based on the value 
for the standard wing, occur at aspect ratios of 1.5, 
1.40, and 1.74 for the rectangular tips, the faired tips, 
and the semicircular tips, respectively. Maximums of 
138 per cent, 125 per cent, and 174 per cent occur at 
aspect ratios of 0.75, 0.90, and 1.27, respectively. The 
differences between the shapes of the CRmax curves and 
the CLmax curves are due to the greater induced drag of 
the low aspect-ratio airfoils. The value of maximum 
resultant force coefficient is more relevant to landing 
characteristics for steep glide landings than the value 
of maximum lift coefficient. In such landings the 
resultant force opposes the weight of the airplane, and 
the coefficient is therefore a criterion of the landing 
speed. 

Drag coefficients.—Curves of drag coefficient plotted 
against angle of attack fall within a fairly wide band at 
angles of attack less than 20° for all wings tested. The 
points for the lower aspect ratios fall near the top of 
the band at angles of attack below 0° and near the lower 
border of the band at angles of attack above 0°. It is 
of interest to note that the airfoils of aspect ratios of 
approximately 1.5 and smaller show a sharp decrease 
of drag coefficient immediately after passing the burble 

point. 
Minimum drag coefficients.—Curves of CDmin plotted 

against aspect ratio are much as would be expected for 
the rectangular and faired-tip airfoils. (Fig. 8.) For 
each of these types the minimum drag coefficient 
increases with decrease of aspect ratio because of the 
increasing importance of tip drag. The faired-tip 
wings were found to have the lesser drag of the two 
for a given aspect ratio. The airfoil with semicircular 
tips gave a minimum drag coefficient of 0.0151 at an 
aspect ratio of 3.23, the same as did the faired-tip 
airfoil at an aspect ratio of 3.15 and the rectangular-tip 
airfoil at an aspect ratio of 6. From this point the 
minimum drag coefficient increased to 0.0177 at an 
aspect ratio of 1.74 and remained practically the same 
for all lower aspect ratios. This strange behavior is 
probably due to the fact that the semicircular tips are 
examples of exaggerated taper and have comparatively 

small losses from tip effect. 
Lift/drag ratio.—The curves of L/D ratio plotted 

against angle of attack are nearly alike for all wings 
above 25° angle of attack. (Figs. 5, 6, and 7.) The 
curves between zero lift and 25° angle of attack become 
flatter with decrease in aspect ratio. This character¬ 
istic indicates that the smaller aspect ratios would 
require larger horsepower to give a fixed weight- 
velocity product than would the larger aspect ratios, 
that minimum gliding angles would increase with 
decrease in aspect ratio, and that high rates of climb 
would be very difficult to obtain with small aspect- 
ratio wings. Definite statements as to the amounts 
of these effects would be misleading, unless differences 
of structural weight, parasite drag, and effects of 

Reynolds Number are taken into account very 
carefully. 

A curve of maximum values of L/D plotted against 
aspect ratio is given in Figure 9 and has a decided 
positive slope, indicating much larger minimum gliding 
angles for the wings alone for the small aspect ratios 
as compared to those for the larger aspect ratios. Tip 
effects upon this curve are slight, the semicircular 
tips being slightly better than the rectangular tips at 
aspect ratios less than 1.5 and the faired tips being 
slightly worse over most of the range. 

Maximum-lift/minimum-drag ratio.—Curves of 

CLmax/0Dmin plotted against aspect ratio (fig. 8) have 
the same general characteristics as curves of CLmax 
plotted against aspect ratio for the same tip forms. 
However, the curves for the rectangular and faired 
tip wings fall off much more markedly than their 
respective CLmax curves, because of the great increase 
in minimum drag with decrease in aspect ratio for 
these airfoils. Since the minimum drag coefficient 
for the semicircular-tip wings remains practically 
constant for aspect ratios less than 1.74, the curve of 
CLmaxlCDmin has a decided peak, reaching a maximum 
value of 104 for the aspect ratio of 1.27, as compared 
with the value of 82.1 for the standard wing. 

Lift/drag ratio at maximum resultant force.— 

Another characteristic which is of importance in the 
study of steep-glide landings is the lift/drag ratio at 
maximum resultant force coefficient for the complete 
airplane; this ratio is the cotangent of the gliding angle 
and therefore must be small for a steep glide. Values 
of this ratio decrease with decrease of aspect ratio 
from 8.59 for the standard wing to values of about 
1.2 for the aspect ratios of about 1, corresponding 
to gliding angles for the wings alone of 8.5° and 39.8°, 
respectively. The curves for the three tip shapes are 
similar, the semicircular-tip wing giving somewhat 
lower values than the others, especially for aspect 
ratios of 1.27 and 1.5. 

Center of pressure coefficient.—The center-of-pres- 
sure-coefficient curves reveal unstable characteristics 
similar to those of the standard wing at low angles of 
attack, but the center of pressure does not travel as 
far forward for the lower aspect ratios as for the higher 
ones. (See figs. 5, 6, and 7.) It is of interest to note 
that the CP curves of all the airfoils move forward 
rapidly to an angle corresponding to the stall of the 
standard wing beyond which point the center of pres¬ 
sure, in general, remains practically stationary until 
a stall of a particular wing is reached, at which point 
it moves back markedly. The curve for the wing of 
circular plan form (aspect ratio 1.27) is an exception 
to these general statements, the center of pressure 
moving much farther forward than it does for other 
aspect ratios of nearly the same value. 

Pitching-moment coefficient.—Curves of CmcU 
plotted against CL for representative airfoils of the 
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series tested with zero sideslip (fig. 10) show the 
smaller aspect ratios to have slightly smaller diving- 
moment coefficients at low values of lift coefficeint 
than do the higher aspect ratios. They also have 
negative slopes for values of CL of 0.5 and above for 
the extremely small aspect ratios. This characteristic 
of longitudinal stability of the very small aspect ratios 
is first noticeable in the rectangular airfoil at an aspect 
ratio of 1, the semicircular-tip airfoil at an aspect 
ratio of 1.5, and the faired-tip airfoil at an aspect 
ratio of 0.65. 

The pitching-moment-coefficient curves for the 
airfoils when yawed 20° (fig. 11) differ somewhat from 
those for zero sideslip. The slope of the curve for 
the standard wing is positive, especially at lift coeffi¬ 
cients near CLmax. The slope of the curve for the 
rectangular wing of aspect ratio 3 is positive at small 
values of CL but becomes negative before CLmax is 
reached. The slopes of the curves for the airfoils 
of aspect ratios of about 1 were decidedly negative 
at all values of CL below the stall with the exception 
of the curve for the airfoil with circular plan form. 
This latter curve has a steep negative slope except 
near the stall where the slope becomes practically 
zero. 

Rolling and yawing moment coefficients.—Since the 

measurements were made with a negative angle of 
yaw, positive yawing moments and negative rolling 
moments are such as to restore the wing to a condition 
of no yaw. All the yawing-moment coefficients are 
small in comparison with pitching and rolling moment 
coefficients for the same airfoils, but are of the order of 
magnitude of yawing-moment coefficients given by 
the rudder of a conventional airplane. (Reference 6.) 
All the airfoils gave positive moments through prac¬ 
tically the entire range. Note that all moments refer 
to chord axes. 

All the airfoils exhibit unstable rolling moments at 
zero lift. (Fig. 12.) The rolling-moment coefficient 
for the standard wing did not become negative until a 
lift coefficient of 0.9 was reached. The airfoils with 
smaller aspect ratios gave negative rolling moments at 
much lower values of lift coefficient. They also gave 
values of rolling-moment coefficient much greater 
in the negative direction than did the standard wing at 
all values of lift coefficient greater than zero. 

Autorotational characteristics.—Curves oV^y plotted 

against angle of attack reveal a decided decrease in 
range and rate of autorotation based on a given span 
and air speed with decrease in aspect ratio. (Fig. 13.) 
The rectangular wing of aspect ratio 1, the faired-tip 
wing of aspect ratio 0.90, and the elliptical wing of 
aspect ratio 1 would not autorotate. It seems proba¬ 
ble, considering the tendency toward decreased range 
of autorotation and value of p' 6/2 V with decrease 
of aspect ratio, that airfoils having still smaller aspect 
ratios would also not autorotate. 

The airfoil of circular plan form, aspect ratio 1.27, 
showed autorotation over a small range of angles of 
attack between 30° and 36°. It also autorotated 
very slowly at angles of attack between 48° and 60°. 
Reference to Figure 4 reveals that the range of auto¬ 
rotation between 30° and 36° occurs at a point of 
decided positive slope of the curve of lift coefficient 
well below the angle of attack for the stall, and it would 
seem that autorotation for this wing is a result of some 
characteristic of the 3-dimensional flow rather than the 
result of the reversal of slope of the normal-force curve. 

Reduction to infinite aspect ratio.—Curves of angle 

of attack at infinite aspect ratio and of profile drag 
plotted against CL (figs. 14, 15, and 16) show that the 
theoretical correction factors can not be applied with 
satisfactory results for the wings of aspect ratios of 1.5 
or less. For low aspect ratios the correction factors 
are too large in the case of the rectangular wings and 
too small in the cases of the faired and semicircular- 
tip wings. The correction factors for aspect ratios less 
than 1.5 are much more nearly true for the semi¬ 
circular-tip wings than for the rectangular and faired 
tip wings. 

CONCLUSIONS 

1. There is a range of aspect ratios extending ap¬ 
proximately from 0.75 to 1.50 wherein end flow causes 
a marked delay in the breakdown of the longitudinal 
flow as the angle of attack of an airfoil is increased. 

2. It is possible within this range to obtain maxi¬ 
mum lift coefficients considerably higher than can be 
obtained for an airfoil of this same section having an 
aspect ratio of 6. The highest maximum lift coeffi¬ 
cient obtained in this series of tests was 1.85 at 45° angle 
of attack for the wing with circular plan form as com¬ 
pared with 1.24 at 14° angle of attack for the rectangu¬ 
lar airfoil having an aspect ratio of 6. 

3. The tip shape is of paramount importance among 
the factors affecting the force and moment character¬ 
istics within this range. The airfoils with semicir¬ 
cular tips were found to be much superior to those 
having rectangular or faired tips. 

4. Airfoils within this range have the characteristics 
desirable for steep glide landings; namely, large values 
of maximum resultant force coefficient and small 
values L/D ratio at maximum resultant force coeffi¬ 
cient. In this series of tests a value of CRmax of 2.16 
with an LID ratio of 1.33 was obtained for the ellipti¬ 
cal wing having an aspect ratio of 1 as compared with 
a value of CRmax of 1.25 with an Z/Z> ratio of 8.59 for 
the rectangular airfoil having an aspect ratio of 6. 

5. Decreasing the aspect ratio decreases the range 
and rate of autorotation based on a given span and 
air speed. The elliptical airfoil of aspect ratio 1, the 
rectangular airfoil of aspect ratio 1, and the faired-tip 
airfoil of aspect ratio 0.9 would not autorotate. 

6. Autorotation at angles of attack below the stall 
was found to exist in the case of the airfoil of circular 
plan form, aspect ratio 1.27. 
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7. Decreasing the aspect ratio increases rolling- 
moment coefficients in the stable sense when yawed. 

8. Decreasing the aspect ratio tends to improve 
static longitudinal stability characteristics of an airfoil 
when not yawed and also when yawed 20°. 

9. Additional experiments should be carried out to 
determine the effects of Reynolds Number, airfoil 
section, plan form, and tip shape within the range of 
aspect ratios from 0.75 to 1.50. 

10. A theoretical study should be made of the 3- 
dimensional air flow about airfoils having small aspect 

ratios. 

National Advisory Committee for Aeronautics, 

Langley Memorial Aeronautical Laboratory, 

Langley Field, Va., May o, 1932. 

REFERENCES 

1. Prandtl, L.: Applications of Modern Hydrodynamics to 
Aeronautics. T. R. No. 116, N. A. C. A., 1921. 

2. Eiffel, G.: The Resistance of the Air and Aviation. Hough¬ 
ton, Mifflin and Co., 1913. 

3. Harris, Thomas A.: The 7 by 10 Foot Wind Tunnel of the 
National Advisory Committee for Aeronautics. T. R. 

No. 412, N. A. C. A., 1931. 
4. Theodorsen, Theodore: The Theory of Wind-Tunnel Wall 

Interference. T. R. No. 410, N. A. C. A., 1931. 
5. Jacobs, Eastman N., and Anderson, Raymond F.: Large- 

Scale Aerodynamic Characteristis of Airfoils as Tested in 
the Variable Density Wind Tunnel. T. R. No. 352, 

N. A. C. A., 1930. 
6. Weick, Fred E., and Wenzinger, Carl J.: Wind-Tunnel 

Research Comparing Lateral Control Devices, Particu¬ 
larly at High Angles of Attack. I—Ordinary Ailerons on 
Rectangular Wings. T. R. No. 419, N. A. C. A., 1932. 

TABLE I 

ORDINATES OF CLARK Y SECTION IN PER CENT 
OF CHORD 

Rad. L. E. 1.50 Rad.T. E. 0.06 

Distance 
from L. E. 

Upper Lower 

0 3.50 3.50 
1.25 5.45 1.93 
2.5 6. 50 1.47 
5 7.90 .93 
7.5 8.85 .63 

10 9.60 .42 
15 10. 69 . 15 
20 11.36 .03 
30 11.70 .00 
40 11.40 .00 
50 10. 52 .00 
60 9.15 .00 
70 7. 35 .00 
80 5. 22 .00 
90 2.80 .00 
95 1.49 .00 

100 .12 .00 

TABLE II 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=6 Rectangular tips 

a Deg. Cc Cd Cc Ci Cm c„ 

-5 0.010 0.016 0.000 0.0167 -0. 056 0.0002 

-3.1 . 138 .017 .001 .0154 -.056 .0010 

-0.2 .333 .021 .000 .0111 -.051 .0019 

4.6 .654 .043 -.005 . 0076 -.047 .0039 
9.4 .943 .079 -.014 -. 0028 -. 034 .0052 

11.3 1.040 .094 -.016 -.0084 -.027 .0060 

12.3 1.082 . 103 -.019 -.0125 -.020 .0058 

13.3 1.110 . 112 -.021 -.0187 -.012 .0061 

14.3 1.153 .123 -.024 -. 0351 -.005 .0045 

15.2 1.164 .132 -.027 -. 0363 .003 .0031 

16.2 1.194 . 146 -.032 -. 0493 .012 . 0002 

19.2 1.176 .217 -.056 -. 0866 .035 -.0109 

25 .888 .416 -. 146 -. 1219 .024 -.0113 

30 .872 .507 -.183 -. 1173 -.004 -. 0061 

40 .796 .666 -.234 -. 0552 -.073 .0139 

50 .734 .866 -. 300 -. 0435 -. 118 .0255 

60 .616 1.035 -.358 -.0459 -.157 .0382 

TABLE III 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=3.0 Rectangular tips 

a Deg. Ci Cd Cc Ci Cm C„ 

-5 -0.017 0.021 0.005 0.0120 -0. 053 0.0014 

-3 .084 .020 .005 .0074 -.051 . 0020 

-0.2 .238 .023 .003 .0000 -.046 .0027 

9.5 .786 .082 -.015 -.0215 -.037 .0059 

14.3 1.019 . 136 -.029 -.0387 -.030 .0070 

19.2 1.207 .207 -.055 -. 0623 -.025 .0067 

20.2 1.256 .228 -.066 -.0675 -.031 .0064 

21.2 1.306 .251 -.080 -. 0702 -.039 . 0040 

22.2 1.312 .282 -.095 -.0813 -.044 -.0018 

23.2 1. 265 .309 -. 108 -. 0941 -.049 -.0067 

25 1.020 .437 -.166 -. 0990 -.077 -.0082 

26 1.008 .458 -.178 -. 0995 -.078 -.0055 

30 .937 .531 -.201 -.0797 -.100 .0077 

40 .789 .652 -.237 -.0328 -.127 .0187 

50 .703 .815 -.290 -. 0243 -.158 .0296 

60 . 595 .957 -.341 -. 0228 -. 190 .0383 

TABLE IV 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=3.15 Faired tips 

a Deg. Ci Cd Cc Ci Cm C„ 

—5 -0.006 0.017 0.000 0.0159 —0.057 0.0007 

-3.1 .089 .017 .001 .0112 -. 053 .0014 

-0.2 .231 .019 -.002 .0045 -.048 .0022 

9.5 .734 .075 -.020 -.0257 -.024 .0039 

14.4 .952 .123 -.035 -.0411 -.021 .0060 

19.2 1.128 .188 -. 062 -. 0596 -.019 .0062 

21.2 1.225 .230 -.088 -. 0640 -.036 .0041 

25 .978 .410 -.169 -. 0891 -.071 -.0089 

26 .966 .432 -.182 -. 0903 -.075 -. 0062 

30 .903 .512 -.231 -. 0865 -.099 -. 0079 

40 .778 .653 -.241 -. 0352 -.127 .0173 

50 .686 .797 -. 2S2 -.0222 -. 154 .0273 

60 .582 .938 -.335 -. 0232 

-f 
GO 
r—

4 

\ .0377 
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TABLE V 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=3.23 Semicircular tips 

a Deg. Cl CD Cc Ci Cm Cn 

-5 0. 003 0.017 0.000 0.0138 -0.057 0.0020 
-3.1 .093 .016 .000 .0101 ~. 054 .0021 
-0.1 .235 .019 .000 .0035 -.051 .0026 

9.5 .751 .075 -.020 -.0204 -.045 .0049 
14.4 .978 .128 -.037 -. 0388 -.030 .0061 
19.3 1.179 .189 -.045 -. 0575 -.027 .0072 
21.2 1.269 .231 -.079 -.0678 -.035 .0047 
25 1.022 .418 -.162 -.0890 -.082 -.0047 
26 .996 .436 -.181 -. 0925 -.087 -. 0063 
30 . 910 .504 -.193 -. 1004 -.099 .0018 
40 .711 .606 -.201 -.0329 -. 123 .0211 
50 .640 .748 -.252 -. 0221 -.145 .0206 
60 .554 .896 -.302 -.0336 -.171 .0340 

TABLE VI 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=1.0 Rectangular tips 

a Deg. Cl Cd Cc Ci Cm Cn 

-5 -0.051 0.037 0.015 0.0175 -0.037 0.0023 
-3 .018 .036 .015 .0101 -.035 .0020 

0 .117 .036 .015 .0034 -.039 .0038 
9.9 .504 .094 -.003 -. 0379 -.056 .0050 

14.9 .690 .151 -. 024 -. 0576 -.068 .0017 
19.8 .864 .234 -.048 -. 0867 -.086 .0037 
24.8 1.038 .351 -.084 -.1128 -. 106 .0094 
29.7 1.194 .468 -.123 -.1282 -.132 .0067 
32.7 1.266 .548 -.156 -. 1354 -.153 .0092 
35 1.113 .694 -.255 -. 0891 -. 174 .0105 
40 .984 .751 -. 273 -. 0548 -. 171 .0106 
50 .651 . 761 -.270 -. 0348 -.180 .0121 
60 .555 .893 -. 324 -.0406 -.205 .0111 

TABLE VII 

LIFT, DRAG, CROSS-WIND FORCE, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

-20° Yaw 
Aspect ratio=0. SO Faired tips 

a Deg. Cl CD Cc Ci Cm C„ 

-5 
-3 

0 
9.9 

14. 9 
19.9 
24. 9 
19.8 
34.8 
39.8 
46 
48 
50 
60 

-0.014 
.029 
.097 
.368 
. 497 
.638 
.800 
.926 

1.038 
1. 110 
.825 
.616 
.591 
.476 

0.029 
.025 
.025 
. 066 
. 109 
. 178 
.268 
.387 
.607 
.800 
.796 
.690 
.694 
.788 

0.000 
.000 
.000 

-. 018 
-. 040 
-. 068 
-. 105 
-. 148 
-. 325 
-. 368 
-.285 
-.227 
-. 231 
-.263 

0.0092 
.0048 

-. 0060 
-. 0514 
-. 0717 
-.0979 
-. 1289 
-. 1501 
-. 1427 
-. 1360 
-.0784 
-. 0578 
-. 0598 
-.0627 

-0.041 
-. 039 
-.041 
-.051 
-. 060 
-.072 
-.101 
-. 136 
-. 175 
-. 194 
-. 186 
-. 166 
-. 160 
-. 177 

0. 0010 
.0015 
.0018 

-.0001 
.0044 
.0001 

-. 0016 
.0029 

-.0096 
-. 0082 

. 0027 

.0095 
: ono 
.0040 

TABLE VIII 

LIFT, DRAG, CROSS-WIND FORCF, ROLLING- 
MOMENT, PITCHING-MOMENT, AND YAWING- 
MOMENT COEFFICIENTS 

—20° Yaw 
Aspect ratio=1.27 Semicircular tips 

a Deg. Cl Cd Cc Cl Cm c„ 

-5 -0. 011 0. 027 0. 004 0.0059 -0. 035 0.0011 
-3 .034 .023 . 000 .0014 -. 037 .0000 

0 . 114 . 023 .004 -. 0120 -.038 .0000 
9.9 .427 . 070 -. 008 -. 0478 -.051 -. 0002 

14.9 .584 . 115 -.027 -. 0749 -. 066 .0119 
19. 9 .778 . 188 -.053 -. 0948 -. 079 . 0172 
24.8 .958 .287 -. 095 -. 1237 -. 100 .0121 
29.8 1. 133 . 397 -. 153 -. 1287 -. 150 .0139 
34.8 1. 314 .557 -. 199 -. 1411 -.194 . 0177 
38.8 1.443 .709 -.229 -. 1478 -.210 .0076 
39.7 1. 512 .781 -. 233 -. 1468 -.209 .0059 
42 .698 .602 145 -. 0632 -. 168 .0302 
50 .538 . 643 -. 179 -. 0618 -. 164 .0197 
60 .450 .746 -.222 -. 0714 -. 179 .0126 

TABLE IX 

SUMMARY OF FORCE CHARACTERISTICS 

) 
Tip shape 

5* 
CLmax CD min 

Climax Max. 
CR max 

L/Dat 
CUmax s C Drain LID CR max : 

Rect .. 6.00 1.240 0. 0151 82. 1 21. 64 1. 245 8. 59 
Deg. | 

15 
Do. 3.00 1. 198 .0170 70.4 13. 60 1. 210 6. 69 17 ! 
Do_ 2.00 1. 156 . 0179 64.5 10.77 1. 181 4. 75 20 
Do.. 1. 50 1. 120 . 0201 55.7 8. 93 1. 158 3. 82 23 
Do. 1. 25 1. 130 .0207 51.6 7.84 1.180 3. 27 25 
Do_ 1.00 1. 320 . 0221 59.7 6. 97 1.564 1.20 40 
Do. .75 1. 372 .0241 56. 9 6. 00 1. 722 1. 11 44 
Do. .50 1. 284 .0301 42. 7 4. 42 1. 582 1.37 43 

Faired. 3. 15 1. 139 .0151 75.4 14. 50 1. 150 6. 70 17 
Do_ 2. 15 1. 078 .0160 67.4 10.68 1. 102 4. 73 20 
Do_ 1. 65 1.010 .0172 58.7 9.06 1.041 3.95 22 
Do_ 1.40 .984 .0178 55.3 8. 46 1.024 3.43 24 
Do. 1. 15 1. 045 .0193 54. 1 6. 78 1. 290 1.38 36 
Do_ .90 1. 218 .0196 62. 1 5. 87 1.558 1.06 45 
Do_ .65 .968 .0217 44.6 4.47 1.370 .97 49 

Semicircular.... 3.23 1.225 . 0151 81. 1 15. 31 1.239 6. 52 18 
Do_ 2.24 1. 188 . 0173 68.6 11.20 1.212 4. 85 21 
Do.. 1. 74 1. 176 .0177 66.4 9. 60 1. 215 3. 81 24 ; 
Do_ 1.51 1. 520 .0177 85.8 9.60 1. 626 2.61 34 
Do_ 1. 27 1. 850 .0178 104.0 9.00 2.170 1. 63 45 j 

Elliptical_ 1.00 1. 722 .0181 95. 1 7.31 2. 158 1.33 48 

Do. 
.75 1.388 .0176 78.8 6.13 1.791 1.20 49 
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FORCE MEASUREMENTS ON A 1/40-SCALE MODEL OF THE U. S. AIRSHIP 
“AKRON ” 

By Hugh B. Freeman 

SUMMARY 

This report describes a series of tests made on a 0- 
scale model of the U. S. airship “Akron” (“ ZRS~4”)for 
the purpose of determining the drag, lift, and pitching 
moments of the bare hull and of the hull equipped wtih 
two different sets of fins. Measurements were also made 
of the elevator forces and hinge moments. 

The results of the drag measurements are in fair agree¬ 
ment with those of previous tests on smaller models of 
the “Akron” conducted in the variable-density tunnel 
of this laboratory. The type of tail surface designated 
Mark-II, a short wide surface, was found to have more 
favorable control characteristics than the long narrow 
type, Mark-I. The results of the measurements of the 
elevator hinge moments showed that the elevators for both 
types of fins were overbalanced for a large range of ele¬ 
vator angles, indicating that the area of the balancing 
vanes, for the Mark-II elevators at least, was excessive. 

INTRODUCTION 

The subject tests are a part of a program of research 
undertaken at the request of the Bureau of Aeronau¬ 
tics, Navy Department, on a Ko-scale model of the 
U. S. airship Akron (ZRS-4) with the object of deter¬ 
mining: (1) The lift, drag, and moment on the bare 
hull and on the hull fitted with twm different sets of 
tail surfaces; (2) the elevator forces and hinge mo¬ 
ments; and (3) the pressure distribution over the hull 
and fins. The program was later extended to include 
(4) the measurement of total head in the boundary 
layer at 10 stations on the hull. Parts (1) and (2) are 
the subject of the present report. The results of the 
pressure distribution are given in reference 1 and those 
for the bound ary-layer tests in reference 2. 

Several advantages were offered by the unusually 
large size of the model available for these tests and of 
the 20-foot wind tunnel in which the tests were con¬ 
ducted. These were, namely: (1) The Reynolds Num¬ 
ber was large for an atmospheric wind tunnel; (2) the 
control surfaces were large enough to allow the meas¬ 
urement of the elevator forces and hinge moments; 
(3) the tare drag could be measured directly, hence 
probably more accurately than usually is possible on 

smaller models. 

The results are compared to those of previous tests 
conducted in the variable-density tunnel of the Na¬ 
tional Advisory Committee for Aeronautics. (Refer¬ 
ence 3.) 

APPARATUS AND TESTS 

The model, built in the shops of the Washington 
Navy Yard, is of hollow wmoden construction, having 
a polygonal cross section with 36 sides over the fore 
part of the hull that faired into 24 sides near the stern. 
The surface was given a fine sand finish, then var¬ 
nished, painted, and finally finished with fine sand¬ 
paper, giving a surface which was probably as smooth 
as that of a well doped fabric surface. The over-all 
length of the hull measured from the end of the bow 
cap is 19.62 feet and the maximum diameter 3.32 
feet, giving a fineness ratio of 5.9. The details of the 
method of construction are shown in Figure 1. The 
principal dimensions of the model are collected in the 
following table: 

DIMENSIONS OF MODEL U. S. S. “AKRON” 

[Scale=}4o] 

Distance 
from nose 

Radius 
(circum¬ 
scribed 
circle) (length) 

a/i Inches 
0 
0.02 

0 
4.95 Length, 19.62 feet. 

.05 9.96 Volume, 115 cubic feet. 

.10 14. 20 

. 15 

. 20 
16. 65 
18 39 Total horizontal tail-surface area (square feet): 

.25 19.12 Mark-I Mark-II 

.30 19. 61 5.074 4.590 

.35 19.85 

.40 19.90 Elevators (including balance vanes) square feet: 

.45 19.90 1.004 0.932 

.50 19.-80 

.55 19.59 Elevator balance vanes (square feet) 

.60 19.12 0.234 0.220 

.65 18. 46 

.70 17. 50 Elevator chord length (feet): 

.75 16.15 c=0.410 C=0.369 

.80 14.44 

.85 12.29 Location of elevator axis: 

.90 9.61 a/L=0.9090 al l—0. 9059 

.95 6. 52 Center of buoyancy: 
1.00 0 q/l=0. 464 

Two sets of tail surfaces, designated Mark-I and 
Mark-II, were provided with the model, the Mark-II 
type of surface being that used on the full-scale ship. 
The forms of these are shown in Figure 2. Figure 3 
shows the type of balancing vanes with w7hich the 
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Figure L—Details of construction of the Ho-scale model U. S, S. Akron 

45.521" Mark I 

35.925 "Mark II 
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elevators and rudders were equipped. The balancing 
vanes were provided with trailing-edge flaps for the 
purpose of increasing the effectiveness of these vanes 
at high angles of the control surfaces. The relation 
of the flap angle /3, which on the full-scale ship is 
governed by the position of the elevator, to the ele¬ 
vator angle 8 is shown by the table in Figure 3. 

No propellers or propeller struts were provided with 
the model, as it was thought that the scale effect on 
these parts would make the results of questionable 

utility. 
The method of mounting the model in the wind 

tunnel is shown in Figures 4 and 5. The model was 
suspended by two vertical wires attached at the 
upper ends to platform scales on which the left was 
measured. The front lift wire entered the model 
through a narrow slot in the upper surface of the hull 
and was attached to a horizontal steel crossbar, which 
turned in ball bearings mounted on opposite sides of 
the hull. The slot in the upper surface was cut in a 
thin steel plate set into, and flush with, the surface of 
the model. A second narrow strip of sheet steel sliding 
on the under surface of the first moved with the wire 
when the angle of pitch was changed and covered the 
slot, preventing any flow of air except for a small 
clearance around the wire which was provided to 
prevent the friction of the arrangement from inter¬ 
fering with the measurement of the pitching moment. 

The ends of the above-mentioned steel crossbar were 
ground to streamline shapes and extended outside the 
hull Iff inches on each side, affording an anchorage for 
the two drag wires. These wires were carried forward 
into the low-velocity region of the entrance cone and 
transmitted the drag to a bell crank and thence to a 
balance on the floor of the tunnel. An initial tension 
was given to the drag wires by the use of a counter¬ 
weight which was carried by a wire attached to the 
tail sting and extended down, over a ball-bearing 
pulley in the exit cone, into the test chamber below. 
Four cross-tunnel wires held the model rigid laterally. 
The two side braces at the rear were fixed to a mecha¬ 
nism on the walls of the tunnel, which moved with the 
hull so as to keep the wires always perpendicular to 
the axis of the model. A similar device, mounted on 
the rear lift balance, allowed the wire support at the 
tail to be kept vertical. The model pivoted on the 
ball bearings about the crossbar, the angle .of pitch 
being changed by raising or lowering the tail sting. 

The elevator forces perpendicular to the axis of the 
hull and the moments about the elevator hinge axis 
were measured on a 2-component electric induction 
balance designed especially for these tests. The 
general scheme of this apparatus is similar to that 
described by Keif and Simmons in reference 4. The 
balance, shown in Figure 6 as assembled for the cali¬ 
bration tests, consists of two parts which, for con¬ 
venience, have been designated the model unit (shown 

in the foreground) and the floor unit. The elevator 
surfaces are shown mounted on the force and torque 
tube which was supported on two Emery knife-edges, 
located on the axis and near the ends of the tube. The 
tube was restrained from turning about its axis by a 
torque, or moment, arm which may be seen attached, 

Figure 3.—Details of balancing surfaces on the rudder and elevator controls of the 
Do-scale model XJ. S. S. Akron 

tangentially, to the center of the tube. The forces 
| and moments were transmitted by this tube to steel 

spring beams, the deflections of which were measured 
electrically. The floor unit consisted of two compen¬ 
sating units, two galvanometers (left background), a 
110-volt rotary converter to provide the alternating 
current, and two rectifiers to rectify the current 
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passing through the galvanometers. The rectifiers 
consisted simply of a pair of contact points operated 
by an eccentric attached to the shaft of the converter. 

The electrical relation between the various parts of 
the force component of the balance, which was essen- 

coils and a decrease in the other. The resulting un¬ 
balance, which was indicated by the deflection of a 
galvanometer, was compensated for by the movement 
of a similar armature in the floor unit. This move¬ 
ment was measured by means of a micrometer screw. 

Figure 4.—The Mo-scale model IT. S. S. Akron mounted in the propeller-research wind tunnel. 9=0° 

tially the same as the moment component, is shown 
in Figure 7. Four pairs of coils were connected in 
such a way as to form an induction bridge. Two arms 
of the bridge were in that part of the balance desig¬ 
nated the model unit; the remaining two were in the 

The point of balance of the bridge was indicated by 
the galvanometer. 

The measurements of lift, drag, and pitching mo¬ 
ment were made at three air speeds, approximately 
70, 85, and 100 miles per hour, and at nine angles of 

Figure 5.—The Mo-scale model U. S. S. Akron mounted in the propeller-research wind tunnel. 0=20° 

floor unit. The elevator forces were transmitted to a pitch, —3°, 0°, 3°, 6°, 9°, 12°, 15°, 18°, and 20°. The 
steel spring, the deflection of which caused the move- elevator forces and hinge moments were measured at 
ment of an armature, placed between the coils of ad- the above-mentioned speeds and pitch angles and at 
jacent arms of the induction bridge. This movement nine elevator angles, 0°, ±5°, ±10°, ±15°, and ±20°. 
caused an increase of the inductance in one pair of These latter measurements were repeated at the inter- 
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mediate speed with the balancing vanes removed from 
the elevators. The drag of the bare hull was meas¬ 
ured in two separate tests at speeds ranging from 28 
to 100 miles per hour. In order to obtain the lower 
speeds (below 50 miles per hour) it was necessary to 
reduce the pitch of the wind-tunnel propeller. (Refer¬ 
ence 5.) The drag of the model was also determined 
for a position several feet downstream from the first 

Figure 6.—Electric balance and auxiliary apparatus assembled for the calibration 
tests 

at the high-speed range in order to obtain a check on 
the correction for the variation in static pressure along 

the axis of the tunnel. 
The tare drag for four angles of pitch (0°, 6°, 12°, 

and 18°) was measured directly by suspending the 
model independently of the balances and supports and 
providing clearance for the horizontal steel crossbar 
and the tail sting. The latter was connected inside 
the hull to the crossbar, so that the total tare drag 
could be measured on the drag balance in the usual 

manner. 

Figure 7.—Schematic drawing outlining principal features of the balance used in 
measuring the elevator forces and hinge moments 

The range of Reynolds Numbers at which the tests 
were made varied from approximately 1,200,000 to 
4,300,000. The maximum value was about one thirty- 
fourth that of the full-scale ship at a speed of 84 miles 
per hour. The Reynolds Number given above is 

R = o.248 R, where R is the Reynolds 
v 

Number based on the length of the hull. 

PRECISION 

In order to determine the deflection of the wire 
balance a reference mark on the model was observed 
before and during a drag test by means of a transit. 
The deflection, that is, the downstream movement of 
the model, observed at the maximum velocity of the 
tunnel with the hull at 0° pitch was approximately 
0.06 inch. The error in the drag measurements caused 
by this deflection was 0.16 pound or less than 1 per 
cent of the gross drag of the bare hull. 

The maximum deviation of the observed values of 
drag from a mean curve for the high-speed range was 
±0.1 pound at the low angles of pitch and ± 1 pound 
at the very high angles. The observed values of the 
lift were probably accurate to ±0.5 pound. 

The electric balance in the calibration tests was 
accurate to ±0.02 pound; in the wind tunnel, however, 
because of the vibration of the model and the fluctua¬ 
tions in the air stream, the measurements of forces and 
moments on the elevators are probably only accurate 
to within ±0.1 pound for any individual force reading 
or ±0.1 inch-pound for any moment reading. The 
maximum elevator force and moment were approxi¬ 
mately 20 pounds and 15 inch-pounds, respectively. 
A recalibration of the balance after the tests checked 
the previous calibration very satisfactorily for the 
uploads; that is, for loads corresponding to a down 
elevator. The download calibration, however, differed 
from the previous one by about 5 per cent. The 
reason for this discrepancy is not definitely known. 
Fortunately, the downloads are of less interest than the 
uploads which were measured more accurately. 

RESULTS AND DISCUSSION 

The results have been reduced to the usual non- 
dimensional coefficients which are defined as follows: 

Drag coefficient, Ca= 

Lift coefficient, ^(^j- 

,, _ . . Moment about center of buoyancy 
Moment coefficient, Gm=-~~Qj- 

i „ _ . , „ Elevator force normal to hull axis 
I Elevator force coefficient, Cs=-—--“ 

Elevator hinge moment Moments about elevator axis 
coefficient CH q S c 

where g —dynamic pressure in pounds per square foot 
vol — volume of hull in cubic feet, 

S— area of elevators in square feet (not includ¬ 

ing balance vanes), and 
c — chord of elevator in feet. 

The faired coefficients are presented in Tables I, II, 
and III for the bare hull, the hull with the control car 
and Mark-I surfaces, and with the control car and 

Mark-II surfaces, respectively. 
The drag coefficients are corrected for tare drag and 

for static pressure variation in the tunnel which amount 
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to about 38 per cent and 10 per cent, respectively, of 
the gross drag of the bare hull at 0° angle of pitch. 
The static pressure variation along the hull is given in 
the following table: 

a/L... 0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

p/g-— .032 .025 .020 .017 .015 .013 .011 .010 .010 .011 .013 

density wind tunnel. A wooden model, one two- 
lumdredths scale and of polygonal cross section similar 
to the model of the present tests, was tested both on 
the main balance and on the auxiliary balance in the 
old open-throat variable-density tunnel. (Reference 
3.) A metal model, one two-hundred-fiftieth scale, 
had a circular cross section and was tested on the 

FTFmWF 
Completely turbulent 

t > ‘ A tfl l-rrrrtr ■ 

-V. 0. T. (me to! mode!)- 

Transition curve 

V. D. T. (wooden model) A ! 
-j-j—(auxiliary balance) 

Completely laminar 

~J Variable - density bzct 
A tunnel (N. A. C. A rTpp 
~ {Propel let— research 

funnel (N. A. C.AJyj-4- 
t-Computed curves - 

0.080 

0.002 

0.00/ 
lu” d J 4 5 6 8 I06 2 3 4 5 6 8 1C7 

o /w . Vfvo/J'P 
Reynolds Number =-—- 

Figure 8.—Experimental drag coefficients and computed frictional-drag coefficients of bare hull for the Lo-scale model U. S. S. Akron 

0.030 

O.OIO 

0.008 

Cs 

0.006 

0.005 

0.004 

0.003 

I 
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where a is the distance from the nose, L the length of 
the hull, p the static pressure at a point on the axis of 
the tunnel, and q the dynamic pressure of the air 
stream. 

The method of determining the latter correction 
was to plot the static pressure measured in the absence 
of the model at the points along the axis against the 
corresponding cross-sectional area of the hull and 
then to integrate the area under the resulting curve. 

The drag coefficients of the bare hull for three values 
of the Reynolds Number are given in the following j 
table and compared with the results obtained with 
two models of the same airship tested in the variable- 

auxiliary balance in the new closed-throat arrangement 
of the variable-densit}?- tunnel. The results of the 
latter tests have not previously been published. 

Reynolds Number ( . 3> 050j 000 ^ 730> 000 

P. R.T.modelZRS-4 (one-fortiethscale)__Cs=0.0198 0 0193 
V. D. T. wooden model (main balance) (one two- 

hundredth scale)...Cs=. 
V. D. T. wooden model (auxiliary balance) (one 

two-hundredth scale)....Cs-. 0215 .0212 
V. D. T. metal model (auxiliary balance) (one two- 

hundred-fiftieth scale).Cs=. 0228 . 0223 

4,300,000 

0.0190 

.0180 

.0209 

.0219 

The results of the present tests at the highest 
Reynolds Number are seen to be about a mean of the 
results obtained in the variable-density tunnel for the 
one two-hundredth scale wooden model. The agree- 
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merit is not quite so good, however, when the results 
are compared to those of the metal model, which are 
about 15 per cent higher than the present results. It 
should be noted, however, that the accuracy of the 
tests conducted in the old variable-density tunnel is 
somewhat questionable because of a very large hori¬ 
zontal buoyancy correction. Also, in the case of the 
tests on the main balance, the interference effects of 
the relatively large streamline supporting-strut are 

Figure 9.—Drag coefficients—bare hull and hull with Mark-II tail surfaces and 
control car (g=25.6 pounds per square foot) for theMo-scale model U. S. S. 

Akron 

unknown. The difference between the present results 
and those of the new closed-throat variable-density 
tunnel, in which the buoyancy correction was quite 
small, might possibly be attributed to the difference in 
cross section between the two models. The drag 
coefficients are plotted against Reynolds Number in 
Figure 8 on logarithmic scales and compared with the 
variable-density tunnel results and also with the 

frictional drag for the present model computed by the 
method described in reference 6. The transition 
curve was computed for the critical boundary-layer 
Reynolds Number corresponding to the transition 
point found in the boundary-layer measurements. 

(Reference 2.) 
The high-speed portion of the curve for the subject 

tests approximates that of the computed transition 
curve, whereas the low-speed values, contrary to what 
one would expect, increase with decreasing Reynolds 
Number until at the lowest speeds the curve approxi¬ 
mates the computed curve for completely turbulent 
flow. This variation may possibly be accounted for 

Figure 10.—Lift coefficients (q=25.6 pounds per square foot) for the Mo-scale 
model U. S. S. Akron 

by a change in the air-stream turbulence. If the de- 
: gree of turbulence in the wind stream were the same 

for the low-speed as for the high-speed tests the experi¬ 
mental curve for the former would be expected to fall 
along the transition curve approximated by the high¬ 
speed drag values. The fact that the rate of increase 
of the drag coefficients, with decreasing Reynolds 
Number, is greater for the low-speed than for the high¬ 
speed test apparently indicates that the degree of 
turbulence in the air stream was greater for the low 

j speeds, in which the pitch of the wind-tunnel propeller 
was decreased, than for the high speeds. The direct 
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comparison of the measured and frictional drag, as 
given above, is considered justified by the fact that the 
pressure drag on this model determined from pressure- 
distribution tests (reference 6) was negligible, within 
the accuracy of the tests. 

The drag of the bare hull in the second position, 
about 7 feet downstream, was 12 per cent higher than 
for the first. These results are somewhat question¬ 
able, however, because of the unsteadiness of the 
model and the uncertainty of the tare drag in this 
position, both of which were due to the fact that the 
rear supporting wires were in the very turbulent back¬ 
wash from the bell of the exit cone. If the tare drag 
determined for the first position is used in calculating 
the drag the difference is reduced to 8 per cent. The 
horizontal buoyancy correction for the second position 

8, degrees 

Figure 11.—Pitching-moment coefficients about center of buoyancy (s=25.6 
pounds per square foot) for the *4o-scale model U. S. S. Akron 

was 6 per cent of the drag of the hull and was in the 
opposite direction to that of the upstream position. 

The drag coefficients for the bare hull and for the 
hull fitted with the Mark-II surfaces and control car 
are shown in Figure 9 for the various angles of pitch. 
The Mark-II surfaces and control car increased the 
drag coefficient from 0.0190 to 0.0242, at 0° angle of 
pitch, an increase over the bare-hull drag of about 27 
per cent. The results were approximately the same 
with the Mark-1 surfaces at this angle of pitch. At 
other angles of pitch the Mark-I surfaces gave a some¬ 
what lower drag coefficient than the Mark-II. A 
drag test of the hull with the control car showed that 
the contribution to the drag of this appendage was 
less than 3 per cent of the drag of the bare hull. 

The lift coefficients for the hull with the tail sur¬ 
faces, shown in Figure 10, are very little different 

for the two sets of tail surfaces although, in general, 
the Mark-II coefficients are slightly higher. 

The pitching-moment coefficients, taken about the 
center of buoyancy, are given in Figure 11. The 
slopes of these curves indicate that the model, with 
either set of tail surfaces, is somewhat unstable for 
angles of pitch up to 9°, is then approximately neu¬ 
trally stable for a small range, and is stable for pitch 
angles greater than 12°. The instability is somewhat 
less with Mark-II tail surfaces than with Mark-I. 

The pitching-moment coefficients are considerably 
lower for the Mark-II fins and elevators than for the 
Mark-I, indicating that the former, although having 
approximately 10 per cent less area, should give 
better control. This indication is shown in a different 
manner in Figure 12, in which the elevator angles for 
zero moment, obtained from the intersection of the 
moment curves with the axis of abscissa (fig. 11), 
have been plotted for the corresponding angles of 

Figure 12.—Elevator angle required for zero moment. The ido-scale model 
U. S. S. Akron 

pitch. From these curves may be determined the 
elevator angle required for zero pitching moment at 
any desired angle of pitch. The difference in the two 
curves is small at the low angles but increases with 
pitch angle to a maximum at about 10°, where the 
elevator angle required for zero moment with the 
Mark-II surfaces is nearly 3° less than with the 
Mark-I. The fact that the moment coefficients are 
not zero for the 0° angle of pitch at the 0° elevator 
setting indicates that there was a slight asymmetry 
in the model or that the air flow was not strictly axial. 

The coefficients for the elevator forces normal to 
the axis of the hull are compared in Figure 13. The 
Mark-II coefficients are higher, in general, than the 
Mark-I, the difference being small at the low elevator 
angles but increasing with elevator angle to a maxi¬ 
mum at 20°. The coefficients change very slowly 
with angle of pitch up to an angle of 10°. This slow 
change is probably because the direction of the local 
velocity over the elevators at the low pitch angles was 
controlled by, and was parallel to, the main fin 
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surfaces. As the angle of pitch increased the influence ; 
of the fixed fin surfaces decreased; hence, the elevator 
forces increased more rapidly. 

The variation of the elevator hinge moments with 
elevator angle is shown in Figures 14 and 15 for five 
angles of pitch. The results for the two types of 
surfaces are similar in that they show that the elevators 
were considerably overbalanced for a very large range 
of elevator angles. In both cases the overbalance is j 

a maximum, for the low angles of pitch, at approxi¬ 
mately 5 = 8° and again at 5= -8°. The overbalance 
with the Mark-I surfaces, however, is considerably 
less than with the Mark-II, as was to be expected, 
since the balancing vanes for the Mark-II surfaces 
were larger in proportion to the area of the elevator 
surface than those of the Mark-I, while the chord of 
the Mark-II elevators was about 10 per cent less than 
that of the Mark-I. A better method of comparing 
these surfaces is to compute the moments of the areas 
of the elevator surfaces and the balancing vanes about 
the elevator hinge axis, considering that the moments 
of the balancing vanes are opposed to those of the 
elevators. The moments for the Mark-II surfaces, 
if computed in this manner, are about 20 per cent less 

than those of the Mark-I. 
149900—33-39 

It is understood that in the design of the elevator 
surfaces a certain amount of overbalance was intended 
in order to overcome the friction in the control system 

and, more particularly, to reduce the hinge moments 
at the high angles of these surfaces. The range and 
magnitude of the overbalance shown in the results of 
the present tests, however, seem to be excessive, 
especially in the case of the Mark-II control surfaces. 
The results of these tests have since been confirmed by 
full-scale flight tests. 

The results of the elevator hinge moments and forces 
for the Mark-II elevators without the balancing vanes 

Akron. Mark-I tail surfaces. (g=25.6 pounds per square foot) 

are presented in Table III—f and Table Ill-g, re¬ 
spectively. The hinge moments for the 0° angle of 
pitch are also included in the plot in bigure 13. 

CONCLUSIONS 

1. The drag of the bare hull at the high Reynolds 
Numbers was found to be in reasonable agreement 
with the results of previous tests on models of the same 

airship. 
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2. The Mark-II tail surfaces were found to give more 1 
favorable characteristics with respect to control than j 
those of the Mark-I. 

3. The results of the measurements of the elevator 
hinge moments showed that these coefficients were 2- 
considerably greater for the Mark-II fins at the high 
elevator angles than for the Mark-I and that both sets 3 

of elevators were overbalanced for a large range of ele¬ 
vator angles, this overbalance appearing to be excessive 4. 
for the Mark-II elevators. 

5. 

Langley Memorial Aeronautical Laboratory, 6 

National Advisory Committee for Aeronautics, I 

Langley Field, Va., May 6, 1932. 
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TABLE I 

%o-SCALE MODEL IT. S. S. “AKRON ” 

BARE HULL 

lift, drag, and pitching-moment coefficients 

Angle of pitch, 9 

V 
-3° 0° 3° 6° 9° 12° 15° 18° 20° 

D 
Cs~q (vol) W 

12.5 0. 0199 0. 0198 0. 0208 0. 0229 0. 0280 0. 0354 0. 0478 0. 0628 0. 0873 
19.0 .0193 . 0193 . 0202 . 0222 . 0273 . 0346 .0467 .0619 . 0751 
25. 6 .0191 . 0190 . 0200 .0219 .0270 .0342 .0460 . 0613 . 0737 

CL—Mr 
q (vol) 2/3 

12. 5 -0.006 0. 000 0.011 0.029 0. 054 0. 080 0. 115 0. 155 0. 183 
19.0 -.006 .000 .011 .029 .054 .080 . 115 . 155 . 183 
25.6 -.006 . 000 .011 .029 .054 .080 

■U5 
. 155 .183 

Cm- n 
q vol 

12.5 -0. 070 0.003 0. 078 0. 150 0.212 0. 260 0. 307 0.348 0. 377 
19. 0 -.070 .003 .078 . 150 .212 . 260 .307 .348 .377 
25.6 -.070 .003 .078 . 150 .212 .260 .307 .348 .377 
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TABLE II-o 

%o-SCALE MODEL, U. S. S. “AKRON” 

MARK I TAIL SURFACES 

DRAG COEFFICIENTS 

r -D 

Ls_ q (vol) */3 

q 

Angle of pitch, 0 

5 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

1 to
 

o
 ° 12.5 0. 0385 0.0331 0. 0316 0. 0343 ! 0.0419 0. 0580 0. 0815 0. 1117 1 0.1430 

19. 0 . 0380 .0327 .0310 . 0336 .0411 . 0563 . 0780 . 1090 . 1385 
25.6 .0376 .0325 .0308 .0331 .0408 . 0555 .0767 . 1079 . 1365 

-15° 12.5 .0343 . 0300 . 0294 .0328 .0417 .0581 .0824 . 1140 . 1456 
19.0 .0338 . 0296 . 0288 . 0323 . 0408 .0566 .0797 . 1116 .1412 
25.6 . 0335 .0294 .0286 .0319 .0405 .0559 .0787 . 1104 .1394 

-10° 12. 5 .0306 .0274 . 0275 . 0320 .0417 .0586 .0848 .1185 .1489 
19. 0 .0301 .0269 .0270 . 0314 .0406 . 0573 .0820 . 1160 .1450 j 
25.6 .0298 .0266 .0268 .0311 .0402 . 0565 . 0809 . 1149 .1432 

12.5 .0278 .0255 .0263 .0317 .0419 .0595 .0872 . 1241 . 1537 
-5° 19.0 .0272 . 0250 .0259 .0311 .0410 . 0583 . 0346 .1211 . 1496 

25.6 .0270 .0248 .0257 . 0309 .0405 . 0575 .0834 . 1200 .1477 

0° 12.5 . 0263 .0246 .0260 .0323 .0435 .0615 .0907 .1306 . 1604 
19. 0 .0258 .0242 . 0257 .0318 .0427 .0001 .0880 .1275 . 1568 
25. 6 .0256 .0240 .0255 .0314 .0421 .0591 . 0868 . 1261 .1544 

5° 12.5 .0261 .0254 . 0276 .0344 .0472 .0665 .0967 . 1388 . 1699 
19. 0 . 0257 . 0249 .0273 . 0339 . 0465 .0051 .0941 .1354 . 1655 
25.6 .0255 .0247 .0271 .0335 .0460 . 0641 .0926 .1341 .1634 

10° 12.5 . 0269 .0272 .0306 .0380 .0520 .0732 .1019 .1483 . 1806 j 
19. 0 .0264 . 0206 .0300 . 0375 .0514 .0720 . 1038 .1447 .1759 ! 
25.6 .0262 . 0265 . 0298 .0371 .0509 .0714 .1007 .1436 . 1742 

15° 12.5 .0283 . 0291 .0345 .0428 .0575 . 0805 .1130 . 1582 .1918 
19. 0 .0279 . 0292 . 0339 .0420 .0569 .0795 .1111 . 1548 .1867 
25.6 . 0277 .0298 .0335 .0417 .0565 .0790 . 1105 .1537 .1858 

to
 

c
 o 12.5 . 0314 .0334 .0390 .0489 . 0635 .0882 .1232 .1686 .2035 

19.0 . 0309 .0328 .0383 .0476 .0628 . 0873 .1215 . 1652 . 1985 
25.6 . 0306 . 0325 .0378 .0468 . 0625 .0868 .1211 . 1644 . 1977 

TABLE II—& 

LIFT COEFFICIENTS 

L 
q (vol) 2/3 

Angle of pitch, 0 

8 q 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 12.5 -0. 090 -0.055 -0. 020 0. 021 0. 075 0. 139 0. 210 0. 290 0.344 
19. 0 -.090 -.055 —. 020 .021 .073 .136 . 207 .285 .339 
25.6 -.090 -.055 -.020 .021 .071 . 133 .204 .281 .335 

-15° 12.5 -. 075 -.040 -.006 .035 .089 . 153 .225 .306 .361 
19.0 -.075 -.040 -.006 .035 .087 .149 .222 .302 .357 
25.6 -.075 -.040 -.006 .035 .085 . 145 .219 .299 .353 

-19° 12.5 -. 061 -.026 .009 .049 .102 . 167 .240 .321 .378 
19.0 -. 061 -. 026 .009 . 049 .100 . 163 .235 .317 .374 
25.6 -.061 -.026 .009 .049 .099 .160 .231 .314 .370 

-5° 12.5 -. 045 -.011 .023 .064 .119 .183 . 257 .339 .396 
19.0 -.045 -.011 .023 .064 . 116 .179 .252 .304 .391 
25.6 -.045 -on .023 .064 . 114 .175 .247 .330 .386 

0° 12.5 -.030 .004 .037 .079 . 132 .199 .274 .356 .414 
19. 0 -.030 .004 . 037 .079 . 130 .195 .270 .352 .409 
25.6 -.030 .004 .037 .079 . 129 . 191 . 266 .348 .405 

5° 12.5 -.017 .017 .052 094 .150 .216 .290 .375 .431 
19. 0 -.017 .017 .052 . 094 . 147 .213 .286 .370 .426 
25.6 -.017 .017 .052 .094 .145 .210 .282 .365 .421 

10° 12. 5 -.002 .031 .067 .110 . 165 .232 .309 .392 .450 
19. 0 -.002 .031 .067 .110 . 163 .229 .305 .388 .445 
25.6 -.002 .031 .067 . 110 . 162 .226 .301 .385 .440 

15° 12.5 .013 . 040 .082 . 125 . 180 .250 .326 .410 .467 
19.0 .013 . 046 .082 . 125 . 179 .247 .323 .405 .463 
25.6 .013 . 046 .082 .125 . 178 .245 .320 .401 .459 

20° 12.5 .026 .060 .096 .140 . 196 .267 .344 .427 .485 
19.0 .026 .060 .096 . 140 . 195 .264 .341 .423 .480 
25.0 .026 .060 .096 .140 .194 .262 .339 .420 .475 
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TABLE II-c 

PITCHING-MOMENT COEFFICIENTS 

c C/ m — i 
q VOl 

£ 
Angle of pitch, 9 

Q 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 12.5 0.059 0. 095 0.139 0.174 0.189 0.193 0.188 0.173 0.160 
19.0 .059 .095 . 139 . 174 . 190 . 195 . 191 . 176 . 163 
25. 6 .059 .095 . 139 . 174 . 191 .196 . 194 .179 . 165 

-15° 12.5 .039 .077 . 120 . 154 .170 . 173 . 165 . 149 . 135 
19.0 . 039 .077 .120 . 154 .172 . 176 .168 . 152 . 138 
25.6 . 039 .077 . 120 . 154 .173 .178 . 170 .155 .140 

-10° 12.5 .016 .055 .099 . 131 .148 .150 .139 .120 .105 
19.0 .016 .055 . 099 . 131 .149 . 153 .142 . 123 .108 
25.6 .016 .055 .099 . 131 .150 . 155 .145 .125 .110 

-5° 12.5 -.009 .025 .075 .107 .123 .125 . 114 .091 .073 
19.0 -.009 .025 . 075 .107 .124 . 128 . 116 .093 .075 
25.6 -. 009 . 025 .075 .107 .125 .130 .118 .095 .077 

0° 12.5 -.036 .004 .050 .082 .098 . 100 .084 .059 .039 
19.0 -.036 .004 .050 .082 .099 .103 .086 . 061 .041 
25.6 -.036 .004 .050 .082 .100 . 105 .088 .063 .043 1 

5° 12.5 -.065 -.021 .022 .055 .069 .071 .051 .025 .003 
19.0 -.065 -.021 .022 .055 .072 .072 .053 .028 .006 
25.6 -.065 -.021 .022 .055 .074 .073 .055 .030 .009 

10° 12.5 -.090 -.048 -.005 .027 .040 .039 .020 -.009 -.031 
19.0 -.090 -.048 -.005 .027 .043 .042 .023 -.005 -.028 
25.6 -.090 -.048 -.005 .027 .045 .044 .025 -.002 -.025 

15° 12.5 -. Ill -. 069 -.030 .000 .013 .008 -.010 -.038 -.060 
19.0 -.111 -.069 -.030 .000 .014 .010 -.007 -.035 -. 057 
25.6 -. Ill -. 069 -.030 .000 .015 .012 -.005 -.032 -.055 

20° 12.5 -.130 -.087 -.054 -.029 -.017 -.021 -.040 -.068 -.088 
19.0 -. 130 -.087 -. 054 -.029 -.015 -.019 -.038 -. 066 -.086 
25.6 -. 130 -.087 -.054 -.029 -.014 -.017 -.037 -.064 -.084 

TABLE II—d 

ELEVATOR FORCE COEFFICIENTS 

Angle of pitch, 9 

Q 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

1 to
 

o
 o 12.5 -0. 671 -0. 615 -0. 570 -0. 536 -0. 523 -0. 523 -0. 514 -0. 502 -0. 499 

19.0 -.659 -.604 -.559 -.525 -.511 -.511 -.504 -.492 -.488 
25.6 -.647 -.591 -.547 -.515 -.500 -.501 -.492 -.483 -.481 

-15° 12.5 -. 569 -. 530 -.496 -.471 -.459 -.468 -.456 -.446 -.441 
19.0 -.580 -.541 -.508 -.482 -.470 -.477 -.467 -.456 -.451 
25.6 -. 588 -.549 -.515 -.492 -.480 -.486 -.476 -.467 -.461 

-10° 12.5 -.469 -.429 -.394 -.363 -.344 -.334 -.302 -.281 -.270 
19.0 -.475 -.435 -.400 -.370 -.351 -.342 -.310 -.288 -.278 
25. 6 -.480 -.441 -.407 -.375 -.358 -.349 -.317 -.298 -.286 

-5° 12.5 -.279 -.244 -.219 -.195 -.178 -.156 -.101 -.069 -.055 
19.0 -.279 -.244 -.219 -.195 -. 178 -. 158 -.105 -.074 -.060 
25.6 -.279 -.244 -.219 -. 195 -.178 -.161 -.110 -.079 -. 066 

0° 12.5 -.053 -.019 .010 .028 .042 .073 .140 . 174 . 194 
19.0 -.053 -.019 .010 .028 .042 .071 . 138 .170 190 
25.6 -.053 -.019 .010 .028 .042 .070 .135 . 165 .185 

5° 12.5 .165 .197 .231 .259 .273 .304 .364 .410 .425 
19.0 . 168 .200 .234 .261 .273 .304 .364 .410 .425 
25. 6 . 171 .202 .236 .263 .273 .304 .364 .410 .425 

10° 12.5 .356 .388 .425 .452 .470 .493 .544 .593 .610 
19.0 . 363 .396 .433 .461 .479 .501 .551 .601 .617 
25.6 .371 .403 .440 .470 .487 .510 .559 .609 .024 

15° 12.5 .496 .525 .566 .595 .621 .652 .709 .761 .781 
19.0 .515 .541 .580 .605 .635 .665 .721 .771 .791 
25.6 .534 .560 .598 .623 .648 .679 .733 .783 .800 

O
 o

 
tM

 12.5 .577 .619 .676 .725 .771 .815 .873 .929 .949 
19.0 .586 .627 .685 .734 .779 .823 .885 .939 .957 
25. 6 .595 .635 .693 .741 .788 .832 .895 .948 .965 
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TABLE Il-e 

HINGE MOMENT COEFFICIENT 

Angle of pitch, 8 

Q 
-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 12.5 0.097 0.079 0.062 0.046 0.033 0.024 0.019 0.015 0.013 
19.0 .098 .081 .OM .048 .035 .027 .022 .018 .016 
25.6 .099 .082 .065 .050 .037 .029 .025 .021 .018 

-15° 12.5 .055 .036 .025 .015 .006 -.002 -.008 -.011 -.014 
19.0 .055 .036 .025 .015 .006 -.002 -.008 -.011 -.014 
25.0 .055 .036 .025 .015 .006 -.002 -.008 -.011 -.014 

-10° 12.5 .007 -.001 -.004 -.006 -.011 -.017 -.018 -.021 -.025 
19.0 .005 -. 003 -.006 -.008 -.013 -.018 -.019 -.022 -.026 
25.6 .004 -.004 -.007 -.009 -.014 -.019 -.020 -.023 -.027 

-5° 12.5 -.006 -.003 -.003 -.008 -.015 -.020 -.018 -.023 -.027 
19.0 -.006 -.003 -.003 -.009 -.016 -.021 -.019 -.024 -.028 
25.6 -.006 -.003 -.003 -.009 -.016 -.022 -.020 -.025 -.029 

0° 12.5 .000 .004 .004 -.002 -.011 -.016 -.014 -.020 -.024 
19.0 .000 .004 .004 -.002 -.012 -.017 -.015 -.021 -.025 
25.6 .000 .004 .004 -.002 -.012 -.018 -.016 -.022 -.026 

5° 12.5 .007 .009 .005 .000 -.008 -.014 -.018 -.026 -.031 
19.0 .007 . 009 .005 .000 -.008 -.014 -.018 -.026 -.031 
25.6 .007 .009 .005 .000 -.008 -.014 -.018 -.026 -. 031 

10° 12.5 .008 .002 -.005 -.013 -.022 -.030 -.040 -.054 -.062 
19.0 .009 .004 -.003 -.011 -.019 -.028 -.037 -.051 -.059 
25. 6 .009 . 005 -.002 -.009 -.017 -.025 -.034 -.048 -.056 

15° 12.5 -.013 -.027 -.044 -.033 -.059 -.066 —.076 -.085 -.090 
19.0 -.011 -.025 -.042 -.031 -.058 -.065 -.075 -.084 —.089 
25. 0 -.009 -.023 -.040 -.030 -.057 -.064 -.074 -.083 -.088 

O
 O

 
CM

 12.5 -.055 -.072 -.088 -.084 —. 0S2 -.089 -.100 -.113 -.120 
19.0 -.055 -.072 —.088 -.084 -. 082 -.089 -.100 -.113 -. 120 
25.6 -.055 -.072 -.088 -.084 -.082 —. 089 -.100 -.113 -.120 

TABLE III-a 

y40 SCALE MODEL U. S. S. “AKRON” MARK II TAIL SURFACES 

DRAG COEFFICIENTS 

r*- D 
6 ff(V0l)V3 

Angle of pitch, 9 

s Q 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

O o 
CM 1 12.5 0.0395 0. 0339 0.0325 0.0353 0.0446 0. 0583 0. 0808 0. 1095 0.1345 

19.0 .0383 .0332 .0319 .0345 .0432 .0569 .0797 . 1085 . 1315 
25.6 .0383 .0335 0317 . 0344 .0423 .0557 .0790 . 1073 . 1299 

-15° 12.5 .0354 .0307 . 0303 .0333 .0431 .0564 .0802 .1111 .1380 
19.0 .0344 .0301 .0297 .0320 .0412 .0556 .0790 . 1093 . 1357 
25. 6 .0342 .0299 .0294 .0316 .0402 .0545 .0783 . 1082 . 133S 

-10° 12.5 . 0315 .0280 .0285 .0319 .0425 .0568 .0820 . 1147 . 1424 
19.0 .0310 .0275 .0280 .0311 .0410 .0563 . 0S06 . 1127 .1401 
25.6 .0306 .0275 .0275 .0307 .0400 .0554 .0799 .1115 .1383 

-5° 12.5 .0282 .0259 .0274 .0315 .0430 .0588 .0850 .1193 .1482 
19.0 .0281 .0255 .0268 .0311 .0418 .0570 .0839 .1178 . 1455 
25.6 .0278 . 0255 .0265 .0309 .0409 . 0574 .0829 .1168 .1436 

0° 12.5 . 0259 .0247 .0269 . 0324 .0447 .0618 .0893 .1258 .1560 
19.0 .0261 .0242 .0268 .0318 .0435 .0608 .0871 . 1238 . 1536 
25.6 .0262 .0242 . 026S .0320 .0430 .0605 .0872 . 1231 .1514 

5° 12.5 .0259 .0259 .0285 . 0347 .0483 .0665 .0956 . 1345 . 1654 
19.0 .0265 .0256 .0285 .0343 .0470 .0656 .0941 . 1321 .1632 
25.6 .0265 .0255 '. 0285 .0345 .0468 .0653 .0930 .1308 .1610 

10° 12.5 .0276 .0281 .0320 .0390 .0535 .0733 .1045 .1443 .1762 
19.0 .0282 .0278 .0316- .0383 .0522 .0725 . 1030 . 1421 . 1741 
25.6 .0280 .0275 .0314 .0383 . 0521 .0720 . 1017 . 1407 .1717 

15° 12.5 . 0303 .0308 .0361 .0439 . 0596 .0816 .1149 .1548 .1885 
19.0 .0300 .0305 .0354 .0432 .0583 .0808 .1133 . 1530 .1855 
25.6 .0300 .0300 .0350 .0428 .0583 .0801 .1118 . 1512 .1833 

20° 12.5 . 0335 .0338 .0407 .0495 .0663 .0909 .1264 .1655 . 2018 
19.0 . 0324 .0334 .0396 .0487 .0651 .0897 . 1242 .1643 .1970 j 
25.6 .0324 .0336 .0389 .0477 . 0650 .0890 .1227 .1621 .1950 
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TABLE 111-6 

LIFT COEFFICIENTS 

Cz,= 
L 

g(vo l)2'* 

1 
Angle of pitch, 8 

5 

i 

q 
-3° 0° 90 O 6° 9° 12° 15° 18° 20° 

i 

-20° 12.5 -0. 095 -0. 059 -0. 020 0. 025 0.080 0. 143 0. 211 0.284 0. 334 
19.0 -.096 -. 060 -.021 .024 .077 . 137 .205 .279 .330 
25.6 -.095 -.059 -.021 .024 .077 . 135 .201 . 273 .326 

-15° 12. 5 -. 080 -. 045 -.006 .039 .095 . 157 .225 .300 .351 
19.0 -.081 -.045 -.006 .039 .092 . 153 . 222 .297 . 349 
25.6 -.080 -. 045 -. 006 .038 .091 . 150 .218 .292 .347 

-10° 12.5 —. 065 -.029 .009 .054 . 107 .171 .241 .317 .372 
19.0 -. 065 -. 030 .008 . 053 . 105 . 167 . 237 .313 . 368 
25.6 -. 065 -.030 .008 .051 . 105 .165 .234 .311 .366 

-5° 12. 5 -.051 -.015 .024 .070 . 122 . 186 .257 .335 .391 
19.0 -. 050 -. 015 .023 . 067 . 119 . 132 .253 .331 .388 
25.6 -.050 -.015 .023 .066 .119 . 180 .250 .329 .386 

0° 12.5 -.035 .000 .039 .084 . 138 .203 .275 . 355 .410 
19.0 -. 036 .000 .038 .081 . 135 . 199 . 271 . 351 .407 
25.6 -.035 .000 .037 .081 .133 .196 .267 .349 . 406 

5° 12.5 -.021 .015 .053 .100 .156 .222 .294 . 374 .430 
19.0 -.021 .015 .053 . 097 . 152 .216 .289 .370 .428 
25.6 -.020 .015 .052 .095 . 149 .212 .284 .366 .425 

10° 12.5 -. 006 .029 .069 . 115 .174 .240 .312 .392 .447 
19.0 -.006 .029 .067 . 113 .170 .235 .308 .390 .447 
25.6 -.006 .029 .067 .111 .166 .232 .305 .388 .446 

15° 12. 5 .009 .045 .084 . 132 . 191 .258 .332 .413 .471 
19.0 .008 .044 .084 .130 .188 . 253 .328 .412 .470 
25.6 .008 .044 .082 . 128 .185 .253 .327 .409 .466 

20° 12.5 .024 .061 . 101 . 151 .210 .279 .353 .433 .491 
19.0 .024 .061 . 101 .149 .208 .277 . 351 .432 . 490 
25. 6 .025 .058 .098 .143 . 206 . 276 .351 .431 .488 

TABLE III—c 

PITCHING-MOMENT COEFFICIENT 

C 
q vol 

Angle of pitch, 8 

5 q 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 12.5 0. 056 0.096 0. 133 0. 161 0.172 0.176 0. 173 0.160 0. 150 
19.0 .057 .093 . 128 . 158 .173 . 176 . 173 . 162 . 151 
25.6 .063 .101 .133 .159 . 174 . 178 . 173 . 163 .151 

-15° 12.5 .037 .076 . 113 .142 . 155 . 157 . 150 . 137 . 126 
19.0 . 039 .077 . 113 . 142 . 156 . 162 .157 . 142 . 127 
25.6 .040 .077 . 112 .142 .156 . 159 . 154 . 140 .127 

-10° 12.5 .017 .054 .091 . 124 .135 . 136 . 127 .110 .096 
19.0 .019 . 056 .090 . 117 . 135 . 140 . 131 . 113 .097 
25.6 .015 .053 .089 .120 . 135 . 137 . 129 . 113 .099 

-5° 12.5 -.008 .032 .069 . 100 . 113 . 112 . 101 .081 .065 
19.0 -.006 .032 .067 . 098 .112 .112 . 101 .081 . 065 
25.6 -.007 .031 .067 .097 . 112 . Ill . 100 .082 .068 

0° 12.5 -.034 .007 .046 .078 .090 .085 .070 .048 .030 
19.0 -.032 .007 .045 . 075 .087 .085 .070 .048 .030 
25.6 -.032 .006 .043 .073 .087 .084 .070 .050 .035 

5° 12.5 -. 063 -. 020 .021 .050 .061 .057 .040 . 014 -.007 
19.0 -. 059 -.017 .020 .048 .060 .057 .038 .013 -.006 
25. 6 -.058 -.019 .018 .047 .058 .057 .040 .017 .000 

10° 12.5 -.087 -.042 -. 00 4 .022 .030 .026 .005 -.022 -. 043 
19.0 -.084 -.042 -. 005 . 020 .030 .026 . 007 -.020 -.(Ml 
25. 6 -.081 -. 042 -. 005 .021 .030 .025 .007 -.016 -.035 

15° 12.5 -. 109 —. 065 -.028 -. 007 -.003 -.010 -. 030 -. 058 -. 078 
19.0 -. 106 -.064 -.030 -.007 -.002 -.008 -.027 -.055 -.075 
25.6 -. 107 —. 065 -.029 -.007 -.002 -.007 -.024 -. 050 -. 071 

20° 12.5 -. 128 -.086 -.054 -.035 -.035 -.042 -. 066 -. 093 -. 112 
19.0 -. 125 -. 085 -. 055 -.036 -.032 -.043 -.061 -.087 -. 107 
25.6 -. 130 -.088 -. 055 -. 035 -.031 -.039 ~. 056 -.084 -. 106 
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TABLE Ill-rf 

ELEVATOR FORCE COEFFICIENT 

Angle of pitch, 6 

6 5 
-3° 0° 3° 6° 9° 12° 15° 18° 

O O
 

CM 

—20° 12.5 -0. 748 -0. 700 -0. 667 -0. 647 -0. 610 -0.600 -0.590 -0.577 -0.555 
19.0 —. 748 -.700 -.666 -. 645 -. 610 -.600 -.594 -.582 —. 558 
25. 0 -.748 -.699 -.660 -.632 -.610 -.600 -. 600 -. 591 —. 575 

—15° 12.5 -.620 -.570 -.540 -.521 -.495 -.494 -.513 -.487 —. 445 

19.0 -.630 -.578 —. 559 -.535 -.507 -.512 -. 523 -.495 —. 456 

25.6 -.641 -.604 —. 575 -. 548 -.530 -.534 -.535 -.508 —.470 j 

— 10° 12.5 -.493 -.446 -.418 -. 400 -.393 -.383 -.365 -.315 -.244 

19.0 -.497 -. 450 -.422 -. 405 -.393 -.385 -.370 -.326 —. 260 

25.6 -.505 -.457 -.425 -.405 -.394 —. 386 -.380 -.337 —.271 

-5° 12.5 -.270 -.232 -.215 -.215 -.219 -.204 -.165 -.088 -.022 

19.0 -. 273 -.234 -.216 -.215 -. 220 -. 209 -.170 -.095 —. 029 

25.6 —. 277 -.240 -.217 -. 215 -.220 -.210 -. 175 -.100 —. 037 

0° 12.5 -. 045 -.020 .010 .014 .005 .027 .089 .180 .255 

19.0 -.038 -.016 .011 .014 .005 .023 .086 . 171 . 241 

25.6 -.034 -.015 .012 .015 .005 .021 .084 .163 . 222 

5° 12.5 .191 .230 .253 .259 .249 .280 .347 .426 .491 

19.0 . 193 . 235 . 255 .262 .251 .280 .347 .426 . 491 

25 6 .205 .237 .259 .264 .253 .280 .347 .426 . 491 

10° 12.5 .383 .423 .451 . 464 .466 .483 .570 .645 .685 

19.0 .394 .434 . 485 .483 .486 .496 .579 .652 .696 

25.6 .403 .446 .480 .500 .499 .511 .588 . (562 .703 

15° 12.5 .509 .540 .572 .606 . 645 .701 .783 .860 .891 

19.0 .519 . 550 .583 .620 .659 .708 .791 . 867 . 900 

25.6 .530 . 564 .600 .635 .668 .712 .800 .876 . 909 

20° 12.5 .645 .696 .741 .780 .828 .898 .995 1.056 1.078 

19. 0 . 658 .707 .752 .791 .840 .912 1.023 1.088 1.110 

25.6 .681 .720 .760 .800 .849 .933 1.047 1.115 1. 141 

TABLE Ill-e 

HINGE MOMENT COEFFICIENT 

Angle of pitch, 6 

b 9 
-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 12.5 
19.0 
25.6 

0.113 
.113 
.112 

0.099 
.099 
.100 

0.089 
.089 
.089 

0. 072 
.072 
.072 

0.059 
.059 
.059 

0.044 
.045 
.045 

0.031 
.031 
.031 

0 018 
.017 
.017 

0.008 
.009 
.009 

-15° 12.5 
19.0 
25.6 

.048 

.047 

.046 

.024 

.025 

.026 

.016 

.014 

.013 

.008 

.007 

.005 

.002 

.001 

.000 

-.004 
-.003 
-. 003 

-.005 
-.006 
-.006 

-.009 
-.008 
-.008 

-.009 
-. 009 
-.009 

-10° 12.5 
19.0 
25.6 

.006 

.006 

.006 

-.003 
-. 003 
-.003 

-.009 
-.009 
-.009 

-.011 
-.013 
-.014 

-.013 
-.015 
-.015 

-.014 
-.015 
-.017 

-.015 
-.016 
-.017 

-.015 
-.016 
-.017 

-.014 
-.015 
-.016 

-5° 12.5 
19.0 
25.6 

-.007 
-.005 
-.004 

-.004 
-.004 
-.004 

-.003 
-.004 
-.005 

-.006 
-.007 
-.009 

-.011 
-.012 
-.013 

-.016 
-.018 
-.019 

-.018 
-.019 
-.021 

-.017 
-.018 
-.019 

-.013 
-.014 
-.015 

0° 12.5 
19.0 
25.6 

.006 

.005 

.005 

.010 

.009 

.008 

.011 

.010 

.009 

.007 

.006 

.006 

-.003 
-.003 
-.005 

-.012 
-.013 
-.014 

-.015 
-.016 
-.018 

-.013 
-.014 
-.015 

-.009 
-.010 
-.011 

5° 12.5 
19.0 
25.6 

.01S 

.018 

.018 

.019 

.019 

.019 

.023 

.023 

.016 

.012 

.011 

.009 

.003 

.001 

.001 

-.005 
-.005 
-.007 

-.008 
-.009 
-.010 

-.010 
-.011 
-.011 

-.013 
-.012 
-.010 

10° 12.5 
19.0 
25.6 

.018 

.019 

.020 

.016 

.017. 

.018 

.009 

.009 
' .009 

-.001 
-.001 
-.001 

-.015 
-.014 
-.013 

-.022 
-.023 
-.024 

-.031 
-.030 
-.029 

-. 039 
-.037 
-.036 

-.046 
-.044 
-.040 

15° 12.5 
19.0 
25.6 

-.019 
-.018 
-. 018 

-. 034 
-.034 
-.034 

-.049 
-. 049 
-.049 

-.050 
-.050 
-.050 

-.050 
-.050 
-.049 

-.054 
-. 054 
-.053 

-.063 
-.061 
-.060 

-.074 
-.071 
-.070 

-.085 
-.084 
-.078 

20° 12.5 
19.0 
25.6 

-.081 
-.080 
-.079 

-. 097 
-.096 
-.095 

-.107 
-.107 
-.106 

-.099 
-. 099 
-.099 

-.096 
-.096 
-.096 

-.096 
-.096 
-.096 

-.102 
-. 102 
-.102 

-.112 
-.112 
-.112 

-. 126 
-.126 
-.126 
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TABLE III-/ 

BALANCING VANES REMOVED 

HINGE MOMENT COEFFICIENT 

Ca 
Mu 
gSc 

s o 
Angle of pitch, 0 

-3° 0° 3° 6° 9° 12° 15° 18° to
 

o
 o 

-20° 19 0.189 0.165 0.147 0.135 0.128 0.130 0.129 0.119 0.113 1 «J 19 . 122 .104 .090 .080 .074 .073 .074 . 076 — 10° 19 . 066 .050 .040 .035 .035 .040 .046 . 046 . 039 —5 19 . 025 .015 .011 .012 .017 .019 .015 . 000 —. 003 0 19 . 001 -.002 -.004 -.005 -.006 -. 009 -.017 -.029 —. 039 0 19 —.018 —.020 -. 028 -. 034 -.039 -.047 -. 059 —. 074 — 086 10° 19 —.044 -.052 -. 067 -.075 -.082 -.093 —.108 —. 125 —. 137 15 19 -. 082 -.095 -.113 -.124 -. 131 -. 143 -. 159 -. 177 —. 190 20° 19 -. 136 -. 151 -.172 -.180 -. 186 -.200 -. 217 -.235 -.248 

TABLE IIL-g 

ELEVATOR FORCE COEFFICIENT 

5 g 

Angle of pitch, 0 

-3° 0° 3° 6° 9° 12° 15° 18° 20° 

-20° 
-15° 
-10° 
-5° 

0° 
5° 

10° 
15° 
20° 

19 
19 
19 
19 
19 
19 
19 
19 
19 

-0.610 
-. 429 
-.280 
-.155 
-.009 

.116 

.247 

.373 

.519 

-0.528 
-.370 
-.234 
-. 125 

.007 

. 127 

.267 

.400 

.560 

-0. 475 
-.332 
-.209 
-.109 

.017 

.157 

.312 

.462 

.633 

-0.442 
-.309 
-. 197 
-.100 

.023 

.170 

.340 

.498 

.682 

-0.421 
-. 294 
-. 190 
-.095 

.034 

.188 

.360 

.521 

. 705 

-0. 409 
-.284 
-. 191 
-.079 

.060 

.220 

.391 

.563 

.750 

-0. 400 
-.285 
-.196 
—. 057 

.094 

.259 

.433 

. 615 

.800 

-0. 398 
-.290 
-. 183 
-.028 

.133 

.303 

.480 

.652 

.838 

-0. 390 
-.292 
-. 160 
-.001 

.164 

.334 

.517 

.671 

.863 
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RATES OF FUEL DISCHARGE AS AFFECTED BY THE DESIGN OF FUEL-INJECTION 
SYSTEMS FOR INTERNAL-COMBUSTION ENGINES 

By A. G. Gelalles and E. T. Marsh 

SUMMARY 

Using the method oj weighing fuel collected in a receiver 
during a definite interval of the injection period, rates of 
discharge were determined, and the effects noted, when 
various changes were made in a fuel-injection system. 
The injection system consisted primarily of a by-pass 
controlled fuel pump and an automatic injection valve. 
The variables of the system studied were the pump speed, 
pump-throttle setting, discharge-orifice diameter, injection- 
valve opening and closing pressures, and injection-tube 
length and diameter. 

The results show that, for the same orifice diameter, the 
rate of discharge increased with the pump speed and 
injection-valve opening and closing pressures. For the 
same pump speed, the throttle setting had little effect upon 
the rate of discharge up to the point of cut-off. The rates 
of discharge conformed approximately to the contour of 
the cam only with the larger size orifices; with the smaller 
orifices, because of the excess energy supplied by the 
pump over that utilized for discharge, the higher intensity 
reflections and reenforcements altered the discharge to a 
different conformation. The tube length was found to 
have little effect on either the rate of discharge, injection 
period, or injection lag. The data show that the pressure 
before the injection valve is affected substantially if 
injection-tube diameters are used that are below the 
critical diameter. 

INTRODUCTION 

In the operation of compression-ignition engines it 
is particularly desirable to control the rate of burning 
in the combustion chamber. Rapid burning of the 
fuel is manifested by a rapid rise of pressure in the 
engine cylinder, resulting in rough running, of the 
engine. High cylinder pressures usually accompany 
this rapid burning, increasing the stresses on the work¬ 
ing parts and often reducing the thermal efficiency of 
the engine. For the purpose of controlling this rate 
of pressure rise, efforts are being made by research 
workers to reduce to a minimum the time that elapses 
between the start of injection and the ignition of the 
fuel, i. e., the ignition lag. With a small ignition lag 

the rate of burning may undoubtedly be influenced to 
some extent by the rate and manner in which the fuel is 
injected into the combustion chamber. 

With spark ignition and fuel injection the mass rate 
of fuel discharge is not as important as with compres¬ 
sion ignition. However, the injection period and the 
velocity with which the spray is injected are important 
because both factors affect the fuel distribution. 

Data on the rate of fuel discharge are of considerable 
assistance in the selection of the size and type of fuel- 
injection pump and other integral parts of the injection 
system that are necessary to approach the desired 
conditions. Data on rate of discharge in conjunction 
with studies of the hydraulics of an injection system 
and other experimental data on the factors influencing 
spray characteristics give the engine designer informa¬ 
tion (1) on the type of fuel spray to anticipate at 
different conditions of operation, (2) on the relative 
merits and limitations of various injection systems, 
and (3) on the changes to be made in an injection 
system to obtain as near as possible the desired results. 
Information (3) is particularly desirable with respect 
to standardization of pumps and injection valves. 

The analytical and experimental investigations of 
Sass (reference 1) and Rothrock (reference 2) have 
shown that changes in the rate of fuel discharge can be 
effected through minor changes in the injection system. 
Some data on the rates of fuel discharge have been 
given by De Juhasz. (Reference 3.) He showed that 
the rate of discharge varied considerably with both 
the injection pressure and orifice size. Gerrish and 
Voss of this laboratory (reference 4) have determined 
the rate of discharge of a fuel pump controlled by a by¬ 
pass valve. The significant observation made on these 
tests was that, with this pump and an automatic 
injection valve, there was a period at the beginning of 
injection during which discharge took place at a very 
low rate. These rate-of-discharge tests, together 
with the tests by Rothrock (reference 2) on the hy¬ 
draulics of fuel-pump injection systems, indicated the 
need to continue investigations on rates of fuel dis¬ 

charge. 
607 
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The purpose of the present work was to furnish sup¬ 
plementary information on the rate of fuel discharge 
with the same pump and practically the same set of 
conditions used in the tests by Rothrock and to deter¬ 
mine how the rate of fuel injection with a given pump 
can be varied by changes in the injection valve and 
tubing. Tests were made with a by-pass port-con¬ 
trolled fuel-injection pump at various pump-shaft 
speeds, throttle settings, orifice diameters, injection- 
valve closing pressures, and injection-tube lengths and 
diameters. As the rate of fuel injection depends 
entirely on what actually occurs in the injection system, 
in the explanation of the results presented in this re¬ 
port, continual mention will be made of reference 2 

time interval of 1 pump degree, a receiver to collect 
the fuel passing through the disk slot, and an epicyclic 
gear train that reduced the pump speed to one-half the 
disk speed and with provisions to alter and record the 
angular phase of the disk with respect to the pump. 

The pump employed in these tests is shown diagram- 
matically in Figure 2 and is completely described by 
Wild in reference 5. When the plunger advances, the 
inlet ports are covered and a pressure is built up in the 
injection tube, culminating in the opening of the 
injection valve and the commencement of discharge. 
At a later part of the stroke, the slanted groove on the 
plunger communicating to the pressure side of the 
pump is brought opposite the inlet or suction port, 

where the hydraulics of a fuel-injection system are 
treated extensively. 

The investigation was conducted by the National 
Advisory Committee for Aeronautics at Langley 
Field, Va., during the summer of 1931. 

METHODS AND APPARATUS 

In this investigation the fuel discharged from an 
injection valve during a small interval of the injection 
period was collected in a receiver and weighed. This 
method was first used for this type of research by De 
Juhasz. (Reference 3.) The apparatus (fig. 1) con¬ 
sisted essentially of a fuel-injection system with a fuel 
pump and an injection valve to produce the spray, a 
rotating steel disk with a slot near its outside circum¬ 
ference to interpose a portion of the discharge during a 

thus releasing the pressure in the injection tube and 
stopping the discharge. The amount of the effective 
stroke is regulated by the angular rotation of the 
plunger, which causes the slanted groove to be brought 
opposite the suction port earlier or later in the stroke. 

The fuel discharged by the pump was returned to the 
pump when the needle valve (fig. 1) was open, and was 
discharged through the injection valve when the 
needle valve was closed. This valve was located as 
near to the injection line as possible to avoid any 
alterations to the conditions of flow that existed 
without the valve in place. 

The time-recording apparatus (not shown in fig. 1) 
consists of an electrically operated revolution counter 
and a stop watch for determining the rate and number 
of injections for which fuel was collected. The 
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weighing of the collected fuel was made on an analytical 

balance. 
The test, procedure was as follows: The weighed 

empty receiver was mounted on the bracket opposite 
the injection nozzle and as near to the nozzle as the 
rotating disk would permit. The apparatus was 
brought to the test speed. The needle valve con¬ 
trolling the beginning and end of discharge was closed 
and at the same instant an electric push-button was 
depressed, starting simultaneously the revolution 
counter and the stop watch. After a fixed time, 
usually one minute, the discharge-control valve was 
opened and the electric switch was again depressed, 
thus simultaneously ending the discharge and the 
counting of the number of discharges and of the time. 
The receiver and contents were weighed to determine 
the weight collected. The angular phase of the disk 
with respect to the pump was then altered and the 

procedure was repeated. 
Except when the orifice diameter and the injection- 

tube length and diameter were varied to study their 
effect on the rate of discharge, a nozzle having a single 
0.022-inch orifice and an injection tube 34 inches long 
with an inside diameter of 0.125 inch were used. 

The speeds at which the pump was tested were 
varied from 100 to 1,000 r.p.m., the throttle settings 
from one-fourth to full load, orifice diameters from 
0.008 to 0.042 inch, injection-valve closing pressures 
from 500 to 3,000 pounds per square inch (the injec¬ 
tion-valve opening pressure was 1.4 times the closing 
pressure), injection-tube lengths from 20 to 74 inches, 
and injection-tube inside diameters from 0.041 to 0.188 
inch. The fuel oil used had a specific gravity of 0.859 
and an absolute viscosity of 0.022 poise (approximately 

5 Say olt seconds Universal) at 100° F. and atmos¬ 

pheric pressure. 
The effective injection pressure behind the nozzle 

was determined from the relationship: 

A W = VAcyt = Act y'2gpy (1) 
in which 

Aik, weight collected per increment of discharge, 

1 pump degree. 
U, velocity of flow through the orifice, assumed 

to be constant over the whole cross section 
of the orifice. (Reference 6.) 

A, area of the discharge orifice. 
c, coefficient of discharge, 0.92. (Reference 6.) 
/, time interval of discharge during which fuel 

was collected. 
y, weight of fuel per unit volume. 

Solving for p c* 
^

 

N
-*

 
r—

*■ 

<1 II (2) 

in which 
1 

K — —7“UN2 2 f/y (Ac)2 

PRECISION OF RESULTS 

The precision with which the weights were collected 
depended on what portion of the actual fuel discharge 
was collected in the receiver during the interval of 
injection intercepted by the slot of the disk or its 
equivalent—1 pump degree. There wTas no other 
possible criterion than collecting a number of dis¬ 
charges in a bottle, weighing them, determining the 
amount of fuel per discharge, then comparing the 
weight thus obtained with that obtained by integrat¬ 
ing the curve of increment weights that were collected 
with the receiver per increment of injection against 
degrees. The amount of fuel collected by discharging 
in a bottle was more than that collected in the receiver 
of the rate-of-discharge tests but the excess was 

Figure 2.—Diagrammatic sketch of fuel pump used 
in tests 

rarely more than 2 per cent. A sufficient number of 
injections were collected in both tests to obtain a good 
average weight per injection. Increment weights were 
collected in the receiver every half pump degree when 
the rate at which the fuel was discharged increased or 
decreased rapidly and every 1 or 1.5 pump degrees 
when the rate remained approximately constant. 
The accuracy of the analytical balance under the con¬ 
ditions used in these tests was ± 0.02 gram; errors from 

this source were therefore negligible. 
It has been observed by Rothrock and Marsh 

(reference 7) in their investigation of injection lags for 
pump-injection systems with an oscilloscope using 
approximately the conditions and system of the 
present tests, that there was an interval at the begin¬ 
ning and end of injection during which fuel was dis¬ 
charged at a very low rate, as was evidenced by the 
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lightness of the spray produced. The duration of this 
light foredischarge and afterdischarge varied with the 
conditions, and was as long as 25 per cent of the total 
period at full throttle. Discharges were shown with 
negative injection lags; that is. spray appeared before the 
by-pass ports were fully covered at the pump. During 
only a portion of this foredischarge or afterdischarge 
period was it possible to collect fuel in the present 
tests. At no condition was there a negative lag ob¬ 
served in the present tests. As the amount of fuel col¬ 
lected by discharging into the bottle was rarely more 
than 2 per cent greater than that collected in the cup, 
this foredischarge or afterdischarge must have been 
too small to merit any consideration. 

The precision of the computed pressures depends on 
how accurately the factors of equations (1) and (2) 
were determined and how closely the conditions repre¬ 
sented by these equations were approached. The 
assumptions under which these equations were de¬ 
rived and the accuracy with which each of the factors 
involved were determined were discussed by Gelalles 
in reference 6. The same accuracy obtains in this 
work. Where effective pressures far below the closing 
pressure of the valve are shown in the results, the 
probability was that the injection-valve stem either 
bounced on its seat (reference 7) or remained barely 
lifted off its seat, thus throttling the flow. The com¬ 
puted pressures under these conditions can not there¬ 
fore represent the actual pressures behind the nozzle. 
Where pressures equal to or above the closing pressure 
of the valve are shown, they represent with a fair 
degree of accuracy the actual pressures behind the 
nozzle, subject to the limitations under which equa¬ 
tions (1) and (2) were derived. 

RESULTS AND DISCUSSION 

Rates of discharge at different pump speeds.— 
In Figures 3 to 6 are given the rates of dicharge and the 
computed effective injection pressures at varying pump 
speeds. For the purpose of easier comparison of the 
data, the zero points for the abscissa scales were se¬ 
lected arbitrarily so that the point at which the by¬ 
pass ports of the pump were covered by the advancing 
plunger (resulting in the commencement of discharge 
through the injection valve) comes at a fixed interval 
after the zero under all conditions of plotting. 

Speeds below 215 r. p. m. at an injection-valve 
closing pressure of 2,500 pounds per square inch and 
below 108 r. p. m. at a closing pressure of 500 pounds 
per square inch were not used with the 34-inch injec¬ 
tion tube because the pump could not build sufficient 
pressure to maintain the valve fully open throughout 
the effective stroke of the plunger. The amount of 
fuel discharged per injection diminished, and became 
irregular immediately below the foregoing speeds. 

An inspection of the figures shows the following 
characteristics: 

1. The interval in fractions of a second between the 
point at which the by-pass ports were closed and the 
commencement of discharge, or the injection lag, was 
increased with the decrease of speed. 

2. The rate of discharge constantly fluctuated at the 
lower speeds. The speed at which these fluctuations 
commenced varied with the closing pressure of the 
injection valve. 

3. The interval between the by-pass port opening 
and the cessation of discharge, or the cut-off lag, was 
decreased with the decrease of speed at the lower 
closing pressure tested. 

4. The period of injection in fractions of a second 
increased and in degrees decreased with the decrease 
in speed. 

In reference 2 the pressure before the nozzle was 
shown to vary with the pump-plunger velocity. It 
was shown there that, as the pump speed was de¬ 
creased, the intensity of the pressure weaves trans¬ 
mitted to the injection valve was decreased. Compu¬ 
tations for the higher speeds of these tests by the 
Allievi method of treatment show the intensity of the 
primary waves to be of sufficient magnitude to open 
the injection valve with either no reenforcement by 
reflected weaves or with only small reenforcement. As 
the speed was decreased, however, the number of 
reflected waves necessary to build up sufficient pres¬ 
sure to open the injection valve was increased. Tak¬ 
ing the speed of a pressure wave as equivalent to 
5.95 X 104 inches per second, the time required by a 
pressure wave to traverse the 34-inch injection tube 
was 5.7 X10-4 seconds. This time interval in pump 
degrees is given in Table I for the different pump 
speeds. For the closing pressure of 2,500 pounds per 
square inch (figs. 3 and 5) it is seen that (1) at the 
pump speed of 1,000 r. p. m. the valve opened shortly 
after the first wave front reached the injection valve, 
(2) at 750 r. p. m. the valve did not open until after 
the first wave was reflected from the injection valve 
but did open before the reflected wave again reached 
the valve, (3) at 470 r. p. m. sufficient time elapsed for 
the first wave to be reflected from the injection valve 
and reenforce the primary pressure wave twice before 
the valve opened, and (4) at 215 r. p. m. the first pres¬ 
sure wave was reflected and reenforced the primary 
three times before the valve was opened. For the 
injection-valve closing pressure of 500 pounds per 
square inch (figs. 4 and 6), (1) at 1,000 and 750 r. p. m. 
the valve opened when the first pressure wave reached 
the injection valve, (2) at 470 r. p. m. the valve did 
not open until after the first wave reached the injec¬ 
tion valve, but before the reflected wave reached the 
valve again, (3) at 215 r. p. m. the first pressure wave 
was reflected and reenforced the primary wave two 
times before the valve opened, and (4) at 108 r. p. m. 
the first wave was reflected and reenforced the primary 
nearly five times before the valve opened. 
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Figure 4.—Rates of discharge and effective injection pressures with 
various pump speeds: Throttle setting, full load; injection-tube 
length, 34 inches; inside tube diameter, 0.125 inch; injection-valve clos¬ 
ing pressure, 500 pounds per square inch; orifice diameter, 0.022 inch 
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Figure 6.—Rates of discharge and effective injection pressures with various pumps 
speeds: Throttle setting, full load; injection-tube length, 34 inches; inside tube 
diameter, 0.125 inch; injection-valve closing pressure, 500 pounds per square inch; 

orifice diameter, 0.022 inch 
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TABLE I 

EQUIVALENT INTERVAL IN PUMP DEGREES RE¬ 
QUIRED FOR A PRESSURE WAVE TO TRAVERSE 
A 34-INCH TUBE AT DIFFERENT PUMP SPEEDS 

L, tube length = 34 inches. 

S, velocity of a pressure wave = 59,500 inches 
per second. 

L/S= 5.72 X 10-4 seconds. 

Speed r. p. m_ ... ..._ 108 215 470 750 1,000 

Equivalent L/S in degrees... 0.37 0. 74 1.62 2. 58 3. 44 

For the same pump, it was shown experimentally 
and analytically in reference 2 that the reflected pres¬ 
sure waves from the valve end of the tube, after the 
valve opened, changed from a positive to a negative 
value as the speed was reduced from 750 to 470 r. p. m. 
It can be readily shown by the same analysis that as 
the speed was reduced from 1,000 to 750 r. p. m., the 
intensity of the reflected positive pressure waves was 
decreased; at 470 r. p. m. the reflected waves changed to 
comparatively weak negative waves; and, as the speed 
was reduced further, the reflected negative waves 
increased in intensity. 

The results shown in Figures 3 to 6 confirm the pre¬ 
vious test and the analytical results. For the speeds 
of 1,000 and 750 r. p. m., the rate of discharge and the 
computed effective pressures increased steadily until 
shortly after the pump plunger started riding over the 
decelerating part of the cam lift. The same phenome¬ 
non appears to be true for the 470 r. p. m. at 500 
pounds per square inch valve-closing pressure. (Figs. 
4 and 6.) For 470 r. p. m. at the valve-closing pressure 
of 2,500 pounds per square inch and for the lower 
speeds at both closing pressures, however, the rate of 
discharge and the computed effective injection pres¬ 
sures reached the greatest values soon after the open¬ 
ing of the injection valve. 

At the lower speeds, computed effective pressures 
below the closing pressures of the valve are shown, 
caused by restriction to the flow through the orifice 
because of the near approach of the valve stem to its 
seat. As was stated previously, sufficient pressure 
was built at the lower speeds of these tests to open the 
valve either by successive reenforcements of the pri¬ 
mary pressure waves, wholly reflected initial waves, or 
by higher intensity waves emanating from the pump 
as the plunger was riding on to a steeper portion of the 
earn. Owing to the negative reflected waves and the 
weak primary waves at these speeds, however, the pres¬ 
sure behind the valve could not be maintained above 
the closing pressure of the valve. The result was that 
the injection-valve stem was forced by the spring to¬ 
ward its seat, thus throttling the flow. Following this 
restriction, and especially if there was an instantaneous 
complete closure of the valve, sufficient pressure was 
again built up to force the stem away from its seat. 

For the speed of 215 r. p. m. at a valve-closing pressure 
of 500 pounds per square inch, there was a restriction 
to the flow through the orifice, but the pressure fluctua¬ 
tions were sufficient to maintain the valve stem floatin 
near its seat. For the speed of 215 r. p. m. at closin 
pressure of 2,500 pounds per square inch, and the speed 
of 108 r. p. m. at closing pressure of 500 pounds per 
square inch, the valve stem was alternately seated and 
forced away from its seat until the uncovering of the 
by-pass ports at the pump ended the discharge. 

No definite trend in the cut-off lag is shown in Figure 
5 with the valve at 2,500 pounds per square inch closing 
pressure. The explanation of this phenomenon can be 
found in the fact that there was not much difference 
between the closing pressure of the valves and the pres¬ 
sure behind the valve at the point of cut-off at the 
pump. When such small differences in pressure exist 
there can be little or no decompression period. The 
cut-off lag therefore depended largely on the lag of the 
check-valve and injection-valve closures, which are in¬ 
dependent of the pump under these conditions. 

In Figures 4 and 6 the cut-off lag is shown to decrease 
with the decrease of speed. This decrease was larger 
between the speeds of 1,000 and 470 r. p. m. for which 
the difference between the closing pressure of the valve 
and the pressure in the tube at the point of cut-off was 
comparatively large. This lag can be attributed to 
the inertia lag in the closing of the injection valve and 
to the trapping of fuel under pressure in the tube by 
the closure of the check valve. At the higher speeds 
the inertia lag in the valve closing was of appreciable 
magnitude, for the needle was some distance away from 
its seat. Trapping of fuel under pressure in the tube 
was possible because the difference of pressure in the 
tube and the primary pressure was so large that the 
check valve was forced to close quickly before the pres¬ 
sure in the tube was reduced appreciably. The pres¬ 
sure under which the fuel was trapped depended on 
the pump speed as the variation in the cut-off indicates. 

There was only a small difference in the weights dis¬ 
charged per injection at full load for the whole speed 
range tested. This feature of the pump is especially 
desirable with power plants operating at low speeds 
and full load. These conditions are met in the opera¬ 
tion of motor trucks, where conditions of traffic neces¬ 
sitate running at low engine speeds a large portion of 
the time. The disadvantage in the operation at low 
speeds and at full load is that, because of the lower 
effective pressure behind the valve, the spray delivered 
lacks penetrating ability and its atomization and dis¬ 
persion are poor enough to result in a lowered combus¬ 
tion efficiency. In aircraft engines this fluctuation of 
discharge at low speeds is not so objectionable because 
the low speeds are only used for idling and starting. 
Under these conditions the combustion efficiency of 
the engine is not of importance except for the disa¬ 
greeableness of a smoky exhaust. This disadvantage. 
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Figube 7.—Rates of discharge and effective injection pressures with various 
throttle settings: Pump speed, 215 r. p. m.; injection-tube length, 34 
inches; inside tube diameter, 0.125 inch; injection-valve closing pressure, 
2,500 pounds per square inch; orifice diameter, 0.022 inch 
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however, can be somewhat overcome by raising the 
opening and closing pressure of the valve. As was 
shown previously, the pressure behind the valve at the 
lower speeds remains, for the greater part of injection, 
very near the closing pressure of the valve. If the 
pressure falls below the closing pressure of the valve, 
the valve stem approaches its seat and a throttling 
takes place, which is followed by a pressure building 
up above the closing pressure of the valve as shown by 
the results. The pressure behind the valve therefore 
is kept slightly above or below the closing pressure of 
the valve and there is only a reduction in the effective 
opening through which discharge takes place. 

Rates of discharge at different throttle settings.— 
In Figures 7 to 10 the rates of discharge at different 
throttle settings and speeds are given. At part loads, 

At 1,000 r. p. m. (fig. 10) there were secondary dis¬ 
charges after cut-off at part loads. These discharges 
were probably due to the high-intensity wave reflections 
which persisted in the tube after the by-pass port was 
uncovered and the injection and check valves had 
closed. The duration of these discharges was greater 
at one-half and three-fourths load because the point of 
cut-off at the pump took place when the plunger was 
advancing at or near its maximum velocity. This 

phenomenon of secondary discharges was also observed 
previously with this injection system at full load and 
at 750 r. p. m., and is shown in the results presented in 
references 2 and 7. 

Up to the point of cut-off, there was a small difference 
in the rates of discharge and in the effective pressures 
regardless of the throttle setting. There was only a 

Figure 11.—Rates of discharge and effec¬ 
tive injection pressures with and without 
check valve: Pump speed, 1,000 r. p. m.; 
throttle setting, full load; injection-tube 
length, 34 inches; inside tube diameter, 
0.125 inch; injection-valve closing pres¬ 
sure, 2,500 pounds per square inch; orifice 
diameter, 0.022 inch 

Figure 12.—Rates of discharge and effec¬ 
tive injection pressures with and without 
check valve: Pump speed, 750 r. p. m.; 
throttle setting, full load; injection-tube 
length, 34 inches; inside tube diameter, 
0.125 inch; injection-valve closing pres¬ 
sure, 2,700 pounds per square inch; orifice 
diameter, 0.022 inch 

Figure 13.—Rates of discharge and effec 
tive injection pressures with and without 
chock valve: Pump speed, 470 r. p. m.; 
throttle setting, full load; injection-tube 
length, 34 inches; inside tube diameter, 
0.125 inch; injection-valve closing pres¬ 
sure, 2,500 pounds per square inch; orifice 
diameter, 0.022 inch 

throttle settings which gave weights per injection in 
exact proportion to full load at 750 r. p. m. were used. 

At part loads and at higher speeds, the cut-offs took 
place at an interval at which high-intensity pressure 
waves were propagated to the injection valve; the 
plunger was riding on a steep portion of the cam and 
there were high-intensity reflections reenforcing the 
primary wave. At the lower speeds, as was explained 
previously, the pressure difference between the closing 
pressure of the valve and the hydraulic pressure was 
small throughout the injection period. The valve 
stem, therefore, was close to its seat throughout the 
period of injection. Consequently, when the cut-off 
at part load took place at the pump and a rarefaction 
wave was transmitted to the injection valve, the delay 
in stopping the discharge at the lower speeds was small 
as compared to that at the higher speeds. 

small increase in the injection lag as the load was 
reduced at 215 and 750 r. p. m. The maximum varia¬ 
tion between the loads for the speeds tested is 5, 10, 
and 25 per cent for the three-fourths, one-half, and one- 
fourth load, respectively. 

Rates of discharge with and without check valve at 
the pump outlet.—In Figures 11, 12, and 13 the results 
obtained with and without the check valve at the 
pump outlet are shown for pump speeds of 1,000, 750, 
and 470 r. p. m. A comparison of the curves shows 
that for the same speed, both the injection period and 
the weight discharged per injection were smaller with¬ 
out than with the check valve, and as the speed was 
increased the weight discharged per injection without 
the check valve decreased while that with the check 
valve remained approximately constant. The explan¬ 
ation for these differences can be found by examining 
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the conditions existing in the injection system at the j 
commencement and end of discharge, resulting in longer 
injection lags and shorter cut-off lags when no check 
valve was used at the pump. 

The longer injection lag without the check valve can 
be explained by the fact that the pressure in the tube 
between injections was reduced to the pump intake 
pressure, as compared to the tube pressure with the 
check valve which was very much higher because of 
the trapping of the fuel by the closure of the check 
valve. As a consequence of this reduction in the 
initial pressure without the check valve, the injection 
valve did not open until the primary pressure wave was 
reenforced by the initial reflections once at 1,000 and 
750 r. p. m. and almost three times at 470 r. p. m. 
The difference in the injection lags, with and without 
the check valve at 1,000 and 750 r. p. m., was equiva¬ 
lent to exactly the time necessary for a pressure wave 
to traverse the tube twice, showing that when no check 
valve was used an additional reenforcement of the 
primary wave by the initial reflections was required 
before sufficient pressure was built up to open the injec¬ 

tion valve at these speeds. 
The cut-off lags without the check valve at 1,000 

and 750 r. p. m. were slightly longer than was necessary 
for the rarefaction impulse originating at the pump end 
by the uncovering of the by-pass ports to reach the 
valve end of the tube plus the inertia lag in the injec¬ 
tion-valve closing as computed by the method given in 
reference 8. The observed longer cut-off lags than 
anticipated indicate that the uncovering of the by-pass 
ports did not release the pressure in the tube instan¬ 
taneously. At 470 r. p. m. the discharge closed immedi¬ 
ately as the rarefaction wave from the pump reached 
the valve end of the tube, for at the point of cut-off the 
pressure before the valve was very near the closing 

pressure of the valve. 
Rates of discharge with different orifice diam¬ 

eters.—In Figure 14 the rates of discharge at different 
orifice diameters are given. Considerably higher 
pressures were built behind the valve with the smaller 
sizes of orifices. With the 0.008, 0.015, and 0.022 inch 
orifices the pressure, consequently the rates of dis¬ 
charge, continued to increase until sometime after 
the plunger began the decelerating motion of its up¬ 
stroke; the smaller the orifice size the longer this 
pressure rise continued. For the 0.031 and 0.042 inch 
orifices the pressure and rate of discharge variation 
conformed more closely to the acceleration and 
deceleration of the pump plunger. The effective in¬ 
jection pressures decreased with the increase of the 

orifice size. 
Owing to the small discharge opening with the 

smaller orifices, the amount of the pressure-wave 
energy utilized in the discharge of the fuel through the 
orifice wras smaller than with the larger orifices. With 
the smaller orifices tested the pressure-wave reflec¬ 

tions (reference 2) from the injection valve were of 
high intensity. The effects of these reflections and the 
subsequent reenforcements of the primary wave are 
shown clearly in the curve of the effective pressure 
behind the valve with the 0.008-inch orifice. There 
was a sudden increase in the effective pressure with 
every arrival of the reenforced wave at the injection 
valve. As the orifice size was increased, however, 
more of the pressure-wave energy was utilized in the 

Figure 14.—Rates of discharge and effective injection pressures with various orifice 
diameters: Pump speed, 750 r. p. m.; throttle setting, full load; injection-tube 
length, 34 inches; inside tube diameter, 0.125 inch; injection-valve closing pres¬ 

sures, 2,500 pounds per square inch 

discharge of the fuel, and the intensity of the reflected 

waves was decreased. 
The prolonged discharge after cut-off with the 

smaller orifices was caused by the fuel under pressure 
that was trapped in the fuel line by the closure of the 
check valve. Computations using the method given 
in reference 2 show that the actual time for the pro¬ 
longed discharge after cut-off agrees with the com¬ 
puted decompression period for the 0.015-inch orifice. 
Similar computations, however, account for only 
one-half of the decompression period for the 0.008- 

149900—33-40 
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inch orifice. During the tests with the 0.008-inch 
orifice the injection tube was observed to heat exces¬ 
sively. Although no measurements of the increase in 
the oil temperature and no computations were made, 
taking into account the compressibility of the fuel, 
which is known to change rapidly with temperature 
(reference 9), the difference between the computed and 
the actual decompression period can be safely attrib¬ 
uted to the changed physical properties of the fuel in 
the injection tube. 

The trapping of the fuel under pressure in the tube 
after cut-ofi explains the increased injection lag with 
the increase of orifice size. A ith the smaller orifices, 
the injection valve was given an opportunity to 
approach its seat slowly, and, when closed, leave the 

Jl I I J I J I M II I L 

effective injection pressure 

Injection - valve— 
closing pressure, 
500 tb./sg. in. |—j—f 

66. 5x! Os lb. 
-1- 

-U 
Injection - valve - 
closing pressure - 
1500 lb./sq. in.—|—f- 
Weight per injection A 

Injection - valve_ 
closing pressure, - 
0500 lb./sq. in. 
Weight per injectionA 

Injec tion- valve- 
closing pressure,-\— 
3000 lb./sq. /n,-j— j—j—, 
Weight per injectionj 

0 t 10 20 30 o' 40 50 60 70 80 
Port closure. Pump degrees. a. Port opening 

Figure 15.—Rates of discharge and effective injection pressures with various injec¬ 
tion-valve closing pressures: Pump speed, 750 r. p. m.; throttle setting, full load; 
injection-tube length, 34 inches; inside tube diameter, 0.125 inch; orifice diam¬ 
eter, 0.022 inch 

fuel in the tube between injections at a pressure very 
near the closing pressure of the valve. With the larger 
oiifices, the pressures before the valve immediately j 
preceding cut-ofi were near the closing pressures, and 
at the interval between cut-off and the closure of the 
injection valve sufficient fuel was discharged through 
the orifice and past the check valve to leave the 
pressure in the tube between injections much lower than 
the closing pressure of the valve. At the start of 
injection with the larger orifices, therefore, sufficient 
time elapsed until enough pressure was built up to 
open the valve. 

There was an 18 per cent difference in the total 
weight discharged per injection between the 0.042 and 

0.008 inch orifices, a 7 per cent difference between the 
0.042 and 0.015, but only 1 per cent difference between 
the 0.042 and 0.022 inch. 

From the results of Figure 14 it is seen that, for a 
given pump capacity, normal operating speeds, in¬ 
jection-valve design, and period of injection (which 
conditions are fixed by the engine capacity and design) 
the useful range of effective orifice areas is limited. 
In the selection of a suitable effective discharge orifice 
area, it would be advisable to make a set of computa¬ 
tions for the mean pressure before the discharge orifice 
with different orifice areas according to equation (1) 
in reference 2. Graphs of injection pressure against 
orifice areas at the normal operating speeds, loads, 
and other important conditions may be prepared. 
A suitable effective orifice area may then be selected 
that gives a spray with the desired penetrative power, 
dispersion, and atomization. 

Rates of discharge at different valve-closing pres¬ 
sure—In Figures 3 to 6 the results with two closing 
pressures and different speeds were given. In Figure 
15 the rates of discharge at various closing pressures 
at a speed of 750 r. p. m. are shown. As the valve- 
closing pressure was increased, the injection lag in¬ 
creased and the cut-off lag decreased, resulting in a 
shorter period of injection. In addition, the effective 
injection pressures and the period during which higher 
injection pressures existed behind the valve increased. 

At the valve-closing pressures of 500 and 1,500 
pounds per square inch, the valve opened immediately 
as the first pressure wave reached that end of the tube. 
At the closing pressure of 2,500 pounds per square 
inch, the valve opened after the initial pressure wave 
was reflected from the injection valve. At the closing 
pressure of 3,000 pounds per square inch, the valve 
did not open until after the complete reflection of the 
initial pressure wave reenforced the continuously ema¬ 
nating primary wave and had reached the injection 
valve again. 

The smaller cut-off lag at the higher closing pressures 
can be explained by the fact that the difference between 
the pressure behind the valve and the closing pressure 
of the valve W'as small. Therefore, the valve closed 
quickly as soon as a rarefaction reached that end of the 
tube after the opening of the by-pass ports at the 
pump. At the lower closing pressures, this difference in 
pressure was comparatively large; as was shown pre¬ 
viously, fuel under pressure was trapped in the line 
with a consequent slower closing of the valve. 

Computations according to reference 2 show that 
because there is no energy used for injection through 
the orifice during the early part of the effective pump 
stroke higher pressures are built behind the valve with 
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higher valve-closing pressures. Owing to the larger 
injection lag when higher closing pressures are used, 
the pressure waves propagated to the injection valve 
after the valve opens are reenforced by the wholly 
reflected portions of the initial primary. In addition, 
the waves emanating from the pump at that point are 
of a higher pressure intensity, for the plunger rides on 
a steeper portion of the cam. Thus, as the experi¬ 
mental results show, a higher injection pressure is 
maintained behind the injection valve. 

Owing to this higher injection pressure, with the 
highest closing pressure tested in which the injection 
period was 30 per cent smaller, the pump was able to 
deliver a total amount of fuel per injection only 5 per 
cent less than was obtained when the lowest closing 
pressure of the valve was used. 

Rates of discharge with different tube lengths.—In 
Figure 16 the results obtained with tubes of four differ¬ 
ent lengths are shown. In previous investigations of 
the committee (reference 10) for injection lags with 
common-rail injection system, an increase of injection 
lag was shown with the increase of tube length. This 
variation was normally what should have been ex¬ 
pected, if all other conditions were kept constant 
throughout the tests and if the inside diameter of the 
injection tube was of the proper size so that there 
were no appreciable losses to friction or compressibility. 
In the present tests with the pump injection system, 
the injection lags did not increase appreciably with 

the increase of the tube length. 
The number of pump degrees at 750 r. p. m. for a 

pressure wave to travel through the length of the 
20-inch tube is 1.5°, of the 34-incli tube 2.6°, of the 
53-inch tube 4°, and of the 74-inch 5.6°. With the 
exception of the 20-inch tube, the injection valve op¬ 
ened some time after the first reflection from the 
injection valve but before the primary wave was 
reenforced by any reflections. With the 20-inch tube, 
the time required was long enough for the initial 
reflected wave to reenforce the primary twice before 
sufficient pressure was built behind the valve to open 
it. The possibility is suggested that the pressure in 
the line between injections was lower with the shorter 
tube than with the longer. The inertia lag of closing 
of the injection valve and the check valve being ap¬ 
proximately the same for all tubes, the amount of fuel 
that left the tube during the interval of closing the 
by-pass ports and closing of both these valves was 
proportionately larger with the shorter tubes, thus 
leaving lower pressures between injections in the tube. 

The slightly increasing cut-off lags with the increase 
of tube length can be attributed to the longer time 
required for the rarefaction wave (propagated from 
the pump after the by-pass ports are uncovered) to 

traverse the longer tubes. 

Rates of discharge with different tube diameters.— 
Figures 17 and 18 give the rates of discharge with tubes 
of different diameters at speeds of 750 and 470 r. p. m., 
respectively. Thus far an injection tube was used 
having an inside diameter of 0.125 inch. As was shown 
in reference 2, this diameter was above the critical tube 
diameter for the conditions of these tests. With the 
use of the smaller tube diameters a disturbing factor 
was introduced, that is, the energy losses in the tube 
caused by the turbulent flow. It is difficult to form an 
equation representing the actual condition with a 
smaller tube because the friction losses become appre¬ 
ciable. 
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Figure 16.—Rates of discharge and effective injection pressures with 
various injection-tube lengths: Pump speed, 760 r. p. m.; throttle 
setting, full load; inside tube diameter, 0.125 inch; injection- 
valve closing pressure, 2,500 pounds per square inch; orifice diameter, 
0.022 inch 

At 750 r. p. m. (fig. 17), sufficient pressure was 
created to open the valve some time after the initial 
pressure wave was reflected from the valve end of the 

j tube, and slightly before or a little after the reenforced 
primary reached the valve again, with all tube diame¬ 
ters tested. After the opening of the valve, however, 
because of the resistance losses in the tubes having 
inside diameters below the critical diameter, sufficient 
pressure could not be maintained to keep the injection 
valve fully open. Immediately after the opening, the 
discharge decreased, which indicates that probably the 
valve stem was forced toward its seat with a conse¬ 
quent throttling of the flow. 
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At 470 r. p. m. (fig. 18) larger injection lags and 
short cut-off lags are shown with the increase of tube 
diameter. Computations according to reference 2 for 
the 0.125 and 0.187 inch tubes indicated that because 
of the low speed, the reflected pressure waves during 
the interval of injection were all negative and that the 
pressure behind the valve actually dropped far below 
the closing pressure of the valve before the effects of I 

Figure 17.—Rates of discharge and effective injection pressures 
with various inside tube diameters: Pump speed, 750 r. p. m.; 
throttle setting, full load; injection tube length, 34 inches; injec¬ 
tion-valve closing pressure, 2,500 pounds per square inch; orifice 
diameter, 0.022 inch 

the by-pass port closure were felt at the injection 
valve. The effect of friction losses on the rate of dis¬ 
charge with the 0.041-inch tube diameter are apparent 
by the ragged appearance of the curve. Nevertheless, 
because of the smaller losses to compressibility, the 
discharge did not end until after the rarefaction, due to 
opening of the by-pass ports at the pump, reached the 
injection valve. 

CONCLUSIONS 

The rates of discharge confirm previous analytical 
and experimental results for pressure variation before 
the injection valve with a fuel pump injection system. 

The rate of discharge in weight of fuel discharged per 
unit time increased with the increase of pump speed. 

Up to the point of cut-off, there was a small differ¬ 
ence in the rates of discharge, irrespective of the 
throttle setting at any one speed. 

The rates of discharge conformed approximately to 
the contour of the cam only with the larger size orifices. 

With the smaller orifices, the high-intensity pressure 
wave reflections and reenforcements altered the rates 
of discharge to a different conformation. There was 
evidence of the flow' being throttled by the injection- 
valve stem when orifices were used that were larger in 
diameter than those for which the pump was normally 
designed. 

With the increase of the opening and closing pres¬ 
sure of the injection valve, there was a decrease in the 
total injection period and an increase in the interval 
during which higher effective pressure prevailed before 
the injection valve. 

The tube length wTas found to have little effect on 
either the rate of discharge, injection period, or injec¬ 
tion lag with the injection system and conditions 
tested. 

Small tube diameters caused fluctuations in the rates 
of discharge. 

At part throttle settings the load variation between 
different speeds wras larger than at full throttle settings, 
and increased with the decrease of load. 

The general conclusion from these tests is that a 
single pump design can satisfy the several requirements 
of many engines, having approximately the same load 
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Figure 18—Rates of discharge and effective injection pres¬ 
sures with various inside tube diameters: Pump speed, 470 
r. p. m.; throttle Retting, full load; injection-tube length, 34 
inches; injection-valve closing pressure, 2,500 pounds per 
square-inch; orifice diameter, 0.022 inch 

demands, by using a suitably designed injection valve 
and other integral parts of the injection system; and 
that to obtain the best performance from an engine the 
injection system must be designed as a unit for any 
specific engine design. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 15, 1932. 
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REPORT No. 434 

LIFT AND DRAG CHARACTERISTICS AND GLIDING PERFORMANCE OF AN 
AUTOGIRO AS DETERMINED IN FLIGHT 

By John B. Wheatley 

SUMMARY 

The results of flight tests made by the National Ad¬ 
visory Committee for Aeronautics on a Pitcairn “PCA-2” 
autogiro are presented in this report. Lift and drag 
coefficients with the propeller stopped have been deter¬ 
mined over approximately a 90° range of angles of attack. 
Based on the sum of fixed-wing and swept-disk areas, 
the maximum lift coefficient is 0.895, the minimum drag 
coefficient with propeller stopped is 0.015, and the maxi¬ 
mum L/D with propeller stopped is f.8. Lift coefficients 
were found also with the propeller delivering positive 
thrust and did not differ consistently from those found 
with propeller stopped. Curves of gliding performance 
included in this report show a minimum vertical velocity 
of 15 feet per second at an air speed of 86 miles per hour 
and a flight-path angle of —17°. In vertical descent the 
vertical velocity is 85 feet per second. 

INTRODUCTION 

Research on the autogiro has been undertaken by 
the National Advisory Committee for Aeronautics in 
connection with the study of the general problem of 
safety in flight. The essential characteristic of the 
autogiro that distinguishes it from conventional air¬ 
planes is that the velocity of the lifting surfaces with 
respect to the air is almost entirely independent of the 
velocity of the machine as a whole. The value of this 
attribute with respect to safety lies in the increase in 
the useful range of air speeds at which flight may be 

maintained. 
The determination of lift and drag characteristics 

was decided upon as the initial step into an extensive 
program of research because of the lack of reliable 
full-scale information on the fundamental aero¬ 
dynamic characteristics of the autogiro and the need 
to establish clearly a datum to which further work will 
be referred. The curves and data contained in the 
body of this report constitute, so far as is known, the 
first authentic full-scale information concerning auto¬ 
giro characteristics that has been published. This re¬ 
port presents the results of a series of glide tests, made 
to determine the lift and drag characteristics of a 
Pitcairn PCA-2 autogiro over the full range of angles 

of attack. The tests were performed by the National 
Advisory Committee for Aeronautics at Langley 
Field, Va. 

APPARATUS AND METHODS 

The tests were performed on a Pitcairn PCA-2 
autogiro, shown in Figure 1. The essential physical 
characteristics of the autogiro are as follows: 

Rotor 
Number of blades... 
Profile of section... 
Diameter____ 
Blade chord (outer straight portion) 

Disk area.... 
Solidity..... 

Wing 

Profile.... 
Span.---- 
Chord—root.. 
Area—projected_ 

Aspect ratio_ 

Incidence--- 

Symbol 
b..4. 
. Gottingen 429. 
2R.....45.0 ft. 
c... 1.833 ft. 
SD-.. 1,588 sq. ft. 
Total blade 0.0976. 

area/disk 

area. 

...Modified N.A.C.A.-M3. 

.. 30 ft. 3H in. 

.4 ft. 4 in. 

Sw-.101 sq. ft. 
.9.1. 
. 1.7°. 

General 
Total area_ S=So4-Sir— 1,689 sq.ft. 
Gross weight as flown... W- 2,940 1b. 
Wing loading_____ W/S-1.74lb./sq. ft. 
Engine_ Wright R-975. 
Power—rated__-.-.. 300 hp 

The essential quantities necessary to a determina¬ 
tion of lift and drag characteristics are dynamic pres¬ 
sure, flight-path angle, and attitude angle. Measure¬ 
ments of dynamic pressure and flight-path angle were 
obtained during a portion of the tests from an N. A. 
C. A. flight-path-angle and air-speed recorder sus¬ 
pended 80 feet below the aircraft. (Reference 1.) 
Subsequently it became necessary to alter the stand¬ 
ard instrument so that it could record glides at an 
amde as great as 90°. The alteration consisted of the 
incorporation in the instrument of a yoke suspension 
and a 90° inclinometer unit, the yoke being shown in 
Figure 2. At low speeds, however, the instrument 
proved to be unstable and the inclinometer failed to 
function. An alternate method of obtaining flight- 
path angle was applied, in which the vertical velocity 
was calculated from a time history of altitude obtained 
by the observer with a sensitive altimeter and battery 
of stop watches. Flight-path angle followed directly 

621 
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from the ratio between the vertical velocity and true lack of reliable information on the propeller character- 
air speed. The attitude of the autogiro was recorded istics, no attempt was made to calculate thrust directly 

Figure 1.—Three-quarter view of PCA-2 autogiro 

by a pendulum-type inclinometer (reference 1) fixed 
in the fuselage. 

Complementary quantities required during the glide 
tests included air density, control position, rotor speed, 
and, in a few cases, engine speed. Data from which 
air density was calculated were obtained by visual 
observations of a liquid-in-glass type thermometer 
placed in the air stream and a sensitive altimeter in 
the observer’s cockpit. During a part of the tests 
atmospheric pressure was recorded by an aneroid- 
type recording altimeter, but the observations of pres¬ 
sure altitude proved to be a more desirable method. 
Rotor speeds were obtained visually by the pilot or 
observer from the indicating tachometer installed in 
the aircraft. In auxiliary tests made with positive 
thrust, the pilot also noted engine speed from the 
engine tachometer. 

The flight tests consisted principally of steady 30- 
seconcl glides at angles of attack ranging approxi¬ 
mately from 0° to 90° with the propeller stopped in a 
vertical position by means of a brake. From the 
average values of dynamic pressure, attitude angle, 
and flight-path angle given by the continuous records 
obtained in each glide, the lift and drag characteristics 
were calculated as described in reference 2. A correc¬ 
tion was made for the drag of the suspended instru¬ 
ment from data given in reference 2. 

In order to determine the effect of the slipstream on 
the rotor characteristics, an auxiliary group of glide 
tests was made with the propeller rotating at sufficient 
speed to develop varied small amounts of positive 
thrust. Test procedure in this case was identical with 
that when the propeller was stopped. Owing to the 

from engine speed and air speed. The magnitude of 
the thrust was closely approximated by a considera- 

Figure 2.—Swivel suspension for ilight-path-angle and air-speed recorder 

tion of the change in flight-path angle from that at the 
same air speed with propeller stopped, using a pro- 
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peller-drag coefficient calculated from the curves given 

in reference 3. 
RESULTS 

The lift and drag characteristics of the autogiro are 
presented in Figures 3 and 4 and in Tables I and II. 
The area to which the force coefficients are referred is 
the sum of the swept-disk area and the fixed-wing 

the state of operation of an autogiro rotor, is defined 

by the equation 
_ V cos a 

QR 

where V—true air speed, feet per second. 
a —angle of attack, degrees. 

—rotor angular velocity, radians per second. 

area, the wing being considered as extending through 
the fuselage. The use of the swept-disk area is arbi¬ 
trary, but an arbitrary selection is necessary, inas¬ 
much as the predominating velocity of the rotor blades 
is not the velocity of flight. The inclusion of the fixed- 
wing area follows by analogy with a biplane. With this 
choice of area the coefficients are of the same order of 

Figure 4.—Polar curve for PCA-2 autogiro 

magnitude of those of a normal wing. The angle of 
attack given in the graphs and tables is the angle be¬ 
tween the relative wind and a perpendicular to the 
rotor axis lying in the plane of symmetry. Drag 
coefficients, unless otherwise specified, have been 
calculated from the drag of the aircraft as flown less 

the drag of the suspended instrument. 
The rotor parameter p. is plotted in Figure 3 against 

angle of attack. This parameter, which determines 

The effect of the calculated propeller drag upon the 
drag coefficient and the LjD curve against angle of 
attack is shown in Figure 5. The propeller drag was 
estimated from the curves in reference 3 and was 

Angle of attack, degrees 

Figure 5.—Curves showing effect of propeller on PCA-2 autogiro characteristic 
curves. Estimated propeller C'd=0.003, propeller drag=4.93 q. (From refer¬ 

ence 3.) 

assumed constant over the range of angles of attack 

covered by Figure 5. 
The gliding performance with stopped propeller is 

shown in Figures 6, 7, and 8. Figure 6 shows the 
variation in flight-path angle 7 and indicated vertical 
velocity Vv with indicated air speed. Figure 7 shows 
indicated vertical velocity as a function of flight-path 
angle. In Figure 8 vertical velocity has been plotted 



624 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

represents the air speed along the flight path. 

against horizontal velocity, and lines of constant ACCURACY 

flight-path angle have been shown. The polar distance The effect of accidental errors is reflected in the dis- 
from the origin, indicated by the circular arcs drawn, persion of experimental points on the curves. It will 

be noted that this dispersion increases rapidly above 

an angle of attack of 16°. This effect is prob¬ 
ably a result of the errors introduced by the 
indirect method of determining flight-path angles 
at large angles of attack, augmented by the 
unsteadiness of the aircraft at low air speeds. 
The number of experimental points obtained is 
large enough, however, to reduce the re¬ 
sultant accidental errors in faired curves to 
a small value. 

Errors consistent in sign are not indicated by 
the dispersion of points. The chief source of 
such errors is the effect of the rotor-induced flow 
on the magnitude and direction of the resultant 
air velocity in the vicinity of the suspended 
flight-path-angle and air-speed recorder. The 
effect of this flow on the alignment of the sus¬ 
pended instrument, as well as the effect of any 
inherent misalignment, was eliminated by a de¬ 
termination of the alignment in level flight at 
various speeds. The alignment thus established 
is believed precise to within ±0.1°. The effect 
of the induced flow on the recorded dynamic 
pressure, however, was not eliminated. Cal- 

•Figure 6.—Flight-path angle and vertical velocity as functions of air speed for j . CulatioilS based Oil the USlial wing theory ill- 

pca-2 autogiro gliding with stopped propeller dicate that the magnitude of the induced velocity at 

Results of the tests with positive thrust are shown 
in Figure 9, in which the lift coefficients obtained are 
plotted against angle of attack. The portion of the lift 
curve obtained with propeller stopped at correspond¬ 
ing angles of attack is shown in the same figure for 
•comparison. 

the suspended instrument is approximately —0.013 
CRV where CR is the coefficient of resultant force 
based on disk area. Owing to uncertainty concerning 
the justification for applying wing theory to this case, 
no correction to recorded results was applied. It is 
probable that at high angles of attack the error in 
dynamic pressure will be from - 2 per cent to — 3 per 

^ O ~/0 -20 -30 -40 -50 -60 -70 SO -90 

C 6/ight-path anqleJdeOPees 
Figure 7.—Variation of vertical velocity with flight-path angle 

for PCA-2 autogiro gliding with stopped propeller 
Figure 8.—Gliding performance curve of PCA-2 autogiro, with stopped propeller 

Table I presents the data obtained in glides with 
stopped propeller when the flight-path angle was 
directly measured, Table II shows the data obtained 
by indirect measurement of flight-path angle in glides 
with stopped propeller, and Table III contains the 
'data obtained from glides with rotating propeller. 

cent, whereas at low angles of attack the correction 
may be safely neglected. 

If the indeterminate effect of rotor-induced velocities 
on the suspended instrument is disregarded, it is 
believed that the values of the faired curves may be 
relied upon within the following limits: 
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Quantity 
Angles of attack from Angles of attack 

0° to 16° from 16° to 90° 

Cl. 
CD. 
a_ 

V COS a 

y—flight-path angle 

V..—. 
V__— 

±2 per cent 
_do. 
±0.2°_ 

±3 per cent 

±0.1°. 

±2 per cent 
±1 per cent 

±3 per cent. 
Do. 

±4°. 

±4 per cent. 

±4°. 
±2 per cent. 

Do. 

DISCUSSION 

The curves included in this report show clearly the 
general aerodynamic characteristics of the autogiro. 
The curve in Figure 3 illustrates the fact that the 
resultant force coefficient is almost constant at all 
angles of attack above that corresponding to maximum 
lift. The results in Figure 5 show a maximum i/75 
of 4.8 with propeller stopped, at a lift coefficient of 
0.150, corresponding to an air speed of 67 miles per 
hour. By the subtraction of the estimated propeller 
drag, a maximum L/D of 5.3 is obtained. The curves 
of gliding performance (figs. 6, 7, and 8) illustrate the 
ability of the autogiro to descend steeply at a low air 
speed; when the vertical velocity is a minimum of 15 
feet per second, the air speed is about 53 feet per 
second (36 miles per hour) and the flight-path angle 
is — 17°. These curves also show the rapid increase in 
vertical velocity with any small decrease in air speed 
below 45 feet per second. The data in Figure 9 indi¬ 
cate that the presence of positive thrust has no con¬ 
sistent effect on the lift coefficient. 

The large speed range possible for the autogiro is 

indicated bv the ratio between CLmax and CDmin hi Fig- 
, * • , , , 0.895 , . 

lire 3, the experimental value of being unus- 

uallv high. Comparable values for a conventional air- 
1.40 

plane would be q”q5() = 28. Level flight at low speeds 

proved difficult, however, owing to decreasing control 
effectiveness as air speed approached its minimum. 
At air speeds corresponding to the region of Chmax the 
aileron moments were insufficient to overcome the 
required engine torque. The practical speed range is 
then less than that indicated by the force coefficients. 

The problem of control at the low air speeds and 
high angles of attack attainable in the autogiro de¬ 
mands attention. During glides at air speeds near the 
minimum value, corresponding to angles of attack from 
about 35° to 90°, lateral control was inadequate and 
the aircraft was unsteady. Elevator control, although 
sluggish, remained positive at all times, but the aile¬ 
rons and rudder often proved unable to check or delay 
a tendency of the autogiro to roll or yaw. 

CONCLUSIONS 

The tests on the PCA-2 autogiro as presented in 
this report lead to the following conclusions: 

1. The maximum lift coefficient, based on the sum 
of wing and swept-disk area, is 0.895, the minimum 
drag coefficient with propeller stopped is 0.015, the 
maximum LfD with propeller stopped is 4.8, and the 
maximum resultant force coefficient is 1.208. 

2. The resultant force coefficient is approximately 
constant for all angles of attack greater than that cor¬ 
responding to maximum lift. 

3. The minimum vertical velocity when gliding with 
stopped propeller is 15 feet per second, at an air speed 
of 36 miles per hour, and a flight-path angle of — 17°. 

O 4 8/2 16 20 24 
Angle of attack, degrees 

Figure 9.—Lift coefficient against angle of attack with varying thrust 

4. The vertical velocity in a vertical descent is 35 
feet per second. 

5. The presence of positive thrust has no consistent 
influence on lift coefficient. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 2, 1932. 
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TABLE I 

AUTOGIRO GLIDE TESTS—PROPELLER STOPPED 

Flight 
No. 

Run 
No. 

Flight- 
path 

angle, 
7 deg. 

Attitude 
angle, 
X deg. 

Angle 
of 

attack, 
a deg. 

Weight 
W lb. 

A-5 1 -15.4 -13.1 2.3 2,904 
2 -16.5 -14. 1 2.4 2,868 
3 -18.0 -15.8 2.2 2, 832 
4 -18.7 -17.3 1.4 2, 796 
5 -16.0 -13.3 2.7 2, 899 
6 -17.3 -15.0 2.3 2,858 
7 -18.0 -16.0 2.0 2,817 
8 -19.2 -17.7 1.5 2, 776 

A-6 1 -14.5 -11.3 3.2 2,912 
2 -16. 1 -13.8 2.3 2, 884 
3 -18.4 -16.7 1.7 2,856 
6 -16.8 -14. 1 2.7 2,772 

A-12 1 -12.3 -5.4 6.9 2,904 
2 -12.3 -6.5 5.8 2,904 
3 -12.2 -7.7 4.5 2,904 
4 -12.4 -8.3 4. 1 2,868 
5 -13.3 -9.5 3.8 2, 868 
6 -14.2 -11. 1 3. 1 2, 868 
7 -12.2 -5.7 6.5 2, 832 
8 -12.4 -6.8 5.6 2,832 
9 -12. 4 -7.8 4.6 2,796 
10 -12.8 -8.8 4.0 2,796 

A-13 1 -12.5 -7.2 5.3 2,904 
2 -12.4 -8.3 4. 1 2,904 
3 -12.8 -9. 1 3.7 2,868 
4 -13.4 -9.7 3.7 2,868 
5 -12.2 -6.9 5.3 2, 832 
6 -13.3 -3.7 9.6 2,832 
7 -12.3 -4.7 7.6 2,832 
8 -12.0 -5.4 6.6 2, 796 
9 -12.0 2, 796 

10 -13.7 -3.7 10.0 2,796 

A-14 1 -13. 1 -3.8 9.3 2, 892 
2 -12.6 -4.4 8.2 2,892 
3 -12. 1 2 892 
4 -11.9 2 892 
5 -12. 1 -6.5 5.6 2, 850 
6 -12.4 -4.7 7.7 2,850 
7 -12.4 -4.8 7.6 2,850 
8 -12.3 -5.2 7. 1 2,808 
9 -11.9 -6.2 5.7 2,808 

10 -12.2 -7.2 5.0 2,808 

A-19 1 -14. 1 -3.3 10.8 2, 886 
2 -13.3 -3.7 9.6 2,886 
3 -12.8 -4.4 8.4 2,886 
4 -12.7 -4.8 7.9 2,886 
5 -14.4 -3. 1 11.3 2, 850 
6 -13.5 -3.8 9.7 2,850 
7 -12.6 -4.4 8.2 2,850 
8 -12.5 -4.8 7.7 2,850 
9 -14.0 -3.4 10.6 2,832 

10 -13.5 -3.8 9.7 2,832 

A-20 1 -16.1 -2.7 13.4 2,886 
2 -14.3 -3.3 11.0 2,886 
3 -13.5 -3.5 10.0 2,886 
4 -16.5 -2.5 14.0 2,886 
5 -14. 1 -3.3 10.8 2,844 
6 -13.5 -3.8 9.7 2,844 
7 -15.4 -3.0 12.4 2,844 
8 -14.0 2,844 
9 -14.7 -3.6 11.7 2,814 

10 -13.7 -3.7 10.0 2,814 

A-21 2 -18.4 -1.9 16.5 2,880 
4 -18.0 -2.0 16.0 2,832 
6 -18.0 -2.1 15.9 2,832 
8 -17.6 -2.0 15.6 2, 796 

10 -17.1 • -2. 1 15.0 2,796 

A-22 2 -16.5 -2.4 14.1 2,880 
3 -17.7 -2. 1 15.6 2,880 
4 -16.2 -2.6 13.6 2,880 
5 -17.6 -2. 1 15.5 2,844 
6 -14.9 -2.9 12.0 2,844 
7 -16.2 -2.4 13.8 2,844 
8 -14.8 -2.9 11.9 2,844 
9 -16.9 -2.3 14.6 2,808 

10 -15.2 -3.0 12.2 2,808 

Lift, 
L lb. 

Appar¬ 
ent 

drag, 
Da lb. 

Bomb 
drag, 
Dj lb. 

i True 
drag, 
D lb. 

Dynam¬ 
ic pres¬ 
sure, ^ 
lb./ft.2 

Lift 
coef¬ 

ficient, 
Cl 

2, 800 771 16 755 25.0 0. 067 
2, 750 815 16 799 27.4 . 060 
2, 690 875 16 859 31.9 .050 
2, 650 898 16 882 35.6 .044 
2, 790 800 16 784 24.6 .067 
2,730 849 16 833 28.9 .056 
2, 680 871 16 855 31.2 .051 
2,620 914 16 898 35. 1 .044 

2,820 728 15 713 20.8 . 081 
2,770 799 16 783 25.5 .065 
2,710 902 16 886 31.5 .051 
2,650 802 16 786 26.4 .060 

2,840 619 10 609 8.7 . 193 
2, 840 619 12 607 11.0 . 152 
2,840 613 13 600 13.1 . 128 
2, 800 617 14 603 14.3 . 116 
2, 790 660 15 645 17.4 .094 
2, 780 703 15 688 21. 1 .077 
2, 770 598 10 588 9.4 . 174 
2,770 609 12 597 11.3 . 145 
2,730 601 13 588 13.6 . 119 
2,730 618 14 604 15. 4 . 104 

2,830 627 13 614 12.4 . 135 
2, 840 625 14 611 14.5 . 116 
2,800 634 14 620 17.0 .097 
2, 790 666 15 651 18.6 .088 
2, 770 598 12 686 11.3 . 145 
2, 750 651 6 645 5.6 .292 
2,770 603 8 595 7.3 .223 
2,730 581 9 572 8.3 . 198 
2, 730 581 10 571 9.3 . 175 
2,710 663 6 657 5.1 .315 

2,810 657 7 650 5.9 .283 
2,820 630 8 622 6.7 .248 
2, 830 607 9 598 8.1 .206 
2,830 596 9 587 8.4 . 199 
2, 790 599 12 587 11.3 . 146 
2, 780 613 9 604 7.5 .219 
2,780 613 8 605 7.3 .224 
2,740 598 9 589 8.0 .204 
2,750 579 11 568 9.9 . 164 
2,740 593 12 581 12. 2 . 133 

2, 800 705 6 699 4.9 .336 
2,810 664 7 657 5.7 .291 
2,810 638 8 630 6.6 .254 
2,810 635 8 627 7.2 .231 
2. 760 710 5 705 4.5 .364 
2,770 665 6 659 5.4 .305 
2, 780 621 i 8 , 613 7.0 .234 
2, 780 616 8 1 608 7.5 .219 
2, 750 685 6 679 4.9 .330 
2, 750 660 7 653 ! 5. 6 .292 

2,770 800 4 796 3.5 .471 
2,800 713 6 707 4.8 .345 
2, 800 673 6 666 5.2 .316 
2, 770 820 4 816 3.2 .516 
2, 760 694 6 688 4.8 .342 
2, 730 711 6 705 5. 6 .390 
2, 740 757 5 752 3.8 .427 
2, 760 689 6 683 5.1 .320 
2, 720 715 5 710 4.0 .402 
2, 730 667 6 661 5.2 .308 

2,730 910 3 907 2.7 .597 
2,690 875 3 872 2.7 .588 
2, 690 875 3 872 2.9 .556 
2, 660 844 3 841 2.9 .550 
2,670 821 4 817 3.0 .523 

2,760 818 4 814 3.5 .490 
2,740 875 3 872 2.9 .566 
2, 760 804 4 800 3.5 .468 
2,710 859 3 856 2.9 .560 
2,750 731 5 726 4.1 .396 
2, 730 794 4 790 3.3 .485 
2,750 725 5 720 4. 1 .396 
2,700 820 4 816 3.2 .503 
2, 720 739 5 734 4.0 .407 

Drag 
coef¬ 

ficient, 
Cd 

Rotor 
speed, 

n 
rad ./sec 

Density, 
p slug/ft.3 

True air 
speed, 

V T 
ft./sec. 

Vcos a/QR 

0. 018 
.017 
.016 
.015 
.019 14.3 2. 05 x 10-3 155.0 0.478 
.017 13.8 2. 05 168. 0 .538 
.016 13.5 2.08 173.4 .569 
.015 13. 2 2.08 184.0 .618 

.020 14.3 2. 04 143.0 .440 

.018 14.3 2.03 158. 6 .489 

.017 13.6 2.05 175.6 .571 

.018 14. 1 2.08 159.7 .500 

.042 15.6 2. 02 93.0 .262 

.033 15.4 2. 09 102.7 .294 

.027 15. 1 2. 15 110.8 .324 

.025 15.4 2. 02 119. 1 .342 

.022 14.9 2. 12 128.3 .382 

.019 14.6 2. 20 138.8 .419 

.037 15.3 2.01 96.8 .279 

.031 15. 1 2.10 104.0 .304 

.026 15.2 2. 08 114.6 .333 

.023 14.9 2.16 119.7 . 356 

.030 15.5 2.02 110.9 .316 

. 025 15.2 2.08 118.0 .343 

.022 15.2 2. 02 129.8 .378 

.021 15. 1 2. 10 133.3 .390 

.031 14.9 2. 00 106. 3 .316 

.068 15.0 2.05 73.7 .215 

.048 2.10 83.6 

.041 15. 2 2. 02 90.5 .262 

.037 15.2 2.06 94.8 

.076 15.4 2.10 69.7 .200 

.066 15.4 1.99 76. S .218 

.055 15.2 2.05 80.8 .233 

.044 15. 1 2. 10 88.0 

.047 15.0 2. 15 88.5 

.031 15.3 2. 05 105. 1 .303 

.048 15.2 2. 12 84.0 .243 

.049 14.9 2. 16 82.4 .243 

.044 15.2 2. 02 88.6 .257 

.034 15. 1 2. 07 97.9 .286 

.028 14.9 2. 14 106.6 .316 

.083 15.5 1.99 70.4 . 198 

.068 15.3 2. 02 75.2 .215 

.057 15.2 2.06 79.8 .230 

.054 15.0 2. 11 82.5 .242 

.093 15.3 2.00 66.8 .190 

.072 15.2 2. 03 73.0 .210 

.052 15.0 2.09 81.9 .240 

.048 14.9 2. 14 83.6 .247 

.081 15.2 2.00 70.2 .201 

.069 15.0 2. 04 73.7 .215 

.135 15.3 1.99 59.2 . 167 

.087 2. 03 68. 6 

.075 2.08 71. 0 

. 152 2.12 54. 7 

.085 1.99 69. 5 

.074 2.03 74.0 

. 117 2. 10 60.1 

.079 2. 14 68. 9 

. 105 1.96 63 9 

.074 15.4 2.00 72.4 .205 

. 196 

. 188 

. 178 

. 174 

. 160 

. 145 

. 178 

. 136 

. 177 

. 104 

. 140 

. 103 

. 152 

. 110 
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TABLE II 

AUTOGIRO GLIDE TESTS—PROPELLER STOPPED 

Flight 
No. 

Run 
No. 

Vert, 
veloc¬ 
ity F. 
ft./sec. 

Flight- 
path 

angle, 
7 deg. 

Attitude 
angle, 
X deg. 

Angle 
of 

attack, 
a deg. 

Weight, 
IF lb. 

Lift, 
Lib. 

Appar¬ 
ent 

drag, 
D0 lb. 

Bomb 
drag, 

D„ lb. 

True 
drag, 
D lb. 

Dynam¬ 
ic pres¬ 
sure, q 
lb./ft.2 

Lift 
coeffi¬ 
cient, 

Cl 

Drag 
coeffi¬ 
cient, 

CD 

Rotor 
speed, 

S2 
rad./sec. 

Density, 
p slug/ft.3 

True air¬ 
speed, 

V T 
ft./sec. 

T'rCOS a/SlR 

A-26 1 19.0 -24.9 -1.8 23.1 2,850 2, 580 1,200 2 1,198 2.1 0. 734 0. 341 2. 04x10-3 45. 1 
2 20 0 —29. 6 — 1 6 28 0 2 840 2 470 1,401 2 1, 399 1 7 .851 .481 2. 08 40. 7 

A-26 A 1 19 5 —27 5 — 1 7 ‘V, S 2 880 2 560 1,331 2 1 329 19 .808 . 420 2. 11 42. 2 
2 19 6 —29 6 —1 5 28 ; <2 808 2 500 1, 418 2 1, 416 1. 7 .887 . 503 2.10 39.7 
3 22 9 —39 0 — 1 5 37 5 2 850 2’ 210 1 794 2 1, 792 1.4 .929 .754 2.13 36.4 
4 17 4 —22 9 — 1 7 21 2 2 832 2 010 1 103 2 1,101 2 1 . 741 . 313 2. 08 44. 6 
5 20 9 —32 4 — 1 5 30 9 2 814 2 380 1, 510 2 1, 508 1. 6 .901 . 572 2.05 39.0 
6 19 5 — 28 6 — 1 6 27 0 2 7% 2 450 1 339 2 1 337 1. 7 .844 .461 2. 07 40.7 
7 6 —25 5 — 1 7 23 8 ?! 778 2 51Q 1 195 2 1,193 1 9 . 771 . 366 2. 05 43. 3 
g IK 3 —24 8 1 6 23 2 2 760 ?! 500 T 158 9 1, 15fi 2 0 . 747 . 346 2.09 43.5 
9 20 4 —30 4 — 1 6 28 8 2 742 ? 370 1 ’ 38K 2 1 386 1. 7 .841 . 493 2. 05 40.3 

A-27 i 18.9 -28.0 -1.7 26.3 2,868 2,530 1,350 2 1,348 1.7 .872 .464 15.0 2.12 40.2 0.108 
2 17.4 -21.5 -1.7 19.8 2,856 2,650 1,048 2 1,046 2.3 .685 .270 15.2 2.04 47.4 . 128 
3 19.3 -28.7 -1.6 27.1 2,844 2,500 1,367 2 1,365 1.7 .888 .484 15.2 2.06 40.2 .109 
4 17.4 -22.9 -1.6 21.3 2,832 2,610 1.102 2 1,100 2.1 .741 .313 15.0 2.09 44.7 . 122 
5 19.1 -26.8 -1.6 25.2 2,820 2, 520 1,272 2 1,270 1.8 .819 .412 15.0 2.04 42.3 . Ill 
6 21.7 -33.0 -1.6 31.4 2,808 2,360 1,530 2 1,528 1.6 .865 .561 15.2 2.04 39.8 .098 
7 18.2 -25.0 -1.7 23.3 2, 796 2,530 1.180 2 1,178 1.9 .778 .361 14.9 2. 06 43. 1 . 117 
8 18. 5 -26.5 -1.6 24.9 2,784 2,490 1,245 2 1,243 1.8 .834 .416 15.0 2.06 41.4 . 110 

A-28 1 16.9 -20.4 -1.8 18.6 2, 860 2,680 998 3 995 2.4 .663 .246 15.4 2.04 48.4 .133 
2 17.8 -23.2 -1. 7 21.5 2,843 2, 613 1,120 3 1,117 2.1 . 745 .318 15.4 2. 03 45.2 . 121 
3 18.3 -24.3 -1.5 22.8 2,826 2.575 1,164 3 1,161 2.0 .750 .339 15.2 2.06 44.4 .119 
5 18.9 -26.7 -1.6 25. 1 2,804 2,508 1.259 2 1, 257 1.9 .792 .397 15.1 2. 11 42. 1 .112 
6 20.4 -29.9 -1.7 28.2 2,787 2.417 1,391 2 1,389 1.7 .829 .478 15.2 2.06 40.9 . 108 
7 19.1 -27.8 -1.7 26.1 2, 770 2, 450 1,294 2 1,292 1.7 .841 .446 15. 1 2. 06 40.9 . 108 

A-30 2 20.3 -29.5 -1.5 28.0 2,900 2, 520 1.430 2 1,428 1.8 .819 .464 15.0 2. 15 41.2 . 106 
3 24.2 -38.5 -1.5 37.0 2,890 2, 260 1.800 2 1,798 1.6 .817 .659 15.0 2. 14 38.8 .092 
4 23.7 -33.4 -1.4 37.0 2,880 2, 260 1,790 2 1,788 1.6 .855 .678 14.9 2.14 38.2 .091 
5 23.0 -40.0 -1.4 38.6 2, 870 2, 200 1,847 2 1,845 1.4 .962 .807 15. 1 2. 11 35.8 .082 

6 23.4 -38.5 -1.5 37.0 2,860 2,240 1,775 2 1.773 1.5 .87 8 .695 15.0 2. 14 37.6 .089 
7 24.3 -42.3 -1.5 40.8 2,840 2,100 1,910 2 1,908 1.4 .883 .801 14. 9 2.15 36.1 .082 
8 20.2 -31.3 -1.6 29.7 2,830 2,410 1,471 2 1,469 1.6 .884 .539 14.9 2.15 38.8 . 100 
9 20.3 -31. 7 —1. 5 30.2 2,820 2, 400 1,482 2 1,480 1.6 .880 .543 14.8 2. 16 38.6 . 100 

A-31 1 21.0 -33.8 -1.5 32.3 2,860 2,376 1,590 2 1,588 1.6 .901 .602 14.8 2.18 37.8 .094 

2 20. 5 -31.7 -1.5 30.2 2,845 2, 420 1,496 2 1,494 1.7 .862 .535 14.8 2.18 39.0 .099 

3 28.6 -50. 3 -1.4 48.9 2.830 1,808 2,177 2 2,175 1.5 .709 .852 14.8 2. 18 37.2 .071 

4 22.4 -37.0 -1.5 35.5 2,815 2,249 1,695 2 1, 693 1.5 .881 .663 14.8 2. 18 37.2 .089 

5 22. 3 -36.7 -1.5 35.2 2,800 2,245 1,674 2 1, 672 1.5 .883 , 655 14.8 2.16 37.3 .090 

6 24. 7 -43.3 -1.4 41.9 2, 785 2,027 1,910 2 1,908 1.4 .847 .803 14.8 2.17 36.0 .079 

7 28.3 -52.4 -1.3 51. 1 2.770 1,090 2.194 2 2, 192 1.4 .713 . 933 14.8 2.20 35. 7 .065 

8 19.5 -32.0 -1.5 30.5 2, 755 2, 336 1,460 2 1,458 1.5 .949 .593 14.8 2.15 36.8 . 094 

A-32 1 25.0 -43.6 -1.3 42.3 2,870 2,078 1.980 2 1,978 1.4 .872 .833 14.8 2.15 36.2 .079 

2 31.3 -61.2 -1.3 59.9 2,855 1, 375 2, 501 2 2, 499 1.4 .599 1.092 15.1 2.13 35.7 . 051 

3 20.6 -32.8 -1. 6 31.2 2,840 2, 385 1,539 2 1,537 1.6 .904 .583 14.9 2.16 38.0 . 095 

4 27.2 -50. 2 -1.6 48.6 2,825 1,810 2,170 2 2,168 1.4 .794 .949 14.9 2.15 35.4 .068 

5 22.0 -36. 7 —1.5 35. 2 2,810 2, 253 1,680 2 1,678 1.5 .915 .681 14.9 2.15 36.8 .088 

6 27.5 -49.4 — 1. 5 47.9 2,795 1,820 2,121 2 2,119 1.4 .767 .891 15.0 2.14 36. 2 .070 

20.8 -33.5 —1. 5 32.0 2,780 2,318 1,535 2 1,533 1. 5 .905 .600 14.8 2.13 37.7 .094 

8 22.2 —35.0 — 1. 5 33.5 2, 765 2,264 1,587 2 1,585 1.6 .831 .582 14.8 2.15 38.7 .095 

9 20.8 -34.4 -1.5 32.9 2,750 2, 269 1, 554 2 1,552 1.5 .921 .630 14.8 2.15 36.8 .091 

A-33 1 33.4 -69.4 -1.3 68.1 2,870 1,010 2,686 2 2,684 1.4 .442 1. 175 15.2 2.12 35.7 .037 

2 35. 7 -74.8 -1. 3 73.5 2,855 748 2, 750 2 2, 748 1.5 .304 1.116 15.1 2.12 37.0 .028 

3 34.1 -63. 2 -1.3 61.9 2,840 1,280 2,530 2 2, 528 1.6 .485 .958 15.1 2.14 38. 2 . 051 

4 33. 6 — 63. 6 2,825 1,257 2, 530 2 2, 528 1.5 .493 . 990 15.0 2.14 37.5 .049 

5 34 9 -73.3 2,810 806 2,692 2 2.690 1.4 .338 1.134 15.0 2.13 36.4 .031 

6 34 0 -62.0 2, 795 1,310 2,468 2 2,466 1.6 .481 .904 14.9 2.17 38.5 . 054 

32. 7 —60. 9 2,780 1,350 2,430 2 2, 428 1.5 .530 .951 14.9 2.15 37. 4 . 054 
8 30.3 2,765 1,585 2, 260 2 2,258 1.5 .643 .917 14.7 2.13 37.0 .064 

9 32 4 -62. 3 2, 750 1,278 2,430 2 2.428 1.4 .537 1.022 14.7 2.11 36.6 . 051 

10 31.1 —59.4 2, 735 1,391 2, 350 2 2, 348 1.4 .608 1.029 14.9 2.08 36.1 . 055 

\-34 i 34.4 -62.1 — 1. 5 60.6 2,895 1,352 2, 550 2 2,548 1.6 .512 .967 15.3 2.06 38.9 .056 

2 34. 3 —63.3 —1. 7 61.6 2,869 1,289 2,06O 2 2, 558 1.6 .487 .969 15.1 2.12 38.4 . 0o4 

3 34 3 -1.5 63.9 2, 843 1, 180 2, 580 2 2, 578 1.5 .463 1.010 15.2 2.12 37.7 .048 

4 33.9 -64.2 —1. 6 62.6 2,817 1,224 2, 530 2 2, 528 1.5 .479 .992 15.2 2.12 37.7 . 051 

5 22 8 —35.0 -1.8 33.2 2,791 2,290 1,602 2 1,600 1.7 .813 .569 15.0 2.11 39.7 . 098 

6 23. 0 —36. 4 -1.8 34.6 2, 765 2, 230 1,640 2 1,638 1.6 .817 . 600 14.9 2.14 38.8 . 095 

7 20. 5 -31.6 -1.8 29.8 2,739 2,330 1,435 2 1,433 1.6 .841 .517 14.9 2.14 39.1 . 101 

9 30. 2 —53.2 -1.6 51.6 2,687 1,608 2,150 2 2,148 1.5 .629 .838 14.7 2.12 37. 7 . 0/0 

10 32.0 -60.5 -1.5 59.0 2,661 1,308 2,310 2 2, 308 1.5 .524 .937 14.6 2.15 36.8 . 057 

A-35 1 16. 8 -21.5 -2.0 19.5 2,900 2, 700 1, 063 3 1,060 2.2 .713 .280 14.8 2.15 45.7 .130 

2 18.3 —26.1 -2.0 24.1 2,880 2,580 1, 267 2 1, 265 1.9 .793 .388 14. 5 2. 23 41. 6 . 116 

3 16. 6 -22.4 -2. 0 20.4 2,860 2,640 1,089 3 1, 086 2.1 .750 .309 14.7 2.18 43. 6 . 124 

4 18 8 -26. 4 -1.9 24.5 2,840 2,540 1, 262 2 1,260 1.9 .780 .387 14.8 2.16 42. 7 . 115 

5 16 4 -20.1 -2.1 18.0 2,820 2,650 967 3 964 2.4 .641 .233 14.5 2.15 47.8 . 138 

6 18 6 —24. 3 -2. 0 22.3 2,800 2,550 •1,157 3 1,154 2.2 .690 .313 14.5 2. 17 45.0 • 127 

16 6 -21. 5 -2.0 19. 5 2,780 2,590 1,020 3 1,017 2.2 .702 . 275 14.7 2. 13 45.3 . 129 

g 17 6 — 23. 8 -2.0 21.8 2,760 2,520 1,115 2 1, 113 2.0 .734 .325 14.5 2.14 43.5 . 123 

9 17.1 -23.4 -2.0 21.4 2, 740 2,510 1,087 2 1,085 2.0 . 750 .325 14.7 2.13 43.1 . 121 

A 3^ 1 33 4 -64.8 -1.6 63. 2 2,890 1,226 2,610 2 2,608 1.5 .498 1,060 14.9 2.14 36.9 .050 

2 30 0 —78.8 — 1. 5 77.3 2,870 557 2,820 2 2,818 1.5 .226 1.142 14.9 2.17 36. 7 . 024 

3 35 2 -72.4 —1.5 70. 9 2, S60 863 2.720 2 2,718 1.4 .357 1.121 15.0 2.10 3(5. 9 . 036 

4 38 3 —90. 0 — 1.7 90. 0 2,840 0 2,840 2 2,838 1.4 0 1,171 14.9 2.14 36.6 . 000 

5 34 8 —72.9 -1. 4 71.5 2,820 830 2,700 2 2, 698 1.4 .344 1.114 14.7 2.17 36. 4 . 035 

6 34 4 —71. 8 — 1. 6 70. 2 2, 800 874 2, 660 2 2,658 1.4 .361 1. 098 14.7 2.19 36. 2 . 037 

7 35 1 —72.9 — 1. 7 71. 2 2,780 818 2, 660 2 2,658 1.5 .333 1.080 14. 7 2.17 36.7 .036 

8 34 7 —72.9 -1.7 71. 2 2,770 813 2,640 2 2,638 1.4 .342 1.109 14.7 2.13 30.3 .036 

Q 33 7 —66. 6 -1.8 64.8 2, 750 1,090 2,520 2 2,518 1.5 .443 1.031 14.7 2.17 36.7 . 047 

10 33.1 -63.8 -1.9 61.9 2, 730 1,202 2,450 2 2, 448 1.5 .472 .960 14.7 2.21 36.9 .053 
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TABLE II—Continued 

AUTOGIRO GLIDE TESTS-PROPELLER STOPPED—Continued 

Flight 
I No. 

Run 
No. 

Vert, 
veloc¬ 
ity V, 
ft./sec. 

Flight- 
path 
angle, 
7 deg. 

Attitude 
angle, 
X deg. 

Angle 
of 

attack, 
a deg. 

Weight, 
IV lb. 

Lift, 
L lb. 

Appar¬ 
ent 

drag, 
Da lb. 

Bomb 
drag, 
D6 lb. 

True 
drag, 
D lb. 

Dynam¬ 
ic pres¬ 
sure, Q 
lb./ft.2 

Lift 
coeffi¬ 
cient, 

C,. 

Drag 
coeffi¬ 
cient, 
CD 

Rotor 
speed, 

U 
rad./sec. 

Density, 
p slug/ft.3 

True air¬ 
speed, 

VT 
ft./sec. 

Fcos a/UR 

A-40 2 30.0 -74.4 -1.3 73.1 2,880 775 2, 770 2 2, 768 1.5 .304 1.085 14.9 2.17x10-3 37.4 .032 
3 37.0 -90.0 -1.4 90.0 2,860 0 2,860 2 2,858 1.4 0 1.179 15.0 2.13 36.7 0 
5 35. 4 -71.1 -1.6 69.5 2,850 923 2, 700 2 2, 698 1.5 .362 1.057 14.9 2. 17 37.4 .039 6 33.3 — 66. 5 -1.6 64. 9 2,830 1,128 2, 590 2 2, 588 1.5 . 459 1.050 14.8 2. 21 36.3 .047 8 33. 5 -64. 6 —1.7 62. 9 2, 790 1,197 2, 520 2 2, 518 1.5 .470 . 987 14.6 2:20 37.1 .051 
9 32.3 -61.6 -1.8 59. 8 2, 770 1,318 2,440 2 2. 438 1.5 . 535 . 990 14.7 2. 17 36. 7 . 056 1 

10 31.3 —59. 5 -1.8 57.7 2, 760 1,400 2, 380 2 2, 378 1.4 .579 .982 14.6 2.17 36.3 . 059 1 

A-41 2 33.8 -67.1 -1.7 65.4 2,820 1,098 2, 600 2 2, 598 1.4 .453 1.072 15.1 2.13 36.7 . 042 
3 33.9 -71.3 -1.9 69. 4 2, 790 896 2, 640 2 2, 638 1.4 .377 1. 109 14.9 2. 19 35.8 .034 1 37.0 -90.0 -1.8 90. 0 2, 770 0 2, 770 2 2, 768 1.5 0 1. 124 14.9 2.15 36.8 0 
5 33.5 -67.8 -1.8 66. o 2,740 1,035 2, 540 2 2,538 1.4 .436 1.067 14.9 2.15 36.2 .041 6 34. 1 -83. 7 -1.8 81.9 2, 720 299 2, 700 2 2,698 1.3 . 136 1. 227 14.6 2. 21 34.3 .012 
7 33.2 -66.5 -2.0 64. 5 2,690 1,072 2,470 2 2,468 1.4 .452 1. 040 14.8 2. 14 36. 2 .043 

A-42 i 36.8 -90.0 -1.9 90.0 2,880 0 2,880 2 2.878 1.4 0 1.258 14.9 2.14 35. 5 0 2 36.1 -80. 8 -2.0 78.8 2,860 460 2,820 2 2,818 1.4 .194 1. 184 15.2 2. 10 36. 6 .021 
3 24.2 -41.0 -2.3 38. 7 2, 830 2, 130 1,860 2 1,858 1.4 .906 .781 15.1 2. 07 36.9 .085 
4 32.2 -63.4 -2. 1 61.3 2,810 1,258 2,510 2 2, 508 1.4 .550 1.097 15.0 2.08 36.0 . 051 
8 25.2 -43.8 -2. 1 41.7 2, 710 1,956 1,874 2 1,872 1.4 .824 .787 14.9 2.12 36.4 .081 
9 34.9 -85. 6 -2.1 83.5 2, 680 210 2,670 2 2,668 1.3 . 095 1.214 14. 7 2. 12 35.0 . 012 10 23.6 -39. 6 -1.9 37.7 2, 660 2,050 1,697 2 1 1,695 1. 5 .832 .688 14.8 2.13 37.0 .088 

TABLE III 

AUTOGIRO GLIDE TESTS—PROPELLER ROTATING 

Flight 
No. 

Run 
No. 

Verti¬ 
cal ve¬ 
locity, 

V, 
ft./sec 

Dy¬ 
namic 
pres¬ 
sure, 

q lb/ft.2 

Density, 
p 

Slug/ft.3 

True 
air 

speed 
Li¬ 

ft./see 

Flight- 
path 
angle, 

7t deg. 

Attitude 
angle 
deg. X 

Angle 
of 

attack, 
a deg. 

Weight, 
W lb 

Lift, 
L lb. 

Lift 
coeffi¬ 
cient, 

Ci 

Normal 
flight 
path 

angle, 
y deg. 

Thrust, 
Tib. 

Engine 
speed, 

N r. p. m. 
V/nD 

A-44 1 15.4 5.5 2.16XIO-3 71.0 -12.5 -2.3 10.2 2,880 2,810 0. 305 -13.4 18 830 0. 570 
4 15.6 5.2 2.15 69. 1 -13.0 -2. 1 10.9 2. 840 2. 770 319 -13.7 10 820 .562 
6 17.2 2.2 2. 17 45.4 -22. 3 -1.8 20.5 2,820 2,610 . 690 -22. 1 -21 500 . 605 
7 16. 1 4.9 2. 16 67.6 -13.8 -2. 2 11.6 2,810 2, 730 .327 -14.0 -14 830 .543 
9 16.5 2.2 2. 16 44.9 -21.5 -1.6 19.9 2, 780 2,590 .701 -22.1 19 510 .588 

A-45 1 13.6 5.5 2. 16 71.0 -11.0 -.9 10. 1 2,880 2, 830 .307 -13.4 94 1,020 .465 
2 13.7 3. 1 2.15 53.9 -14.7 -.2 14.5 2, 870 2, 780 .527 -16.8 90 810 . 444 
3 17.7 2.2 2. 18 45.3 -23.0 -1. 1 21.9 2, 860 2,630 . 696 -22. 1 -46 610 . 496 
4 13.2 4.9 2. 16 67.6 -11.2 -.5 10.7 2,840 2,790 .335 -14.0 115 1,010 . 447 
5 13.8 2.9 2.15 52.0 -15.3 -. 1 15.2 2,830 2,730 .554 -17.5 95 815 .426 
6 17.0 2. 1 2. 16 43.6 -22.9 -.9 22.0 2, 820 2,600 .740 -23.3 10 610 .477 
7 12. 9 5. 1 2. 17 68.5 -10.8 -.6 10.2 2,810 2, 760 .321 -13.8 122 1, 020 .448 
8 14.8 3.0 2. 15 52.9 -16.2 — 2 16.0 2,800 2,690 .527 -17.2 34 815 .433 
9 17.2 2.0 2. 15 42.8 -23.7 -l.i 22.6 2,780 2,550 .763 -24.8 43 610 .469 

A-46 1 9.6 4.9 2. 14 67.5 -8.2 2.7 10.9 2,880 2,850 .345 -14.0 267 1,290 .349 
2 12.3 3.0 2. 13 52.8 -13.5 1.9 15.4 2,870 2, 790 .557 -17.2 171 1,040 .339 
3 15.7 2.0 2. 14 42.9 -21.5 -.3 21. 2 2,860 2, 660 . 795 -24.8 155 760 .377 
4 9. 4 5.3 2. 13 70.5 -7.6 2. 2 9.8 2,840 2,810 .314 -13.6 271 1,280 .368 
5 11.6 3.3 2. 14 55.3 -12. 1 1.6 13.7 2, 830 2,760 .498 -16.3 193 1,020 . 362 
6 14.5 2.3 2. 14 46.2 -18.2 -.2 18.0 2,820 2,680 .693 -21. 1 131 750 .406 
7 9. 1 5. 0 2. 13 68.9 -7.6 2.5 10. 1 2,810 2, 790 .327 -13.9 284 1, 290 .357 
8 12.0 3.0 2. 13 53.7 -12.9 1.8 14. 7 2, 800 2,730 .526 -17.2 195 1,020 .352 
9 14. 1 2.2 2. 14 45. 1 -18.2 .2 18.4 2,780 2,640 .715 -22. 1 178 770 .391 

A-51 1 15.5 2.6 2. 10 49.7 -18.2 -.3 17.9 2,890 2,750 .625 -18.9 22 760 .437 
2 14.4 3.1 2. 11 54.4 -15. 4 -1.5 13.9 2, 870 2, 770 .525 -16.8 44 660 .550 
3 13. 2 5. 5 2. 11 71.9 -10.6 -2.7 7.9 2,850 2,800 .303 -13.4 91 815 .589 
4 14.8 2.5 2. 12 48.5 -17.8 -.3 17.5 2, 830 2, 690 .637 -19.5 72 750 . 432 
5 14.2 3.2 2. 16 54.6 -15.1 -1.3 13.8 2,810 2,710 .497 -16.6 58 670 .544 
6 14. 2 5.3 2.11 70.9 -11.5 -2.8 8.7 2, 790 2,730 .305 -13.6 76 820 . 576 
7 16.4 2. 1 2. 16 43.9 -21.9 0 21. 9 2. 770 2, 570 .731 -23.3 47 750 .390 
8 13.9 3.4 2.08 57.4 -14.0 -1.5 12.5 2, 750 2, 670 .460 -16. 1 83 660 .580 
9 15.0 5. 4 2.06 72.4 -11.9 -2.7 9.2 2, 730 2, 670 .292 -13.5 46 820 .589 
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FUEL VAPORIZATION AND ITS EFFECT ON COMBUSTION IN A HIGH-SPEED 
COMPRESSION-IGNITION ENGINE 

By A. M. Rothrock and C. D. Waldron 

SUMMARY 

The tests discussed in this report were conducted to 
determine whether or not there is appreciable vaporiza¬ 
tion of the fuel injected into a high-speed compression- 
ignition engine during the time available for injection 
and combustion. The effects of injection advance angle, 
•fuel boiling temperatures, fuel quantity, engine speed, and 
engine temperature were investigated. The results show 
that an appreciable amount of the fuel is vaporized dur¬ 
ing injection even though the temperature and pressure 
conditions in the engine are not sufficient to cause igni¬ 
tion either during or after injection, and that when the 
conditions are such as to cause ignition the vaporization 
process affects the combustion. The results are com¬ 
pared with those of several other investigators in the 
same field. The tests were conducted with the Ar. A. C. A. 
combustion apparatus. 

INTRODUCTION 

Since Doctor Diesel’s invention of the compression- 
ignition engine, extended researches have been con¬ 
ducted on fuel vaporization and the effects of this 
vaporization on the combustion. Originally it was 
believed that the fuel went through four distinct 
stages: Injection, vaporization, ignition, and combus¬ 
tion. This idea was held by Riepell, Alt, Neumann, 
as well as by Diesel himself. (References 1 and 2.) 
As research on the combustion process progressed Alt 
and Neumann came to the opinion that there was 
insufficient time between injection and ignition to 
allow for the vaporization of any appreciable quantity 
of fuel. This opinion was accorded general acceptance 

in Germany and the United States. 
Preliminary results obtained by Rothrock with the 

N. A. C. A. combustion apparatus (reference 3) indi¬ 
cated, however, that not only was some of the fuel 
vaporizing under the conditions of engine operation, 
but also that this vaporization was considerable even 
at compression pressures and at air temperatures too 
low to result in auto-ignition of the injected fuel. 

A series of tests was therefore conducted to deter¬ 
mine definitely whether or not vaporization did occur 
and if so the effect of this vaporization on the process 

of combustion. The purpose of this report is to pre¬ 
sent the results of these tests on which a preliminary 
note has already been published. (Reference 4.)' 
The work was done by the National Advisory Com¬ 
mittee for Aeronautics at Langley Field, Ya. 

APPARATUS AND METHODS 

The N. A. C. A. combustion apparatus has been' 
described in detail in reference 3. A diagrammatic- 
sketch of it is presented in Figure 1. The apparatus- 
is so constructed that a single-cylinder test engine is 
driven at the desired speed by an electric motor. By- 
engaging the clutch, the camshaft of the injection 
system makes a single revolution at one-half engine- 
speed, and a single charge of fuel is injected into the- 
combustion chamber of the engine. High-speed 
motion pictures are taken of the injection process by 
means of the apparatus shown in Figure 2. In the- 
present investigation the arrangement and rale of dis¬ 
charge of the electric condensers were such that 13- 
exposures were taken at the rate of 1,000 per second- 
When combustion took place its illumination was also- 
recorded on the film. The film used was ordinary 

commercial film. 
The passages around the cylinder and in the cyl¬ 

inder head are connected to a tank containing glycerin 
which is circulated through these passages. By 
means of electric heating coils in this tank, the glyc¬ 
erin, as it leaves the engine jackets, can be maintained 
at temperatures as high as 400° F. It is possible to- 
inject the fuel with or without combustion of the fuel 
spray by changing the temperature of the glycerin. 
Most of the present tests were made at temperatures 
below that required for combustion so that the com¬ 
plete process of vaporization and condensation could 

be studied. 
Two additions have been made to the apparatus- 

since it was described in reference 3. A circuit breaker 
in series with a switch operated by the injection sys¬ 
tem camshaft has been added. This circuit breaker 
is connected in series with a small spark gap placed 
in front of the photographic film. As a result, a line- 
is recorded on the film as the piston passes through 
top center in the cycle during which injection takes- 

629 
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Figure 1.—Single-cylinder test engine and fuel-injection system 

—>To 
injection 
valve 

'Cut-off 
valve 

Clutch mechanism 

Spark 
discharge 
switch 

___ _ Cut- off valve cam 

9j Timing valve cam 

25 Condensers 

Figure 2.—Photographic apparatus 
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place. A compression release valve has been installed 
so that the compression is released on the cycles fol¬ 
lowing that during which injection takes place. This 
latter change has been made to remove the necessity 
of determining whether or not combustion of the fuel 
occurs in the cycle during which the fuel is injected 
or during some succeeding cycle. (See reference 3.) 

In the tests made with this valve the engine was 
brought up to speed with the valve open. The fuel 
pressure in the reservoir of the injection system was 
then brought to the desired value. This operation 
also closed the compression release valve. The time 
elapsing between the closing of the valve and the 
operation of the clutch which caused the injection of 
the fuel was 1 second or less. Consequently, the 
time interval" during which the glass windows were 
subject to the high pressures and temperatures was 
greatly reduced. Also the heat losses as discussed in 
reference 3 caused by the repeated compression and 
expansion of a single charge of air were reduced. 

With the present apparatus, it is not always possible 
to reproduce the test conditions because of both atmos¬ 
pheric and engine conditions. The chief deviation 
occurs in the gas leakage past the piston rings in the 
engine. The amount of the leakage is indicated by 
the maximum compression pressure, which was in 
every case recorded by the trapped-pressure method. 
(Reference 5.) In the following table are tabulated 
the maximum pressures recorded with all the data 
presented, together with a brief description of the 

causes of any considerable variation. 

Figure 
No. 

Window per¬ 
formance 

Engine 
temper¬ 
ature 
°F. 

Maxi¬ 
mum 
cyl¬ 

inder 
pres¬ 
sure 

lb./sq. 
in. 

Valve 
opening 
pressure 
lb./sq. 

in. 

Injection 
pressure 
lb./sq. 

in. 

Engine 
speed 

r. p. m. 

5—. 
6.-.. 
7.. .. 
8.. .. 
9.... 

10.-.. 
11.... 
12.... 
13.. .. 

Compr< 

14.. .. 
15.. .. 

Glass windows 
broken at ir¬ 
regular inter¬ 
vals. 

;ssion release valv 

1 No windows 
/ broken. 

100 
100 
100 
100 
100 
100 
100 
100 

. 150 
e install* 

ser 
/ 200 
\ 250 

450 
455 
400 
460 
460 
4r'0 
440 
400 
470 

3d. Nev 
ited 

570 
570 

4,000 
4,000 
4,000 
4, 000 
4,000 
4,000 
4, 500 
4, 500 
4,000 

v piston r 

4,200 
4,200 

4,000 
4,000 
4, 000 
4,000 
4,000 
4,000 
4,000 
4, 000 
4,000 

ings insta 

4,100 
4,100 

1,500 
1,500 
1, 500 
1,500 
1, 500 
1,500 
1,000 

500 
1, 500 

lied and 

1,500 
1,500 

During the taking of the test data the greatest 
difficulty encountered was caused by failures of the 
glass windows. Since these windows are expensive 
and since repeated failures score the cylinder liner, it 
was advisable to accept these differences in gas leakage 
rather than to attempt to repeat all tests under the 
same conditions. Fortunately, the differences do not 
affect the conclusions drawn from the data. The 
failure of the glass was eliminated after the compres¬ 

sion release valve was installed. 

OUTLINE OF TESTS 

An examination of the photographs presented in 
reference 3 showed that when the Diesel fuel was 
injected into the combustion chamber the appearance 

I of the spray after cut-off was quite different from that 
| observed in the previous photographs taken at room 

temperature. When the injection occurred early in the 
cycle the chamber cleared rapidly following the cut¬ 
off of injection and remained clear for the remainder 
of the 70-crank-degree time interval included during 
the taking of the high-speed motion pictures. How¬ 
ever, when the injection started closer to top center so 
that the photographs included more of the expansion 
stroke, the exposures showed that the chamber became 
fogged at approximately 35° after top center and that 
the time at which the fogging occurred was not very 
sensitive to these injection advance angles. In addi¬ 
tion, the fogging occurred in some cases between two 
successive exposures, a time interval of approximately 
0.0005 second. This fogging was attributed to con¬ 
densation of the vaporized fuel at the point on the 
down stroke of the piston at which the partial pressure 
of the fuel vapors in the combustion chamber reached 
their saturated vapor pressure. In the present investi¬ 
gation, therefore, a series of tests was made which 
would show the occurrence of certain definite phenom¬ 
ena, provided that the fuel was vaporizing and then 
condensing. 

The test conditions and the phenomena which must 
occur, provided that vaporization and condensation 
take place, are as follows: 

Variable-injection advance angle.—Provided that 
the fogging of the chamber is caused by condensation 
of vaporized fuel, the time in the engine cycle at which 
condensation occurs should not show much variation 
over a wide range of injection advance angles. A 
small change might be observed because of the crack¬ 
ing of the vaporized fuel from the initial hydrocarbons 
to lighter hydrocarbons having a lower boiling point, 

j In this case early injection advance angles should 
give a later condensation point because of the longer 
time interval during which the fuel is in contact with 
the hot air in the combustion chamber. Because it 

j was believed that this variable would provide one of 
j the most certain checks on the theory, the injection 

advance angle was varied in all tests from 50°, in 
some cases 80°, before top center to top center in 10° 
increments. 

Different fuels.—The point of condensation should 
be dependent on the vapor pressures of the fuel used. 
Consequently, a series of tests was made using dena¬ 
tured ethyl alcohol, gasoline, hydrogenated safety 
fuel, kerosene, and Diesel fuel (fuel oil). The atmos¬ 
pheric distillation curves of samples of each fuel are 
shown in Figure 3. Vapor-pressure curves that give 

149900—33-41 
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the comparative boiling temperatures under pressure 
of fuels similar to four of the fuels are shown in Figure 
4. These data are not from actual samples of the fuels 
tested, but are taken from reference 6. According to 
the condensation theory, the time interval between top 

center and the point at which the fogging of the 
chamber occurred should decrease as the boiling tem¬ 
perature of the fuel increased, or as the vapor pressure 
of the fuel decreased. 

Different fuel quantities.—Since the saturated vapor 
pressure of a fuel depends only on the temperature and 
since given weights of a fuel vapor will have a definite 
value of vapor pressure at the various volumes and 
corresponding temperatures that exist during the ex¬ 
pansion stroke of the engine, the intersection of the 
saturated vapor-pressure curve of the fuel with the 
curves of the vapor pressure for the given weights of 
fuel under the temperature and volume conditions in 
the engine will give the temperature and consequently 
the crank position at which these weights of fuel should 
condense. If condensation occurs in the engine, the 
effect of varying the fuel quantity on the time in the 
engine cycle at which condensation takes place should 
show the same trend whether the data are obtained 
experimentally or theoretically. Computations show 
that this relationship requires that, as the fuel quan¬ 
tity is decreased, the time after top center at which 
the condensation takes place would increase at an 
increasing rate. The fuel quantities used in this series 
of tests varied from 0.00080 to 0.00004 pound per 
injection. In all tests the injection period was 
approximately 25 crank degrees. 

Different engine speeds.—Since the point in crank 
degrees at which condensation should take place is of 

necessity a function of temperature and pressure, it 
should remain independent of engine speed, except 
for the increased cooling losses and gas-leakage losses, 
as the speed of the engine is decreased. Conse¬ 
quently, tests were made at engine speeds of 1,500, 
1,000, and 500 revolutions per minute. 

Different engine temperatures.—Increasing the 
engine temperature decreases the radiation and con¬ 
duction on losses from the air during the compression 
and expansion stroke and consequently maintains 
higher air temperatures throughout the cycle. There¬ 
fore, increasing the engine temperature throughout 
the cycle should cause the condensation to take place 
at a later point on the expansion stroke. In order 
to test the effect of temperature, runs were made at 
outgoing glycerin temperatures of 100°, 150°, 200°, 
and 250° F. 

TEST RESULTS AND DISCUSSION 

VARIABLE-INJECTION ADVANCE ANGLE 

All the spray photographs presented show the effect 
of the injection advance angle on the vaporization 
and condensation of the injected fuel. The discussion 

in this and the following paragraph, however, will be 
limited to Figures 5 to 9, which contain the data for 
the different fuels. In each photograph a line has been 
drawn to indicate top center and a second line has 



Figure 5.—Vaporization of ethyl alcohol. Engine r. p. m., 1,500. Engine temperature, 100° F. Fuel quantity, 0.00025 pound. Discharge-oriflee diameter, 0.020 inch 
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Figure 6.—Vaporization of gasoline. Engine r. p. m., 1,500. Engine temperature, 100° F. Fuel quantity, 0.00025 pound. Discharge-orifice diameter, 0.020 inch 
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TOO HO 120 A.T.C. 

Figure 7.—Vaporization of hydrogenated fuel. Engine r. p. m., 1,500. Engine temperature, 100° F. Fuel quantity, 0.00025 pound. Discharge-orifice diameter, 0.020 inch 
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Figure 8.—Vaporization of kerosene. Engine r. p. m.f 1,500. Engine temperature, 100° F. Fue quantity, 0,00025 pound. Discharge-orifice diameter, 0.020 inch 
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Figure 9.—Vaporization of fuel oil. Engine r. p. m., 1,500. Engine temperature, 100° F. Fuel quantity, 0.00024 pound. Discharge-orifice diameter, 0.020 inch 
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been drawn through the center of the last clear 
exposure at an injection advance angle of 40° or 50° 
before top center. In general, as the injection advance 
angle (I.A.A.) was decreased, the point of condensation 
in crank degrees after top center at first decreased and 
then increased, although the change was slight, approx¬ 
imately 10°, in comparison with the variation in 
advance angle. An examination of the vapor-pressure 
data presented by Joachim and Rothrock (reference 6) 
shows that the vapor-pressure curves of the fuels were 
not reversible. In each case as the temperature of 
the bomb in which the pressures were measured was 
lowered the vapor pressures were higher than those, 
recorded when the bomb was heated. This nonre¬ 
versibility indicates that chemical changes took place 
in the fuels so that the final products after cooling 
the bomb contained lighter hydrocarbons than those 
which were in the original fuel. The longer the fuel 
was subjected to the high temperatures and pressures 
in the combustion chamber, the greater was the time 
available for these chemical changes to take place. 
Consequently, it is to be expected that with the early 
injection advance angles the fuel in the chamber after 
condensation had a lower boiling temperature and 
higher saturated vapor pressure than that which was 
originally injected. As the injection advance angle 
was retarded less of the lighter hydrocarbons were 
formed and consequently the condensation took place 
at a slightly earlier point on the expansion stroke. 
When the injection started at 10° before or at top 
center the mixing of the fuel and fuel vapors was not 
as complete as with the earlier injection. This phe¬ 
nomenon is shown by the uneven manner in which the 
light from the spark discharges was blotted out. The 
condensation point again retarded with the late injec¬ 
tion because the time was too short for vaporization to 
be completed and consequently the partial pressures of 
the fuel vapors were decreased. . 

Considering the figures as a whole, it can be said 
that the point at which condensation occurs does not 
vary with injection advance angle, excepting large 
angles that cause cracking of the fuel and small angles 
that do not give sufficient time for complete vaporiza¬ 
tion of the fuel. Consequently, it can be concluded 
that the first requirement of the vaporization theory is 
satisfied. 

Effect of boiling temperature of the fuel.—Figures 
5 to 9 show the results obtained with the different 
fuels. With denatured ethyl alcohol (fig. 5) the vapor¬ 
ization during the following injection was sufficient so 
that no fuel was seen from soon after injection cut-off 
until approximately 55° after top center. With an 
injection advance angle of 50° the fuel between 20° 
and 10° before top center was fairly well diffused 
throughout the chamber as is shown by the hazy 
image. For the eight successive exposures the cham¬ 
ber remained clear and then again became hazy when 

the condensation took place. (Compare third and 
twelfth exposures.) With injection at 40° before top 
center some of the fuel was still unvaporized at 6° 
before top center. Some condensation took place at 
58° after top center and condensation became prac¬ 
tically complete in the next exposure. With injection 
starting at 30° before top center, some of the spray 
core is visible in the first two exposures and condensa¬ 
tion started a little before 55° after top center. The 
results for injections starting at 20° before top center 
are similar to those for 30°. With injection starting at 
10° before top center the condensation w'as less rapid 
or else the fuel vapor had not diffused throughout the 
air; consequently the mixture was not homogeneous. 
The same is true for injection starting at top center. 
For this last case it is interesting to note how the fuel 
disappeared from around the core of the spray. (See 
the first, second, third, and fourth exposures.) In no 
case wras the condensed fuel sufficient to block out all 
the light on the original negative from the spark dis¬ 
charges. 

The photographs obtained with gasoline (fig. 6) are 
similar to those obtained with ethyl alcohol, except 
that the vaporization does not appear to have been as 
rapid and the condensation started earlier in the stroke, 
approximately 42° after top center. When condensa¬ 
tion took place less of the light w'as transmitted through 
the combustion-chamber windows than wras the case 
with the ethyl alcohol. The dispersion of the fuel 
spray before vaporization was greater with the earlier 
injection advance angles, which is to be expected, since 
the temperatures in the chamber during injection are 
lowor and consequently the vaporization is not so 
rapid. With injection starting at top center the 
blocking out of the light was uneven throughout the 
chamber for some time after the condensation started. 

With the hydrogenated safety fuel (fig. 7) the con¬ 
densation took place at approximately 30° after top 
center. Again with the greater injection advance 
angles the distribution before vaporization was more 
marked than with the lesser angles. This difference 
w'as, of course, affected to some extent by the air flow 
in the chamber. (See reference 3.) With injection 
starting at top center a slight amount of unvoporized 
fuel was visible at 39° after top center. The next 
exposure shows, as would be expected, that the con¬ 
densation took place around this nucleus. The same 
phenomenon is shov/n with injection starting at 10° 
before top center. 

With kerosene (fig. 8) the condensation occurred at 
approximately the same point as w ith the hydrogenated 
fuel, 31° after top center. This is to be expected from 
a comparison of the distillation curves of the two fuels. 
Again the condensation around any visible nuclei 
(second and third exposures, I.A.A. 0°) is shown. 
When the condensation took place the light from the 
spark discharges w'as completely obstructed with the 
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exception of the photograph having injection starting 
at top center. In this case a slight increase in light 
intensity is shown as the piston approached bottom 
center, probably caused by the decrease in the density 
of the charge in the cylinder. 

The condensation of the fuel oil (fig. 9) occurred at 
approximately 27° after top center. In no case was 
the vaporization complete when the injection advance 
angle was 30° or less. In all cases the condensation 
completely obstructed the light from the spark dis¬ 
charges, although with the injection advance angle of 
0° the obstruction was not complete until 55° after top 
center. 

Comparing all the photographs of this series, we see 
that the point of condensation occurred closer to top 
center as the boiling point or boiling range of the fuel 

increased, which fulfills the second requirement of the 
vaporization theory. The vaporization was more 
complete the earlier the injection advance angle with 
the higher boiling range fuels. With the fuels having 
the lower boiling range the vaporization was consider¬ 
able for all injection advance angles tested. It can be 
concluded that in high-speed, compression-ignition 
engines the fuel during and after its injection vaporizes 
considerably and that if combustion is not started 
until after the end of injection the combustion takes 
place from the vapor phase and not from the liquid 
phase as has been generally believed. The results 
indicate that it is possible, and probable, that in every 
case the combustion is also started from the vapor 
phase and not from the liquid phase. Of course, 
with the conventional fuels which consist of a mixture 
of hydrocarbons it is not necessary for vaporization 
to be complete before ignition takes place, but only 
for a sufficient quantity of that fraction which has the 
lowest ignition temperature to be vaporized and 
heated to the auto-ignition temperature. The quan¬ 
tity which will be sufficient to start combustion with 
inflammation will depend on the rate of heat loss from 
and to the gases in the combustion chamber. 

Effect of fuel quantity injected.—The results of the 
tests with different quantities of fuel oil are shown in 
Figures 9, 10, and 11. The fuel quantities were 
measured by injecting 10 charges of fuel into a con¬ 
tainer screwed onto the injection valve and weighing 
the container before and after injection. In the deter¬ 
mination of the weight of fuel the injection took place 
into air at atmospheric pressure instead of into air at 
pressures of from 400 to 500 pounds per square inch. 
However, since the rate of fuel discharge through the 
injection valve nozzle varies as the square root of the 
pressure difference, the decrease when the discharge 
took place into the combustion chamber should have 
been small. The different fuel quantities were ob¬ 
tained by inserting in the injection value nozzles with 
different size discharge orifices. Consequently, a 
variation in the drop sizes of the injected fuel should 

be expected. As Lee (reference 7) has shown, this 
variation should not be sufficient to affect the general 
conclusion drawn from the tests. 

With 0.00017 pound of fuel (fig. 10) the photo¬ 
graphs were similar to those with 0.00024 pound, 
although the chamber was cleared of visible fuel 
earlier on the compression stroke with an injection 
advance angle of 50°. As before, vaporization was not 
complete with an injection advance angle of 30° or 
less. The photograph for an injection advance angle 
of 0° shows the condensation taking place around the 
unvaporized portion of fuel in the chamber. As in all 
the previous tests, the diffusion of the fuel before 
vaporization was greater the earlier- the injection ad¬ 

vance angle. 
The results shown in Figure 11 for 0.00004 pound of 

fuel show a much later point of condensation, 45° after 
top center, than with the larger fuel quantities. 
This result is to be expected because of the decrease 
in the heat necessary to vaporize the fuel charge, and 
because of the decrease in the partial pressure of the 
fuel vapor. With injection advance angles of 20° 
or more before top center no fuel was visible for the 
first part of the expansion stroke before the condensa¬ 
tion took place. With injection starting at 10° before 
and at top center, fuel was visible but not to such an 
extent as with the two larger fuel quantities. The 
photographs show that even when the spray pene¬ 
trated and distributed through only a small part of the 
chamber before vaporizing the distribution was quite 
uniform when the fuel condensed. In no case was all 
the light on the negative obstructed after the con¬ 
densation took place. This phenomenon gives us a 
clue as to the extent of the vaporization. We can con¬ 
clude that 0.00004 pound of fuel on condensing will 
obstruct an appreciable amount of the light. With 
0.00024 pound of fuel, approximately the amount 
required for complete combustion of the air, no fuel 
was visible with the early injection advance angles and 
very little was visible following injection cut-off with 
the later injection advance angles. Therefore, it is 
safe to say that a considerable amount of the fuel was 
vaporized in the time allowable for injection and com¬ 

bustion. 
Another reason for thinking that the chamber being 

clear soon after cut-off is an indication of almost com¬ 
plete vaporization is that Lee (reference 7) and De 
Juhasz (reference 8) show that a very small amount of 
the fuel is in the outer envelope of a spray. However, 
this outer envelope is clearly photographed (refer¬ 
ence 3) showing that when the chamber clears, there 
can be very little unvaporized fuel in the chamber. 

Effect of engine speed on vaporization.—The effect 
of engine speed on the vaporization of the fuel sprays 
is shown in Figures 9, 12, and 13. At an engine speed 
of 1,000 revolutions per minute the photographs are 
similar to those obtained at a speed of 1,500 revolutions 
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Figure 10—Vaporization of fuel oil with 0.00017 pound fuel. Engine r. p. m., 1,500. Engine temperature, 100° F. Discharge-orifice diameter, 0.015 inch 
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Figure 11.—Vaporization of fuel oil with 0.00004 pound fuel. Engine r. p m., 1,500. Engine temperature, 100° F. Discharge-orifice diameter, 0.008 inch 
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Figure 12.—Vaporization of fuel oil at 1,000 r. p. in. Engine temperature, 100° F. Fuel quantity, 0.00025 pound. Discharge-orifice diameter, 0.020 inch 
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Figure 13.—Vaporization of fuel oil at 500 engine r. p. m. Engine temperature ,100° F. Fuel quantity, 0.00023 pound. Discharge-orifice diameter, 0.020 inch 
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per minute. With an injection advance angle of 50° 
the fuel first diffused through the chamber completely 
blocking out the light from the spark discharges and 
then vaporized and condensed at approximately 23° 
after top center. With an injection advance angle of 
40° the initial diffusion before the vaporization was 
not so complete and the vaporization appeared to be 
more complete than with the earlier injection start. 
With an injection advance angle of 30° the vaporiza¬ 
tion was more complete than was the case at 1,500 
revolutions per minute for the same injection advance. 
This is attributed to the longer time interval during 
which the fuel was subjected to the higher tempera¬ 
tures because of the lower engine speed. The slightly 
earlier condensation at the slower speed can be attrib¬ 
uted to the lower temperatures in the combustion 
chamber caused by the greater heat and gas-leakage 
losses. 

At an engine speed of 500 revolutions per minute 
the vaporization process with respect to time in seconds 
was slower than at the two higher speeds because of 
the slower rate of temperature change. The conden¬ 
sation point was later for an injection advance angle 
of 0°, starting about 32° after top center, although with 
an injection advance of 20° the condensation started 
between 20° and 30° after top center. The condensa¬ 
tion occurred slightly earlier at the speed of 500 revo¬ 
lutions per minute than at the higher speeds because 
of the greater heat losses of the air in the combustion 
chamber. The magnitude of the loss is indicated in 
the maximum cylinder pressures at the three speeds 
which were 460, 440, and 400 pounds per square inch 
at 1,500, 1,000, and 500 revolutions per minute 
respectively. (These values of maximum cylinder 
pressures are averages. The values varied by ± 10 
pounds per square inch.) 

A comparison of the three figures shows that since 
the distribution characteristics of the fuel sprays as 
well as the rate of vaporization of the spray vary with 
speed, the combustion characteristics must of neces¬ 
sity also vary. However, the variation is not of suffi¬ 
cient magnitude to cause any great difficulty, as is 
shown by the numerous successful examples of engines 
which run with a considerable speed range. 

Effect of engine temperature.—The effect of engine 
temperature on vaporization is shown in Figures 9, 
14, 15, and 16. Figure 9 shows condensation to have 
occurred at 27° after top center when the engine tem¬ 
perature wras 100° F. Figures 14 and 15 show" con¬ 
densation to have occurred 37° and 67° after top 
center when the engine temperature was respectively 
150° and 200° F. No condensation up to 130° after 
top center was shown on the films w-hen the engine 
temperature was 250° F. The retarding of the con¬ 
densation point at the higher engine temperatures 
satisfies the last requirement of the vaporization 
theory. Figures 14 and 15 show the blotting out of 

the light to have been less complete than the blotting 
out that occurred at 100° F. engine temperature. 
This effect was probably caused by the fuel being 
broken down more completely into the lighter gases 
at the higher temperatures, leaving less of the heavier 
gases to condense. 

During the 100° F. test the blotting out occurred 
earliest with an injection advance angle of 20°. The 
photographs taken when the engine wras at 150° and 
200° F. do not show- the condensation to have occurred 
later as the injection-advance angle was made larger. 

Taking the different temperature tests as a whole, 
it can be said that higher temperatures affect the con¬ 
densing of the vaporized fuel, probably causing more 
complete cracking of the fuel before condensation can 
occur. These higher temperature tests also show" a 
more rapid rate of vaporization. 

An examination of the different temperature tests 
shows that there was no ignition of the fuel until the 
engine temperature was 200° F. Figure 15 shows 
that ignition occurred when the injection advance 
angle wTas increased to 30° before top center and that 
the fuel ignited about 5° after top center. The fuel 
apparently burned with a red flame as the film wras 
not much affected by the light of the combustion. 
When the injection advance angle was raised to 40° 
the fuel apparently burned with a much whiter flame 
and ignition seemed to occur throughout the chamber 
at the same time, although occurring no earlier than 
with the 30° advance angle. With an injection ad¬ 
vance angle of 50° ignition occurred about 2° after 
top center, but the flame did not seem as bright as the 
previous combustion. Increasing the advance angle 
to 60° caused ignition to retard to 5° after top center 
again and combustion w as brighter than with the 50° 
advance angle, but not as bright as with the 40° angle. 
When injection started 65° before top center ignition 
was retarded to about 15° after top center and com¬ 
bustion seemed to be brighter around the sides of the 
chamber than in the center. This series of tests was 
repeated and the same phenomenon was again re¬ 
corded. The following explanation of this action is 
offered. 

As the fuel is injected into the combustion chamber 
two types of chemical action tend to take place. As 
Neumann (reference 10) and Wollers and Ehmcke 
(reference 11) have shown, the heavier hydrocarbons 
tend to decompose into lighter, more stable hydro¬ 
carbons, and free hydrogen. This decomposition in¬ 
creases the auto-ignition temperature of the mixture. 
On the other hand, the heavier hydrocarbons also 
tend to form unstable peroxides with the oxygen 
present in the air. These unstable peroxides result 
in a low auto-ignition temperature. (An excellent 
discussion of the peroxide formation and its effect on 
combustion is given by Mardles in reference 12.) 
Both these changes are affected by temperature. If 
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Figure 14.—Vaporization of fuel oil at 150° F. engine temperature. Engine r. p. m., 1,500. Fuel quantity, 0.00029 pound. Discharge-orifice diameter, 0.020 inch 
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Figure 15.—Vaporization and combustion of fuel oil at 200° F. engine temperature. Engine r. p. m., 1,500. Fuel quantity, 0.00029 pound. Discharge-orifice diameter, 0.020 inch 
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Figure 16.—Vaporization and combustion of fuel oil at 250° F. engine temperature. Engine r. p. m., 1,500. Fuel quantity, 0.00029 pound. Discharge-orifice diameter, 0.020 inch 
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the decomposition takes place at the lower tempera¬ 
ture, then with the earlier injection the lighter hydro¬ 
carbons will be formed at the expense of the peroxides 
and consequently the auto-ignition temperature and 
the auto-ignition lag will be increased. The accept¬ 
ance of this hypothesis depends, of course, on the 
results of further experimentation. 

When the engine temperature was 250° F. ignition 
did not occur until the injection advance angle was 
increased to 30° before top center. However, wdieii 
ignition took place it started at, or slightly before, 
top center around the edge of the spray and not at 
an indeterminate point or points throughout the 
chamber. Although the combustion seemed quite 
intense, there was a definite time interval that elapsed 
before the flame spread throughout the chamber. 
Further injection advance did not change the time of 
the start of ignition but did cause the burning to start 
simultaneously throughout the chamber. Subsequent 
tests in which indicator cards were taken simultane¬ 
ously with the combustion photographs showed that 
this simultaneous start of combustion is accompanied 

by violent combustion shock (“detonation”). A 
comparison of this figure with the preceding one 
shows that the increased temperature tended to 
make the combustion more uniform and more intense, 
and also that the engine temperature was an important 
factor in controlling the rate of combustion. 

COMPARISON OF PRESENT RESULTS WITH THOSE OF 

OTHER INVESTIGATORS 

In 1918 Neumann published a series of articles 
(reference 10) on the results of tests conducted to 
determine the significance of the vapor pressures of 
various fuels in relation to the suitability of the fuels 
for use in compression-ignition engines. He based 
his analysis on the hydrogen preferential theory, ac¬ 
cording to which ignition starts from the combination 
of the oxygen with the free hydrogen liberated by the 
decomposition of the hydrocarbons in the fuels. His 
data, however, are of interest since recent work has 
shown that combustion starts through the formation 
by the vaporized hydrocarbons of hydroxyls or per¬ 
oxides. 

Before discussing Neumann’s results it is 'well to 
distinguish between the terms “fuel vapor” and 
“fuel gas” as used by him and subsequently by 
Wollers and Ehmcke. By fuel vapor is meant the 
original hydrocarbons the fuel contained which have 
changed from the liquid to the vapor phase. By fuel 

gas is meant the decomposition products of the original 
hydrocarbons. These decomposition products consist 
essentially of the lighter hydrocarbons, methane pre¬ 
dominating, after complete vaporization of the fuel. 

Neumann’s experiments consisted essentially of ob¬ 
taining vapor-pressure curves for representative ali¬ 

phatic and aromatic fuels suitable for compression- 
ignition engines. By applying heat at a constant 
rate to the fuels he was able also to obtain information 
on the time rate of vaporization. In addition he 
analyzed the resulting gases for free hydrogen, meth¬ 
ane, ethane, and heavier hydrocarbons of the ethane 
series. The analyses showed him that when the fuels 
were heated sufficiently to be completely vaporized 
and then cooled the action was not reversible. This 
same phenomenon is shown in the results published 
by Joachim and Rothrock. 

Neumann assumed that the greater the rate of 
decomposition of the fuel and the yield of free hydrogen 
the greater was the ease with which the fuel was 
ignited. More recent results have shown that the 
free hydrogen becomes a factor only when ignition is 
not started from the unstable hydrocarbons at a 
temperature below the auto-ignition temperature of 
the hydrogen. Neumann may be correct in stating 
that those fuels which yield free hydrogen at the higher 
temperature are more suitable for engine operation, 
not because of the free hydrogen present, however, but 
because of the greater instability of the molecules. 
The rates of fuel-gas formation which he also supposed 
to be an indication of the suitability of the fuels for 
engine use can, therefore, be used as a criterion to a 
certain extent. 

Neumann concluded that the rate of formation of 
the decomposition products should not be too rapid 
but rather steady and consistent. This statement 
must, however, be modified according to the relation¬ 
ship between the auto-ignition temperature of the fuel 
and the boiling temperature. Where the auto- 
ignition temperature is considerably in excess of the 
mean boiling temperature it is advisable to have a 
slow rate of vaporization so that ignition will take 
place before the fuel is completely vaporized. Other¬ 
wise the burning will take place with sufficient rapidity 
to cause combustion shock. On the other hand, if 
the auto-ignition temperature is near the mean boiling 
temperature it is advisable to have the vaporization 
take place rapidly. 

Unfortunately, these two conditions are difficult to 
obtain. The photographs of the fuel spray and of the 
combustion have shown that for a wide range of 
volatility the rate of vaporization is sufficiently fast 
in all cases to affect combustion, and that with the 
fuels consisting essentially of the lighter hydrocarbons 
the rate of vaporization is too fast to permit combus¬ 
tion to start before the vaporization is completed. The 
results obtained at an engine temperature of 200° F. 
show that Neumann was correct in concluding that 
the formation of the lighter hydrocarbons before the 
start of combustion is detrimental and that although 
combustion may take place under such conditions the 
heat of combustion is insufficient to cause the whole 
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charge to burn. It can be concluded that the difficulty 
encountered in burning the predominantly aromatic 
fuels in the compression-ignition engine is principally 
a function of the chemical structure of the fuel which 
results in a high auto-ignition temperature. 

The next important research on the combustion 
phenomena following that of Neumann’s was con¬ 
ducted by Wollers and Ehmcke. (Reference 11.) 
Their investigation was conducted to determine 
whether or not it was possible to force early ignition 
by the addition of small amounts of easily ignitibie 
fuels. They found, as had Neumann, that the total 
hydrogen content of the fuel was not the primary 
factor in rating the fuels according to their suitability 
for use in compression-ignition engines. They also 
concluded that the boiling range of the fuel was not 
indicative of the fuel’s suitability for use in compres¬ 
sion-ignition engines. The present tests have shown, 
however, that the boiling range does have a marked 
influence on the combustion shock of the fuel. Wollers 
and Ehmcke’s tests on the relation of the gasification 
process to the combustion phenomena are extremely 
interesting. They concluded that in the aliphatic 
series the C-H bonds were stronger than the C-C 
bond and that consequently the combustion was 
started through a breaking down of the hydrocarbons 
in the C-C bonds. With the aromatic compounds, 
however, the process was reversed. In this case the 
cyclic C-C bonds were stronger than the chain C-H 
bonds and the split took place in the latter. Their 
auto-ignition tests showed that the auto-ignition tem¬ 
perature of a fuel was dependent not on the physical 
properties of the liquid fuel but on its chemical struc¬ 
ture. In further proof of this they showed, as Neu¬ 
mann had, that the final decomposition products of 
all the fuels they tested when completely vaporized 
were identical. In regard to the ignition temperature 
they concluded that in homologous series the ignition 
temperature decreased with increasing molecular 
weight. This conclusion had since been checked bv 
other investigators for the normal compounds. Wollers 
and Ehmcke did not, however, discard the theory that 
vaporization precedes ignition, for they state, “After 
the fuel has been injected, a momentary vaporization 
takes place. Under the influence of the high tempera¬ 
ture prevailing in the compression chamber the vapor 
molecules are loosened in the direction stipulated by 
the chemical constitution. The valences made re¬ 
active by this loosening absorb oxygen eagerly. Igni¬ 
tion and further burning takes place.” Although the 
vaporization of the fuel does not affect the auto¬ 
ignition temperature, the present tests have shown that 
the vaporization does affect the course of the 
combustion. 

After the publication of Wollers and Ehmcke’s 
report the theory was advanced, based upon that 
report and other work, that not only did vaporization 

have no effect on the combustion but that combustion 
started from the liquid and not the vapor phase. It is 
difficult to understand why so many investigators took 
this stand inasmuch as the above-mentioned report 
compared only the ignitibility from the gaseous and 
from the vapor phase and presented no material in 
support of the nonvaporization theory. Nevertheless, 
Wollers and Ehmcke’s results, together with the fact 
that fuels could not be compared according to their 
volatilities alone, led many of the leading workers in 
the field to discard the vaporization phase in discussing 
combustion. Little attention was paid to the fact that 
because of the wide variation in the chemical constitu¬ 
ents of the fuels tested it is hardly plausible to believe 
that the volatility only of the fuel should determine its 
suitability in a compression-ignition engine. Nor was 
it realized that although the vaporization had no effect 
on the auto-ignition temperature it might have a 
decided effect on the course of the combustion. 

Alt (reference 1) in discussing Wollers and Ehmcke’s 
work states that “if vaporization were important for 
ignition, then the higher the ignition point above the 
boiling point, the better it [the fuel] would be [for 
compression-ignition engines].” Actually the opposite 
is true. The closer the ignition temperature of the fuel 
is to the boiling temperature the greater the probability 
of starting combustion before the fuel is completely 
vaporized and so preventing combustion from taking 
place at an excessive rate with the resulting rough 
running and knocking of the engine. Alt also brought 
forth the fact that with many of the fuels the ignition 
temperature is below the mean boiling temperature. 
This does not affect the theory that vaporization pre¬ 
cedes combustion since, as Tausz and Schulte (refer¬ 
ence 13) have shown, the ignition temperature of a fuel 
is that of the fraction which ignites at the lowest 
temperature. The boiling point of this fraction may 
or may not be below the mean boiling point, and igni¬ 
tion is started when the vapor of this fraction reaches 
the auto-ignition temperature regardless of whether or 
not the heavier fractions have been vaporized in the 
meantime. An examination of the data presented by 
Alt shows that with the three fuels for which both 
ignition temperatures and boiling temperatures are 
given, paraffin oil, light tar oil, and vertical furnace tar, 
the suitability of the fuels for compression-ignition 
engines is in the inverse order of the difference between 
the auto-ignition temperature and the mean boiling 
temperature, —9°, 224°, and 365° F., respectively. 

Sass (reference 2) in his investigation placed con¬ 
siderable weight on the results obtained by Wollers and 
Ehmcke and felt that they presented convincing evi¬ 
dence against the possibility of the formation of fuel 
vapor in the combustion chamber of the compression- 
ignition engine. The additional data presented by 
Sass do not prove or disprove the vaporization theory, 
although he held that they did disprove it. Sass con- 
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siders the ignition temperature of acetylene as given 
by Wollers and Ehmcke as the criterion for showing 
that the ignition temperature of the fuel as measured 
by him in a hot-bulb engine was lower than the 
ignition temperature of the vaporized fuel. Not only 
were his ignition temperatures measured in air at high 
density which would of itself lower the auto-ignition 
temperature, as Tausz and Schulte have showm, but he 
also precludes the ignition of the unstable peroxides or 
hydroxyls formed during the early stages of vaporiza¬ 
tion. Sass agreed with Tausz’s explanation of the 
ignition according to the peroxide formation theory 
but states that the peroxide formation need take place 
only in a relatively small portion of the molecules in 
the fuel drop. No proof, howrever, has been presented 
to showr that peroxide formation takes place in the 
liquid phase although Mardles (reference 12) has 
shown that peroxide formation does take place in the 
vapor phase. 

Neumann (reference 14) in a later report presented 
theoretical and experimental results on the heating of 
the fuel drops in the spray. He started from the 
relationship that the rate of heat input from the air to 
the drop is equal to the rate of heat absorbed by the 
drop to increase its temperature plus the rate of heat 
absorbed by the vaporization of the drop. The analysis 
is based on the assumption that the air/fuel ratio 
throughout the chamber was constant. It is further 
assumed that the temperature at the outside surface of j 
the drop is equal to that of the rest of the air in the J 
chamber and that the temperature of the inside 
surface is equal to the temperature of the fuel drop 
which has at any instant the same temperature through¬ 
out. Although such computations do give results 
which are of value from a qualitative standpoint, their 
value from a quantitative standpoint is questionable. 
Neumann found that the computed values for the rate 
of heat transfer to the drop wTere much lower than those 
experienced in the bomb which he used for his tests. 
He attributed the difference to chemical reactions of 
an exothermal nature which preceded the actual 
ignition of the fuel. The present results show that 
Neumann’s computed results, which indicated that less 
than 1 per cent of the fuel vaporized during the time 
available in the engine, are far from correct and that 
actually the speed of vaporization is so great that a con¬ 
siderable part of the fuel can vaporize even though the 
temperature conditions are too low to cause ignition. 

Tausz and Schulte (reference 13) realized the neces¬ 
sity of determining ignition temperatures under pres¬ 
sure, and temperature conditions similar to those 
employed in the engine and consequently built their 
apparatus accordingly. They state (reference 13) that 
“Ignition depends on the chemical composition of the 
fuel and the preceding chemical changes, which differ 

for different pressures and temperatures. Physical 
conditions, such as fineness of division and diffusion, 
have no immediate effect on the ignition temperature, 
but affect only the completeness and rapidity of the 
combustion.” Although they did not believe that 
there wras sufficient time for complete vaporization of 
the fuel to take place they do state that “rather in the 
most favorable cases only the outer layer of a drop 
evaporates and mingles with the air and ignites at the 
recpiisite temperature. The higher temperature, thus 
produced, then causes the ignition of all the rest of the 
fuel.” This latter statement is in agreement with the 
ideas of Diesel. However, the present results show' that 
the rate of vaporization of the fuel is much greater 
than w'as previously believed. In fact it is of suffi¬ 
cient rapidity to permit practically all the fuel in the 
combustion chamber to be vaporized before ignition 
occurs. Tausz and Schulte realized that the ignition 
temperatures of Wollers and Ehmcke were those of 
the decomposition products produced in the absence of 
oxygen and not of the original vapors of the fuels, but 
nevertheless they precluded the idea of extensive 
vaporization previous to ignition. 

In testing fuels (chemical compounds) which did not 
decompose on boiling, Tausz and Schulte found that 
“the temperature of ignition was independent of 
whether the fuel is present in the form of a vapor or of 
a fog and whether in this latter case, the drops are 
large or small.” It is in these tests that proof is given 
of the necessity of vaporization before ignition of the 
fuel. These investigators tested over 100 chemical 
compounds covering saturated aliphatic hydrocarbons, 
unsaturated aliphatic hydrocarbons, cyclic compounds 
and their derivatives, aromatic hydrocarbons, deriva¬ 
tives of aromatic hydrocarbons, terpenes and cam¬ 
phors, heterocyclic compounds, aldehydes, alcohols 
and their derivatives, aliphatic acids, aromatic acids, 
and various fats and mineral oils. With three excep¬ 
tions, the auto-ignition temperatures of the chemical 
compounds in oxygen were alwrays equal to or greater 
than the boiling temperature of the liquid. For one 
of these, nonylic acid, the difference was small, 6° F., 
which can be attributed to experimental error. Of the 
other two, stearic acid and undecylenic acid, stearic 
acid is known to decompose on heating. In addition 
Tausz and Schulte distilled two different crude oils 
and collected the distillates at given temperature 
increments. The ignition temperatures of the dis¬ 
tillates were then determined. They found that 
“the ignition point of the crude product is approxi¬ 
mately that of the fraction which ignites at the lowest 
temperature,” and that this temperature was higher 
than the boiling temperature of the fraction, which 
presents further proof that even with the complex 
fuels vaporization precedes ignition. 
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CONCLUSIONS 

There are two main conclusions to be drawn from 
the data presented. First, there is considerable 
vaporization of the injected fuel in a high-speed com¬ 
pression-ignition engine during the time available for 
injection and combustion. Second, this vaporization 

affects the course of combustion. 
There are also several detailed conclusions: 

1. The percentage of the fuel vaporized before igni¬ 
tion is a function of the boiling temperature or tem¬ 
peratures of the fuel, the injection advance angle, the 
engine temperature, and the engine speed. 

2. If the ignition lag is too great the vaporization is 
accompanied by sufficient breakdown of the heavier 
hydrocarbons into lighter hydrocarbons to affect the 
time and course of the combustion. 

3. Unless combustion is started before the fuel 
vapors have diffused throughout the chamber the 
combustion will start throughout the chamber almost 
simultaneously with consequent combustion shock. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 4, 1932. 

REFERENCES 

1. Alt, Otto: Combustion of Liquid Fuels in Diesel Engine. 
T. M. No. 281, N. A. C. A., 1924. 

2. Sass, F.: Ignition and Combustion Phenomena in Diesel 
Engines. T. M. No. 482, N. A. C. A., 1928. 

3. Rothrock, A. M.: The N. A. C. A. Apparatus for Studying 
the Formation and Combustion of Fuel Sprays and the 
Results from Preliminary Tests. T. R. No. 429, N. A. 

C. A., 1932. 
4. Rothrock, A. M.: A Preliminary Note on the Investigation 

of Vaporization of Fuel Sprays. T. N. No. 408, 1932. 
5. Hicks, C. W.: The Measurement of Maximum Cylinder 

Pressures. T. R. No. 294, N. A. C. A., 1928. 
6. Joachim, W. F., and Rothrock, A. M.: Fuel Vapor Pressures 

and the Relation of Vapor Pressure to the Preparation of 
Fuel for Combustion in Fuel-Injection Engines. T. R. 

No. 321, N. A. C. A., 1929. 
7. Lee, Dana W.: The Effect of Nozzle Design and Operating 

Conditions on the Atomization and Distribution of Fuel 
Sprays for Compression-Ignition Engines. T. R. No. 

425, N. A. C. A., 1932. 
8. DeJuhasz, Kalman J.: Dispersion of Sprays in Solid-Injec¬ 

tion Engines. A. S. M. E. Trans., O. G. P., Vol. 53, No. 

17, 1931. 
9. Tizard, H. T.: The Causes of Detonation in Internal- 

Combustion Engines. A paper read before the North 
East Coast Institution of Engineers and Shipbuilders 
(Great Britain) May 11, 1921. 

10. Neumann, Kurt: Untersuchungen an der Dieselmasliine. 
V. D. I., Vol. 62, 1918; No. 41, pp. 706-711; No. 42, pp. 
722-726; No. 44, pp. 763-768. 

11. Wollers, G., and Ehmcke, V.: Der Vergasfungsvorgang der 
Treibmittel, die Olgasbildung und das Verhalten der 
Oldampfe und Olgase bei der Verbrennungin Dieselmotor. 
Kruppsche Monatschefte, Vol. 2, Jan. 1921, pp. 1-20. 

12. Mardles, E.: Oxidation Characteristics of Fuel Vapours 
with Regard to Engine Detonation. R. & M. No. 1374, 
British A. R. C., 1930. 

13. Tausz, J., and Schulte, F.: Determination of Ignition Points 
of Liquid Fuels under Pressure. T. M. No. 299, N. A 
C. A., 1925. Ignition and Combustion Reactions in 
Diesel Engines. T. M. Nos. 483 and 484, N. A. C. A., 

1928. 
14. Neumann, Kurt: Experiments on Self-Ignition of Liquid 

Fuels. T. M. No. 391. N. A. C. A., 1926. 





REPORT No. 436 

TESTS OF NACELLE-PROPELLER COMBINATIONS IN VARIOUS POSITIONS WITH 
REFERENCE TO WINGS. II—THICK WING—VARIOUS RADIAL-ENGINE COWL¬ 
INGS—TRACTOR PROPELLER 

By Donald H. Wood 

SUMMARY 

This report is the second of a series giving the results 
obtained in the 20-foot wind tunnel of the National Advi¬ 
sory Committee for Aeronautics on the interference drag 
and propulsive efficiency of nacelle-propeller-wing com¬ 
binations. The first report gave the results of the tests 
of an N. A. C. A. cowled air-cooled engine nacelle located 
in 21 positions with reference to a thick wing. The 
present report gives results of tests of a normal engine 
nacelle with several types of cowling and fairings in four 
of the positions with reference to the same wing. 

The wing had a 5-foot chord, a 15-foot span, and a 
maximum thickness of 20 per cent of the chord. The 
engine was a 419-scale model of a Wright J-5 radial air¬ 
cooled engine, and was installed in a small nacelle of 
the same scale. Tests were made with no engine cowling, 
wit ft a narrow variable-angle ring, two wide thin rings 
with different chord angles, and the hood, previously used 
on the AT. A. C. A. cowled nacelle. The propeller was a 
4-foot diameter model of the standard Navy adjustable- 

pitch metal propeller No. 4412. 
In two of the nacelle positions tests were made in two 

conditions—with the nacelle supported on struts and 
with the space between the nacelle and wing filled by fair¬ 
ing. The effects of fairing the N. A. C. A. hood into the 
wing and of side brackets on the nacelle when located 
ahead of the wing were also investigated. 

The lift, drag, and propulsive efficiency were deter¬ 
mined at several angles of attack for each cowling and 
fairing condition in each of the four nacelle locations. 
The net efficiency was computed by the method of Report 
No. 415 and compared with the results therein reported. 

xUthough the propulsive efficiency of the small uncowled 
nacelle is higher than that of the nacelle with any of the 
cowlings, the drag and interference are also higher, and 
the highest net efficiency is obtained with the N. A. C. A. 
cowled nacelle. Fairing the nacelle into the wing is an 
advantage when the cowled nacelles are located near the 
wing but is of little value when the nacelles are not cowled. 
Fairing the N. A. C. A. hood into the wing is detrimental. 
Side brackets on the nacelle when it is located ahead of 

the wing are to be avoided. The N. A. G. A. cowled 
nacelle located about 25 per cent of the chord ahead of the 
wing is the best tractor-nacelle arrangement. If the cowl¬ 
ing is omitted with nacelle in this position, a loss of lift 
results, especially at high angles of attack. The proper 
location of nacelles and careful cowling are important in 
the high-speed range of flight, but in the lower speed ranges 
there is little advantage of one nacelle position or cowling 
over another. 

INTRODUCTION 

This report is the second of a series giving the results 
of a general investigation of the mutual effects of wings, 
nacelles, and propellers. Originally presented at the 
Fourth Annual Aircraft Engineering Research Con¬ 
ference in May, 1929, the program has been subse¬ 
quently extended and now includes tractor, pusher, and 
tandem propellers, and biplane as well as monoplane 
wings. Several propeller pitch settings and numerous 
types of engine cowling have also been included. 

The first report (reference 1) gave the results ob¬ 
tained with an N. A. C. A. cowled air-cooled engine 
nacelle located in 21 positions with reference to a thick 
monoplane wing. The results indicated that a posi¬ 
tion of the nacelle directly ahead of the wing was the 
best. If practical considerations demand less favor¬ 
able locations, the nacelles should not be placed too 
close to the wing above or below. The use of cowlings 
on radial air-cooled engines has been uniformly suc¬ 
cessful. Many installations, however, have been, and 
probably will continue to be made without cowling 
over the engine, or at least with simpler forms of cowl¬ 
ing. That cowling is an advantage is a sufficient rea¬ 
son for making the extensive series of tests of refer¬ 
ence 1; but it is also important to know something of 
the effects when the engine is not cowled or is fitted 
with other forms of cowling. 

This second report in the series therefore presents 
the results obtained with an engine nacelle of the type 
commonly used with uncowled engines. This nacelle 
was tested both uncowled and with four cowlings which 
experience and a study of existing airplane designs 
indicated were most efficient or were in common use. 

653 
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Four nacelle positions were selected from the original 
series—the position ahead of the wing which the first 
tests had shown to be the best and three others, one 
above and forward of the wing and two below the 

and because of other design restrictions. Other loca¬ 
tions away from the wing may be slightly better, but 
it is hardly worth while using them except in special 
cases. In each nacelle position the four types of cowl- 

Figure 1.—Small nacelle and engine assembly 

wing. The latter three positions were selected mainly 
because they have been commonly used on airplanes 
constructed in the past and also because they are likely 
to continue in fairly general use for structural reasons 

ing were tested both with and without propeller 

operating. 
Whether or not fairings shall be used is always a 

moot question in airplane design, and accordingly the 
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effects of fairing the nacelle into the wing were investi¬ 
gated. In the course of the investigation certain other 
perhaps incidental items appeared. When the nacelle 
was originally installed ahead of the wing, it was sup¬ 
ported by angle brackets which protruded from the 
sides of the nacelle and were covered over with fair¬ 
ings. These brackets were later removed and repeat 
tests were made to determine the effect of such ap¬ 
pendages. When the nacelle is very near the wing 
and far back the cowling hood intersects the wing. 
The question of whether the resulting hollow should 

be faired arose, and the results of the tests are given. 
Whenever possible, comparisons of the results with 

those of the first series have been made. 
The test program having assumed large proportions 

it was necessary to limit the number of tests, and in 
consequence the results are perhaps open to criticism. 
Although the test results do not represent the ultimate 
that can be obtained with simple cowlings, they do show 
the interference effects to a good approximation and, 
taken with the results for the N. A. C. A. cowled 
nacelle, present a fair picture of the relative merits 

of tractor-propeller radial-engine nacelle and wing 

combinations. 

APPARATUS AND METHODS 

The propeller-research tunnel, in which the tests 

were made, is described in reference 2. The standard 
apparatus and test methods were used with certain 
exceptions mentioned later. 

The wing is constructed of wood with a 5-foot 
chord and a 15-foot span. The airfoil section, the 
ordinates of which are given in Figure 1, reference 1, 
has a maximum thickness of 20 per cent of the chord. 
The central portion of the wing is provided with 
suitable metal ribs and plates for the connection of 
the struts required in attaching the nacelle to the wing. 

The engine nacelle constructed of sheet duralumin 
was similar to nacelles required for a Wright J-5 
radial engine, and was four-ninths (0.445) full scale. 
A detailed wooden model of this engine was installed 
in the proper position in the nacelle. This nacelle was 
constructed with the dimensions given in Figure 1, 
and represents a normal nacelle such as is employed 
when the engine is uncowled. All the tests of this 

report were made with this nacelle (called small nacelle) 
and model engine. A larger nacelle fitted with a hood, 
the nacelle and hood constituting an X. A. C. A. 
cowled nacelle, was used in the tests of reference 1 
and the hood was used in some of the tests of this 
report. The principal dimensions of this nacelle and 
the hood are given in Figure 2, which is reproduced 

from reference 1 for comparison. 

The four cowlings fitted to the engine and small 
nacelle were of three distinct types: A narrow multi¬ 
sided ring, the angles of the sides of which could be 
adjusted; two wide thin rings with their chord lines 0° 
and - 6.3° to the axis; and thehood previously used with 
the N. A. C. A. cowled nacelle. These are designated 
variable-angle ring, ring 1, ring 3, and AT. A. C. A. 
hood, respectively, for purposes of reference. The 
principal dimensions are given in Figures 2, 3, 4, and 5. 
In preliminary tests on the nacelle alone, to be discussed 
in a later report, another ring (ring 2) having an angle 

of —3° was tested but showed no promise; consequently 

no further tests of it were made. 
The wing-nacelle-propeller combination with the 

various cowlings was tested with the nacelle and wing 
in the four relative positions marked in Figure 6. In 
the figure the crosses indicate the positions of the 
center line of the propeller hub. The nacelle positions 
are designated by the system of letters shown. 

The design of the variable-angle ring was based on 
the tests of reference 5 and the angle setting was 
determined in the preliminary tests. The —8° setting 
was found to give the lowest nacelle drag and was 
therefore used in the present tests with the wing. 
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The variable-angle ring and also the N. A. C. A. hood 
were located on the nacelle with their leading edges 

Figure 6.—Wing-nacelle test locations 

5% inches ahead of the center line of the engine 
cylinders. 

Rings 1 and 3 were each located in two fore-and-aft 
positions—-position 2, 4b inches, and position 3, 3b 
inches from leading edge of ring to center line of 
cylinders with the nacelle in position B. Ring 1 ap¬ 
peared poor in both positions and ring 3 was better in 
position 2. The tests in other nacelle locations were 
therefore made with ring 3 in position 2 only. 

The propeller, which is 4 feet in diameter, is geo¬ 
metrically similar to the Navy standard 4412, 9-foot- 
diameter aluminum alloy propeller. A number of 
full-scale tests of this propeller have been made and 
are described in references 2 and 3. The blades may 
be turned in the hub to give different pitch settings. 
In the tests discussed here, the pitch setting was 17° 
at 0.75 B, which is about average for usual operating 
conditions. This is the same pitch used in the tests 
of reference 1 and results are therefore directly com¬ 
parable. 

For driving this propeller, a 25-horsepower 220-volt 
direct-current motor was mounted within the nacelle. 
Wires were led from the motor down the struts into the 
wing, and along the supporting members to the control 
equipment on the floor below. These wires were care¬ 
fully taped to the struts, preserving a streamline shape 

i which, in subsequent tests, showed a negligible effect 

Figure 7.—Photograph of wing-nacelle combination in position B-l-A mounted for test 
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on the tare drag. A Prony brake was used for calibra¬ 
ting the motor, and curves were obtained giving arma¬ 
ture current against torque for several values of the 
field current. During the tests the field current was 
held at one of these calibrated values. Revolution 
speed was indicated by a condenser-type electric tach¬ 
ometer which occupied a small space in the nacelle and 
was connected by wires to an indicating instrument on 

the floor below. 
The wing and nacelle combinations were mounted on 

the balance by means of standard supports, which have 
been described in reference 4. With these supports the 
airfoil pivots about a line near the lower surface 25 
per cent of the chord back from the leading edge, and 
the angle of attack is adjusted by a crank operating a 
post connected with a sting on the airfoil. The airfoil 
and nacelle mounted in one test position are shown in 
Figure 7. Figures 8, 9, 10, and 11 are photographs of 
the other wing-nacelle set-ups, arranged in the order 
of the nacelle locations and cowlings. In ail cases, the 
thrust line of the propeller was fixed parallel to the 

wing chord. 
For use in subsequent analyses, a series of tests at 

various air speeds was made with the wing alone at 
angles of attack of —5°, 0°, 5°, 10°, and 12°. Similar 
tests were made with the small nacelle alone. In each 
case separate tare-drag tests were also made. The 
lift and drag forces were measured simultaneously by 
balances on the floor below. The Reynolds Number 
varied from about 2,300,000 at the lowest air speed 
(54 m. p. h.) to 4,300,000 at the highest speed 

(99 m. p. h.). 
The first test with each combination was a run at 

several air speeds, with the propeller removed. The 
lift, drag, and air speed were measured. A second test 
was then made with the propeller in place, and with 
the tunnel operating at several air speeds. In this 
test the lift, drag (or thrust), torque, propeller revolu¬ 
tions, and air speed were measured. Separate tests 
were made at angles of attack of —5°, 0°, 5°, 10°, and 
12°. At the 12° angle only a few points were deter¬ 

mined near zero thrust. 
With the nacelles in positions B-l-A and A-l-B the 

tests were made both with the nacelle supported by 
struts only and with the struts surrounded by a 
fairing joining the wing and nacelle. With the nacelle 
in position B the supports as originally installed pro¬ 
truded from the sides of the nacelle. These brackets 
although faired were considered to be of doubtful 
utility and accordingly repeat tests were made with 
them removed. The fairings and struts are clearly 

shown in the photographs. 
With the nacelle in positions A-l-A and A-l-B the 

engine cowling intersects the wing in a manner that 
may account for some unfavorable interference. In 

the tests of reference 1 the cowling was faired into the 
wing as shown in the photographs at the right of 
Figure 12. Airfoil tests were later made with the 
hood fairing removed as indicated at the left of Figure 
12, and the comparative results are given here. 

RESULTS 

The measured lift and drag were reduced to the 

usual coefficients 

r Lift r Drag ~ Moment 
Ll~YS Ld~ qS Cm~ qSc 

where 
q, the dynamic pressure (b pF2). 

р, mass density of the air. 
V, velocity. 
S, the area of the wing. 
с, the chord of the wing. 
(All moments are taken about the quarter- 

chord point of the wing.) 
These coefficients were first plotted against the 
dynamic pressure q and then cross plotted as CL, 
CD, and Cm against a (angle of attack) at values of 
the dynamic pressure corresponding to 50, 75, and 

100 m. p. h. 
Since the principal interest is in the comparative 

results with various cowlings in the different positions, 
the lift and drag coefficients have been plotted as polar 
diagrams arranged in a manner to facilitate such com¬ 
parisons. The N. A. C. A. cowled nacelle is nothing 
more than an improved engine cowling and should 
obviously be examined with the other types. Accord¬ 
ingly, in the photographs, figures, and tables informa¬ 
tion from reference 1 has been included to complete 

the series. 
In Figures 13 to 16 polar diagrams are given of the lift 

and drag coefficients obtained with the various cowl¬ 
ings in the four nacelle positions. Figures 17 and 18 
show the results for positions A-l-B and B-l-A with 
and without fairing. Figure 19 shows the effect of 
side brackets on the nacelle in position B and Figure 
20 the effect of hood fairing on the N. A. C. A. cowled 
nacelle in positions A-l-A and A-l-B. Figure 21 
compares the results with rings 1 and 3 with those 
for the variable-angle ring. Figures 22 and 23 show 
the comparative results for two cowlings in all four 
nacelle positions, Figure 22 the small nacelle without 
cowling, and Figure 23 the N. A. C. A. cowled nacelle. 
All these diagrams are plotted from the data obtained 
at an air speed of 100 m. p. h. The results are also 
given in Tables I and II, together with those for two 

other air speeds, 50 and 75 m. p. h. 
The results with the propeller operating are reduced 

to the usual coefficients 
si T—A.D „ P 
O T— oru w2D4 riiDh 



Small nacelle, exposed cylinders, faired into wing. Small nacelle, ring No. 3, faired into wing. 

Small nacelle, variable-angle ring set —8°, faired into wing. Small nacelle, XT. A. C. A. hood, faired into wing. 

Figure 8.—Nacelles in position B-l-A 

N. A. C. A. cowled nacelle, not faired into wing, 
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Small nacelle, exposed cylinders, with side bracket fairing. Small nacelle, exposed cylinders, without side brackets. Small nacelle, ring No. 3, with side bracket fairing. 

Small nacelle, variable-angle ring set —8°. Small nacelle, N. A. C. A. hood. N. A. C. A. cowled nacelle. 

Figure 9.—Nacelles in position B 
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Small nacelle, exposed cylinders, not faired into wing. Small nacelle exposed cylinders, faired into wing. Small nacelle, ring No. 3. faired into wing. 

Small nacelle, variable-angle ring set —8°, faired into wing. Small nacelle, N. A. C. A. hood, faired into wing. 

Figure 10.—Nacelles in position A-l-B 

N. A. C. A. cowled nacelle, faired into wing. 
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Small nacelle, exposed cylinders. Small nacelle, ring No. 3. 

■ 
,1 * s 

Small nacelle, variable-angle ring set —8°. Small nacelle, N. A. C. A. hood. 

Figure 11.—Nacelles in position A-2-B 

N. A. C. A. cowled nacelle. 
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where 

T, thrust of propeller operating in front of a 
body (tension in crankshaft). 

AD, change in drag of body due to action of 
propeller. 

T— AD, effective thrust (discussed in reference 3). 
n, revolutions per unit time. 
D, propeller diameter. 
P, motor power. 

VIII, Moment Coefficient with Propeller Operating 
{Omp). The plots of these results follow the normal 
trends of propeller characteristic curves and, since only 
individual values are used in later comparisons, no 
curves are reproduced here. The reader is referred to 
reference 1 for a typical set of such curves. 

ACCURACY 

All readings were taken on scales and instruments 
that were calibrated frequently during the tests. The 

N. A. C. A. cowled nacelle in position A-l-A, without hood fairing. N. A. C. A. cowled nacelle in position A-l-A, with hood fairing. 

N. A. C. A. cowled nacelle in position A-l-B ■without hood fairing. N. A. C. A. cowled nacelle in position A-l-B, with hood fairing. 

Figure 12.—N. A. C. A. cowled nacelle with and without hood fairing 

and 
r] = propulsive efficiency 

_ effective thrust X velocity of advance 
motor power 

(T-AD)^7 Ct V 
P V CP nD 

and CL and Cm are computed as before but are now 
called CLp and Cmp. 

The coefficients for all nacelle positions at various 
V 

values of and the different angles of attack are 

given in Tables IV to VIII, inclusive: Table IV, 
Thrust Coefficient (Ct)', Table V, Power Coefficient 
(CP); Table VI, Propulsive Efficiency (77); Table VII> 
Lift Coefficient with Propeller Operating (CLp)', Table 

angles of attack of the airfoil were set within 5 minutes 
of the desired angles with an inclinometer. The motor 
calibration showed a scattering of the points repre¬ 
senting a maximum error of 1 per cent. The tachom¬ 
eter readings were accurate within 10 revolutions per 
minute. The lift and drag were measured to the near¬ 
est pound. 

With certain nacelle positions at high angles of 
attack the forces fluctuated rapidly and the above 
accuracy could not be obtained. This fluctuation was 
particularly noticeable near the burble point of the 
airfoil. The major portion of the faired results are 
believed to be correct within ± 2 per cent, when the 
scattering of the test points and the accuracy of the 
instruments are considered. 



NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 663 

0 .04 .08 .12 .16 .20 
Cv CD 

Figure 13.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations in position B-l-A faired into wing 

Figure 15.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations in position A-l-B, faired into wing 

Figure 14.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations! n position B, side brackets removed 
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Figure 16.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations in position A-2-B 
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0 .04 . 08 .12 46 .20 
CD 

Figure 17.—Comparison of lift and drag characteristics for wing alone and Figure 19.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations in position A-l-B showing effect of fairing into wing nacelle combinations in position B showing effect of side brackets 

Figure 18.—Comparison of lift and drag characteristics of N. A. C. A. 
cowled nacelle in position B-l-A showing effect of fairing into wing 

Figure 20.—Comparison of lift and drag characteristics for wing alone and 
N. A. C. A. cowled nacelle combination in positions A-l-A and A-l-B show¬ 

ing effect of hood fairing 
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DISCUSSION 

A consideration of the general problem of a nacelle 
with a propeller operating in proximity to a wing 
indicates that several factors should be considered. 
The nacelle and wing have mutual interferences which 
appear as changes in the lift and drag. The propeller 
characteristics are influenced by the presence of the 
wing and nacelle and the slipstream in turn changes 
the forces on the wing and nacelle. A detailed discus¬ 
sion of these questions is given in reference 1, and it is 
concluded that a comparison of the relative merits of 
wing-nacelle-propeller combinations must include pro- 

Figure 21.—Comparison of lift and drag characteristics for wing alone and 
nacelle combinations in position B showing effect of cowling ring type and 

position 

pulsive efficiency, interference-drag effects, and lift 
effects. A net efficiency is derived therein which 
includes the above factors in a rational and simple 
manner. The same methods are employed here. 

INTERFERENCE LIFT AND DRAG 

Although the largest item in the net efficiency is the 
propulsive efficiency, the interference-drag effects have 
a large influence and a great deal may be learned from 
an examination of lift and drag data from the tests 

made without propeller. 
Accordingly, these results are first discussed and 

later the propeller effects are included. Beside sim¬ 
plifying the discussion, a clearer picture of the phe¬ 
nomena is perhaps obtained. In Figures 13 to 23 each 
line represents a different combination of nacelle and 

O .04 .08 J2 .16 .20 
CD 

Figure 22.—Comparison of lift and drag characteristics of wing alone and 
exposed cylinder nacelle combination in four positions 

Figure 23.—Comparison of lift and drag characteristics of wing alone and 
N. A. C. A. cowled nacelle combination in four positions 
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cowling plotted as a polar diagram CL against CD with 
the polar of the wing alone also given. The abscissa 
intercept between the wing-alone polar and that for 
any wing-nacelle-cowding combination represents the 
drag added by the nacelle, i. e., the nacelle drag plus 
wing-nacelle interference drag. Similarly, the ordinate 
intercept represents the lift change due to the nacelle 
and cowling. These intercepts are of fundamental 
importance because the arrangement which develops 
the least increase of drag (that polar closest to the 
wing-alone polar) is the best considering only the lift 
and drag. 

In Figure 13 which shows the results with nacelle 
and cowlings in position B-l-A, at a lift coefficient 
of 0.4 corresponding to 0° for the wing alone, the drag 
added by the small nacelle with exposed engine cyl¬ 
inders is about four times that added by the com¬ 
pletely cowled nacelle; that added by the N. A. C. A. 
hood or variable-angle ring and the small nacelle 
is about two and one-half times that added by the 
completely cowled nacelle. These proportions hold 
approximately at other angles of attack. The loss 
of lift at a given angle of attack for the nacelle with 
exposed engine cylinders is also to be noted. The 
advantage of cowling is amply evident. Similar 
conclusions are drawn from Figure 14 showing the 
results for position B. In this position the nacelle 
is partly within the wing so that the drag added is not 
so large. Nevertheless, the nacelle with exposed 
cylinders adds about six times and variable-angle ring 
four times the drag of the completely cowled nacelle. 
The loss of lift is again evident. The results for 
positions A-l-B and A-2-B shown in Figures 15 and 
16 are of the same character. The results for position 
A-l-B (fig. 15) are especially interesting. Here the 
cowling is not of so much advantage and this advan¬ 
tage disappears at the higher angles of attack. This 
result confirms early flight tests on cowled engine 
nacelles made soon after the development of the 
N. A. C. A. type of cowling. In position A-2-B 
where the nacelle is farther from the wing the cowling 
is more useful but still loses its value at high angles 
of attack. In no case is cowling a detriment and in 
the best nacelle position, position B, it is a decided 
advantage, eliminating the loss of lift which occurs 
when no cowling is used. 

The results just discussed were obtained with the 
nacelle faired into the wing except in position A-2-B. 
Figure 17 indicates the effect of the fairing giving the 
results with and without fairing for position A-l-B. 
Fairing between the nacelle and wing eliminates about 
25 per cent of the drag added by the cowled nacelles. 
On the nacelle without cowling the fairing has no 
effect. The air surrounding the nacelle is apparently 
so stirred up by the engine cylinders that fairing can 
not smooth the flow. When the nacelle is above the 
wing where the velocity is higher the effects are even 

more pronounced, as indicated in Figure 18. This 
result was given in the tabular data of reference 1 but 
is so striking that it is reproduced as a curve here. 
The drag due to the nacelle is reduced 75 per cent by 
fairing and this with the completely cowled nacelle in 
both instances. The cases cited point to the necessity 
of careful fairing when the nacelle is near the wing. 
The gains are more pronounced above the wing than 
below and with cowling than without. 

Another interesting side light on fairings is given by 
the results of the tests with and without side brackets 
on the nacelle in position B. These are given in Figure 
19. It appears that about half the drag due to the 
nacelle with hood is caused by these brackets. With 
ring 3 and the uncowled nacelle very little gain is evi¬ 
dent from removing the brackets. The most surprising 
result is the improvement of lift. Where with side 
brackets the lift at 10° was only 85 per cent of the lift 
of the wing alone, with brackets removed it is 95 per 
cent, nearly equal to the cowled nacelle and wing 
combinations. This nacelle position shows the best 
over-all results, as will appear later, but the engine 
must be cowled and all protuberances eliminated for 
best results. 

A second variation of fairings is indicated in Figure 
12, and the results are given in Figure 20. It was 
considered that the intersection between the hood over 
the cylinders and the wing might produce unfavorable 
interference, and a fairing was placed over the front 
as shown. The results indicate practically no effect 
at 0° angle of attack and below, but at higher angles 
the fairing on the hood is a serious detriment resulting 
in large increases of drag as well as decreases of lift, 
particularly in position A-l-A. This nacelle location 
is poor on other grounds also (reference 1) and should 
be avoided. Unfortunately, propeller tests were not 
made with the fairing removed, so that the net results 
for the completely cowled nacelle in these positions are 
slightly poorer than they would have been with the 
fairing removed. 

The discussion thus far has been confined to general 
interference effects, and no attempt has been made to 
evaluate definitely. It is evident by now, however, 
that the N. A. C. A. cowled nacelle is the best. The 
N. A. C. A. hood applied to the small nacelle is better 
than the variable-angle ring. Although rings 1 and 
3 do not give as good results as the other cowlings 
tested, they do represent types strikingly similar to 
cowlings that have been observed on a number of 
airplanes. Although they are not recommended, the 
results of some tests are given in Figure 21, where they 
are compared to the variable-angle ring. Ring 3 is 
slightly poorer than the variable-angle ring at low 
angles, and ring 1 is poorer throughout. This result 
is perhaps accounted for by the difference in angle, 
— 6.3° against — 8°. Rings 1 and 3 are circular, but the 
variable-angle ring has nine sides and there is reason 
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to suppose it would be improved if made circular also, 
which could be done once the angle were fixed. No 
effect of changing the fore-and-aft position of the rings 
is noted. The —8° angle for the variable-angle ring 
gives the lowest drag. Recent tests, however, on another 

part of this project have indicated that the net effi¬ 
ciency is improved when the angle is made less. The 

results of the tests of these rings are consequently only 
useful as indications of possible results. The alter¬ 
ations just indicated may improve the results, but it is 
not likely that any ring on a small nacelle can be made 
equal to a ring or hood on a large nacelle. Practical 
considerations often dictate the simpler arrangement, 

however. 
As a final consideration of the interference part of 

the problem, Figures 22 and 23 present the results 
from tests of the exposed cylinder nacelle and the I 
N. A. C. A. cowled nacelles in the various positions. 
There is no reason why there should be any agreement 
of results; but apparently the cowled-nacelle polars 
follow an almost parallel course whereas the uncowled 
results indicate one position best at one angle of attack 
and another at another. Position B is decidedly 
better throughout with a completely cowled nacelle. 
It is particularly poor at high angles with an uncowled 
nacelle. Fairing the completely cowled nacelle into 
the wing, which showed such an improvement in 
position B-l-B (fig. 18), did not do this with the 
uncowled nacelle except at low angles. The other 
results are entirely in favor of the cowled nacelle, 
although this advantage disappears to a large extent 
at high angles of attack. This is, of course, to be 
expected from the nature of the drag, the wing drag 
increasing rapidly with angle of attack whereas the 
drag added by the nacelle is substantially constant. 

NET EFFICIENCY 

The foregoing discussion represents the conclusions 
that are arrived at without considering the propeller. 
They are similar to what would result from any model 
tests where only the nacelle and wing were present. 
The principal advantage of the present tests, however, 
is the study of the effects of the operating propeller. 
The propeller supplies the thrust necessary to pull the 
airplane through the air and a proper determination of 
the thrust available under any given conditions for the 
different nacelle-propeller-wing combinations is the key 
to the relative merits of the different arrangements. 

The variation of the lift and drag without propeller 
has just been examined in detail. When the propeller 
is operating, further changes occur and, in addition, the 
propeller is affected by the presence of the nacelle and 

wing. 
These effects have been discussed at length in refer¬ 

ence 1 and two factors are developed which are summed 
up to give the net efficiency, a measure of the real merit 

of any wing-nacelle-propeller combination. 

These factors are: 
(1) The propulsive efficiency representing the ratio 

of the effective thrust power to the motor power. 
Effective thrust is defined as the propeller thrust 
minus the increase of drag due to the slipstream, so 
that the effects of the propeller on the body and the 
body on the propeller are accounted for. 

(2) The nacelle drag efficiency factor representing 
the fraction of the motor power which is used in over¬ 
coming the drag and interference of the nacelle. 

The net efficiency, (1) minus (2), represents the 
fraction of the total motor power that is available for 
overcoming the drag of other parts of the airplane 
exclusive of the nacelle. A high value of net efficiency 
indicates a high propulsive efficiency or low nacelle 
drag efficiency factor, or both. In any case the higher 
the value the better the arrangement. 

The details of the derivation of these factors are 
given in reference 1 and the resulting formulas only 

are repeated here. 

Propulsive efficiency = 
(T- A D) V CT 

P CP 
_F 
nl) 

(J D  (J D q / y \ 3 

Nacelle drag efficiency factor =-" * ^jyi \nD/ 

Net efficiency = ^ ^ - 
— P 

DC 

cr 
s (Vy 

*2 D2\nD) 

where CDw, drag coefficient of the wing at a given angle 

of attack. 
CDc, drag coefficient of the wing-nacelle combi¬ 

nation at the same lift coejjicient as the 
wing alone, and the other symbols as 
previously defined. 

These formulas may be applied to any operating 
condition, and if the conditions are fixed for all nacelle- 
propeller-wing combinations, a direct comparison may 
be made. Following the method of reference 1, the 
factors have been computed for an angle of attack of 
the wing alone of 0° (CL = 0.409) and a propeller 

-^ = 0.65, corresponding to an assumed high-speed 
nu 
operating condition, and also for an angle of attack 

V 
of the wing alone of 5° {CL — 0.652) and ^5 — 0.42, cor¬ 

responding to climb The high-speed ^ is the average 

value at which the propeller operated at peak efficiency 
V V 

in the tests. The climb ^ is the corresponding aver¬ 

age value obtained by assuming a climbing speed equal 
to 60 per cent of the high speed and the motor power 
reduced in proportion to the engine speed, i. e., the 
engine developing constant torque, which is substan- 
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tially true for airplane engines. The lift effect of the 
propeller is accounted for by adjusting the angle of 
attack to give the same lift as the wing alone as noted 
in the definition of CDc so that the comparisons are 
essentially for the same speed, although the actual 
speed is undetermined. 

The factors thus derived for the nacelles and cowlings, 
in the different positions are given in Tables IX and X 
The corresponding data from reference 1 are also given 
for comparison. 

Without going into great detail it is at once apparent 
that the propeller has considerable influence on the 
final result. The effect of the cowling on propulsive 
efficiency is first noted. In the high-speed condition 
(Table IX) the N. A. C. A. cowled nacelle gave the 
least propulsive efficiency and ring 1 on the small 
nacelle the highest. The propulsive efficiency with the 
small nacelle uncowled is also considerably higher than 
with the N. A. C. A. cowled nacelle. These results 
are in agreement with those of numerous other tests. 
Apparently, bodies of high drag behind the propeller 
give higher propulsive efficiencies than low-drag bodies. 
In other words, the higher propeller efficiency partly 
compensates for the drag of a poor body. 

These fortunate changes of the propulsive efficiency 
are, however, insufficient to produce higher net efficien¬ 
cies. In the case of the small nacelle uncowled and 
with 7'ing 1 the drag is very high so that the net result 
is poorer than for the N. A. C. A. cowled nacelle in all 
cases. It is of interest to note that the order of merit 
for the different positions is the same as was derived 
from the consideration of drag alone. This circum¬ 
stance is considered merely fortuitous and it may be 
said that the correct determination of the nacelle 
location must include the propeller effects. 

In the climb condition (Table X) the differences are, 
as expected, less marked. The propeller evidently 
contributes a great deal, however, owing to the con¬ 
siderable vertical component of thrust and increase in 
velocity over the wing. The nacelle drag efficiency 
factors are mainly negative, indicating a favorable 
influence of nacelle and propellers. The same order 
of merit obtains, however, as for high speed and the 
use of cowling is of some advantage. 

CONCLUSIONS 

The following conclusions are based on a general sur¬ 
vey of the results of the tests. Other conclusions might 

be drawn, but would probably have to be modified for 
other arrangements than those tested here. 

1. The drag and interference of nacelles are reduced 
by cowling the nacelle. Cowled nacelles located near 
the wing, however, should be carefully faired into the 
wing rather than supported by struts only. 

2. Side brackets on nacelles ahead of the wing 
should be avoided. 

3. Fairing the cowling hood into the wing is to be 
avoided. 

4. The propulsive efficiency of nacelle-propeller¬ 
wing combinations is reduced by adding cowlings to the 
nacelle. 

5. The net efficiency is greatest for a completely 
cowled nacelle. 

6. The best location of a tractor nacelle is about 25 
per cent of the chord ahead of the leading edge of the 
wing. To avoid a reduction in lift the nacelle should 
be cowled. 

7. The location of the nacelle and the type of cowling 
are of great importance at high speed but are of little 
importance at climbing speeds. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 12, 1982. 
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TABLE I 

LIFT COEFFICIENT WITHOUT PROPELLER 

Lift 
Cu= 

qS 

Type of cowling 50 m. p. h. R. N.=2,150,000 75 m. p. h. R. N.=3,220,000 100 m. p. h. R. N.=4,300,000 

Angle of attack.. -5° 0° +5° 10° -5° 0° 1 +5° 10° -5° J 0° +5° I 10° 12° 

Nacelle position B, side brackets removed 

^
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-
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Exposed cylinders.. 
N. A. C. A. hood __ 
Ring 3, position 2-- 
Ring 3, position 3_ 
Ring 1, position 2_ 
Ring 1, position 3..-.. 
Variable ring —8°-- 

l. C. A. cowl.... 

0.180 
. 179 
.176 
.160 
.173 
. 169 
. 165 
. 189 

0. 429 
. 420 
.408 
.398 
.405 
.400 
.395 
.427 

0. 674 
.662 
.642 
.628 
.640 
. 635 
.623 
.664 

0.880 
.905 
.875 
.865 
.873 
.870 
.851 
.902 

0.160 
.152 
. 163 
. 156 ! 
.161 
.161 
. 156 
. 174 

0.390 
. 402 
.393 
.392 
.395 
.394 
.385 
.417 

0. 630 
.640 
.633 
.627 
.630 
.630 
.617 
.659 

0. 843 
.890 
.872 
.865 
.868 
.864 
. 847 
.902 

0.149 
. 152 
.144 
. 148 
. 150 
. 152 
. 144 
. 154 

0.385 
.400 
.383 
.385 
.388 
.385 
.377 
.403 

0. 620 
.643 
.625 
. 625 
. 625 
.622 
.609 
.652 

0. 837 
.889 
.868 
. 865 
.862 
.855 
.842 
.902 

0.890 
.988 
.965 
.955 
.952 
.951 
.936 

1.004 

Nacelle position B, with side brackets 

S
. 

N
. Exposed cylinders_ 

N. A. C. A. hood__ 
Ring 3, position 2- 

0.172 
. 165 
.172 

0. 405 
.413 
.407 

0.605 
.660 
.643 

0. 773 
.908 
.882 

0.168 
. 150 
.165 

0. 400 
. 400 
.398 

0.600 
.648 
.637 

0. 769 
.900 
.877 

0. 160 
. 130 
. 150 

0. 390 
.383 
.389 

0.593 
.633 
.628 

0.760 
.885 
.868 

1 

0.806 
.978 
.962 

Nacelle position B-l-A, faired into wing 

fc 
CO 

N. i 

E.xposed]cylinders.. 
N. A. C. A. hood. 
King 3, position 2... 
Variable ring — 8°--- 

1. C. A. cowl...-. 

0.168 
. 170 
. 160 
. 169 
. 197 

0. 391 
.408 
.400 
.405 
.433 

0. 615 
.644 
.637 
.640 
.671 

0. 828 
.885 
.875 
.879 
.914 

0.161 
. 160 
. 155 
.163 
. 183 

0. 385 
.390 
.392 
.399 
.422 

0. 611 
.634 
.632 
.635 
.664 

0. 825 
.876 
. 867 
.874 
.908 

0.151 
.146 
. 150 
. 155 
. 163 

0. 377 
.384 
.387 
.391 
.407 

0. 605 
.621 
.623 
.629 
. 653 

0. 821 
.863 
.856 
.868 
.900 

0.893 
.956 
.935 
.959 
.996 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowl. 0.182 0.403 0. 621 0.821 0.166 0. 388 0. 609 0. 814 0.141 0.368 0. 593 0.804 0.871 

Nacelle position A-l-B, faired into wing 

Z 
CO 

N. 1 

Exposed cylinders-- 
N. A. C. A. hood_ 
Ring 3, position 2... 
Variable ring —8°- 

V C. A. cowl__-. 

0.198 
. 169 
. 180 
.181 
. 150 

0. 419 
.398 
.407 
. 405 
.388 

0.638 
.621 
.629 
.630 
.620 

0.860 
.850 
.852 
.8.54 
.764 

0.188 
. 166 
.173 
. 163 
. 145 

0.411 
.398 
.400 
.393 
.381 

0.633 
.626 
.624 
.623 
.613 

0. 858 
.858 
.850 
.853 
.762 

0. 173 
. 161 
.160 
. 138 
. 139 

0.400 
.398 
.390 
.375 
.372 

0. 627 
. 632 
.617 
.613 
.603 

0.854 
.869 
.847 
.852 
.760 

0.939 
.952 
.927 
.940 
.863 

' Nacelle position A-l-B, unfaired 

Z 
CQ 

E xposed cylinders_ 0.212 
N. A. C. A. hood_1 .175 
Ring 3, position 2--1 .190 

0. 426 
.402 
.415 

0. 638 
.630 
.641 

0. 852 
.852 
.868 

0.202 
. 173 
.181 

0.418 
.402 
.409 

0. 634 
.633 
.634 

0. 850 
.858 
.862 

0. 190 
. 170 
. 168 

0. 407 
.402 
.398 

0. 628 
.637 
.626 

0.848 
.868 
.855 

0. 933 
.958 
.945 

Nacelle position A-2-B 

Z 
CO 

N. 

Exposed cylinders- 
N. A. C. A. hood-- 
Ring 3, position 2--- 
Variable ring —8°_ 

A. C. A. cowl.... 

0. 170 
. 155 
. 165 
. 142 
. 155 

0. 400 
.394 
.400 
.384 
.389 

0.628 
.631 
.637 
. 625 
.623 

0. 857 
.872 
.870 
.866 
. 855 

0.162 
.149 
. 157 
. 142 
. 152 

0. 394 
.388 
.393 
.384 
.384 

0.626 
.627 
.630 
.625 
.619 

0. 857 
.868 
.865 
.866 
. 850 

0.151 
. 141 
. 145 
. 142 
. 147 

0.386 
.380 
.380 
.384 
.378 

0. 623 
.621 
.618 
.625 
.613 

0.857 
.862 
.858 
.866 
.844 

0. 950 
.946 
.946 
.949 
.877 

Nacelle position A-l-A, faired into wing 

N. A. C. A. cowl1---. 
N. A. C. A. cowl.-.-.. 

0. 208 
i . 195 

0.435 
.424 

0. 658 
.551 

0.872 
.879 

0.197 
. 190 

0.427 
.419 

0.654 
.646 

1 0.873 
j .872 

0. 182 
. 184 

0.415 
.412 

0.648 
.639 

0. 875 
.866 

0. 905 
.955 

Nacelle position A-l-B, faired into wing 

N. A. C. A. cowl i.... 
N. A. C. A. cowl--- 

0. 155 
. 150 

0. 391 
.388 

0. 625 
.620 

0. 860 
.764 

0.147 
. 145 

0.383 
.381 

0.619 
.613 

0. 855 
.762 

0.135 
. 139 

0.370 
.372 

0.610 
.603 

0.848 
.760 

0.945 
.783 

Wing alone 

0. 179 0.417 0. 652 0.889 0.175 0.414 0. 650 0. 887 0.169 0.409 0.646 0.885 0.960 

t Nose fairing removed 
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TABLE II 

DRAG COEFFICIENT WITHOUT PROPELLER 

ri _ Drag 
W'D-o— 

Type of cowling 50 m. p. h. R. N. = 2,150,000 75 m. p. h. R. N.=3,220,000 100 m. p. h. R. N. = 4,300,000 

Angle of attack____ -5° 0° +5° 10° -5° 0° +5° 10° -5° 0° +5° 10° 12° 

Nacelle position B, side brackets removed 

^
 
S

m
al

l 
n

ac
el

le
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Exposed cylinders..___ 
N. A. C. A. hood_ _ 
Ring 3, position 2..._ _ 
Ring 3, position 3__ 
Ring 1, position 2_ _ 
Ring 1, position 3__ 
Variable ring —8°___ 

V.. C. A. cowl__ _ __ 

0. 0325 
.0270 
.0335 
.0315 
.0393 
.0395 
.0270 
. 0205 

0. 0550 
.0485 
.0525 
. 0525 
.0601 
. 0615 
.0480 
.0440 

0. 0965 
. 0920 
. 0945 
. 0925 
. 1000 
. 1020 
.0910 
.0890 

0. 1580 
. 1610 
. 1675 
. 1573 
. 1687 
. 1615 
. 1530 
. 1530 

0.0310 
.0245 
.0295 
. 0295 
.0365 
.0355 
.0260 
.0200 

0. 0520 
. 0455 
.0503 
.0500 
. 0561 
. 0570 
.0460 
. 0425 

0. 0925 
.0890 

0920 
. 0905 
. 0965 
. 0960 
. 0895 
.0880 

0. 1545 
. 1565 
. 1575 
. 1560 
. 1620 
. 1605 
. 1520 
. 1525 

0. 0300 
.0230 
.0285 
. 0285 
.0350 
.0340 
.0250 
.0195 

0. 0500 
. 0445 
.0490 
. 0490 
. 0550 
.0550 
. 0455 
.0420 

0.0915 
.0885 
.0905 
.0900 
.0955 
.0953 
.0890 
.0870 

0.1525 
. 1545 
. 1562 
. 1560 
.1600 
. 1600 
. 1510 
. 1520 

0. 1830 
. 1840 
. 1870 
. 1840 
. 1910 
. 1895 
. 1835 
. 1830 

Nacelle position B, with side brackets 

CQ 

Exposed cylinders. _ _ 
N. A. C. A. hood. ___ 
Ring 3, position 2_____ 

0. 0320 
.0255 

0. 0544 
.0485 
. 0525 

0. 0952 
.0960 
.0980 

0. 1675 
. 1645 
. 1683 

0. 0295 
. 0245 
.0287 

0. 0515 
.0460 
.0500 

0. 0920 
. 0920 
. 0945 

0. 1630 
. 1600 
. 1615 

0. 0291 
.0235 
. 0283 

0. 0507 
.0458 
.0483 

0. 0905 
.0910 
. 0927 

0.1618 
. 1585 
. 1593 

0.1920 
. 1900 
. 1910 

Nacelle position B-l-A, faired into wing 

2
 

S
.N

. Exposed cylinders_ 
N. A. C. A. hood___ 
Ring 3, position 2.... 
Variable ring—8°.-. .... _ 

A. C. A. cowl_____ 

0. 0315 
.0270 
.0335 

.0230 

0. 0555 
. 0520 
. 0552 
. 0530 
.0480 

0. 0990 
.0980 
. 1015 
.0980 
.0965 

0.1640 
. 1680 
. 1695 
. 1720 
. 1620 

0. 0305 
. 0260 
.0305 
.0270 
.0220 

0. 0545 
.0495 
.0530 
.0510 
.0470 

0. 0980 
. 0955 
.0985 
.0965 
.0945 

0. 1625 
. 1640 
. 1667 
. 1670 
. 1610 

0.0300 
.0250 
.0300 
.0270 
.0220 

0. 0545 
.0485 
.0515 
.0500 
.0455 

0. 0980 
. 0940 
.0975 
. 0955 
.0940 

0.1605 
. 1620 
.1660 
. 1660 
. 1605 

0. 1925 
. 1930 
. 1960 
. 1950 
.1910 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowl___ 0.0300 0. 0580 0.1100 0. 1795 0. 0290 0. 0565 0. 1070 0. 1775 0. 0280 0. 0545 0. 1060 0.1740 0. 2055 

Nacelle position A-l-B, faired into wing 

£ 
m 

N. i 

Exposed cylinders. __ 
N. A. C. A. hood_ 
Ring 3, position 2...____ 
Variable ring—8°-..__ _ 

L. C. A. cowl____ 

0. 0440 
.0355 
.0410 
.0405 
.0260 

0. 0575 
. 0510 
. 0533 
.0530 
.0460 

0. 0915 
.0880 
.0910 
.0880 
.0850 

0.1450 
. 1440 
. 1446 
. 1465 
. 1570 

0.0435 
.0340 
.0385 
.0385 
. 0240 

0. 0550 
. 0505 
. 0520 
. 0505 
.0425 

0. 0910 
.0865 
.0886 
.0865 
.0825 

0.1450 
. 1430 
. 1446 
. 1460 
. 1525 

0. 0440 
. 0335 
.0380 
.0380 
.0230 

0. 0555 
. 0495 
.0520 
.0500 
.0420 

0. 0905 
.0860 
.0875 
. 0860 
.0815 

0.1450 
.1420 
. 1447 
. 1460 
. 1510 

0.1730 
. 1705 
. 1720 
. 1750 
. 1820 

Nacelle position A-l-B, unfaired 

S
. 
N

. Exposed cylinders__ 
N. A. C. A. hood. _ ... 
Ring 3, position 2 . ___ 

0. 0445 
.0370 
.0445 

0. 0572 
. 0530 
. 0590 

0. 0915 
. 0890 
. 0937 

0.1495 
. 1460 
. 1510 

0.0445 
.0370 
.0420 

0. 0572 
.0530 
.0562 

0. 0915 
' .0887 

. 0910 

0. 1470 
. 1445 
. 1480 

0.0445 
.0370 
.0403 

0. 0572 
.0530 
.0550 

0.0915 
.0887 
.0907 

0.1460 
. 1440 
. 1460 

0. 1740 
. 1730 
.1740 

Nacelle position A-2-B 

<3 
0Q 

N. 1 

Exposed cylinders.. . _ 
N. A. C. A. hood_____ 
Ring 3, position 2...__ 
Variable ring —8°__ 

l. C. A. cowl_ . _ .. _ 

0. 0400 
.0340 
.0387 
.0335 
.0245 

0. 0565 
.0520 
. 0550 
.0520 
.0455 

0. 0930 
.0900 
.0918 
.0910 
.0825 

0. 1490 
.1500 
. 1527 
. 1500 
. 1410 

0. 0385 
. 0315 
.0365 
.0325 
.0240 

0. 0560 
. 0490 
. 0520 
.0500 
.0440 

0. 0930 
. 0890 
.0900 
.0900 
.0825 

0.1490 
. 1480 
. 1500 
.1500 
. 1410 

0. 0385 
.0310 
.0355 
.0320 
.0235 

0. 0560 
.0490 
. 0502 
.0495 
.0425 

0. 0930 
.0885 
.0900 
.0890 
. 0820 

0. 1490 
. 1480 
. 1492 
. 1500 
. 1410 

0. 1775 
. 1760 
. 1780 
. 1770 
. 1720 

Nacelle position A-l-A, faired into wing 

N. A. C. A. cowl.t__ 
N. A. C. A. cowl___ 

0. 0267 
.0260 

0. 0547 
.0520 

0. 0985 
. 1080 

0.1680 
. 1810 

0. 0253 
. 0250 

0. 0515 
.0510 

0. 0965 
. 1070 

0.1660 
. 1780 

0. 0252 
.0240 

0. 0505 
.0500 

0. 0960 
. 1060 

0.1660 
. 1760 

0. 1980 
.2105 

Nacelle position A-l-B, faired into wing 

N. A. C. A. cowl.1_ 
N A C A. cowl... ___ 

0. 0283 
.0260 

0. 0475 
.0160 

0. 0825 
.0850 

0. 1425 
. 1570 

0. 0263 
.0240 

0. 0440 
.0425 

0. 0820 
.0825 

0. 1418 
. 1525 

0. 0260 
.0230 

0. 0425 
.0420 

0. 0820 
.0815 

0.1415 
. 1510 

0. 1690 
. 1820 

Wing alone 

0. 0180 0.0425 0.0830 0.1440 | 0. 0175 0.0415 0. 0825 0.1440 0. 0165 0. 0405 0. 0825 0.1440 0.1740 

1 Nose fairing removed. 



NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 

TABLE III 

MOMENT COEFFICIENT WITHOUT PROPELLER 

Moment 
qSc 

(Moments were the same at all air speeds) 

Type of naeello 

Angle of attack 

-5° 0° +5° 10° 12° 

N 
Nacelle position B, side brackets oil 

*2
, S

m
al

l 
n

ac
el

le
 

-
 

Exposed cylinders... 
N. A. C. A. hood..-.-. 
Ring 3, position 2..-.. 
Ring 3, position 3.---- 
Ring 1, position 2---- 
Ring 1, position 3---- 
Variable ring—8°---- 

, C. A. cowling_ 

-0. 075 
-.077 
-.078 
-.076 
-. 075 
-. 073 
-. 077 
-.074 

-0.065 
-.064 
-.060 
-.062 
-.062 
-.063 
-.060 
-. 063 

-0. 056 
-.057 
-. 051 
-.056 
-.053 
-.055 
-.050 
-.056 

-0. 054 
-.057 
-.051 
-.055 
-.052 
-.054 
-.051 
-.054 

-0.063 
-.058 
-.052 
-. 049 
-. 053 
-.058 
-.055 
—. 055 

Nacelle position B, with side brackets 

£ 
m 

Exposed cylinders_ 
N. A. C. A. hood...... 
Ring 3, position 2______ 

-0. 077 
-.076 
-.078 

-0. 064 
-.063 
-.060 

-0. 051 
-.055 
-.051 

-0.059 
-.053 
-.050 

-0. 060 
-.052 
-.048 

Nacelle position B-l-A, faired into wing 

£ 

GO 

N. 1 

Exposed cylinders--- 
N. A. C. A. hood..-.-.. 
Ring 3, position 2_ __ — - 

-0. 061 
-.057 
-.055 
-.060 
-.051 

-0.052 
-.049 
-.050 
-.048 
-.044 

-0.050 
-.044 
-.046 
-.045 
-.040 

-0.046 
-.043 
-.040 
-.040 
-.043 

-0.056 
-.048 
-.043 
-. 042 
-.045 

Variable ring—8°----- 

l. C. A. cowling_ 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling...... -0. 061 -0. 050 -0.045 -0.045 -0. 047 

Nacelle position A-l-B, faired into wing 

3
 
S

.N
. 

►v
.
_
 
_
 

_ 

Exposed cylinders-- 

N. A. C. A. hood- 
Ring 3, position 2---.. 

Variable ring—8°.-.. 

V C. A. cowling...-. 

-0. 075 
-.084 
-.082 
-.078 
-.081 

-0. 065 
—.080 
-.080 
-.082 
-.075 

-0. 067 
-.074 
-.075 
-.074 
-. 073 

-0. 071 
-.075 
-.075 
-.076 
-.083 

-0. 079 
-.075 
-.077 
-.076 
-.087 

Nacelle position A-l-B, unfaired 

A 
go 

Exposed cylinders... 
N. A. C. A. hood.....-. 
Ring 3, position 2----- 

-0.069 
-.078 
-.087 

-0. 071 
-. 074 
-.080 

-0.069 
-.070 
-.074 

-0.073 
-.071 
-.075 

-0. 078 
-.075 
-.075 

Nacelle position A-2-B 

A 
th 

N. 

Exposed cylinders--- 
N. A. C. A. hood____ 

-0. 078 
-.080 
-.084 
-.082 
-.078 

-0. 075 
-.075 
-.077 
-.074 
-.071 

-0. 073 
-.073 
-.069 
-.075 
-.068 

-0. 072 
-.072 
-.075 
-.075 
-.070 

-0.075 
-.076 
-.075 
-.074 
-.079 

Variable ring—8°___ 
A. C. A. cowling...... 
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TABLE IV 

THRUST COEFFICIENT 

(T—AD) 
- ri n4 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack =— 5° 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

Z
 

S
m

al
l 

n
ac

el
le

 

Exposed cylinders__ 
N. A. C. A. hood___ 
Ring 3, position 2_ 
Ring 3, position 3....-. 
Ring 1, position 2.. 
Ring 1, position 3_ _ 
Variable ring-80.. 

L. C. A. cowling__ 

0.0868 
.0851 
. 0853 
. 0858 
. 0855 
. 0872 
. 0894 
.0852 

0. 0823 
.0803 
. 0816 
.0818 
.0822 
.0839 
.0843 
.0805 

0. 0760 
.0739 
.0761 
.0760 
.0773 
. 0785 
.0778 
.0741 

0. 0682 
. 0665 
. 0688 
.0687 
. 0706 
.0712 
.0697 
.0665 

0. 0586 
.0572 
.0597 
.0598 
. 0623 
.0625 
. 0603 
.0570 

0. 0476 
.0461 
.0489 
.0492 
. 0522 
.0524 
.0496 
.0463 

0. 0351 
.0333 
. 0367 
.0373 
.0400 
.0408 
. 0380 
.0339 

0. 0219 
.0195 
. 0234 
.0242 
.0272 
. 0275 
.0247 
.0208 

0. 0076 
.0040 
.0094 
.0106 
.0134 
.0126 
.0101 
.0050 

-0. 0074 
-. 0130 
-. 0068 
-.0043 
-.0010 
-.0033 
-. 0057 
-.0115 

Nacelle position B, with side brackets 

£ 
GQ 

Exposed cylinders__ 
N. A. C. A. hood... 
Ring 3, position 2—_ ... 

0.0869 
. 0855 
. 0842 

0.0821 
. 0812 
.0300 

0. 0759 
.0751 
.0742 

0. 0680 
. 0674 
.0670 

0. 0585 
. 0576 
. 05S? 

0. 0476 
. 0465 
.0480 

0. 0351 
.0343 
.0368 

0. 0215 
. 0208 
.0241 

0. 0070 
.0062 
.0098 

-0. 0085 
-.0095 
-.0060 

Nacelle position B-l-A, faired into wing 

Z 
ai 

N. J 

Exposed cylinders__ 
N. A. C. A. hood__ 
Ring 3, position 2__ 

0. 0882 
. 0883 

.0332 

.0830 
0. 0770 

. 0702 
.0691 
.0883 

0.0501 
. 0590 

0.0500 
.0487 

0. 0388 
.0376 

0. 0260 
.0244 

0.0118 
. 0102 

-0. 0035 
-. 0055 

Variable' ring—8°__ 
t. C. A. cowling__ 

. 0862 
. 0845 

.0819 

.0800 
.0759 
.0739 

. 0685 

.0863 
.0594 
.0571 

.0491 

. 0469 
.0378 
. 0352 

.0248 

.0220 
.0105 
.0072 

-. 0047 
-.0095 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling___ 
1 

0. 0833 0. 0782 0. 0718 0. 0641 0. 0550 0. 0448 0. 0334 0.0203 
| 

0.0065 1 -0.0110 

Nacelle position A-l-B, faired into wing 

Z 
73 

N. 1 

Exposed cylinders_ _- 
N. A. C. A. hood..__ 
Ring 3, position 2__ 
Variable ring—8°___ 

4. C. A. cowling-- __ _ -- . 

0. 0827 
.0824 
.0822 
. 0810 
.0805 

0. 0782 
.0773 
.0789 
.0760 
.0766 

0. 0722 
.0711 
. 0737 
.0699 
.0709 

0.0646 
. 0637 
. 0669 
. 0623 
.0636 

0. 0555 
. 0548 
. 0586 
. 0537 
. 0548 

.0450 

.0442 

.0489 

.0440 

.0445 

0. 0332 
. 0429 
. 0378 
.0331 
.0332 

0. 0204 
.0208 
.0256 
.0210 
.0211 

0. 0073 
.0080 
. 0127 
. 0088 
.0078 

-0. 0062 
-.0060 
-. 0010 
-.0038 
-.0072 

Nacelle position A-l-B, unfaired 

CQ 

Exposed cylinders_ _ 
N. A. C. A. hood_ .. 
Ring 3, position 2—__ 

0. 0832 
. 0810 
. 0829 

0. 0792 
.0776 
.0787 

0. 0737 
.0708 
.0729 

0. 0670 
.0632 
.0656 

0.0588 
. 0545 
.0570 

0. 0492 
. 0445 
.0469 

0. 0382 
. 0337 
.0360 

0. 0262 
. 0209 
.0242 

0. 0133 
.0073 
.0118 

-0. 0005 
-.0077 
-.0015 

Nacelle position A-2-B 

Z 
ai 

N. 3 

Exposed cylinders... 
N. A. C. A. hood... _ ... 
Ring 3, position 2_ _ 

0. 0897 
.0901 

0. 0859 
. 0855 

0. 0801 
.0788 

0. 0723 
.0703 

0. 0628 
.0604 

.0512 

.0483 
. 0380 
.0349 

.0237 

.0202 
.0074 
.0040 

-0. 0097 
-. 0134 

Variable ring—8°_ 
4. C. A. cowling. .. 

.0896 

. 0855 
.0850 
. 0809 

.0785 

.0749 
.0703 
.0669 

. 0605 

.0571 
.0490 
.0453 

.0359 

.0320 
.0209 
.0171 

.0050 

.0009 
-. 0123 
-. 0167 
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TABLE IV—Continued 

THRUST COEFFICIENT 

„ (T-AD) 
Lt~ p n2D* 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=0° 

Type of nacelle 

b
h

 

0.1 0.2 0.3 0.4 j 0.5 0.6 0.7 0.8 | 0.9 1.0 

Nacelle position B, side brackets removed 

Z
 

S
m

al
l 

n
ac

el
le

 

-
 

Exposed cylinders...- 
N. A. C. A. hood.-- 
Ring 3, position 2.... 
Ring 3, position 3... 
Ring 1, position 2_ 
Ring 1, position 3.. 
Variable ring —8°-- 
. C. A. cowling..-- 

0. 0851 
.0846 
.0846 
.0850 
.0849 
.0859 
.0875 
.0849 

0.0806 
.0796 
. 0805 
.0808 
.0816 
.0830 
.0823 
.0793 

0. 0743 
.0728 
.0747 
.0749 
. 0765 
.0780 
. 0756 
.0725 

0. 0665 
.0648 
.0672 
.0673 
.0697 
.0712 
. 0674 
.0645 

0. 0570 
. 0553 
.0582 
. 0582 
.0610 
.0621 
.0580 
.0554 

0. 0456 
.0443 
.0480 
. 0480 
.0506 
.0507 
.0474 
.0450 

0. 0331 
.0318 
.0364 
.0360 
.0384 
.0388 
.0361 
.0328 

0. 0198 
.0182 
.0232 
.0230 
.0251 
.0258 
.0229 
.0195 

0. 0054 
.0027 
.0090 
.0087 
.0102 
.0110 
.0080 
.0052 

-0. 0097 
-.0145 
-. 0070 
-.0070 
-.0060 
-.0050 
-.0078 
-.0110 

Nacelle position B, with side brackets 

S
. 

N
. Exposed cylinders.. 

N. A. C. A. hood... 
Ring 3, position 2. 

0. 0866 
. 0845 
.0839 

0. 0819 
.0800 
.0796 

0. 0754 
.0740 
.0735 

0. 0674 
. 0660 
. 0656 

0. 0575 
. 0565 
.0569 

0. 0467 
.0457 
.0466 

0. 0345 
. 0333 
. 0350 

0.0219 
.0199 
.0222 

0. 0084 
.0053 
.0078 

-0. 0053 
-.0097 
-. 0073 

Nacelle position B-l-A, faired into wing 

z
 

S
. 

N
. 

ha
. 

Exposed cylinders... 
N. A. C. A. hood-.-.- 
Ring 3, position 2--- 
Variable ring —8°. 

L. C. A. cowling.-- 

0. 0857 
.0862 
.0852 
.0854 
.0843 

0. 0810 
.0813 
.0807 
.0806 
.0790 

0. 0747 
.0748 
.0745 
.0741 
.0722 

0. 0670 
.0668 
.0670 
. 0662 
.0640 

0. 0579 
. 0571 
.0581 
.0571 
.0542 

0. 0478 
.0464 
. 0479 
.0467 
.0436 

0. 0367 
.0344 
.0370 
.0353 
.0319 

0. 0238 
.0211 
.0242 
.0225 
.0190 

0.0100 
. 0066 
.0100 
.0077 
.0045 

-0.0050 
-.0090 
-.0050 
-.0082 
-.0112 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling.. 0. 0823 0. 0767 0.0699 | 0.0622 0. 0531 0. 0428 0.0314 0. 0185 0. 0044 -0. 0110 

Nacelle position A-l-B, faired into wing 

Z 

GO 

N. 

Exposed cylinders. 
N. A. C. A. hood. 
Ring 3, position 2. 
Variable ring —8°.-. 

V. C. A. cowling... 

0. 0842 
.0823 
.0820 
.0813 
.0805 

0. 0800 
.0775 
.0781 
.0761 
.0765 

0. 0742 
.0713 
.0727 
.0698 
.0709 

0. 0670 
.0639 
.0658 
.0620 
.0635 

0. 0581 
. 0551 
.0575 
.0530 
.0550 

0. 0474 
.0459 
.0478 
.0440 
.0449 

0. 0355 
.0357 
.0369 
.0342 
.0339 

0. 0222 
.0247 
.0250 
.0233 
.0222 

0. 0079 
.0123 
.0127 
.0120 
.0098 

-0. 0075 
-.0023 
-.0007 

.0000 
-.0036 

Nacelle position A-l-B, unfaired 

S
. 

N
. Exposed cylinders--- 

N. A. C. A. hood- 
Ring 3, position 2. 

0. 0822 
.0807 
.0828 

0. 0776 
.0762 
.0780 

0. 0718 
. 0706 
.0720 

0. 0648 
.0629 
.0647 

0.0565 
.0545 
.0563 

0. 0473 
.0452 
.0468 

0. 0368 
.0351 
.0370 

0. 0249 
.0241 
.0254 

0. 0118 
.0110 
.0133 

-0. 0020 
-.0030 

.0003 

Nacelle position A-2-B 

Z 
GO 

N. 

Exposed cylinders.. 
N. A. C. A. hood.. 
Ring 3, position 2- 
Variable ring —8°.. 

A. C. A. cowling.-. 

0. 0897 
.0900 
. 0895 
. 0907 
. 0861 

0. 0860 
.0845 
.0852 
.0859 
.0813 

0. 0802 
.0787 
.0791 
.0793 
.0750 

0. 0728 
.0706 
.0714 
.0710 
.0672 

0. 0638 
. 0606 
. 0620 
.0614 
. 0575 

0. 0532 
.0496 
.0509 
.0501 
.0464 

0.0410 
.0370 
. 0383 
.0375 
.0338 

0. 0277 
.0230 

. 0250 
.0237 
.0201 

0.0131 
.0077 
.0105 
.0083 
.0053 

-0. 0033 
-.0093 
-.0050 
-.0081 
-.0102 
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TABLE IV—Continued 

THRUST COEFFICIENT 

r (T-AD) 
Lt~ p rfD* 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=+5° 

1 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 j 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position 13, side brackets removed 

21
 

S
m

a
ll

 n
ac

el
le

 

Exposed cylinders__ _ 
N. A. C. A. hood_ _ 
Ring 3, position 2____ 
Ring 3, position 3__ 
Ring 1, position 2_ 
Ring 1, position 3..__ .. 
Variable ring —8°-..__ 

l. C. A. cowling_ 

0. 0829 
.0822 
.0804 
.0810 
.0808 
. 0828 
.0847 
.0829 

0. 0773 
.0769 
. 0759 
.0760 
.0768 
.0780 
. 0789 
.0779 

0. 0703 
.0700 
.0698 
.0693 
.0712 
.0720 
.0716 
.0712 

0. 0620 
. 0619 
.0622 
.0615 
.0639 
.0644 
. 0633 
.0630 

0.0524 
. 0525 
. 0532 
.0525 
.0549 
. 0555 
. 0539 
. 0530 

0.0418 
. 0419 
. 0430 
.0425 
.0449 
. 0457 
. 0434 
.0413 

0. 0301 
.0302 
.0318 
.0317 
.0340 
.0344 
.0323 
.0293 

0. 0180 
.0174 
.0192 
.0197 
.0221 
. 0221 
.0198 
.0167 

0. 0050 
.0034 
. 0062 
.0067 
.0092 
.0096 
.0065 
.0032 

-0. 0087 
-.0113 
-. 0075 
-. 0073 
-.0048 
-. 0035 
-. 0078 
-.0110 

Nacelle position 13, with side brackets 

S
. 
N

. Exposed cylinders_ 
N. A. C. A. hood__ 
Ring 3, position 2_ 

0. 0831 
.0815 
.0820 

0. 0772 
.0767 
.0768 

0.0700 
.0702 
.0700 

0. 0614 
.0624 
.0620 

0. 0517 
.0530 
. 0535 

0. 0410 
.0423 
. 0434 

0. 0297 
. 0306 
.0322 

0. 0177 
.0178 
.0203 

0.0048 
. 0043 
.0072 

-0. 0090 
-.0100 
-. 0060 

Nacelle position B-l-A, faired into wing 

M 

N.. 

Exposed cylinders__ ... 
N. A. C. A. hood_ 
Ring 3, position 2..__ 
Variable ring —8°__ 

4. C. A. cowling.. 

0. 0840 
.0818 
.0834 
.0824 
. 0820 

0. 0779 
.0762 
.0782 
.0771 
.0765 

0. 0701 
. 0694 
.0716 
.0704 
.0696 

0.0614 
.0611 
. 0634 
.0623 
.0611 

0. 0522 
.0517 
.0540 
. 0530 
. 0513 

0. 0424 
.0413 
.0433 
.0428 
.0407 

0. 0318 
.0297 
.0319 
.0315 
.0287 

0. 0197 
.0170 
.0196 
. 0193 
.0157 

0. 0069 
.0035 
.0066 
. 0067 
.0021 

-0. 0070 
-.0110 
-. 0067 
-.0070 
-.0125 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling_ 0. 0808 0.0751 0. 0681 0. 0599 0. 0506 0. 0404 0.0294 0.0168 0. 0035 -0. 0102 

Nacelle position A-l-B, faired into wing 

Z 
ro 

N. x 

Exposed cylinders. _... _ .. . 
N. A. C. A. hood.__ 
Ring 3, position 2_ . ... 
Variable ring —8°_ 

4. C. A. cowling.__ 

0.0824 
.0807 
.0810 
.0805 
.0796 

0.0774 
. 0752 
. 0763 
.0762 
.0775 

0.0712 
. 0689 
.0705 
. 0705 
.0699 

0.0640 
.0612 
.0634 
. 0633 
.0627 

0.0559 
. 0525 
.0551 
.0548 
.0533 

0.0471 
.0428 
.0460 
.0452 
.0437 

0.0379 
. 0325 
.0360 
.0347 
.0338 

0.0279 
.0217 
.0254 
.0236 
.0231 

0.0175 
.0105 
. 0143 
.0118 
.0123 

0.0063 
-.0014 

.0028 
-.0005 

.0005 

Nacelle position A-l-B, unfaired 

Exposed cylinders_ 
N. A. C. A. hood___ 
Ring 3, position 2_ 

0. 0803 
.0796 
.0810 

0. 0754 
.0747 
.0763 

0. 0692 
. 0680 
. 0698 

0. 0621 
.0600 
.0618 

0.0540 
.0512 
. 0532 

0.0450 
.0422 
.0445 

. 0352 

.0326 

.0353 

0. 0242 
.0225 
.0253 

0.0126 
.0115 
.0145 

0. 0000 
. 0003 
.0030 

Nacelle position A-2-B 

£ 
03 

N. 

Exposed cylinders__ 
N. A. C. A. hood_ 
Ring 3, position 2_ 
Variable ring —8°_ 

A. C. A. cowling___ 

0. 0897 
.0884 
.0884 
.0878 
.0854 

0. 0859 
.0837 
.0836 
.0830 
.0807 

0.0797 
.0774 
.0773 
.0767 
.0741 

0.0713 
.0697 
.0698 
.0690 
.0662 

1 

0. 0621 
.0605 
. 0608 
.0602 
.0571 

0. 0520 
.0500 
.0506 
. 0504 
.0462 

0. 040-1 
. 0385 
. 0395 
. 0396 
.0349 

0. 0280 
.0262 
. 0274 
.0279 
.0229 

0. 0149 
.0129 
.0149 
.0156 
.0105 

0.0007 
-.0015 

.1X115 

.0015 
-. 0024 
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TABLE IV—Continued 

THRUST COEFFICIENT 

_(T-AD) 
Ct p n2£>4 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=+10° 

Type of nacelle 

V 
nD 

! 
0.1 0. 2 0. 3 0.4 0.5 0.6 0.7 0.8 0.9 | 1.0 

Nacelle position B, side brackets removed 

S
m

al
l 

n
ac

el
le

 
>

 

Exposed cylinders-- 
N. A. C. A. hood_ 
Ring 3, position 2... 
King 3, position 3___ 
Ring 1, position 2_ 
Ring 1, position 3___ 
Variable ring —8°--- 
C. A. cowling--- 

0. 0790 
. 0784 
. 0786 
. 0776 
.0771 
. 0782 
.0822 
.0798 

0. 0720 
.0723 | 
.0724 1 
.0716 
. 0728 
. 0718 [ 
. 0753 i 
. 0738 | 

0. 0640 
.0651 
. 0651 
.0645 
. 0670 
. 0649 
.0674 
. 0660 

0. 0552 
.0570 
.0570 
.0564 
.0597 
.0570 
.0587 
. 0572 

0.0457 
.0479 
.0478 
.0477 
.0510 
.0490 
.0495 
.0480 

0.0359 
. 0382 
.0382 
.0382 
.0414 
.0404 
.0398 
.0380 

0.0252 
.0280 
.0280 
. 0285 
.0308 
.0310 
.0295 
.0275 

0. 0142 
. 0170 
.0170 
.0179 
.0198 
. 0208 1 
.0187 
.0161 

0.0031 
.0052 
.0055 
.0065 
.0081 
.0100 
.0079 
.0041 

-0. 0079 
-.0075 
-.0067 
-.0053 
-.0045 
-.0015 
-. 0032 
-.0100 

Nacelle position B, with side brackets 

£ 
co 

Exposed cylinders__- 
N. A. C. A. hood_ 
Ring 3, position 2..... 

0.0800 
.0785 
.0798 

0. 0740 
.0726 
.0740 

0. 0670 
. 0652 j 
. 0666 

0.0589 
.0570 
.0581 

0.0498 
.0475 
.0484 

0.0401 
.0373 
.0381 

0.0299 
.0267 
.0274 

0. 0190 
.0151 
.0161 

0.0080 
. 0031 
.0031 

-0. 0035 
-.0097 
-.0077 

Nacelle position B-l-A, faired into wing 

£
 

S
. 

N
. 

>
■ 

Exposed cylinders.... 
N. A. C. A. hood—--- 
Ring 3, position 2_ 
Variable ring —8°_ 
C. A. cowling_ 

0.0833 
. 0795 
.0801 
.0801 
.0786 

0. 0762 
.0737 
.0740 
.0747 
.0722 

0. 0678 
.0664 
.0665 
.0676 
.0645 

0. 0583 
.0579 
.0578 
.0592 
. 0559 

0. 0480 
.0482 
.0481 
.0498 
.0461 

0. 0370 
.0375 
.0378 
.0392 
.0353 

0. 0257 
.0260 
.0270 
.0280 
.0249 

0.0140 
.0136 
.0156 
.0161 
.0120 

0. 0020 
.0005 
.0037 
.0038 

-.0025 

-0.0100 
-.0132 
-.0085 
-.0088 
-. 0183 

Nacelle position B-l-A, unfaired 

N. A. C. A. eowling--- 0. 0776 0. 0718 0. 0646 0. 0564 0. 0471 0. 0368 0. 0254 0.0128 -0.0006 -0. 0148 

Nacelle position A-l-B, faired into wing 

£ 
GO 

M A 

Exposed cylinders- . 
N. A. C. A. hood__ 
Ring 3, position 2.___ 
Variable ring —8°... — 

0.0805 
.0778 
.0782 
.0790 

0.0748 
.0712 
.0728 
.0740 

0.0679 
.0640 
. 0662 
.0680 

0. 0602 
.0562 
.0590 
.0605 

0. 0516 
.0481 
.0510 
.0526 

0.0426 
.0396 
.0427 
.0436 

0.0335 
.0307 
.0338 
.0341 

0.0239 
.0215 
.0242 
.0240 

0. 0141 
.0118 
.0145 
.0131 

0.0044 
.0017 
.0050 
.0020 

Nacelle position A-l-B, unfaired 

£ 
GQ 

Exposed cylinders- 
N. A. C. A. hood__ 
Ring 3, position 2_ 

0. 0781 
.0790 
.0779 

0. 0730 
.0734 
.0718 

0. 0667 
.0670 
.0648 

0.0591 
.0594 
.0573 

0. 0504 
.0506 
.0495 

0. 0407 
.0411 
.0411 

0. 0305 
.0315 
.0322 

0. 0199 
.0216 
.0230 

0. 0089 
.0110 
.0140 

-0.0025 
-.0004 

.0050 

Nacelle position A-2-B 

Z 
03 

N. A 

Exposed cylinders.. 
N. A. C. A. hood- 
Ring 3, position 2.. 
Variable ring —8°..-- 

.. C. A. cowling.... 

0. 0895 
.0863 
.0874 
.0863 
.0837 

0.0850 
.0812 
.0823 
.0812 
.0777 

0. 0781 
.0747 
.0758 
.0747 
.0707 

0. 0692 
.0668 
.0679 
.0672 
.0629 

0. 0592 
.0576 
.0591 
.0585 
.0541 

I 

0.0486 
.0479 
.0494 
.0490 
.0450 

0. 0372 
.0378 
.0391 
.0390 
.0352 

0.0253 
.0265 
.0284 
.0281 
.0251 

0. 0130 
.0145 
.0170 
.0170 
.0149 

0. 
.0002 
.0051 
.0051 
.0044 
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TABLE V.—POWER COEFFICIENT 

P 
CP- pn^D5 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

Type of nacelle 

} 
V 

n D 

0.1 0.2 0.3 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

S
m

al
l 

n
ac

el
le

 
>

 

Exposed cylinders.._ 
N. A. C. A. hood_ _ 
Ring 3, position 2.. 
Ring 3, position 3_ 
Ring 1, position 2___ 
Ring 1, position 3... 
Variable ring —8°_ 

. C. A. cowling---. 

0.0431 
.0425 
.0430 
.0440 
.0437 
.9437 
.0437 
.0425 

0. 0432 
.0422 
.0426 
.0440 
.0435 
.0431 
.0437 
.0422 

0. 0427 
.0419 
.0421 
.0434 
.0429 
.0423 
.0132 
.0418 

0. 04i5 
.0411 
.0411 
.0420 
.0416 
.0410 
.0420 
.0410 

0. 0393 
.0396 
.0391 
.0399 
.0395 
. 0391 
.0400 
.0390 

0. 0358 
.0362 
.0360 
.0366 
.0363 
.0361 
.0370 
.0355 

0. 0303 
.0305 
.0313 
.0315 
.0312 
.0317 
.0324 
.0300 

0. 0229 
.0226 
.0239 
.0240 
. 0243 
.0249 
.0253 
.0227 

0. 0130 
.0122 
.0140 
.0146 
.0153 
.0155 
.0155 
.0121 

0.0007 
-.0005 

.0018 

.0028 

.0040 

. 0040 I 

. 0033 
-.0003 | 

Nacelle position B, with side brackets 

Exposed cylinders.... 
N. A. C. A. hood_ 
Ring 3, position 2.... 

0. 0443 
.0435 
.0437 

0. 0440 
.0434 
.0434 

0. 0432 
.0428 
.0428 

0.0419 
.0413 
.0414 

0. 0399 
. 0390 
.0392 

0. 0369 
.0353 
.0360 

0. 0317 
.0300 
.0307 

0. 0237 
.0221 
.0233 

0.0132 
.0121 
.0136 

0. 0000 
.0003 
.0024 

Nacelle position B-l-A, faired into wing 

z 
OQ 

N. 1 

Exposed cylinders... ___ 
N. A. C. A. hood_ 
Ring 3, position 2__ 

0. 0450 
.0448 

0.0445 
.0444 

0.0438 
.0437 

0.0425 
.0422 

0.0404 
.0400 

0. 0372 
.0369 

0. 0325 
.0320 

0.0256 
.0250 

0. 0163 
.0158 

0. 0050 
.0044 

Variable ring —8°..... 
V C. A. cowling- - . . 

.0441 

.0433 
. 0438 
.0427 

.0430 

.0420 
.0416 
.0407 

.0395 

.0391 
.0364 
.0362 

.0319 

.0312 
.0250 
.0238 

.0157 

.0145 
.0040 
.0026 

Nacelle position B-1-.A, unfaired 

N. A. C. A. cowling.. . 0. 0425 0.0423 0. 0419 0.0411 0. 0392 0.0361 0. 0312 0. 0237 0. 0136 0. 0012 

Nacelle position A-l-B, faired into wing 

2 

CQ 

N. 1 

Exposed cylinders__ 
N. A. C. A. hood_ 
Ring 3, position 2_ 
Variable ring —8°-- 

1. C. A. cowling_ 

0. 0427 
.0430 
.0430 
.0428 
.0439 

0.0425 
' . 0430 
.0430 
.0432 
.0436 

0. 0421 
.0427 
.0426 
.0430 
.0430 

0. 0413 
.0420 
.0415 
.0423 
.0121 

0. 0400 
.0403 
.0398 
.0408 
.0401 

0. 0373 
.0374 
.0370 
. 0380 
.0370 

0. 0333 
.0328 
.0326 
.0335 
.0325 

0. 0274 
.0262 
.0262 
.0270 
.0256 

0. 0194 
.0171 
.0173 
. 0184 
. 0167 

0. 0092 
.0065 | 
.0063 i 
.0075 
.0057 

Nacelle position A-l-B, unfaired 

S
. 
N

. Exposed cylinders_ 
N. A. C. A. hood.. 
Ring 3, position 2... 

0. 0436 
.0439 
.0435 

0. 0434 
.0439 
.0434 

0. 0430 
.0435 
.0432 

0.0420 
.0420 
.0424 

0. 0402 
. 0399 
.0404 

0. 0375 
.0367 
.0375 

0. 0336 
. 0323 
.0329 

0.0277 
. 0260 
.0267 

0. 0198 
.0175 
.0186 

0. 0105 
.0070 
.0081 

Nacelle position A-2-B 

2 
CD 

N. i 

Exposed cylinders... 
N. A. C. A. hood_ 
Ring 3, position 2_ . 

.0440 

.0451 
.0436 
.0449 

.0430 

.0446 
.0420 
.0435 

.0398 

.0414 
.0364 
.0377 

.0310 

.0318 
.0231 
.0232 

.0143 

.0127 
.0018 
.0000 

Variable ring —8°.... 
l. C. A. cowling__ 

.0456 

.0439 
.0458 
.0440 

.0451 

.0434 
.0438 
.0419 

.0412 

.0396 
.0370 
.0353 

.0313 

.0290 
.0232 
.0202 

.0125 

.0104 
-.0007 
-. 0020 - 



NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 

TABLE V—POWER COEFFICIENT—Continued 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack =0° 

Type of nacelle 

I 
V 

n D 

0.1 0.2 i 
1 

0.3 0.4 

1 
0.5 | 0.6 

I 
0.7 , 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

© 
Exposed cylinders___ 
N. A. C. A. hood... 

0. 0430 
.0426 

0. 0431 
.0425 

0. 0427 
.0421 

0. 0415 
.0410 

0. 0391 
. 0390 

0. 0354 
.0355 

0.0301 
.0302 

0. 0229 
.0221 

0.0130 
.0116 

0.0009 
-.0018 

a Bing 3, position 2 .0434 .0433 .0428 .0415 .0395 .0363 .0313 .0237 .0137 . 0010 
Bing 3, position 3 .. .0441 .0443 .0440 .0428 .0407 .0371 .0315 . 0239 .0140 .0015 
Bing 1, position 2 ___ .0437 .0433 .0426 . 0416 . 0397 .0365 .0317 .0249 .0159 .0046 

e Bing 1, position 3... .0433 .0431 .0429 .0420 . 0399 . 0365 .0318 .0249 . 0156 .0043 
CG 

N. A 
Variable ring —8°.. 

l. C. A. cowling_ 
.0433 
.0427 

.0434 

.0423 
.0429 
.0418 

.0417 

.0408 
. 0398 
.0390 

.0366 

.0360 
. 0320 
.0305 

.0248 

.0226 
.0150 
.0125 

.0023 
-. 0005 

Nacelle position B, with side brackets 

. 
Exposed cylinders.... 0. 0446 0. 0443 0. 0435 0. 0420 0. 0399 0.0366 0. 0314 0. 0240 0. 0137 0.0004 

S
. 

N
 

N. A.. C. A. hood--- 
Bing 3, position 2_ 

.0436 

.0432 
.0438 
.0431 

.0432 

.0424 
.0420 
.0411 

.0396 

.0391 
.0361 
.0359 

.0306 

.0306 
.0227 
.0230 

.0125 

.0132 
.0000 
.0016 

Nacele position B-l-A, faired into wing 

Exposed cylinders__ _ - 0. 0450 0. 0449 0. 0443 0. 0430 0. 0410 0. 0377 0. 0326 0. 0251 0. 0155 0.0037 
Z N. A. C. A. hood.... .0450 .0452 .0448 .0437 . 0416 - .0377 .0321 .0245 .0146 . 0025 
CO Bing 3. position 2_. _ _ - . 0445 . 0442 .0435 .0420 . 0399 .0365 .0317 .0245 .0150 .0030 

Variable ring —8° _ _ .0442 .0440 .0432 .0418 . 0397 .0365 .0315 .0244 . 0150 .0033 

N. 1 t. C. A cowling ... . .0435 .0429 .0422 .0412 .0394 .0360 .0306 .0231 .0131 . 0000 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling.... 
/ 

0.0425 0. 0423 0.0419 0.0409 0.0392 0. 0361 1 0.030S 0. 0234 0.0137 0.0011 

Nacelle position A- 1-B, faired into wing 

Exposed cylinders____ 0.0426 0.0423 0.0419 0. 0412 0. 0401 0.0380 0. 0340 0.0278 0. 0196 0.0094 
Z N."a C. A. hood _ .0430 .0430 .0425 .0418 . 0403 .0378 . 0337 .0276 .0189 . 0080 

CO Bing 3, position 2_ _- .0431 0432 .0431 .0422 .0405 .0380 . 0339 .0276 . 0190 .0077 

Variable ring —8°_ .0429 .0431 .0430 .0422 .0407 .0380 .0338 .0273 .0191 . 0090 

N. \ C. A. cowling... .0440 .0438 .0432 .0423 .0406 .0377 .0333 .0273 .0190 .0086 

Nacelle position A-l-B, unfaired 

Z 
Exposed cylinders..._ 0. 0436 0.0434 0. 0430 0.0421 0. 0404 0.0379 0. 0340 0.0279 0.0195 0.0096 
N. A. C. A. hood__ _ .0435 .0440 . 0436 .0409 .0401 .0376 .0336 .0275 1 .0190 . 0085 

CO Bing 3, position 2___ . 0435 .0434 .0430 .0423 .0411 .0386 . 0346 .0283 I . 0200 . 0100 

Nacelle position A-2- B 

Exposed cylinders_ 0. 0440 0. 0440 0.0438 0.0428 0. 0408 0. 0374 0.0322 | 0.0252 0.0155 0.0043 
z N. A. C. A. hood.. .0450 . 0445 .0439 .0429 .0413 . 0386 .0337 .0260 . 0160 .0035 
cn Bing 3, position 2_ _ .0442 .0442 .0437 .0424 . 0403 .0372 .0323 . 0251 .0160 . 0045 

Variable ring —8°_ . 0455 . 0453 .0447 .0435 .0415 .0383 . 0337 . 0257 . 0160 .0038 

N. A C. A. cowling . _ . _ .0438 .0439 . 0433 .0420 .0399 .0361 .0309 .0230 .0132 .0016 
1 



678 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TABLE V—POWER COEFFICIENT—Continued 

^r pnzDb 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = +5° 

Type of nacelle 

V 
n D 

0.1 | 0.2 0.3 j 0.4 0.5 0.0 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

Z
 

S
m

a
ll
 n

ac
el

le
 

Exposed cylinders_ 
N. A. C. A. hood_ 
Ring 3, position 2.... 
Ring 3, position 3_ ... 
Ring 1, position 2__ 
Ring 1, position 3.... 
Variable ring —8°_ 

V.. C. A. cowling_ _ 

0. 0440 
. 0439 
.0439 
. 0437 
.0437 
.0434 
.0443 
.0431 

0.0439 
.0437 
.0437 
.0438 
.0434 
.0434 
.0440 
.0430 

0. 0432 
.0430 
.0430 
.0432 
.0431 
. 0430 
.0433 
.0424 

0.0416 
.0417 
.0410 
.0420 
. 0420 
. 0421 
.0418 
.0412 

0. 0396 
.0396 
. 0395 
.0396 
.0394 
.0399 
. 0395 
. 0388 

0. 0354 
.0357 
.0361 
.0300 
. 0355 
.0363 
.0360 
.0351 

0.0300 
. 0299 
.0311 
. 0305 
.0309 
.0316 
.0310 
.0295 

0. 0226 
. 0220 
.0234 
. 0233 
.0240 
. 0245 
.0238 
.0221 

.0 0125 
.0117 
. 0136 
.0140 
.0147 
.0154 
.0145 
.0120 

-0.0003 
-.0011 

.0015 

.0023 

. 0037 

.0045 

.0033 
-. 0005 

Nacelle position B, with side brackets 

S
. 
N

. Exposed cylinders.. 
N. A. C. A. hood...... 
Ring 3, position 2_ 

0.0445 
.0438 
.0439 

0.0441 
.0438 
.0437 

0. 0433 
.0431 
.0430 

0. 0419 
.0416 
.0420 

0. 0394 
.0393 
. 0398 

0. 0360 
. 0355 
.0359 

0. 0310 
.0300 
.0302 

0. 0234 
.0219 
.0230 

0. 0134 
.0118 
.0140 

0.0005 
.0000 
.0031 

Nacelle position B-l-A, faired into wing 

Exposed cylinders... 0. 0445 0. 0447 0. 0442 0. 0429 0. 0405 0. 0369 0. 0315 0. 0239 0. 0138 0. 0014 
Z N. A. C. A. hood.-. . _ .0442 .0442 . 0436 . 0423 . 0401 .0365 .0311 .0234 . 0132 . 0005 
ZQ Ring 3, position 2.. . 0445 .0445 . 0439 . 0426 .0404 .0371 .0319 .0244 . 0148 .0028 

Variable ring —8°___ . 0445 .0442 .0436 .0421 . 0398 .0360 .0307 .0232 . 0139 . 0025 
N. 7 L C. A. cowling_ _ .0434 .0429 .0421 .0412 . 0393 .0358 .0302 .0222 .0119 -.0013 

Nacelle position B-l-A, unfaired 

N. A. C A. cow line _ _ _ ______ 0. 0425 0. 0422 0.0418 0. 0407 0. 0388 0. 0356 0. 0305 0. 0228 0. 0128 0.0003 

Nacelle position A-l -B, faired into wing 

Exposed cylinders.-. __ . . _ 0. 0-427 0. 0426 0. 0423 0. 0416 0. 0403 0. 0380 0. 0341 0. 0286 0.0209 0.0114 
z N. A. C. A. hood..... _ .0433 . 0431 . 0427 .0418 . 0404 .0382 .0345 0. 0285 .0205 .0110 
c/j Ring 3, position 2_ .0429 .0430 .0426 . 0417 .0402 .0378 .0342 .0288 .0211 .0112 

Variable ring —8°_ _ .0427 .0431 .0432 . 0426 .0412 . 0388 . 0350 .0292 .0212 .0113 
N. 1 L. C. A. cowling__ __ .0432 .0429 .0423 .0414 .0400 .0378 .0338 .0284 .0208 .0115 

Nacelle position A-l-B, unfaired 

Exposed cylinders.. 0. 0436 0. 0435 0. 0431 0.0424 0.0410 0. 0383 0. 0344 0. 0288 0. 0210 0. 0102 
N. A. C. A. hood__ .0437 .0440 .0436 .0424 .0404 .0379 . 0342 .0290 .0213 .0113 
Ring 3, position 2.—.. „ — .0434 .0432 .0428 .0423 .0412 .0386 .0345 . 0285 .0211 .0105 

Nacelle position A-2-B 

Exposed cylinders_ _ 0. 0440 0.0440 0. 0438 0. 0431 0. 0415 0. 0385 0. 0337 0. 0268 0. 0180 0. 0078 
z N. A. C. A. hood_ ... - .- .0452 . 0451 . 0448 . 0439 . 0423 .0390 .0343 .0277 . 0188 .0076 
OQ Ring 3, position 2 __ .0447 . 0451 . 0447 .0439 .0421 .0390 .0342 .0274 . 0186 . 0080 

Variable ring—8° . .. _ .0448 . 0447 . 0441 . 0430 . 0410 . 0384 .0342 . 0280 . 0193 . 0075 
N. 1 I. C. A. cowling_ _ .0439 .0440 .0432 .0421 .0400 .0366 .0318 . 0250 .0166 .0064 



NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 

TABLE V.~POWER COOEFFICIENT—Continued 

Cp=rnFD* 

Propeller No. 4412-4 feet. Set 17° at 0.75 R. Angle of attack = +10°. 

Type on nacelle 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

3 
8 
g3 

'x 
a 

CO 

N. A 

Exposed cylinders.-- 
N. A. C. A. hood_ 
Ring 3, position 2_ 
Ring 3, position 3__ 
Ring 1, position 2-- 
Ring 1, position 3__ 
Variable ring—8°..- 
. C. A. cowling--- 

0. 0439 
.0433 
.0439 
.0432 
.0437 
. 0424 
.0448 
.0428 

0.0438 
.0433 
.0436 
. 0434 
.0434 
.0424 
.0449 
. 0423 

0.0432 
.0428 
.0430 
.0431 
.0430 
.0421 
.0443 
.0418 

0.0420 
.0417 
.0417 
.0422 
.0420 
. 0415 
.0431 
.0405 

0.0397 
. 0396 
.0396 
.0402 
.0401 
. 0399 
.0410 
.0389 

0.0362 
.0362 
. 0365 
.0370 
.0371 
.0371 
. 0375 
.0358 

0.0307 
.0309 
.0317 
.0324 
.0322 
.0324 
.0322 
.0301 

0.0232 
0229 

. 0247 
. 0253 
.0257 
. 0253 
.0253 
.0230 

0. 0137 
. 0135 
.0152 
. 0160 
.0168 
. 0163 
. 0167 
.0131 

0.0018 
.0023 
.0034 
. 0046 
. 0055 
.0052 
. 0065 
.0017 

Nacelle position B, with side brackets 

CO 

Exposed cylinders... 
N. A. C. A. hood... 
Ring 3, position 2 - 

0.0443 
.0437 
.0433 

0.0446 
.0438 ‘ 
.0430 

0. 0442 
.0432 
.0424 

0. 0430 
.0420 
.0412 

0. 0409 
. 0397 
.0393 

0.0374 
.0361 
. 0363 

0.0324 
.0306 
.0312 

0. 0252 
.0230 
.0242 

0. 0160 
.0138 
.0153 

0.0045 
. 0020 
.0043 

Nacelle position B-l-A, faired into wing 

% 

N. 1 

Exposed cylinders-- 
N. A. C. A. hood-- 
Ring 3, position 2- 
Variable ring—8°-- 

1. C. A. cowling... 

0. 0445 
.0443 
.0441 
.0444 
.0434 

0.0447 
.0443 
.0442 
.0444 
.0430 

0. 0442 
.0439 
.0437 
.0439 
.0425 

0.0430 
.0424 
.0425 
. 0425 
.0417 

0.0410 
.0402 
.0404 
.0404 
. 0398 

0.0376 
.0366 
.0371 
.0363 
.0359 

0.0324 
.0310 
.0317 
.0309 
.0303 

0.0250 
.0232 
.0246 
. 0234 
.0223 

0. 0150 
.0133 
.0153 
.0140 
.0116 

0.0027 
. 0005 
. 0035 
. 0025 

-.0020 

Nacelle position B-l-A, uufaired 

N. A. C. A. cowling... 0.0425 0. 0422 0.0416 0. 0404 0.0385 0.0352 0.0302 0.0227 0.0124 0.0000 

Nacelle position A-l-B, faired into wing 

% 
w 

N. 

Exposed cylinders--- 
N. A. C. A. hood..-- 
Ring 3, position 2....-. 
Variable ring—8° - - - 

V C. A. cowling__-. 

0.0427 
.0428 
.0428 
.0428 
.0425 

0. 0426 
. 0426 
.0432 
. 0434 
.0423 

0. 0426 
.0423 
.0432 
.0437 
. 0421 

0. 0422 
.0418 
.0427 
.0432 
.0417 

0.0411 
.0410 
.0416 
.0421 
.0408 

0. 0392 
.0392 
.0394 
.0400 
.0393 

0.0362 
. 0360 
.0362 
.0367 
.0360 

0.0310 
. 0305 
.0309 
.0315 
.0313 

0.0237 
.0231 
.0240 
.0244 
.0240 

0.0145 
.0138 
.0151 
. 0155 
.0147 

Nacelle position A-l-B, unfaired 

02 

Exposed cylinders.. 
N. A. C. A. hood- 
Ring 3, position 2-- 

0. 0436 
.0437 
. 0435 

0. 0436 
.0437 
.0434 

0.0432 
.0436 
.0430 

0.0424 
. 0426 
.0425 

0.0411 
.0411 
.0415 

0. 0390 
.0387 
.0397 

0.0354 
. 0360 
.0363 

0.0302 
. 0305 
.0312 

0.0234 
. 0235 
.0242 

0. 0146 
.0144 
.0153 

Nacelle position A-2-B 

A 
M 

N. A 

Exposed cylinders- 
N. A. C. A. hood.. 
Ring 3, position 2-- 
Variable ring—8°.. 
C. A. cowling.-.. 

0.0440 
.0455 
.0447 
.0453 
.0437 

0.0440 
. 0451 
. 0450 
. 0455 
.0439 

0. 0439 
.0447 
.0447 
.0452 
.0436 

0. 0433 
.0438 
. 0439 
.0443 
.0427 

0.0422 
.0426 
.0424 
.0428 
. 0410 

0. 0399 
.0404 
.0401 
.0402 
.0381 

0.0359 
. 0368 
.0365 
. 0365 
.0340 

0.0297 
.0308 
.0309 
. 0309 
.0280 

0.0220 
.0226 
.0233 
.0230 
.0206 

0.0123 
.0130 
.0140 
.0133 
.0110 

149900-33- 44 
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TABLE VI.—PROPULSIVE EFFICIENCY 

(T—AD) V 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

Type of nacelle 

V 
nJ) 

0.1 0.2 0,3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

c3 
a 

"3 
g 
m 

NT. A 

Exposed cylinders. 
N. A. C. A. hood. 
Ring 3, position 2. 
Ring 3, position 3. 
Ring 1, position 2. 
Ring 1, position 3. 
Variable ring —8°. 
, C. A. cowling_ 

0.201 0. 381 0. 534 0. 658 0. 745 0. 798 0.810 0. 765 0.526 
.200 .380 .529 .647 .722 .765 .765 .690 .295 
.198 .383 .542 .670 .763 .815 . S20 .783 .603 
. 195 .372 .525 . 654 .750 .807 .829 .807 .653 
.196 .378 . 540 .679 .789 .863 .898 .894 .789 
. 199 .387 .557 .695 .800 .870 .901 .884 .731 
.204 .385 .540 .664 .754 .804 .821 .780 .586 
.200 .381 .532 .649 .731 .783 .792 .735 .372 

Nacelle position B, with side brackets 

2 
M 

Exposed cylinders__ 0.196 0. 373 0. 527 0. 649 0. 733 0. 774 0. 775 0. 726 0. 477 
N. A. C. A. hood .... . 197 .374 .526 .652 .740 .790 .800 .750 .461 
Ring 3, position 2... .193 .369 .519 .647 .740 .801 .837 . S29 .649 

Nacelle position B-l-A, faired into wing 

Exposed cylinders. 
N. A. C. A. hood.. 
Ring 3, position 2__ 
Variable ring —8°.. 

N. A. C. A. cowling_ 

0.196 0.374 0. 526 0. 651 0.744 0.806 0.835 0. 813 0. 651 
.197 . 375 .524 .646 .739 .792 .823 .781 .581 

. 196 .374 .529 .658 .752 .809 .830 .794 .601 

.195 .375 .528 .651 .730 .778 .790 .740 .447 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling. 0.196 0.370 I 0.514 0.625 0.701 0. 745 0. 750 0. 685 0. 430 

Nacelle position A-l-B, faired into wing 

Exposed cylinders.. .. _ .0194 0. 368 0. 514 0. 626 0.694 0. 724 0. 698 0. 596 0.339 
Z N. A. C. A. hood...... . 192- .360 .500 . 606 .680 .710 .701 .635 .420 
co Ring 3, position 2___ .191 .367 .519 .645 .736 .793 .811 .781 .661 

Variable Rine — S'" __ .189 .352 .487 .590 .659 .695 .693 . 624 .430 
N A. O. A. nowlins? _ . 183 .351 .494 .604 .683 .721 .715 .660 .420 

Nacelle position A-l-B, unfaired 

. 
Exposed cylinders_ 0.191 0.365 0. 514 0. 638 0. 731 0. 788 1 0. 796 0.757 0.605 . 

Z N. A. C. A. hood_ _ . 185 .351 .488 . 601 .684 . 729 .730 . 638 .375 
CO Ring 3, position 2... .191 .363 506 .619 . 705 . 750 I . 766 .725 .571 . 

Nacelle position A-2-B 

2 
Exposed eylinders. 
N. A. C. A. hood.. 
Ring 3, position 2— 
Variable ring —8°. 

N. A. C. A. cowling_ 

0. 204 
.200 

, 197 
. 194 

0. 394 
.381 

.371 

.368 

0. 559 
.530 

.522 

.516 

0. 688 
.646 

.642 

.639 

0. 789 
.730 

.735 

.720 

0. 845 
.770 

.795 

.770 

0. 858 
.768 

.802 

.771 

0. 821 
.696 

.720 

.675 

0. 465 
.284 

.360 

. 120 
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TABLE VI.—PROPULSIVE EFFICIENCY—Continued 

(T—AD) V 
v p 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of atlack=0° 

V 

Type of nacelle 
nl) 

0.1 0.2 0.3 0.4 
| 

0.5 | 0.6 
1 

0.7 I 
1 

Nacelle position B, side brackets removed 

® 
Exposed cylinders__ 0.198 0.373 0. 521 0. 641 0. 729 0. 774 0. 770 0.691 0. 373 o> N. A. C. A. hood__ . 199 . 374 . 519 . 631 . 709 . 748 . 658 209 a Ring 3, position 2_ . 195 .372 . 523 .647 .737 . 794 .814 . 783 .590 
Ring 3, position 3.. . 192 . 365 . 510 .629 . 715 . 776 .800 . 770 . 560 
Ring 1, position 2__ . 194 . 377 . 538 .670 . 768 .830 . 848 . 807 . 577 

s Ring 1, position 3__ .198 . 385 . 546 .678 .779 .834 .853 .830 .634 co 
Vanable rine —8°_ _ . 202 .379 . 529 .646 . 728 .777 .790 . 739 .480 

N. A. C. A. cowling_ .198 .375 . 521 .632 .710 .750 .752 .690 .374 

Nacelle position B, with side brackets 

Exposed cylinders__ 0.194 0. 370 0. 520 0.642 0. 721 0. 765 0. 769 0.730 0. 552 
. 194 . 369 . 514 .629 . 713 . 760 . 761 .701 .382 

CO Ring 3, position 2__ .194 .369 .520 .639 .727 .780 .800 .770 .532 . 

Nacelle position B-l-A, faired into wing 

z 
m 

N. A 

Exposed cylinders... _ 
N. A. C. A. hood.... 
Ring 3, position 2_ _ 
Variable ring —8°.. 
C. A. cowling___ 

0.190 
. 192 
. 192 
. 193 
. 194 

0. 361 
.360 
.365 
.366 
.368 

0.530 
.501 
. 513 
.515 
.513 

0. 623 
.611 
.638 
.633 
.621 

0. 706 
.686 
. 728 
. 719 
.687 

0. 761 
.739 
.787 
.768 
.727 

0.787 
.750 
.817 
. 784 
.728 

0.760 
.688 
. 790 
.737 
.658 

0. 580 
.406 
.600 
.462 
.309 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling___ 0.194 0. 362 0. 501 0.608 0.677 0. 713 0. 714 0.634 0.289 

Nacelle position A-l-B, faired into wing 

Z 
m 

N. i 

Exposed cylinders.... 
N. A. C. A. hood__ 
Ring 3, position 2... 
Variable ring —8°_ _ 

1. C. A. cowling_ 

0.198 
. 192 
. 191 
.189 
. 183 

0.378 
.361 
. 361 
.354 
.349 

0.531 
. 504 
. 504 
.487 
.492 

0.650 
.612 
.624 
. 587 
.601 

0. 724 
.684 
.710 
.655 
.677 

0. 749 
.730 
.755 
.695 
.715 

0. 731 
.741 
.761 
.708 
.713 

0.639 
. 716 
.725 
.683 
.651 

0. 361 
. 585 
.601 
.565 
.464 

Nacelle position A-l-B, unfaired 

Z 
CO 

Exposed cylinders... 
N. A. C. A. hood_ 
Ring 3, position 2___ 

0. 188 
. 185 
. 190 

0. 358 
.336 
.360 

0. 501 
.482 
.502 

0.616 
.600 
.612 

0. 700 
.680 
.685 

0. 749 
.721 
.727 

0. 757 
.733 
.748 

0.714 
.700 
.718 

0.545 
.525 
.589 

Nacelle position A-2-B 

z 
GO 

N. 2 

Exposed cylinders.. 
N. A. C. A. hood_ 
Ring 3, position 2_ 
Variable ring —8°.... 

L. C. A. cowling.... 

0. 201 
.200 
.202 
. 199 
. 196 

0.391 
. 3S4 
.385 
.379 
.370 

0. 549 
.538 
. 543 
.532 
.519 

0.080 
.659 
.673 
.653 
.640 

0.783 
.732 
.770 
. 740 
. 720 

0.859 
. 771 
.821 
.785 
.770 

0.890 
. 769 
.830 
.792 
. 765 

0. 878 
.707 
. 796 
.737 
.700 

0. 760 
.433 
.590 
. 467 
.360 

. 
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TABLE VI.—PROPULSIVE EFFICIENCY—Continued 

(T-AD)V 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack =-)-50 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 j 0.7 0.S 0.9 
1 

1.0 

Nacelle position B, side brackets removed 

a; 
"3 o 
c3 
a 

13 
S 

GO 

Exposed cylinders.. 0.188 
.187 
. 183 
. 186 
.185 
. 191 
. 191 
. 192 

0. 351 
.352 
.347 
.347 
.354 
. 359 
. 359 
.363 

0.488 
.488 
.487 
.481 
.496 
. 502 
.496 
.504 

0. 596 
.593 
.599 
. 586 
.609 
.611 
.605 
.611 

0. 666 
.663 
.673 
.663 
.696 
.695 
. 682 
.684 

0. 708 
.714 
.715 
.708 
. 759 
.756 
.724 
.706 

0. 702 
.706 
. 716 
.727 
.770 
.762 
.730 
.695 

0. 638 
.633 
. 656 
. 676 
. 736 
.720 
. 665 
.605 

0. 359 
. 262 
.410 
.430 
.563 
. 560 
. 403 
. 240 

N. A. C. A. hood_ 
Rim* 3, position 2 

. 

Ring 3. position 3_ . 
Ring 1, position 2- ...- 
Ring 1, position 3.... 

—.- 

Variable ring —8°_ . . 
N. / i. C. A. cowling_ 

Nacelle position B, with side brackets 

Exposed cylinders_ ... .. 0. 187 0. 350 0. 485 0. 586 0. 655 0. 683 0. 671 0. 605 0. 322 
N. A. C. A. hood_ . 186 . 350 .489 . 600 . 675 . 715 . 715 . 650 . 328 
Ring 3, position 2_ ... . 187 .351 .488 . 590 .672 .725 .748 .706 .463 

Nacelle position B-l -A, Faired into wing 

. 
Exposed cylinders 0. 190 0. 348 0. 572 0. 645 0. 690 0. 706 0.659 0.450 IS N.*A. C. A. hood_ . 185 . 345 . 477 . 578 . 644 .679 . 668 . 571 . 239 

m Ring 3, position 2__ . 187 .352 .489 .586 . 668 .700 .700 .642 .402 
Variable rintr —8° _ . 185 . 349 . 485 . 592 . 665 . 714 . 718 . 666 .433 

N. A. C. A. cowline_ . 189 .357 .496 .593 .652 .682 . 665 . 557 .159 

Nacelle position B-l-A, unfaired 

N. A. O. A. cowling___ 0. 190 0. 357 0.489 0. 589 
1 

0. 652 0.680 0.673 
i 

0.590 0.246 

Nacelle position A- L—B, faired into wing 

0. 363 0. 505 0.615 0.693 0.744 0. 778 0. 781 0. 754 
. 349 .484 . 586 .650 .672 .660 .610 . 460 
.355 . 496 . 60S . 686 . 730 . 736 . 705 . 609 
. 353 .489 . 594 .665 . 699 . 695 .646 . 501 
.352 .496 .607 .666 .693 .700 .651 .532 .. 

Exposed cylinders 
X. A. C. A. hood.. 
Ring 3, position 2.. 
Variable ring —8°.. 

X. A. C. A. Cowling_ 

0.193. 
. 186 
. 189 
. 188 
. 185 

Nacelle position A-l-B, unfaired 

£ 

Cfc 

Exposed cylinders__ . ... . . 0.184 
. 182 
. 187 

0. 347 
. 341 
.353 

0.481 
.468 
.489 

0.586 
.566 
.584 

0. 659 
.633 
.046 

0. 709 
. 668 
.691 

0. 716 
.668 
. 710 

0. 672 
.620 
.710 

0. 540 
.485 
.619 

N. A. O. A. hood_ 
Ring 3, position 2_ . .. 

Nacelle position A-2-B 

Exposed cylinders___ 0. 204 0.390 0. 546 0.661 0. 749 0.810 0.840 0.836 0. 743 
N. A. <’. A. hood__ . . 196 .371 . 518 . 635 . 716 . 769 . 757 . 617 

CQ Ring 3. position 2__ . 198 .372 . 518 .636 . 722 .778 .808 .800 . 721 
Variable ring —8°_ . 196 .371 .522 .642 734 .787 .805 .797 . 727 

N. A. C. A. cowling..___ . 195 .367 . 514 .629 .714 .760 .767 .731 . 570 
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TABLE VI—PROPULSIVE EFFICIENCY—Continued 

v 
(T-AD)V 

P 

Propeller No. 4412—4 feet. Set 17° at 0.75 It. Angle of attack = +10° 

T \ pe of nacelle 

J/ 
nD 

0.3 0.4 0.5 0.6 0.7 0.8 0.9 

Nacelle position 13, side brackets removed 

Exposed cylinders... 0.180 0.329 0. 444 0. 523 0-575 0. 595 0. 575 0.490 0. 203 . 
\T \ (’ \ hood 181 . 334 . 457 . 547 . 605 . 634 . 635 . 593 . 346 

. 179 . 332 . 454 . 547 .604 .627 .618 .550 .325 
ISO . 330 . 449 . 534 . 594 .620 .615 . 566 .376 

. 176 . 336 . 467 . 569 . 636 .670 .670 .617 .434 
185 339 . 461 . 550 . 615 .653 .670 .658 .552 

Variable ring —8°„... . 183 . 335 .457 .545 .603 .636 .641 . 592 .426 --- 
i. C. A. cowling_ . 186 .349 .474 .565 .617 . 637 .640 .560 . 281 

Nacelle position 13, with side brackets 

Z 
Exposed cylinders..-- 
N. A. C. A. hood__ 
King 3, position 2_ 

0. 181 
. 180 
. 184 

0. 332 
. 332 
.345 

0.455 
.453 
.471 

0.548 
.543 
. 565 

0. 609 
.598 
.615 

0. 644 
. 620 
.630 

0. 646 
.611 
.615 

0.603 
.525 
. 529 

0. 450 
. 202 
.265 -- 

Nacelle position B-l-A, faired into wing 

fc 

m 

N. i 

Exposed cylinders..- - - 
N. A. C. A. hood_ 
King 3, position 2- - 
Variable ring —S°- 

L. C. A. cowling.__ 

0.187 
.180 
. 182 
. 180 
. 181 

0. 341 
. 333 
.335 
.336 
.336 

0.460 
.454 
. 457 
.162 
.455 

0. 542 
.546 
. 544 
.557 
.537 

0.585 
.600 
.595 
.619 
. 578 

0.593 
. 615 
.612 
.648 
.590 

0. 555 
.588 
. 594 
.635 
.564 

0. 448 
.468 
.507 
. 550 
.430 

0.120 
.060 
.217 
. 244 

--— 

Nacelle position B-l-A, unfaired 

N. A. C. A. cowling-- 0. 182 0. 340 0.466 0. 557 0. 611 0.627 0.589 0.451 

Nacelle position A-l-B, faired into wing 

£ 

GO 

XT 

Exposed cylinders-- 
N. A. C. A. hood_ — 
Ring 3, position 2— — - 
Variable ring —8°... 

0. 188 
. 182 
. 183 
. 185 

0. 351 
. 334 
.337 
.341 

0. 478 
.454 
.460 
.466 

0.571 
. 539 
. 552 
. 560 

0. 627 
. 586 
. 612 
. 62.5 

0. 652 
.606 
. 650 
.655 

0.647 
. 596 
.654 
.650 

0. 617 
. 564 
. 626 
.609 

0. 534 
. 460 
. 544 
.483 

— 

Nacelle position A-l-B, unfaired 

z 
Exposed cylinders--- - 
N. A. C. A. hood_ -.- . 
King 3, position 2.. .- 

0. 179 
. 182 
. 179 

0.335 
.338 
.331 

0. 463 
. 461 
.452 

0. 558 
.555 
.539 

0. 612 
.615 
.597 

0. 627 
. 638 
.621 

0. 603 
.615 
.621 

0. 527 
.566 
. 590 

0. 342 
.120 
.520 

-.- 

Nacelle position A-2-B 

£ 

CO 

N. 

Exposed cylinders.. 
N. A. C. A. hood__ 
Ring 3, position 2..-- 
Variable ring —8°- 

V C. A. cowling__- 

0. 204 
. 190 
. 196 
. 195 
. 191 

0. 386 
.360 
.366 
.357 
.354 

0.534 
.501 
.508 
.495 
.487 

0.640 
.610 
.618 
.607 
.589 

0.702 
.676 
.697 
.684 
.660 

0. 730 
.711 
.739 
. 731 
.709 

1 

0. 725 
.719 
. 750 
. 748 
.725 

0.681 
.688 
.735 
.727 
.716 

0. 532 
. 577 
.656 
.665 
.650 

—.— 
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TABLE VIL—LIFT COEFFICIENT WITH PROPELLER OPERATING 

LP 
CLp= qS 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

-2 Exposed cylinders_ 0.197 0.174 0.161 0.155 0.156 0.160 0.169 
N. A. C. A. hood.... . 177 . 163 . 157 . 152 . 150 . 150 . 151 

cS Ring 3, position 2_ . 182 .170 . 160 . 155 . 151 . 150 . 150 
Ring 3, position 3___ .216 . 177 . 157 . 150 . 151 . 152 . 155 
Ring 1, position 2_ .210 . 173 . 155 . 148 . 149 . 152 . 157 

3 Ring 1, position 3_... . 195 . 171 . 159 . 154 . 155 .156 . 158 
tn Variable ring —8°___ . 153 . 160 . 162 . 164 .163 . 161 .160 
N. 1 L. C. A. cowling_ . __ . 188 .181 .175 .168 .157 . 145 .132 

Nacelle position B, with side brackets 

Exposed cylinders. _ 0.183 0. 169 0.160 0. 153 0.152 0. 150 0.151 Z N. A. C. A. hood.. .. _ _ .. . 167 . 160 . 154 . 153 . 153 . 157 . 160 
GQ Ring 3, position 2_ .173 . 166 .162 .161 .161 .161 . 162 

Nacelle position B- 1-A, faired into wing 

Exposed cylinders__ __ 0.190 0.178 0.169 . 0.160 0.155 0.152 0.153 Z N. A. C. A. hood.. . .. .205 .190 .180 .172 .169 . 165 .165 
co Ring 3, position 2 _ 

Variable ring —8°.._ _ . 192 . 184 . 178 . 170 . 161 .153 . 147 
N. 1 V C. A. cowling___ .223 .210 .200 .190 .184 .179 . 174 

Nacelle position B-l-A, unfaired 

N. i V C. A. cowling_ .. _ 0.255 0.208 0.180 0.163 0.155 0.155 0.160 

Nacelle position A-l-B, faired into wing 

Z Exposed cylinders.... 0.127 0.142 0.152 0.161 0.169 0.174 0.177 
N. A. C. A. hood_ . 135 . 134 . 137 . 140 . 147 . 155 . 164 

co Ring 3, position 2_ ___ . 124 . 140 . 150 . 156 . 159 . 159 . 157 
Variable ring —8°_ . . . 131 . 141 . 150 . 157 . 160 . 163 . 167 

N. i V C. A. cowling__ . 170 . 146 .133 .127 .127 .131 .139 

Nacelle position A-l-B, unfaired 

Z Exposed cylinders_ 0. 145 0.161 0.173 0.184 0.191 0.197 0. 202 
N. A. C. A. hood.. . .. .. _ . 127 . 141 . 150 . 158 . 160 . 160 . 160 

tii Ring 3, position 2_ _ .128 .141 .148 .151 .156 .160 .163 

Nacelle position A-2-B 

. Exposed cylinders___ 0.118 0.120 0.121 0.125 0.131 0.139 0.148 Z N. A. C. A. hood_ ... .114 .114 . 114 .117 .121 .128 .136 
ti Ring 3, position 2 _ 

Variable ring —8°____ . 100 . 113 . 122 . 127 . 129 . 127 . 123 
N. i k. C. A. cowling _ __ __ .122 .113 .110 .113 .120 .129 .142 
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685 NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 

TABLE VII—LIFT COEFFICIENT WITH PROPELLER OPERATING—Continued 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=0° 

Type of nacelle 

V 
nD 

0.1 0. 2 0. 3 0. 4 0. 5 
1 

0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

S
m

a
ll

 n
a
c
e
ll

e
 

>
 

0.459 
.457 
.449 
.461 
.455 
.463 
.475 
.451 

0.433 
.421 
.426 
.426 
.431 
.425 
.433 
.432 

0.414 
. 405 
.410 
.403 
.414 
.399 
.407 
.418 

0. 403 
.397 
.397 
.388 
.403 
.388 
.392 
.406 

0. 393 
.390 
.388 
.380 
.397 
.386 
.388 
.397 

0.390 
.388 
.382 
.379 
.393 
.387 
.389 
.392 

0. 390 
.385 
.377 
.380 
.391 
.389 
.393 
.390 

. C. A. cowling...... 

Nacelle position B, with side brackets 

Exposed cylinders 
N. A. C. A. hood. 
Ring 3, position 2. 

0.437 0.412 0. 400 0.396 0.397 0.398 

.428 .410 .397 .389 .383 .381 

.423 .407 .396 .388 .381 .376 

Nacelle position B-l-A, faired into wing 

0. 478 
. 475 
.482 
.459 
.466 ! 

0. 438 
.447 
.439 
.431 
.438 

0.415 
.427 
.417 
.413 
.424 

0. 404 
.412 
.407 
.400 
.416 

0. 400 
.402 
.400 
.397 
.410 

0. 398 
.396 
.393 
.397 
.408 

0.398 
.390 
.388 
.390 
.404 

Nacelle position B-l-A, unfaired 

0.470 j 0.433 0.411 0.398 0. 391 0. 390 0. 390 

1 -- 

Nacelle position A-l-B, faired into wing 

0.397 0.397 0.397 0. 398 0.398 0.398 0.398 

. 366 .375 .380 .384 .389 .392 . 397 

.389 .386 .385 .385 .387 . 389 .390 

.392 .383 .380 .380 .381 .384 .390 

.395 .388 .384 .382 .380 .381 .383 

Nacelle position A-l-B, unfaired 

0.383 
.383 
.389 

0.394 
.387 
.395 

0.401 
.390 
.397 

0.407 
.393 
.398 

0.410 
.397 
.398 

0.411 
.400 
.398 

0.410 
.402 
.398 

Nacelle position A-2-B 

. 

0. 352 0.353 0.355 0.360 0.363 0.370 .376 
.368 
.380 

.363 .360 .358 .358 .360 .363 

.357 .361 .366 .370 .373 .378 
GO .349 .350 .352 .355 .359 .360 . 361 

XT 

‘ 

.354 .356 .358 .360 .361 .363 .364 
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TABLE VIE—LIFT COEFFICIENT WITH PROPELLER OPERATING—Continued 

Cl, 
Lp 

qS 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = -j-5° 

Type of nacelle 

M
3

 

0.1 0.2 0.3 0.4 0. 5 0.6 0. 7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

Exposed cylinders_ ____ 0. 728 0. 695 0. 672 0. 654 0. 643 0. 636 0. 631 
N. A. C. A. hood_ -- . 765 . 705 . 670 . 652 . 641 . 632 . 628 

& King 3, position 2__ . 752 .702 . 631 . 624 . 620 
Ring 3, position 3... . 725 . 688 . 660 . 640 . 628 . 619 . 613 

"cS Ring 1, position 2 _ . 718 . 691 . 670 . 055 . 643 . 633 . 622 
9 Ring 1, position 3_ . _ . 745 . 698 . 667 .638 . 630 .62.3 cg 

Variable ring —8°.. . 735 . 692 . 662 . 640 . 622 . 612 . 606 
N. ^ l. C. A. cowling.. . 735 . 709 .688 .672 . 660 .648 .639 

Nacelle position B, with side brackets 

z 
Exposed cylinders... 0. 750 0. 704 0. 667 0. 649 0. 623 0. 607 0. 597 
N. A. C. A. hood_ . 749 . 712 . 683 . 648 . 636 . 627 

m Ring 3, position 2_ .727 .689 .667 .652 .640 .631 . 627 | 
' ‘I i 

Nacelle position B- 1-A, faired into wing 

Exposed cylinders_ 0. 758 0. 706 0. 670 0. 645 0. 630 0. 618 0. 610 
z N. A. C. A. hood_ . 760 .712 . 652 . 639 . 631 . 630 
OQ Ring 3, position 2_ . 775 . 705 . 670 . 652 . 049 . 640 . 629 

Variable ring —8°. _ .733 . 701 .677 . 658 . 644 . 633 . 625 
N. 1 4. C. A. cowling___ . 746 .719 .700 .685 .673 .665 .658 

> Nacelle position B-l-A, unfaired 

N. J 4. C. A. cowling__ 0. 755 0. 703 0.663 0. 637 0. 620 0.609 0. 601 
. 

Nacelle position A- 1-B, faired into wing 

. Exposed cylinders... 0. 665 0.653 0. 644 0. 639 0. 632 0. 628 0. 623 
Z N. A. C. A. hood_ . 680 . 668 . 658 . 648 . 640 . 637 . 632 
cd Ring 3, position 2__ . 673 . 661 . 650 . 641 . 636 .031 . 629 

Variable ring —8°__ . 675 . 660 . 648 . 639 . 630 . 624 . 620 
N. 4. C. A cowling.. . .667 .651 .639 .631 .625 .621 .621 

Nacelle position A-l-B, unfaired 

. 
Exposed cylinders_ 0. 691 0. 668 0. 652 0. 642 0. 63S 0. 633 Z N. A. C. A. hood..... .663 .656 . 650 .644 l . 640 .639 . 638 | 

cd Ring 3, position 2_ .678 .660 .651 . 645 .638 .634 .629 

Nacelle position A-2-B 

Exposed cylinders_ 0. 606 0. 608 0. 610 0. 612 0. 616 0. 618 0. 620 £ N. A. C. A. hood... . 638 . 625 . 619 . 616 . 615 . 617 . 619 
cd Ring 3, position 2__ _ . 609 . 613 . 618 .620 . 621 . 621 .620 

Variable rine —8° _ _ _ _ .621 . 620 .620 .620 . 619 . 618 . 617 
N. A. O. A. cowlinc ___ _ __ .618 .616 .614 .614 .614 .614 . 614 



NACELLE COMBINATIONS IN VARIOUS POSITIONS WITH REFERENCE TO WINGS 

TABLE VII—LIFT COEFFICIENT WITH PROPELLER OPERATING—Continued 

Propeller No. 4412—4 feet. Set 17° at 0.75 H. Angle of attack =+10° 

Type of nacelle 

V_ 
n D 

0.1 ) 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

-2 
% o 
03 
a 

2 
§ 

CO 
N. J 

Exposed cylinders...,... 
N. A. C. A. iiood-- 
Ring 3, position 2- 
Ring 3, position 3-- 
Ring 1, position 2... 
Ring 1, position 3... 
Variable ring —8°.—-- 

1.033 
1.075 
1.023 
1.027 
1.035 
1.030 
.990 

1.020 

0.981 
.985 
.978 
.975 
.978 
.970 
.950 
.983 

0.941 
.936 
.943 
.938 
. 943 
.932 
.921 
.952 

0.912 
.912 
.918 
.912 
.918 
.907 
.898 
.930 

0. 890 
.902 
.900 
.894 
.900 
.890 
.882 
.916 

0. 874 
.897 
.887 
.882 
.888 
.880 
.869 
.905 

0.861 
.891 
.878 
.873 
.880 
.870 
.860 
.899 

Nacelle position B, with side brackets 

1 ^ 

1.030 
1.035 
1.020 

0.950 
.981 
.967 

0.887 
.944 
.935 

0.839 
. 919 
.915 

0. 807 
.901 
.900 

0. 782 
.891 
.887 

0.764 
.888 
. 877 N. A. C. A. hood--- 

Ring 3, position 2... 

Nacelle position B-l-A, faired into wing 

& 
03 

N. 

Exposed cylinders-_ __ _ 1.022 
1.045 
1.032 
1.020 
1.032 

0. 964 
.982 
.976 
.970 
.990 

0.919 
.941 
.936 
.937 
.959 

0. 888 
.918 
.910 
.916 
.935 

0.863 
. 900 
.892 
.900 
.917 

0.847 
.889 
.880 
.890 
.902 

0.835 
.883 
.870 
.880 
.893 

\. A. c. A. hood_ 
Ring 3, position 2.-- 
Variable ring —8°... 

Nacelle position B-l-A, unfaired 

1.040 0.953 0.898 0.861 0.837 0. 821 0.811 

Nacelle position A-l-B, faired into wing 

0. 971 0.940 0.918 0.902 0.890 0.883 0.879 
. 960 .935 .918 . 903 .891 .881 .871 
.961 .933 . 913 . 898 .887 .878 . 870 

CO .990 .945 .913 . 890 .875 . 865 .860 

N. . .975 .942 .918 . 901 .890 .880 . 872 

Nacelle position A-l-B, unfaired 

£ 
m 

Exposed cylinders--- 
N. A. C. A. hood..... 

0,958 
. 973 
.990 

0.935 
.940 
.946 

0.919 
.916 
.916 

0. 907 
.897 
.900 

0.898 
.885 
.890 

0.890 
.877 
.883 

0.883 
. 870 
.879 

Nacelle position A-2-B 

£ 
ai 

N. 1 

0. 912 
.919 
.881 
.920 
.877 

0.893 
.906 
.882 
.900 
.873 

0. 881 
.896 
.882 
.886 
.871 

0.875 
.888 
.881 
.878 
.868 

0. 872 
.880 
. 877 
.872 
.865 

0.872 
. 875 
.871 
.870 
.863 

0.873 
.872 
.865 
. 869 
.860 

N. A. C. A. hood__- 
Ring 3, position 2--- 
Variable ring —8°.. 
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TABLE VIII 

MOMENT COEFFICIENT WITH PROPELLER OPERATING 

= MP 
°mp qSc 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = -5° 

Type of nacelle 

> 
V 

n D 

0.1 0.2 0.3 
1 

1 
0.4 0.5 0.6 0.7 

i 
0.8 

1 
0.9 1.0 

Nacelle position B, side brackets removed 

Exposed cylinders.. -0. 113 -0.098 -0. 088 -0. 084 -0. 080 — 0. 076 —0. 076 cu N. A. C. A. hood.. -. 116 -.097 -. 088 —. 084 -. 081 -.079 -.077 & Riug 3, position 2 - Ill —. 098 — 089 -. 084 -. 080 —. 079 -.077 
—. 077 Ring 3, position 3___ -. 113 -. 098 -. 088 —. 085 -.082 -. 079 

13 Ring 1, position 2_ -. 116 -. 098 -. 089 -. 085 —.081 —.079 —. 076 a Ring l, position 3.. —. 114 —. 098 -. 089 —. 085 -.081 —. 078 -.076 cn 
Variable ring —8°___ —. 107 —.095 -.086 -.080 -. 078 -.075 —. 075 

N. 1 t. C. A. cowling.____ -. 099 -.092 -.087 -.083 -.080 -.077 —. 075 

Nacelle position B, with side brackets 

Exposed cylinders... -0. 101 -0. 091 -0. 085 -0. 080 -0. 077 —0. 075 —0. 074 z N. A. C. A. hood... _ _ . -. 113 -.097 -.087 -.083 -. 080 —.078 —.077 
CO Ring 3, position 2 107 -. 095 -.089 -.085 -.081 -. 079 -.077 

Nacelle position B-l- ■A, faired into wing 

. 
Exposed cylinders.. -0.122 -0.098 -0. 083 —0. 074 -0.068 —0. 064 —0. 060 z N. A. C. A. hood_ . _.... -. 124 -. 102 -. 086 —. 075 -.068 -.063 -.060 

GO Ring 3, position 2_ _ 
Variable ring —8° __ -. 131 —. 100 -. 083 -.072 -.065 -. 061 -.060 

N. 1 I. C. A. cowling.. -. 156 -. 112 -.090 -.078 -.070 -.066 -.064 

Nacelle position B-l-A, unfaired 

N. A. O. A. enwlintr_- _ - __ _ -0. 120 -0. 097 -0.080 -0. 069 -0. 062 -0. 059 -0.055 

■ Nacelle position A- -1-B, faired into wing 

Z Exposed cylinders.... -0. 050 -0. 062 —0.065 — 0. 068 — 0. 069 —0. 070 
N. A. C. A. hood_ -. 061 -.073 -.080 -.082 -.084 -.085 —.085 

co* Ring 3, position 2 ... -.079 -. 083 -. 085 —. 089 —.090 -.092 — .094 
Variable ring —8°... -.070 -.075 -. 078 —.080 —.081 -.083 -.085 

N. A l. C. A. cowling_ .. _ ... -.078 -.082 -.085 -. 085 -.086 -.086 -.085 

Nacelle position A-l-B, unfaired 

. 
Exposed cylinders. .. -0. 064 -0. 068 -0. 070 —0. 072 —0. 074 -0. 074 —0. 074 z N. A. C. A. hood_ -.060 -.068 -.074 -.077 -.080 -. 080 -.080 

co Rinc 3. nosition 2 . -.069 —. 075 -.079 -.082 -.085 —. 085 -.086 

Nacelle position A-2-B 

Exposed cylinders__ _ -0. 039 -0. 051 -0. 061 -0.068 -0. 073 -0. 075 -0. 078 z N. A. C. A. hood__ -.026 -.046 -.061 -.070 -.077 -.080 -.082 
CO Ring 3, position 2 _ . 

Variable rine —8° -.031 —. 0.50 —.063 —. 073 -.079 —.083 -.085 
N. A , 0. A. cowling. _ -.025 —.048 -.062 -.068 -.074 -.077 -.080 

1 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING—Continued 

r _MP 
°mP qSc 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack—0° 

Type of nacelle 
n 

V 
D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

<D 
Exposed cylinders.. _ —0. 097 —0. 084 -0. 075 —0. 070 —0.068 —0. 065 -0. 064 

-.064 
-.061 
-.064 
—. 065 

0> o N. A. C. A. Hood_ —. 097 —. 084 -. 075 —. 070 —. 066 —. 065 cs Ring 3, position 2_ —. 100 -.083 —. 073 —. 068 —. 065 -.063 
—. 065 Ring 3, position 3..... —. 093 —. 081 —.074 —.070 —. 067 

'c? Ring 1, position 2... ... -.092 —.080 -. 073 —. 070 -.068 —. 066 
a Ring 1, position 3__ —. 095 —. 082 —. 074 —. 070 -.067 -.064 —.062 

CO Variable ring —8° _ _ —. 095 —.080 -.071 —. 067 —. 064 —. 062 —. 060 
N. A. C. A. Cowling _ _ -.085 -.077 -.072 -.069 -. 065 -.065 -.063 

Nacelle position B, with side brackets 

fc’ 

CO 

Exposed cylinders... _ -0.096 
-.096 
-.095 

—0.084 
-.084 
-.083 

-0. 075 
-.076 
—. 075 

-0. 070 
-.070 
-.068 

-0.065 
-. 066 
-.065 

-0.063 
-.065 
-.062 

-0.061 
-.064 
-.061 

N. A. C. A. Hood...__ 
Ring 3, position 2_ 

Nacelle position B-l-A, faired into wing 

z 

CO 

N. 1 

Exposed cylinders. .. _ _ -0.112 
-.117 
-.114 
-. 120 
-.080 

-0.091 
-.089 
-.089 
-.091 
-.062 

-0. 076 
-.073 
-. 072 
-.072 
-.051 

-0.065 
-.061 
-.061 
-.061 
-.045 

-0. 057 
-.055 
-.054 
-. 053 
-. 040 

-0. 052 
-.050 
-. 050 
-. 050 
-. 035 

-0.049 
-.045 
-.050 
-.050 
-.030 

N. A. C. A. Hood_ 
Ring 3, position 2_ 
Variable ring —8°_ 

I. C. A. Cowling_ 

Nacelle position B-l-A, unfaired 

N. A. C. A. Cowling_ __ -0. 100 -0. 080 -0.067 -0. 058 -0. 053 -0. 049 -0. 046 

Nacelle position A-l-B, faired into wing 

Exposed cylinders. .... —0. 055 -0.063 -0. 068 -0. 070 -0.072 —0. 073 -0. 073 
N. A. C. A. Hood. _ -.0.58 -.068 —. 075 —. 077 -.078 -.079 —. 080 

cd Ring 3, position 2.. -.075 -.077 -.078 -.080 —. 080 -.081 -.082 
Variable ring—8°_ . ... ... —.063 -. 069 -.074 -. 077 -. 080 -.081 -.082 

N. 1 L C. A. Cowling .. _ . ___ -.070 -.073 -.076 -.078 -.080 -.080 -. 080 

Nacelle position A-l-B, unfaired 

Z Exposed cylinders _ ..._ -0. 050 -0.058 -0. 06.5 -0. 074 -0. 073 -0. 075 -0. 075 
N.A. C. A. nood _ -. 0.54. -.063 -.070 -.072 -. 074 -. 073 -.072 

CO Ring 3, position 2.__ _ -.047 -.064 -. 072 -.075 -.077 -.079 -.079 

Nacelle position A-2-B 

Exposed cylinders_ .... . -0.023 -0. 040 -0. 054 -0.063 -0.070 —0. 075 -0. 076 A N.A. C. A. Hood_ -.021 -. 039 -.053 -.062 -.068 -.072 —. 075 
CO Ring 3, position 2_ -.017 -.040 -. 056 -.066 -.070 -.074 —. 075 

Variable ring —8° -.011 -.042 —. 057 -.065 -.070 -.074 — .076 
N. i L C. A. Cowling __ __ __ . -.030 -. 045 -. 057 065 -.071 -.075 -.078 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING—Continued 

r =MP 

L'mp qSc 

Propeller No. 4412—4 feet. Set 17° at 0. 75 R. Angle of attack = +5° 

Type of nacelle 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

© 
Exposed cylinders —0.092 —0.077 —0. 067 —0. 062 —0 059 —0 055 o> o N. A. C. A. hood . _ _ —. 100 —. 073 —.063 —.059 —. 056 -.054 —. 054 ca 
Ring 3, position 2__ —.092 —.073 —. 063 —.058 - 055 -.054 — 052 
Ring 3, position 3. . _ __ —. 085 —. 072 —. 063 —.057 — 055 -. 051 — 050 
Ring 1, position 2 __-_- —. 082 — 072 -.065 — 060 — 058 — 056 — 055 

a Ring 1, position 3..- -. 105 —. 080 —. 066 —. 060 —. 056 -.053 -. 051 
Variable ring—8°.- _ -- —. 094 —.073 -.062 —. 057 - 055 —. 053 — 052 

N. .• C. A. newline 071 -. 066 -.062 -. 060 -.057 -.055 -.055 

Nacelle position B, with side brackets 

Exposed cylinders.-__ -0. 083 -0. 070 -0. 062 -0. 056 -0. 054 -0. 052 1 P
 

P
 

£5 N. A. C. A. hood_-_-_ -. 083 —.071 -. 065 —.060 — 056 —.053 — 051 
Ring 3, position 2_ _ -.083 -. 068 -. 060 -. 057 -.055 -.052 -.050 

Nacelle position B-l-A, faired into wing 

Exposed cylinders_ -0.118 -0. 088 -0. 070 -0. 060 —0. 054 -0. 050 -0. 049 
£ N. A. C. A. hood... —. 109 —. 081 —. 065 —. 049 —. 045 —. 041 
CO Ring 3, position 2 __ —. 100 — 078 -.062 —. 052 — 045 —. 040 —. 038 

Variable ring —8° - -.. —. 115 -.084 —. 065 —. 054 —.047 —. 045 -. 045 
N. i Y C. A. cowling ... - -.098 -.077 -.061 -.050 —.043 -.038 -.036 

Nacelle position B-l-A, unfaired 

N. A. C. A. nowline... _ _ _ -0. 091 -0. 076 -0. 065 -0. 057 -0. 050 -0. 047 -0. 045 

Nacelle position A- 1-B, faired into wing 

& 
Exposed cylinders __ —0. 057 —0. 064 -0. 068 —0. 070 —0. 073 —0. 075 
N. A. C. A. hood —. 057 —. 066 —.072 —. 075 —. 075 —.075 — 076 

CO* Ring 3, position 2 _ . —. 070 -. 073 -.075 —. 075 —. 075 —. 075 -. 074 
Variable ring—8°__ _ —. 064 -.070 —. 074 —.076 —.078 —. 079 —. 078 

N. 1 C. A. cowling -- - __ -. 066 -.070 -. 072 -.075 -. 075 -. 075 -.074 

Nacelle position A-l-B, unfaired 

. 
Exposed cylinders __ -0. 058 —0. 062 —0. 065 -0. 069 -0. 070 —0.072 -0. 072 

£ N. A. C. A. hood_ _ —. 060 - 065 —.067 —.070 —. 070 —.070 —.071 
CO Ring 3, position 2__ _ -. 064 -. 069 -.072 -. 075 075 -.075 -.075 

Nacelle position A-2- B 

Exposed cylinders - __ -0. 021 -0. 040 —0. 055 —0. 065 -0. 070 -0. 074 -0. 075 
N. A. C. A. hood--. -.017 —. 038 -.053 -. 062 —. 068 -.070 —.072 

m Ring 3, position 2___ —. 006 —. 037 —. 055 -.063 -.067 -.070 -.073 
Variable ring —8° . _ . _ —.004 -. 040 —.057 -. 064 -.068 -.071 -. 073 

N. 7 1. C. A. cowling_ _ - - -.012 -.042 -.057 -.062 -. 065 -.068 -.068 
£ 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING—Continued 

r 
qSc 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack= + 10° 

691 

Type of nacelle 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 j 0.7 J 0.8 0.9 1.0 

Nacelle position B, side brackets removed 

S
' 

S
m

al
l 

n
ac

el
le

 

-
-
-

 

-0.092 
109 

-.086 
-.069 
-.075 
-.078 
-.081 
-.074 

-0. 077 
-.071 
-.067 
-.063 
-.065 
-'. 067 
-.066 
-.065 

-0. 067 
-.060 
-.057 
-. 058 
-.060 
-.059 
-.057 
-.059 

-0.060 
-. 057 
-.052 
-.055 
-.055 
—. 055 
-.051 
-.055 

-0.056 : 
-.055 1 
-.050 
-.052 
-.055 
-.051 
-.049 
-.052 

-0. 054 
-.054 
-.059 
-.051 
-.054 
-.050 
-.048 
-.051 

-0.053 
-.054 
-.050 
-.050 
-.053 
-.051 
-.046 
-.050 

Nacelle position B, with side brackets 

S
. 

N
. 

j 

1 
-0.072 
-.083 
-.073 

-0. 065 
-.063 
-060 

-0.060 
-. 056 
-.053 

-0.057 
-.054 
-.050 

-0.055 
-.052 
-.048 

-0. 054 
-.051 
-.047 

-0. 053 
-.050 1 
-.046 

Nacelle position B-l-A, faired into wing 

A 
m 

-0.103 
-. 113 
-. 112 
-.089 
-.093 

-0. 080 
-.079 
-.076 
-.070 
-.074 

-0.065 
-.061 
-.058 
-.058 
-.060 

-0.055 
-.050 
-.049 
—.049 
-.051 

-0.048 
-.044 
-.044 
-.043 
-.045 

-0.045 
-.041 
-.042 
-. 040 
-.042 

-0.043 
-.042 
-.043 
~. 039 
-.042 

N. 1 

Nacelle position B-l-A, unfaired 

N. i -0.085 j -0.073 -0. 065 -0.060 -0.055 -0.053 -0.052 

Nacelle position A-l-B, faired into wing 

£ 
-0.057 
-.050 

-0. 065 
-.063 

-0. 070 
-.070 

-0.073 
-.072 

-0.075 
-.074 

-0. 075 
-. 074 

-0.074 
-.074 
-.075 
-.084 
-.075 

XT A P. A hnnfi 
1 co 

TsT 

-.072 
-.077 
-.069 

-.074 
-.080 
-.071 

-.075 
-.080 
-.074 

-.075 
-.080 
-.075 

—. 075 
-.081 
-.075 

—. 075 
-.083 
-.075 

Nacelle position A-l-B, unfaired 

A 
-0. 062 
-.060 

-0. 065 
-.065 

-0.069 
-.067 

-0.070 
-.070 

-0. 072 
-.070 

-0. 074 
-.070 

-0.074 
-.071 
-.074 XT A P A hnnri 

U1 -.065 -.070 -.072 -.074 | —.074 —. 074 

Nacelle position A-2-B 

CQ 

XT 

-0. 020 
-.018 
-.011 

-0. 040 
-.038 
-.038 

-0. 055 
-.051 
-.055 

-0. 065 
-.061 
-.064 

-0. 070 
-.067 
-.068 

-0.074 
-.070 
-.070 
-.071 
-.070 

—0.075 
-.073 
-.073 
-.075 
-. 070 

-.020 
-.008 

-.041 
-.040 

-.055 
-.057 

-.062 
-.063 

—. 067 
-.066 
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TABLE IN 

RELATIVE MERITS OF VARIOUS COWLINGS FOR DIFFERENT NACELLE LOCATIONS 

HIGH AND CRUISING SPEED CONDITION 

V 
Propeller No. 4412—4 feet. Set 17° at 0.75 R. —==0.65 Cz=0.409 

1 Nacelle location _ - B 1 B B-l-A 2 B-l-A A-l-B 2 A-l-B A-2-B 

Propulsive efficiency (17) 

Exposed cylinders. 
N. A. C. A. hood 
Ring 3, Position 2. 
Ring 3, position 3. 
Ring 1, position 2. 
Ring 1, position 3. 
Variable ring —8°. 

N. A. C. A. cowling_ 

0. 778 
. 750 
.806 
.794 
. 845 
.848 
. 788 
.761 

0. 770 
. 767 
.794 

0. 780 
.754 
.804 

.783 

. 732 0.719 

0. 750 
736 

.760 

708 
719 

0. 755 
.730 
.743 

0. 871 
.781 
.822 

798 
770 

Nacelle drag efficiency factor (N. D. F.) 

© 

O ~Z 
a 

3 
U1 

Exposed cylinders__ 0.1750 
.0775 
. 1740 
. 1725 
.2615 
.3085 
. 1210 

.0095 

0. 2060 
. 1050 
. 1670 

0. 2555 
. 1183 
. 1970 

0. 2925 
. 2055 
.2422 

0.2930 
. 2535 
.2787 

0. 3945 
.2605 
.2615 

N. A. C. A. hood 
Ring 3, position 2____ 
Ring 3, position 3___ 
Ring 1, position 2_ 
Ring 1, position 3.. _ ... 
Variable Ring —8°___ .1785 

.0724 
.2095 
.0792 

. 2675 

. 1612 N.} 1. C. A. cowling.. . .. 0.2801 

Net efficiency (y-N. D F) 

© 
Exposed cylinders.___ 0. 603 0. 564 0.525 0. 458 0. 462 0.477 © N. A. C. A. hood__ .673 . 662 .636 .531 .521 
Ring 3, position 2. _ _ .632 .627 .607 .518 . 464 .561 

, Ring 3, position 3.. .622 
Ring 1, position 2_ . 584 

3 Ring l’ Position 3_ .540 CO 
Variable ring —8°__ . 667 . 605 .499 . 531 

N. 1 1. C. A. cowling_ _ . .752 .660 0. 439 . 640 . 609 

1 Side brackets removed. 

RELATIVE MERITS OF VARIOUS 

2 Faired into wing. 

TABLE X 

COWLINGS FOR DIFFERENT NACELLE LOCATIONS 

CLIMBING CONDITION 

Propeller No. 4412, 4 feet. Set 17° at 0.75 R. ^=0.42. Ct=0.652 

Nacelle location. B 1 B B-l-A * B-l-A A-l-B 2 A-l-B A-2-B 

Propulsive efficiency (>?) 

© 
o 
a 

m 

N. 

Exp. cylinders... 
N. A. C. A. hood. 
Ring 3, position 2 
Ring 3, position 3 
Ring 1, position 2 
Ring 1, position 3 
Var. ring —8°_ 
. C. A. cowling_ 

0. 622 
.624 
.633 
.618 
.640 
.650 
. 640 
.635 

0. 623 
.630 
.624 

0. 605 
.607 
.633 

.620 

.621 0.611 

0.633 
.605 
.627 

0. 60S 
.582 
.603 

0. 678 
.650 
.650 

.608 

.618 
.660 
.647 

Nacelle drag efficiency factor (N. D. F.) 

Exp. Cylinders 
N. A. C. A. hood- 
Ring 3, position 2. 
Ring 3, position 3. 
Ring 1, position 2. 
Ring 1, position 3. 
Var. ring —8°. 

N. A. C. A. cowling_ 

-0. 0126 
-. 0465 
-. 0295 
-. 0207 

.0105 
-.0041 
-.0378 
-.0361 

-0.0314 
-. 0336 
-.0126 

-0. 0082 
-. 0326 
-. 0268 

0. 0252 
-.0022 

.0125 

0. 0144 
.0165 
.0165 

0.0708 
.0358 
.0598 

-.0083 
-.0127 

.0020 
-.0021 

.0485 

.0311 0.0322 

Net efficiency (77—N. D. F.) 

0. 654 
.664 
.637 

0.612 
.640 
.660 

.628 

.634 

© 
© 
GS 
n 

Exp. cylinders_ 
N. A. C. A. hood. 
Ring 3, position 2. 
Ring 3, position 3. 
Ring 1, position 2. 
Ring I, position 3. 
Var. ring —8°. 

A. C. A. cowling_ 

0.635 
.670 
.662 
.639 
.630 
.654 
.678 
.671 0. 579 

0. 608 
.607 
.615 

.606 

.620 

0. 594 
.566 
.588 

0. 607 
.614 
.590 

.612 

.616 

1 Side brackets removed. 2 Faired into wing. 
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THE EFFECT OF AREA AND ASPECT RATIO ON THE YAWING MOMENTS OF 
RUDDERS AT LARGE ANGLES OF PITCH ON THREE FUSELAGES 

By Hugh L. Dryden and B. H. Monish 

SUMMARY 

In view of the 'paucity of data on the effect of systematic 
changes in the vertical tail surfaces, measurements have 
been made of the yawing moments produced by rudder \ 
displacement for seven rudders mounted on each of three 
fuselages at angles of pitch of 0°, 8°, 12°, 20°, 30° and 
40°. The dimensions of the rudders were selected, to 
cover the range of areas and aspect ratios commonly used, 
while the ratios of rudder area to fin area and of rudder 
chord to fin chord were kept approximately constant. 

An important result of the measurements is to show 
that increased aspect ratio gives increased yawing mo- j 
merits for a given area, provided the maximum rudder 
displacement does not exceed, say, 25°. If large rudder 
displacements are used, the effect of aspect ratio is not so 

great. 
The work was conducted at the Bureau of Standards 

in cooperation with the Aeronautics Branch of the De¬ 
partment of Commerce and the National Advisory Com¬ 

mittee for Aeronautics. 

INTRODUCTION 

Previous studies of the effectiveness of rudders have 

usually been made in connection with the design of a 

particular airplane. By the method of trial and error, 

an arrangement of the vertical surfaces is found which 

gives a satisfactory yawing moment for a given angular 

displacement of the rudder as judged by comparison 

with measurements on models of airplanes whose rud¬ 

der control is knowm to be satisfactory. Such measure¬ 

ments do not readily lend themselves to analysis or to 

the determination of the influence of the several fac¬ 

tors, such as the area and aspect ratio of the vertical 

tail surfaces, on the magnitude of the yawing moments. 

The present investigation represents a beginning at 

least of a systematic study of the effect of the area 

and the aspect ratio of the vertical surfaces, of the 

angle of pitch, and of the shape of the fuselage on the 

yawing moments produced by rudder displacement. 

DESCRIPTION OF APPARATUS AND MODELS 

Wing.—The model is a monoplane and is of wooden 

construction. The wing is rectangular in plan form, 

having a chord of 10 inches and a span of 60 inches. 

The profile and coordinates of the wing section (the 

Clark Y) are given in Figure 1. 

Fuselages.—Three different fuselage shapes were 

used, designated as open flat deck, open round deck 

and cabin. The shapes and dimensions are shown in 

Figures 2, 3, and 4. The open flat deck and open 

round deck fuselages differ only in the shape of the 

upper part of the fuselage aft of the front cockpit. 

The length of the fuselage is 65 per cent of the wing 

span. The location of the wing was determined to 

satisfy the following relations: (1) the center of grav¬ 

ity to be 50 per cent of the wing span forward of the 

rear end of the fuselage (which was to be the rudder 

axis); (2) the center of gravity to be at a distance 

Figure 1.—Dimensions of Clark Y wing section 

equal to 25 per cent of the wing chord aft of the lead¬ 

ing edge of the wing; (3) the leading edge of the wing 

to be 35 per cent of the chord above the top of the 

fuselage; (4) the angle of incidence of the wing to the 

axis of the fuselage to be 4°. The position of the cen¬ 

ter of gravity is indicated in Figures 2, 3, and 4 at C. 

The cabin fuselage is a little shorter but all of the 

above conditions were satisfied except (3). Instead of 

relation (3), the chord of the wing was placed in coin¬ 

cidence with the upper deck of the cabin fuselage. 

Horizontal tail surfaces.—The area of the horizontal 

tail surfaces was chosen equal to 15 per cent of the 

wing area, and the chord as 50 per cent of the wing 

chord. The span was adjusted to permit a cut-out to 

give clearance for rudder displacements of 44°. A 

rectangular plan form was used and the angle of inci- 
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clence to the fuselage axis was made 0°. The dimen¬ 

sions and arrangement are shown in Figure 5. 

Rudders.—To decrease the number of independent 

variables, the plan form of rudder and fin was made 

rectangular, the rudder hinge was located at the rear 

end of the fuselage, the bottom of the rudder was set 

at the bottom of the fuselage, and the top edge of 

the rudder was placed in line with the top edge of the 

fin. In addition, an attempt was made to keep the 

ratio of the area of the rudder to the area of the fin 

constant and equal to 2.0 and the ratio of the chord 

of the rudder to the chord of the fin constant and 

equal to 1.14, these values being selected after a study 

of the designs of present-day airplanes. 

The airfoil sections of the several rudder and fin 

groups were also maintained geometrically similar so j 

far as possible. The section adopted is an arbitrary 

one, having a thickness ratio of approximately 0.050 

and built up of flat surfaces with a rounded nose. 

The radius of curvature of the nose is approximately 

one-fourth the maximum thickness of 0.0125 times the 

chord. The maximum thickness is reached at one- 

third the chord. The forward part of the section is 

wedge-shaped; from one-third the chord to the rudder 

hinge, the thickness is constant; while the rudder itself 

is wedge-shaped, tapering to a sharp trailing edge. 

The surfaces were made of wood to an accuracy of 0.01 

inch. 

The primary variables were intended to be the area 

of the rudder, which was to vary from 2 to 6 per cent 

of the wing area, and the aspect ratio of the fin and 

rudder group, which was to vary from 0.75 to 2.5. 

In accordance with the most recently approved defini¬ 

tion (reference 2) the area of the vertical fin contained 

within the fuselage is not included in the fin area. 

Seven models were originally selected, divided into 

two groups, a constant area group and a constant aspect 

ratio group. Later an eighth model was interpolated 

to study the effect of variation of the ratio of the chord 

of the rudder to the chord of the fin. 

The dimensions of the eight rudders are given in 

Figure 5 and certain additional data is assembled in 

Table I. Aspect ratio is defined as the ratio of the 

square of the span (dimension B) to the area of rudder 

and fin (excluding the part within the fuselage). 

Area ratio when used without qualification is under¬ 

stood to be the ratio of the area of rudder and fin to the 

wing area. 

TABLE I 

DIMENSIONS AND RELATED DATA ON THE MODEL RUDDERS 

Rudder 
No. 

Span of 
rudder 
inches 

Chord of 
rudder 
inches 

Chord of 
fin 

inches 

Area of 
rudder 
square 
inches 

Area of 
fin 

square 
inches 

Area of 
rudder 
and fin 
square 
inches 

Aspect 
ratio 

Area of rudder and fin Area of rudder Area of rudder Chord of rudder 
Area i alio <• 

Wing area Wing area Area of fin Chord of fin 

i_ 4. 74 4.50 5.00 21.33 7.81 29.14 0. 77 0.0486 0.0356 2.73 0. 900 
2_ 6. 12 3.33 3.08 20.38 9.24 29. 62 1.26 .0494 .0340 2.21 1.081 
3_ 7. 25 2.76 2.42 20.00 10.10 30.10 1.75 . 0502 .0333 1.98 1.140 
4_ 8.66 2. 25 1.86 19.49 10.37 29.86 2. 51 .0498 .0325 1.88 1.209 
4 A_ 8. 66 2. 25 2.50 19.49 13.94 33.43 2. 24 .0555 .0325 1.40 .900 
5- _ 5. 62 2.14 1.88 12. 03 4.80 16.83 1.88 .0280 .0201 2.51 1.138 
6_ 8.57 3.26 2.87 27. 92 15. 73 43.65 1.68 . 0728 .0465 1.77 1.135 
7_ 9.73 3. 70 3. 25 36.00 19.50 57.50 1.65 .0958 .0600 1.85 1.138 

It will be observed that because of conflicting re¬ 

quirements it was not possible to secure an exact 

constancy of all variables but one. In the variable 

aspect ratio group including rudders 1, 2, 3, and 4, the 

area ratio varies from 0.0486 to 0.0502, the ratio of 

rudder area to fin area from 1.88 to 2.73, the ratio of 

rudder chord to fin chord from 0.900 to 1.209. In 

rudder 4A, the ratio of rudder chord to fin chord was 

made 0.900 to agree with that for rudder 1, but the 

area ratio was necessarily increased to 0.0555 and 

the ratio of rudder area to fin area was reduced to 1.40. 

In the variable area group, rudders 3, 5, 6, and 7, the 

aspect ratio varies from 1.65 to 1.88, the ratio of 

rudder area to fin area from 1.77 to 2.51, and the ratio 

of rudder chord to fin chord from 1.135 to 1.140. In 

both groups there are small variations in the airfoil 

section, the thickness ratio varying from 0.046 to 

0.051 and the position of the maximum ordinate from 

32 to 39 per cent of the chord. Except for rudders 1 

and 4A, the variations are negligible, and are within 

the accuracy of construction of the models. The 

models selected therefore represent compromises, and 

the effects of the shape of the airfoil section, the ratio 

of rudder area to fin area, and of rudder chord to fin 

chord are not completely eliminated. 
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The rudders were hinged to the fins as shown in 

Figure 6. A brass plate on the end of the vertical fin 

and cut to the shape of the fin cross section carried a 

steel pivot which engaged a socket in a brass plate 

fastened to the rudder. The gap between the rudder 

and fin was sealed with a thin layer of petroleum jelly. 

Wires running from the trailing edge of the rudder 

were fastened to the horizontal tail surface to hold 

Figure 3.—Open round deck fuselage 

the rudder at any desired angle. The settings to the 

desired angles were made by the aid of metal tem¬ 

plates. These settings were made with respect to 

the fixed surface, which had been aligned with the 

axis of the model. The axis of the model was set at 

the desired angle of pitch and at 0° yaw with respect 

to the wind by means of reference lines determined in 

previous tests by the usual methods, i. e., from results 

obtained on airfoils in the normal and inverted posi¬ 

tions and from yawmeter readings. 

Wind tunnel and balance arrangement.—The meas¬ 

urements were made in the 10-foot wind tunnel of 

the Bureau of Standards, which has been described in 

reference 1. The model was mounted with the leading 

edge of the wing vertical on a mast extending from 

the tunnel wall as shown in Figure 7. On the end of 

the mast and contained within a housing inserted in 

the fuselage at the intended center of gravity position 

149900—33-45 

was a joint designed to give free motion in yaw about 

an axis perpendicular to the axis of the fuselage and 

in the plane of symmetry of the model, i. e., about a 

“body” axis. No motion in roll was permitted, but 

the angle of pitch could be varied and the model 

locked at any desired angle of pitch. The yawing 

moment was balanced by the tension in a vertical 

Rud- Rudder dimensions 
der B C D E F G H 

I 4. 74 9.50 5 00 4.50 3.00 0.23 0.45 
2 6. 12 6.4/ 3.08 3.33 2/4 0. 16 0.32 
3 7.25 5. 18 242 2 76 1.75 0.13 0.26 
4 6.66 4. II 1.86 2.25 1.38 0.10 0.21 
4A 8.66 4.75 2.50 2.25 1.86 o.n 0.22 
5 5.62 4.02 1.98 2.14 1.33 0. 10 0.20 
6 8.57 6.13 2.87 3.26 2.04 0. 15 0.30 
7 9.73 6.95 3.25 3. 70 2.31 o. n 0.35 

Figure 5.—Dimensions and arrangement of tail surfaces 

wire running from a point on the fuselage near the 

tail to a balance of the pendulum type. A counter¬ 

weight was used when necessary to maintain tension 

in the wire. The drag force on the wire tended to 

bow the wire and thus change the angle of yaw. This 

'"End plate X Socket plate 
'Pivot 

Figure 6.—Method of hinging rudders 

effect and the similar change caused by motion of 

the pan of the balance was eliminated by adjusting a 

turnbuckle in the wire to keep the tail of the model 

in a fixed position, determined by sighting a mark on 

the tail through a fixed telescope. 
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REDUCTION OF OBSERVATIONS 

Observations were made of the balance readings 

with each rudder set at 0°, 8°, 16°, 24°, 32°, and 44° 

to the left and also to the right, the model remaining 

Figure 7.—Balance arrangement for measurements of yawing moment 

at 0° yaw, for wind speeds of 40, 58.7, and 80 feet 

per second (27.3, 40, and 54.5 miles per hour) and for 

angles of pitch of 0°, 8°, 12°, 20°, 30°, and 40°. The 

mean of the readings with rudder to the right and to 

CN — 
N 

<lJ s 

* 

where 

CV—absolute yawing moment coefficient 

N—yawing moment due to a given rudder dis¬ 

placement in pounds-feet 

q —velocity pressure = )(pF2 = 0.001189 V2 
V —wind speed in feet per second 

p —the density of air, i. e., 0.002378 slugs per 

cubic foot at 15° C. and 760 mm pressure 

.06 

O 5° 10° 15° 20° 25° 30° 35° 40° 
Pitch angle 

Figure 10.—Yawing moment coefficients for rudder No. 3 (aspect ratio 1.75, 
area ratio 0.0502) on open flat deck fuselage. (Angles marked on curves are 
rudder angles) 

S —wing area in square feet (chord length X 
span) 

j —the distance in feet from the center of rota¬ 

tion of the model to the hinge line of the 

rudder (30 inches for the models used. 

See figs. 2, 3, and 4). 

Figure 8.—Yawing moment coefficients for rudder No. 1 (aspect ratio 0.77, 
area ratio 0.0486) on open flat deck fuselage. (Angles marked on curves 
are rudder angles) 

the left was used to compute the mean yawing moment 

produced by the given rudder displacement, a pro¬ 

cedure which greatly reduces errors due to lack of 

symmetry and faulty alignment with the wind. The 

Figure 11.—Yawing moment coefficients for rudder No. 4 (aspect ratio 2.51, 
area ratio 0.0498) on open flat deck fuselage. (Angles marked on curves 
are rudder angles) 

Moments tending to move the right wing tip to the 

rear as viewed from the pilot’s seat are positive. 

Displacement of the rear edge of the rudder toward 

the right wing tip gives positive moments. The 

Figure 9.—Yawing moment coefficients for rudder No. 2 (aspect ratio 1.26, 
area ratio 0.0494) on open flat deck fuselage. (Angles marked on curves are 
rudder angles) 

Figure 12.—Yawing moment coefficients for rudder No. 5 (aspect ratio 1.88, 
area ratio 0.0280) on open flat deck fuselage. (Angles marked on curves 
are rudder angles) 

values given are averages for right and left displace¬ 

ments. 

* Note that / is used instead of the span, b. The coefficient, C„ recently adopted 
by the N. A. C. A. is equal for this model to \<i CV. 

results were then reduced to the usual dimensionless 

coefficients in accordance with the relation 
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Since the scale effect was small as shown by the ab¬ 

sence of systematic variation of CN with speed, the 

values for the three speeds were plotted and a faired 

curve drawn through all the points. Values from the 

faired curves are plotted in Figures 8 to 29 inclusive. 

Figure 13.—Yawing moment coefficients for rudder No. 6 (aspect ratio 1.68, 
area ratio 0.0728) on open flat deck fuselage. (Angles marked on curves 
are rudder angles) 

A consideration of the sensitivity of the balance 

and the steadiness of its reading fixes the final pre¬ 

cision of Cat as about ±0.001. Since the curves may 

Figure 14.—Yawing moment coefficients for rudder No. 7 (aspect ratio 1.65, 

area ratio 0.0958) on open flat deck fuselage. (Angles marked on curves 

are rudder angles) 

easily be read to this precision, tabular values are not 

given. 
ANALYSIS OF THE RESULTS 

25°, increased yawing moments can be obtained by 

increasing the aspect ratio without increase of area. 

However, it will be noted that for small aspect ratio 

(fig. 8) the yawing moment increases almost linearly 

with rudder angle up to the greatest angle used, 44°, 

whereas for large aspect ratio (fig. 11), the rate of 

Figure 16.—Yawing moment coefficients for rudder No. 2 (aspect ratio 1.26, 
area ratio 0.0494) on open round deck fuselage. (Angles marked on curves 

are rudder angles) 

increase falls off greatly above rudder angles of 25°. 

The values of the yawing moment for a rudder dis¬ 

placement of 44° show only a small variation with 

aspect ratio. Hence if the rudder travel may be as 

large as 44°, there is little advantage in increasing the 

The effect of increasing the angle of pitch from angles 

| below the stalling angle of the wing to angles above the 

! stall is to greatly decrease the yawing moment at a 

given rudder setting. However at large angles of 

pitch and large rudder angles, the yawing moment 

does not continue to decrease with increasing angle of 

Reference to Figures 8, 9, 10, and 11 shows that the 

variation of CN with rudder angle is in all cases ap- 

Figure 15.—Yawing moment coefficients for rudder No. 1 (aspect ratio 0.77, 
area ratio 0.0486) on open round deck fuselage. (Angles marked on curves 

are rudder angles) 

proximately linear for angles up to 20° or 25°. The 

rate of variation increases with increase in aspect 

ratio, so that if rudder angles are limited to 20° or 

Figure 18.—Yawing moment coefficients for rudder No. 4 (aspect ratio 2.51, 
area ratio 0.0498) on open round deck fuselage. (Angles marked on curves 

are rudder angles) 

pitch but remains nearly constant or even increases 

slightly. For rudder angles less than 25°, the decrease 

is greatest for rudders of large aspect ratio so that the 

effect of aspect ratio is relatively less important at high 

angles of pitch than at low angles. For large rudder 
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Figure i9.—Yawing moment coefficients for rudder No. 5 (aspect ratio 1.88, 
area ratio 0.0280) on open round deck fuselage. (Angles marked on curves are 
rudder angles) 

Figure 23.—Yawing moment coefficients for rudder No. 2 (aspect ratio 1.26, 
area ratio 0.0494) on cabin fuselage. (Angles marked on curves are rudder 
angles) 

Figure 20.—Yawing moment coefficients for rudder No. 6 (aspect ratio 1.68, 
I area ratio 0.0728) on open round deck fuselage. (Angles marked on curves 

are rudder angles) 

Figure 21.—Yawing moment coefficients for rudder No. 7 (aspect ratio 1.65, 
area ratio 0.0958) on open round deck fuselage. (Angles marked on curves 

are rudder angles) 

Pitch angle 

Figure 22.—Yawing moment coefficients for rudder No. 1 (aspect ratio 0.77, 
area ratio 0.0486) on cabin fuselage. (Angles marked on curves are rudder 
angles) 

Figure 24.—Yawing moment coefficients for rudder No. 3 (aspect ratio 1.75, 
area ratio 0.0502) on cabin fuselage. (Angles marked on curves are rudder 
angles) 

Figure 25.—Yawing moment coefficients for rudder No. 4 (aspect ratio 2.51, 
area ratio 0.0498) on cabin fuselage. (Angles marked on curves are rudder 
angles) 

5° 10° 15° 20° 25° 30° 35° 40 
Pitch angle 

o 

Figure 26.—Yawing moment coefficients for rudder No. 4A (aspect ratio 2.24, 
area ratio 0.0555) on cabin fuselage. (Angles marked on curves are rudder 
angles) 

Figure 27.—Yawing moment coefficients for rudder No. 5 (aspect ratio 1.88, 
area ratio 0.0280) on cabin fuselage. (Angles marked on curves are rudder 
angles) 
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angles (44°), on the other hand, the decrease is great¬ 

est for rudders of small aspect ratio and the rudder 

moment falls off rapidly between angles of pitch of 10° 

to 30°. With rudders of larger aspect ratio, the de¬ 

crease in the rudder moment is less. (Compare figs. 34 

and 35, 36 and 37.) 

The mass of data given in Figures 8 to 29 is of lim¬ 

ited value unless some attempt at analysis is made. 

Figures 30, 31, 32, and 33 are cross plots, illustrating 

the effect of area-ratio, i. e., the ratio of the area of 

Figure 28.—Yawing moment coefficients for rudder No. 6 (aspect ratio 1.68, 
area ratio 0.0728) on cabin fuselage. (Angles marked on curves are rudder 

angles) 

rudder and fin to the wing area. It will be noted that 

the variation is approximately linear, but the lines do 

not pass through the origin. If attention is confined 

to rudder angles less than 25°, it will be observed that 

the curves may be fitted reasonably well by lines inter¬ 

secting the axis of abscissas at the point, area ratio 

= 0.0075. Hence, within the limits, 0.03 to 0.10, 

for the area ratio, we may assume that the yawing 

moment is proportional to (area ratio — 0.0075). 

Figure 29.—Yawing moment coefficients for rudder No. 7 (aspect ratio 1.65, 
area ratio 0.0958) on cabin fuselage. (Angles marked on curves are rudder 

angles) 

Figures 34, 35, 36, and 37 illustrate the effect of aspect 

ratio. The relations are here not so simple. 

At 0° angle of pitch, the large rudder moments ob¬ 

tainable with large rudder angles (in the neighbor¬ 

hood of 44°) depend upon the area ratio rather than 

the aspect ratio. For rudder angles roughly 25° and 

less and for high angles of pitch in the neighborhood 

of 30°, the rudder moments increase with aspect ratio. 

In order to give a general picture of the data in con¬ 

densed form, an attempt was made to fit the data by 

means of empirical curves. In this analysis attention 

was centered on rudder angles less than 25°, and the 

first step was to compute the average slopes of the 

curves of yawing moment coefficient against rudder 

Figure 30.—Effect of area ratio (aspect ratio 1.65-1.88) on yawing moment coeffi¬ 
cients of rudders on open round deck fuselage at 0° pitch. (Angles marked on 

curves are rudder angles) 

angle. (The curves are not published.) The next step 

was to divide the average slopes by the quantity (area 

ratio -- 0.0075). The numbers so obtained were plotted 

as a function of the aspect ratio for each fuselage and 

Figure 31.—Effect of area ratio (aspect ratio 1.65-1.88) on yawing moment coeffi¬ 
cients of rudders on open round deck fuselage at 30° pitch. (Angles marked on 

curves are rudder angles) 

angle of pitch and fitted by empirical curves. The 

final results are summarized in Tables II and III, in 

which 8 = rudder angle, Har = area ratio, Aas = aspect 

ratio. 
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TABLE II 

EMPIRICAL EQUATIONS REPRESENTING OBSERVED 
DATA ON YAWING MOMENTS DUE TO RUDDER 
DISPLACEMENT 

Cat “Coefficient of yawing moment, i=rudder angle «25°), Aar = area ratio, Aa,~ 
aspect ratio. 

OrEN Round Deck Fuselage 

Angle of 
pitch 

0° CV = 5(A„,-0.0075) (0.0470-5^20?^ 
Aa, / 

8° CN = S(/lar~0.0075) (0.0446—^0190 \ 
Aa, J 

12° Cn— 5(Aor—0.0075) (0.0129+0.0106 Aa.) 
20° Cn=5(Aar-0.0075) (0.0107+0.0098 Aa.) 
30° C+ = 5(Aor—0.0075) (0.0096 +0.0081 Aa.) 
40° CAT=«(Aa,-0.0076) (0.0092+0.0078 A„>) 

Open Fi.at Deck Fuselage 

0° CN = i(Aar-0.0075) (0.510— 
A a, / 

8° Cjv = S(Aar-0.0075) (0.0459-5^??^ 
Aa, / 

12° Cjv=5(.4ar—0.0075) (0.0150+0.0091 Aa.) 
20° Cx=S(Aar—0.0075) (0.0150+0.0060 Aa.) 
30° C.v = a(Aa,-0.0075) (0.0150+0.0055 Aa.) 
40° Cx = 8(Aar-0.0075) (0.0150+0.0047 Aa.) 

Cabin Fuselage 

0° CV — a(+ar—0.0075) (0.0505-5^5^ 
Aa, / 

8° Cn — 5(+ar—0.0075) (0.0365— 5^15? 
Aa, / 

12° Cat = a (Aar-0.0075) (0.0147+0.0058 Aa,) 
20° Cn — 6(Aar—0.0075) (0.0130+0.0060 A.,) 
30° Cn=8(A*t-0.0075) (0.0110+0.0056 Aa,) 
40° Cjv=5(Aar—0.0075) (0.0067+0.0048 Aa,) 

From these equations, the value of-—-- '~. 
1 5 8 (Aar-0.0075) 

at certain values of aspect ratio and angle of pitch are 
computed and given in Table III. 

TABLE III 

VALUES OF —^—Csn ----- COMPUTED FROM EM- 
8 (Aar — 0.0075) 

PIRICAL EQUATIONS 

Open Round Deck Fuselage 

e 0° 8° 12° 20° 

O
 

O
 

C
O

 40° 

via* 

1.0 0. 0270 0. 0256 0. 0235 0. 0205 0. 0177 0. 0170 
1.5 .0336 .0319 .0278 .0254 . 0217 . 0209 
2.0 .0370 .0351 . 0341 . 0303 .0258 .0248 
2.5 .0390 .0370 .0394 .0352 .0298 .0287 

Open Flat Deck Fuselage 

1.0 0. 0269 0.0251 0. 0241 0. 0210 0. 0205 0. 0197 
1.5 .0356 . 0320 .0286 . 0240 . 0233 .0221 
2.0 .0395 . 0355 .0332 . 0270 . 0260 . 0244 
2.5 .0417 .0376 .0377 .0300 .0287 .0267 

Cabin Fuselage 

1.0 0. 0276 0. 0229 0. 0205 0. 0190 0 0166 0. 0115 
1.5 . 0352 . 0274 .0234 . 0220 . 0194 . 0139 
2.0 . 0390 .0297 .0263 . 0250 . 0222 . 0163 
2.5 .0413 . 0311 .0292 . 0280 .0250 .0187 

Before drawing any conclusions from these tables, or 

equations, some attention should be directed to the 

tematic deviation, especially in the case of rudder 1 of 

aspect ratio 0.77, but on the whole, the fit is considered 

satisfactory. The method of deriving the empirical 

equations is such that no fairing with angle of pitch 

Figure 32.—Effect of area ratio (aspect ratio 1.65-1.88) on yawing moment coeffi¬ 
cients of rudders on cabin fuselage at 0° pitch. (Angles marked on curves are 
rudder angles) 

has been made. Thus some discrepancies become ap¬ 

parent on cross-plotting against angle of pitch. 

The empirical equations are not suggested as appli¬ 

cable to design problems in general. For example, the 

O .02 .04 .06 .08 JO 
Area ratio, Sr/Sw 

Figure 33.—Effect of area ratio (aspect ratio 1.65-1.88) on yawing moment eoeffi 

precision with which the empirical equations fit the j 

observed data. It has already been stated that the 1 

precision- of measurement of CN is ±0.001. When the 

eients of rudder on cabin fuselage at 30° pitch. (Angles marked on curves are 
rudder angles) 

numerical values would have a limited significance in 

deviations between the measurements and the empir¬ 

ical curves are computed, it is found that two-thirds 

dealing with biplanes, and the use of triangular fins or 

vertical surfaces of more or less elliptical plan form 

of the deviations are less than 0.001 and nine-tenths 

are less than 0.002. There is some evidence of sys- 

would most certainly modify the numerical values. 

Data are not available to indicate the extent of the 
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modification. Moreover, it is well known that the slip- j 

stream has an important effect on the rudder control. ! 

It is not believed that the presence of the slipstream 

would modify the conclusions as to the effects of area 

ratio, aspect ratio, and fuselage shape. 

Table III shows that at 0° pitch, the shape of the 

fuselage has only a small effect on the rudder control. 

The open flat deck fuselage and open round deck fuse¬ 

lage are not greatly different at any point, but the 

Aspect ratio 

Figure 34.—Effect of aspect ratio (area ratio 0.0486-0.0502) on yawing moment 
coefficients of rudders on open round deck fuselage at 0° pitch. (Angles marked 

on curves are rudder angles) 

effectiveness of high aspect-ratio rudders falls off some¬ 

what more rapidly with increasing angle of pitch on 

the open flat deck fuselage. The effect of aspect ratio 

to sustain the yawing moment at high angles of pitch 

is slightly less for the flat deck than for the round deck 

fuselage. 
The cabin fuselage has a much greater interference 

effect on the rudder moments at high angles of pitch, 

as would be expected. The decrease in rudder mo¬ 

ment begins at smaller angles and persists with increas- 

Figure 35.—Effect of aspect ratio (area ratio 0.0486-0.0502) on yawing moment 
coefficients of rudders on open round deck fuselage at 30° pitch. (Angles marked 

on curves are rudder angles) 

ing angle of pitch throughout the range. The values 

at 40° are roughly two-thirds of those for the open 

cockpit fuselages. 
The effect of a change in aspect ratio from 1 to 2 is 

to increase the rudder control (rudder angles not ex¬ 

ceeding 25°) by some 30 to 45 per cent. For the aver¬ 

age size rudder such an increase could be produced 

without a change of aspect ratio only by an increase in 

area of some 20 to 35 per cent. Thus the effect of 

aspect ratio appears to be of sufficient magnitude to 

warrant consideration in design. 

CONCLUSION 

The yawing moment produced by a rudder is ap¬ 

proximately proportional to the angular displacement 

of the rudder for angles less than 25° and the yawing 

moment is larger when the aspect ratio is larger. The 

yawing moment continues to increase with increasing 

rudder angle at approximately the same rate for rud¬ 

ders of small aspect ratio (<(1.2), but for rudders of 

0.6 LO 1.4 1.6 2.6 2.6 
Aspect ratio 

Figure 36.—Effect of aspect ratio (area ratio 0.0486-0.0502) on yawing moment 
coefficients of rudders on cabin fuselage at 0° pitch. (Angles marked on curves 

are rudder angles) 

large aspect ratio, the rate of increase falls off rapidty 

above rudder angles of 25°. The value of the rudder 

moment for rudders of large aspect ratio is however 

never less than for rudders of the same area and smaller 

aspect ratio. 

The effect of increasing the angle of pitch is greatly 

to decrease the yawing moment at a given rudder angle. 

The decrease is greatest for rudders of large aspect 

ratio, when the rudder angle is less than 25°; but when 

Figure 37.—Effect of aspect ratio (area ratio 0.0486-0.0502) on yawing moment 
coefficients of rudders on cabin fuselage at 30° pitch. (Angles marked on curves 

are rudder angles) 

the rudder angle is large (44°), the decrease is greatest 

for rudders of small aspect ratio. 
The effect of the shape of the fuselage is quite 

noticeable, being especially marked in the case of the 

cabin fuselage. The shielding effects are such for the 

cabin fuselage that the yawing moment due to a given 

rudder setting at an angle of pitch of 40° is about two- 

thirds of that for the open cockpit fuselages. This 

shielding is especially marked with rudders of small 

aspect ratio. 
When the aspect ratio is maintained constant, 

the effectiveness of the rudder is linearly related to 
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the area ratio, but increases somewhat faster than 

in direct proportion. 

The effect of aspect ratio is sufficiently large to be 

considered hi design. If rudder angles approaching 

45° are permitted, the effect of increasing the aspect 

ratio is small and may be ignored for practical pur¬ 

poses unless the rudder is shielded by a large cabin 

fuselage. If, however, the rudder angle is restricted 

to 25° or less, an increase of rudder control of 30 to 

45 per cent may be produced by increasing the aspect 

ratio from 1 to 2. 
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EXPERIMENTS ON THE DISTRIBUTION OF FUEL IN FUEL SPRAYS 

By Dana W. Lee 

SUMMARY 

The distribution of the fuel in sprays for compression- 
ignition engines was investigated by taking high-speed 
spark photographs of fuel sprays produced under a wide 
variety of conditions, and also by injecting them against 
pieces of Plasticine. A photographic study was made of 
sprays injected into evacuated chambers, into the atmos¬ 
phere, into compressed air, and into transparent 
liquids. Pairs of identical sprays were injected counter 
to each other and their behavior analyzed. Small high- 
velocity air jets were directed normally to the axes of 
fuel sprays, with the result that the envelope of spray 
which usually obscures the core was blown aside, leaving 

the core exposed on one side. 
The results showed that the distribution of the fuel 

within the sprays was very uneven. Under engine- 
operating conditions the fuel was subdivided into many 
small particles by the time it had penetrated 0.75 inch. 
In the cores of the sprays, these particles had a high 
velocity relative to the air in their immediate vicinity, 
but as their velocity was reduced, they were forced out of 
the core and formed the spray envelope. The shape of 
the central core varied with the density of the chamber 
airf becoming shorter and thicker with increasing air 

density. 
INTRODUCTION 

Because of the great importance of fuel distribution 
in the development of light-weight compression-igni¬ 
tion engines, this series of experiments was under¬ 
taken for the purpose of obtaining more information 
on the distribution of the fuel within fuel sprays for 
this type of engine. There are two general methods 
available for such an investigation: The separation 
of the sprays into parts, followed by a determination 
of the amounts of fuel in each part, and the high¬ 
speed photography of sprays produced under con¬ 
ditions especially arranged to reveal the desired infor¬ 
mation. The first method has been successfully used 
at the Pennsylvania State College with sprays from 
plain cylindrical nozzles (references 1 and 2), and the 
results show that the fuel concentration was greatest 
in the center of the spray. Many early spark photo¬ 
graphs made by the National Advisory Committee 
for Aeronautics also show a core of concentrated fuel 

but the density of the spray cloud was so great that 
little could be learned of the internal structure of the 

sprays. 
In the present experiments, the photographic method 

was extended and improved by decreasing the exposure 
time, and by injecting the fuel under conditions which 
had not been used before at this laboratory. These 
experiments were conducted during the summer of 
1931 by the National Advisory Committee for Aero¬ 

nautics at Langley Field, Va. 

Figure l—Circuit used to produce illuminating sparks of short duration 

APPARATUS AND TEST METHOD 

A complete description of the spray-photography 
equipment used in this investigation is given in 
reference 3. Briefly, the spray is illuminated by a 
series of spark discharges, and the images are focused 
on a moving film by a lens. The duration of the 
individual spark discharges has never been accurately 
determined, but the amount of blurring in some of 
the photographs indicates a duration of from 0.00001 

to 0.000001 second. 
During part of this investigation, the spark-produc¬ 

ing circuit was replaced by that shown in Figure 1. 
This circuit is similar to those used in electric strobo¬ 
scopes and for the photography of bullets in flight. 
The duration of the spark discharge in such circuits 
is said to be of the order of 0.0000001 second. (Refer- 
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ence 4.) The high-voltage condensers A and B were 
charged to a potential of 30,000 volts by using a trans¬ 
former and a rectifying tube. A cotton string wet with 
calcium chloride solution formed a high electrical resist¬ 
ance and was used to keep the two condensers at the same 
potential. The spark was timed by a disk switch on a 
shaft connected through an adjustable coupling to the 
camshaft controlling the fuel injection. When the switch 
was closed by a rotation of the shaft, condenser B 
discharged across gap C. The width of the two spark 
gaps was so adjusted that condenser A would not dis¬ 
charge across both of them until after the air in gap C 
had been ionized by the discharge of condenser B. 
The discharge of condenser A across gap D furnished 
the light for photographing the spray, gap C being 
shielded from the camera. The copper connecting 
wires were about three thirty-seconds inch in diameter 
and were made as short as possible to minimize the 
resistance of the circuit. The spark-gap points were 
made of copper instead of the magnesium regularly 
used, to reduce the afterglow of metallic vapor that 
follows the breakdown of the spark discharge. As 
this circuit delivered only a single spark, the photo¬ 
graph was taken on a stationary film. Sets of photo¬ 
graphs showing the various stages in the development 
of the sprays were made by using a different spark 
timing for each photograph. The high-speed spark 
circuit was used during an investigation of the effect of 
the density of the chamber air on the distribution of 
the fuel in fuel sprays. The photographs were clearer 
than those made with the regular circuit, revealing 
several new features of spray structure and formation. 

The regular spark circuit was used to take several 
•other series of spray photographs. In one series, each 
injection was composed of two separate sprays directed 
toward each other and impinging in the center of the 
chamber. A T connection was inserted in the injection 
line, and pieces of steel tubing of equal length and 
diameter were connected to the injection valves. As 
these valves were of the same design, only a slight 
adjustment of the valve-opening pressures was neces¬ 
sary to cause the sprays to emerge from the two nozzles 
simultaneously. Open nozzles were also used, and 
these were so arranged that the distance between the 
nozzles could be changed. Sketches showing the type 
of injection valve and open nozzles tested may be 
found in reference 5. An orifice diameter of 0.020 
inch was used for all tests except those with the 
centrifugal-type sprays; for those it was 0.022 inch. 

The alignment of the sprays was checked by pumping 
fuel through the nozzles at a pressure so low that 
unbroken jets of fuel were formed. These jets met 
at the center of the chamber and formed a disk of fuel 
about an inch in diameter. The plane of this liquid 
disk was at right angles to the axis of the fuel jets, 
showing that the two nozzles were in good alignment. 

For another series of photographs a tube was brought 
through the top of the spray chamber, its end closed, 

and a small hole drilled in this closed end. The other 
end of the tube was connected to a compressed-air 
reservoir, so that a strong jet of air was produced in 
the spray chamber. This jet was directed normal to 
the axis of the fuel spray at different distances from the 
fuel nozzle. Hand valves were placed between the 
compressed-air reservoir and the air-jet orifice, and 
between the spray chamber and the atmosphere. The 
injection pressure of the air jet and the chamber-air 
density could be regulated to the desired values by 
adjusting these valves. Fuel and air-jet injection 
pressures and chamber-air pressures were measured 
with reference to the atmospheric pressure, and are so 
expressed in this report. 

The temperature of the chamber air was approxi¬ 
mately the same as that in the room for all tests. 
Changes in its density were secured by changing its 
pressure. Densities less than atmospheric were ob¬ 
tained by evacuating the chamber with a vacuum 
pump, and those greater than atmospheric by connect¬ 
ing the chamber to a compressed-air reservoir. 

Experiments on the relative penetrating power of 
different sprays, and of the different parts of the same 
spray were made by injecting them against smooth- 
surfaced pieces of Plasticine, a proprietary substitute 
for modeling clay. The depths and shapes of the 
impressions made in the Plasticine were compared for 
injections from plain cylindrical nozzles, and from 
nozzles having helical grooves in the valve stem. 
Different injection pressures and chamber-air densities 
were used, and the Plasticine was placed at different 
distances from the nozzles. This method of studying 
sprays was found to be very satisfactory, and it is 
recommended as a simple and valuable test of the 
energy distribution of the fuel within fuel sprays. 

A high-grade Diesel fuel having a specific gravity 
of 0.86 at 80° F., and a viscosity of 0.0221 poise (35.0 
seconds Saybolt Universal) at 100° F. and atmospheric 
pressure was used in all the tests. 

RESULTS AND DISCUSSION 

EFFECT OF AIR DENSITY ON THE DISTRIBUTION OF FUEL IN SPRAYS 

The formation of fuel sprays.—The exact process by 
which fuel injected through small nozzles is atomized 
to form a spray has long been a matter of controversy. 
Some investigators have explained atomization on the 
basis of frictional forces between the fuel and the air, 
and others have maintained that the atomization is 
essentially complete before the fuel leaves the nozzle. 
Experiments made at this laboratory (reference 6) 
show that the density of the air into which the fuel is 
injected has little effect on the ultimate fineness of 
the atomization. Later experiments (reference 7) 
show that although the final results may be the same, 
an increase in the air density causes the atomizing 
process to take place closer to the nozzle. Moreover, 
it is shown that the atomization of the fuel is pri¬ 
marily caused by air friction. The fuel emerges from 
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the nozzle as a solid column, but is soon torn into 
shreds or ligaments as it passes through the dense air. 
These ligaments are very quickly transformed into 

drops by the force of the fuel surface tension. 
Computations of the velocity and penetration of 

single fuel drops injected into dense air have been 
made by Ivuehn. (Reference 8.) He showed that 
for the range of injection velocities, drop sizes, and 
combustion chamber-air densities commonly used in 
airless injection engines, in no case would a single fuel 
drop penetrate the air much more than 1 inch. The 
fact that fuel sprays penetrate much farther he con¬ 
cluded to be due to the mass effect of the large number 

Plasticine target tests.—The foregoing explanation 
of spray formation was supported by the results of the 
experiments with Plasticine targets. One of the 
preliminary experiments consisted of directing a jet of 

air against the Plasticine. It was found that no 
impression was made no matter how close the air 
nozzle was brought to the Plasticine surface, or how 
great an air-injection pressure was used. When fuel 
sprays were injected against the targets, impressions 
were formed having diameters less than the diameters 
of the sprays at the sections intersected by the targets. 
In the sprays, therefore, it was the fuel rather than the 
air that deformed the Plasticine, and the fuel in the 

Figure 2—Impressions made in Plasticine by fuel sprays injected through air having a density of 1.1 pounds per cubic foot 

Fuel-injection pressure, 4,000 pounds per square inch; valve-opening pressure, 3,500 pounds per square inch. The number beside each impression indicates 
the distance in inches between the nozzle and the Plasticine. 

of particles that they contain. In the central part of 
the sprays, the drops and ligaments are so closely 
•spaced that most of them do not travel through still 
air, but are in air which has been disturbed by pre¬ 
ceding fuel particles. The leading ones set up an air 
•current in the direction in which they are moving, so j 
that the later ones, although not traveling a greater j 
distance relative to the air, actually reach points 

farther from the nozzle. 
The high-speed motion pictures of fuel sprays from 

cylindrical nozzles that have been made at this labora¬ 
tory show that the fuel in the central core of the spray 
travels faster than that in the surrounding envelope. 
This fact indicates that the fuel particles in the core 
have a high velocity relative to the air in their imme¬ 
diate vicinity and cause it to move in the same direc¬ 
tion. After they have lost most of this relative 
velocity they are forced aside by the on-coming column 

•of air and fuel behind them. 

central cores of the sprays had much more energy 

than that in the envelopes. 
Figure 2 is a photograph of a series of impressions 

made in Plasticine by sprays from a plain cylindrical 
nozzle. In the following table are listed the diam¬ 
eters and depths of the impressions, and in the last 
column are given the outside diameters of a spray, 
produced under the same conditions, and measured 
from a spray photograph at corresponding distances 

from the nozzle. 

Distance 
from noz¬ 
zle to tar¬ 

get 

Diameter 
of impres¬ 

sion 

Depth of 
impres¬ 

sion 

Outside 
diameter 
of spray 
from pho¬ 
tograph 

Inches Inch Inch Inches 
0.25 0.08 1.0 0.25 
1.0 .20 .9 .50 
2.0 .25 .5 .75 
2.5 .20 . 1 .94 
3.0 .12 .05 1.10 
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A comparison of the second and fourth columns of allowed the fuel spray to pass through the target, 
the table shows that although the general outline of leaving a hole that more accurately indicated the core 
the spray was a cone, the core of rapidly moving fuel diameter. For the same conditions to which the 
in the center increased in diameter until it reached a results of the table apply, and at the same distances 

Figure 3.-—Impressions made in Plasticine by fuel sprays injected through air having a density of 0.076 pound per cubic foot 

Fuel-injection pressure, 4,000 pounds per square inch; valve-opening pressure, 3,500 pounds per square inch. The number beside each impression indicates 
the distance in inches between the nozzle and the Plasticine 

point about 2 inches from the nozzle, and then dimin¬ 
ished. Targets placed 3.5 inches from the nozzle 
showed only a shallow impression; at 4 inches no 
impression at all could be seen. At this distance, so 
much of the kinetic energy of the fuel had been trans¬ 
ferred to the air that the spray could make no mark 
on the target. 

For each of these tests the thickness of the Plasticine 
was made sufficient to stop the fuel completely. The 
bottom of the impressions was always conical in 
form, indicating roughly the distribution of energy in 
the spray core. In this connection, the tests made at 
the Pennsylvania State College (references 1 and 2) 
on the distribution of fuel within sprays from cylin¬ 
drical nozzles are of interest. The two methods 
supplement each other very well; the N. A. C. A. 
tests give results for the core of the spray, and the 
Pennsylvania State College tests give data for the 
envelope. 

The diameters given in the table are those at the 
surface of the Plasticine. An examination of the 
deeper impressions showed that their diameter in¬ 
creased somewhat below the surface. The enlarge¬ 
ment was probably caused by the blasts of air that 
were carried into the holes by the fuel particles. In 
another series of tests, thin slices of Plasticine were 
used, backed by wire screening. This arrangement 1 

from the nozzle, the diameters of the impressions 
were 0.04, 0.08, 0.14, 0.18, and 0.16 inch, respectively. 

Figure 4.—High-speed spark photographs of fuel sprays injected into air having 
different densities 

Injection pressure, 4,000 pounds per square inch; chamber-air density, (a) 0.0005- 
pound per cubic foot, (6) 0.076 pound per cubic foot, (c) 1.1 pounds per cubic 
foot. 

Figure 3 is a photograph of the impressions made 
in Plasticine by sprays injected into the atmosphere. 
The form of the impression varies from an almost 
straight-walled hole 0.10 inch in diameter and about 

1 0.50 inch deep at the 6-inch distance, through a series 
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of trumpet shapes having increasing amounts of flare 
and less depth, until at 24 inches the impression is of 

almost uniform depth. 
Spark photographs showing the effect of air den¬ 

sity.—The photographs of Figure 4, which were made 
with the high-speed spark circuit shown in Figure 1, 
show the effect of the density of the chamber air on 
the formation of fuel sprays from a plain cylindrical 
nozzle. In this case, the dispersion of the spray in 
the vacuum was about the same as in the atmosphere, 
but increased when the air density was raised to values 
above atmospheric. When other cylindrical nozzles 
and other injection pressures were used, it was found 
that the dispersion of the sprays in vacuum varied 
greatly. In some cases they were as well dispersed 
as the one shown in Figure 4a; in other cases the fuel 
remained in a solid column with no dispersion. As 
practically no air was present, any dispersion of the 
fuel must have been the result of turbulent flow in 
the jet. Such turbulence would vary with orifice 
diameter, fuel velocity, and roughness of the nozzle, 
producing varying degrees of spray dispersion. A 
comparison of photographs made at different stages 
of injections into the evacuated chamber shows that 
all parts of the spray have very nearly the same 
velocity, as compared with the different velocities 

prevailing in sprays injected into air. 
In Figure 4b the core of a spray injected into the j 

atmosphere is shown quite distinctly, surrounded by 
the envelope. Streamers of spray are projecting 
away from the core and downward, Obese were 
formed as the spray tip passed these places, the 
conical tip being continually replaced by fresh fuel 
coming up the core. When the chamber-air density j 

was raised to 1.1 pounds per cubic foot, the velocity 
of the spray tip was so greatly reduced that the fuel 
thrown off completely hid the core. (Fig. 4c.) For 
this last case, the chamber-air density corresponded 
to that at top center in an engine with a compression 

ratio of 14.5. 
The high-speed spark photographs of injections 

into air at atmospheric density gave some interesting j 

results. The chamber air was dense enough to show 
some effect on the sprays, but not dense enough to 
cause the core to be hidden. In Figure 5 are shown 
two photographs of fuel sprays in the atmosphere, the 
injection pressures being 3,000 and 700 pounds per 
square inch. In Figure 5a notice the vortices at the 
edge of the spray, probably caused by the different 
velocities of the air in the core and the envelope. 
Also notice in Figure 5b that the core does not appear 

as a solid jet of fuel, but seems to be broken up. 

PENETRATION OF FUEL JETS INJECTED INTO LIQUIDS 

As the density of the air into which the sprays were 
injected was increased, the deceleration of the spray 
tip became more rapid. However, even when using 

the greatest air pressure that was safe in the spray 
chamber, the spray tip was still moving rapidly when 
it reached the opposite side of the chamber. The 
effect of a dense medium was obtained without going 
to dangerously high pressures by using water or 
glycerin instead of air. The medium itself having 
been changed, the results can not be strictly compared 
with those obtained with air, but spark photographs 
made with the regular spark circuit showed that the 
shape and general behavior of fuel jets injected into 
water were similar to sprays injected into compressed 
air when the same injection valve and nozzle were 
used. (See fig. 6.) When fuel was injected into 
water that was at atmospheric pressure, the fuel jet 
was very narrow and the rate of penetration nearly 
as high as that in air having a density of 1.1 pounds 
per cubic foot. When pressure was applied to the 
water the rate of penetration was much lower, and the 
jet much broader. Similar results were obtained when 

the fuel was injected into glycerin. 

Figure 5.—High-speed spark photographs of fuel sprays injected 
into the atmosphere 

Chamber-air density, 0.076 pound per cubic foot; fuel-injection pressure, 
(a) 3,000 pounds per square inch, (6) 700 pounds per square inch. 

Figure 7 shows the variation in spray-tip penetra¬ 
tion with time for fuel injections into water and 
glycerin having various pressures, and also shows one 
curve for a spray injected into compressed air for com¬ 
parison. Notice that the rate of penetration does not 
decrease uniformly with increasing water pressure, an 
increase from atmospheric pressure to 15 pounds per 
square inch having a greater effect than a further 
increase to 100 pounds per square inch. Injections 
into gases having various pressures and the same tem¬ 
perature have shown the same trend, but to a lesser 
extent. (Reference 9.) As the density of a liquid 
changes very little with pressure, the decrease in the 
rate of penetration can not be attributed to an increase 
in the density as it was for gases. Neither can it be 



Figure 6.—Diesel fuel injected into water 

Fuel-injection pressure, 2,000 pounds ]>er square inch; chamber-water pressure, («) atmospheric, (ft) 25 pounds per square inch 
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attributed to a change in viscosity in the case of water 
for the effect of a change of pressure of this magnitude 
on the viscosity of water is very slight. Only two 
injections were made into glycerin, but in each case 
the penetration was greater than with water at the 
same pressure. This was contrary to expectations, 
for both the density and viscosity of glycerin are greater 
than those of water. 

Another feature of the curves in Figure 7 is the sud¬ 
den decrease in their slope after 0.0005 to 0.0015 
second. This break probably represents the change 
from a forward motion of the fuel through the liquid 
medium to a turbulent movement of mixed fuel and 
liquid medium. 

6 n i i ! ; i 
-Air at 200 Ib./sq.in. 

vy (y 'Glycerin at atmospheric pressure 
h-y----1--1----— 

.003 .004 .005 ■006 .007 .008 
Time, second 

Figure 7.—Effect of the liquid pressure on the spray-tip penetration of fuel 
jets injected into water and glycerin 

Diameter of orifice, 0.020 inch; fuel-injection pressure, 4,000 pounds per square 
inch; valve-opening pressure, 2,000 pounds per square inch. 

OPPOSED FUEL SPRAYS 

In the experiments with sprays directed against 
each other, the axes of the two sprays were coincident. 
Each spray being symmetrical about its axis, similar 
parts of the two sprays met in the center of the chamber. 
The result of this meeting, as shown by the spark 
photographs, can be explained along the lines of the 
foregoing discussion. 

Figures 8 to 11 show four series of spark photographs 
of such opposed fuel sprays, made with the regular 
spark circuit. Each series was made with an injec¬ 
tion pressure of 4,000 pounds per square inch, but 
with different chamber-air densities. The distance 
between the nozzles was 5 inches for this series of 
photographs, so that the sprays met after each had 
become 2.5 inches long. With the chamber evacuated 
(fig. 8) there was some interference between the oppos¬ 
ing sprays, but there was no indication of a disk such 
as was formed when two solid jets were directed 
against each other. There being practically no air 
present to hinder the motion of the fuel, the deflected 
portions of the sprays quickly filled the space around 
the main jets. With the chamber air at atmospheric 

pressure (fig. 9) the cores of the sprays again met each 
other with little interference. In this case, however, 
the deflected portions were quickly stopped by the air, 
so that they formed an eddying envelope about the 

cores. 
When the density of the chamber air was increased 

to 0.60 pound per cubic foot (fig. 10) there was prac¬ 
tically no interference between the sprays. They were 
apparently so well dispersed that the ligaments and 
drops in each spray passed between those of the other 
spray. For Figure 11, the chamber-air density was 
raised to 1.1 pounds per cubic foot. The sprays again 
passed through each other, but a different kind of inter¬ 
ference was shown by the bulging of the envelopes at 
the meeting point. The appearance of this bulging 
suggests that it was caused by the meeting of two col¬ 
umns of air, and this explanation is consistent with 
Kuehn’s conclusion that the rapidly moving drops set 
up an air current within the spray. 

Figure 12 shows two sprays of the centrifugal type 
directed against each other in air having the same 
density as for Figure 11. In this case the spray tips 
do not continue to move forward after meeting, but 
a cloud of spray is projected at right angles to the 
spray axis. The results of Plasticine target tests with 
centrifugal-type sprays showed that their cores were 
composed of two distinct parts—a small central jet 
and a hollow cone surrounding the jet. Spark photo¬ 
graphs showed that the central jet emerged before the 
hollow cone, but that it was soon overtaken by the 
cone. This jet is probably composed of the fuel 
trapped between the orifice and stem seat, so that 
it is injected without any whirling motion. Sprays of 
this type have a very low penetrating power; the max¬ 
imum distance in air at a density of 1.1 pounds per 
cubic foot at which they would make a mark on the 
Plasticine was 0.75 inch. At a distance of 2.5 inches,, 
therefore, all the drops must have come nearly to a 
stop with respect to the air, and so the results shown 
in Figure 12 are easily understood. 

Summarizing, there were two extremes of spray 
interference: In one, the two sprays were not dispersed 
well enough for the fuel particles to pass between those 
of the opposite spray and in the other they were well 
dispersed, but the particles had lost nearly all velocity 
relative to the air. Most of the cases photographed 
fell between these two extremes. 

Figures 13 to 15 show opposed-spray injections into- 
air kept at constant density, but with different in¬ 
jection pressures and. distances between the nozzles. 
It was necessary to use open nozzles for this series,, 
but as previous tests (reference 5) have shown that 
sprays from these nozzles are similar to those from the 
injection values used in the variable air-density series,, 
the results of the two series may be compared. 

For both Figures 13 and 14 the distance between the- 
nozzles was 3 inches, but the injection pressures were 
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Fi gvke 8.—Opposed fuel sprays injected into an evacuated chamber 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 0.0025 pound per cubic foot. 

Figure 9.—Opposed fuel sprays injected into air at atmospheric density 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 0.076 pound per cubic foot. 
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Figure 10.—Opposed fuel sprays injected into air having a density corresponding to that in an engine at a compression ratio of 7.9 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 0.60 pound per cubic foot. 

Figure 11.—Opposed fuel sprays injected into air having a density corresponding to that in an engine at a compression ratio of 14.5 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 1.1 pounds per cubic foot. 

149900—33-46 



Figure 12.—Opposed centrifugal-type sprays 

Fuel-injection pressure, 8,000 pounds per square inch; diameter of orifices, 0.022 inch; groove helix angles, 40°; chamber-air density, 1.1 pounds per cubic foot. 

Figure 13.—Opposed sprays using a low injection pressure 

Fuel-injection pressure, 500 pounds per square inch chamber-air density, l.l pounds per cubic foot distance between open nozzles, 3 inches. 
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Figure 14.—Opposed sprays using a high injection pressure 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 1.1 pounds per cubic foot; distance between open nozzles, 3inches. 

Figure 15.—Opposed sprays with the nozzles close together 

Fuel-injection pressure, 4,000 pounds per square inch; chamber-air density, 1.1 pounds per cubic foot; distance between open nozzles, 1.5 inches. 
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500 and 4,000 pounds per square inch, respectively, i 
With the lower injection pressure, the dispersion was 
apparently poor for the sprays showed the same type 
of interference as those of the previous series made at 
low air densities. With the higher air density, there 
was little interference, the results being similar to 
those shown in Figures 10 and 11. 

Figures 11, 14, and 15 form a series in which the 
variable is the distance between the nozzles. In each 
case the photographs are quite similar. Notice in 
Figure 15 that the sprays pass through each other and 
rebound from the end of the opposite nozzle holder. 
This figure shows that even at 0.75 inch from the 
nozzle, a high-velocitv spray in dense air is broken up. 

EFFECT OF AIR JETS DIRECTED NORMAL TO FUEL SPRAYS 

The photographs of fuel sprays having air jets di¬ 
rected normal to their axes were made to investigate the 
characteristics of the spray cores. The air jets de¬ 
flected the spray envelopes leaving the cores exposed 
on one side. For Figures 16, 17, 19, and 20 the fuel 
was injected with an open nozzle, but for Figure 18 an 
automatic injection valve was used. In each case, the 
fuel-orifice diameter was 0.020 inch and the orifice 
diameter of the air jet was 0.040 inch. The photo¬ 
graphs shown in Figures 16 to 18 were made with the 
chamber air at atmospheric density, and with the air 
jet approaching the fuel jet from the right. In Figure 
16, the fuel in the envelope of the spray is shown being 
driven aside by the air jet, leaving the core exposed 
and deflected slightly. In Figure 17, for which the 
fuel-injection pressure was only half that for Figure 16, I 
both the envelope and the core are shown being de¬ 
flected by the air jet. More extensive experiments 
on the effect of high air velocities on fuel sprays have 
been reported by Rothrock in reference 10. 

The point of intersection of the fuel and air jets 
was about one-quarter inch from the fuel nozzle 
for Figure 16, and about eleven-sixteenths inch for 
Figure 17. In both cases the distance from the air 
orifice was about one-sixteenth inch. For Figure 18, 
the distance from the fuel nozzle was about 3.5 inches, 
and from the air orifice about 1 inch. In Figure 18 
the core is being nonuniformly deflected by the air jet, 
showing that the distribution of the fuel in the spray 
core was not uniform. 

In Figures 19 and 20 are shown photographs of fuel 
and air jets intersecting about three-quarters inch from 
the fuel nozzle and one-quarter inch from the air 
orifice in a chamber where the air density was 1.1 
pounds per cubic foot. For Figure 19 the air jet was 
coming from the right, but for Figure 20 it was moving 
directly away from the camera lens. 

Different values of the air-jet injection pressure and 
the chamber-air pressure were used, but their ratio 
was always greater than 1.9, which is the critical value 
at which the velocity of the issuing jet becomes equal 
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Figure 17.—Fuel spray with an air jet impinging at right angles from the right 

Fuel-injection pressure, 500 pounds per square inch; air-jet injection pressure, 500 pounds per square inch; chamber-air density, 0.076 pound per cubic foot. 

Figure 18.—Fuel spray with an air jet impinging at right angles from the right 

Fuel-injection pressure, 500 pounds per square inch; air-jet injection pressure, 500 pounds per square inch; chamber-air density, 0.076 pound per cubic foot. 
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Figure 19.—Fuel and air jets intersecting at right angles. Air jet from the right 

Fuel-injection pressure, 1,000 pounds per square inch; air-jet injection pressure, 500 pounds per square inch; chamber-air density, 1.1 pounds per cubic foot. 

Figure 20.—Fuel and air jets intersecting at right angles. Air jet moving away from camera lens 

Fuel-injection pressure, 500 pounds per square inch; air-jet injection pressure, 500 pounds per square inch; chamber-air density, 1.1 pounds per cubic foot. 

716 
R

E
P

O
R

T
 

N
A

T
IO

N
A

L
 

A
D

V
IS

O
R

Y
 

C
O

M
M

IT
T

E
E
 

F
O

R
 

A
E

R
O

N
A

U
T

IC
S

 



EXPERIMENTS ON THE DISTRIBUTION OF FUEL IN FUEL SPRAYS 717 

to the velocity of sound. An increase in the value of 

this ratio will not increase the jet velocity. The 

velocities of the air jets in these experiments were 

therefore the same in all cases, and their energies 

depended only on the density of the air in the jets. 

Photographs made with different air-jet injection 

pressures, but with the same fuel-injection pressure 

and chamber-air density, showed little variation in the 

sprays. The lesser deflection of the core shown in 

Figure 16 as compared with Figure 17 should therefore 

be attributed to the higher fuel-injection pressure of 

the former rather than the lower air-jet injection pres¬ 

sure. Also, in comparing Figure 16 with Figure 19, 

the greater deflection of the latter should be attributed 

to the increased density of the air in the air jet, and to 

the decreased velocity of the fuel in the spray core. 

CONCLUSIONS 

1. The distribution of the fuel in both the core and 

the envelope of fuel sprays is very uneven. 

2. Under engine-operating conditions, Diesel fuel 

injected through a 0.020-inch cylindrical nozzle is 

subdivided into particles by the time it has penetrated 

0.75 inch. 
3. Fully developed fuel sprays are composed of a 

central core and an outer envelope. The core is com¬ 

posed of fuel particles having a high velocity relative 

to the air in their immediate vicinity. As a result of 

this relative velocity a current of air is set up in the 

core. The envelope is composed of fuel particles that 

were formerly in the core, where they transferred their 

energy to the air until they lost most of their velocity 

relative to it, and were then forced out into the envelope 

by the on-coming column of air and fuel in the core 

behind them. 

4. The shape of the central core varies with the 

density of the air, becoming shorter and thicker with 

increasing air density. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 13, 1932. 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, 
PARTICULARLY AT HIGH ANGLES OF ATTACK 

V—SPOILERS AND AILERONS ON RECTANGULAR WINGS 

By Fred E. Weick and Joseph A. Shortal 

SUMMARY 

This report covers the fifth oj a series of systematic 
investigations in which lateral control devices are com¬ 
pared with particular reference to their effectiveness at 
high angles of attack. The present report deals with tests 
of spoilers and ordinary ailerons on rectangular Clark Y 
wing models. In an effort to obtain satisfactory control 
throughout the entire angle-of-attack range that can be 
maintained inflight, various spoilers were tested in com¬ 
bination with two sizes of previously tested ordinary 
ailerons—one of average proportions and the other short 
and wide. In addition, one large spoiler was tested alone. 

It was found that when ailerons and spoilers are used 
together the full effect of both is not obtained if the spoilers 
are located directly in front of the ailerons. With the 
proper combination of spoiler and aileron, however, it is 
possible to obtain satisfactory rolling control up to high 
angles of attack (15° to 20°), together with favorable 
yawing moments and small control forces. A moderate 
amount of rolling control with favorable yawing moments 
and small control forces was obtained with the large 
spoiler alone. 

INTRODUCTION 

This is the fifth of a series of reports giving the results 
of investigations in which it is hoped to compare all 
types of lateral control devices which have been satis¬ 
factorily used or which show reasonable promise of 
being effective. In this program it is planned first to 
test the various types of ailerons and other control 
devices on rectangular wings of aspect ratio 6. Later 
the best of these control devices are to be tested on 
wings of different shape. In the entire series the vari¬ 
ous devices are to be subjected to the same program of 
wind-tunnel tests which, it is thought, include all the 
factors directly connected with lateral control arid 
stability that can be satisfactorily handled in a routine 
manner in a wind tunnel. The tests are designed to 
show the relative merits of the various control devices 
in regard to lateral controllability, lateral stability, and 
general usefulness. They include regular 6-eomponent 

force tests with the control devices both neutral and 
deflected various amounts, rotation tests in which 
the model is rotated about the tunnel axis and the 
rolling moment measured, and free rotation tests show¬ 
ing the range and rate of autorotation. Because of the 
large effect of yaw on lateral stability, the tests are 
made not only at 0° yaw, but also with an angle of 
yaw of 20°, which represents the conditions in a fairly 
severe sideslip. 

The first report of this series (reference 1) deals with 
three sizes of ordinary ailerons. One of these is a 
medium-sized one taken from the average of a number 
of conventional airplanes and is used as the standard 
of comparison throughout the entire investigation. 
Other work that has been done in this series is reported 
in references 2, 3, and 4. 

The present report covers tests of a spoiler as the sole 
means of lateral control, and also tests of spoilers used 
in combination with ordinary ailerons. The spoilers 
were included in the program after preliminary tests 
(references 5 and 6) had shown that they have certain 
desirable features in regard to control at high angles 
of attack, favorable yawing moments, and small hinge 
moments, and that the adverse rolling moments found 
with small spoiler deflections in previous tests (refer¬ 
ence 7) could be eliminated b}r locating the spoiler 
some distance back from the leading edge of the airfoil. 

Ordinary ailerons of average proportions (25 per 
cent of the wing chord by 40 per cent of the semispan) 
do not give satisfactory rolling moments or yawing 
moments at the high angles of attack. (Reference 1.) 
If the ailerons are given a short, wide form, rigged up 
10° when neutral, and operated with an extreme differ¬ 
ential motion, reasonably satisfactory rolling and yaw¬ 
ing moments can be obtained at high angles of attack 
but high control forces are required. (Reference 3.) 
In the present tests various combinations of spoilers 
were tried with both standard size and short, wide 
ailerons with the object of improving their operation 
where this seemed desirable. In some cases the 
spoilers were hinged at their rear edges with the idea 
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that in practice they would be coupled to the ailerons 
in such a manner as to oppose the aileron hinge 
moments and reduce the control force required. Hinge 
moments were measured for the spoiler operating alone 
and also for one representative case of a spoiler and 
aileron operating simultaneously. The results for the 

Figure 1.—Clark Y wing with plain ailerons 25 per cent c by 40 per cent 6/2 
and spoiler arrangements 

various combinations are compared by means of a 
number of criterions that are being used throughout 
the entire investigation. 

APPARATUS AND METHODS 

Wind tunnel.—The N. A. C. A. 7 by 10 foot wind 
tunnel, which is being used throughout the entire 
investigation, has an open jet and a single closed return 
passage. The tunnel, together with the regular bal¬ 
ance and associated apparatus, is described in detail 
in reference 8. The hinge moments of the spoilers 
were measured by means of the calibrated twist of a 
long slender torque rod extending along the hinge axis 
from the spoiler to the balance frame outside the air 
jet. The same method was used for measuring the 
hinge moments of one aileron. 

Models.—The wing models were similar to two of 
those used in reference 1. They were of rectangular 
plan form with a 10-inch chord, a 60-inch span, and a 
Clark Y airfoil section. One had ailerons 25 per cent 
of the chord by 40 per cent of the semispan, and these 
ailerons with equal up-and-down deflection of 25° are 
considered the standard of comparison for the entire 
investigation. The rolling moment with these ailerons 
at an angle of attack of 10° is considered to have a 
satisfactory value. The other wings had short, wide 
ailerons 40 per cent of the chord by 30 per cent of the 
semispan, which were designed to give approximately 
the same rolling moment at the 10° angle of attack. 
Two model wings with the short, wide ailerons were 
used in the tests, the first one being replaced because 
it had a maximum lift coefficient about 5 per cent low'er 

than the other Clark Y wings. 
The spoilers were made of steel plate one thirty- 

second inch thick and were set into the wings in such 

a manner that the upper surface was continuous when 
the spoiler was down. The various spoilers and 
ailerons are shown in Figures 1 and 2. 

Because in the spoiler and aileron combinations the 
spoilers were designed to be raised only when the 
ailerons behind them were given an upward deflection, 
the tests herein reported were made only with the 
aileron deflected upward. The values for the down 
aileron for the various combinations were taken from 
previous tests on the same ailerons. (Reference 1.) 
In every case with a spoiler and aileron combined, a 
linkage was assumed such that the deflection of the 
spoiler was proportional to that of the up aileron. 

TESTS AND RESULTS 

All the tests were made at a dynamic pressure of 
16.37 pounds per square foot, which corresponds to an 
air speed of 80 miles per hour under standard atmos¬ 
pheric conditions. The Reynolds Number is 609,000, 
based on the 10-inch wing chord. 

The results are given as absolute coefficients of the 

forces and moments: 

lift 
qS 
drag 
qS 

rolling moment 
q b S 

yawing moment 
q b S 

hinge moment 
q c S 

where S is the total wing area, b is the span, c is the 
chord, and q is the dynamic pressure. Except for the 

Figure 2.—Clark Y wing with plain ailerons 40 per cent c by 30 per cent 6/2 
and spoiler arrangements 

hinge-moment coefficient, the coefficients as given 
above are obtained directly from the balance and refer 
to the wind (tunnel) axes. In special cases in the dis¬ 
cussion where the moments are used with reference 
to the body axes, the coefficients are not primed. 

Cl = 

CD = 

c/ = 

o/= 

Ch - 
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Thus the symbols for the rolling moment and yawing 

moment coefficients about the body axes are Cx and Cn. 

Preliminary tests to find best location of rear-hinge 

spoiler along chord of wing.—Previous tests in the 

vertical tunnel (reference 5) showed that with a 

spoiler hinged at its front edge the best results were 
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Large spoiler alone.—The preliminary tests of refer¬ 

ence 5 indicated that a spoiler 10 per cent of the 

chord by 60 per cent of the semispan should give roll¬ 

ing moments of approximately the assumed satisfac¬ 

tory value at an angle of attack of 10°, the highest 

angle of attack at which the standard ailerons give 

satisfactory rolling moments. A front-hinge spoiler of 

this size was mounted in the wing with standard size 

ailerons, the spoiler hinge axis being 21 per cent of 

the chord back from the leading edge and 1 per cent 

of the chord below the surface. (Spoiler A, fig. 1.) 

Force tests at various angles of attack were made 

with the ailerons neutral and the spoiler set at vari¬ 

ous deflections from 0° to 90°. The rolling and yawing 

moment coefficients are plotted against angle of attack 

for the various spoiler deflections in Figure 4. In addi¬ 

tion, one run was made with an angle of yaw of 20 

and a spoiler deflection of 60°, the latter being the 

assumed maximum deflection based on an examination 

of the results, all of which are given in Table I. 

Inasmuch as this spoiler gave within 80 per cent of 

the assumed satisfactory rolling control at angles of 

attack from the stall through 20° and at the same 

time gave strong yawing moments in the favorable 

6 IO 14 18 22 2b bu 
Hinge location,per cent c 

Figure 3.—Effect of location on rolling-moment coefficients. Spoiler C up 10° 

obtained with the hinge axis in the upper surface of 

the airfoil about 20 per cent of the chord back of the 

leading edge. No such tests had been made, however, 

for a rear-hinge spoiler. 
The air force tends to raise the rear-hinge spoiler. 

Interconnecting the spoiler with the aileron enables 

the spoiler hinge moments to be used to balance the 

aileron hinge moments and reduce the control force 

required. For this reason it was decided to include 

rear-hinge spoilers in the investigation, and pielimi- 

nary tests were made in the 5-foot vertical tunnel 

(tunnel and set-up described in reference 5) with a 

spoiler 7 per cent of the chord in width and 40 per cent 

of the semispan in length (spoiler C) located at \ arious 

positions along the chord of the airfoil. Inasmuch as 

the position along the chord is of interest mainly from 

the consideration of adverse rolling moments with low 

deflections, the tests were made with the spoiler 

deflected only 10°. From the results, which are shown 

in Figure 3, it was decided that the best position was 

with the hinge axis 16 per cent of the chord back of 

the leading edge. This arrangement places the front 

edge of the closed spoiler 9 per cent of the chord from 

the leading edge. 

Figure 4.—Rolling and yawing moment coefficients due to spoiler A 

sense, it was thought desirable to measure the hinge 

moments also. The hinge-moment coefficients are 

therefore given for the various spoiler deflections in 

Table II. 
Spoilers and standard size ailerons.—The standard 

size ailerons give unsatisfactory control at angles of 
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attack above about 10°, whereas the spoilers give 
higher rolling moment coefficients near the stall than 
at lower angles of attack. The ailerons were conse¬ 
quently combined with various spoilers with the idea 
of obtaining satisfactory values of both rolling and 
yawing moments throughout the entire angle-of-attack 
range. The first spoiler tested had a width 7 per cent 
of the wing chord and a length 40 per cent of the 
semispan. It was hinged at the front edge, the axis 
being 21 per cent of the chord back from the leading 
edge of the wing. The outer end was flush with the end 
of the wing. (Spoiler B, fig. 1.) Tests were made at 
0° yaw with the spoiler and aileron deflected upward 
various amounts and at 20° yaw with the assumed 
maximum deflections for the various aileron move¬ 
ments given in Table V. The results of these tests 
are given in Table I. The rolling and yawing moment 
coefficients obtained with the spoiler up 60° and the 
aileron up various amounts are plotted in Figure 5 for 
five representative angles of attack. It will be noted 
that with the spoiler up 60°, increasing the upward 
aileron deflection beyond about 35°, decreased rather 
than increased the rolling-moment coefficient. 

Tests were also made with the standard-size aileron 
directly behind a spoiler of the same size but with the 
spoiler hinged at the rear. (Spoiler C, fig. 1.) Inas¬ 
much as the hinge moment of this type spoiler is used 
to reduce the control force required, a large moment 
was considered advantageous and a maximum spoiler 
deflection of 90° was assumed. The results of these 
tests are also given in Table I. The rolling and yaw¬ 
ing moment coefficients with the spoiler up 90° and the 
aileron up various amounts are given in Figure 6. In 
this case the rolling moments are reduced by increasing 
the aileron deflection above a value of about 30°. 

The effect of the rear-hinge spoiler in reducing the 
control force required was found by means of hinge- 
moment tests with the spoiler deflected alone, the 
aileron deflected alone, and both deflected in various 
combinations. The results of these tests are given in 
Table II. It may be seen that with the spoiler de¬ 
flected, the hinge moments on the up aileron were 
considerably reduced. 

The tests with spoilers B and C showed that with the 
spoiler up the assumed maximum amount, the maxi¬ 
mum rolling moments, which were obtained with the 
ailerons about 30° to 35° up only, were not entirely 
satisfactory at angles of attack near the stall or above. 
It was apparent that with the ailerons directly behind 
the spoilers the combined effect was much less than the 
sum of the individual effects. As increasing the aileron 
deflection either upward or downward would not 
improve the control beyond the stall, it became neces¬ 
sary to increase the combined efficiency of the spoiler 
and aileron if satisfactory control were to be obtained. 
For an attempt in this direction it was decided to test a 
spoiler inboard of the aileron. The spoiler was made 

short and wide, 15 per cent of the wing chord by 10 per 
cent of the semispan, to make the moment arm as long 
as possible. As shown in Figure 2 (spoiler D), this was 
a rear-hinge spoiler with the axis located 20 per cent of 
the chord back of the leading edge of the wing. Pre¬ 
liminary tests were first made to find the best location 
of spoiler D along the span, the spoiler being deflected 
up 90° and the aileron up 60°. The results, which are 
given in Figure 7, showed that the best position was 
with the outboard end of the spoiler about 40 per cent 
of the semispan from the center of the wing.1 

In order to determine the effect of changing the 
spoiler size, two additional sizes were tested at the best 
span locations, one having half the length and one two- 
thirds the width of spoiler D. The results of these 
tests, which are given in Figure 8, show that beyond 
the stall the spoiler size within the limits tested had 
little effect on the rolling moment; the one with the 
smallest chord (spoiler E) was adopted for the final 
tests with the standard-size ailerons. The complete 
results are given in Table 1 and the effect of deflecting 
the aileron upward with the spoiler up 90° is shown in 
Figure 9. With this combination it will be noted that 
the rolling moment increases with aileron deflection 
throughout the entire range tested. 

Spoilers and short, wide ailerons.—The short, wide 
ailerons, 40 per cent of the chord by 30 per cent of the 
semispan, gave the best control moments at high angles 
of attack of the three sizes of ordinary ailerons tested 
under reference 1 but even they did not give entirely 
satisfactory values just at the stall. In an attempt to 
make the control satisfactory throughout the entire 
angle-of-attack range and at the same time to reduce 
the high control force required for these ailerons, they 
were tested in combination with two different rear- 
hinge spoilers. The first of these was the long, narrow 
spoiler C. (Fig. 2.) The results, which are given in 
Table III and Figure 10, show that although with the 
spoiler up 90° the rolling moment increases with up¬ 
ward aileron deflection throughout the entire range 
tested, the value is only slightly greater than that for 
the aileron alone. 

As in the case of the standard ailerons, tests were next 
made with the short, wide spoiler D (fig. 2), at several 
locations along the span, the aileron being deflected 
upward 60°. The results of these tests, which are 
given in Figure 11, show that the best position is with 
the outboard end of the spoiler 50 per cent of the 
semispan from the center of the wing, leaving, as in the 
case of the standard-size ailerons, a gap of 20 per cent 
of the semispan between the aileron and spoiler. 

The two smaller spoilers were also tested at the best 
location, but in this case the results (fig. 12) showed 
that the original size gave the highest rolling moments 

1 Further tests showed that the best spoiler location with the aileron neutral was 
with the outer edge 80 per cent of the semispan from the center of the wing. An 
exploration of the flow by means of threads showed that at relatively low angles of 
attack the air flow was burbled not only directly behind the spoiler but also over a 
considerable area on each side of it, including the outer 20 per cent of the wing. 
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Figure 5.—Rolling and yawing moment coefficients due to spoiler B up 60° and Figure 6.—Rolling and yawing moment coefficients due to spoiler C up 
standard ailerons 90° and standard ailerons 

IO 20 30 40 50 60 
a, per ceni b/2 

Figure 7.—Effect of span location of spoiler on rolling and yawing 
moment coefficients due to spoiler D and standard ailerons. &s=90°; 

5.4=60° up only 

Figure 8.—Effect of spoiler size on rolling and yawing moment coeffi¬ 
cients due to spoiler E and standard ailerons 
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Figure 9—Bolling and yawing moment coefficients due to spoiler E up 90° and Figure 10.—Rolling and yawing moment coefficients due to spoiler C up 90° and 
standard ailerons short, wide ailerons 

a, per cent b/2 

Figure 11.—Effect of span location of spoiler on rolling and yawing moment coeffi¬ 
cients due to spoiler D and short, wide ailerons. Ss=90°; oa =60° up only 

Figure 12.—Effect of spoiler size on rolling and yawing moment coeffi 
cients due to spoiler D and short, wide ailerons 
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at the high angles of attack, and as the extra hinge 
moment with the large size would be a help in reducing 
the control force required, it was adopted for the final 
tests, the results of which are given in Table IV. With 
this combination the interference between the spoiler 

and aileron was small. 

DISCUSSION IN TERMS OF CRITERIONS 

For a comparison of the different lateral control 
arrangements, the results of the tests are discussed in 
terms of criterions, which are explained in detail in 
reference 1 and briefly in the following paragraphs. 
By use of these criterions a comparison of the effect 
of the different control devices on the general per¬ 
formance, the lateral controllability, and the lateral 
stability may be made. The values of the criterions 
summarizing the results of the present tests are given 
in Table V, and the values for the standard and the 
short, wide ailerons alone are included for comparison. 

GENERAL PERFORMANCE 

The values of the three criterions used in connection 
with the genera] performance of the wing, the maximum 

C 
lift coefficient, the speed-range ratio -n-m-T and the 

climb criterion at CL — 0.70 are not affected by the 

addition of a carefully installed spoiler, so these values 
are approximately the same for the various cases tested. 

LATERAL CONTROLLABILITY 

Rolling criterion.—The rolling criterion upon which 
the effectiveness of each of the aileron arrangements is 
judged is a figure of merit that is designed to be pro¬ 
portional to the initial acceleration of the wing tip 
that follows a deflection of the ailerons from neutral, 
regardless of the air speed or the plan form of the 
wing. Expressed in coefficient form for a rectangular 

monoplane wing, the criterion is 

RC=k 
where Ct is the rolling-moment coefficient about the 
body axis due to the lateral controls. The value of 
this expression that has been found to represent satis¬ 
factory control is approximately 0.075. A more 
detailed explanation of the derivation of R C and of its 
more general form, which is applicable to any wing 

plan form, is given in reference 1. 
The comparison of the lateral control devices covered 

by this report is given in Table V for the different 
aileron movements of reference 1, for four represen¬ 
tative angles of attack: 0°, 10°, 20°, and 30°. The 
0° angle represents the high-speed attitude; a = 10° 
represents the highest angle of attack at which en¬ 
tirely satisfactory control with ordinaiy ailerons can 

be obtained; a = 20° is the condition of greatest lateral 
instability and is probably about the greatest obtain¬ 
able angle of attack in a steady glide with most 
present-day airplanes; and finally, a = 30° is given 
only for a comparison with controls for possible 

future types of airplanes. 
The large spoiler A when tested alone as a complete 

lateral control device, gave a lower value of R C at an 
angle of attack of 0° than was obtained with the or¬ 
dinary ailerons alone, but the value was nevertheless 
substantially greater than the assumed satisfactory one 
of 0.075. At «= 10°, the spoiler gave a slightly lower 
value of R C than the assumed satisfactory one, but 
the control held reasonably close to the satisfactory 
value as the angle of attack was increased through 20°. 

At a ~0°, all the ailerons, whether or not combined 
with spoilers, gave values of R C greatly in excess of 
that considered necessary. Because the ailerons alone 
were designed to give approximately satisfactory con¬ 
trol at an angle of attack of 10°, when combined with 
spoilers they gave in excess of the satisfactory value 
except for the case of the standard-size ailerons with 
upward movement only combined with long, narrow 
spoilers with which no increase of rolling moment was 
obtained by deflecting the aileron more than about 35°. 

At a = 20°, which is definitely above the stall, the 
addition of any of the spoilers substantially increased 
the aileron control, the smallest effect being obtained 
with the short spoiler E with the standard ailerons 
and the greatest with the short spoiler D and the 
short, wide ailerons. The latter with the extreme 
differential movement gave 20 per cent greater than 

the assumed satisfactory value. 
None of the combinations gave satisfactory control 

at an angle of attack of 30°. 
Lateral control with sideslip.—If a wing is yawed 

appreciably, a rolling moment is set up that tends to 
raise the forward tip. The magnitude of this rolling 
moment is always greater at very high angles of 
attack than the available rolling moment due to 
ordinary ailerons. The highest angle of attack at 
which the aileron can balance the rolling moment due 
to 20° yaw is tabulated for all the arrangements 
tested as a criterion of control with sideslip. As pre¬ 
viously mentioned, 20° yaw represents the conditions 
in a fairly severe sideslip. Table V shows that the 
lateral control against the effect of 20° sideslip is 
maintained up to approximately the same angle of 
attack with all of the combinations tested except one, 
that with the short, wide ailerons up 60° combined 
with spoiler D, which gave control to a substantially 

higher angle of attack. 
Yawing moment due to ailerons and spoilers, llie 

desirable yawing moment due to ailerons depends to 
some extent upon the type of airplane that is being 
considered. For highly maneuverable military or 
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acrobatic machines complete independence of the con¬ 
trols as they affect turning moments about the various 
body axes is a desirable feature. On the other hand, 
for large transport airplanes or for machines to be 
operated by relatively inexperienced pilots, a favorable 
yawing moment of proper magnitude would be an 
appreciable aid to safe flying at high angles of attack. 
Finally, it is obvious that a yawing moment tending 
to turn the airplane out of its bank is never desirable 
under any circumstances. 

Reference to Table V will show' that spoiler A alone 
gives a favorable yawing moment about the body 
axes equal to about 1.5 times that produced by an 
average rudder at high speed (0.010) and about 4 
times that produced by an average rudder at low 
speed (0.007). 

Adding spoilers to standard ailerons reduced the 
adverse yawing moment considerably and in most 
cases eliminated it altogether for angles of attack up 
through 20°. A detailed comparison is most readily 
made by direct reference to Table V. 

LATERAL STABILITY 

Inasmuch as spoilers do not affect the lateral sta¬ 
bility if they do not interrupt the wing surface when 
closed, the values of the criterions on this subject are 
considered the same as for the wings without spoilers. 
These values are given in Table V and explained in 
reference 1. The rolling moments tending to make 
the wings autorotate depend in a very critical manner 
on the exact profile of the airfoils and are sometimes 
quite different for two airfoils made to the same design. 
The two examples given in Table V represent the 
extremes of this variation. 

CONTROL FORCE REQUIRED 

The control-force criterion, with which the various 
lateral control devices are compared as regards con¬ 
trol-stick force to attain assumed maximum deflections, 
is based on a stick movement of ± 25° and is independ¬ 
ent of air speed. The criterion is 

riz? __ FI \ 

L r qcS Cl Cl\ 25) 

where F is the force applied at end of control lever of 
8 4 , 

length l and -^r is the gear ratio between the aileron 

and the control lever. 
The control-force criterions have been computed for 

spoiler A alone and for various combinations of spoilers 
and ailerons. They are given in Table V, together 
with criterions for the two ailerons tested alone. The 
hinge moments were measured for spoilers A and C, 
and approximate values were computed for spoilers 
B, D, and E based on the assumption that the moments 
were proportional to the span and the square of the 
chord of the spoilers. 

The control force required for spoiler A alone wTas 
definitely lower than that for the ordinary ailerons 
tested (about one-third that for the standard ailerons 
with equal up-and-down deflection). The spoiler tends 
to float with a small deflection, however, and would 
require a special linkage or spring installation for 

j satisfactory operation. 

Interconnecting a spoiler with the ailerons reduced 
the control force in every case. With spoiler C and 
standard ailerons with average differential or up-only 

; arrangement, the control force was slightly negative; 
that is, the air force on the control system wTas such as 
to hold the controls in a deflected state. This condi¬ 
tion indicates that by choosing the proper relative 
sizes, locations, and linkages of the ailerons and 
spoilers, any desired amount of control force could 
be obtained. 

OPTIMUM COMBINATIONS 

For a nonacrobatic airplane that requires only a 
moderate degree of lateral control it seems likely that 
spoiler A used alone should provide a reasonably 
satisfactory control superior in every way to that 
provided by conventional flap-type ailerons. Reason¬ 
ably high values of R C are maintained up to angles of 
attack beyond the range which can be maintained by 
average airplanes, the yawing moments are in a favor¬ 
able sense throughout the entire range, and the control 
force required is very small. The results, although 
they indicate that it would be difficult to obtain a 
substantial increase in control by increasing the size 
of the spoiler, are sufficiently favorable to justify fur¬ 
ther tests on an airplane in flight. 

A substantial improvement was made in the per¬ 
formance of the standard-size ailerons with each of the 
spoilers tested, but none gave entirely satisfactory 
control. Inasmuch as the front-hinge type substanti¬ 
ally decreases the control force required, the optimum 
combination with the standard-size aileron is probably 
the long spoiler B with average differential aileron 

: movement. 
The short, wide ailerons in combination with the 

short spoiler D gave the highest values of R C at the 
high angles of attack as well as the highest favorable 
yawing moments. If, as seems likely, the control force 
can be reduced to any value desired by the proper 
selection of the relative sizes and deflections, and if 
the rear-hinge spoiler can be made to operate satis¬ 
factorily in flight, this combination should be very 
good for an airplane requiring great maneuverability. 

CONCLUSIONS 

1. In the combined action of spoilers and ailerons the 
full effects of both are not obtained if the spoilers are 
located directly ahead of the ailerons. 

2. With the proper combination of spoilers and or¬ 
dinary ailerons it is possible to obtain satisfactory 
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rolling control up to high angles of attack, accom¬ 
panied by favorable yawing moments and small con¬ 

trol forces. 
3. It is possible to obtain a moderate amount of 

rolling control together with favorable yawing moments 
and small control forces by means of a spoiler alone. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 13, 1932. 
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TABLE I 

FORCE 'I ESTS. 10 BY 60 INCH CLARK YT WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
AND VARIOUS SPOILERS. R. N.-609,000. VELOCITY = 80 M. P. H. 

(CONTROLS NEUTRAL) 

(X -5° 
-*•! 

-3° 0° 5° 10° 14° 15° 16° 18° 20° 22° 25° 30° 

O
 

O
 50° 60° 

YAW=0° 

Cl- - -0. 015 0.059 i 0. 131 0. 334 0. 703 1.045 1. 245 1.268 1.277 1.263 1. 170 1.087 0. 870 0. 820 0. 790 0. 705 0. 598 
Cr>.... .017 .016 .016 .020 .045 .085 . 127 . 139 .154 . 193 .234 .284 .396 .518 .703 .870 1.037 

YAW=—20° 

-0.020 _i 0.110 0. 290 0. 625 0. 923 1.105 1. 177 1. 170 1. 150 1.012 0.890 0.811 0. 750 0. 641 
.019 . 018 . 021 .041 .077 . 112 . 161 . 209 .262 . 412 . 511 .678 .868 1. 040 

CY_ — 002 -.003 -. 004 —. 007 -.011 -.017 -.047 -.074 -.093 -. 121 -. 095 -.056 —.048 -.044 
r ' '-'n — - .002 .001 .001 .002 .005 .008 .014 .017 .022 .023 .050 .043 .047 .055 

CONTROLS DEFLECTED 

SPOILER A 

10 per cent c by 60 per cent 6/2 front hinge 

(AILERONS NEUTRAL) 

CX 0° 10° 14° 16° 18° 

O O
 

CN 22° to
 

Cn
 O 30° 40° 

5s YA W=0° 
o 

10 Ci' 0. 006 0.011 0. 030 0. 033 0.018 0.002 -0. 002 0.002 
10 CY . 001 . 002 . 003 . 002 -. 001 0 -. 002 -.002 
20 Ci' .020 . 046 . 052 . 053 . 044 .027 0 .002 
20 CY .007 . 006 . 004 . 003 -.003 -. 006 -.002 -.002 
40 Ci' . 036 . 065 .073 0. 073 . 065 .045 -0. 002 -.003 .001 
40 CY . 012 .011 .008 .005 .001 -.002 -.002 -.001 -.001 
60 CY .043 . 075 .081 .082 .077 .058 .005 -. 001 0 
60 CY . 015 .015 .013 .009 .006 . 003 -. 002 -.001 -.002 
90 CY .045 .078 . 085 . 078 .077 . 063 .007 -.002 .001 
90 CY .017 .018 .016 . 013 .010 .007 .004 -.001 -.002 

YAW=-20° 

60 ! Ci' 0.016 0.046 0.059 0. 086 0. 095 0.088 0. 056 0.026 -0.00! 
60 CY .016 .018 .016 -.. .011 .007 .005 .011 -.008 .002 

SPOILER n 

7 per cent c by 40 per cent 6/2 front hinge 

a 0° 10° 14° 16° 18° 20° 22° 25° 30° 40° 

5s 5.4 YAW=0° up 

o o 

10 0 Ci' 0.008 0.006 0. 006 0. 005 0.009 0. 003 -0. 021 0.002 0.002 
10 0 CY 0 0 -. 001 -. 001 -. 001 -. 002 -. 002 -. 002 -.002 
60 0 Ci' . 024 .052 . 059 0. 060 .059 .051 . 041 -. 007 -.002 . 001 
60 0 CY . 010 . 010 .008 . 007 . 005 . 001 . 001 -. 007 -.002 -. 002 
10 10 Ci' . 023 .024 . 023 021 . 017 . 007 . 003 -. 017 .003 .004 
10 10 CY 0 -. 004 -.005 -.005 -. 005 -. 006 -. 005 -. 006 -. 004 -. 005 
20 10 Ci’ . 024 .033 . 039 . 040 .042 .037 . 020 -. 003 . 003 .013 
20 10 CY . 001 0 -.001 -.002 -. 004 -. 006 -. 006 -.004 -. 005 -.005 
20 20 Ci' . 035 .048 .052 .052 . 049 . 039 . 022 . 003 . 007 . 018 
20 20 CY . 003 -. 002 -.003 -. 004 -.006 -.009 -.009 -. 007 -. 007 -. 008 
20 40 CY . 048 .057 . 061 .060 .059 . 049 .033 .003 . 015 . 023 
20 40 CY . 008 .002 -.002 -. 003 -.005 -.008 -. 008 -. 009 -. 008 -.014 
20 60 Ci' .059 .070 .074 . 072 . 068 . 058 . 042 .007 . 003 . 009 
20 60 CY . 014 .006 . 003 0 -. 002 -.005 -.006 -. 008 -. 006 -.008 
40 10 C,' . 030 . 049 . 057 . 057 .055 . 048 . 035 -. 012 .001 .003 
40 10 CY . 006 . 004 .002 . 001 -.001 -.005 -. 007 -. 010 -.004 -.005 
40 20 Ci' .037 .061 . 066 .066 . 063 . 055 .038 -. 006 . 006 . 008 
40 20 CY . 006 .003 . 001 -. 001 -. 004 -. 007 -.008 -. 012 -. 007 -.008 
40 25 Ci' . 036 .063 .069 .069 . 066 . 057 .040 . 009 .010 .011 
40 25 CY .006 .003 0 -. 002 -. 004 -.007 -. 009 -. 009 -. 008 -.010 
40 40 CY . 040 . 062 . 068 .068 . 064 .057 .043 .007 .016 . 024 
40 40 CY . 009 .006 . 003 . 002 -. 001 -. 005 - 007 -. 005 -. 008 -.014 
60 15 CY 042 066 072 .074 .071 . 060 .041 . 012 . 001 .003 
60 15 CY . 009 . 006 . 004 . 003 0 -.003 -. 006 -.009 -. 006 -.007 
60 25 Ci' . 040 . 076 .083 . 084 .081 .071 .056 .022 . 010 . 011 
60 25 CY . 009 . 006 .00.3 .001 -. 002 -. 006 -.008 -. Oil -. 009 -. 011 
60 35 Cl' . 038 . 069 . 080 . 084 . 083 . 074 . 061 . 023 . 020 . 020 
60 35 CY . 010 . 008 . 006 . 002 -. 001 -. 005 -.008 -. 013 -. 011 -. 013 
60 50 Cl' .042 . 066 . 071 . 072 . 070 . 061 .047 . 002 .00-1 .012 
60 50 CY . 012 . 008 . 006 . 004 . 001 -. 003 -. 005 -.008 -. 005 -. 008 
60 60 Cl’ .045 . 066 . 072 . 072 . 070 .060 . 046 . 002 . 002 . 009 
60 60 CY . 013 . 010 . 007 . 006 . 002 -.003 -. 006 009 -.005 -. 008 

YAW = -20° 

20 60 Cl' 0.064 0. 074 0. 076 0. 079 0.082 0.083 0. 091 0. 073 0. 052 0.014 
20 60 CY . 016 .008 . 004 . 003 0 -.003 -. 007 -.011 -. 025 -. 009 
40 25 Ci’ . 042 .052 .050 . 060 . 063 . 065 . 060 .047 .056 . 003 
40 25 CY . 007 .003 . 001 -.001 -. 003 -.003 -. 005 -. 006 -. 030 -. 007 
60 25 Ci' . 042 .055 .060 .068 . 076 . 081 .075 055 .061 . 001 
60 25 CY .010 .006 . 004 .002 0 -.003 -.003 -. 003 -.031 -.007 
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TABLE I—Continued 

FORCE TESTS. 10 BY 00 INCH CLARK Y WING WITH PLAIN AILERONS 25 PER CENT c BY 40 PER CENT 6/2 
AND VARIOUS SPOILERS. R. N. = 609,000. VELOCITY=80 M. P. H. 

SPOILER C 

7 per cent c by 40 per cent 6/2 rear hinge 

a 0° 10° 14° 16° 18° 20° 22° j 25° CO
 

o
 o o
 O 

8a YAW r=0° 
up 

o O 

10 0 Ci 0.00G 0.009 0.016 0. 026 0 039 0.040 0.028 0 0 0. 001 

10 0 Cn .001 . 001 .003 .007 .007 .004 .002 -. 001 -. 001 —. 001 

40 0 Ci' . 008 .039 . 051 .054 .053 . 052 .051 . 003 -. 002 . 002 

40 0 Cn' . 006 . 013 . 012 . 012 . 011 .010 . 007 0 —. 001 —. 002 

90 0 Cl' .021 .049 .058 .060 .059 .055 .046 .010 -. 001 0 

90 0 Cn’ .011 .014 . 013 .012 . 010 .007 .004 0 -. 001 —. 002 

10 10 Cl' .023 .027 .033 .038 .043 .045 .035 -. 013 . 003 . 003 

10 10 Cn' . 001 -.002 -. 007 . 003 .003 .001 -. 002 -. 004 -. 004 —. 005 

20 10 Cl' .025 . 037 .044 .047 .051 .048 .040 . 002 . 002 . 004 

20 10 Cn' .002 .004 .000 .006 .005 .002 0 -. 003 -. 004 —. 005 

20 20 Ci .035 . 053 .058 . 060 .060 . 053 .043 .010 . 007 . 008 

20 20 Cn' . 004 .003 .003 .003 . 002 0 -.002 -. 006 —. 007 —. 008 

20 40 Ci .051 .057 . 064 .063 .063 . 056 . 046 . 012 . 017 . 024 

20 40 Cn' .009 .006 .004 .004 .003 . 001 -.001 -. 005 -. 008 —. 014 

40 10 Ci .024 . 051 . 060 .063 .061 .058 .053 .007 0 . 003 

40 10 Cn .006 . 009 . 009 . 008 . 007 .007 .004 -.003 —. 004 —. 005 

40 20 Ci .029 . 064 . 071 .074 .070 . 064 . 058 .013 . 005 . 008 
i 

40 20 Cn' . 006 .007 . 006 .005 . 004 .003 . 002 -. 005 -. 007 —. 009 

40 30 Ci .033 .063 . 075 . 078 .077 .072 .062 . 021 . 015 . 015 

40 30 Cn' .008 .008 . 007 .006 .003 .002 . 002 -.007 -. 008 —. 012 

40 40 Ci .039 . 062 .071 .074 . 069 .066 .060 .016 . 017 . 023 

40 40 Cn' . 010 . 010 .008 .007 .006 .005 .004 -. 003 —. 007 —. 014 

60 30 Ci . 034 .069 . 081 .085 .084 .073 . 065 .026 . 015 . 016 

60 30 Cn' . 010 . 010 .008 .006 .004 . 001 .001 -. 008 —. 009 —. 012 

90 15 Ci .041 .067 .074 .075 .070 . 064 .054 . 025 . 004 . 006 

90 15 Cn' . 010 . 009 . 008 . 007 .005 .002 0 -. 005 —. 006 —. 007 

90 25 Ci . 037 .077 .085 . 086 . 081 .071 . 060 . 032 .011 . 011 

90 25 Cn' . 010 .009 . 006 . 005 . 003 0 -.002 -.007 -.008 —.010 

90 35 Ci . 036 . 070 . 080 .084 .081 .074 . 065 .035 .020 .020 

90 35 Cn' .011 .010 .008 .007 .004 . 001 -.002 -.007 -. 010 —. 013 

• YAW = -20° 

40 25 Ci 0. 041 0. 052 0.058 0.061 0.068 0.071 0. 063 0 044 0. 017 0.004 

40 25 C„’ . 008 .006 .005 .005 . 004 . 004 .005 -.010 -.012 —. 005 

90 25 Ci .040 .055 .062 . 069 .077 .080 . 053 .053 . 026 . 003 

90 25 Cn' .011 . 010 .008 .007 .006 .004 -.004 -. 009 —. 013 —. 005 

SPOILER E 

10 per cent c by 10 per cent 6/2 rear hinge 

a 0° 10° 15° 18° 

1 

20° 22° | 25° CO
 

o
 o 

—
 

40° 

8a YAW=0° 
up down 

o 

15 

O 

10 

O 

0 Ci 0. 022 0.030 0. 044 0. 040 0.029 0. 009 0.006 

1 

0.002 0.004 

15 10 0 Cn 0 -.002 -. 002 -. 004 -.006 -. 000 -. 004 —. 005 —. 006 

30 10 0 Ci .021 .041 .045 .041 .030 .033 .007 . 002 . 003 

30 10 0 Cn 0 -.001 -.002 -. 004 -. 006 -. 005 -. 005 —. 005 —. 006 

30 20 0 Ci . 037 .058 . 065 .059 .046 .039 . 012 . 008 . 007 

30 20 0 Cn' .002 -.003 -.005 -. 008 -.010 -. 004 -.008 -. 007 —. 009 

45 10 0 Ci .023 . 042 . 046 .042 .027 . 039 . 007 . 001 . 003 

45 10 0 Cn' .001 -.001 -.002 -. 004 -. 007 -. 001 -. 006 —. 005 —. 005 

45 20 0 Ci .039 . 060 . 065 .059 . 044 . 043 . 013 . 009 . 008 

45 20 0 C„' . 003 -.002 -.005 -.007 -.008 -.003 -.008 —. 00/ —. 009 

45 30 0 Ci .049 .072 .078 . 073 .057 .050 .020 . 016 . 015 

45 30 0 Cn' . 006 0 -. 005 -. 008 -.010 -.006 -. 010 -. 010 —. 012 

55 20 0 Ci .040 .063 . 066 . 061 .044 .041 . 012 . 009 . 007 

55 20 0 Cn' . 003 -.002 -.005 -.007 -.008 -. 004 -. 008 —. 00/ —. 008 

55 30 0 Ci .050 .073 .077 . 074 . 058 .050 .020 . 015 . 014 

55 30 0 Cn’ .006 0 -.004 -.007 -. 009 -. 007 -. 010 -. 009 —. 012 

90 25 0 Ci . 049 . 068 .073 . 070 .055 .037 .016 . Oil . 011 

90 25 0 Cn’ .005 -.001 -.005 -.009 -. 012 -. 009 -.009 —. 009 —. 010 

90 35 0 Ci .058 . 078 .082 . 077 . 060 . 044 . 019 . 020 . 019 

90 35 0 Cn' . 009 . 001 -.003 -. 007 -.010 -. 008 -. 008 -. 009 —. 013 

90 50 0 Ci .070 . 089 .094 • . 090 .076 .054 . 015 . 008 . 012 

90 50 0 Cn' . 015 . 005 0 -.004 -.008 -.007 —. 005 -. 006 —. 008 

90 60 0 Ci .074 . 094 . 100 . 097 .081 .060 . 017 . 005 . 010 

90 60 0 Cn' .019 . 009 . 004 -.002 -. 005 -. 005 -.005 —. 006 -. 008 

90 0 0 Ci .011 . 025 .031 . 02S .016 .007 . 003 0 . 001 

90 0 0 Cn' .003 .003 .003 .002 . 001 0 -. 002 —. 002 —. 002 

YAW = -20° 

90 25 25 Ci 0. 073 0.077 0. 083 0.087 0.079 0. 049 0.050 0.021 0.004 

90 25 25 Cn' -.004 -.014 -.020 -.020 -.021 -. 029 -. 036 —. 034 —. 016 

90 35 15 Ci . 075 . 081 .085 .093 . 087 .054 . 061 . 035 . 010 

90 35 15 Cn' . 005 -. 005 -.012 -.014 -. 015 -.023 -.035 —. C35 —. 014 

90 50 Ci .071 . 084 . 090 . 097 .096 . 063 . 070 . 04c . 018 

90 50 7 Cn' .012 .003 -.003 -. 007 -. 009 -. 015 -.029 —. 030 —. 011 

90 60 0 Ci .066 . 082 .089 .010 . 099 .063 . 070 . 048 . 013 

90 60 0 Cn’ .017 .009 .003 -.001 -.003 -.010 -. 024 —. 02b —. 008 
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TABLE II 

HINGE-MOMENT COEFFICIENT, CH 

SPOILER A 

(0.10 c by 0.60 6/2 front hinge) 

&8 0° 5° 10° 20° 30° 40° o
 o
 

60° 0
0

 
o

 
o

 

a 

0° -0.0001 0.0002 0.0003 0. 0004 0. 0006 0.0009 0. 0010 0. 0012 0.0014 
10° -.0002 .0001 .0001 .0003 .0005 . 0007 .0010 .0011 . 0013 
15° -.0003 -.0001 0 .0002 .0004 .0007 .0008 . 0010 .0011 
20° -.0001 -.0001 0 .0002 .0004 .0006 .0008 .0010 .0012 

spoiler c 

(0.07 c by 0.40 6/2 rear hinge) 

t>8 « o° b 0° 10° 20° 30° 40° 60° 

o
 o
 

G
O

 90° 100° 110° 120 
a 

0° 0 -0. 0008 -0. 0008 -0. 0007 -0. 0006 -0. 0006 -0. 0006 -0.0006 -0. 0006 -0. 0006 -0. 0005 
10° 0 -0. 0006 -. 0006 -.0005 -.0005 - 0005 -.0005 -. 0005 -.0005 -. 0006 —.0005 -.0005 
20° -.0001 —.0006 -.0005 -.0004 -.0004 -.0004 -. 0005 -. 0005 -. 0005 -. 0004 -.0004 -.0004 

STANDARD AILERON 

(0.25 c by 0.40 6/2) 

Down aileron U p aileron 

5 A 
a 

25° 20° 15° 5° 0° -5° -10° -15° -20° -25° -30° -35° 

0° 
10° 
20° 

-0. 0033 
-.0041 

-0.0027 
-. 0034 
-.0043 

-0. 0019 
-.0027 
-.0040 

-0.0009 
-. 0016 
-.0032 

-0.0006 
—. 0008 
-. 0025 

0 
-. 0005 
—.0019 

0. 0003 0.0007 
.0004 

—.0004 

0. 0012 0. 0018 
.0017 
. 0006 

0. 0025 
.0024 
.0017 

0. 0034 
.0031 
.0020 

STANDARD AILERON AND SPOILER C 

Spoiler up 90°, aileron variable 

Up aileron Spoiler 

Sa 
a 

0° -5° -10° -15° 1 to
 

©
 0 o 4

0
 

i -30° -35° as=90° 

to
 —

 
©

 ®
 o
 

, 
o 

o 
o -0.0011 -0.0008 -0.0003 

-.0011 
-.0013 

-0.0001 
-0.0003 
-.0005 

0 
0 

-.0003 

0.0002 
.0004 

-.0001 

0.0004 
.0004 
.0003 

-0.0006 
-. 0006 
—.0005 

Opening moment. k Moment required to close. 
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TABLE III 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH PLAIN AILERONS 40 PER CENT c BY 30 PER CENT 6/2 
AND REAR-HINGE SPOILER 7 PER CENT c BY 40 PER CENT 6/2. R. N. = 609,000. VELOCITY = 80 M. P. H. 

(CONTROLS NEUTRAL) 

a -5° -4° -3° 0° 5° 10° 14° 15° 16° 18° 20° 22° 25° 30° 40° 50° 60° 

YAW =0° 

cL - 0. 020 0. 047 0. 120 0. 330 0.692 1.025 1.205 1. 208 1. 196 1. 185 1. 130 1.055 0.840 0. 855 0.810 0. 685 0. 592 

Cd.~ .017 .016 .017 .021 .044 .084 . 127 . 145 . 162 . 195 .239 . 282 .413 . 533 .718 .860 1.017 

YAW = -20° 

Cl . 106 . 284 .913 1. 077 1.110 1.130 1.135 .933 .905 .887 .800 .750 .632 

(Id .017 .020 .075 . 110 .131 . 168 . 216 .346 .408 .505 .663 .857 1. 018 

Cl’ —.001 -.003 -.011 -.019 -.033 -.056 -. 076 -.096 -. 105 -.092 —. 055 —. 046 —. 043 

Cn .002 .002 .005 .008 .011 .015 .019 .026 .039 .049 .043 . 046 . U5ii 

(CONTROLS DEFLECTED) 

a 0° 10° 14° 16° 18° 20° 22° 25° 30° 40° 

1 

5s Sa 
up 

YAW=0° 

o 

10 
10 
20 
20 
20 
20 
20 
20 
40 
40 
40 
40 
40 
40 
90 
90 
90 
90 
90 
90 
90 
90 
90 
90 

O 

10 
10 
10 
10 
20 
20 
45 
45 
10 
10 
20 
20 
40 
40 
15 
15 
25 
25 
40 
40 
50 
50 

0 
1 0 

Cl' 
Cn’ 
Cl’ 
Cn' 
Cl’ 
Cn' 
Cl' 
Cn' 
Cl' 
Cn’ 
Cl' 
Cn' 
Cl' 
Cn' 
Cl’ 
Cn' 
Cl' 
Cn' 
Cl' 
Cn' 
Cl’ 
Cn' 
Cl' 
CV 

0. 025 
.001 
.026 
.002 
.041 
.004 
.066 
.017 
.027 
.005 
.042 
.005 
.057 
.015 
.039 
.009 
.047 
.010 
.052 
.014 
.056 
.017 
.021 
.011 

0. 027 
-.003 

.035 

.003 

.052 

.002 

.082 

.011 

.048 

.007 

.063 

.004 

.084 

.010 

.062 

.008 

.072 

.007 

.082 

.011 

.085 

.013 

.049 

.014 

j 

0. 030 
-. 002 

.040 

.004 

.056 

.001 

.087 

. 007 

.056 

.007 

.068 

.003 

.087 

.007 

.066 

.007 

.077 

.005 

.085 

.008 

.092 

.010 

.058 

.013 

0. 032 
.001 
.041 
.004 
.055 
.001 
.084 
.005 
.054 
.006 
.065 
.002 
.083 
.005 
.064 
.005 
. 075 
.002 
.082 
. 005 
.090 
.007 
.060 
.012 

0.037 
. 002 
. 047 
.004 
.056 

0 
.084 
.002 
.056 
.005 
.064 

0 
.083 
.002 
.063 
.004 
.076 
.001 
.082 
.003 
.090 
.005 
.059 
.010 

0. 040 
0 

.046 

.001 

.052 
-.002 

.080 
-.001 

.053 

.003 

.059 
-.002 

.076 
0 

.058 

.002 

.067 
-.002 

.077 
0 
.085 
.002 
. 055 

j .007 

0. 027 
-.002 

.039 
-.002 

.041 
-.003 

.067 
-.003 

.044 
0 

.048 
-.002 

.062 
-.003 

.048 
0 

.054 
-.003 

.063 
-.003 

.070 
-.001 

.046 

.004 

-0.009 
-.004 
0 

-.004 
.007 

-.007 
.028 

-.006 
.010 

-.004 
.015 

-.006 
.024 

-.006 
.016 

-.006 
.021 

-.007 
.027 

-.007 
.029 

-.004 
.010 

0 

-0.010 
-.002 
-.009 
-.002 
-.001 
-.006 

.018 
-.009 
-.004 
-.003 

.005 
-.007 

.021 
-.012 

.001 
-.005 

.011 
-.001 

.023 
-.012 

.022 
-.009 
- 001 
-.001 

0.002 
-.005 

.002 
-.006 

. 005 
-.008 

.023 
-.015 

.002 
-.006 

.005 
-.008 

.019 
-.014 

.003 
-.007 

.008 
-.010 

.019 
-.014 

.026 
-.015 
o 

| -.002 
1 

YAW = -20° 

20 45 Ci' 0.072 0. 090 
20 45 Cn' .021 .011 
40 40 Cl' .071 .087 
40 40 Cn' .021 .011 
90 40 Cl’ .073 .088 
90 40 Cn' .024 .014 

0.094 0.097 0. 104 0. 104 
.006 .004 .001 -.002 
.093 .096 . 100 . 102 
.007 .005 .002 -. 002 
.093 .097 . 102 .104 
.009 .007 .004 0 

0.091 0.077 0. 061 0.021 
-.016 -.020 -.030 -.020 

.087 .068 .057 .016 
-.016 -.016 -.027 -.018 

.091 .076 .057 .013 
-.016 -.021 -.026 -.017 
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TABLE IV 

FORCE TESTS. 10 BY 60 INCH CLARK Y WING WITH PLAIN AILERONS 40 PER CENT c BY 30 PER CENT 6/2 
AND REAR-HINGE SPOILER 15 PER CENT c BY 10 PER CENT 6/2. R. N.-609,000. VELOCITY-80 M. P. H. 

(CONTROLS NEUTRAL) 

a -5° -4° -3° 0° 5° 10° 12° 14° 15° 18° 20° 22° 25° C
O

 
o

 
O

 

40° 50° 60° 

YAW = 0° 

CL 
Cd 

-0.004 
.017 

0.063 
.016 

0.142 
.017 

0. 354 
.022 

0.718 
.047 

1.050 
.089 

1.163 
.110 

1.240 
. 130 

1. 270 
. 144 

1.225 
. 199 

1.185 
.239 

1. 118 
.283 

0.790 
.418 

0.860 
.538 

0. 800 
.713 

0. 710 
.878 

0.600 
1.037 

YAW = —20° 

Cl 
Cd 
Ci' 
C„' 

0.006 
.020 

—.003 
.002 

0. 304 
.024 

-.006 
.001 

0. 633 
.044 

-.008 
.002 

0. 941 
.081 

-.013 
.005 

1.099 
.116 

-.022 
.008 

1.167 
. 162 

-.051 
.015 

1. 170 
.212 

-.075 
.018 

1.145 
. 259 

-.091 
.024 

0.918 
.411 

-. 107 
.038 

0. 915 
.528 

-.094 
.049 

0. 805 
.675 

-.055 
.043 

0. 758 
.876 

-.047 
.044 

0.642 
1.010 

-.044 
.053 

(CONTROLS DEFLECTED) 

CL 0° 10° 15° 18° 20° 22° 25° 30° 40° 

$3 Sa 
up 

5.4 
down Yaw=0° 

O 

15 

O 

10 

0 

0 Ci' 0. 023 0.043 0.050 0.045 0. 043 0. 028 -0. 001 -0. 001 0.003 
15 10 0 C„' 0 0 -.001 -.002 -.004 -.010 -.004 -.004 -. 006 
30 10 0 Cl’ .024 .050 .055 .050 .045 .028 -.004 .002 .002 
30 10 0 C„' .001 .001 -.001 -.002 -.004 -.005 -.003 -.004 -.006 
30 20 0 C{ .041 .069 .075 .070 .064 .046 .001 .005 .006 
30 20 0 Cn’ .003 0 -.004 -.006 -.009 -.010 -.007 -.007 -.009 
45 10 0 Cl' .024 .055 .058 .052 .044 .029 -.005 .001 .002 
45 10 0 Cn’ .002 .001 -.001 -.002 -.004 -.005 -.002 -.004 -.006 
45 20 0 Cl' .042 .073 .078 .070 .056 .046 0 .005 .006 
45 20 0 Cn' .004 0 -.004 -.006 -.008 -.011 -.006 -. 007 -.009 
45 30 0 Cl' .053 .092 .096 .089 .080 .066 .012 .013 .013 
45 30 0 C„' .009 .002 -.004 -.006 -.010 -.013 -.009 -.009 -.012 
55 20 0 Cl' .047 .075 .079 .070 .057 .047 0 .007 .006 
55 20 0 C„' .005 0 -.003 -.005 -.008 -.010 -.006 -.007 -. 009 
55 30 0 Cl' .058 .092 .097 .091 .076 .066 .010 .014 .012 
55 30 0 C„' .011 .002 -.003 -.006 -.010 -.013 -.009 -.009 -.013 
90 25 25 Cl' .096 . 114 . 113 .095 .070 .051 .003 .009 .007 
90 25 25 C„' -.003 -. 016 -.022 -.023 -.023 -.021 -.018 -.020 -.024 
90 35 15 Cl' .094 . 122 . 122 .101 .084 .070 .021 .017 .016 
90 35 15 C„' .009 -.005 -.011 -.014 -.016 -.019 -.017 -.017 -.022 
90 50 7 C|' .093 . 117 . 126 .117 . 112 .093 .038 .018 .027 
90 50 7 C,' .020 .010 .003 -.002 -.005 -.009 -.010 -.010 -.020 
90 60 0 Cl' .079 . 110 . 117 .116 . 113 .098 .044 .021 .020 
90 60 0 C„' .025 .016 .012 .008 .004 0 -.003 -.005 -.011 
90 0 0 Cl' .020 .036 .037 .032 .030 — .004 
90 0 0 C„' .005 .005 .006 .006 .005 .002 

YAW = -20° 

90 25 25 C|' .084 .094 . 100 .099 .095 .050 .051 .033 .001 
90 25 25 C„' -.002 -.018 -.024 -.023 -.022 -.033 -. 037 -.038 -.022 
90 35 15 Cl' .093 . 102 . 105 . Ill . 108 .071 .067 .051 .010 
90 35 15 C„' .012 -.004 -.012 -.015 -.016 -.030 -. 035 -.039 -.023 
90 50 7 Cl' .084 . 121 . 129 . 142 .137 .107 . 096 .078 .026 
90 50 7 Cn' .023 .017 .006 0 -.002 -.020 -. 027 -.036 -.024 
90 60 0 Cl' .071 . 103 . 134 . 148 . 148 . 123 . 109 .095 .039 
90 60 0 C„' .027 .023 .021 .013 .009 -.010 -.016 -.029 -.022 



SPOILERS AND AILERONS ON RECTANGULAR WINGS I OfJ 

TABLE V 

CRITERIONS SHOWING RELATIVE MERITS OF SPOILER AND AILERON COMBINATIONS 

Spoiler Al Standard ailerons Standard ailerons and Spoiler B Standard ailerons and Spoiler C 

Subject Criterion 

3s=60° 

Stand¬ 
ard, 
25° 
up, 
25° 

down 

Differ¬ 
ential, 
No. 1, 

35° 
up, 
15° 

down 

Differ- 
No. 2, 

50° 
up, 
7° 

down 

Up 
only, 

60° 

Standard, 
. _ (25° up 
°A \25° dowm 

Ss=60° 

Differentia] 
No. 1, 

_ (35° up, 
\15° down 
3s=60° 

Up 
only, 
=35° 

5s =60° 

Standard, 
- (25° up 
°A —\25° down 

Ss=90° 

Differential, 
No. 1, 
(35° up, , 

,A 115° down , 
os=90° 

Up 
only, 

a =30°, 
s=90° 

Wing area or 
minimum speed. | 

Speed range. 

Rate of climb-... j 

n 

^Lm ax 
slmax L rv o 
7Dmin p-° 
L/D&t Ci=0.70J 

RC a—0°_ 

I 1-277 
{ 81.0 
1 15.6 

. 130 

1. 270 
79.4 
15.9 

. 204 

1. 270 
79.4 
15.9 

. 202 

1. 270 
79.4 
15.9 

.214 

1. 270 
79.4 
15.9 

1 . 196 

1.277 
81.0 
15.6 

. 

.219 

1. 277 
81. 0 
15.6 

. 186 

1.277 
81. 0 
15.6 

. 114 

.064 
. (Mil 
. 028 

1. 277 
81. 0 
15. 6 

.214 

1.277 
81. 0 
15.6 

. 182 

. 087 
. 064 
.019 

1. 277 
81. 0 
15.6 

. 110 

. 070 

.059 

.021 
Lateral control- 1 

lability _ 
RC a = 10°---. .069 .076 .074 .074 .072 . 105 . 087 xuo 

062 
006 RC a-20°__ .060 '’.038 ‘.051 ‘ 055 o. 054 . 063 . 067 

.020 RC a = 30°__ 0 . 017 .005 . 002 .002 . 008 

Lateral control 
with sideslip. 

Maximum a at which 
controls will balance 
Ci' due to 20° yaw. 

r< „ — n° 

22° 

| .015 

20° 20° 

.002 
/-. 003 

.004 
002 

007 

21° 

. 010 
/-. 002 

.013 

22° 

.016 

22° 

. 001 

21° 21° 

. 006 
• 001 

.010 Q 003 .007 .010 

Yawing moments C„ a —10° 
J ”."027* 

—. 007 
.018 .011 ! 016 .020 ff 016 . 019 .022 

due to controls. 
(+; Favorable 
(—) Unfavorable 

C„ a: = 20°_ 

l- 
J . 032 

—. 004 

-. 010 
. 008 

/-. 006 
. 013 

'-.003 
.013 . 016 

002 
.021 f. 022 

C„ a=30°_ J 6 
003 -. 008 -.008 007 

.002 
004 
|. 

-.016 ‘-.006 
. 001 
. 003 _ 012 »-.010 •-.004 

a For initial instability 
IS0 18° 

Lateral stability •' , 
(3=0°).- -. 

in rolling. 
a For initial instability 

p'b 
at 2 y-0. 05: 

Yaw—0°_ 17° 17° 17° 17° 
Yaw—20°.. 

Maximum unstable C\: 
Yaw—0°_ 

11° 

. 048 

11° 

.048 

11° 

.048 

11° 

.048 
Yaw-20°_ 

CF a=0°.. .008 

.093 

.017 

.093 

.019 

. 093 

.028 

.093 

.041 .013 . 006 
. 002 
.001 

. 004 

. 001 

. 001 

. 003 

.002 

.002 

-. 003 
-.001 
-. 001 

-.006 
-. 002 
-. 002 Control force re- J 

required_| 
CF a = 10°. 
CF a = 20°_ 

.002 

. 002 
. 006 
. 006 

.005 

.003 

.003 

.005 .010 . 005 
.004 

CF a-30°.. . 001 -1 

Standard ailerons and Spoiler E Short, wide aileron » 

Subject Criterion Standard, 
- _/25° up 
0A (25° down 

3s=90° 

Differential, 
No. 1 

. (35° up 
dA_\15° down 

Ss = 90° 

Differential, 
No. 2 

j (50° up 
°A —\7° down 

Ss= 90° 

Up only, 
3^=60° 
3s= 90° 

standard, 
25° up, 
25° down 

Differen¬ 
tial No. 1, 
35° up, 
15° down 

Differen- 
ial. No.2, 

50° up, 
7° down 

Up only, 
60° 

Wing area or mini¬ 
mum speed_ C Lmax 1.277 

81.0 
1. 277 1.277 1.277 1.258 1. 258 1.258 1.258 

78.5 
15.9 

rcw U-o0 81.0 81.0 81. 0 
15.6 

78. 5 
15.9 

78. 5 
15.9 

18. 5 
15.9 

Rate of climb_ 
l CsT)mxn 
LID at Cl=0. 70J 

15.6 15.6 15. 6 

mr />—n° . 249 .247 .252 .224 
.088 
.066 
. 008 

. 226 

.078 
i>. 046 
.019 

.234 .226 
. 083 

\ c. 073 
.026 

.202 
. 076 

‘, 4 074 
.022 

Lateral controlla- I ric a—10° __ .098 .096 . 095 

\RC a~ 20°_ .052 . 056 . 067 UOo 

\RC a-30° __ . 007 .019 . 007 

Lateral control Maximum a at which controls will 
balance (?/ due to 20° vaw_.. 20° 21° 21° 21° 19° 20° 22° 25° 

.004 
-.002 

.011 

.013 
'-. 002 

.020 

.019 .005 .016 .021 
r-.- -.007 /- .002 •-.001 
1 im 
f «. 0(>4 .025 . 006 .020 .026 

Yawing moments C„ 0-10°_ -.007 {- .003 •-.002 
due to controls. '.002 . 006 .017 .023 . 001 . 019 . 029 

(+) Favorable- - Cn a —20°_ { -.010 f- .008 007 *-. 003 
(—) Unfavorable. l .003 . 009 

Cn « —30° - ( -.012 -.006 »-. 006 . 005 »—. 002 

18° 18° 18° 18° 

Lateral stability 

aFor initial instability at ®'5=0.05: 
2V 

' 

17° 17° 17° 17° 

(6-0°).. 12° 12° 12° \l 

Maxdmum unstable CX: .022 .022 .022 . 022 
.085 . 085 . 085 . UoO 

[C,F a = 0°_ _ .013 .015 .024 .037 
.009 

. 030 

.010 

. 009 

. 032 

. 007 

.004 
. 004 

. 052 

.007 
.079 
.014 

Control force re - I CF a-10°_ 
|l CF a-20°_ 

.005 

. 005 
.004 
.002 

. 004 

— 

See footnotes at end of table. 
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TABLE V—Continued 

CRITERIONS SHOWING RELATIVE MERITS OF SPOILER AND AILERON COMBINATIONS—Continued 

Subject Criterion 

Short, wide ailerons and Spoiler C Short, wide ailerons and Spoiler D 

Standard, 
, _/25° up 

\25° down 
3s=90° 

Differential, 
No. 1, 

- /35° up 
—115° down 

3s=90° 

Differential, 
No. 2, 

x (50° up 
dA-\7° down 

3s=90° 

Up onlv, 
SA =60° 
3s =90° 

Standard, 
- _ f25° up 
°a~{‘25° down 

Ss=90° 

Differential, 
No. 1, 

g.-f 35° up 
U5°down 

5 s=90° 

Differential, 
No. 2 

- _/50°up 
°A~\ 7°down 

3s=90° 

Up only, 
5j=60o 

3s =90° 

Wing area or mini¬ 
mum speed. 

Speed range_ 

C Lmaz 1 

[CrL mal ia=(J° 
I 1.208 

75.0 
1 15.7 

. 253 

. 101 

. 060 

.013 

1. 208 
75.0 
15.7 

.234 

.097 

.065 

.027 

22° 

.007 

1, 208 
75.0 
15.7 

. 210 

. 090 

.072 

.029 

1. 208 
75.0 
15. 7 

. 183 

.080 

.074 

.012 

1. 270 
78.0 
15.3 

.271 
. 110 
.062 
.020 

20° 

1. 270 
78.0 
15.3 

.265 

. 115 

.071 

.027 

21° 

.009 
•-. 002 

.017 

1. 270 
78.0 
15.3 

.262 

. 108 

.090 

.024 

23° 

.020 
•-.002 

.030 

1. 270 
78.0 
15. 3 

.231 

. 102 

.088 

.024 

32° 

.025 

Hate of climb_ 

Lateral controlla¬ 
bility__ 

ICd min 
LID at Cr.=0.70) 

IRC a= 0°__ 
) RC a = 10°  __ 
\RC a = 20°.. 

Lateral control 
with sideslip_ 

Yawing moments 
due to controls. 

\RC or=30°... 

Maximum a at which con¬ 
trols will balance Ci' 
due to 20° yaw___ 

lCn Of = 0°___ f *. 002 
\ . 001 
1 «. 012 

. 016 . 022 

C„ a = 10°—.. 

C„ at=20°___ 

C„ or=30°___ 

-.003 
7.008 .017 . 025 .an . 035 

(—' Unfavorable... I «. 015 
1_ 

.016 .026 .036 7.007 .014 .034 .042 

.004 
•-.007 

.007 
•-.004 

a For initial instability in 
rolling... 

\ 010 009 7- 009 -.012 . 007 »—. 007 

a b or initial instability at 
p'b 
9 t/=0. 05: 

(3 = 0°).. Yaw=0°_ _ 
Y aw = 20°__ 

Maximum unstable CX: 
Yaw=0°_ 

1 Yaw=20°_ 

ICF at=0°__ 021 023 043 070 
Control force re- JCF a = 10°.... . 007 004 .004 ion 
quired... I CF a = 20°.. .007 .002 

lCF a = 30°_ 

° Data taken from reference 1. 
6 Based on a lift coefficient 12 per cent lower than one on which other arrangements are based. 
• RC has a minimum value of 0.086 at a = 17° and a maximum of 0.079 at «=22°. 
d i?C=0.064 at a=17° and 0.094 at «=22°. 

/ ^ ]50^ ^-^e maxlm 11111 yawing moment occurred below maximum deflection, the letters indicate the deflection of the up aileron or spoiler alone as follows: *=10°, 

• Literal stability criterions unchanged by addition of spoilers since profile is continuous with controls neutral. 
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THE MECHANISM OF ATOMIZATION ACCOMPANYING SOLID INJECTION 

Bv R. A. Castleman, Jr. 

SUMMARY 

A brief historical and descriptive account of solid in¬ 
jection is followed by a detailed review of the available 
theoretical and experimental data that seem to throw light 
on the mechanism of this form of atomization. It is con¬ 
cluded that this evidence indicates that (1) the atomization 
accompanying solid injection occurs at the surface of the 
liquid after it issues as a solid stream from the orifice; and 
(2) that such atomization has a mechanism physically 
identical with the atomization which takes place in an air 
stream,, both being due merely to the formation, at the 
gas-liquid interface, of fine ligaments under the influence 
of the relative motion of gas and liquid, and to their 
collapse, under the influence of surface tension, to form 
the drops in the spray. This simple theory, previously 
proposed by the author, is the most satisfactory and fits 
the observations the best of any yet advanced. It is 
recommended that use of the term “atomization” be 
restricted to a certain definite range, in which its use is 
sound, etymologically and physically. 

INTRODUCTION 

Ill two former papers (references 1 and 2) the 
atomization of liquids was treated as a phenomenon 
due to the relative motion of gas and liquid at their 
interface, this motion causing the formation of liga¬ 
ments of liquid extending into the gas. It was also 
shown that these ligaments are so fine that they will 
collapse, under the influence of surface tension alone, 
with sufficient rapidity to account for the observed 
sizes of the drops in the atomized spray. Air-stream 
atomization only was specifically considered in the 
latter paper; satisfactory theoretical and experimental 
evidence was presented in that case. 

Another method of atomization—apparently the 
only other method found useful to date—was invented 
by James McKechnie (reference 3) in 1910. In this 
method, now called for obvious reasons “solid injec¬ 
tion,” the liquid is injected under rather high pressure 1 

1 McKechnie was under the impression that sudden release from very high pres¬ 
sure would, in combination with the very high temperature of the air suddenly 
compressed in a Diesel engine, immediately vaporize the liquid, but it seems that this 
will lead mainly to atomization. He did not specify this pressure, merely calling it 
“extremely high’’; Kuehn used up to 40 atmospheres in his 3924 experiments; 
Woltjen and Sass experimented with pressures ranging from 50 to 350 atmospheres; 
while the National Advisory Committee for Aeronautics has experimented with 
pressures ranging from about 3,500 to about 8,000 pounds per square inch (238 to 545 
atmospheres) (lower pressures are, however, considered in some of their recent work). 
In most modern practice pressures of 200 to 600 atmospheres are used, depending on 
circumstances and on the effects desired. 

into comparatively still air and is thereby finely 
atomized. The spray (see fig. 5) takes the form of a 
cone with the orifice as vertex. It has been shown by 
the National Advisory Committee for Aeronautics 
that this spray is very inhomogeneous as to drop size. 

Both methods of atomization (air-stream atomiza¬ 
tion and solid injection) involve a very high relative 
motion of gas and liquid at their interface. This 
requirement is easily met in the carburetor engine, 
which compresses an air-fuel mixture to a temperature 
well below that at which it will ignite spontaneously, 
ignition being caused by the passage of an electric 
spark at the desired instant. Since the air may there¬ 
fore be carbureted with atomized fuel before it enters 
the engine, all that is necessary is to introduce fuel 
in proper quantity at a constricted section of the 
intake air stream. 

The compression-ignition engine, as its name indi¬ 
cates, depends for ignition on the temperature devel¬ 
oped by the approximately adiabatic compression of 
pure air. Hence a very high compression ratio is 
needed, ignition being timed by fuel injection, so that 
the fuel can only be introduced into the cylinder near 
the end of compression. In large, low-speed engines 
(for stationary or marine service) an arrangement 
devised by Diesel has been found useful—an air stream 
from an auxiliary compressor passes over the surface 
of the liquid fuel and into the engine, the fuel thus 
being atomized and introduced into the cylinder at 
the proper instant. 

To adapt this type of engine to automotive uses, 
it was desirable to reduce its bulk and weight. An 
obvious means of accomplishing this was the elimina¬ 
tion of the air compressor. Since McKechnie’s device 
substitutes a compact lightweight fuel pump for the 
compressor and offers other advantages for high-speed 
operation, it is used almost universally in high-speed 
practice. Hence, much interest is attached to the 

| explanation of the atomization which results from 
1 solid injection. 

It was previously suggested (reference 2) that solid 
injection seemed to be so similar to air-stream atomi¬ 
zation as regards relative motion at the gas-liquid 
interface that an identical physical mechanism might 
be expected. However, it has been pointed out that 
in the case of solid injection such forces as those due 

i to fluid friction in the nozzle passages might deter- 

735 
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mine the break-up of the larger mass of liquid. So 
it seems important to consider to what extent the 
theory advanced for air-stream atomization applies 
to solid injection. 

AVAILABLE DATA 

Technische Hochschule, Danzig.—In the experi¬ 
ments performed at the Danzig Technische Hochschule 
and reported by Ivuehn (reference 4), the liquid was 
forced, at comparatively low pressures (maximum 
around 40 atmospheres), into the open atmosphere, 
where a sample of the spray was caught on a smoked 
glass plate, weighed, the drops counted, and their 
mean size thus found, careful corrections for evapora¬ 
tion, etc., being made. Kuehn also describes the 
“atomization’’ process as the injection pressure is 
increased from zero to about 40 atmospheres. The 
following points are of particular interest here. 

Descriptive—Atomization.—In describing the phe¬ 
nomenon at very low injection speeds, Kuehn says 
(reference 4, Technical Memorandum No. 330, p. 40) 
that, as the liquid’s speed is gradually increased, 
“* * * a slight fraying of the stream begins. 
This effect is produced by the separation of individual 
drops at first, followed by constantly increasing 
numbers, until it seems as though the surface were 
being peeled off. This peeling continues until the 
stream is entirely dispersed in drops. * * *” This 
is in accord with the theory of ligament formation 

Location of stream break.—As the injection pressure 
was increased, the point at which the jet broke was 
figuratively represented as moving toward the orifice, 
but apparently it could not be made to reach the 
orifice, even under the most intense pressure available 
(about 40 atmospheres). This is required by any 
surface theory. 

Absolute size of drops.—The mean size found seemed 
at that time surprisingly large, the diameter being 
about 70 microns at an injection pressure of 40 atmos¬ 
pheres. This value agrees roughly with the trend of 
the AEG results obtained at higher injection pressures, 
since the mean size approaches the maximum as the 
injection pressure is lowered. 

Technische Hochschule, Graz.—Work done at the 
Graz Technische Hochschule has been reported by 
Triebnigg (reference 5) who, arguing that the friction 
of the air and the surface tension of the liquid would 
cause the solid stream to become unstable, deduced 
the size of the resultant droplets in terms of such 
quantities as surface tension, air density, coefficient 
of friction between air and liquid, effective injection 
pressure, etc. Theoretical, as well as experimental 
evidence has, however, been produced both by Sass 
(reference 6) and by Lee (reference 7) to show that 
Triebnigg’s work must be either incorrect or incom¬ 
plete, or both. 

Technische Hochschule, Darmstadt.—Woltjen2 (ref¬ 
erence 8), working at the Darmstadt Technische 
Hochschule, devised a method for measuring the size 
of the drops formed under the approximate conditions 
of air density and fuel injection used in the engine. 
The liquid was injected into an air-tight chamber which 
could be held at any desired pressure. Here it was 
“atomized” and the drops caught in a gelatinous 
tanning extract, where they remained approximately 
stationary in spherical form while being examined 
microphotographically. Woltjen gives results for 
various liquids, air densities, injection pressures, etc., 
for both solid injection and “high-pressure” air 
atomization. 

Allgemeine Elektricitats-Gesellschaft (AEG).—In cer¬ 
tain experiments performed under the auspices of the 
AEG, on which a preliminary report has been made by 
Sass (reference 6, pp. 45-49), the sizes of the drops 
formed in the solid injection of gas oil were measured. 
Woltjen’s method, slightly modified, was used. Curves 
were given showing the distribution of the sizes of the 
drops 3 and some of these seem particularly apropos in 
the present connection: 

Absolute size of drops.—The variation in size was 
surprisingly great, the largest drops being, in some 
cases, over ten times as large as the smallest. The 
diameter of the smallest drops recorded was about 4 
microns when an injection pressure of 280 atmospheres 
and a chamber pressure of 10 atmospheres were used. 
This indicates life periods of the order of from 2 to 5 
microseconds for the ligaments from which those drops 
were formed, so that these ligaments would collapse 
within less than a millimeter of their origin, which is 
quite consistent with observations. The collapse of 
the ligaments from which the largest drops were form¬ 
ed would require from 120 to 300 microseconds for 
similar initial conditions and degree of instability, so 
that the ligaments would remain solid for about an 
inch. In such cases other factors besides surface 
tension might affect the collapse. It may be of interest 

2 Woltjen’s dissertation bas been published in abstract form only. Some of his 
photographs are reproduced by Hausfelder (reference 9), and some of his numerical 
results by Lee (reference 7). A photostat copy of the dissertation is on file at the 
office of the National Advisory Committee for Aeronautics. 

3 The spray was aimed vertically down at the “catching liquid” (in this case 
glycerin, at the surface of which the drops of gas oil would float). In endeavoring to 
avoid the “splintering” of the large drops which might occur at the surface of the 
liquid if the spray struck this with too great velocity, this liquid was placed 20 centi¬ 
meters below the nozzle. This arrangement, however, may appear to introduce 
two other possible sources of error. Since the time required by Stokes’ law (reference 
10) for drops of 4 microns diameter to fall this distance in still air is of the order of 8 
minutes, it might seem that (a) some of the smaller drops might not reach the 
“catching dish” before this was removed for microscopical examination; (b) there 

would be a serious volume change in the smaller drops due to evaporation during 
their fall. While the time allowed for this fall was not specifically mentioned by 
Sass, only a very small fraction of a second would be needed for the spray tip to reach 
the “catching dish,” so that it seems probable that not more than a few seconds were 
allowed before the dish was removed. As to (a), that Sass recorded drops this small 
(even slightly smaller in some cases), seems due to the fact that they did not fall in 
still air, but were pushed or pulled by the larger drops, so that a very much shorter 
time of fall would be needed. As to (6), it appears that the very short time of fall 
needed in this case would not permit much vaporization. 
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to note that Lee (reference 11) has produced evidence 

which seems to indicate that a liquid injected at 4,000 

pounds per square inch (272 atmospheres) into air at 

215 pounds per square inch (14.7 atmospheres) must 

be disintegrated in slightly less than 1 inch from the 

nozzle. 

Diameters of 7 to 8 microns were found for the 

smallest droplets of gas oil atomized by solid injection 

into air of atmospheric density. The size of these 

drops is practically independent of injection pressure. 

This compares favorably with the mean diameter of 

about 7 microns found by Sauter (reference 12) in the 

high-speed air-stream atomization of kerosene, a liquid 

of surface tension about the same as that of gas oil. 

Since a spray becomes more homogeneous the higher 

the relative air speed, it is seen that in Sauter’s observ¬ 

ation the mean would approach the minimum. This 

evidence that the size of the atomized drops is the same 

in the two cases favors a similarity in the mechanism 

of their formation. 

Effect of changes in injection pressure.—-Distri¬ 

bution curves of drop size are given for each of the 

injection pressures of 150, 220, 280, and 350 atmos¬ 

pheres, the chamber pressure being held constant at 

10 atmospheres. Results reproduced in Figure l4 

show that, with each increase in injection pressure, 

(a) the absolute sizes of the smallest drops formed 

remain about constant; (b) there is a decided increase 

in the number of small drops formed; (c) the sizes 

smallest drops being truly “atomized” (in the sense 

defined below') can not get much smaller when the 

relative speed is increased, but more of these will be 

formed before this speed drops to a value too low for 

atomization. Also, the length of path, over which 

this relative speed remains high enough to cause 

Orifice diameter, 0.57 mm 
Injection pressure, 280 atm. 

Chamber pressure for curve 5=10 atm. (147 lbs./sq. in.) 
Chamber pressure for curve 6=5 atin. (73.5 lbs./sq. in.) 

Chamber pressure for curve 7=atmospheric. 
Figure 2.—Dependence of frequency on chamber pressure (Sass) 

O !0 SO 30 40 
Drop diameter, microns 

Orifice diameter, 0.57 mm 
Chamber pressure, 10 atm. 

Injection pressure for curve 1=350 atm. (5,150 lbs./sq. in.) 
Injection pressure for curve 2= 280 atm. (4,110 lbs./sq. in.) 
Injection pressure for curve 3=220 atm. (3,230 lbs./sq. in.) 
Injection pressure for curve 4 = 150 atm. (2,200 lbs./sq. in.) 

Figure 1.—Dependence of frequency on injection pressure (Sass) 

of the larger drops decrease. All three results are 

consistent with the ligament-formation theory. The 

* Figures 1, 2, and 3 taken from Kompressorlose Dieselmaschine, by F. Sass. 

ligaments to be drawn from the main mass, increases 

with the injection pressure, so that the size of the 

ligaments which break up into the larger drops, their 

life periods, and the size of these drops themselves, 

are all decreased. 
Effect of changes in air density.—Gas oil was in¬ 

jected at a pressure of 280 atmospheres into air 

held at pressures of 1, 5, and 10 atmospheres, and 

size-distribution curves, reproduced in Figure 2, are 

given for the spray produced in each case. These 

curves are seen to show' consistent decrease in the 

size of both the smallest and the largest drops as the 

air density is increased, which connotes dependence 

of their formation on surface forces. 

Effect of changes in orifice diameter.-—With in¬ 

jection and chamber pressures held constant at the 

respective values of 280 and 10 atmospheres, the 

orifice size was varied in three steps. While the 

results, reproduced in Figure 3, do not indicate any 

great change in the absolute sizes of the smallest 

drops, they do show that, as the orifice size is decreased, 

the small drops become more frequent and the large 

drops less frequent. These changes in distribution 

indicate that drop formation takes place at the 

surface, since the chief effect of decrease in orifice 

size is increase in the ratio of surface to volume of the 

jet as it emerges. 
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Bureau of Standards.—As the result of work started 

in 1921, it was concluded that the mechanism of air- 

stream atomization consists merely in the formation 

of fine ligaments under the influence of the relative 

motion of gas and liquid at their interface. These 

ligaments subsequently collapse, to form the drops in 

the spray, under the influence of the liquid’s surface 

tension, in a manner indicated in Rayleigh’s analysis. 

(Reference 13.) Quantitative check could, however, 

only be obtained after the sizes of the ligaments had 

been found, and spark photographs by Scheubel 

(reference 14) indicated that, when the relative air 

speed is high enough for atomization, the ligaments 

Injection pressure, 280 atm. 
Chamber pressure, 10 atm. 
Orifice diameter for curve 8=4 by 0.40 mm (0.0157 in.) 
Orifice diameter for curve 9=2 by 0.57 mm (0.0224 in.) 
Orifice diameter for curve 10=1 by 0.80 mm (0.031 in.) 

Figure 3.—Dependence of frequency on orifice diameter (Sass) 

collapse so quickly that they can scarcely be observed, 

much less measured. It was necessary, then, to esti¬ 

mate the ligament sizes from those of the drops observed 

in the spray. While satisfactory technique had been 

outlined by Sauter in 1926 (reference 15), the drop- 

size measurements which he then gave were very 

uncertain. In 1928 he reported (reference 12) ex¬ 

tended technique, and gave results of measurements 

of drop sizes from which a very definite estimate 

could be made of the probable drop size under condi¬ 

tions of true atomization. An analysis of the phe¬ 

nomenon of atomization was then published (refer¬ 

ences 1 and 2) which showed quantitative agreement 

with the observations of Scheubel (reference 14). 

Air-stream atomization only was specifically treated, 

but it was pointed out that solid injection, in which 

the relative motion at the gas-liquid interface is 

identical, appeared to have a similar physical back¬ 

ground. 

Work of Weber.—A theoretical analysis of the dis¬ 

integration of a liquid jet under the influence of air 

motion has been made by C. Weber. (Reference 16.) 

He found that many of his theoretical deductions 

agreed with Haenlein’s observations, to which his 

treatment may be regarded as complementary. 

Technische Hochschule, Dresden—Description of pro¬ 

gram.—An investigation of the disintegration of small 

round jets of liquid launched as solid streams into 

the atmosphere is being conducted at the Dresden 

Technische Hochschule. The jet velocity is being 

varied over cpiite a wide range in the case of a number 

of liquids of different viscosity, thus extending the 

work of Rayleigh (reference 13), who investigated 

only the effect of surface tension. 

Results.—An interim report, in the form of a disser¬ 

tation, has been made by Haenlein. (Reference 17.) 

A series of shadow spark photographs obtained with 

gas oil is reproduced in Figure 4. It is seen that the 

relative motion of liquid and air produces a wavy sur¬ 

face, thus causing the main jet to become unstable 

and hence to disintegrate sooner than it would under 

the influence of surface tension only. Although this 

effect increases with the relative air speed and appar¬ 

ently atomization ultimately results at high speeds, it 

is to be noticed that there is a distinct step (fig. 4,/) 

intermediate between the disintegration of the whole 

stream and its atomization into spray, and that this 

intermediate step involves a distortion of the surface 

to form elongated threads. While Haenlein’s state¬ 

ment of the problem seems to indicate that increase 

in waviness is a sufficient explanation of atomization, 

it seems important to point out that the complete ex¬ 

planation involves the intermediate formation and 

collapse of fine ligaments. According to Haenlein, the 

work is to be continued. It is certainly aimed at a 

very important phase of the atomization problem— 

preatomization phenomena. 

Some interesting observations—Relative speed at 

atomization.—Haenlein’s pictures indicate that surface 

atomization of gas oil starts at an injection velocity 

(see fig. 4) of somewhere between 40 and 73 meters 

per second. Scheubel (reference 14) found that ethyl 

alcohol with .slightly lower surface tension is atomized 

in an air stream at about 55 meters per second. These 

observations might be taken to indicate a similarity 

between air stream atomization and solid injection. 

Effect of viscosity of liquid.—While Haenlein ob¬ 

tained waviness with all the liquids tested, he was 

unable, with the relative speeds available, to obtain 

atomization, or even the separation of comparatively 

coarse droplets from the surface of the jet, with liquids 

of high viscosity such as glycerin and castor oil. This 

is to be expected, since high viscosity would seriously 

interfere with the growth of a dent in the ligament 

surface. In explaining the detachment of droplets 



Figure 4. 

a, Nozzle diameter=0.51 mm; jet velocity= 5.1 m/s 
b, Nozzle diameter=0.51 mm; jet veloeity= 6.6 m/s 
c, Nozzle diameter=0.51 mm; jet velocity= 7.5 m/s 
d, Nozzle diameter=0.51 mm; jet velocity=15.6 m/s 
e, Nozzle diameter=1.04 mm; jet velocity=18.0 m/s 
/, Nozzle diameter= 1.04 mm; jet velocity=40.0 m/s 
g, Nozzle diameter=1.04 mm; jet velocity=73.0 m/s 

—Collapse of gas-oil jet—reproduced from shadow spark photos by Haenlein 
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from the surface of the jets of water and of gas oil, 

Haenlein says: “ * * * with water and gas oil, 

due to their small viscosity, the air can not cause the 

development of a very pronounced wave form. 

Separate liquid particles are thrown off (werden 

abgeschleudert), and form a cone-shaped mantle around 

the core of the jet. * * *” If “thrown off” is 

changed to “drawn off,” this view of atomization is 

seen to agree well with the ligament-formation theory. 

Haenlein, however, gives no positive explanation of 

the mechanism of drop detachment. 

Pennsylvania State College.—Results of experiments 

conducted at the Pennsylvania State College have been 

developed at all, which would stand on their own feet, 

without the continuous support of experiments. 

“For this reason in the researches at the engineering 

experiment station it was not attempted to develop a 

spray theory. Nevertheless, a few experiments were 

made with the purpose of clearing up which physical 

forces do or do not participate in the atomization 

* * * processes. The results are of sufficient in¬ 

terest to merit brief mention. 

“The purpose of one experiment was to determine 

whether atomization is due to the friction of jet with 

the air. Sprays were injected into an evacuated 

chamber, the air pressure being one-fiftieth atmos- 

se*- - ; 

a, Injection pressure 8,000 lbs./sq. in. (545 atm.); chamber pressure atmospheric 

5, Injection pressure 8,000 lbs./sq. in. (545 atm.); chamber pressure 200 lbs./sq. in. (13.6 atm.) 
Figurk 5.—Effect of air density on spray formed by solid injection N. A. C. A. spray photographs 

reported by DeJuhasz (reference 18), who, after review¬ 

ing several atomization theories, says with regard to 

the atomization that results from solid injection: 

“The theoretical investigations mentioned refer to 

primitive forms of jet under low pressure or have been 

evolved, of necessity, under drastic simplifying assump¬ 

tions. For oil-engine use the sprays are produced 

under complicated conditions to which the theories 

mentioned can not be applied directly and, indeed, are 

likely to result in misleading conclusions. In view of 

the complex nature of the oil-injection sprays it is 

doubtful whether sufficiently accurate theories can be 

pheric pressure (about 0.6 in. Hg. abs.), and thereby 

the air resistance was reduced to a very low value. In 

spite of this it was found that the spray was atomized 

and dispersed to approximately the same extent as 

in air of atmospheric density. Further increasing air 

density to multiples of atmospheric, however, had the 

effect of widening the spray angle, making the dis¬ 

tribution pattern more even, and reducing the pene¬ 

tration. This result seems to be strong evidence 

against the supposition that the atomization and dis¬ 

persion are due solely to air-friction forces. 
****** 
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“These evidences lend support to the view that 
(under the conditions of oil-engine injection) the liquid 
emerges from the nozzle in an already atomized, or at 
least disgregated state, that it already possesses the 
ability to disperse and, therefore, that in the atomiza¬ 
tion and dispersion process the flow phenomena in the 
nozzle are the main influencing factors.” 

The opinion of DeJuhasz regarding the place where 
the liquid is atomized seems by no means far-fetched, 
being derived probably from Diesel’s old form of high- 
pressure air atomization, in which most of the liquid is 
atomized within the nozzle. Lee, however, by show¬ 
ing that no measurable change in drop size results from 
changes in nozzle design, has proved that other factors 
than those introduced by the nozzle must be respon¬ 

sible for the break-up of the jet. 

(6) Plain 0.020-inch nozzle. Mean injection pressure, 4,120 lbs./sq. in. Position on 
record A-14 

Figure 6.—Drops in spray formed by solid injection. N. A. C. A. photomicrograph 

DeJuhasz implies that effects on cone angle are 
criteria of atomization. However, previous N. A. C. A. 
observations have shown that measurements of cone 
angle at low-air density are rather uncertain criteria 
from which to draw any conclusion, and that it is im¬ 
possible to judge the quality of the atomization from 
unmagnified spark photographs of sprays. 

National Advisory Committee for Aeronautics 

(N. A. C. A.).—This committee has for a number of 
years been conducting, at its experimental laboratory 
at Langley Field, a study of the compression-ignition 
heavy-oil engine with the object of adapting it to 
aeronautic use. Most of the earlier work, however, 
was directed at the technology of the utilization of oil 
sprays, and only comparatively recently has much 

attention been paid to the structure of these sprays. 

Some of this later work seems particularly apropos in 

the present connection. 

Outer form of sprays and effect of air density.— 

Figure 5 is reproduced from a report by Joachim and 

Beardsley. (Reference 19.) A “noncentrifugal” 

(plain round hole) nozzle with orifice diameter of 0.022 

inch (0.56 mm) was used. Group (a) shows successive 

views of a spray of gas oil injected at a pressure of 

8,000 pounds per square inch (545 atmospheres) into 

the open atmosphere. The spray is seen to take the 

form of a cone with the orifice as vertex. The size of 

the drops can not be determined from such photo¬ 

graphs, but a coarse central core surrounded by a thin 

veil of drops might be suspected. Group (b) shows 

successive views of a spray injected into air at 200 

pounds per square inch (13.6 atmospheres) but under 

otherwise identical conditions. It is seen that the 

cone angle has increased to more than twice the 

original value. 

Physical structure of sprays.—The National Ad¬ 

visory Committee for Aeronautics has recently con¬ 

ducted some experiments on the physical structure of 

the sprays formed by solid injection. 

Drop size.-—A series of drop-size measurements have 

been made by Lee (reference 7), using a modification 

of Woltjen’s method. The chief changes in method 

were as follows: (1) The spray was directed horizon¬ 

tally, the drops falling under gravity to the catching 

dish; (2) the catching dish consisted of a smoked glass 

plate, the impressions of the drops being recorded 

microphotographically. As had been done by Woltjen 

and by Sass, chamber and injection pressure were va¬ 

ried over wide ranges. The four nozzles used varied 

as regards internal design, orifice diameter, and length 

diameter ratio. A typical record is reproduced in 

Figure 6. 

Results are given in the form of “atomization 

curves,” with “group mean diameter” as abscissas 

and “percentage by number” or “percentage by 

volume” as ordinates. The absolute sizes of the 

drops, the effect of changes in injection pressure, and 

the effect of changes in orifice size were in qualitative 

agreement with Sass’s results, mentioned above. Lee 

concludes that the fineness and uniformity of atomiza¬ 

tion depends principally (1) on efflux velocity, as 

determined by injection pressure and by nozzle 

design; and (2) on orifice size. Such factors as internal 

nozzle design and air density were found to have, 

per se, negligible effects. The conclusion regarding 

the effect of air density appears contradictory to 

Sass’s results, but it should he pointed out that the 

two methods of measuring drop sizes and of recording 

results are not directly comparable. 

Distribution of fuel.—Rothrock recently reported 

(reference 20) the results of studies which throw some 

light on the distribution of fuel in spirays formed by 
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solid injection. He directed a high-speed stream of 

air normal to the axis of a spray injected into the 

open atmosphere. As shown in Figure 7, the outer 

sions were obtained from impressions in clay, and the 

cone dimensions from a spray photograph. Lee also 

obtained evidence that the core was composed of 

Injection pressure 3,500 lbs./sq. in. (238 atm.); chamber pressure atmospheric 
Figure 7,—EfTect of air stream normal to axis of jet (250 to 600 ft.-sec., estimated). N. A. C. A. spray photographs 

veil was easily turned aside, but the core was little 

deflected, thus proving that the momentum of the 

outer veil is negligible compared with that of the 

inner core. Hence a drop in the outer spray has 

either a size or a velocity, or both, enormously less 

than one in the inner core. 

In a well-conceived and carefully executed series of 

tests, Lee recently has proved (reference 11) that most 

of the fuel is concentrated in the inner core. He 

determined the dimensions of the core by directing 

the jet against soft modeling clay placed at different 

distances from the orifice and measuring the dimen¬ 

sions of the impressions made. A picture of the core 

and of the outer cone constructed from measurements 

given by Lee, for an injection pressure of 4,000 pounds 

per square inch (272 atmospheres) and a chamber 

k-/"-H 
i i 

Injection pressure, 4,000 lbs./sq. in. 
Chamber pressure, 215 lbs./sq. in. 

Figure 8.—Reconstruction of spray picture from impressions in plasticine and from 
photograph (dimensions given by Lee) 

pressure of about 215 pounds per square inch (14.7 

atmospheres), as shown in Figure 8. The core dimen- 

discrete drops, by showing that the cores of two op¬ 

positely directed jets penetrated each other. 

Jet disintegration.—Several series of magnified spray 

photographs, obtained by Lee and Spencer (refer¬ 

ence 22) shed further light on the manner in which a 

solid liquid stream flowing continuously from an ori¬ 

fice breaks up at various injection pressures. Rep¬ 

resentative views of two such jets are reproduced 

in Figure 9. The photographs seem to support the 

ligament-formation theory and are particularly inter¬ 

esting in the following respects: (1) They all indicated 

ligament formation as an intermediate step in the 

detachment of a small drop from a large mass of liquid, 

the ligaments extending from the unatomized mass in 

the direction of relative motion and appearing to 

decrease in size and length as the relative air speed is 

increased, as was shown by Scheubel (reference 14) in 

air-stream atomization. (2) While the ligaments per¬ 

sist to much higher injection velocities than was found 

by Haenlein, this is to be expected because some air 

would be entrained by the continuous spray used by 

the National Advisory Committee for Aeronautics in 

this particular test and the actual relative velocity, 

while difficult to determine, would surely be less than 

in Haenlein’s case. (3) While waviness was obtained, 

it is clear from the N. A. C. A. photographs that the 

small drops are formed only by means of ligaments 

torn from the main mass, so that Haenlein’s implied 

explanation (loc. cit.) seems insufficient. 

University of Cambridge.—Flow experiments con¬ 

ducted at the University of Cambridge were reported 

by A. L. Bird (reference 21), who showed that under 

the conditions used in oil-engine injection, the flow in 

an orifice of 0.013 inch diameter is intermediate be¬ 

tween the streamline and the turbulent condition. 

This has suggested as an explanation of spray forma¬ 

tion the increase in turbulence as the liquid emerges 

from the orifice. That this explanation is insufficient 
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-* 

Injection pressure less than 30 lbs./sq. in. 

Injection pressure 200 lbs./sq. in. 

Injection pressure 1,500 lbs./sq. in. 
0.008 in. (0.02 mm) orifice diameter 
tjH8 in. (2.4 cm) from orifice 

Injection pressure 700 lbs./sq. in. 
0.020 in. (0.51 mm) orifice diameter 
4H in. (12. cm) from orifice 

Figure 9.—Continuous spray, 

-48 

magnified 10 diameters. N. A. C. A. spark photographs 

Injection pressure 100 lbs./sq. in. 

Injection pressure 750 lbs./sq. in. 

149900—33 
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is shown by the photographs of Lee and Spencer (refer¬ 

ence 22), for turbulence would be most effective close 

to the orifice, whereas the N. A. C. A. investigators 

observed droplet formation as much as 4 inches from 

the orifice. 

CONCLUSION 

Close examination of the evidence so far produced 

shows that much of it supports the view that the 

atomization accompanying solid injection is a surface 

phenomenon. There appears to be little difference in 

physical mechanism between air-stream atomization 

and that which accompanies solid injection. Both can 

be explained by the formation of ligaments at the 

liquid-gas interface, under the influence of the relative 
motion of gas and liquid, and by the collapse of these 

ligaments under the influence of surface tension. 

The difference in results in the two cases can be 

attributed to the difference in the way in which the 

forces at the interface are constrained to act. In solid 

injection it seems to be more difficult to adjust the 

conditions so that the surface of the liquid shall be 

continually exposed to an air stream of relative velocity 

high enough for atomization. For this reason air- 

stream atomization should yield more uniformly fine 

drops than solid injection. 

Much of the existing confusion in the literature is 

due to indefmiteness in the use of the term “atomiza¬ 

tion.” Etymologically, the term implies the formation 

of drops so fine as to be indivisible. Such a concept 

has a definite physical significance in the case of liquid 

jets: while an increase in relative air-liquid speed or¬ 

dinarily results in finer subdivision, a limit to this 

fineness may be expected; for a liquid drop becomes 

more rigid as its size is decreased. A liquid therefore 

may be considered as truly atomized when the drop 

size has reached the limiting value. On the other 

hand, a liquid may be considered as disintegrated 

when the drop sizes are larger than the limiting value. 

The mechanism of true atomization can be explained 

simply by the ligament theory, and in cases where the 

time intervals are so short as to preclude appreciable 

evaporation, it is difficult to picture any other mechan¬ 

ism for atomization. While the ligament theory is 

applicable to many cases of disintegration, it is not 

necessarily a complete explanation, for other factors 

may enter to cause the formation of large drops. 

Bureau of Standards, 

Washington, D. C., January 6, 1932. 
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AERONAUTICAL SYMBOLS 

1. FUNDAMENTAL AND DERIVED UNITS 

Symbol 

Metric English 

Unit Symbol Unit Symbol 

Length__ _ 
Time. __ 
Force- 

l 
t 
F 

meter_ _ 
second_ 
weight of one kilogram- 

m 
s 

kg 

foot (or mile) _ _ — 
second (or hour).. . __ 
weight of one pound_ 

ft. (or mi.) 
sec. (or hr.) 
lb. 

P !rff/m/s _ horsepower, _ -- hp 
m. p. li. 
f. p. s. Speed__ 

k. p. h. 
in. p. s. 

mi./hr_ _ 
ft./sec. _ ___ (.m/s- 

2. GENERAL SYMBOLS, ETC. 

IF, Weight = mg 
g, Standard acceleration of gravity = 9.80G65 

m/s2 = 32.1740 ft./sec.2 

m, Mass = ~ 
9 

p, Density (mass per unit volume). 

Standard density of dry air, 0.12497 (kg-m“4 

s2) at 15° C. and 760 mm = 0.002378 

(lb.-ft.-4 sec.2). 

Specific weight of “standard” air, 1.2255 

kg/m3 = 0.07651 lb./ft.3. 

mk2, Moment of inertia (indicate axis of the 
radius of gyration k, by proper sub¬ 

script). 
S, Area. 
Su>, Wing area, etc 
G, Gap. 
b, Span. 
c, Chord. 
b2 

Aspect ratio. 
O 

n, Coefficient of viscosity. 

3. AERODYNAMICAL SYMBOLS 

<Z, 

L, 

D, 

DO, 

Dit 

DP, 

C, 

it, 

True air speed. 

Dynamic (or impact) pressure=^pU2. 

L 
Lift, absolute coefficient Oz,= ^ 

Drag, absolute coefficient (7© = ^ 

Profile drag, absolute coefficient 0do= 

Induced drag, absolute coefficient CCl=^ 

Parasite drag, absolute coefficient CDp = ~^< 

Cross-wind force, absolute coefficient 

G_ 
gS 

Resultant force. 

Angle of setting of wings (relative to 

thrust line). 

Angle of stabilizer setting (relative to 

thrust line). 

Cc = 

Q, Resultant moment. 

fl, Resultant angular velocity. 

p—»Reynolds Number, where l is a linear 
H* 

dimension. 

e. g., for a model airfoil 3 in. chord, 100 

mi./hr. normal pressure, at 15° C., the 

corresponding number is 234,000: 

or for a model of 10 cm chord 40 m/s, 

the corresponding number is 274,000. 

Cp, Center of pressure coefficient (ratio of 

distance of c. p. from leading edge to 

chord length). 

a, Angle of attack, 

c, Angle of downwash. 

a0, Angle of attack, infinite aspect ratio. 

ait Angle of attack, induced. 

aa, Angle of attack, absolute. 

(Measured from zero lift position.) 

7 Flight path angle. 
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Positive directions of axes and angles (forces and moments) are shown by arrows 

Axis 

Force 
(parallel 
to axis) 
symbol 

Moment about axis Angle Velocities 

Designation Sym¬ 
bol 

Designation Sym¬ 
bol 

Positive 
direction 

Designa¬ 
tion 

Sym¬ 
bol 

Linear 
(compo¬ 

nent along 
axis) 

Angular 

Longitudinal_ X X rolling_ L Y-> Z roll _ — <£ u V 
Lateral_ __ Y Y pitching_ M Z-» X pitch_ 9 V Q 
Normal__ Z Z yawing_ N X-> Y yaw__ _ w r 

Absolute coefficients of moment Angle of set of control surface (relative to neu¬ 

tral position), 5. (Indicate surface by proper 

subscript.) 

4. PROPELLER SYMBOLS 

D, 
V, 
P/D, 
V', 
Vs, 

T, 

Q, 

Diameter. 

Geometric pitch. 

Pitch ratio. 

Inflow velocity. 

Slipstream velocity. 

Thrust, absolute coefficient CT— 

Torque, absolute coefficient CQ= 

T 
pn2D4 

_Q__ 
pn2D5 

P, 

v, 
n, 

Power, absolute coefficient CP — 
P 

pri3D5 

Speed power coefficient = 

Efficiency. 

Revolutions per second, r. p. s. 

Effective helix angle = tan'1 

1 hp = 76.04 kg/m/s = 550 

1 kg/m/s = 0.01315 hp 

1 mi./hr. = 0.44704 m/s 

1 m/s = 2.23693 mi./hr. 

5. NUMERICAL RELATIONS 

lb./ft./sec. 1 lb. = 0.4535924277 kg. 

1 kg = 2.2046224 lb. 

1 mi. = 1609.35 m = 5280 ft. 

1 m = 3.2808333 ft. 

i-i o 
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